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Foreword

Experience hasindicated aneed for uniform criteria, or guidelines, to be used in
all phases of spacecraft design. Accordingly, guidelineshavebeen developed for the
control of absolute and differential charging of spacecraft surfaces by the lower
energy (less than approximately 50 keV) space charged-particle environment.
Interior charging due to higher energy particles was not considered.

This document isto be regarded as a guide to good design practices for assessing
and controlling charging effects. It isnot aNASA or Air Force mandatory require-
ment unless specifically included in project specifications. It isexpected, however,
that this document, revised as experience may indicate, will provide uniform design
practicesfor all spacevehicles.

The guidelines have been compiled from published information by the NASA
Lewis Research Center and the California Institute of Technology, Jet Propulsion
Laboratory. Comments concerning the technical content of this document should be
addressed to C. K. Purvis at the NASA Lewis Research Center.

Some of the information contained in this document was assembled under
contract NAS3-21048 by Robert E. Kamen and Alan B. Holman, SAI .
Incorporated. Significant contributions to that effort were made by Edward
O’Donnell, Michael Grajek, Rita Simas, and Donald McPherson, SAI
Incorporated. Special appreciation is extended to the following companies and
agencies for the information they supplied for this document: Air Force Materials
Laboratory, Beers Associates, Communication Spacecraft Corporation, Ford
Aerospace, General Electric, Hughes Aircraft, IRT Corporation, NASA Goddard
Space Flight Center, Naval Research Laboratory, Mission Research Corporation,
Rockwell-International, and the Air Force Space Division. K. Duff and D. Hoshino
prepared the manuscript and G. Plamp provided data on material properties.
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1.0 Introduction

These guidelines are intended to provide a ready
reference for spacecraft systems designers and others
needing an overal view of the techniques required to
limit the detrimental effects of spacecraft charging. The
primary goals of this document are to summarize the
availableinformationon controlling charging effectsand
to provide guidelines for incorporating immunity to
electromagnetictransientsinto spacecraft and spacecraft
subsystems.

1.1 Definition of Spacecraft Charging

Spacecraft charging is defined as those phenomena
associated with thebuildup of charge on exposed external
surfaces of geosynchronous spacecraft. This surface
charging results from spacecraft encounter with a
geomagnetic substorm environment-a plasma with
particle energies from 1 to 50 keV.

Two types of spacecraft charging will be considered.
Thefirst, called absol utecharging, occurswhentheentire
spacecraft potential relative to the ambient space plasma
ischanged uniformly by the encounter with the charging
environment. The second type, called differential charg-
ing, occurs when parts of the spacecraft are charged to
different negative potentialsrelativeto each other. Inthis
type of charging, strong local electric fields may exist.

1.2 Spacecraft Charging Concerns

The designer must recognize the importance of mission
role and spacecraft configuration in evaluating absolute
and differential charging effects. The buildup of large
potentials on spacecraft rel ative to the ambient plasmais
not, of itself, a serious electrostatic discharge (ESD)
design concern. However, such charging enhances sur-
face contamination, which degrades thermal properties.
It dso compromises scientific missions ‘seeking to
measure properties of the space environment. Spacecraft
systems referenced to structure ground are not affected
by auniformly charged spacecraft. However, spacecraft
surfaces are not uniform in their material properties,
surfaces will be either shaded or sunlit, and the ambient
fluxes may be anisotropic. These and other charging
effects can produce potential differences between

spacecraft surfaces or between spacecraft surfaces and
spacecraft ground. When a breakdown threshold is ex-
ceeded, an electrostatic discharge can occur. The
transient generated by this discharge can couple into the
spacecraft electronics and cause upsets ranging from
logic switching to complete system failure. Discharges
can also cause long-term degradation of exterior surface
coatings and enhance contamination of surfaces. Vehicle
torquing or wobble can aso be produced when multiple
discharges occur. The ultimate results are disruptions in
spacecraft operation.

1.3 Initial Environmental Considerations
1.3.1 Environment

The nature of the space environment and the role it
plays will be explained in some detail later. As an
introduction, and for those who may not care to involve
themselves in analytic details, key concepts are presented
here.

The composition and time evolution of the space
plasma environment are quite complex (see, e.g.
DeForest, 1971; and Garrett, Pavel, and Hardy, 1977). It
is standard practice to represent the environment in terms
of a temperature and density, assuming a Maxwell-
Boltzmann distribution. In that characterization the
geosynchronous environment is typified as a cold, dense
plasma (with a ‘“‘temperature’” of about 1 eV and a
density of 100 particles/cm3). During a geomagnetic
substorm the high-density, low-energy plasma near local
midnight is replaced by a cloud of low-density plasma
(1 to 10 particles/cm3) with energies from 1 to 50 keV. It
is this environment that can charge spacecraft dielectric
surfaces to the extent that they may break down in an
electrostatic discharge. The hot plasma cloud diffuses in
a few hours but is replaced many times during the life of
the storm (which may last a day or longer). For persons
choosing to do analytical work, a ‘‘worst case’’
environment is defined in section 2.1.

If the spacecraft is near local noon when the cloud
appears, it may never see the hot plasma and will not
charge. If the spacecraft is near midnight, it may
experience charging and upsets. If the spacecraft is near
local evening, as it moves toward midnight it will pass
into the diffusing cloud and a more severe charging
environment. If the spacecraft is near local dawn, it may



be overtaken by the hot plasma. The problem for the
spacecraft designer is that each of these environments
representsaunique set of plasmaconditionsasviewed by
the spacecraft and results in a markedly different
charginghistory.

For absol ute charging the spacecraft potential changes
as awhole-the didlectric surface voltages are “ locked”
to the ground reference voltage. This type of charging
occurs very rapidly (in fractions of a second), typicaly
during eclipse. Differential charging usually occurs
dowly (in minutes) and results in one part or surface
being charged to a potentia different from those of other
parts of the spacecraft. This differential charging can
also change the absolute charging level of the spacecraft.
Thisisthe usual mechanism for daylight charging, which
consequently occursslowly.

1.3.2 Spacecraft role

A critical factor influencing the extent to which charg-
ing interactions must be controlled is the mission of the
spacecraft. In al spacecraft, differentia charging is
undesirable. For scientific spacecraft, absolute charging
usually is not desired. For such spacecraft, conductive-
coated dielectrics can be used to minimize differential
surfacecharging, and activechargecontrol devicescanbe
incorporated to hold the spacecraft potential close to the
space plasma potentiai. For operational spacecraft the
effort should be directed toward controlling those
charging effects that are detrimental to the particular
mission.

More definitive data on environmentally induced
effectsin geosynchronoussatellitesare needed, Thisdata
base could be obtained if al such spacecraft carried
environment and event monitors (section 5.2).

1.3.3 Spacecraft configuration

Also of major concern in determining the importance
of spacecraft charging is the effect of spacecraft config-
uration on charging behavior. A spin-stabilized
spacecraft usually has alow spacecraft ground potential
(afew hundred voltsnegative). On someshaded dielectric
surfaces during sunlit charging events, differential
voltages of several thousand volts can occur.

A three-axis-stabilized spacecraft can have a rather
large negative structure potential (a few thousand volts)
in sunlit charging events. The dominant areas controlling
charging in this case are the backs of the solar array
wings. Differential charging will likely not beaslarge as
in the spinner case (Purvis, 1980).

1.3.4 Effect of charging on systems

The geosynchronoussubstorm environment will charge
spacecraft exterior surfaces. Sincedifferent materialsare

used and since sunlight can illuminate only one side at a
time, there will always be some differential charging as
well as absolute charging. The effect of this surface
charging on the per formance of spacecra {t must be
evauated in t erms of maltunctions, upsets, and tailures.,

As stated, surface charging could distupt env iron -
mental measurements on scientific spacecratt . For this
application and others where control of electrostatic
fields is required, materia selection to minimize
differential charging is mandatory. For operationa
spacecraft, surface charging can aso cause problems.
The hallmark of the spacecraft charging phenomenon is
the occurrence of electronic switching anomalies. These
anomalies are believed to result from transients caused
by differential-charging-induced discharges. These
anomal ous events even seem to occur in systemsthat are
supposedly immune to noise. The discharge-induced
transients, under very severe environmental conditions,
can causesystemfailures.

Surface charging also enhances contamination. The
contaminants are attracted back to charged surfaces and
deposit on them. This changes surface characteristics.
Altered surface optical properties result in higher tern- .
peratures. Changesin secondary and photoelectronyields
result in altered charging characteristics. Deposition of
dielectric contaminants can also reduce surface
conductivity. If there are severe discharges on the
surfaces, the materials can be damaged and can change
the thermal control performance.

1.4 Design Guidelines Format

This document has been prepared as a guide to
spacecraft system designers. These guidelines should be
used early in the design process so that the control of
spacecraft charging can be easily and economically
achieved. It should be stressed that, if such control isto
be successfully incorporated, care must be exercised
throughout the program to ensure compliance with the
guidelines. Each spacecraft is different, and these
generalized guidelines must be adapted and modified to
fit the particular application.

The document is divided into five parts. The first
section has introduced spacecraft charging concepts of
importanceto the designer. Thefollowing section details
the modeling techniques to be used to assess whether the
design is adequate for environmental immunity. The
third section presents specific guidelines for protecting
systems and subsystems. Thisis followed by a section
describing test procedures for demonstrating system
immunity. The fifth section discusses active charge
control and monitoring techniques. Appendixes present
illustrative examples and the bibliography lists other
documents for those desiring further information on
specifictopics.



2.0 Spacecraft Modeling Techniques

Modeling is an essential activity in spacecraft design
and in evaluating spacecraft charging effects. There are
four regimes of interest in modeling these effects. First,
the ambient environment and its fluctuations must be
specified. Second, the interaction process-the buildup
of charge and dectric fields near the vehicle-must be
modeled. Third, given the existence of charged surfaces
and potential gradients, the likelihood, signal charac-
teristics, and frequency of electrostatic dischargemust be
modeled. Finally, the coupling of the eectrostatic
discharge pulse to individual circuit elements must be
modeledin order toidentify the spacecraft elementsmost
likely tobeaffected. Recommended modeling procedures
are presented in this section along with overviews of the
physical processesinvolved.

For brevity in the discussion that follows, some of the
moredetailed material hasbeen placedintheappendixes.

2.1 Substorm Environment Specifications

Worst-case environments should be used in predicting
spacecraft potentials. The ambient space plasma and the
solar extreme ultraviolet (EUV) are the major sources of
spacecraft charging currents in the natural environment.

The ambient space plasma consists of electrons, protons,

and other ions. All of the particles have energies, which
are often described by the ‘‘temperature’’ of the plasma.
A spacecraft in this environment will accumulate charges
until an equilibrium is reached in which the net current is
zero. The net current to a surface is the sum of currents
due to ambient electrons and ions, secondary electrons,
and photoelectrons. The EUV-created photoelectron
emissions usually dominate in geosynchronous orbits and
prevent the spacecraft potential from being very negative
during sunlit portions of the mission.

The density of the plasma also affects spacecraft
charging. A “‘thin,”’ or tenuous, plasma of less than
1 particle/cm3 will charge the spacecraft and its surfaces
more slowly than a ‘‘dense’’ plasma of thousands of
particles per cubic centimeter. Also the thin plasma’s
current can be leaked off partially dielectric surfaces, and
steady-state surface and potential differences may not be
as great as those in a dense plasma.

Although the photoelectron current due to solar EUV
dominates over most of the magnetosphere, in and near
geosynchronous orbit during geomagnetic substorms the
ambient hot electron current can control and dominate
the charging process. Unfortunately the ambient plasma
environment at geosynchronous orbit is very difficult to
describe. To simplify this description for design
purposes, typically only the isotropic currents and

Maxwellian temperatures are presented-and these only
for the electrons and protons. Useful answers can be
obtained with this simple representation. For a worst-
case dtetic charging analysis the “ single Maxwellian”
environmental characterization given in table | is
recommended.

Thevaluesgivenintable| are a90th percentilesingle-
Maxwel lian representation of the environment (appendix
A). Section 2.3 describes the spacecraft charging
equations and methodsin which these valueswill be used
to predict spacecraft charging effects. If the worst-case
analysis shows that spacecraft surface differential
potentials are less than 500 V, there should be no
electrostatic discharging problem. If the worst-case
analysis shows a possible problem, use of more realistic
plasma parameters should be considered.

A more comprehensive discussion of plasma
parametersisgiveninappendix A. Someorigina dataare
presented for the ATS5, ATS-6, and SCATHA
satellites, with average values, standard deviations, and
worst-case vaues. Additionally, percentages of yearly
occurrences are given, and finally, atypical time history
of a model substorm is shown. All of these different
descriptions of plasma parameters can be used to help
analyzespecial or extremespacecraft charging situations.

2.2 Spacecraft Surface Charging Models

Analytical modeling techniques should be used to
predict surface charging effects. In this section,
approaches to predicting spacecraft surface voltages
resulting from encounters with thesubstorm environment
arediscussed. The predictionsidentify possibledischarge
locations and are used to establish the spacecraft and
component level test requirements.

2.2.1 Simple approximations

Thesimpleapproximationsdiscussedinthissectionare
of a worst-case nature. If - this analysis indicates
differential potentials of less than 500 V, there should be
no spacecraft discharge problems. If predicted potentials
onmateria sexceed 500V, the NASA Charging Analyzer
Program (NASCAP) code (section 2.2.2) must be used.

Although the physics behind the spacecraft charging
process is quite complex, the formulation a geosyn-
chronous orbit can be expressed in very simpletermsif a

TABLE I. = WORST-CASE GEOSYNCHRONOUS PLASMA
ENVIRONMENT
Electron number density, NE, cm=3._....... 1,1%
Electron temperature, TE, € 1.2x10%
lon number density, N], cm=Y . . . . .. 2.36x10-1
lon temperature, T, eV _ . . . . . _ _ . 2.95x104




Maxwell-Boltzmann distribution is assumed. The
fundamental physical processfor all spacecraft charging
is that of current balance-at equilibrium, al currents
must sum to zero. The potentia at which equilibrium is
achieved is the potentia difference between the
spacecraft and the space plasma ground. The basic
equation expressing this current balance for a given
surface in an equilibrium situation is, in terms of the
current:

TV = [I(V) + Isg(V) + Is)(V) + Isp(V)
+Ipy(V)+Ig(N] =It )

where

V  spacecraftpotential
Ig  incident electron current on spacecraft surface
I;  incidention current on spacecraft surface
Isg  secondary electron current dueto Ig
‘Is;  secondary electron current dueto Iy
Igse backscattered electrons due to Ig
Ipy photoelectron current

Ig  active current sources such as charged particle
beams or ion thrusters

Ir  total current to spacecraft (at equilibrium, I7=0)

For a spherical body and a Maxwell-Boltzmann
distribution, the first-order current densities (the current
divided by the area over which the current is collected)
can be shown (Garrett, 1981) to be given by

Electrons
JE—JEoexp<kT ) V< Orepelled )
15=150[ ( av )] V>0attracted 3)
lons
J1=J|oexp(— %ZI) V> 0 repelled 4)
J=Jio [1 - (%)] v <0attracted ©)
1

where
Jeo= (TNE) ( 24TE"?

EO 2 TMEg
and (6)

o= (20 (3Tr)"*
10 2 wTmy

4

where Ng and - Ny are densities of electrons and ions,
respectively; mg andm; aremassesof electronsandions,
respectively; and ¢ is the magnitude of the electronic
charge.

Given these expressions and parameterizing the
secondary and backscatter emissions, equation (1) canbe
reduced to an analytic expressionintermsof thepotential
at apoint. This model, called an analytic probe model,
can be stated asfollows:

ApJgoll —SE(V, Tg, Np) ~ BSE(V, Tg, Nplexp (,:I—;.;)

— Agol1 +S1(¥, T Nl [1— (Z—TV,)]

- Apu/pHo(Xm) =IT=0 V<o U
where
Ag electroncollectionarea
Jeo ambient electron current density
A ioncollectionarea
Jio ambient ion current density
Apn photoelectronemissionarea
JpHO saturation photoel ectron flux

BSE,SE,S| parameterization functions for secondary
emission due to backscatter, electrons, and
ions

attenuated solar flux as a function of
dtitude X,, of center of Sun above surface
of Earth as seen by spacecraft, percent

S Xm)

This equation is appropriate for a small (< 10 m),
uniformly conducting spacecraft at geosynchronousorbit
in the absence of magnetic field effects. To solve the
equation, Visvaried until I7=0. Typica values of S,
SE, and BSE are 3, 0.4, and 0.2, respectively, for
aluminum. For geosynchronous orbit, Jg/J; is about 30
during a geomagnetic storm. When the spacecraft is in
eclipse, thesevaluesgive

V=-Tg @®

where Tg is in eectron volts. That is, to first order in
eclipse; the spacecraft potentia is approximately
numerically equal tothe plasmatemperatureexpressedin
electron volts. Note, however, that Tg must exceed some
critical value (Olsen, 1983; Garrett et al., 1979), usually
of the order of 1000 eV, before charging will occur
because secondary electron production can ‘exceed
ambient current for low enough Tg.



2.2.2 NASA Charging Analyzer Program (NASCAP)

The NASA Charging Analyzer Program computer
code (Katz et a., 1977, 1979; Schnuelle et a., 1979;
Roche and Purvis, 1979; Rubin et a., 1980) has been
specifically devel oped asan engineeringtool todetermine
the environmental effect on spacecraft surfaces and
systems. It can analyze the surface charging of a three-
dimensional, complex body as a function of time for
given space environmental conditions and specified
surface potentias. Material properties of surfaces are
included in the computations. Surface potentials, low-
energy sheath properties, potential distributionsin space,
and particletrajectoriesarecomputed. By locating severe
surface voltage gradients in a particular design, it is
possible to show where discharges could occur. The effect
of changes in the surface materials or coatings in those
areas on minimizing voltage gradients can then be
evaluated. The environment of table | should be used in
these andyses. NASCAP is described in detail in
appendix B.

2.3 Discharge Characteristics

Charged spacecraft surfaces can discharge, and the
resulting transients can coupleinto electrical systems. A
spacecraft in space must be considered to be a capacitor
relativeto the space plasma potential . The spacecraft, in
turn, is divided into numerous other capacitors by the
dielectric surfacesused for thermal control and for power
generation. This system of capacitors can be charged at
different rates depending on incident fluxes, time con-
stants, and spacecraft configuration effects. Because of
this complex charging rate pattern, sophisticated
computer programs are required to predict behavior.

Thesystemof capacitorsfloatsel ectrical ly withrespect
to the space plasma potential. This can give rise to
unstable conditions in which charge can be lost from the
spacecraft to space. Whether anyone will ever be ableto
establish exact conditions required for such breakdowns
is questionable. What is known is that breakdowns do
occur, and it is hoped that conditions that lead to break-
downs can be bounded.

Breakdowns, or discharges, probably occur because
a differential charge builds up in spacecraft dielectric
surfaces or between various surfaces on the spacecraft.
Whenever this charge buildup generates an electric field
that exceeds a breakdown threshold, charge will be
released from the spacecraft to space. Thischargerelease
will continueuntil thedifferentia driving force nolonger
exists. Hence, the amount of charge released will be
limited to the total charge stored in or onthedielectric at
the discharge site. The charge loss or current to space
causes the dielectric surface voltage (at least localy) to
relax toward zero. Since the dielectric is capacitively
coupled to the structure, the charge loss will also cause
the structure potential to become less negative. In fact,

the structure could become positive with respect to the
space plasma potential. The exposed conductive surfaces
of the spacecraft will then collect electrons from the
environment (or attract back the emitted ones) to
reestablish the structure potential required by the
substorm conditions. The whole process can take
microseconds. Multiple discharges can be produced if
substorm intensities remain high long enough to
reestablish the conditions necessary for a discharge.

For a long time it was believed that there could be a
charge loss over an extended area of the dielectric. This
phenomenon would have produced area-dependent
charge losses capable of generating currents of hundreds
of amperes. This concept was based on testing of
grounded substrate samples, which produced spectacular
lightning-strike photographs. The differential voltages
necessary to produce this large charge-cleanoff type of
discharge were typically in excess of 10 kV. Since
spacecraft modeling and current spaceflight data indicate
differential voltages of only 3 to 4 kV, it must be assumed
that actual discharges are much milder and limited in
charge loss. Without the strong differential voltages on
the dielectrics, the large-area charge cleanoff probably
will not occur.

Since breakdowns are believed to be due to differential
charging, they can occur during sunlit charging events.
Because sunlight tends to keep all illuminated surfaces
near plasma potential, whereas shaded dielectric surfaces
may charge strongly negatively, sunlight enhances
differential charging. Entering and exiting eclipse, in
contrast, result in a change in absolute charging for all
surfaces except those weakly capacitively coupled to the
structure (capacitance to structure less than that of
spacecraft to space, normally <2 x 10-10 F). Differential
charging in eclipse develops slowly and depends on
differences in secondary yield. In the following
paragraphs each of the identified breakdown mechanisms
is summarized.

2.3.1 Dielectric surface breakdowns

If either of the following criteria are exceeded,
dischargescanoccur:

(1) Didlectric surface voltages are greater than 500 V
positive relative to an adjacent exposed conductor.

(2) The interface between a dielectric and an exposed
conductor has an electric field greater than 1 x105 V/cm.
Note that edges, points, gaps, seams, and imperfections
insurfacematerialscanincreaseelectric fieldsand hence
promote the probahility of discharges. These items are
not usualy modeled and must be found by close inspec-
tion of the exterior surface specifications.

Thefirst criterion can be exceeded by solar arraysin
which the high secondary yield of the coverdide can
result in surface voltages that are positive with respect to
the metalized interconnects. Thiscriterion can also apply



tometalizeddielectricsinwhichthemetalizedfilm, either
by accident or design, is isolated from structure ground
by aresistance value greater than10 MQ (essentially only
capacitively coupled). Inthelatter case, thedielectric can
be charged to large negative voltages (when shaded), and
the metal film will thus become more negative than the
surrounding surfaces and act as a cathode or electron
emitter.
.+ The second criterion applies to those areas of a
spacecraft whereastrong negativevoltagegradient could
-exist. Thisusually would be associated with the edge of a
dielectric next to another surface or with cracks in the
dielectric exposing a conductor underneath. The charge
stored on or in the dielectric is relatively unstable and
could belost.
In both of these conditions, stored charge is initialy
gected to space in the discharge process. This loss
produces a transient that can couple into the spacecraft
structure and possibly into the eectronic systems.
Current returns from space to the exposed conductive
areas of the spacecraft. Transient currents flow in the
structure depending on the electrical characteristics. Itis
assumed that the discharge processwill continue until the
voltage gradient or electric field that began the process
disappears. The currents flowing in the structure will
: damp out according to its resistance.

The computation of charge lost in any discharge is
highly speculative at thistime. Basically, chargelosscan
be considered to result from the depletion of two
capacitors: that stored in the spacecraft, which is charged
to aspecified voltage relative to space, and that stored in
alimited region of thedielectric at thedischargesite. The
computation of the charge lossis a question of judgment
on the part of the andyst and must depend on the
predicted voltages on the spacecraft at the time that
dischargesare expected to occur.As aguidethefollowing
chargeloss categoriesmight be useful :

Qlost < 0.5 &-minor discharge
Qiost < 2 PC-moderate discharge
QOiost < 10 PC-severe discharge

The current in adischarge pulse can be modeled in any
of severa ways, such as approximation by sguare,
triangular, or double exponential pulses or by a

resistance-inductance-capacitance(RLC)seriescircuit.
Asanexample, an RLC model yieldsacurrent given by

Ip= (;%) exp (:22,&) _ exp(dt)-;xp(—dt)

where
R 2 1 172
4=(z) - (z)

The dielectric surface voltage change with time can be
computed from

Lis g
dt

whereVp isthe value of the dielectric surface voltage at
timet. By integrating this expression the charge loss can
be determined. The resistance, inductance, and
capacitance values can be adjusted to produce a desired
chargeloss simulating the estimated stored chargethat is
predicted in the discharge. The duration of the pulse is
the time required for the current to go to zero. Typica
examples of this procedure for discharge currents are
shown in figure 1 for the cases where the dielectric is
charged to -2000, — 5000, and = 10 000 V just before
discharge. Figure 2 shows the associated changes in
dielectricsurfacevoltages.

Ip=

Dielectric surface
voltage,
v

Discharge current, A

Time, ns

Figure L-Predicted discharge current transients.

0 —
2 /
=S
S 4
S
5 5
, | / -
0 100 200 300
Time, ns

Figure 2.—Change in dielectric surface voltage due to discharges.



2.3.2 Buried charge breakdowns E(e.t)= Eg)exp [.s(x)t] _ [J(x)]

This section refersto the situation where charges have € s(x)
sufficient energy to penetrate dlightly below the surface :
of adielectric and aretrapped. If the dielectric surfaceis % (l —exp)1-exp [ -S(X)t] })
maintained near zero potential due to photoelectron or €
secondary-electron emission, strong electric fields may
existinthematerial.

Thiscanleadto electricfieldsinsidethematerial large
enough to cause breakdowns. Breakdown can occur
whenever theinternal electric field exceeds2x105 V/cm.
As an example, figure 3 illustrates the electric fields inside
aTeflon filmirradiated by al2-keV electron beam. Note
that the field changes sign inside the material, at adepth
of about 0.5 gm for this example. The zero field depth
divides the dielectric into two regions for field buildup,
labeled regions | and 11 in the figure. Simple models for
the currents and fields in these regions can be used to
obtain estimates of the conductivity required to avoid
buildup of fields larger than 2 x 105 VV/cm.

Thedifferential equation relating currentsandfieldsin
each of the two regions (for alinear dielectric in one

where Eg(x) isthefield at ¢ = 0. At long times thisreduces
to the form E =J/s. Appropriate identification of J for
each region can thus be used to estimate s val ues.

The J for each region can be identified by considering
the equivalent circuit diagram of figure 4. Here the node
labeled O represents the zero field point, Jg isthe current
from the front to space, and Jp that to spacecraft ground
(assumed equivaent to plasma ground). In region | the
strongest electric fields are near the substrate, and the
appropriate conductivity is that for the unirradiated
dielectric material. The current in thisregion can be as
much as 33 percent of the injected current. Substorm
current densities are typically in therange 0.1to 1 .0
nA/cm2, giving a value of -0.3 nA/cm2 for Jp. This
yields an estimate of s~ 1.5 X 10-15 mho/cm for the

dimension)is minimum allowable dark conductivity.
Inregion |l thelargest electric fieldswill develop near
dE(x,?) the front surface. In thisregion the conductivity includes
e—g TSWEKN=Jx) radiation-induced terms and is generally higher than the

dark conductivity. However, because the currents are

) ) o alsolarger, strong fieldscan develop. Themaximumfield

wheree isthe dielectric constant, s(x) isthe conductivity is J/s(x= 0), where Jr can range from a small initial

at depth x, E(x,?) is the electric field, and J(x) isthe  valueto alarge fraction of the incoming current density.

current density. The solution to this equation, assuming  Thisyields s ~ 5x 10 ~ 1S mho/cm for the minimum total
J(x) and s(x) are independent of time, is conductivity.

Note that the form of the internal electric field is

determined by the spectrum of theincoming electrons, so

that the conductivity guidelines derived here are

20 approximate. Better estimates of the field under
250 Ti me, particular circumstances should be used if available.
5
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Figure 3.-Evolution of eectric field with time in 0.13-mm (5-mil) ground

Teflon. Caculated for 12-keV monoenergetic electron beam at -
0.1 nA/cm?2. Figure 4.—Circuit with which to estimate internal electric fields.



2.3.3Spacecraft-to-space br eakdowns

Spacecraft-to-space breakdowns are generally similar
to dielectric surface breakdowns but involve only small
discharges. It is assumed that a strong electric field exists
on the spacecraft surfaces-usually due to a geomet ric
inter facing of metals and dielect rics. This arrangemctt t
periodically triggers a breakdown of the spacecraft-to-
space capacitor. Since this capacitance tendsto be of the
order-of 2x10-10 F, these breakdown transients should
be small and rapid.

2.4 Coupling Models

Coupling model analyses must be used to determine the
hazard to electronic systems from exterior discharge
transients. In this section, techniques for computing the
influence of exterior discharge transients on interior
spacecraft.systems are discussed.

241 Gumped-elemént modeling

Lumped-€element models (LEM) have been used to
define the surface charging response to environmental
fluxés (Robinson and Holman, 1977; Inouye, 1976;
Massaro et a,, 1977; Massaro and Ling, 1979) and are
currently ‘used to predict interior structura currents
resulting from surface discharges. The basic philosophy
of alumped-element moddl is that spacecraft surfaces
and structures can be treated as electrical circuit
elements-resistance, inductance, and capacitance. The
geometry of the spacecraft is considered only to group or
lump areasinto nodeswithintheelectrical circuitinmuch
the same way as surfaces are treated as nodes in thermal
modeling. Therefore, thesemodelscan be madeassimple
or ‘as complex as is considered necessary for the
circumstances.

LEM’s developed to predict surface charging rely on
the use of current input terms applied independently to
surfaces. Since there are no terms relating the influence
of charging by one’ area on the incoming flux to other
aress, the predictions usually result in larger negative
voltages than actually observed. Other modeling
techniques, such as NASCAP, more redigtically trest
these three-dimensiona effects and predict surface
voltages closer to those measured.

The LEM’s for discharges assume that the structure
current transient is generated by capacitive coupling to
the discharge site and is transmitted in the structure by
conduction only. An analog circuit network is
constructed by taking into consideration the structure
propertiesand. the geometry. This network must consider
the principal current flow pathsfrom the discharge siteto
exposed conductor areasthe return path to space
plasma ground. Discharge transients are initiated at
regions in this network selected as being probable
discharge sites by surface charging predictions or other
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means. Transient characteristics are controlled by
choosing values of resistance, capacitance, and
inductance to space. The resulting transients within the
network can be solved by using network computer
transient circuit analysis programs such its ISPICE
SPICE2. :

The procedure isillust rated itt the follow i ng simplitied
example. Consider a three-axis-stabilized spacecraft
(fig. 5) with a shaded dielectric area adjacent to a
conductor. The spacecraft is charged by asubstorm such
that the structure potential is about -2.5 kV while the
shaded dielectricis at about— 5900 V. These valueswere
obtained from NASCAP runs. Figure 6 shows one
section of that spacecraft where a discharge could occur.
According to the breakdown criteria given in section
2.3.1, adischarge should occur that would eject ~ 3 uC
of charge in about 0.15 ps. ‘

A very simplified, single-path lumped-element modet
to simulate the discharge conditions in a spacecraft is
shown in figure 7. It is assumed that the spacecraft is
charged relative to the space plasma potentia by a
substorm environment. The spacecraft and dielectric are
differentialy charged to -2500 and -5000 V, respec-
tively, at which time a discharge occurs. The discharge
model assumesthat the dischargetimeis short compared
with the charging times-when switch S1 closes, S2 is
assumed to open. The discharge-pul se-shaping network
allows whatever charge is assumed to be stored in the
dielectric to leave in a controlled fashion (fig. 1). The
transient caused by the discharge is capacitively coupled
into the structure. The single-path representation of the
structureismodeled asaresistor, capacitor, and inductor
chosen to produce an underdamped oscillation with a
frequency of about 10 MHz-the estimated value of the
structureresonance.

The discharge results in the dielectric surface voltage
becoming more positive. This forces the spacecraft
voltage (relative to space) also to become more positive.
Eventually, the spacecraft must return to its substorm-
driven value, and this can be estimated by assuming that
the vehicle is a capacitor being recharged with a given
time constant (fig. 8(a)). Here, the spacecraft potential
rises for 200 ns, at which time it returns rapidly to its
original value of -2500 V.

The current induced in the structure by thisdischargeis
shown in figure 8(b). The first 200 ns corresponds to the
response to the discharge. The flatter region at 200 ns
corresponds to the period. in which the structure is
recharging. Theoscillationsbeyond 200 nsaretheringing
current at the structure frequency. Thisringing isdamped
out by the structure resistance. It should be stressed that
thisis an extremely simplified model used to explain a
complex interaction. In redity, there would be many
paths for current flows from the essentially point source
of a discharge throughout the structure back to * space.
This produces Complex wave patterns in the structure that
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are difficult to follow. On the ‘ other hand, the simple
model generates the generalized pattern but implies far
larger currents than actual, where the total current flows
through the single circuit. For areal case the complete
analysis must be conducted.



The changing current in the structure generates a
changing magnetic field, which induces a voltage in an
adjacent cableor unit. Thisisillustrated in figure 9 along
with the equivalent electrical circuit. The voltage gener-
ated in ashort cable by the structure current is shown in
figure 10. The oscillating pattern is distorted while the
discharge is under way but changes to a damped ringing
pattern afterward. The results illustrate that voltages
induced in cables can besignificant and can persist after
the discharge . session. Given the voltage ‘and the
electronicimpedance, it ispossibleto evaluate whether a
unit would be susceptible to transient upsets.

2.4.2 Specification and Electromagnetic Compatibility
Program (SEMCAP)

Numerous programs have been devel oped to study the
effects of electromagnetic coupling on circuits. Such
programs have been used to compute the effects of an
electromagnetic pulse (EMP) and that of an arc
discharge. One program, the- Specification and
Electromagnetic Compatibility Program (SEMCAP)
developed by TRW Incorporated (e.g., SEMCAP
Program Description, Ver. 7.4, 1975, Heidebrecht), has
successfully analyzed the effects of arc discharges on
actual spacecraft -the VVoyager series.

SEMCAP was originated to calculate cross coupling
from source circuits to other circuitsin a spacecraft. Arc
dischargesweremodeledinamanner compatiblewiththe
SEMCAP input requirements, and the effects on numer-
ous spacecraft circuits were estimated. That processis
described.. more fully below.

Briefly.,, SEMCAP permits modeling the interbox
harness cabling and the input and output interfaces for
each box on a spacecraft. The interaction of signalson a
given wire with those on every other wireis computed in
terms of the physica configuration and terminating
impedances. By using integration in the frequency
domain over the bandwidths of the coupling networks
and the receptor circuits, SEMCAP computes the peak
voltage at each receptor dueto each source. The designer
can then compare this predicted peak voltage from each
source to the threshol d of susceptibility or damage of the
receptor. This process identifies the most troublesome
sources and the most susceptible receptors. Seeing these
results suggests where to modify spacecraft design, if
necessary. .

Roughly 240 generators and 240 receptors can be
modeled by SEMCAP. The SEMCAP code for arc
dischargesallows
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(1) Selection of diagnostic points and stimulus
location

(2) Prediction of spacecraft circuit responses to test
stimuli

(3) Limitation of test stimuli to benign levels

(4) Extrapolation of test responsesto those expected at
other locations

(5) Prediction of spacecraft responsesto in-flight arcs

For illustration, the SEMCAP analysis done for VVoyager
isdescribed in appendix C.

3.0 Spacecraft Design Guidelines

This section contains recommendations on design
techniques that should be followed in hardening space-
craft systemsto spacecraft charging effects. Tominimize
repetition and to make recommendations as brief as
possible, thissection isdivided into two parts: guidelines



that are generally applicable, and ideas and comments
that are more applicable to a particular subsystem, such
as the power subsystem. It is suggested that al readers
review the general guidelines section and read component
and subsystem sections for areas of specific concern.

3.1 General Guidelines
3.1.1 Grounding

All conducting elements, surface and interior, should
betied to a common electrical ground, either directly or
through a char gebleedoff resistor.

3. I. 1. | Structure and mechanical parts. -All
structural and mechanica parts, electronics boxes,
enclosures, etc., of the spacecraft shall be dectricaly
bonded to each other. All principal structural elements
shall be bonded by methods that assure a direct-current
(dc) resistance of less than 2.5 m@ at each joint. The
collection of electrically bonded structural elementsis
referred to as “ structure” or structure ground. The
objective is to provide a low-impedance path for any
ESD-caused currents that may occur and to provide an
excellent ground for al other parts of the spacecraft
needing grounding. If structure ground must be carried
across an articulating joint or hinge, aground strap, as
short as possible, shall carry the ground acrossthe joint.
Relying on bearings to serve as a ground path is
unacceptable. If structural ground must be carried across
sliprings on arotating joint, at least two, and preferably
more, slipringsshall be dedicated to the structural ground
path, some at each end of theslipring set. The bond to
structure shall be achieved within 15 cm of theslipring on
each end . of the rotating joint. Sliprings chosen for
grounding should be away from any diprings carrying
sensitivesignals.

3.1.1.2 Surface materials.-All spacecraft surface
(visible, exterior) materials should be conductive in an
ESD sense (section 3.1.2). All such surface materials shall
be dectricaly bonded (grounded) to the spacecraft
structure. Because they are intended to drain space
charging currentsonly, thebonding requirementsareless
severe than those for structural bonding. The dc
impedance to structure should be compatible with the
surface resistivity requirements: that is, less than about
1099 from asurfaceto structure. Thedc impedance must
remain less than109 @ over the servicelife of thebond in
vacuum, under temperature, under mechanical stress,
etc.

3.1.1.3 wiring and cable shields.—All wiring and
cabling exiting the shielded “ Faraday cage’ portion of
the spacecraft (section 3.1.3) should be shielded. Those
cable shields and any other cable shields used for ESD
purposes shall be bonded to the Faraday cage at the entry
tothe shielded region asfollows: .

(1) The shield shall be terminated 360" around ametal
shielded backshell, which is in turn terminated to the
chassis 360° around the cabling.

(2) The shield ground shall not be terminated by using
apin that penetrates the Faraday cage and receives its
ground inside the shielded region.

(3) A mechanism shall be devised that automatically
bonds the shield to the enclosure/structure ground at the
connector location, or aground lug that uses less than 15
cm of ground wire shal be provided for the shield and
procedures that verify that the shield is grounded at each
connector mating shall be established.

The other end of the cable shield shall be terminated in
the same manner. The goal is to maintain shielding
integrity even when -some electronics units must be
located outside the basic . shielded region of the
spacecraft.

3.1.1.4 Electrical and electronic grounds. -Signd
and power grounds require specia attention in the way
they are connected to the spacecraft structure ground. .
For ESD purposes a direct wiring of all
electrical/electronics unitsto structure is most desirable.
In particular, one should not have separate ground wires
from unit to unit or from each unit to asingle point pn
thestructure.

If the electronic circuitry cannot be isolated from
power ground, signal ground may be referenced to
structurewith alarge(> 10kQ) resistor. Once again, box-
to-box signals must be isolated to prevent ground loops.
This approach must be analyzed to assure that it is
acceptable from an ESD standpoint.

In some cases it is necessary to run signal and power
ground linesin harnesseswith other spacevehiclewiring.
Thisshould be avoided where possible and limited where
considered necessary. Excessively long runs of signal
ground lines should be eliminated.

3.1.2 Exterior surface materials

For differential charging control, all spacecr aft
exterior surfacesshall beatleast partially conductive.
The best way to avoid differential charging of spacecraft
surfacesisto make all surfaces conductive and grounded



to the spacecraft structure. However, typical spacecraft
surface materials often include insulating films such as
Mylar, Kapton, Teflon,. fiberglass, glass, quartz, or other
dielectric materials. It should berecognized inthe design
phasethat there may be areasfor which use of conductive
surfacesis particularly crucial, such as areas adjacent to
receivers/antennas operating at lessthan 1GHz, sensitive
detectors (Sun and Earth detectors, €tc.) or areas where
material contamination or thermal control iscritical. For
these applications use of indium tin oxide(ITO) coatings
is recommended.

This section firstdefines the conductivity requirements
for spacecraft surface materids. Materias that are
typically used are then evaluated and their usage is
discussed. Analysisis suggested to estimate the effects of
any dielectricsurfaces that may remain on the spacecraft.
At the_conclusion of thissection, use of materials with a
high secondary electron yield is discussed.

3.1.2. | Surface conductivity requirements.-To
discharge surfaces that are being charged by space
plasmas, a high resistivity to ground can be tolerated
because the plasma charging currents are small. The
following guidelinés-are recommended:

(I) Conductive materials (e.g., metals) must be
grounded to-- structure with the smallest resistance
possible

R<10%/A4,Q

where Ais the exposed surface area of the conductor in
squarecentimeters.

“(2) Partialy conductive surfaces (e.g., paints) applied
over a conductive substrate must have a resitivity-
thicknessproduct

rt<2x 109, Q-cm2 .

whereristhematerial resistivity inohm-centimetersand«¢
isthematerial thicknessin centimeters.

(3) Partialy conductive surfaces applied over a
dielectric and grounded at the edges must have material
resistivity suchthat

2
% <4 x 109, Q-cm2

where r and ¢ are as above and his the greatest distance
on a surface to a ground point, in centimeters.

These guidelines depend on the particular geometry
andapplication. A simplified set of guidelinesissupplied
for early designactivities:

(2) Isolated conductors must be grounded with less
than 106 © to structure.

(2) Materia s applied over aconductive substrate must
have bulk resistivities of less than 101! Q-cm.

(3) Materias applied over a dielectric area must be
grounded at the edges and must have aresitivity less
than 102 “ ohms per square.”’!

These requirements are more strict than the preceding
relations, which include effects of spacecraft geometry.

In al cases the usage or application process must be
verified by measuring resistance from any point on the
material surface to structure. Problems can occur. For
example, one case was observed where a nonconductive
primer was applied underneath a conductive paint; the
paint’s conductivity was useless over the insulating
primer.

All grounding methods must be demonstrated to be
acceptable over the service life of the spacecraft. It is
recommended that al joint resistances and surface
resistivities be measured to verify compliance with these
guidelines. Test voltages should be at least 500 V.
Grounding methods must be able to handle current
bleedoff from ESD events, vacuum exposure, thermal
expansion and contraction, etc. As an example, painting
around a zero-radius edge or a a seam between two
dissimilar materials could lead to cracking and a loss of
electrical continuity at that location.

3.1.2.2 Surface materials.-By the proper choice of
availablematerialsthedifferential charging of spacecraft
surfaces can be minimized. At present, the only proven
way to eliminate spacecraft potentia variations is by
making all surfaces conductive and tying them to a
common ground.

Surface coatings in use for this purpose include
conductive conversion coatings on metals, conductive
paints, and transparent partialy metallic vacuum-
deposited films, such as indium tin oxide. Table Il
describes some of the more common acceptable surface
coatings and materials with a successful use history.
Table IlI describes other common surface coatings and
materials that should be avoided if possible.

The following materials have been used to provide
conducting surfaces on the spacecraft:

1« Ohms per square” is defined as the resistance of a flat sheet of the
materia measured from one edge of a square section to the opposite
edge. It can be seen that the size of the square has no effect on the
numeric value.



TABLE 1l. = SURFACE COATINGS AND MATERIALS ACCEPTABLE FOR SPACECRAFT USE

Material

Comments

Paint
(carbon black)

GSFC NS432
paint (yellow)
Indium tin oxide

(250 nm)

Zinc ortho-
titanate paint
(white)

Alodyne

Work with manufacturer to obtain paint that satisfies ESD
conductivity requirements of section 3.1.2 and thermal,
adhesion, and other needs

Has been used in some applications where surface potentials
are not a problem (apparently will not discharge)

Can be used where some degree of transparency is ded;
must be properly grounded; for use on solar cells, optical
solar relectors, and Kapton

Possibly the most conductive white paint; adhesion diffi-
cult without careful attention to application procedures

Conductive conversion coatings of magnesium, aluminum, etc.

are acceptable

3GSFC denotes Goddard Space Flight Center

TABLE [111. - SURFACE COATINGS AND MATERIALS TO BE AVOIDED FOR SPACECRAFT USE
Material Comments
Anodyze Anodyring produces a high-resistivity surface; to be

Fiberglass
material

Paint (white)

Mylar (uncoated)

Teflon
(uncoated)

Kapton
(uncoated)

Silica cloth

Quartz and
glass surfaces

avoided. The surface is thin and might be acceptable if
analysis shows stored energy is smal

Resistivity is too high

In general, unless a white paint is measured to be
acceptable, it is unacceptable

Resistivity is too high

.| Resistivity is too high. Teflon has a demonstrated long-time

charge storage ability and causes catastrophic discharges

Generally unacceptable, due to high resistivity. However,
in continuous-sunlight applications if less than 0.13 mm
(5 mils) thick, Kapton is sufficiently photoconductive for
use

Has been used as antenna radome. It is a dielectric, but
because of numerous fibers, or if used with embedded
conductive materials, ESD sparks may be individually small

It is recognized that solar cell coverslides and second-
surface mirrors have no substitutes that are ESD
acceptable. Their use must be analyzed and ESD tests
performed to determine their effect on neighboring
electronics

(1) Vacuum-metalized dielectric materialsin the form
of sheets, strips, or tiles. The metal-on-substrate combi-
nations include aluminum, gold, silver, and Inconel on
Kapton, Teflon, Mylar, and fused silica

(2) Thin, conductivefront-surface coatings, especialy
indium tin oxide on fused slica, Kapton, Teflon, or
dielectricstacks

(3) Conductive paints, fog (thin paint coating),

carbon-filled Teflon, or carbon-filled polyester on
Kapton (Sheldahl black Kapton)

(4 ] Conductive adhesives

(5) Exposed conductive facesheet materials (graphite/
epoxy or metal)

(6) Etched metal grids or bonded (or heat embedded)
metal meshes on nonconductive substrates

(7) Aluminum foil or metalized plastic film tapes



Because of thevariety inthe configuration and properties
of these materials, thereisacorresponding variety in the
applicable grounding techniques and specific concerns
that must be addressed to’ insure reliable in-flight
performance.

The following practices have been found useful:

(1) Conductive adhesives should be used to bond fused
silica, Kapton, and Teflon second-surface mirrors to
conductive substrates that are grounded to structure. If
the substrate is not conductive, metal foil or wire ground
links should be laminated in the adhesive and bolted to
structure. Only optical solar reflectors (OSR’s) with
conductive (Inconel) back surfaces should be used.

(2) When conductive adhesivesare used, thelong-term
stability of the materials system must be verified, partic-
ularly conductivity in vacuum after thermal cycling,
compatibility of the materids (especialy for epoxy
adhesive) in differential thermal expansion, and long-
term resistance to gal vanic corrosion.

. (3) Metalized Teflon is particularly susceptible to
€l ectrostatic dischargedegradation, even when grounded.
Avoid using it. If there is no subdtitute for a specific
application, the effects of electromagnetic interference
(EMI), contamination, and optica and mechanical
degradation must be evaluated.

(4) Paints should be applied to grounded, conductive
substrates. If thisisnot possible, their coverage should be
extended to overlap grounded conductors.

(5) Ground tabs must be provided for free-standing
(not bonded down) dielectric films with conductive
surfaces.

(6) Meshes that are simply stretched over dielectric
surfaces are not effective; they must be bonded or heat
sealed in amanner that will not degrade or contaminate
thesurface.

(7) There are severa techniques for grounding thin,
conductive front-surface coatings such as indium tin
oxide, but the methods are costly and have questionable
reliability. The methods include welding of ground wires
to front-surface metal welding contacts, front-surface
bonding of coiled ground wires (to allow for differential
thermal expansion) by using a conductive adhesive, and
chamfering the edges of OSR'’ s before ITO coating to
permit contact between the coating and the conductive
adhesive used to bond the OSR to its substrate.

Grounding techniques for OSR'’s include chamfering
edges and bonding with conductive adhesive and front-
surface bonding or welding of ground wires. Bonding
down solar cell covers with conductive adhesiveis not
applicable. For multilayer insulation (MLI), extending
the aluminum foil tab to the front surface is suitable.

3.1.2.3 Nonconductive surfaces.-If the spacecraft
surface cannot be made 100 percent conductive, an
analysis must be performed to show that the design is
acceptable from an ESD standpoint. Note that not all
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dielectric materials have the same charging or ESD
characteristics. Thechoiceof dielectricmaterialscansig-
nificantly affect surface voltage profiles. For example, it
has been shown (Bever, 1981) that cerium-doped micro-
sheet charges to much lower potentials under electron
irradiation than fused slica, and it t herefore may be
preferred as a solar array coverslide material.

An adequate andysis preceding the selection of
materials must include spacecraft analysis to determine
surface potentials and voltage gradients, spark discharge
parameters (amplitude, duration, frequency content),
and EMI coupling. The cost and weight involved in
providing adequateprotection (by shieldingand electrical
redesign) could tilt the balance of the trade-off to favor
the selection of the newer, seemingly less reliable
(optically) charge control materialsthat aremorereliable
from spacecraft charging, discharging, and. eectro-
magnetic interference points of view.

The “ proven” materials have their own cost, weight,
availability, variability, and fabrication effects. In addi-
tion, uncertainties relating to spacecraft charging effects
must be given adequate consideration. Flight data have
shown apparent optical degradation of standard, stable
thermal control materials (e.g., optical solar reflectors
and Teflon second-surfacemirrors) that isfar in excess of
ground test predictions, part of which could be the result
of charge-enhanced attraction of charged contaminants.
In addition, certain spacecraft anomalies and failures
may have been reduced or avoided by using charge
control materials.

Ironically, after an extensiveeffort to have nearly all of
the spacecraft surface conductive, the remaining small
patches of dielectric may chargeto agreater differential
potential than alarger area of dielectric would. On the
shadowed side of a spacecraft, a small section of
dielectric may be charged rapidly while the bulk of the
spacecraft remains near zero potential because of
photoemission from sunlit areas.

A spacecraft with larger portions of dielectric may
have retarding eectric fields because the dielectric
diminishesthe effects of the photoemission process. Asa
result, the spacecraft structure potential may go more
negative and thus reduce the differential voltage between
the dielectric and the spacecraft.

The lesson to be learned is that all dielectrics must be
examined for their differential charging. Each dielectric
region must be assessed for its breakdown voltage, its
ability to store energy, and the effects it can have on
neighboring electronics (disruption or damage) and
surfaces (erosion or contamination).

3.1.2.4 Surface secondary emission ratios.-Other
means to reduce surface charging exist but are not well
developed and are not in common usage. One suggestion
for metallic surfaces is an oxide coating with a high
secondary electron yield. This concept, in a NASCAP
computer program simulation, reduced the absolute



charging of a spacecraft dramatically and reduced
differential charging of shaded Kapton dightly. Any
selected materials should be carefully analyzed to insure
that they do not create problems of their own and that
they work asintended over their servicelives.

Another concept to reduce charging, the neutral
plasmabeam, isdiscussed in section 5.0.

3.1.3 Shidding

The primary spacecraft structure, electronic
component enclosures, and electrical cable shields shall
provide a physically and electrically continuous shielded
surface around all electronics and wiring (Faraday cage).
The primary spacecraft structure should be designed as
anel ectromagnetic-interference-tightshieldingenclosure
(Faraday cage). The purposes of the shielding are (1) to
prevent entry of space plasmainto the spacecraft interior
and (2) to shield theinterior el ectronicsfrom the radiated
noise of an electrical discharge on the exterior of the
spacecraft. All shielding should provide at least 40dB
attenuation of radiated el ectromagnetic fiel ds associated
with surface discharges. An approximately I-mm thick-
ness of aluminum or magnesium will generally provide
the desired attenuation. This enclosure should be as free
frdm holes and penetrations as possible. Many
penetrations can be made relatively electromagnetic
interference tight by use of well-grounded metalic
meshesand plates. All openings, apertures, and slitsshall
be eliminated to maintain the integrity of the Faraday
cage.

The metalization on multilayer insulation is
insufficient to provide adequate shielding. Layers of
aluminum foil mounted to the interior surface and
properly grounded can be used to increase the shielding
effectivenessof blanketsor films. Aluminum honeycomb
structures and aluminum facesheets can also provide

" dignificant attenuation. Electronic enclosures and
electrical cablesexterior tothemain Faraday cageregion
should also be shielded to extend the coverage of the
shielded region to 100 percent of the electronics.

Cable shields exterior to the Faraday cage shall main-
tain and extend the cage region from their exit/extrance
of the main body of the spacecraft. Cable shields should
be fabricated from aluminum or copper foil, sheet, or
tape. Standard coaxial shielding or metalized plastic tape
wraps on wires do not provide adeguate shielding
protection and should not be used. Shields shdll be
terminated when they enter the spacecraft structurefrom
the outside and carefully grounded at the entry point.
Braid shields on wires should be soldered to any overall
shield wrap and grounded at the entrances to the
spacecraft. Conventional shield grounding through a
connector pin to aspacecraft interior location should not
be used.

Electrical terminators, connectors, feedthroughs, and

externally mounted components (diodes, etc.) should be
electrically shielded and &l shield caps tied to the
common structural ground system of the space vehicle.

3.14Filtering

Electrical filtering should be used to protect circuits
from dischar ge-induced upsets.All circuitsroutedinto
the Faraday cage region, even though their wiring isin
shielded cabling, run ahigher risk of having ESD-caused
transient voltages on them. Initial design planning should
include ESD protection for these circuits. It is recom-
mended that filtering be applied to these circuits unless
analysis shows that it is not needed.

The usual criterion suggested for filtering is to elimi-
nate noise below a specific time duration (i.e., above a
specificfrequency). Onthe Communications Technol ogy
Satellite (CTS), in-line transmitters and receivers were
used that effectively eliminated noise pulses of lessthan
5-us duration. Similar filtering concepts might include a
voltage threshold or energy threshold. Filtering is
believed to be an effective means of preventing circuit
disruption and should beincluded in system designs. Any
chosen filtering method should haveanalyses and tests to
validate the selected criteria; Filters should be rated to
withstand the peak transient voltages over the mission
life

3.1.5Procedures

Proper handling, assembly, inspection, and test
proceduresshall beinstituted toinsuretheelectrical
continuity of thespacevehiclegroundingsystem.The
continuity of the space vehicle electrical grounding
system is of great importance ‘to the overdl design
susceptibility to spacecraft charging effects. Inadditionit
will strongly affect the integrity of the space vehicle
electromagnetic capability (EMC) design. Proper
handling and assembly procedures must be followed
during fabrication of the electrical grounding system. All
ground ties should be carefully inspected and dc
resistance levels should be tested during fabrication and
again before delivery of the space vehicle. A final check
of the ground system continuity during preparation for
spacevehiclelaunchisdesirable.

3.2 Subsystem Guidelines

The guidelinesin this section are divided by spacecraft
subsystem. Designers of specific subsystems should read
the applicable portions of this section and, in addition,
review the general guidelines(tablel V).

3.2X Electronics
The general guidelinesapply.



3.2.2Power systems

See table 1V. In addition, the following specific
guideiines  apply. .

3.2.2.1 Solar panel grounding.—Solar army panels
and substrates shall be electrically grounded to the
structure, Solar-arrav.panels and conductive sections of
substrates and honeycomb; should be grounded to each
other with grounding jumpers and the entire network
grounded to the space vehicle structure with |ess than
2.5-mQ dc: resistance: per joint. Deployable panels on
three& is-stabilized vehicles can be. grounded to the
structure through sliprings where necessary. A ground
wire can be used to bond together each laterd strip or
row of solar cells.. - :

‘3,2, 2.2 Solar panel fabncatwn.—Solar array panels
shah use materials and fabrication - techniques to
minimize electrostatic discharge effects. Solar panel back
surfaces, edges, and. honeycomb should be. grounded
conductors. Conductive black’ paint is suitable for the
rear surface .of the solar panel. Solar panel edges can be
wrapped . with .-grounded- conductive tape. The front
surface. of the solar array consists of nonconductive
coverslides and “gaps someétimes potted with noncon-
ductive adhesive for electrical design reasons. Thepotting
thickness should be thé minimum required. The front
surfaces of coverslides may be coated with aconductive,
transparent coating of grounded indium tin oxide if
required. Such coatings typically reduce transmission by
5 to 10 percent and are generally used when absolute
charging must be controlled.

3.2.2.3 Po wer system electrical design. -Power
systemelectrical’ design shall incor por atefeaturesto
protect against transientsduetoelectrical dischar ge.
Spark dischargesfrom solar arrays should be anticipated,
and the electrical design- of the power system must
provide adequate protection. The following design
practices will help in reducing the effects of such spark
discharges.
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(1) Clamp solar array wiring, preferably at theentry to
the spacecraft Faraday cage, but definitely before |t
entersthe power supply.

(2) If solar array wiring is not clamped at the entry
point to the Faraday cage, shield the wiring from that
point to the power supply.

(3) Usesolar array diodeswith forward current ratings
that anticipate expected ESD transient currents.

(4) Perform analysis and testing to verify the power
system electrical design for survivability or immunity to
spacecraftchargingeffects.

3.2.3Mechanicalandstructural.

SeetableV. In addition, the following specific guide-
line applies: Conductive honeycomb and facesheets shall
beelectrically grounded tothe structure.

Aluminum . honeycomb substructures require special
consideration for electrical grounding. Techniques for
grounding conductive honeycomb and facesheetsinclude o *
rivets, copper wires, and metd inserts. - ‘

Care should be taken to establishground ties at several
locations on the honeycomb structure and to maintain..
ground continuity through all honeycomb parts and”
facesheets. For example, a recommended method of
using copper wiresinvolvessewingthewirestransversely
at shallow inclination angles through the honeycomb
(making contact with several of thecell walls). Thewires
should beinstalled at maximum intervals of 30 cm across
the structure. Ground wires should then be bolted to the
structure. Electrical inspection of grounding interfaces
for honeycomb structures applies.

3.2.4 Thermal control

Seetable V. In addition, the following specific gmde
linesapply:

3.2.4.1 Thermal blankets.-All metalized surfaces in
multilayerinsulation (M L1)blanketsshall beelectrically

1IV. - SUBSYSTEM GUIDELINES - APPLICABLE SECTIONS

Subsystem and design Applicable sections
technology
. 3.1.1{ 3.1.2(3.1.3|3.1.4 |3.1.5 |Extra
Electronics X X X X X
Power B X X X X X 3.2.2
Mechanical and X X X . |38.2.3
structure
Thermal X X X 3.2.4
Radiofrequency X X X X X 3.2.5
and communications
Attitude control X X X X X 3.2.6
Payloads . X X X X X 3.2.7




grounded to the structure. The metalized multilayer
surfaces should be electrically grounded to each other
by ground tabs at the blanket edges. Each tab should
be made from a 2.5-cm-wide strip of 0.005-cm-thick
aluminum foil. The strip should be accordion folded and
interleaved between the blanket layersto give a 2.5- by
2.5-cm contact areawith all metalized surfaces and the
blanket front and back surfaces. Nonconductive spacer
or mesh material must be removed from the vicinity of
theinterleaved tab. The assembly should be heldin place
with ametallic nut and bolt that penetrates all blanket
layers and captures 2.0-cm-diameter metallic washers
positioned on the blanket front and back surfaces and
centered in the2.5- by 2.5-cm tab area. The washers may
have different diameters, with the inner surface of the
smaller washer recessed to insure maximum peripheral
contact area between the interleaved foil strip and each
metalized blanket surface. Thetab should be grounded to
structure by a proven technique such asawire that is as
short as possible (15 cm maximum) or conductive Velcro.

Redundant grounding tabs on all blankets are required
as aminimum. Tabs should be located on blanket edges
and spaced to minimize the maximum distance from any
point on the blanket to the nearest tab. Extratabs may be
needed on odd-shaped blankets to meet one additional
condition: any point on ablanket should be within 1 m of
a ground tab.

The following practices should be observed during
blanket design, fabrication, handling, installation, and
inspection:

(1) Veify layer-to-layer blanket grounding during
fabrication.

(2) After ingdlation, verify less than 10-Q dc
resistance between blanket and structure.

(3) Close blanket edges (cover, fold in, or tape) to
prevent direct irradiation of inner layers.

(4) Do not usecrinkled, wrinkled, or creased metalized
filmmaterial.

(5) Handle blankets carefully to avoid creasing of the
film or possible degradation of the ground tabs.

(6) If the blanket exterior is conductive (paint, indium
tin oxide, “fog” ), make sure that it contacts the ground
tab.

3.2.4.2 Thermalcontrol louvers.—Ground theblades
of thermal control louvers. A fine wire with minimal
torque behavior or afine slip brush can do the job with
acceptabletorqueconstraints.

3.2.5 Communications systems

Seetable V. In addition, the following specific guide-
linesapply.

3.2.5.1 Antenna grounding.-Antenna elements
shall be electrically grounded to the structure.
Implementation of antenna grounding will require

careful considerationintheinitial design phase. All metal
surfaces, booms, covers, and feeds should be grounded
to the structure by wires and metallic screws (dc short
design). All waveguide elements should be electricaly
bonded together with spotwelded connectors and
grounded to the spacecraft structure. These elements
must be grounded to the Faraday cage at their entry
points. Conductive epoxy can be used where necessary,
but dc resistance of about 1 @ must be verified by
measurements.

3.2.5.2 Antenna apertures.-Spacecr aft rf antenna
aperture covers shall be ESD conductive and grounded.
Charging and arcing of dielectric antenna dish surfaces
and radomes can be prevented by covering them with
grounded ESD-conductive material. Antenna per-
formance should be verified with the ESD covering
installed.

3.2.5.3 Antenna reflector surfaces.- Grounded,
conductive spacecraft charge control materials shall be
used on antenna reflector rear surfaces. Appropriate
surface covering techniquesmust be selected. Applicable
methods include conductive meshes bonded to dielectric
materials, slica cloth, conductive paints, or non-
conductive (but charge bleeding) paints overlapping
grounded conductors.

3.2.5.4 Transmitters and receivers. -Spacecr aft
transmittersand receivers (command line and data line)
shall beimmune to transients produced by electrostatic
discharge. Transmitter and receiver electrical design must
be compatible with the results of spacecraft charging
effects. The EMI environment produced by spacecraft
electrostatic discharge should be addressed early in the
design phase to permit effective electrical design for
immunity to this environment. The transmitter, receiver,
and antenna system should be tested for immunity to
ESD’s near the antenna feed. The repetition rate shall be
selected to be consistent with estimated arc rates of
nearbymaterials.

3.2.6Attitudecontrol

Attitude control electronics packages should be
insensitive to ESD transients. See table |V. Attitude
control systems often require sensors that are remote
from electronics packages for Faraday shielding. This
presents the risk that ESD transients will be picked up
and conducted into electronics. Particular care must be
taken to insure immunity to ESD upset in such cases.

3.2.7 Payloads

See table V. In addition, the following specific
guidelinesapply.

3.2.7.1 Deployed packages. -Deployed packages
shall be grounded by using a flat ground strap extending
thelength of theboomtothevehiclestructure. Several
spacecraft designsincorporate diel ectric boomsto deploy
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payloads. The payload electrical system may still require
a common ground reference, or the experiment may
require a link to some electric potentid reference. In
these cases it is recommended that aflat ground strap be
used to carry this ground tie to the vehicle structure.
Electrical wiring extending from the deployed payload to
the spacecraft interior must be carried inside or along the
dielectric booms. Thiswiring should be shielded and the
shield grounded at the package end and at the Faraday
cage-entrance. - - ¢ ¥ - -

3.2.7.2 . Ungrounded materials.-Specific items that
cannot be grounded because of system requirements shall
under go analysis to assure specified performancein the
spacecraft charging environment. Certain space vehicles
may contain specific items or materials that must not be
grounded. For example, a particular experiment may
have ametallic grid or conducting plate that must be | eft
ungrounded; If small, these items may present no
unusual spacecraft charging problems; however, this.
should be verified through analysis.

3.2.7.3 Deliberate surface potentials.—If a surface
on thespacecraft must be char ged (detectorson a science
instrument, for example), it shall be recessed or shielded
sothat the perturbancein surface electrostatic potentials
islessthan 10 V. Scientific instruments with theneed for
exposed surfacevoltagesfor measurement purposes, such
as Faraday cups, require specia attention to insure that
the electrostatic. fields they create will not disrupt
adjacent surface charging or cause discharges by their
operation. They can be recessed so their fidlds at the
spacecraft surfaceareminimal or shielded with grounded
grids. An analysis may be necessary to insure that their
presence is tolerable from a spacecraft charging
standpoint.

4.0 Spacecraft Test Techniques

Spacecr aft and systemsshould besubjected totran-
sient upset teststo verify immunity.Itisthephilosophy
inthisdocument that testingisan essential ingredientina
sound spacecraft charging protection program. In this
section the philosophy and methods of testing spacecraft
and spacecraft systemsarereviewed.

41 Test Phﬂosophy

The philosophy of the ESD test is identical to that of
the normal environmental qualification test:

(1) Subject the spacecraft to an environment
representativeof-that expected.

(2) Make the environment applied to “the spacecraft
more severe than expected as a safety margin to give
confidence that the flight spacecraft will survivethereal
environment.
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(3) Have adesign qudification test sequence that is
extensive: test al units of hardware, use long test
durations, examine many equipment operating modes,
apply the environment to all surfaces of the test unit.

(4) Have a flight hardware test sequence of more
modest scope: delete some unitsfromtest if qualification
tests show great design margins, use shorter test dura-
tions, use only key equipment operating modes, and
apply the environment to a limited number of surfaces.

Ideally, both prototype and flight spacecraft should be
tested in a charging simulation facility. They should be
electricaly isolated from ground and bombarded with
electron, ion, and extreme ultraviolet radiation levels
corresponding to substorm environment conditions.
Systems should operate without upset throughout this
test.

Because of the difficulty of smulating the actual
environment. (space vacuum and plasma parameters
including species such as ions, electrons, and heavier
ions; mean energy; energy spectrum; and direction),
spacecraft charging tests usualy take the form of
assessingunitimmunity toel ectrical dischargetransients..
The appropriate discharge sources are based on separate
estimates of dischargeparameters.

Tests in a room ambient environment employing
radiated and injected transients are more convenient..
However, thesegroundtestscannot simul ateal | effectsof
the real environment because the transient source may
not be in the same location as the region that may
discharge and because aspark in air has aslower risetime
than a vacuum arc. The sparking device's location and
pulse shape must be analyzed to provide the best possible
simulation of coupling to electronic circuits. To account
for the difference in risetime, the peak voltage might be
increased to simulate the dV/dt parameter of avacuum
arc. Alternatively the voltage induced during atest could
be measured and thein-flight noise extrapol ated from the
measured data.

A proper risk assessment will involve awell-planned
test, predictionsof voltagestress* levelsat key spacecraft
components, verification of these predictionsduring test,
checkout of the spacecraft after test, and collaboration
withall project elementsto coordinate and assesstherisk
factors.

4.2 Smulation of Parameters

Because ESD test techniques are not well established, it
isimportant to understand the various parameters that
must be smulated, a a minimum, to perform * an
adequate test. On the basis of their possibility of
interferenceto the spacecraft, thefollowing items should
beconsideredin designing tests:

(1) Sparklocation
(2) Radiatedfields or structure currents



(3) Area, thickness, and didlectric strength of the
material

(4) Totd charge involved in the event .

(5) Breakdown voltage C

(6) Current waveform: nsenme, width, fdltlme and
rate of rise (in amperes per second)

(7) Voltage waveform: risetime, width, falltime, and
rate of rise (in amperes per second)

Table V showstypical vaues as calculated on some
spacecraft. The values listed in this table were compiled
from a variety of sources, mostly associated with the
Voyager and Galileo spacecraft. Thevaluesfor eachitem
(e.g., thosefor the dielectric plate) have been assembled
from the best available information and made into a
more or less self-consistent set of numbers. The process is
described in the footnotes to table V. See the
bibliography for further description and discussion. .

4.3 General Test Methods
4.3.1 ESD-generating equipment

Severa representative types of test equipment are
described in table VI. Where possible, typical
parameters for that type of test are listed.

4.3. 1.1 MIL-STD-1541 arc source-The Military
Standard 1541 (MIL-STD-1541) arc sourceiscommonly
used. The schematic and usage instructions extracted
from MIL-STD-1541 are presented here as figure 1.

The arc source can be manufactured relatively easily and
can provide someof the parameters necessary to simulate
a space-caused ESD event. The only adjustable param-
eter for the MIL-STD.1541 arc source is the discharge
voltage (achieved by adjusting the discharge gap and, if
necessary, the dc supply to the discharge capacitor). Asa
result, peak current and energy vary with the discharge
voltages. Since therisetime, pulse width, andfalltime are
more or less constant, the voltage and current rates of rise
and fall are not independent parameters. This permits
some degree of flexibility in planning tests but not
enough to cover all circumstances.

4.3.1.2 Flat-plate capacitor.-A flat-plate capacitor
can be used in severa circumstances. Examples of
spacecraft areas that can be smulated by a flat-plate
capacitor are (1) thermal blanket areas, (2) dielectric
areas such as calibration targets, and (3) dielectric areas
such as nonconductive paints. The chief value of a flat-
plate capacitor is to permit a widespread discharge to
simulate the physical path of current flow. This can be of
significance where cabling or circuitry isnear theareain
question. Also, ‘the larger size of the capacitor plates
allows them to act as an antenna during discharge and
thus produce significant radiated fields.

Table VI shows one example of the use of aflat-plate
capacitor. Several parameters can be varied, chiefly the
areaand the dielectric thickness; both of these affect the
capacitance, the discharge current, and the energy. The

TABLEV. - EXAMPLES OF ESTIMATED SPACE-GENERATED ESD SPARK PARAMETERS

ESD generator | -apac- Breakdowg Energy,© Peak Discharge Discharge
itance,? | roltage, E, current d ¥ current current
. Vg, p‘A( risetime,e pulse
nF KV tr,’ width,f
ns tps
o
Dielectric 20 1 10 2 3 lo
plate. to
conductive .
substrate
Exposed S0 s 1.9 36 1 10 15
connector
dielectric
Paint on high-| 550 1 150 150 5 2400
gain antenna
Conversion 4.5 1 2.25 16 20 285
coating on .
metal plate
Paint on 550 .360 35 000 o .18 5 600
optics hood .

3Computed from surface- area,-dielectric thickness, and dielectric constant.
Computed from d1e'|ectr1c2th1ckness and material breakdown strength.

CComputed from € = 1/2 €V

Estimated based on measured data; extrapolation based on square root of area.

€Measured and deduced from test data.
To balance total charge on capacitor.

9This was replacement current in longer ground wire; charge is not balanced.



TABLE VI.

- EXAMPLES OF

SEVERAL ESD GENERATORS

ESD generator Capac-_ |Breakdown Energy, Peak Discharge |[Discharge
itance,? |voltage, E, current, | current current
.C, Ve, mJ Ik risetinme, pulse
nF 3 A te, width,
t,
ns ’
8
MIL-STD-1541 0.035 19 6 80 5 20
(auto coil)d
Flat plate 14 5 180 80 35 880
20 cm x 20 cm
at 5 kV, 0.08 mm
" (3 mil) Mmylar
insulation
Flat plate with 550 .450 55 is 15 (b)
lumped-element
capacitor
Capacitor direct 11 320 .056 1 3x10940 20
. injection 10x10
Capacitor arc 60 1.4 59 1000 (c) 80
discharge

3parameters were measured on one unit similar to the MIL-STD-1541 design.

C time constant decay.

Cvalue uncertain.

Turns ratio

of g
L__ TTR_ue o4 '
Adjustable Al i} !
dc supply, 1 . | =50 "
0to 600 V 4] Silicon- R distr?Fbuted V' Adjustable
500 Q T Fontrolled T capacitance
_[E___.Vv,___zs ! rectifier rated 1
6V ?_ at =54 [ "-Carbon
T- ‘l electrodes
. Gap mounted on a phenolic
Signal generator board with electrodes on
protection diode adjustable Teflonshafts
Generator must be
capable of driving Si -—-—D+—-—-———
. ignal
relay; a rate of
1 pulsepersecond generator
shall be used
Typical gap-spacing and voltage
breakdown level
Gap, | Voltage | Approximate energy
mm | breakdown, dissipated,
kv w
1 1.5 56,5107
25 3.5 305
5 6 900
1.5 9 2000

Figure 1 1.—Schematic diagram of MIL-STD-1541 arc source.



discharge voltage of the flate plate can be controlled by
using a needlepoint discharge gap at its edge that is
caibrated to break down before the dielectric. This gap
also affects discharge energy. In this manner, severa
mechanical parameterscanbedesignedtoyielddischarge
parameters more closely taiiored to those expected in

space.
The difficulties of this method include the following:

(1) The test capacitor is usualy not as close to the
interior cabling astheareait isintended to simulate (e.g.,
it cannot be placed as close as the paint thickness).

(2) The capacitance of the test capacitor may be less
than that of the areaiit isintended to simulate. To avoid
uncontrolled dielectric breakdown in the test capacitor,
its dielectric may have to be thicker than the region it
simulates. If so, the capacitancewill bereduced. Thearea
of thetest capacitor can be increased to compensate, but
then the sizeand shapewill belessredlistic.

4.3.1.3 Lumped-element capacitors.-Use of
lumped-element capacitors can overcome some of the
objections raised about flat-plate capacitors. They can
have large capacitances in smaller areas and thus
supplement a flat-plate capacitor if it aone is not
adequate. Thedeficienciesof lumped-element capacitors
areasfollows:

(1) They generally do not have the higher breakdown
voltages (greater than 5 kV) needed for ESD tests.

(2) Some capacitorshaveahighinternal resistanceand
cannot provide the fast risetimes and peak currents
needed to simulate ESD events.

Generally, thelumped capacitor dischargewould be used
most often in lower voltage applications (to smulate
painted or anodized surface breakdown voltages) and in
conjunction with the flat-plate capacitors.

4.3.1.4 Other source equipment.-Wilkenfeld et al.
(1982) describes several other similar types of ESD
simulators. Itisauseful document if further descriptions
of ESD testing are desired.

43.1.5 Switches. -A wide variety of switches can be
used to initiate the arc discharge. At low voltages,
semiconductor switches can be used. The MIL-STD-
1541 arc source uses an SCRtoinitiate the spark activity
on the primary of a step-up transformer; the high voltage
occurs a an air spark gap on the transformer’s
secondary. Alsoat low voltages, mechanical switchescan
be used (e.g., to discharge modest-voltage capacitors).
The problem with mechanical switchesistheir “ bounce”
in the early milliseconds. Mercury-wetted switches can
alleviate this problem to adegree.

For high-voltage switching in air, a gap made of two
pointed electrodes can be used as the discharge switch.
Place the tips pointing toward each other and adjust the
distance between them to about 1 mm/kV of discharge
voltage. The gap must be tested and adjusted before the
test, and it must be verified that breakdown occurred at

the desired voltage. For tests that involve a variable
amplitude, asafety gap connectedin parallel issuggested.
The second gap should be securely set at the maximum
permissibletest voltage. The primary gap can be adjusted
during thetest from zero to the maximum voltage desired
without fear of inadvertent overtesting. The test is
performed by charging the capacitor (or triggering the
spark coil) and relying on the spark gap to discharge at
the proper voltage.

The arc source’ s power supply must be sufficiently
isolated from the discharge so that the discharge is a
transient and not a continuing arc discharge. A
convenient test rate is once per second. To accomplish
this rate, it is convenient to choose the capacitor and
isolation resistor’ s resistance-capacitance time constant
to be about 1/2 second and to make the high-voltage
power supply output somewhat higher than the desired
dischargevoltage.

For tests that involve a fixed discharge voltage, gas
discharge tubes are available with fixed breakdown
voltages. The advantage of the gas discharge tube over
needlepoints in air is its faster risetime and its very
repeatable discharge voltage. The gas discharge tube's
dimensions (5 to 7 cm or longer) can cause more radio-
frequency radiation than a smaller set of needlepoint air
gaps.

Another type of gas discharge tube isthe triggered gas
dischargetube. Thistube can betriggered electronically,
much as an SCR can be turned on by its gate. This
method has the added complexity of thetrigger circuitry.
Additionally, the trigger circuitry must be properly
isolated so that discharge currents are not diverted by the
triggercircuits.

4.3.2 Methods of ESD application

The ESD energy can range from very small tolarge (as
much as 1 J but usually millijoules). The methods of
application can range from indirect (radiated) to direct
(applying the spark directly to a piece part). In general,
the method of application should simulate the expected
ESD source as much as possible. Several typical methods
aredescribed here.

4.3.2. | Radiated field tests.-The sparking device
can be operated in ar a some distance from the
component. This technique can be used to check for rf
interference to communications or surveillance receivers
as coupled into their antennas. It can aso be used to
check the susceptibility of scientificinstrumentsthat may
be measuring plasma or natural radio waves. Typical rf-
radiated spectra are shown in figure 12.

4.3.2.2 Single-pointdischargetests.-Dischargingan
arc onto a spacecraft surface (or atemporary protective
metallic fitting), with the arc current return wirein close
proximity, can represent the discharge and local flowing
of arc currents. Thistest ismore severe than the radiated
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Figure 12.—Typical, radio frequency-radiated fields from MIL-STD-
1541 arc source.

test, since it is performed immediately adjacent to the
spacecraft rather than some distance away.

Thistest simulatesonly local dischargecurrents; it does
not smulate “blowoff” of charges, which causes
currents in the entire structure of the spacecraft.

4.3.2.3 Structure current tests.—The objective of
structure current testing is to smulate “ blowoff” of
charges from a spacecraft surface. If a surface charges,
and aresultant ESD occurs, the spark may vaporize and
mechanically remove material andchar geswithout local
charge equalization. In such a case the remaining charge
on the spacecraft will redistribute itself and cause
structural currents.

Defining the actual blowoff currents and the pathsthey
take is difficult. Nevertheless, it is appropriate to do a
structure current test, to determine the spacecraft
susceptibility, by using test currents and test locations
supported by analysis asillustrated in sections 2.2 and
2.3. Typically, such atest would be accomplished by
using oneor moreof thefollowing current paths (fig. 13):

(1) Diametrically opposed locations (through the
spacecraft)

Sensor
3 3 Antenna

,4
Spacecraft

—/——(

Solar panel

Figure 13 .-Paths for electrostatic discharge currents through
structure.
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(2) Protuberances (from landing foot to top from
antenna to body, and from thruster jets to opposite side
of body)

(3) Extensionsor booms (from end of sensor boom to
spacecraft chassis and from end of solar panel to
spacecraftchassis)

(4) From launch attachment point to other side of
spacecraft

The test using current path 1 is of general nature. Tests
using current paths 2 and 3 simulate probable arc
locations on at least one end of the current path. These
test pointsinclude thrusters, whose operation cantrigger
an incipient discharge, and landing feet and the
attachment points, especialy if used in a docking
maneuver, when they could initiate a spark to the mating
spacecraft.

Test 3isan especially useful test. Solar panels often
have glass (nonconductive) coverslides, and sensorsmay
have optics (nonconductive) that can cause an arc
discharge. In both cases, any blowoff charge would be
replaced by a current in the supporting boom structure
that could couple into cabling in the boom. This
phenomenon is possibly the worst-case event that could
occur on the spacecraft because the common length of
the signal or power cable near the arc current is the
longest on the spacecraft.

4.4Unit Testing
44.1 General

Unit ESD testing serves the same purpose it servesin
standard environmental testing (i.e., it identifies design
deficiencies; at a stage when the design is more easily
changed). However, it is very difficult to provide a
redistic determination of the unit’s environment as
caused by an ESD on the spacecraft.

A unit testing program could specify asingle ESD test
for al unitsor could provide several general categoriesof
test requirements. The following test categories are
provided asa guide:

(1) internal units (general) must survive, without
damage or disruption, the MIL-STD.1541 arc sourcetest
(discharges to the unit but no arc currents through the
unit’ schassis).

(2) Externa units mounted outside the Faraday cage
(usually exterior sensors) ‘must survive the
MIL-STD-1541 arc source at as-kV level with discharge
currents passing from one corner to the diagonaly
opposite corner (four pairs of locations).

(3) For units near a known ESD source (solar cell
coverdides, Kapton thermal blankets, etc.), the spark
voltage and other parameters must be tailored* to be
similar to the expected spark from that diel ectric surface.



4.4.2 Unit test configuration

ESD tests of the unit (“ subsystem” ) can be performed
with the subsystem configured as it ‘would be for a
standard €l ectromagnetic compatibility (EMC) radiated
susceptibility test. The unit is placed on and electrically
bonded to a grounded copper-topped bench. The unit is
cabled to its support equipment, which isin an adjacent
room. The unit and cabling should be of flight construc-
tionwithall shields, accessports, etc., inflight condition.
All spare cables should be removed.

4.4.3 Unit test operating modes

The unit should be operated in all modes appropriate
tothe ESD arcing situation. Additionally, the unit should
be placed in its most sensitive operating condition
(amplifiersin highest gain state, receivers with a very
weak input signd) so that the likelihood of observing
interference from the spark is maximized. The unit
should also be exercised through its operating modes to
assure that mode change commands are possible in the
presence of arcing.

45 Spacecraft Testing

The system level test will provide the most reliable
determination of the expected performance of a space
vehicle in the charging environment. Such atest should
be conducted on a representative spacecraft before
exposing the flight spacecraft to insure that there will be
no inadvertent overstressing of flight units.

A detailed test plan must be devel oped that definestest
procedures, instrumentation, test levels, and parameters
to beinvestigated. Test techniqueswill probably involve
current flow in the spacecraft structure. Tests can be
conducted in ambient environments, but screen rooms
with electromagnetic dampers are recommended.
MIL-STD.1541 system test requirements and radiated
electromagnetic interference testing are considered to be
aminimal sequence of tests.

The spacecraft should be isolated from ground.
Instrumentation must be electrically screened from the
dischargetest environment and must be carefully chosen
so that instrument response is not confused with
spacecraft response. The spacecraft and instrumentation
should be on battery power. Complete spacecraft
telemetry should be monitored. Voltage probes, current
probes, E and H shield current monitors, and other
sensors should be installed at critical locations. Sensor
data should be transmitted with fiber optic data links for
best results. Oscilloscopes and other monitoring instru-
ments should be capable of resolving the expected fast
response to the discharges (<250 MHz).

The test levels should be determined from analysis of
discharging behavior in the substorm environment. It is
recommended that full level testing, with test margins,
be applied to structural, engineering, or quaification
models of spacecraft with only reduced levels applied to
flight units. The test measurements (structural currents,
harness transients, upsets, etc.) are the key system
responses that are to be used to validate predicted
behavior.

4.5.1General

Spacecraft testing is generally performed in the same
fashion as unit testing; atest plan of the following sort is
typical:

(1) The MIL-STD-1541 radiated test is applied
around the entire spacecraft.

(2) Spark currents from the MIL-STD-1541 arc
source are applied through spacecraft structure from
launch vehicle attachment points to diagonally opposite
comers.

(3) ESD currents are passed down the length of booms
with cabling routed along them (e.g., sensor booms or
power booms). Noise pickup into cabling and circuit
disruption are monitored.

(4) Specidl tests are devised for special situations. For
example, dielectricregionssuch asquartz second-surface
mirrors, Kapton thermal blankets, and optical viewing
windows should have ESD tests applied on the basis of
their predicted ESD characteristics.

4.5.2 Spacecraft test configuration

The spacecraft ESD testing configuration ideally
simulatesa 100 percent flight-like condition. Thismay be
difficult because of the following considerations:

(1) Desire for ESD diagnostics in the spacecraft

(2) Nonfunctioning power system

(3) Loca rules about grounding the spacecraft to
facility ground

(4) Cost and schedules to completely assemble the
spacecraft for the test and later disassembleit

(5) The possible large capacitance to ground of the
spacecraft in itstest fixture

(6) ESD coupling onto nonflight test cabling

4.5.2.1 Test diagnostics.-To obtain more infor-
mation about circuit response than can be obtained by
telemetry, it is common to measure induced voltages due
to the ESD test sparks at key circuits. If improperly
implemented, the very wires that access the circuits and
exit the spacecraft to test equipment (e.g., oscill oscopes)
will act as antennas and show noise that never would be
present without those wires.
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Two approaches have been used with some success.
Thefirst is using conventional oscilloscope probes, with
great care. Long oscilloscope probes (3 m) were procured
from Tektronix. For the circuits being monitored, asmall
*“tec”” breakout connector was fabricated and inserted at
the'connecter nearest the circuit. Two oscill oscope probes
wereattached to each circuit’ sactive and return wiresand
the probe tips were grounded to satellite structure in the
immediate vicinity of the breakout tee. The probe
grounds were less than 15 cm from the probe tip. The
signal was measured on a differentia input of the
oscilloscope. Before installation the probes were
capacitively compensated totheir respectiveoscilloscope
p&amplifiers, and it was verified that their common-’
mode voltage rejection was adequate (in short, normal
good practice). Thetwo probeleadsweretwisted together
and routed along metal structure inside the satellite until
they could be routed out of the main chassis enclosure.

They were then routed (still under thermal blankets) .

along structure to a location as remote as possible from
any ESD test location and finally were routed to the
oscilloscope.  The oscilloscopes were isolated from
building ground by isolation transformers. Clearly, this
method permits monitoring only afew circuits.

A second method of monitoring ESD-induced voltage
waveforms on internal circuits is the use of battery-
powered devices that convert voltages to light-emitting
diode (LED) signas. The LED signalscan betransmitted
by fiber opticsto exterior receiving devices, where the
voltage waveform is reconstructed. As with the
oscilloscope probes, the monitoring device must be
carefully attached to the wires with minimal disturbance
to circuit wiring. The fiber optics cable must be routed
out of the satellite with minimal disturbance. The
deficiency of such a monitoring scheme is that the
sending device must be battery powered, turned on, and
installed in the spacecraft before spacecraft buildup and
must operate for the duration of the test. ‘ The need for
batteries and the high power consumption of LED’s
severely restrict thismethod.

Ancther proposed way to obtain circuit response
information isto place peak-hold circuitry at key circuits,
installed as described above. This method is not very
useful because the only datum presented isthat a certain
peak voltage occurred. There is no evidence that the ESD
test caused it, and thereisno way to correlate that voltage
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withany one of thetest sequences. For analysis purposes,
suchinformationisworthless.

4.5.2.2 Nonfunctioning power system.—Spacecraft
using solar cellsor nuclear power suppliesoften must use
support equipment power supplies for ground test
activities and thus are not totally isolated from ground.
In such cases the best work-around is to use an isolated
and balanced output power supply with its wires routed
to the spacecraft at a height above ground to avoid stray
capacitance to ground. The power wires should be
shielded to avoid picking up stray radiated ESD noise;
the shields should be grounded at the support equipment
end of the cable only.

4.5.2.3 Facility grounding.-To simulate flight, the
spacecraft should be isolated from ground. Normal test
practice dictates an excellent connection to facility
ground. For the purposes of thistest atemporary ground
of 0.2 to 2MQ or more will isolate the spacecraft for the
purposes of the ESD test. Generally 0.2 to 2 M@ is
sufficient “ grounding” for special test circumstances of
limited duration and can be tolerated for the ESD test.

4.5.2.4 Cost and schedules to assemble and
disassemble spacecraft.-Often testing is done in the
most compact form possible, attempting to interleave
several tasks at one time or to perform tasksin parallel.
This practice is incompatible with the needs of ESD
testing and must be avoided. A thermal vacuum test, for
example, is configured like the ESD test, but has
numerous (nonflight) thermocouple leads penetrating
from the interior to the exterior of the spacecraft. These
leads can act as antennas and bring ESD-caused noise'
into satellite circuitry, where it never would have been.

4.5.2.5 Spacecraft capacitance to ground during
test.-If stray capacitance to facility ground is present
during the ESD test, it will modify the flow of ESD
currents. For an better test the spacecraft should be
physically isolated from facility ground. It can be shown
that raising al.5-m-diameter Spherical satellite 0.5 m off
the test flooring reduces the stray capacitance nearly to
that of an isolated satellite in free space. A didectrici
(e.g., wood) support structure can be fabricated for the
ESD test and will provide the necessary capacitive
isolation.

4.5.2.6 ESD coupling onto nonflight test
cabling.-One method of reducing ESD coupling to and



from the spacecraft on nonflight test wiring is the use of
ferrite beads on all such wiring.

5.0 Control ahd Monitoring Techniques

5.1ActiveSpacecr aft Charge Control

Charge control devices area meansof controlling
spacecraft potential. Various active charged-particle
emitters have been and are being developed and show
promise of controlling spacecraft -potential in the space
plasma. environment. At thistime only neutra plasma
devices (both ion and electron emitters) have
demonstrated the ability to control spacecraft potential in
geomagnetic substorms. Thesedevicesarerecommended
for charge control purposes (Purvis and Bartlett, 1980;
Olsen, 1978; Olsen and Whipple, 1977).

Emitted particles constitute an additional term in the
current balance of a spacecraft. Because the ambient
current densities at geosynchronous atitude are quite
small, emitting small currentsfrom aspacecraft can have
astrong effect on its potential, as has been demonstrated
on the Applications Technology Satellites ATS-5 and
ATS-6, Spacecraft Charging at High Altitudes
(SCATHA), and other spacecraft. However, devicesthat
emit particlesof only oneelectric charge(e.g., electrons)
are not suitable for active potential control applications
unless all spacecraft surfaces are conducting. Activation
of such adevicewill resultin arapid change of spacecraft
potential. However, differential charging of any
insulating surfaceswill occur and cause potential barrier
formation near the emitter. Emission of low-energy
particles can then be suppressed. Higher energy particles
can escape, but their emission could result in the buildup
of large differential potentials. On the other hand,
devices that emit neutral plasmas or neutralized beams
(e.g., hollow cathode plasma sources or ion engines) can
maintain spacecraft potentials near plasma ground and
suppress differentia charging. These are therefore the
recommended types of charge control devices.

5.2 Environmental and Event Monitors

The occurrence of environmentally induced discharge
effectsin spacecraft systemsisusually difficultto verify.

An anomaly is known only to have occurred at some
time. Since most spacecraft are not well instrumented for
environmental effects, the state of the environment at the
time of the anomaly would have to be inferred from
ground observatory data. These environmental data are
not necessarily the same at the. spacecraft location; in
fact, the correlation is generally poor.

This unknown condition could be modified if space-
craft carried a set of spacecraft charging effect monitors.
A simple monitor set has been designed that will measure
the characteristic energy and current flux of the
environment as well as determine transients on four
harness positions within the spacecraft (Sturman, 1981).
This will allow correlation between the onset of the
substorm environment and possible transientsinduced on
the electronic systems. This package weighs about 1.4 kg
and uses less than 3 W of power. The environment
sensors would have to be on the outside surfaces and
preferably in shade.

More sophisticated packagesareavailable. lon particle
detectorsin the range 10 to 50keV could be used to sense
the onset of geomagnetic substorms. Transient monitors
capable of measuring the pulse characteristics are also
available (Koons, 1981). These would require larger
weight and power budgets but do provide better data.

These spacecraft charging effect monitorsrequire data
analysissupport in order to produce thedesired results. If
they were carried on a number of operationa satellites,
the technology community would be able to obtain a
statistical base relating charging to induced transients.
The operational people, on the other hand, would be able
to tell when charging is of concern, to establish proce-
dures minimizing detrimental effects, and to separate
system malfunctions from environmentally . induced
effects.

It is recommended that monitor packages be carried on
all geosynchronous spacecraft. These packages mustcon-
sist of both environment and transient pulse detectors.

National Aeronautics and Space Administration
LewisResearch Center
Cleveland, Ohio, April 16, 1984



Appendix A
Description of Geosynchronous Plasma Environments

‘In section 2.0 of this document geosynchronous
plasma environments are briefly introduced and simply
described in terms of temperature and number density.
The environmerit is actually very complex and dynamic
and not yet fully understood even by researchers, The
simple characterization of the environment in section 2.0
uses only two species, electrons and protons; it assumesa
“dingle Maxwellian” distribution, where the energy
distribution of each speciesis considered to be described
by the mathematical function, the “ Maxwellian.” The
Maxwellian treatment i sused because the function can be
easily treated in the necessary mathematical
manipulations for. calculating spacecraft charging. If a
Maxwellian is not used, measured data must be curve ..
digitally and at much grester computational cost. If a
single-Maxwellian distribution is inadequate for a given
circumstance, the measured data are often treated as the
sum of two populations, each with . a Maxwellian
distribution: the “two Maxwellian” characterization.
Other species such as oxygen and helium can be treated as
additional Maxwellian populations. The following text
describesin greater detail different characterizations of
the geosynchronous plasma environment.

Characterizations of Geosynchronous Plasma
Environment

An initial step in looking a an environment is to
consider averages. Ten-minuteaveragesof approximately
45 days (per spacecraft) were made of data for the
ATS-5, - ATS-6, and SCATHA (experiment SC9)
spacecraft (table VII); isotropy was assumed. The
standard deviations present in the data were estimated
(table VIII). The ions were assumed to be protons in these
tables. Note that in many cases the standard deviation
exceeded the average. This resulted from the great
variability of the geosynchronous environment and
illustrates the inherent difficulty of attempting to
characterize the “average” plasma environment. These
values are useful, however, in estimating the prestorm
conditionsthat aspacecraft will experience. Astheinitia
charge state of a spacecraft is important in determining
how the vehicle will respond to a significant environ-
mental perturbation, this is useful information. Also
these averages give an approximate idea of how plasma
conditions vary over asolar cycle since the ATS-5 data
are for 1969-70, the ATS-6 data for 1974-76, and the
SCATHA datafor 1978.

TABLE VII. - AVERAGE PARAMETERS

(a) Electrons

Parameter Spacecraft

ATS-5 ATS-6 SCATHA
Number density, (ND), cm‘3 0.80 1.06 1.09
Current density, {J), nA e Oi(9)68 0.096 0.%15
Energy density, (ED), eV gnr 35 3
Energy flux, (EF), eV cné s-1 sr-l 0.98x10ZQ 2.17:(10fg 1.99x10}9
Number density for population 1, N%, em3 0.578 0.751 0.780
Temperature for population 1, TI, keV 0.277 0.460 0.550
Number density for population 2, Nﬁ' cm™ 0.215 0.273 0.310
Temperature for population 2, T2, keV 7.04 9.67 8.68
Average temperature, Tav, keV 1.85 2.55 2.49
Root-mean-square temperature, Tpmg, keV 3.85 6.25 4.83

(b) lons

Number density, {ND), cm3 1.30 1.20 0.58
Current density, (J), pA cmr 5.1 3.4 3.3
Energy density, (ED), eV Enr3 13 oOf 12 0 0430
Energy flux, (EF), eV cm™ sl gl 2.6x10 3.4x10 2.0x10:
Number density for population 1, N&, em3 0.75 0.93 0.19
Temperature for population 1, Ty, keV 0.30 0.27 0.80
Number density for population 2, NE, cm-3 0.61 0.33 0.39
Temperature for population 2, Ty, keV 14.0 25.0 15.8
Average temperature, Tav, keV 6.8 12.0 11.2
Root-mean-square temperature, Tpmg, keV | 12.0 23.0 14.5
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TABLE VIII. ~ STANDARD DEVIATIONS

(a) Electrons

Parameter Spacecraft - 1
ATS-5 ATS-6 SCATHA
Number density, (ND), 3 +0.79 +1.1 +0.89
Current density, (37, nA cm"2 ¥0.088 +0.09 ¥0.10
Energy density, (ED), eV . *31?? F37, F34
Energy flux, (EF), eV cm "l gl *#.7x1012 | +2,6x101¢ | +2.0%10
Number den5|ty for population 1, N, cm™ +0.55 +0.82 40,70
Temperature for population 1, Ty, &eV ¥0.17 T0.85 Fo.32
Number density for population 2, Np, cm-3 +0.38 *0.34 .37
Temperature for population 2, Tp, EeV +2.1 3.6 4.0
Average temperature, Tav, keV +2.0 2.0 +1.5
Root-mean-square temperature Tpmg, keV 3.3 ¥3.5 ¥2.9
(b) Ilons
Number density, (ND), em3 +0.69 +1.7 +0.35
Current density, (J), pA cm- % 2.7 ¥1.8 +2.1
Energy density, (ED), gm‘ ';9'7?? *’9’1?9 ¥ f?
Energy flux, (EF), eV omé 1 g1 +3.5%10 +3, 6x10 +1,7x10
Number density for population 1 NE em3 +0.54 T 40.16
Temperature for population 1, eV ¥0.30 TO 88 ~*1.0
Number density for population 2 N2, cm™ #0.33 T0.16 +0.26
Temperature for population 2, T2, EeV T+5.0 +8.5 T*5.0
Average temperature, Tay, keV +3.6 +8.4 +4.6
Root-mean-square temperature, Tppg, keV ¥4.8 ¥8.9 ¥5.3

A second way of considering environments is to look a
“worst casg’ .situations. Worst-case estimates of the
parameters in table VII were made for the geosyn-
chronous environment (table 1X). These values were
derived from fits to the plasma distributions observed
during the several known worgt-case charging events. The
SCATHA spacecraft instrumentation allowed abreakout
of the datainto components parallel and perpendicular to
the magnetic field and thus permited a more realistic
representation of the actual environment. These values
are particularly useful in estimating the extremes in
environment that ageosynchronous spacecraftislikely to
encounter.

A third quantity of interest in estimating the effects of
the space environment on charging is the yearly
percentage of occurrence of the plasma parameters. The
occurrence frequencies of the temperature and current
(fig. 14) werederived by fitting the observed distributions
of electron and ion temperature for University of
Cdlifornia at San Diego instruments on ATS-5, ATS-6,
and SCATHA. The current values were computed from
theselatter curves by assuming an adiabatic rel ationship.
The figures should be useful in estimating the time during
the year that a specified environment might be expected.

The fourth and a very important quantity of interest is
how the plasma parameters vary with time during a
charging event. The approachesto determining thisquan-
tity range from detailed models of the magnetosphere to
averages over many geomagnetic storms. For design

purposes we have adopted a simulation of the electron
and proton current and temperature that approximates
natural variaions in the potentia as predicted by
charging analysis codes (eg., NASCAP). A time
variation sequencesuitablefor modelingtheworst effects
of ageomagnetic storm isrecommended (fig. 1S). (Note
thatthesimplesingle-Maxwellianrepresentationhasbeen
found to match flight data when used in NASCAP
studies.)

Derivation of Moments of Plasma Distribution Function

The Earth’s plasma can be described, as discussed
ealier, in terms of simple Maxwell-Boltzmann
digtributions. As this representation lends. itself to
efficient manipulation when carrying out charging
calculations, it is often the preferred way for describing
plasmas. The Maxwell-Boltzmann distributionF;isgiven
by

m \3/2 —ma2
F'(v)-_.ni(m) exp(—ﬁ%)

where

(A1)

n;  number density of speciesi
m;  massof speciesi

k Boltzmann constant

T; temperatureof speciesi
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TABLE IX. - WORST-CASE GEOSYNCHRONOUS ENVIRONMENTS

[The moments Tav and Trms are aver?iged over al 1 angles. . The SCATHA two-Maxwellian parameters are for fluxes paraliel
and perpendicular to the magrietic field. ATS-6 two-Maxwellian parameters are averaged over al directions.]

Parameter Source
Deutsch (1981) Mullen et a. Mul len and
(1981) Gussenhoven (1982)
Date
- Day 178, 1974 Day 114, 1979 ——
Spacecraft -
ATS6 SCATHA SCATHA
Electrons lons Electrons . lons Electrons lons

Number density, (ND;, o3 112 0.245 0.900 2.38 3.00 3.00
Current density, (J), nA car2 0.41 0.025, 0.187 |0.795¢10- 0505 0.015~
Energy denisty, (ED), eV minr:’ 1 0,293x1g3 | 0,104x1 0.960x10 0.190x1?5 0.2408107 | 0.370x1ps
Energy flux, {EF), eV cn’ s~ sr 0.264x1014 | 0.298x1012 | 0.668x1013 |0.430x1013 [ 0.250x2014 |0 .748~1012
Number density for population 1, NI, cm-3:

Parallel. 0.882x10-2 . 0.200 1.60 1.00 1.10

Perpendicular . - - - 0.200 110 0.800 0.900
Temperature for population 1, Tl, ev:

Parallel 0.111x103 0.400x103 0.300x103 | 0.6Q0x10: 0.400x103

Perpendicular . O--W&- | 0400x103 | 0.300x103 | 0.600x10 0.300x103
Number density for population 2, Np, em=3: v

Padld 122 0.236 0.600 0.600 1.40 1.70

Perpendicular . - - | ———— 2.30 130 1.90 1.60
Temperature for population 2, T2, ev:

Parallel 0.160x105 | 0.295x105 | 0.240x105 | 0.260x105 | 0.251x105 | 0.247x10%

Perpendicular -S| 0.248x105 | 0.282x105 | 0.261x105 | 0.256x105
Average temperature, Tav, eV : 0:160x105 | 0.284x105 0.770x1%4 0.550x104 | 0.533x10% . D.822~10)
Root-mean-square temperature, Tpps, eV 0.161x105 | 0.295x105 | 0.9@8%4®. | 0.140x105 | 0.733x104 " | 0.118x10
v velocity where

F;  distribution function of speciesi (NDy first moment that equals n;

Unfortunately, the “space plasma environment is  (NF}) number flux of speciesi
seldom r? Maxv;lell-:_%oltzmgnn _(zi)st_ribut}on. However, (ED) energy density of speciesi
given the actual plasma distribution function, it is \ o
possible to define (irrespective of whether the plasmais EF) energy flux of spemes_l o =
Maxwell-Boltzmann or not) moments of the distribution ~ For the Maxwell-Boltzmann distribution of equation
function that reveal characteristics of its shape. These (Al theseassumethefollowing values:
moments can in most cases then be used to determinean

approximate Maxwell-Boltzmann distribution. The first ~ (NDa) =n; (A6)
four of these momentsare
L (m\ (2T 12

wa-(32) (55) @
(ND) = 4x [/ Fp2do A2 @p)- %n,-kT,- (A8)
(NF) = Sa (v) Fp2dv (A3) (EF)= (ﬁ) (_"_Ti)a/z (A9)

kg m;
D)= 4" (* w2 Fo2d A4 Lo

ED)= —— So (W2)Fpdv a9 Often it is easier to measure the four moments of the

- plasma distribution function than the actual temperature.
(EF)= m; S (v3)Fv2dy (AS5) Thisis particularly truefor spaceplasmas, wherethe
28 concept of “temperature” isnot well defmed. Asan
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illustration, from the four moments, two definitions of
the plasmatemperature can be devel oped:

Tu= 2ol (A10)
_ER '
Ttms = 3} (Al1)

For a true Maxwell- Boltzmann plasma there quantities
would be equal; for actual plasmas Ty isusually greater
than Tay. Even so, experience -has : shown that a
representation in terms of two Maxwell-Boltzmann
distributions is in fact a ‘better mathematical
representation of the space plasma than a single
Maxwellian. That is, the plasma distribution for asmgle
species can berepresented by :

_ [ m)\3¥ M - my2
7= (7%) [(r‘f‘a)?"" ;)
+ ___Nz )éx —mu?
132/ ; P\ %,

(A12)
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where

N;  number density for population 1
T, temperature for population 1
N, number density for population 2
T, temperature for population 2

This representation in most cases fits the data quite
adequately over the energy range of importance to
spacecraft charging. Further, it is very simple to derive
Ny, Ty; N, and T directly from the four moments so
that a consistent mathematical representation of the
plasmacan beestablished that incorporates the simplicity
of the Maxwell-Boltzmann representation while
maintaining a physic&y reasonable picture of the
plasma. The digtinction between Tay, Tems» T1, and T
must be kept. in mind, however, whenever referenceis
made to a “Maxwell-Boltzmann”’ distribution as these
are only approximations at best to the actuad plasma
environment.



Appendix B
Technical Description of NASCAP

The NASA Charging Analyzer Program (NASCAP) is
a quasi-static computational program (i.e., it assumes
that currents are functions of environmental parameters,
electrostatic potentials, and magnetostatic fields but are
not dependent on electrodynamic effects). This is
reasonable since charging times in insulators are- long
compared with the computing interval. The following
paragraphs briefly discuss the elements of NASCAP.
Detailed descriptions (Katz et. a., 1977, 1979, 1981),
including a users manual (Cassidy, 1978), are available.

A flow diagrani of NASCAP is shown in figure 16. The
|ogichas been designed to providemaximumflexibility to
theuser.” Asexecution progresses, theuser may request a
charging simulation or any of several auxiliary functions

Graphical
output

Object

definition

Initial
potentials

Trajectory

calculations
[, (Incoming flux)

Sunfagee”
interactionon

1 (Charge distribution)

Potential
solver

| (Potential)

Figure 16.—Flow diagram of NASA Charging Analyzer Program
(NASCAP).

such as object definition, particle emitter, or detector
simulation. NASCAP contains full restart capability.

A NASCAP charging smulation first calculates the
currents incident on and emitted from all surfaces for a
given environment. From these currents it computes the
new el ectrostatic potentials (relative to the space plasma
potential) on all spacecraft surfaces and in surrounding
space. Thisiteration continuesfor auser-specified period
of time. The charging simulation can take into account
such effects as internal bias voltages, Debye screening,
and charged-particleemitters.

ComputationalSpace

NASCAP computations are performed in an embed-
ded set of cubic grids of dimensions 17 x 17 x (4n + 1),
where 4<n <8 (fig. 17). The object is described in the
innermost grid. Each successive grid hastwicethe linear
dimensions of the next inner one. This alloys treatment
of alarge volume of space while minimizing compu-
tational time and storage.

Environment Definition

In NASCAP the charged-particle environment can be
specified in a number of ways. For smulating’ space
environments the most commonly used techniques are the
Maxwellian and double-Maxwellian descriptions of
geomagnetic substorms. These allow independent speci-
fication of temperatures and particle densities of both
electron and proton components. Actual particle
distributions from flight instruments can also be used to
specify the space environment for both quiescent and
substorm conditions. Anisotropic fluxes to various
surfaces can also be defined.

"~ Second grid
‘,-lnnergrid 1
TR T i
KA |
30 hd C3E:
= . L] L ]
Thirdgrid

Figure17.—NASCAP nested grid computational space.



NASCAP also treats surface charging in laboratory’

simulations. For these cases, single or multiple beams of .
electrons or ions can be specified from' arbitrary -

locations. Since the surface charging physicsisthe same
for both space and laboratory simulation environments,

the accuracy of NASCAP predictions can be determined .

from laboratory results where environment fluxes can be
controlled and detailed measurements made. The
predictions are’ generdly within = 20 percent of the
experimental surface voltages.

Object Definition -

NASCAP require;.that an object be defined in terms of -

thin booms, flat plates, rectangular parallelepipeds, or
sections of parallelepipeds. Only thin booms extend
beyond the innermost grid boundary. Furthermore, no

other portion of the object must touch.the innermost grid”

boundary. This object definition protocol allows rather

complex spacecraft models to be defined by using fairly .

simpleinputs .

Sinceaspacecraft can beacomplex shapeand errorsin
describing the model interms of program limitations can
arise, agraphical output of the spacecraft model can be
generated by the computer to verify the accuracy of the
model before start of computations. (Seefig. 18 for an

example of output.) Any set of axes or rotational angles. .

can be specified for viewing the object. The graphical
output of the object. definition identifies the specified
materials used on the surfaces. Hence, it is possible to
determine that the computer model is the deﬂ red.
representation of the spacecraft. :

Material Properties

NASCAP allows surfacesto be bare or covered with a
thin(~10-4 m) dielectric material. Values of properties
for common spacecraft materias (e.g., aluminum, gold,
Teflon, Kapton, and silica) are supplied in the code and

Kapton—
N

can be adjusted if desired by the user. Properties for

other materials must be specified by the user. The
propertiesrequired by NASCAP are dielectric constant,

material thickness, backscatter and secondary emission

coefficients (for both electron and proton impact), bulk

and surface conductivities, photoemission_-yield,
electrical breakdown thresholds, and radlatlon-mduced .
conductivity pro pertl es:

Electrical Connectivity . .. ;

INNASCAPthe' spacecraftmodel‘ cari becomposed of’
up ‘to 15 separate conductors. These conductors ‘can be
resistively or capacitively coupled and can be allowed to
float, to be held at fixed * potentials,” or ‘to’ be biased-
relative to one another. |n the latter ‘case, NASCAP
autoniatically transports charge from one conductor to
another to maintain the bias voltages.

Mathematical Algorithm

NASCAP uses an incomplete Cholesky conjugate .
gradient algorithm to calculate the change in spacecraft
potential a each time step (~ 103 veriables). The
spacecraft equivalent circuit usedinthiscal culationisset
up by geometrical analysis within NASCAP. The
potential in the external space (~ 104 to 105 variables) is
calculated by afinite-element, seal ed-conjugate-gradient
technique. Both potential solversare capable of handling
mixtures of fixed-potentid and fix& charge boundary
conditions at the spacecraft surface.

Detectors

At any time interval after the charging simulation
begins, the user can request a smulation of a particle
detector behavior. The user specifies the location of a
detector, an aperture, and a range of viewing angles or
particle angles. NASCAP then computes particle

Sun

Mirror /'
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_~Silica coverslide

T \
Cutaway view showing 6.0 Wm \
optics system \-Interconnects

CS-80-594

Figure 18.— NASCAP model of large optics system satellite.
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trajectories, by using predicted surface voltages and
externa fields, from the detector location to either
emission from another part of the spacecraft or arrival
from space. (Seefig. 19.) Those particles arriving from
space are assumed to be those that the particle detector
should sense. Both electron and proton detectors can be
specified. ,

Emitters

NASCAP can treat electron- or proton;émitting»

devices if they are designed to operate at low current
densities (e.g., as active charge control devices on
geosynchronous spacecraft). This limitation is imposed
because NASCAP does not take into account the
formation of space charge barriers in front.of the emitter.
Space charge effects become significant for electron
emission at currents greater than a few milliamperes and
for proton emission at currents greater than 0.1 mA.
The user specifies the emitter location, the current
density and energy, and the beam direction and spread.
NASCAP traces these particles to either the
computational boundary (where they are considered to be
lost) or to another spacecraft surface. The total emitter
current is considered to be a loss of charge (either positive
or negative depending on the emitter) to the conductor
associated with the emitter location. Particles that return
to a spacecraft surface are considered to be a source of
charge for that surface. Hence, both emission and
collection of the particles are considered in computing the
object potential. St

Output

In addition to its standard printed output, NASCAP
provides an extensive menu. of graphical outputs and

80—
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N
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|
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Figure 1g.-Electron trgjectories for Galileo (Harel et al., 1982).

printed data compilations. Graphical output includes the
material and perspective object definition pictures,
potential contour plots, and particle trajectory plots. The
standard printed output includes a summary of all cell
voltages, listing of currentsto specified surfacecells, and
compilation of electrica stress through insulators in
decreasing order. Sorting routines can tabulate specific
cell potentials as a function of time for specified sets of
cell numbers or materials. Sufficient information is
stored in external filesto allow arestart of aNASCAP
program for further analysis, for evaluation under
changed environmental conditions, or for postprocessing
analysiswith user-written programs.



Appendix C
Voyager SEMCAP Analysis

To simulate the effects of arc discharges on Voyager,
either a high-voltage-excited spark gap or a flat-plate
capacitor with an arc gap was used to induce arcs. The
radiated fields from these sources were approximated in
the Specification and ' Electomagnetic Compatibility
Program (SEMCAP) in two ways:

(1) Aninduction field model consisting of quasi-static
electric and magnetic. fields proportiona to the voltage
and current of the source, respectively

(2) A radiated field model representing the far-field
¢electromagnetic radiation of the loop antennaformed by
the source

The Voyager test results using SEMCAP and these
assumed arc source ‘ models are presented in table X
along with the values actually observed. The source

parametersusedinthepredictionsare’ presentedintable
X1 (reflectingthearc parametersof thetest source). The
mean error between the predicted and measured resultsis
-6 dB, and the standard deviation is 23 dB. Assuming
these accuracy parameters to be applicable to predicted
in-flight responses for Voyager, the spacecraft was
considered to beimmuneto arc discharges below 20 mv
on the basis of the SEMCAP analysis. The use of
SEMCAP in this application caused numerous design
changes that significantly improved the arc discharge
protection of the Voyager spacecraft. Even though flight
Voyagers still suffered several arc discharge events, the
design changes resulting from SEMCAP (in conjunction
with testing) are believed to have significantly enhanced
theirsurvivabjlity. -

Veo IR TABLE X. - SEMCAP PREDICTIONS

[Mean error, -12 dB (underpredicting); standard deviation, 20 dB - not including entries footnoted a.]

Location of arc . High gain antenna | Infrared interferometer/ OBLFM Sun sensor
spectrometer
. Predicted | Measured Predicted | Measured Predicted | Measured |Predicted | Measured
Voltage values from radiated tests
Infrared |nterferometer/spectrometer 0.9 1.2 2.0 0.8 0.09 1.0 0.08 2.5
(IRIS) imaging subsystem
Low-energy charged-particle experiment 1.5 .8 6.0 a 45 .4 7 .1 1.6
Sun sensor . .84 1.0 .48 a3 .9 2.4 4.0 1.6
Magnetometer .4 2.4 .8 a .5 3.6 1.2 .4 .5
Frequency-selective subreflector 4.9 4.0 .96 1.5 2.1 1.4 .002 2.0
Brewster plat 2.2 4.0 1.5 4.0 .9 3.3 .54 17.7
Voltage values from surface tests
Low-energy charged-particle experiment 0.27 0.6 15 . 6 0.04 0.6 0.017 0.8
Brewster plate 6.8 1.0 .37 .6 .7 .4 .9
Frequency-selective subreflectcr 57 €10 .09 <. 2 .2 2.7 .001 4.0

aBackgmund noise; noise due to arc unnoticeable.
Predicted was *contact"-test; measured was "radiated" test.
CExtrapolated.



TABLE XI. = IN-FLIGHT ARC wopeLs ~ SEMCAP PREDICTIONS VERSUS
ESD TEST RESULTS (FLIGHT SPACECRAFT)

[Parameters of in-flight arc models (after scaling test data to spacecraft dimensions).]

. Arc source Breakdown |Discharge [Discharge | Discharge Main Energy,

voltage, or arc current current discharge E,

N current, |risetime, [pulse width, [capacitance, mJ
KV , tr, tp, s
LA ns ng nF

Magnetometer cable 5 20 10 1700 50 62.5
High-gain antenna 1 150 5 3000 400 200
paint (outboard)
Plume shield (sep- 1 16 20 285 4.5 2.25
aration connector)
Frequency-selective 7 80 8 80 ,014 .34
subreflector
High-gain antenna 1 150 5 2400 300 .15
paint (inboard)
Plume shield (radio- 1 16 20 330 5.2 2.6
i sotope thermo-
electric generator,
RTG)
RTG bxide 3.5 925 20 3700 340 2080
Modified infrared 1 150 5 26 .04 .02
interferometer/
spectrometer (MIRIS)
Kapton
Brewster plate? 1 2 3 10 20 10.0
Separation connector 5 36 10 15 .15 1.88
Magnetometer Teflon 1 3 5 13 .038 .02

8o area scaling needed because sample was entire item.
bTeflon models are believed to be well understood.
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