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SUMMARY

A method for calculating the aerodynamic loading on & wing in combi-
nation with a body is presented. The method is similar to that used by
Falkner for wings in incompressible flow, except that the present method
directly relates the downwash velocity to the 1lift on the wing in a com-
pressible medium for any Mach number. ’

Calculated results are compared with experimental deta for two wing-
body configurations throughout a range of Mach number up to 1.0. Both
wings were swept back 45° with an aspect ratio of 4. One of the wings
hed a teper ratio of 0.6 and NACA 65A006 airfoil sections and was tested
with and without twist. The other wing had a teper ratio of 0.1l5 and
NACA 64A206, a = O airfoil section at the fuselage boundary, fairing to
an NACA 644203, a = 0.8 (modified) airfoil section at the midspan. The
sections of the wing from the midspan to the tip were NACA 64A203, a = 0.8
(modified).

The magnitude and the distribution of spanwise loading of the cal-
culated date are in good agreement with experiment up to & Mach number
of 0.95, and for the highly tapered wing the agreement of the calculated
spanwise load distribution with the experimental distribution is still !
good up to a Mach number of 0.98.

INTRODUCTION

In recent years the calculation of span loading on wings for wing-
body tombinations has become of increasing importence for airplene
designers. The great number of airplanes with widely different types of
plan form, designed to fly at high Mach numbers, mekes it virtually
impossible to obtain experimental date on the aerodynemic characteristics
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over the complete flight range for all wings of interest. Thus, there
has been consgiderable interest in calculation methods, particulerly in
the calculstlon of the distribution, or shape, of the span loading.

The purpose of thils report is to show to what degree span load
distributions as calculated by linear theory agree wlth experimentally
messured span load distributions, particulerly in the speed ranges
epproeching sonlc conditions. In msking this study, calculated span
load distributions are compared with experimentelly measured veaelues for
some thin wings for wing-body combinations throughout a Mach number range
up to M, = 1.0.

The method used in meking the c¢alculations for the present study is
similar to thet used by Falkner in reference 1 for treating wings in
incompressible flow and to that used In reference 2 for treating oscil-
lating finite wings in subsonic compressible flow. The present method
directly reletes the downwash velocity to the 1lift on the wing in a
compressible medium for any Mach number up to M = 1.0, As in Falkmer's
method for incompressible flow, the loading 1s assumed to be expressible
as the sum of terms involving certein unknown coefficients, appesring
in the 1ift distribution. By assuming the downwash to be known at an
appropriate number of points, a system of linear algebreic equations is
obtalned from which the unknown coefficilents cen be determined.

In order to celculate the load distributions of the wing in combinsa-
tlion with a body use was made of the method suggested in reference 3,
wherein the boundary conditions on the fuselage are assumed to be ade-
quately satisfied by a vortex image system.

SYMBOLS

A aspect ratio, Us®/S
8n,m coefficients in expression for 1ift
Cy, 11ft coefficient, L/qS
c section chord, ft
Cy root chord, ft

S
Cov everage chord, 53 £t
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Ct

C1

Cm

fip chord, ft

section 1ift coefficient

section moment coefficient

fuselage diameter, in.

arbltrary distence, £t

total downwesh factor

downwash factors for trailing vortex
downwash factors for bound vortex

chordwise replacement losd

kernel function

11f%, fl dy, 1b
section 1ift, JFAJ dx, 1b

1ift at any point, 1b

moment, £t-1b

free-stream Mach number

tangent of angle of sweep of local chord line

tengent of engle of sweep of midchord line

dynemic pressure, I%-pVE, l'b/sq_ £t

radius of an Infinite cylinder representing body, £+t
dimensionless radius with respect to &y

wing area, sq £t

wing semispan, £t

semispan of vortex
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v airstream velocity, ft/sec

W induced vertical velocity, ft/sec

X distance of 1ift point from midchord line along X-axis,
*m =~ *p

X,¥,2 longitudinal, lateral, and vertical coordinates, respectively

X,y dimensionless coordinates, é%,--g%

Xms¥m coordinates of points along.midchord line

f%g wing section center of pressure

<§§£>w% longitudinal center of pressure for wing-body configuration

o angle of attack, deg

B= /1 -M

M dimensionless coordinste, S

® = cos™T E%E

A taper ratio, cy/cy

A sweep angle of quarter-chord line, positive for sweepback,
deg

0 density of air, slugs/cu ft

Subscripts:

a index of control points

b index of 1lift point or vortex

Superscripts:

(1)

4

dovnwash factor of image vortex

downwesh factor of vortex located at point be,-yb)
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METHOD

The method used in msking the calculations is as follows:

Figure 1 shows & wing disgram and the coordinate system employed.
In reference 4 the boundary-value problem for the 1ift distribution on
e finite wing 1s reduced to an Integrel equation of the form:

w{%qs¥a) = & AL (xp,¥p) K(Xg - Xp,7p = ¥a)8xp &y (1)

In this expression w(xa,ya) represents the displacement velocity at
any point (xa,ya), or the locel downwash velocity at point (xa,ya) , and

may be assumed to be known. The value Al represents the unknown 1ift
distribution and the kernel K represents the known vertical velocity,
or downwash, at point (xa,ya) assoclated with a pressure doublet of unit

strength located et any other point (xb,yb). In the case of incompressible
flow, K is found to be a function only of the distances (xa - xb) ant
(yb - ya). In the case of compressible flow, K i1is a function not only
of the distances (x, - ) end (o - ya) but also of the Mach mumber M,.

The integral equation for this case may be written as (see eq. (15) 5
ref. )

crr) =L . a5y ]
bwre) =ip [ oS e T

(2)

where S denotes the surface of the wing projected on the Xy -plane.
The problem now is to determine Al (xb,yb) so as to satlsfy equation (2).

For arbitrary wings, it does not appear possible +o obtain exact solutions
to this integral equation; therefore, approximate methods must be resorted
to. The method employed is to assume that the lift Al (xb ,yb) can be

expressed in the form of a series of loading terms having both spenwise
and chordwise variables, as
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8pV2

2
_ [2 2 8 Yb b

2
R4S Jp
sin © (8'1,O+ - al,l+ sT aL:L,2 - > +
sin 20(a,. +20 & +y—2—b2a T . (3)
2,0 s 2,1 5 2,2 :.o o of e o o
where
Xy - X
cos 6 =B~ ¥ _ X (OSB§=t)
c/2 A =

a8 shown in figure 1. The value 6 = 0 corresponds to points on the wing
leading edge and © =t corresponds to points on the wing trailing edge.

In equation (3), s denotes the semlspan of the wing so that this
expression for the 1ift denotes an elliptic type of loading with modifi-
cations given in terms of the variable yp. The first term of the dis-

tribution, cot %, implies a —\}— type of singularity gt the wing leading
X .

edge, and each term of the series goes continuously to zero at the wing
tralling edge. Substituting the expression for the 1ift given In equa-~
tion (3) into the integral equetion (2) expresses the total local down-
wash w(xa,ya) as a sum of terms involving the coefficients e‘n,m as

the unknowns with all other quentities in the equation known. For
example,

2
ve % ¥
__P 8 [v2 2 8 o .22 + Jor
w<xa,ya> =-——tan af_s e - ¥p© dyp o cot z 0,0 * 5 %0,1 " 52 0,2

b Yba 1n 28 ¥
sineal,o+Tal,l+:z—a1,2+... + sin 8'2,0"'58'2,1"'
Yoo 1 [_ Xg = Xp
T R | {1+ — =ein 6 40
L (vb-ya)l_ J@a - %)%+ B2 (7 - Ya)
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or

pVPsltan o plL x
v(%gs¥s) = - "T'—‘fl \}1 -1 dﬂj; E!Ot %(30,0 + neg,1 + "1230,2 + .. ) +

sin © (&1,'0 + 78y 1+ ﬂ2a1,2 .. ) + sin 29(&2’0 ey q +

2 1 I— Xg = Xp

na.22+...)..] —(1 + —lsinede ()
’ (7% - ¥a) L V(xa. - %)+ 52(3'13 - ya)_'

where

The problem now is to evaluste the.integrsls in equstion (4) in order to
determine the coefficlents 8n,me It should be noted, however, that
equation (4) consists of a serles of elliptic integrals which cannot be
evaluated in closed form. The integrals can nevertheless be accurately
performed by spproximate or numerical procedures for any preassigned
values of (xa,ya). Since the total downwash velocity w(xa,yé) is

assumed to be known, it may be seen that the integrations yleld equations
for w(xa,ya) in terms of the unknown coefficients an,m appearing in
the 1lift distribution. Thus, by assuming the downwash veloclty to be
known at an appropriate number of points, called "control points," a
system of llnear algebraic equations 1s obtained from which the coeffi-
cients &an,m cen be determined. It is significant to note that, when

a 1s determined, the 1ift is expressed in a perfectly continuous form
except for the aellowsble singularity along the leading edge.

The Spanwise Integration of the Downwash

In evaluating the integrals in equation (4), either the chordwise
or the spanwise Integration may be performed first. The procedure herein
begins with the spanwise Integration; that 1s, with an evaluation of the
integral
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8
%gcxa:Ya) = sin 8 ﬁ%h/\ AZ(e,yb)K(xa,ya, Moy 8, yb)dyb ®
-5

where Xg, Vg Mo, and 8 arve assumed to be fixed. In order to evaluate

the integral along a curve of constant €, let this curve be divided
into small arc lengths A4 by dividing the span length 2s into small
elements of span, of wildth 2s,, and let XYy represent the midpoint

of the pth span element as indicated in the following sketch.

The integral, equation (5), may now be written as a sum of integrals,

dw 1 Ly pIuTsy
S5 (Xar¥a) = [ sin @ f f AL(O,yy,)K(%g,¥as Mg, 6, o) &5y
p=1 Y;J,"SV

(6)

The approximation is made on the assumption that the element of span of
width 28, can be taken small enough, compared with the semispan s,
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that the vaelue of the loading Al (e, yu) at the midpoint of the element

adequately represents the value at any point of the element. This span-
wise approximation may be carried out to any desired degree of accuracy
80 that In the limit the feature of a continuous loasd distribution is
retained.

Thus, the value of g‘—g may be approximately wriltten as

B /sy .
dw ~ L ﬁ — g
d—G(Xa;-Va) T b =1 ZSVAZ(G; Yu)E(xa, Mg, 6, yp_-ya) sin © (1)
where
o Yutsy
E(i-sj, Mg 8, yu‘ya) =f K(xa,ya, My, 6, yb)dyb (8)
le--sV

The integration required to obtain the function E in explicit form
can readily be carried out with the results expressed in terms of the
distances (xa - x) end (y, - Yg) 8nd the free-stream Mach number M.

(See, for example, ref. 5 where the expression for E 1s derived by using
a different notation.) The value of E 1is identical with the downwash
function associated with a horseshoe vortex where the bound leg is of
length 2sy with 1ts midpoint located at Xus¥pye As will be discussed

later, it is necessary to apply a correction to the downwash due to the
bound leg of the horseshoe vortex to account for the increase in vertical
velocity caused by the fuselage. For this reason the contributions
associated with the bound legs and trailing legs are employed separately.
The derivation of E in this separated form is given in appendix A.

The Chordwise Integration of the Downwash
After having performed the spanwise integration, the next step is
to effect the chordwise integration; that is,

1 s/sy fn . o
v (¥asYa) = 4p 2Sv% Js AL (8, ¥,)E(Xss Moy 8, F;-F,)sin 0 a8 (9)
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It must be remembered that the 1lift distribution given by Al(e, yp)

in equation (9) is an unknown quentity, involving certain coefficients
an,m which have to be determined., The integrations in equation (9) may

be effected by evaluating the integrand for fixed values of Xz, ¥a, Mo,

and yﬁ at smell intervals of © and then msking use of some curve-

fitting scheme of integration such as Simpson's rule. It should be noted,
however, that since E is equivalent to the downwash function associated
with a horseshoe vortex, equation (9) is the basic equation of Falkmer's
procedure for treating the lifting surfece. Falkner, in lieu of using
small spacings in the chordwise direction, devised a scheme to spproximate
the integration that involves evaluating the integrand in equation (9) for
only a few discrete values of 60, Talkner used the method for the case

of a steady wing in incompressible flow, but the method can easily be
extended to steady wings in compressible flow and to oscillating wings

in either compressible or Incompressible flow. (See, for exemple, ref. 2.)
The method of chordwise integration, as devised by Falkner, consists of
expressing Al(e, yp) in terms of &n,m for only a few dlscrete values

of 8, denoted herein by 68, (v=1, 2, 3, . . . Q) and employing welghting
factors Gp,y eassoclated with each value of v. Although there is no

gpperent Justification for using this method of chordwise integration for
Mo = 1, calculations have been made for this condition herein.

The method of determining the welghting faectors Gh,v is discussed
in the next section.

It is convenient to locate the control points so that they fall along
fixed percentage span and chord positions; that is, along constant 1 _and
constant © curves., The spanwise locations of control points are chosen
so that they lie midwey between the legs of the horseshoe vortex. The
chordwise locations are chosen so that the control points fall midway
between the lines of constant 6, which means there must be at least one
more discrete value of © +then chordwise control points. Since one equa-
tion 1s formed at each control point there. should be the seme number of
control points as coefficlents 8n,m retained in the equation for 1ift.

In the present treatment, the number of both spanwise and chordwise control
points are made to equal the number of spanwise and chordwise terms retained
in' the series, nine,

Now, at any control point with coordinates Xx,,yg, let Gn,v repre-

sent the weighting factor for the nth term of the spanwise loading distril-
bution and the vth value of 6. The pth integral in equation (9) may then
be written

1 x —
'*'(xa,!ya.) = E eva Al (9, yp.)E(xa; M, 8, }'—p-ﬂ)sin 0 de

R
~ L J 2
- sti ; Gn,vs 1 -7 (a.n’o + E’n,ln oot a.n,mrP)E("i‘a, M,, 8,, ﬁ_ﬁ). (10)

[
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Determination of the Welghting Factors

The welighting factors Gn,v are determined with the use of theory

for a two-dimensional wing by setting up a system of algebraic equations
for the 1lift ahd the downwash Involving these factors. Each chordwise
term in the 1ift series requires a system of equetions; but each set of
equations is obtalned in the same manner. The detalls are therefore
presented only for the n = 0 +term; that is, for the term containing

cot g—

The first equetion to be considered equates the integral of the
continuous loading to the sum of the weighting factors; nemely,

14
i °] T
L GO,V = GO,l + G0,2 + o o & + GO,Q —A cot 3 sin 0 48 = 5 (11)

Fach of the other (Q-1) equations in the system involves one chord-
wise location of control point (midway between lines of constent 6) and all
the discrete values of 6, These equations are derived by the use of the
two-dimensional kernel or downwash function. The downwash at the control
point involved, as produced by the sum of the loads on each dlscrete value
of © 18 equated to the downwash produced by the continuous loading in
two-dimensional flow; that is, if X1y X5 5 0 o e X(Q_l) denotes the

(@ - 1) chordwise control-point location (x is midway between lines of
constant ©), then for x = x;

ﬁl Go,vE (x1s Mos 8v) = G 1K (x1, Moy 01) + G K(x1, Mg, 8) + o« o +
v=

GO’QK(XJ_: Mo, em)
=fK(x1, My, e)cot -g- sin © 46
= 7B (12)

These equations are Independent of Mach‘ number and, therefore, are iden-
tical to the equations for the Incompressible case. The welghting factors
for verious wvalues of ev have been tabulated. (For example, see ref. l.)
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The equations for the first term of the 1lift series (the term con-
talning cot %) for four values of 0 corresponding to the 12.5-, 37.5-,
62.5~, and 87.5-percent-chord lines are.

Go,1 * Go,0* Go,5 * %4 =5 ]
8Gy,1 = 8% 5 - % %,3 - % o, =
8 Go,1 * 8%, = 88 5 - % G, = ™ ’ (3)
8 Co,1 * 8 Go,o * 80 5 = BGy ), =7

Similarly, four equations to determine Gn,v for any other value of n
are obtained by replacing the load term containing cot % in equation (11)

by the term containing sin né. The welghting factors are tabulated in
table I for four values of 6 corresponding to the 12.5-, 37.5-, 62,5-,
and 87.5-percent-chord lines.

Determination of the Downwash

After Gn,v is determined for e given choice of 6-values, the

expression for the total downwash at any particular control point is
given with the use of equetions (9) and (10) as

B/Sv R B ” . _
lrasve) =% v 2 i g G, oV n® (an,o ST L an,mﬂm)E(xa.’ Mys 8ys yu'?;) (1)
u=l V=L n oL b

Since the total downwash is known at the chosen control points, equa-
tion (14) leads to & system of linear algebraic equations from which the
coefficient &p m cen be determined.
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An example showing the formation of the downwash equations for the
84 ~-vortex pattern with four 8-lines is given in appendix B.

Effect of Presence of Fuselage

In the analyticel treatment of the wing-fuselage combination, the
fuselage is represented by an infinite cylinder, which i1s replaced by
the images of the wing vortices placed inside the fuselage as suggested
In reference 3., As indicated In reference 3, the boundary conditions
are satisfied exactly only infinitely far behind the wing. The vortices
used to represent the fuselage Induce a downwash on the wing which must
be taken into account. This additlonal downwash may be approximated by
a correction to the downwash due to the bound vortices as discussed in
reference 3. The corrected downwash is then given as

Corrected downwash = Downwash (1 + =—

Ya

MODELS

Calculations have been made for two wing-body configurations. One
wing, designated wing A, was swept back 45°, with an aspect ratio of 4,
a taper ratio of 0.6, and NACA E5A006 airfoil sectlons parallel to the
plane of symmetry. Details of wing A in combination with the body are
given in figure 2. Experimental data used in the comparisons for wing A
were obtained from tests made in the Langley 8-foot transonic tunnel.
Both experimental and calculated results were obtained for this wing
without twist and for the wing with a spanwilse twist variation from the
fuselage boundary to the wing tip es shown in figure 3. This spanwise
variation wes produced by twisting the wing sections about the wing
quarter-chord line in pleares parallel to the vertical plane of symmetry.
In meking the calculations the body in all cases was treated as an infi-
nite cylinder, as indicated by the dashed lines in figure 2.

The other wing, deslignated wing B, was swept back h5°, with an aspect
ratio of 4, a taper ratio of 0.15, and NACA 64A206, a = O airfoil sections
at the wing midspan, fairing into NACA 64A203, a = 0.8 (modified) airfoil
sections at the 0.5 semispan and retaining these sections from the midspan
to the wing tip. Details of wing B in combination with the body are given
in figure 4. These calculated data are compared with unpublished experi-
mental dats obtained in the Langley 8-foot transonic tumnel.
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COMPARISON OF EXPERIMENTAIL, AND CALCULATED RESULTS

Figure 5 shows & comparison of the calculated spanwise loading of
wing A alone with that of the same wing in combination with a body. The
detalls of the wing-body configuration are shown in figure 2. The cal-
culations are for an angle of attack of L.0°, Figure 5(a) shows the
results for incompressible flow (Mg = 0) and figure 5(b) shows the results
for compressible flow for My = 0.9. The only significent effect of the
body is to reduce the loading on the wing adjacent to the body and for
these two cases the effect was less at My = 0.9 +than for the incompress-
ible flow cese., The loadings on the more important outboard sections are
not slgnificantly affected., In all remaining calculations the effect of
the body is inecluded for comparison with expéerimentally measured data
since no experimental data have been obtained with the wing alone, For
these and all subsequent calculations, the wing is assumed to have a
fixed geometry; that is, no deflection or bending under load. For the
wings tested in this report, deflections under load were very small at
o = 4.0°9, so that any discrepancies introduced in the celculations due
to deflection or bending were small. However, in many cases, this effect
ls important, and if so, must be included in the calculstions,

Figure 6 shows a comparison of the calculated and experimentally
measured spanwlse loading plotted against the wing semlspan for Mach
numbers of 0.6, 0.95, and 1.0 for wing A in combination with a body.

The data sre for an angle of sttack of L4.0° and for the wing without
twilst., The spanwise distribution of 1ift, on which the wing spanwlse
shears and bending moments depend, are generally in good agreement, both
in shspe and megnitude. It may be noted that, for My = 1.0, there is

a8 drop in the measured 1lift edjacent to the body and also an increase
near the tip which results in a change in the shape of the loadlng curve;
that 18, an outward shift in the lateral center of pressure which is not
found In the calculated results.

Figure 7 shows a comparison of results for the seme wing-body con-
figuretion end the seme Mach number range as shown in figure 6; however,
in this case the wing sections were twilsted sbout the quarter-chord line
t0 produce the spanwlse twilst veriation shown in figure 3. These data
are elso for an angle of attack of 4.00, the angle of attack belng measured
from the body center line, The agreement of theory and experiment, here
again, is good end the same trends with Mach number as in figure 6 are
noted. It thus appears that the changes in spen loading which result
from twisting due to seroelastic bendling or wing deflections can be pre~
dicted at these Mach numbers.

Figure 8 shows calculated and experimental spanwise loading coeffi-
clents for wing B. The details of the wing-body configuration are shown
in figure 4. The results are for an angle of attack of 4,0° and sre shown
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for Mach numbers of 0.80, 0.94%, 0.98, and 1.0. The agreement between
theory and experiment for Mach numbers of 0.80 and 0.94 shown in fig-
ure 8(a) and for M, = 0.98 shown in figure 8(b) is very good. This
wing was not tested at a Mach number of 1,0, the highest Mach number for
which calculations have been made, but experimentally measured data were
obtained at Mg = 1.03. These experimental date fell below the curve
for M, = 0.98 and there was no spprecisble difference between the
experimental data for Mg = 0.9% and My = 0.98. The shape or distri-
bution of the loading for the calculeted date at M, = 1.0 was essen~-
tially in agreement with the distributlon of the experimental curves for
Mg = 0,98 &and M, = 1.03. Thus it appears that for this wing there is a
an appreciable increase In the magnitude of the loading on going from
Mo = 0.98 to My = 1.0 for the calculated data that would not be found
experimentally.

For the cases that have been calculated 1t msy be concluded that
the magnitude and the distribution of spasnwise loading calculated for
the thin wings under consideration are in good agreement with experiment
up t0 a Mach number of 0.95, and for the highly tapered wing (wing B) the
agreement is still good up to a Mach number of 0.98, i

Figure 9 shows a comparison of the calculated and experimentally
measured chordwise center-of-pressure location for several spanwise sec-
tions for wing A over the range of Mach number tested and flgure 10 shows
similar results for wing B. The experimentel data in figure 9(a) for the
untwisted wing for My = 0.8 and M, = 0.9 were tsken from reference 6.
On both wings the agreement over the inboard section is good up to a Mach
number of 1.0. However, there is a sharp rearward shift In the chordwise
center of pressure location shown at the 0.8 and 0.95 semispan stations
for the experimental date occurring between My = 0,95 and My = 1.0
that is not indicated by the calculated data. With regerd to the chord-
wise pressure distribution good correlation would not be expected, par-
ticularly over the outboard sections where there might be a tendency for
the flow to wash out towards the tip.

Figure 11(a) shows a comparison of the calculated and experimental
longitudinal center-of-pressure location relaetive to the leading edge of
the root chord versus Mach number for wing A with body without twist.
The calculeted data are for a constent angle of attack of 4.0°, The
calculated 1ift coefficients, varying from Cp = 0.260 at My = 0.8 to
Cr, = 0.306 at Mp = 1.0 are shown on the figure. The experimental data
are for 1ift coefficients of 0.2 and O.4. The celculated longitudinal
center of pressure for the wing-body combination is spproximately at the
trailing edge of the root chord for this wing without twist and is seen
to shift slightly rearwsrd with an increase in Mach number. The shift
in the longitudinal center of pressure for the experimental datae is
somewhat greater as Mg approaches 1.0. This greater shift in the
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longitudinal center of pressure for the camplete wing would be expected
from the sharp resrward shift in the chordwlse center-of-pressure loca-
tion for the outboard sections shown in figure 9.

Figure 11(b) shows a comparison similar to figure 1l(a) for wing A
with body and with twist in the wing. Agaln the calculated date are for
a constant angle of attack of 4.0° and the calculated 1ift coefficients
for several Mach numbers sre shown., In generel, the seme trends are
shown, except In this case the longitudinal center-of-pressure location
for the experimentel data at Cf = 0.4 was sbout T percent of the root

chord behind that for a Cj, of 0.2. Other experimental data for this

configurstion, not presented herein, showed no asppreciable shift in the
center-of-pressure locstions for 1ift coefficients of 0.6 and 0.8 from

that at Cr, = O.k.

Figure 12 shows & comparison of the calculated and experimental
longitudinel center-of-pressure location relative to the leading edge
of the root chord against Mach number for wing B. The calculated data
are for a constant angle of attack of 4.0 . The experimental data are
only glven for a 1ift coefficient of 0.4 since the calculated 1lift coef-
ficients were near O.4. The same trends a8 noted in figure 11 are shown
for this wing-body combination.

CONCLUDING REMARKS

A detalled method for calculating the span load distribution of a
wing in combinetion with & body 1s presented. A comperison of the _.
calculated load distributions with experimental results indicated that,
for the limited number of cases calculated, the magnltude and distri-
bution of spanwise loading calculeted for these thin wings are in good
agreement with experiment up to a Mach number of 0.95 and that the span-
wise loading celculated for the highly tapered wing is in good agreement
with experiment up to a Mach number of 0.98.

Langley Aeronautical Leboratory,
National Advisory Committee for Aeronasutics,
Langléy Field, Ve., June 11, 1956.

'
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APPENDIX A
DERIVATION OF DOWNWASH FACTOR E

It was pointed out in the text of the report that the method of
effecting the spanwise integration of loading employed led to a system
of horseshoe vortices. From considerations in reference 3, the wing-
body combination is represented by a set of vortices located on the wing
with imsge vortices loceated 1nside the body. Since a correction is
spplied to the downwesh associated with the leg of the vortex, as out-
lined in reference 3, it is desireble to calculate the contribution due
to the trelling legs and bound leg separately. The downwash in this
separated form is calculated with the use of the Biot-Savart law.

The contribution of the tralling legs of the vortex at (xb,yb) and
of width 28, to the downwash factor at point (xa,ya) is given by

e = 1 (va - %) * J(xe - xp) & + B2y - Va * 5y)° }
PR Ty~ Vet sy VBa - %) 2 + B2(p, - ¥ # 8y)2
1 (o = %) +\xa - xp)® + 820, - 7, - Sv)";] (a1)
SRR I s e L

or referring all distences to the vortex semispan s,

. TEE—— —

b = & = L("a"‘b) +\l(xa-xb)2+52(yb - ¥ + 1)°
a ~ - 53 l — -

’ b~ Ja ¥ Sv_ \Ki'a - ib)e + BE(:?b -5, + 1)2 ]

-

|- %) &R PR T -

-1
SR I R Y AN

The contribution of the bound leg of the vortex at be,yib and of width
28y to the downwash factor at point Xg,Yg Which is increased by the

pit

7=
factor (L + £5)(see ref. 2) is given by

7
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& ==—B—2—=-—1- -ib-ya-'-l -
P8 % - T By :;(Ya - Rp)2 + e[y = 7 + 1) 2
SF'l:v 'ya"l

(43)
(% - %)+ B2 - Fa - 2

The contribution to the downwash factor at point (xa ,ya_) due to the vortex
at (xb ,-yb) for a wing with symmetrical loading, Al (x.b ,yb) = Al (x_b ,-yb) 5
is glven by

b o _l_'_(ia-szb)+\/(ia-fb)2+;32(yb+;7&+1)2 )
a -
Tt Tty \/(Ea - Eb)§+ B‘.?'(Sr'g + Ty + 1)2
A [0 SN A MY T Al I
?b+?a-lsv \]—(Ea_—xb)Z_!_Ba(yb_l,ya_l)E
and B -
S : I N Fot¥atl -
%08 ", - % Sy (’:?a - ?b)e + ;32(yb + 5, + 1)2
Y + ¥, =1
b e (45)

J(?a - ib)z + 52(3?‘:: + ¥, - 1)?

Each discrete vortex located on the wing is considered to have an
image vortex of the same strength inside the fuselage that must be con-
sidered in summing up the downwesh at any control point. A horseshoe
vortex of width Yo = ¥q located. outside of & cylinder of radius r has

, 2 2
an image horseshoe vortex of width (-3— - ?— within the cylinder. Then
1 2

the contribution to the downwash factor at point (x& ,ya) due to the image
inside the fuselage of the vortex at x,¥y, 1s given by
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(1) _
fb,;— -
(46)
and
.
o) 82 1 Vo "H T _
,8. .J-{- --.'f'b S‘V‘ — -\ 2 2 fome - T
> (% - %) +B(a ;Trb-x-l)
7o
Yo T F - L
: = = (a7)
\/(-fa"-fb) + B (ya'-}-,_!b_l

Tae contribution to the downwash factor at point x,,y, due to the image
inside the fuselage of the vortex at x,,-y, 1s given by

—__ - _ _\2 2 = \°
L) 1 _];_(xa—Xb) +\/(xa-xb) +Béa+yb_l> ]
b,a - =2 = = - 2 ¥
P — /. —= \2|
1 (xa - xb) * (xa - x‘b)2 * Ba(ya +§‘br+_1)
(A8)

JE

— YA z
- %)%+ Ba(ya * ;;%)
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and
- 72
¥y o+
(1 . _#2 1 e b -1 ]
»8 X, - %, Bv =2 \2
8 b — —_\ 2 2
fo -2 s éa*;rr 1)
b -
— r
v+ =
L. (49)
— 2 - 2 ) + -2 24
X - X =
( a b) B~ {a Yy + 1
The total downwash factor at point x,,y, due to the vortex at
Xy ,¥4,, 1lts companion vortex at x,-y (on & symmetricel wing), and
bsJD b2~ 4
their images inside the fuselage are glven by
=2
_ T
E=F,  + Gb,aé‘ + _;—az) (a10)
where
- ' (1) , o(1)*
Fb,a. B fb,a. + Jc"b,a. * fb,a. + fb,a
and
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APPENDIX B

APPROXTMATE INTEGRATION IN THE CHORDWISE DIRECTION AND

FORMATION OF THE DOWNWASH EQUATIONS

In the formation of the downwash equetion, there must be one control
point for each equation. The location of the control points on the wing
depende on the layout used, and the number ard optimum locations of the
points must be determined by experience., Falkner found the 8Sh-vortex
pattern with nine control'points located as shown in figure 13 to be
satisfactory In computing the load distribution of a symmetrical swept-
back wing in Incompressible flow with the 328-vortex pattern glving only
slightly better accuracy. Therefore, the 84-vortex pattern, or the
equivalent, for the wing-body combination which divides the wing into
iIntervals of O.l semispan and four chordwise load lines has been used
for all calculations in this report. It should be noted, however, that
it is quite probable thet placing the control points nearer the trailing
edge would give better results, particularly as M o—>1.0. Both the
spanwise and chordwise distribution.of control points sre the same as
the spanwise and chordwise terms retained in the equations.

The equations for determining &p,m 8&re formed as follows:

The coefficient for ao 0 corresponding to the cot g term for

the 8i-vortex solution (control point 1, fig. 11) is given by (see
table I for values of Gn, v)

0.2734 ) Byg\l-nF #0172 ) By
0.0703 ) _ Eg /gl - 1 + 0.0391 § E7/8‘/1 g

where the subscripts 1/8, 3/8, 5/8, and 7/8 on the downwash factors refer
to the vortices on the 12.5-, 37.5-, 62.5-, and 87.5-percent-chord lines,
respectively.
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The coefficlent for 81,0 corresponding to the sin 6 term i1s
glven by

0.0488 ) By/gV/L - 1+ 0.0762 ) Eyjg fi - nF +
0.0762 Z E5/8,]1 - 72 + 0.0488 Z E7/8\/1 Y-

The coefficient for 82,0 corresponding to the sin 20 term is
given by

0.0732 ) By /g fL - n° + 0.0381 ) Ey g\ - P -
0.0381 ) E5/8,/l 2 - 0.0732 ) E7/8\/l - 72

For more than three chordwise control points 1t would be necessary to
include terms of sin n® where n—>2,

Additional spanwise terms in the equation are determined by adding
further spanwise loading fumctions. The coefficient for ao’e corre~

0
sponding to the second cot 5 term 1s given by

0.2734 Z E1/8”2 [1- 72+ o.n72 Z E3/8'q2\’l - 12+
0.0703 zz: E5/8n2\/1 -0 + 0.039ﬂ-§::'E7/802 1l - ﬂz

Similarly, the coefficients for the other unknowns corresponding to the
cot §, the sin 6, and the sin 20 terms ave found, For esch equation

formed the downwash velocity is equated to the local slope of the wing
section; that is, w/V is equated to ten o or, for the wing divided
into intervals of 0.1 semispan, each equation is set equal to 0,025 to
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allow for the ratio %5 = 40, In a similar msnmer, equations are formed
v

for the other control points, and, for the case of the wing without twist
or camber, sll equations for all control points are set equal to 0.025,
If twist or camber is incorporated in the wing, the constant for each
equation will depend on the twist or camber at the particular control
point; that is, the locael slope of the wing sectilon.

For the wing-fuselage combination the effectlve asngle of attack
mist be corrected due to the vertical velocity component Induced by
the fuselage., If 1t is assumed that the downwesh induced by the bound

vortices in the plane of the wing 1s Increassed by the factor 1 + zggp
Ja

as in reference 3, the effective angle of attack of the wing is equal to

the geometric angle plus the angle Induced by the fuselage

= o
Ceff OL’geom + (Ya) Lfus

or
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APPENDIX C
AFERODYNAMIC CHARACTERISTICS

The 1ift (see eq. 3) for any point is given by

Al =

2
sin e(al,o + nal’l + 1 a.l’2 - .) +
sin 20 (a + na +n23, ...)+...
2,0 2,1 2,2

or the total lift at any chord 1s

stanoc,’l-nzcot (oo+“301+"aoe' ..)+

(c1)

v2 e /2 2
Z- 8 tan q l-'qf cot 0, 7101'*"130,2'*‘--')"‘

sin G(al,o + qal,l + Tlaal,z + o o o) +

2
sin 2G(ae,o+na2’l+ M 32,2+ . e .)+ . . -.]d.X

but
o]
X--a—cose
and
dX = ~ = sin © 46
Then

(c2)
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c/2
f sin 6 aXx = &
-c/2 b

and

c/2
f sin 20 X =0

c/2

Therefore, equation (C2) for a symmetrical wing becomes

_ { 5 o L
1 = 8p7%s tan o [1 - 1 I’:géa.o,g 08 o+ 0 ao’h) +
2 b
ﬁ(al,o R W R al,ll-ﬂ (c3)

or the section 1ift coefficient is
_ 8pV2ta.n (e 1) =3 4 o) )_l_
cy _-IVE——S /l -1 E2@0’0+n a0,2+n ao,ll_) +
(]
2
' y
(al,o + 1]2&1,2 + 7 al,hﬂ (ch)

but the total 1ift on the wing is

or
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and
c]:,:2s Btanafll-nema + %8 +'|])+ j
_1\' 2\0,0 0,2 0,4
2 L
u(il,o R T “'a1,1§‘ an
> (C5)
7t 1t K
Cp, = ha ten d.[ (2 0,0 + E 51,0) + 5(-5 ao’a + -)I 31,2) +
nt T
16(" %o,k Tk al,u)]
whevre
g2
A= —
S
Then

Aﬂatan o
Cy =

6 + 8a + b + 2 + 28 + cé
(Lao,o 1,0 T %0,2 T T2 T To,4 al,u) (c6)

The slope of the lift curve 1s

ac
E:E = éﬁao o+ 831 o+ uao o+ 2&1 ot 2ao y + a119 (c7)

The ratio of the section 1ift coefficlent c¢; at any section Yy to the
total 1ift coefficient Cy, is

_ 165\/1 - n2

scx

el

_ E(ao ot ﬂz&o 2 + ﬂhao,u) + (31,0 + '“28'1,2 + ﬂh&l,hﬂ_

6 o b, ot 2 + 8e + 28 +
[l % %o o4 T 1,0 T P2 T P

(c8)
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The section moment coefficient sbout the midchord is given by

4
g = M teng ngl:l - - xﬂ (ao,o oo+ leg,y) +

c

2

1 4
262,0 Ty ot ae,h) (c9)

and the center of pressure of any section is given by

= Cav [l" (l 'K)Tﬂ [(5010"' 1]28.0,2-!- Tlhao’h-) + !2: (8'2)O+ 1]28.2,24' 1’]1"&2,)_,.)]

2c
2 4 2 b
[2650,0‘”‘ 89,21 ao,LD* (al,o“‘ 8,271 a’l,h)]

A

(C10)

The moment for the complete wing about a line through the leading
edge (x = 0) of the center chord (minor exis) is given by

1
aMm _ 5 2 Cr ' 2 2
m&—Bst£B2+mns) l—n(n‘)(ao,o+na.o,2+

b 21,0, 28,2 ualh\
—_— 2 2 -
T]a.o,,_{_+2 + 7 5 + 17 2 dn

80V2s2 Ll ialll} - (1 - x)ﬂ,/l - nz(%)(ao,o + n280,2 +

a. a. a
n'ag,y + 204+ 92 SiE 4 gt __gﬁ) dn (c11)
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wvhere m' is the tangent of angle of sweep of the midchord line, or

1 2 m's 1 8 m's 1-A 1
(’5‘5*5::‘?;)&12 (5:; 1051?::';)8“1,4*(1& "-ig)az,o"

(BEM - '612?)&2,2 * ( 5% i%é')az,l;I (c12)

ar, _ 4s? %2 1
3% -5 123 pV'zS (163. + 8&1,0 + 1!-8,0’2 + 2&1,2 + 28'0,& + al,ll)

168 + 8al,0 + hao’e + Eal,e + 2ao’h + al,@

The longltudinal center of pressure 1s at

(‘_‘_gp_) - 12,0 * ¥af0,0 * X5,k * Mm1,0 * Moea,e * Kol * BrPa,0 * KeRa, * Komp
w @ 16aoo+8a10+2+a02+2a p* 2 ey,

(c13)

where
1 . 2nm's L=}
kh ==+ 5 +
178" 3ncn 61
and ko, k3, ky, k5, kg, k7, kg, and k9 are the coefficilents

of 8y 00 B s B1,00 %120 BW 2,00 2,2 S04 8y, Tespectively,
in equa:bion (c12).
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TABLE I
LOCATION AND MAGNITUDE OF WEIGHTING FACTORS TO

REPRESENT CHORDWISE LOADING

Chordwise locatlon
percent. chord | Go,v G1,v Co,v
12.5 0.2734 | 0.0488 | 0,0732
3T.5 «1172 0762 0381
62 . 5 ) . 0705 . 0762 - .0381
87.5 L0391 | .0ou88 | -.0732



http://www.abbottaerospace.com/technical-library

= (%s7)
.
] H\
[ 1°] ]
- - | P~ —— =1
B"n’ /“/ _\\___‘i =0
)
ax-z--'coae
n= -E:'coaﬂ
Y
X

Figure 1.~ Wing dlagram and coordinate system.

THEE NI VOWN

¢



http://www.abbottaerospace.com/technical-library

«25-chord line and twist axdls
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Aspect ratio L
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Figure 2.- Details of wing-body configuration for wing A. All dimensions
are in inches.
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Figure b4.- Details of wing-body configuration for wing B.
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Figure 12.~ Comparison of calculated and experimental wing chordwise

center of pressure.
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Figure 13%.- B4%-vortex pattern for wing showing loeation of nine control

points.
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