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RESEARCH MEMORANDUM

INVESTIGATTON OF A 24-INCH SHOCK-IN-ROTOR TYPE SUPERSONIC
COMPRESSOR DESIGNED FOR SIMPLE RADTAL EQUILIBRIUM
BEHTND NORMAL SHOCK '

'By Harold Lown and Melvin J. Hertmsnn

SUMMARY

The design of s 24-inch-dismeter supersonic-compressor rotor based
on the establishment of simple radial equilibrium behind the normal
shock and a controlled diffusion rate was investigeted in Freon-12.
Inlet gulde vanes were used as & means of establishing the theoretically
required entrance conditions. Thils design followed from a previous
Investigation of a 24-inch-Jdiameter supersonic-compressor rotor.

A maximm total-pressure ratio of 2.02 at an adlabatic efficiency
of 0.74 and a weight flow of 61.5 pounds per second were obtalned at an
equivalent tip speed of 1590 feet per second, with supersonic flow
existing over the entire passage height. The investigation further
revealed that although the radlel accelerastions behind the shock were
theoretically reduced over most of the passage, this reduction had no
apparent effect on the radial redistribution of mases flow. The shock
boundary-layer interaction.pattern and associated effects must be con-
sidered along with the theoretically computed radial forces.

v

The shock-in-rotor type supersonic compressor offers a serious
problem 1n subsonic diffusion because of the shock boundary-layer inter-
action. Thils problem, in addition to the considerations of radial
forces, must be'solved before good stage performasnce can be realized for
this type of compressor. '

INTRODUCTION

An analytlcal study of supersonic axial-flow compressor performance
(reference 1) has indicated that stage pressure ratios of around 3 are
feasible for the shock-in-rotor type supersonic compressor. In order to
obtain the desired pressure ratio for this type of rotor, however, d4if-
fuslon of the relative Mach number at the blade exit to 0.680 or below
1s required. Failure to obtaln this diffusion presents one of the ser-
lous limitations on the performance of the shock-in-rotor type supersonic
compressor.


http://www.abbottaerospace.com/technical-library

2. L NACA RM ES51HOS8

A previous investigation of & 24-inch shock-in-rotor type super-
sonlc compressor (reference 2) revealed that the discrepancy between
design pressure ratio 2.82 and the pressure ratic at design speed, 1.93,
was due to lncomplete passage diffusion, which in turn was due, at least
partly, to the lack of simple radial egullibrium directly behind the
normal shock. The necesaity of approximeting the condition of simple
radlal equilibrium after the shock was indicated. This equilibrium con-
glderation was then lncorporated .in the design of this supersonic-
compressor rotor investligated. at the NACA Lewls laboratory.

The design theoretically reduced the diffusion problem in two man-
nera: through the establlshment of favorable conditions for diffusion
by the elimination of the unbalanced radial forces behind the ehock, and
through the careful regulation of the subsonic passsge diffusion. That
& balance between the radial pressure force and the centrifugal force
(simple radial equilibrium) behind the shock could be established by the
proper distribution of the turning in the inlet gulde vanes was assumed.
An analysis of the design flow in the subsonlc portion of the passage
indicated that with simple radisl equilibrium behind the shock and a
controlled diffusion rate the resulting radial flow components were neg—
ligible.

The rotor, designed on the basis of the foregolng analysis, wds
investligated over the tip-speed range from 1760 to 1184 feet per second
in Freon-12. Two-dimensional cascade performance of the rotor-blade
pltch sectlon, and data of the gulde-vane performance, as a separate
component in the compressor rig, are also included in this report.

SYMBOLS

The following symbols are used in thils report:

a velocity of sound, (ft/sec)
Fo unbalanced radial force (toward the hub),
alpy/P,)  (pa/Bo) Vo, 4°
d(r/rt) a42 r/rt
M gbaolute Mach number, ratio of stream_velocity to local velocity
of sound ’
MI relative Mach number, ratio of stream velocity relative to rotor

to local velocity of soumnd
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P total, or stagnation pressure, (1b/sq ft)

D static, or stream pressure, (1b/sq f£t)

r compressor radius, (in.)

U veloeity of rotor, (ft/sec)

v velocity of fluld, (£t/sec)

W. welght flow, (l'b/sec)

B angle between flow directlion and axis, (deg)

T ratio of specific heats

s} ratio of actual inlet total pressure to stendesrd sea-level pres-
sure, P,/2116

Nag adigbatic efficiency

e ratio of actusl inlet-stagnation temperature to standard sea-level
temperature, Ty/518.4

p density, (1b/cu £t)

Subscripts:

initial stegnetion conditions

2 rotor entrance

4 immediately after shock in rotor

5 rotor exit

+ tip

X blade ¢hord distance

z axlial component

e tangentiel component .
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COMPRESSOR DESIGN METHOD L

The design procedure was devised to determine simple radial equi-
librium behind the shock thereby eliminating the radisl accelerations
that would exist in the sgbsence of equilibrium. The method involved a
trial-and-error procedure for determining the rotor entrance flow condi- o
tions based on the following assumptions- gl) the existence of simple
radial equilibrium behind the guide vanes, (2) negligible radial flow .
components in the supersonic portion of the passage, and (3) the attain- s
ment of the theoretical Mach number behind the shock. The entrance con- P
ditions at the tip and the supersonic passage turning were fixed. From
the specified entrance conditions at the tip (rotor speed, guide-vane —
turning, and ebsoclute entrance Mach number), the flow conditions in the i
minimm section were determined from the Kantrowltz contraction ratio _
(reference 3), the rotor turning, and the normal shock relations. The -
desired pressure behind the shock at an incremental radial dlstance -
from the tip was evaluated by using the pressure gradient necessary for -

gimple radisl equilibrium _ ) B -

Aoa/ry) _ (By/BS) 1V 4%
d(r/ft) 2 (r/r

and the pressure at the rotor tip. The relative entrance Mach number . e
that will give the required value of P4/Po at this lower radius was : _—

then determined from s trial-and-error solution. The amount of guide- .
vane burning depended on the relative entrance Mach number, the rotor o
speed, and the absolute inlet velocity. The design method was followed -
in.a step-by-step manner until the rotor hub was reached. The guilde- '
vane turning gradient resulting from this design procedure was feirly

large (fig. 1), varying from O° at the tip to approximately 27° at the

root. The relstive entrance Mach number varied frcm 1.667 at the tip to

1.607 at the root.

The subsonic portion of the passage was designed to maintain a low -
diffusion rate.at all radii. The diffusion rate selected in this design C
A(py/P,) per inch was equal to 0.05 and corréesponds’ spproximstely to & -

2° equivalent cone based upon the minimm and exit areas. No contouring

of the hub or shroud was necessary in thls design since the radial veloc-

ities computed at the exit of the passage were negligible. Boundary- o
layer allowsnces of 0.005 inch per inch for the supersonic section and -
0.01 inch per inch for the subsonic section were used in the deeign. . _
The pitch section of the 24-inch rotor passage designed to diffuse the

flow to & Mach number of approximately 0.55 is shown in figure 2.
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The compressor consisted of a rotor containing 53 blades and
23 inlet guide vanes. The rotor shown in figure 3 had a bulb type
blade sttachment, hub-tip radius ratio of 0.75, and pitch radius solid-
ity of spproximastely 3.55.

APPARATUS

Compressor unit. - The installation for the 24-inch supersonic com-
pressor rotor investigated was basically the same as that described in
reference 4. The increased weight of the rotor necessitated a straddle
mount bearing support instead of the cantilever mounting arrangement
previously used (reference 4). A schematic drawing of the compressor
unit is shown in figure 4.

The compressor rig was so designed that simple modification of the
piping would permit operation either in Freon-12 or ailr. A closed loop
system was used for the Freon-12 tests with the lsboratory refrigeration
system charging and purging the loop. Ailreraft coolers installed in the
exheust lines were used to regulate the inlet stagnation temperature.
The inlet stagnation pressure was manually controlled by & velve located
in the return line of the leboratory refrigeration system.

Instrumentation. - The instrumentation used in this investigstion
wes essentially the same as that described in reference 4. To determine
air contemination while operating in Freon-12, a density balance device
was used to check the Freon purity, which was meintained above 99 per-
cent by volume. The compressor entrance nozzle, calibrated with a
standard adjusteble orifice by the method of reference 5, was used to
measure the Freon-12 welght flow through the closed loop system. The
accuracy of the weight flow determined by this method was approximately

1 percent.

PROCEDURE

Prior to the compressor investigation a complete study of the inlet
guide-vane performance was made with the compressor rotor removed. The
guide-vane turning angle and exit mass-flow distribution were obtained
at several entrance Mach numbers including choking conditioms.

The compressor was operated over a range of nominal equivalent air-
tlp speeds from 1760 to 1184 feet per second in Freon-12. The pesk-
pressure-ratio point for each speed was obtained by closing the throttle
until the sudible stall condition was reached. The throttle was then
opened a smell increment and dete were taken. To give the same relative
rotor-entrance Mach number as in air the design tip speed in Freon-12
was calculated by a method similar to thet given in reference 8. In
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addition to the Freon investigation, a two-dimensional cascade investi-
gation wes made on the pitch section of.the rotor ‘blade passage using
the same facllities and testing technigues as described In reference 7.

The rotor entrance conditions in Freon-12 were obtained from the
welght-flow measurements and the mass flow and turning angle distri-
bution cbserved in the guide-vane investigation. The entrance Mach num-
bers determined in this manner checked very closely with those obtained
by using well-tep deta (fig. 5). The exit conditions were determined
from survey instruments immediately behind the wheel. The weight—flow
measurements obtained from the survey instruments were compared with the
measurements from the calibrated entrance nozzle and agreed within
2 percent. The efficiency and total-pressure ratios were based on
readings taken from thermocouple rakes and total-pressure probes in the
entrance tank and downstream of the vwheel, . _ .. . _ B

The data obtalned 1n Freon-12 were reduced by utilizing the charts
of reference 8. When these charts were used to determine an average
value of gpecific heat for the compression process, some error resulted
in the computation of adiabatic efficiency. A trial computation of
sdisbatic efficiency was therefore made using the two available methods:
the standard isentropic total-pressure - temperature relation method
involving the average specific heats as determined from reference 8;
and the enthalpy method using the Freon thermodynamic tables of refer-
ence 9. The efficiencies obtainmed by the two methods agreed within
2 percentage points. The adlabatic efficliency reported herein wes
calculated by the use of average specific heats. The value of specific
heat used was an average of the stagnation value at the compressor
inlet and exit. This method was probably as accurate as the use of
Freon enthalpy tables requiring extrapolated values for the operating
range of the compressor.

RESULTS

Over-all performance of compressor. - The performance map of the
24-inch supersonic compressor determined in Freon-12 and converted to
equivalent results in air is shown in flgure 6. At the equlvalent tip
speed of 1590 feet per second in air (approximately design tip gpeed) a
meximm total-pressure ratio of 2.02 was determined at an adiabatlc
efficiency of 0.74 and a welght flow of 61.5 pounds per second. Because
of the vertical welght-flaw characteristic at design speed, supersonic
inlet-passage flow condltions are gssumed to exlst over the entlre anmi-
lar height. The slope of the peak total-pressure ratlo curve decreased
‘a8 design speed was approached, and the compressor operating at 110 per-
cent of design speed resulted in a slight increase in weight flow, but

2266 .
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no further increase in pressure ratlo. The performence of the compres-
sor was characterized by a rapidly deteriorating flow process above
design speed. This phenomenon is sho¥mn in the sharp drop-off in effi-
cienc{ ?bove design speed by the efficiency-weight flow plots of fig-
ure 6(b).

Entrance~-flow distribution. - A comperison of the design and exper-
imental relative entrance Mach number distributions as determined from
the guide-vane investigation is shown in figure 7(a). The deviation of
the experimental curve from the design was caused by Induced guide-vane-
turning effects as shown in Pigure 7(b) and explained in reference 10.

Distribution of flow at rotor exit. - The flow conditions behind
the rotor were characterized by a substantiael radial redistribution of
the mass flow from tip to root. A comparison of the exit conditlions
with entrance and design conditions shown In figure 8 indicates the
sharp gradients in mess flow, axial Mach number, and exit angle behind
the wheel. The mass flow end axial Mach number distributione (figs. 8(a)
and. 8(b)) show that the boundary layer nearly fills the outer third of
the passage. This condition could readlly be assoclated with boundary-
layer separation at the tip or separation along the blade that was cen-
trifuged to the tip. In figures 8(b) and 8(c) the higher-than-design
axial Mach number at exit snd lower-than-design exit angle existing over
the major portion of the passage indicate poor passage diffusion. A
method of evaluating the diffusion in the free-stream portion of the flow
uging the discharge statlc pressure is shown in figure 9. Thise figure
congists of a series of p5/PO contours theoretically computed for
essumed exlt relative Mach mumbers, based on the assumption that the
total losses incurred by the flow equal the normal shock losses at the
relative entrance Mach number. The experimental exit relative Mach
number 1n the free stream at deslgn condltions is then evaluated by
plotting the experimental values of PS/Po on this flgure. The lowest
subsonlc Mach number to which the flow was diffused apparently is
approximately 0.9. )

‘Two-dimensionsl cascade performsnce. - A cascade investigation of
the pilitch sectlion of the 24-inch supersonic-compressor rotor indicated a
phenomenon similar to that described in reference 11; that is, the bound-
ary layer thickens because of the presence of the shock and compresses a
portion of the flow in front of the shock from the original value to a
lower Mach number value. The boundary layer then continues to thicken
and reaccelerates the free stream immediately behind the shock to a Mach
number close to 1. A comparison of the design static-pressure distri-
bution on the trailing surface of the blade with that obtained from
experimental daste (fig. 10) is qualitatively in agreement with the pre-
ceding explanstion of the boundary-layer shock-interaction pattern.
Instead of the sharp rise in pressure predicted from theory, the static~
pressure rise through the shock was smooth. The boundary-layer shock-
interaction pattern complicated the diffusion problem and resulted in a
measured reduction of 27 percent in the effective passage area at the
exlt instead of the estimated 10 percent. Although figure 10 shows that
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the predicted diffusion rate A(p4/Po) per inch of 0.05 was approxi- .=

mately malntalined behind the shock, the increased boundary layer at the
shock reduced the possible diffusion from a theoretical exit Mach num-
ber of 0.55 to an observed value of 0.8.

ANALYSTS CF RESULTS

The performance of the 24-inch supersonic-compressor rotor was very
different from design because of the poor pessage diffusion and the
radial redistributlon of the flow. Posslble causes for this departure -
are: (1) the failure to establish conditions approaching simple radial .
equilibrium after the shock, (2) the effects of boundary-layer shock
interaction overshadowing any theoretical approach-to simple radial
equilibrium after the shock, or (3) a combination of both.

'+ 2268

The problem of obtaining simple radisl equilibrium behind the shock -
has Dbeen previously described as depending on the proper gulde-vane per-
formance and on obtalning the theoretical Mach mumber behind the shock.
Calculations were therefore made to determine the relative effects of
deviatlion 1n these conditions on the redial forces behind the shock.
These effects are Indicated in flgure 11 where the unbalanced radial
force is plotted as a function of radius. Shown in the figure are five .
curves of the unbalanced radisl forces behind the shock for the follow- S
ing conditions: (1) design entrance conditions and the theoretical Mach
number behind the shock for air, (2) design entrance conditions and the
theoretical Mach number behind the shock for Freon-12. (3) design
entrance conditions and & Mach mumber of 1.0 behind the shock for
Freon-12, (4) experimental entrance conditions and a Mach mumber of 1.0
behind the shock for Freon-12, and (5) conditions existing in the 24-inch
supersonic—compressor rotor of reference 2. In additlon to the preced-
ing five curves, the total pressure force behind the shock at experimen-
tal conditions (for condition (4)) is shown for comparison purposes.
The maximm experimentel deviation from design entrance Mach rmmber
(fig. 7(a)), which was due to guide-vane flow deviation, apparently
produces a substantial departure from simple radial equilibrium or

a(ps/P,) _ (pa/Pg) 7V9,42

>> 0
a(r/ry) 8,2 (r/ry)

While this effect 1s quite pronounced, figure 11 shows that obtaining .
a Mach number of 1.0 behind the shock Instead of the theoretical Mach

number results in a small unbalanced radial force Fp. This small

force indicates that the unbalanced radlal force behind the shock ias -
markedly affected by the entrance-flow dlstributlion and gomewhat less o
affected by the deviation in assumed passage-flow conditions.
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The comparison of the theoretlcal radial forces 1n the present
design wilth the theoretical radial forces Iin the 24~-inch supersonic com-
pressor of reference 2 (fig. 11) indicates that, even with the devia-
tions, the present design theoretically reduced the radial forces
through most of the pagsage as compared with the theoretlcal forces
occurring in the 24-inch supersonic-compressor rotor of reference 2.

The greatest reductlion in radlsl force was obtained at the pltch where
the entrence conditlons are nearest deslgn conditlons. A smaller reduc-
tion 1s obtained at the root (radius, 9.0 in.) whereas at the tip where
the deviation in entrance conditlions 1s greatest, there is & higher
unbalanced rsdial force than in the investigation of reference 2. This
reduction in the theoretically computed radial forces over most of the
passage did not result In improved passage flow.

The poor passage performance and the sharp radlal redistribution
of the mass flow towards the root may be the result of seversl combined
effects: (1) the severe boundary-layer shock-lnteractlon pattern at
the tip, (2) radial forces resulting from failure to establish design
entrance conditions, and (3) possible redial fleow velocities in the
supersonic region.

A severe boundary-layer shock-interaction pattern can be expected
at the tilp because of the larger growth In boundary layer at the tip
than at the other radial sections. The following are the principal
causes for this larger boundary-layer development: (1) the contimuous
outer shroud ensbles the accummlsated boundery layer from the gulde vanes
to develop along the ocuter wall and (2) the centrifuging effects further
aid the growth of the boundary layer at the tlp reglon. The interaction
of the normal shock with a thick boundary layer at the tlp probably
resulted in sepasration and severe radlal-flow redlstribution.

The boundary-layer problem 1ln the supersonic compressor was two-
fold in nature. The radial sections below the tlp were confronted with
& two-dimensionsl boumdary-lasyer shock-Iinteractlon problem ag indicated
by the two-dimensional cascade study while the tlp reglon experienced
the aggravated effects of both boundary-layer accumilation and shock
interactlion. If, as the cascade investigatlon has indicated, a Mach
number of 1.0 exlists behind the normal shock, use of the Kantrowltz
contraction ratio (reference 3) will set a minimum boundary-layer
thickness after the shock because the avallable area as deflned by the
Kantrowltz contraction ratio 1s appreciably larger than that required
by the flow at a Mach mumber of 1.0. TIf the Kantrowlitz contraction
ratio ls exceeded, as outlined in reference 12, the bourdary-layer
growth along the blade surfaces would be decreased and the subsonic
passage diffusion would thereby be improved. Alleviation of the
boundary-layer shock-interactlon problem &t the tip could then poesibly

.be accomplished by bleeding off the low-momentum air at the tip.
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SUMMARY OF ERESULTS

The results of the investigation of the 24-inch shock-in-rotor type
supersonic compressor designed for simple radlal equilibrium behind the
normal shock can be summarized as follows:

1. A maximum pressure ratio of 2,02 at an adiabatic efficlency of
0.74 and a weight flow of 61.5 pounds per second were obtained at an
equivalent tip speed of 1590 feet per second.

2. The theoretical reduction of the computed radial forces over &
large portion of the passage had no apparent effect on the redistributlon
of the flow for the rotor investigated. The boundary-layer shock-
interaction pattern and other effects must be considered along with the
theoretical computations of the radlal forces.

3. Establishment of simple radial equllibrium behind the shock
with entrance guide vanes presented a difficult problem since secondary
flows made the required large gradient in gnide-vane turning difficult
to obtailn experimentally at the rotor tip and root sectlions.

CONCLUSION

The following conclusion can be drawn from this investigatlon: The
shock-in-rotor type supersonic compressor offers & serious problem in
subsonic diffusion behind & normal shock which must be solved before
good stage performance can be realized for this compressor type. Con-

trol of the shock-boundary-layer interaction would greatly reduce this
problem.

Lewis Flight Propulsion Laboratory
National Advisory Committee for Aeronautics
Cleveland, Ohlo,
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Figure 3. - 24-Inch supersonic compressor rotor.
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Figure 5. - Comparison of calculated absolute entrance Mach number
distribution with Mach number based on well-tap data.
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Figure 8. - Comparisons of rotor exit conditions with entrance
and design conditions; measured in Freon-12.
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Figure 8. - Continued. Comparisons of rotor exit conditions with
entrance and design condltions; measured Iin Freon-12.
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Exit flow angle, Bg, deg
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Figure 8. - Concluded. Comparisons of rotor exit conditions with
entrance and design conditions; measured in Freon-l2.
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Figure 9. - Comperison of experimental and theoretical static-
pressure distribution at rotor exit.
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Figure 10. - Comparison of theoretical and

A

Blade chord, in.

4.5

cascade static-pressure distribution on tralling surface of blade.

9922

¥e

BO0HTSH WH VOVN



http://www.abbottaerospace.com/technical-library

NACA RM ES1HOS Y .

5.2 T | l 1 | i 1

Vv Designed for alr

O Designed for Freon-12

O Design entrance conditions for /
Freon-l12. M',, 1.0 /

2.8 < Experimental entrance conditions

for Freon-12. M'4, 1.0

A EXxperimental enftrance condltions
!—— for supersonlc compressor of
. reference 2 for air. M',, 1.0

4 A /

e

M

A 1Y
A, "1S7————T7
"] /

o /./K/ ?/
B 1.8 LNt /
s A / /
S 4 ’
& /
d 12K q(=/7,) 7 /é
K ~ y
=] ~ r
s N » 7
2 \<\ ~ 4 4 /
=1 ~ V
ﬁ .8 ™ B 7
i \O\\A TT1-1-1" />
==l

N ‘ ’/§7/

L & e
’ . ‘2>-—15;—"<>
T T

—
]
o~
. \O\\o‘\&
\O~\os . &
O
»)
-.8 II.E-
2.0 9.5 10.0 10.5 11.0 11.5 12.0

Radius; in.

Figure 1l1l. - Varlatlon of unbalanced radial force behind normal
shock.,

NACA-Langley - 12-12-81 - 323

25


http://www.abbottaerospace.com/technical-library

— S St N B

|

>4 2 [ 1

|

|

E

—I L 3
i
1176 O

1

echnical Li

l|!|i$

435

i
I

Iﬂl

S e =1

uwmm

LIS

~— -~

o 'l


http://www.abbottaerospace.com/technical-library

