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SUMMARY

Annular ailr inlets situated several diameters behind the apex
of various bodles of revolution were tested over the range of Mach
numbers betwesn 1.36 and 2.0l to determine the effects of relatively
thick boundary layers upon the characteristics of duct entrances in
supersonic flight, With all the models tested, the recovery of
total pressure after diffusion to a low subsonic velocity was found
to be approximately two-thirds of that through & normal shock wave
occurring at the same free—stream Mach number. Schlieren photo—
graphs show that the cause of this low~pressure recovery is the
interaction between the boundary layer and the back pressure in
A the diffuser; when the back pressure reaches only a moderate value,

the boundery layer thickens and separates upstream of the duct
entrance. Once meparation has occurred. the flmazr through the inlet
® fluctuates violently.

A comperlson of an inlet situated several dlameters behind the
apex of a body with an inlet having only a short, 50° cone ahead of
1t shows that, even though the thickness of the leminar boundary
layer is apparently sbout the same in each case, the total—pressure
recovery attainable with the 50° cone modsl is more than 30 percent
greater at a Mach number of 1.70. This large difference In
pressure recovery is causged by the grester local Mach number at
the duct entrance of the longer model and the more severe inter—
actlon between the boundary layer and the back pressure in the =
diffuser,

It is concluded that compression at a locael Mech nmumber compar- .
able to that of the supersonlic stream will result in large losses
in total pressure if the compression occurs in the presence of an
ayppreclable boundary layer.
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INTRODUCTION

Since elr must enter the combustion chember of a ram-Jet
engine or the compressor of a turbo-Jet engine at a relatively low
velocity end with the maximm total pressure possible, the problenm
of reducing the velocity of a supersonic stream to a low subsonic
gpeed with the minimum loss in total pressure is of importance in
the design of supersonicé aircraft. A considerabls amount of work
has been done upon the problem, and, in general, two methods for
attaining a high pressure recovery have been suggested. In omne,
the stream is first decelerasted in a converging chammel to a low
supergonic veloclty; it then enters a throat, or section of minimum
area, where compression tc a high subsonic velocity occurs through
& normel shock wave. Finally, the speed is further reduced in a
subsonic diffuser. (See referencea 1, 2, 3, k,) The other method
employs obligue shock waves and the compression that occurs along
the surface of & cone to produce a low supsrsonic Mach number prior
t0 the normal shock wave in the entrance throat. (See references 3,
4, 5, 6, 7.} The principle of both schemss 1s to reduce the Mach
number at which the normal shock wave occurs in order to maintain
- & more nearly lsentropic flow. In the first method, the compression
takes place entirely within the duct system; whereas, in the second,
some of the compression is external

The investigations at supersonic speeds that have been performed

in the past have been concermed with duct inlets in a position where

they receive only the air of the free stream or, at least, air that -
- has flowed but a short distance over a so0lid boundary. In a

practical application, such a position is not always feasible, for
other design considerations may interfere. For exsmple, an airplane, in
which the Jet engine is in the rear of the fuselage,can attaln a

very high total pressure at the engine inteke with & duct entrance

at the nose of the fuselage. However, this arrangement l1s of Pen not
practiceble because intermal space requirements, such as & pilot's
cockpit, cargo space, or structural members, will obstruct the

passage between the duct inlet and the engine. In this case, 1t is
desirable to place the entrance on the slds of the fuselage close

to the engine where the subsequent ducts will not cause dssign
complications. An inlet in such e position will bs in a reglon

where the boundery layer resulting from the flow over the fuselage

1s relatively thick. Both the total pressure at the engine intsake

and the drag force of the duct entrance may be seriocusly affected

by the presence of this boundary layer.

Alr inlets situated in regions of relatively thick boundary
layer on supersonic aircraft are belng investigated at the Ames
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Laboratory of "the Fational Advisory Commitiee for Aeronautics. The
present report contains the results of the first series of tests.
Inlets which recelved all of the boumdary-layer air from the flow
over comparatively long forebodies were tested in order to evaluate
the lmportance of the problem and to study the nature of the flow.

L=
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)

pressure coefficient (P;zo

rate of mass flow
total pressure
gtatic pressure

dynemic pressure

ratio of specific heat at conetant pressurs to the specific
heaet at constant volume, 1.L400

Mach number

Reynolds number based upon the length of body ehead of the
entrance _ '

aresa

distance from the apex of a forebody to a statlon ahead of the
duct entrance .

length of the oglve of the forebodies of modsls A and B

disténce from the duct entrance 1;0 a station ahead of the
gettling chamber

distance between the entrance throat and the settling chamber

The subscripts Indicate the station of the measured quantity.

(o4

1

2

free stream
duct entrance

entrance throat
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.e_ settling.chamber

4 exit throat

APPARATUS
Wind Tunnel

The investigation of duct Inlets at supersonic speeds is being
performed in the Ames 8- by 8-inch supersonic wind tunnel. This is
a tunnel of the closed~throat, nonreturn type. Three centrifugal
compressors, driven by motors of 4500 horsepower total rated capecity,
furnlsh & continuous supply of air to the wind tunnel. Silica-gel
dryers meintain an absolute humidity of less than 1 pound of water -
per 10,000 pounds of dry air.

The Mech number in the test section can be varied continuocusly
while the wind tunnel is in opsration between the limits of 1.20 and
2,13 1f no model is present. This variation ls produced by changing
the area of the nozzle throat. The total pressure in the wind
tunnel can also be varied continuously, but the pressure range that
1s available for changing the Reynolds number decreases as the Mach
number increases. The Reynolde number per foot of length may be
set between 6 end 8 million at the lowest Mach number and at .
11 million for the highest.

Models

Figure 1 shows & typlcal installation of a model in the test
section of the wind tunnel; figure 2 is a photograph of the bodies
tested; and figure 3 shows the dimensions of the models., The
principles used 1n designing these models are dlscussed in the
section entitled "Design Considerations."

The duct inlets of all the models are annuli of egual diameters
and of areas equal to 34.8 percent of the frontal area encloséd by
the 1ip of the entrance. The forsbody of model A consista of a
1l0—caliber ogival ncose followed by a cylindrical section that l1s
approximately 60 percent of the length of the ogive. The length .
of the body ahead of the duct entrence la five forebody dlamsters.
The internal duct comsists of & short, constant-area section
immediately behind the inlet which is followed by & curved throat
of adjustable area. This adjustment of area can be accomplished by
moving the centrsl body fore and aft relative to the outer shell
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while the wind timnel is In operation by the mechanlsm shown in
figures 1 and 3., The throat 1s inclired at an angle of about 10° to
the axis of the model, end ité length is approximately six times the
thickness of the entrance anmilus. A subsonic diffuser connects the
throat to & settling chamber. The surfaces of this diffuser dlverge
at an ircluﬁed. engle of about 6.3° to form an eguivalent cone angle
of 12,6°. The exlt of the passage through the model consists of &
sonic throe.t of variable arsa. The purpose of this variable throat
is to permit control of the pressure in the settldng chamber.

Model B was designed for tests to provide data Tor a comparison
between a fixed inlet having no contraction with the variable type
of inlet represented by model A. Except for the shape of the
entrance, the two models sre identical. The area ratio between the
,inlet end the settling chamber of model B 1s 4.8, which is sufficient
to maintain a Mach mumber of less than 0.25 in the’ settling chember.
With the exception of the shape of the forebodles, models C and D
are the scme as model B. The body of the former is of the same
length as model B; but it hes no cylindrical section; the shape is
ogival between 'bhe apox and thHe entrance. The Torebody of the latter
consists of & shor'bened. ogive the length of which is 2. 50 forebody

d.iame‘bers.

In order to compare the results of tests in the 8- by 8-inch
wind tunnel with those obtained in other supersonic wind tunnels,
en inlet similar to one described in reference 7 was bested., This
inlet consists of an annwlar entrance located a.‘bou'b one fprebody
diameter behind the apex of a cone having a 50° verticel sngle. The
subsonic diffuser is the seme as those of models B, ¢, and D,

The models are supported in the wind tummel by vertical and
horizontal struts as shown in figure 1. The vertical strut serves
os the main support and as a fairing for "the pressure-measurement
tubes. The horizontal strut prevents lateral movement of the model
and also houses the shafts-and bevel gears that drive the movable
perts. 'Though it is poesible to chonge the ongle of atback of the
model by-altering the support, no teésts were mede at angles other
then 0° because ‘of the preliminory mature of the first series of
tests.

Instrumsntation
Because of the difficulties involved in comstructing equipment

"wilth which both pressure and drog forces cen be measured simultone=
ously, the preliminary tests upon duct inlets are being performed
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with models in which only pressurse measursments ore mede.

The static pressure distribution along the diffusers is cbtalned
with flush orifices, situated as shown in figure 3, that are
connected to a multiple—tube mercury mancmeter. The total pressure
in the settling chamber is measured by two pitot tubes which are
located in the upper and lower halves of the settling chamber in
order to indlicate nonuniformity in the flow. The dynomic pressure
in the settling chamber is measured by the difference between
readings from a static pressure orifice in the chamber wall and
the total pressure tubes. An orifice at the exit throat indicates
whether sonic velocity existe through the outlet.

A qualitative picture of .the .flow obout the models 1s furnished
by o schlleren apporatus. FPhotographs of about eight microseconds
exposure time are token to record the flow patterms. The knife edge
of the schlieren apparatus is plaoced parallel to the directicon of
the flow to emphasize gradients normal-to the stream; it is in such

& position that a decreasing density In a dowmward direction appears
black in theo upper half of the pictures. The photographs do not
show imnges that are of uniform sensitivity because vibration of
the floor which supports the schlieren apparatus cousee a sllight
movement of the knife edge with respect to the light rays. Although
sach of the camponents of the apperatus is mounted upon a beam the
purpose of which %s to prevent any difference in the motion of ench
part, and even though this beam ls spring-supported from the floor,
there is still sufficient relaotive motion to affect the sensitivity.
The vibration is especially detrimental in this case because the -
knife edge is perpendicular to the plane of the vibration.

METHCDS

In preparation for the tests of duct inlets, the 8~ by 8-inch
supersonic wind tumnel was calibrated to.determine the Mach mumber,
preasure gradlent, and streom angle throughout the test section as
functions of the total pressure and the area of ths nozgzle throat.
The Maoch muber was determined by schlleren photographs of the
oblique shock waves orlginating from the opex of a come and slso
by measurements of the statlc pressure. The streom angle was
determined by tests with a wedge in which the static pressure
difference upon the upper and lower swrfaces woas measured and
canpared with a calibratlon curve,

With o model installed in the test section of the wind tunmnel,
the avallable testing ronge:is reduced. In the present teasts, the
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ninimum Mach number at which supersonic flow can be maintained is
1,36, The maximumm Mach number sttainable i1s reduced to 2.01
because of excessive vibration of the modsls under ceriain condi-
tiong of flow into the duct. The majority of the tests were
pexrformed at a Mach number of 1.70 and at the maximum and minimum
Reynolds numbers. Other tests were made at the maximum Reynolds
number obtainable at Mach numbers of 1.36, 1.50, 1.90, and 2.01.

The following procedure is used in performing a test:

1. The throat areas of the wind tunnel, the duct entrance,
and the duct exit are all set at their maximum values.

2. Alr is released through the tunnel at a total pressure
that willl maintaln supersonic flow at the minimum supsraonic Mach
number., Then, the throat of the wind turmel is contracted. After
superaonic flow has been established, the throat area-of the tunnel
is ‘set 1o produce the Mach number of the test and the total pressure
is increased to the value that will give the desired Reynolds number.

3. The aree of the throat at the duct entzance is set to
produce 'bhe degired contraction ratio.

k. The ares of the exit throat is rediced to zero and then
opened to the maximum velue in predetermined increments. Pressure
measurements end schlieren photographs are mnde at each setting.

. Tae reason for releasing alr into the tunnel at a low Mach

number end a low total pressure 1lg to reduce the. intensity of the
normal shock weve that moves through the test ssction when super—
sonlc flow is established in order that the model and its supports
will not suffer from a sudden, fluctuating load. Since a normal
shock wave that is caused by the deceleration of the flow through
the duct system muet be In a diverging channel if 1% is to be
stable, the contraction ratio at the duct entrance is reduced only
after supersonic flow has been established through the inlet.
Measurements are made for both increassing and decreasing values

of the exit-throat srea in order to obtain check polnts and also
to d.e‘bect a.ny hysteretie Thencmena.

Several tests wore made to determine 'bhe effect of a relatively
thick turbulent boundary layer entering the duct. This boundary
layer was produced by & 3/4—inch band. of Wo.. 60 carborundum grit-
at 'bhe nogse of the body. .

.7
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DESICN CONSIDERATIONS
The alms of & duct Ilnlet design are as follows:

1., .To reduce the velocity of the flow through the duct %o
& low subsonic speed with the least loss in total
pressure and the least incresse in extermnal drag

2. To mainteln a uniform distribution of the flow across
the entrance to the settling chamber

3. To avert any discontinulty in the charecter of the flow
that might result from e change in attitude, in speed,
or in the pressure conditions within the settling
chamber .

The forebody and duct inlet of model A are intended to repre-—
gent the fuselage of a typlcal supersonic ailrplane that has a duct
entrance located near the stern, in a region of appreciable
boundary layer. In order to reduce the number of variables cf the
tests, the subsonic diffuser was designed to minimize the loss
even though 1t probably will not represent a practical application.
No perticular care was taken in the design of the external surface
of the diffusexr shell because only the intermnal pressure recovery
wag to be measured in the preliminary tests. The shape of the
forebody of model A was determined by the requirement that the
Mach number at the duct inlet be low in order to reduce the
intensity of a normal shock wave occurring inside the entrance. A
cylindrical section was used behind the ogival nose besause a
compression, or reduction in Mach number, occcuxrs along its surface.
The pressure—coefficlent distributian, as computed by the liro-
arized theory of reference 8, is shown in figure 4. The pressure
coefficient at the Inlet is emall, —0.020 at a Mach number of
1.70; in other words, the local Mach number, 1.73, 12 nearly thet
of the free stream. The variation of the pressure coefficient
with Mach numhber at the posltion of the énlet is aelso emall, from
~0.027 at a Mach number of 1.20 to —0.018 at s Mach number of 2.10:
therefore, the velocity at the duct entrence is always nearly: that
of the free stream. Since the distribution of the pressure coeffi-
clent along the cylindrical sectlion approaches zero asymptotically,
very little addltional compression can be attalned by placing the
inlet farther aft.  The lip at the duct entrance of model A was
made as shayrp as possible end the intermal surface was designed to
be parallel to the local stream in order to minimize the intermal
disturbance caused by the lip. A varieble contraction ratioc at the
entrance was used, because it has been shown that additional
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Pressure recovery can be attalned once supersonic flow has been
egtablished by redusing the throat area and thus the Mach number
at which the normal shock wave occurs. (See references 1 and 3.)
The throat wae extended for a short distence with very little
divergence in the passage in order to stebilize the position of
the noxmel shock wave '‘as suggested in reference 9.

- .

Although the cylindrical sections of the bodies of models A
and B provide some compression shead of the duct inlet, there is
a conflicting effect; namely, an edverse pressure gredient that
will thicken the boundary layer and, for a laminar boundcry layer,
decrease its atebility. In order to avoid these consequences, the
body of model C was designed to have a favorable gradient over its
entire length. (See fig. L.} The Mach rumber at the duct entrance
1s increased slightly as a result, for at a& free-—stream Mach nmumber
. of 1,70, the pressurp coefficient 'at the duct entrance is ~0.0hkl .

which corresponds to a local Mach number of 1.76.

Since the length of suwrface which the flow must traverse befors
reaching the entrance affects the thickness of the boundary layer,
the forebody of model D was designed to reduce this length .
aubstontially. The distance as measured along the surface between
the apex of the body and the duct entrance is 3.665 inches for
models A and B, 3.650.inches for model G, and 1.887 inches for
model D; In other words, the length of run over médel D is sbout
50 percentt of that of the other models. The pressure gradient along
the forebody is emtirely favorable, and the pressure coefficient at
the ertrance is zero at & Pree—stream Mach number of 1.70. (See
fig. k.)

RESULTS
Preserntation of Data : ~

The data of the tests are presented as curves of total-pressure
ratio HgfH, plotted against mass=flow ratio my/mg. The latter
term ls defined as the mass flow that enters the inlet pyViA;
divided by thet which would flow through a tube of the same area
as the inlet in the Pree atream pgV¥ohi. Since.the two piltot tubes
in the settling chamber .indiccte total pressures that agree within
2 percent and since these measurements repeat whether the area of
the exit throet is being dscreased or increased, only the measure-
mente thet were made with one pitot tube as the exit area was
reduced are presented, Figure -5 shows the effect of inlet—contraction
ratio upon the pressure recovery of model A; figure 6 comparss the
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recovery of models A, B, C, and D; -and figure T shows the effect
of Reynolds number and a turbulent boundary leyer upon model B.
The static pressure distribution along the subsonic diffumer of
model B 1s shown in figure 8. These curves represent the results
at a Mach number of 1.70. Flgure 9 shows the effect of Mach
number on the pressure recovery attainable with model B, A crosgs
plot of the maximum pressure recovery ettained by each model as a
function of the free—stream Mach number is shown in figure 10
together with curves showing the pressure recovery across & normal
shock wave occurring at the same free—streem Mach number and the
recovery with the 50° conse model.

Schlieren photographs of the flow about the entrance of model A
for entrance contraction ratios of 1.0 and 0.8 are shown in figure 11.
Figure 12 shows the flow over model B with a turbulent boundary layer.
The turbulent character of the flow can be identified by the d&iffuse,
grey reglon next to the surface of the body. The laminary boundary
layer, shown in the other pictures, is characterized by a sharp,
white or black region. The fluctuation that is typical of the flow
about the entrance of all the models at outlet—inlet-area ratios
below the values which produces the meximum pressure recovery is
shown in figure 13, These photographs were made consecutively
with no change In any of the externally varlable parameters. They
are of model C because the effect 1s most pronounced in thls case.
Figure 1lh shows the flow about the entrance of model D. Since the
schlieren photographs show not only the flow disturbances caused
by the presence of a model in the wind tunnel but alsoc imperfec—
tions in the glass windows and density gradients in the stream thet
are not caused by the model, photographs of these extraneous effects
are shown in figure 15, =~ ' '

Precision

The accuracy of the results can be Judged by consldering two
general classifications of the sources of error. Flrsht, are the
errors that result from variastions in the uniformity of the flow
through the test section of the wind tunnel; second, are those-
that result from inaccuracy in the measuring technique.

The flow in the wind tunmnel was studied during the calibra—
tion tests. The results show that premsure and, therefore, Mach
nmber gredlents exist In the test section but that they are
relatlvely small., For lnstance, the longlitudinal variation of the
Mach number through the test section at a naminal Mach number of
1.70 is between the limits of 1.71 and 1,69, less than 1 percent.
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The gredient of Mach number over the length of the model between

the apex of the body and the duct inlet is only 0.3 percent. The
variation In the stream angle throughout the test sectiom is between
*+1°, but the variation over the length of the model 1s *#0.4°, The
effec'b of these deviations upon the tests of duct inlets is thought
to be small,

In a supersonic wind tummel, the presence of moisture in the
alr can cause an error if the assumption is made, as it was in this
cage, that the total pressure in the test sectlion is the same as
that in the settling chamber. However, 1f the water content of the
air 1s maintained at less than 0.0001 pound of water per pound of
dry eir, as was done in the present tests, the effect upon the total
pressure is negliglibls.-

Since the areas of the entrarce and the exit to the duct
dotermine the nature of the flow, they must be known accurately.
The diamsters of the entrance and exlt were therefore measured
precisely. There is a slight variation In the area of the exit
throat thet results from play between the threads of the leed screw
and also between the teeth of the miter gears. Measurements show that
this variation 1s within 1.3 percent.

The accuracy of the pressure measursments depends upon the flow
conditions about the duect entrance. When the mass-flow ratio is
below that Zor meximum pressure recovery, the flow into the inlet
is unsteady. Because of the lag in the tubing connecting the .
orifices and the manometer board and because of the inertia of the
mercury in the manometer, the readings made in this mess-flow range
represent average values, cmd they may not be as accurate ase they
appeer. When the flow conditions are steady, the manometer tubes can
be read to within £l millimeter of mercury, or within 0.1 percent.
Under the most adverase conditions the readings can be made to within
+ 5 millimsters, or within 1 percent.

The determination of the mass flow.through the model is
dependent upon the total pressure and temperature in the sebttling
chambexr and the area of the exit throat. The assumption is made
that the total tempersture is the same as that of the free stream.
It is believed that the ‘mess-flow ratio is accurate to within £1.5
percent.

The total-pressure measurements in the settling chambexr of the
models indicate not only the losses at the duct inlet but also the
losses that occur in the subsonic diffuser. The mngnitude of the
lotter losses can be estimated from the tests of the 50° .cone model
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vhich had the same subsonic diffuser as modsls B, C, and D. The
maximum total-pressure recovery attained is 89 percent at a Mach
number of 1,85 (fig. 10). This value agrees with those of
gimilar tests described in references 6 and T and indicates that
the ldgses resulting from the subsonic diffuser are less than

L percent of the total pressure available.

DISCUSSION

Since there is no appreciable difference In the total
rressure attained with models A, B, C, or D, the general propertles
of flow into ammular duct inlets situated in a region of relatively
thick boundary layer are discussed, and then the causes of the
smnll differences in the flow through the models are described.
Finally, the flow condltions about model D are compared to those
about the 50° cons model in order to explain the large difference
in total-pressure recovery attainable with each type of inlet.

General Flow Propertles

If it 1s apsumed that the total temperature in the settling
chamber of the models is the same as that of the free stream cnd
if sonic veloclty is maintained ot the exit throat, the rolation-
ship between the mose-flow and total-pressure ratios is indicated
by the following equation:

¥+l

- m2(r-1

ﬁ;=ﬂ=§sxhx}_[f_ =1 2]" )
my m, Ho Al M, Y+l oyl

The mass-flow ratio at a given Mach number is thus a function of
the total-pressure and outlet—inlet-gres ratios, and bocousoc of
the campressibility of the fluid, it can be greater than ons.

For the 50° cone model, the mass—flow ratlo reaches a value of 1.3.

The total-pressure ratio is dependont upon the ocutlet—inlet-
area ratio. If the area ratio 1s large, the totnl pressure in the
settling chamber is low compared to the maximum atbtainnble. As
shown in the schlieren photographs, the flow through the duct
inlet is supersonic for such a condition, and inside the subsonic
diffuser, the flow veloclty increnses as shown by the decrease in
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the static pressure immediately behind the entrance. (See fig. 8.)
Therefore, the deceleration to a subsonic speed occurs abruptly
from a relatively.high local Mach number, and the resulting shock
losses are large, As the outlet—~inlet-area ratio is reduced toward
one, the pressure in the gettling chember rises rapidly. This
increase is the result of the reduction in the intensity of the
shock losses. As the back pressure in the settling chamber
increases,; the pogition et which the shock losses occur moves
toward the duct inlet and into a region of lower local Mach number
with a resulting decrease in the entropy rise. This movement of
the shock losses as the outlet—inlet-srea ratio is reduced is
indicated in figure 8 by the position of the abrupt rise in the
stetic pressure In the subsonic diffuser. Since, with the excep—
tion of the fluid in the bYoundary layer, the flow through the duct
entrance is supersonic for these .large values of the outlet—inlet—
area ratio, the mass—flow ratio is very nearly comsbtant.

The largest totel-pressure ratic occurs, of course, when ‘the
losses in pressure are the least, This condition exists when the
shock losses in the subsonic diffuser occur near the inlet, or at
the minimum local Mach number. The flow through the entrance is
supersonic, and the mass-flow ratio 1s very nearly the same as it
was for largsr values of the outlst—~inlet—area ratio.

As the schlieren photographs show, when the. outlet—inlet—area
ratio 1s reduced below the valus that produces the maximum total—
pressure recovery, the boundary layer thickens and separatés
upstream of the duct sntrance. Thls phenomenon 1is possible in
supersonic flow bocause the effect of the adverse pressure gradlent
at the inlet extends upstream through the subsonic boundary layer.
The result is that only air of a relatively low dynamlc pressure
flows through the entrance. Further reduction in the outlet—inlet—
area ratio reduces the mass~flow ratio toward zero, but there is
little change in the total-pressure ratio,

After separation has occurred upstream of the duct entrance, the
flow becomes unsteady. Consecutive schlieren photographs show that
the velocity through the inlet may be eithor supersonic with a
relatively thin boundary leyer, or it may be subsonic with a
completely separabted boundary layer. (See fig. 13.) The reason
for the fluctuating flow is that, aftor separation hag once
occurred, the back pressure in the settling chamber decreascs and
the cause of the separation disappoars. The boundary layer then
resumes its normal course along the surface of the body, and the
high—energy air of the supersonic streem once again enters the
duct., Such a condition is bransitory, for the back pressure in
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the settling chamber immedlately rises, thickens the boundary layer,
and causes the cycle to repeat.

A notable faot is that no normal shock wave is evjident in the
statlic pressure distribution along the subasonic diffuser or in any
of the schlieren photographs. No abrupt rise in static pressure
of the magnitude that would be expected with a single narmal shock
wave occurs. IFf there were na boundary layer flowing into the duct,
& sudden rigse An static pressure at least twice that Indicated by the
tests would result from a normal shock wave inside the subsonic
diffuser. (See reference 2.) The effect of the boundary layer is
to obscure any pressure discontinuities as mesasured by static
pressure orifices and also to change the effective shaps of the
channel. As discussed in references 10 end 11, the thickening of
the boundary layer that results.from an adverse pressure gradient
causes weak oblique shock waves that reduce the intensity of the
subsequent normal wave and thus distridbute the pressure rilse over
an appreclable length. While the boundary layer is separated
upstream of the inlet, the veloclty of the air flowlng into the:
duct is subsonic, and a normal shock wave camnot exist.

The effect of increasing the fres—stream Mach number is to
reduce the total-pressure ratio. (See fig. ¥ A comparison of the
maximum total-pressure ratioc attainable with models A, B, C, and D
with the total-pressure ratlo across a normal shock wave occurring
at the sams free—stream Mach number shows that the recovery with
the models is only about two-thirds that of the shock wave. (See

fig. 10.)

Specific Modsls
Model A

If there were no boundary layer at the duct inlet or inside
the diffuser, a pressure recovery greater than 93 percent should
be theoretically attainable at a free-stream Mach number of 1.TO
with model A having an entrance combtraction ratio of 0.73. A
normal shock wave would exist in the entrance throet at a loczd
Mach number slightly greater than one, and it would be of minimm ~
intensity., The lowest recovery, about 85 percent, would occur if
the normal shock wave exlsted in the relatively high Mach number
region immediately ahead of the entrance. The presence of the
boundary layer seriocusly alters these limits, for the best recovery,
as attained in tests of model A at a Mach number of 1.70,is only
56 percent. A contraction at the entrance, which in the absence
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of a boundary leyer lmproves the recovery, has a detrimental sffect.
(See fig. 5.)

When the entrance contraction ratio of model A is reduced, the
maximum value of the mass—flow ratio décreases, It ie apparent from
the equation that relates the ratios of mass flow, total pressure,
and outlet—inlet area that the reason for this reduction is a loss
in total pressure between the supersonic stream and the settling
chamber at equal values of the outlet—Inlet-area ratic. The
schlieren photographs show that constriction of the duct immediately
behind the sntrance causes an aiverse pressure gradient that is
sufficient to thicken the boundary layer ahead of the inlet even at
large values of the outlet area. (See fig, 11.)} The result is a
loss in total pressure in tue settling chamber that increases as
the inlet passage ie conbracted. The mags—flow ratio is greatly
affected by & constriction, while the maximm total-pressure ratio
is affected only slightly because the oitlet—inlet—aree ratio at
which the maximum cccurs detreases with the contraction ratio,

At a Mach nuwber of 1,70, the mass-flow ratlo corresponding to
the maximum totael-pressure ratio attainsble with model A is about
0.92 or less than that of any of ‘the other models., (See fig. 6.)
The docreased flow rate is the result of a greater loss in total
pressure at equal values of the outlet—inlet-area ratio, This
lower recovery of model A is probably the result of the adverse
effect of the extended entrance throat upon the boundary layer.

The natural growth of the boundary laysr effectively produces a
converging channel even though the walls of the passage are parallel
for a short dimtance and then only slightly divergent. The resulting
pregsure grailent further Increases the boundary-layer thicknese and
causes an increase In entropy. Though the maximum mass—flow ratio
of model A ls less than those of models B and C, the maximum total—
pressure ratio is slightly greater. It is possible that this .
improvement is the result of the atabilizing effect of the extended
throat, for the back pressure in the settling chamber of model A
can be increased to greater velues than with models B and C becauss
the boundary layer will not separate as readily. The extended
throat may stabilize the flow at the entrance of the diffuser as
sxplained in reference 9, and 1t also separates the boundary laysr
shead of the entrance from the back pressure in the diverging
diffuscor by an apprecisble distance.

Model B

The maximum total-pressure ratio attainsbles with model B at a
Mach number of 1.70 and a Reynolds number of 2.9 million is
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53 percent which occurs at a mass-flow ratio of 0.95. Decreasing

the Reynolds number consistently improves the maximum totel-pressure
ratio a few percent as shown in figure 7. The cause of this improve—
ment is not understood, for a greater loss in total pressure would
be expected ag a result of the increase in the thickness of the
boundary layer. ; : ;

The effect of increasing the surface roughness with a band
of carborundum grit to ensure a turbulent boundary layer over the
entire length of.the forebody is to decrease bhoth the maximun total-
pressure ratio and the mass-flow ratio. (See fig. 7.) At a free—
stream Mach number of 1.70, the turbulent boundary layer causes &a
lose of about 3 percent in the maximum total-pressure ratio and
6 percent in the mess~flow ratio. Since a turbulent boundary layer
is more resistant to separation than a laminar one, it would be
expected that the flow through an inlet would remsin supersonic at
greater values of the back pressure if a completely turbulent
boundery layer existed over the forebody. However, the results
show that separation occurs.at nearly the same value of the outlet—
inlet-area ratio whether the boundary layer-is laminar or turbulent.
(See figs. 11 and 12.) It is possible that & thimmer turbulent
boundary layer than thot produced by carborundum grit at the nose
of the forebody would result in some improvement.

Model C

At a Mach number of 1.70, the muximum totol-pressure ratio of
model C 1s 51 percent at a mass-flow ratio of 0.96, (See fig. 6.)
The pressure recovery of model C le less than that of any of the
other models becouse the boundary layer sepsrates shead of the
Inlet at a greater volue of the outlst—inlet—area ratioc. In other
words, the back pressure in the diffuser has a greater adverse
effect. S

Model D

. Tre thickness of the boundary layer cen be substantially
reducead witnout altering the character of the flow irto this type
of duct enmtrance, for only a slight improvement in pressure
recovery 1s attained with model D. .(See fig. 6.) The boundary
layer thickens and separates in the same manner that 1t does with
the other models. (See fig. 1k.) The thickness of the boundary
layer at the duct entrance of ‘=ll the forebody shapes has been
computed, assuming no back pressure in the diffuser, by the method
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of reference 12, The thickness of the boundary layer, as defined
in these calculations ig the distance, normal to the surface, at
which the local velocity is equal to 0.T707 times the velocity out—
. side the boundsry layer. At & free-stream Mach number of 1.70,
the thickness for modsls A and B is 0.0053 inch; for model C,
0.004k inch; and for model D, 0.0019 inch. Comparison of the
velocity profiles and schlieren photographs of the bowndary layers
described in reference 13 shows that the density gradient:
indicated by the schlieren apparatus extends to & normal dlstence
at which the local velocity is roughly nine—tenths the veloclity
outside the boundary layer. If this flgure is assumed, the
calculated thickness of the boundary layers of the varlous models
agree in order of magnitude with 'bhose determined from inspection
of the schlieren photographs.

omparigon with the 50° cone model.— The thickness of the
boundary layer of the 50° cone model, as computed for the sams )
conditions and by the same meothod as for the other models, is
0.0016 inch, nearly equal to that of model D. However, the
maximum totel-pressure recovery is 91 percent at a free—stream
Mach number of 1.70 as comparsd to 58-percent récovery with
model D. (See fig. 10.) This large difference in pressure
recovery is caused by the greater local Mach number at the duct
entronce of the longer model. The loca.l Mach numbers, as
dotermined theoretically, are 1.17 for the 50° cone model and
1.70 for model D. Therefore, the compression that occurs at the
entrance of the latter model ia greater, the interaction with the
boundary layer 1s more severe, and the resulting losses are much
larger. To compare the inlets at the same entrance Mach number
of 1.5, the 50° cone must be at a free-stream Mach mumber of 2.1,
at which value the pressure recovery 1s about 78 percent. With
model D, the free—stream Mach number is nearly 1.5 and the recovery
is 66 percent. The reason for thils difference at the same entrance
Mach number 1is not understood at the present time. An investigatlon
of the effects of local Mach number upon the boundary la.yer :Ls being
performed to determine the causes,

Although the total-pressure recoveries with models A, B, C and
D are much less than that of the 50° cone model, this crlterion
does not fully determine their worth. The drag caused by the fore-
body and the duct system of each model will differ from that of
other models; therefore, final comparisons of inlets must not only
include the total—pressure recovery but also the drag forces upon
the fuseloges that conteln them. .
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It is apparent that large losses 1n total pressure result froam
a duct entrance situated in a region of appreciable boundary layer
where the local Mach nmuber is comparaeble to that of the free-stream.
Reduction of these losses can be achieved by reducing the Inter—
action between the boundary layer and the back pressure inside the
diffuser.  This reduction can be accomplished elther by decreasing
the local Mach number at the duct entrance by a method that will
produce external campression with no adverse effect upon the
boundary layer or by decreasing the amount of boundary-layer air
that reaches the entrance.

CONCLUSIONS

Tests at Mach numbers between 1.36 and 2.0L of annular duct
inlets sltuated several diameters behind the apex of bodles of
revolution have shown the following effects:

1. Because of the interaction between the back pressure inside
the diffuser and the boundary layer flowing into it, the total-
pressure recovery attalned ls approximately two—thirds of that of
a normael shock wave occurring at the same free—stream Mach number.

2. When the maps~flow ratio 1s less than that which produces
the meximum total-pressure ratio, the flow into the duct fluctuates
violently. The flow may be either supersonic through the inlet
with a relatively thin boundary layer, ox 1t may be subsonic with
a completely separated boundary layer.

3. An appreciable change in the thickness of the laminar
boundary layer. or even a relatively thick turbulent layer has
only negligible effects upon the recovery of totsl pressure.

L4, Reducing the local Mach number immedlately behind the
duct entrance by constricting the channel has a dstrimental effact
if a relatively thick boundary layer flows through the inlet.

In generel, compresslion at a Mach number comparable to that
of the supersonic stream will result in large losaes in total
preasure if the compression occurs. in the presence of an appreciable
boundery layer.

Ames Aeronautical Laboratory,

Nationael Advisory Committee for Aeronautics,
Moffett Field, Calif.
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Figure 2.~ Bodlies of Models,
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Figure 12.- Schlieren photographs of model B showling the flow with a
turbulent boundary leyer over the forebody.
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Pigure 1.~ Schlieren photographs of model D at various
values of the outlet-inlet area ratlo.
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Figure l5.;- Schlleren photographs of the test section of the
8~ by 8-inch wind tunnel with no model instzlled.
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