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A METHOD FOR DETERMINING THE RATE OF HEAT TRANSFER
FROM A WING OR STREAMLINE BODY

By CrarrEs W. Fricx, Jr., and GEorer B. McCurrLoucE

SUMMARY

A method for calculating the rate of heat trangfer from the
surface of an atrfoil or streamline body is presented. A com~
parison with the results of an erperimental investigation indi-
cates that the accuracy of the method ig good.

Thig method may be used to caleulaie the heat supply necessary
for heat de-icing or in ascertaining the heat loss from the fuselage
of an aircraft operating at great altitude.

To illustrate the method, the fotal rate of heat trangfer from
an airfoil 18 calculated and compared with the experimental
result.

INTRODUCTION

The calculation of the rate of heat transfer from the surface
of bodies of aerodynamic shape is a problem for which no
explicit solution is known to exist, although considerable
attention has been given to the heat transfer from a heated
flat plate into both laminar and turbulent fiow regimes. It
has been shown in reference 1 that the transfer of heat from
the surface of a hot plate into an air stream flowing over the

the plate is primarily & boundary-layer problem. The exten--

sion of heat-transfer theory to permit the calculation of heat
flow for an airfoil or streamline body is therefore a matter of
calculating the boundary-layer characteristics which may be
done by the methods of reference 2. The present report
makes use of the results of references 1 and 2 to extend heat~-
transfer theory to wings and bodies for which pressure distri-
butions may be calculated with accuracy. The derivation of
the method is given in the appendix.

A limited experimental investigation of the method was
made to determine the accuracy of the method in calculating
the local rate of heat transfer into both the laminar and the
turbulent boundary layer of an airfoil, and also to obtain a
check on the computed totel rate of heat transfer for the
wing.

It is hoped that this method will facilitate & more accurate
determination of the heat losses from wings in designing heat
de-icing systems as well as from fuselages in the design of
cabin-heating systems for aircraft operating at great altitudes.

SYMBOLS
The symbols used throughout this report and in the appen-
dix are defined as follows:

¢ wing chord
cy specific heat at constant pressure

heat-transfer coefficient, Btu/sq ft, ° ¥, sec

heat conductivity _

length of streamline body

local Mach number, ratio of velocity just outside the
boundary layer to local velocity of sound

free-stream Mach number, ratio of velocity of iree
stream to the velocity of sound in the free stream

local rate of heat transfer, Btu/sq ft, sec

Reynolds number based on wing chord (Ve/r)

Reynolds number based on body length (VZL/r)

radius to surface of streamline body at any point
along the axis .

radius to surface of streamline body at point for
which boundary layer is being computed

distance along the surface from the stagnation point

local temperature inside boundary layer, °F, absolute

local temperature outside boundary layer, °F,
absolute :

free-stream air temperature, © F, absolute

local temperature inside boundary layer, ° ¥

local temperature outside the boundary layer, ° F

free-stream air temperature, ° F

surface temperature corrected for compressibility, °F

surface temperature, ° F

heat-transfer temperature difference, ¢ F

local velocity just outside the boundary layer

lIocal velocity just outside the boundary layer ab
point for which boundary layer is being computed

local velocity inside the boundary layer

free-stream velocity

distance along the chord from the leading edge for
an airfoil, or along the axis for a streamline body

distance normel to surface

angle of attack, degrees

eddy heat conductivity

ratio of specific heats

heat-transfer characteristic length for & laminar
boundary layer _

heat-transfer characteristic length for a turbulent
boundary layer

eddy viscosity

turbulent boundary-layer parameter (¢=/pU%r)

momentum thickness of boundary layer

[ 50-)]
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u absolute viscosity

v kinematic viscosity

P air density

G Prandtl number (¢ u/k) f
To surface shear

APPARATUS

Tests to determine the rate of heat transfer from a wing
were made in the Ames 7- by 10-foot wind tunnel employing
a heated, two-dimensional airfoil model.

DESCRIPTION OF MODEL

The model was a 7-foot chord NACA 65,2-016 airfoil which
completely spanned the 7-foot dimension of the wind tunnel
(fig. 1). Ordinates are given in table I.

F16URE 1.—Heated alrfoll mode) Installed in the wind tunnel.

The forward portion containing heating lamps was of sheet-
aluminum construction, and the trailing section of laminated
wood. Construction details are shown in figure 2. Built
into the model were 26 pressure orifices and 41 iron-constan-
tan thermocouples. The thermocouples were in three

REPORT NO. 830—NATIONAL ADVISORY COMBMITTEE FOR AERONAUTICS

chordwise bands; one at midspan, and two, 4 inches on either
side extending to 41 percent chord. The external surface of
the heated portion was bare metal and that of the unheated
wood part was painted. The entire model was made acro-
dynamically smooth by chordwise rubbings with successively
finer grit sandpaper. All power, temperaturo, and pressure
leads were brought out through the top of the model which
was sealed closed to prevent the escape of convected heat.

TABLE I
ORDINATES OF 7-FOOT-CHORD NACA 65, 2-018 AIRFOII

x x ¥ ¥
.| Pereent Chord Inches Percent Chord Inches
a 1] 0 0
] 420 1.202 1010
.75 .630 1.423 1.108
125 1.060 1,796 1,509
25 2,100 2.057 2108
5.0 4. 200 3.543 2,978
7.5 6.300 4,318 3.628
10 8. 100 4,954 4.161
15 12,600 ,5. 958 & 005
20 10. 800 6 701 5. 629
25 21, 000 7. 262 G. 092
a0 26, 200 7. 845 a.422
35 20. 400 7.802 8620
‘40 33. 600 7.995 8.716
45 87.800 . 7.938 8.668
50 42, 000 7.072 G 114
&5 486, 200 7.184 8.035
60 50. 400 6. 495 8. 458
65 54. 600 5.047 4. 743
70 £8. 800 4,718 3959
76 63. 000 3.738 3110
80 67. 200 2,75 2.318
85 7L. 400 1.817 1,526
90 75. 600 082 . 828
85 79. 800 310 . 280
100 84.000 [} g

L. E, Radius: 1.704 Porcent em=1.431 {nchies

Local unfairness of the model resulted in some minor varia-
tions in the pressure distribution, as shown in figure 3, but
these were not of sufficient magnitude to induce transition to
turbulence.

METHOD OF HEATING

The heated portion of the wing was divided into four eom-
partments by spanwise ‘bulkheads on which the heating ele-
ments, nine rows of ordinary 120-volt incandescent lamp
bulbs, were mounted (fig. 2). The inside surface of the
aluminum skin was painted a dull black to increase the ab-
sorption of radiant heat, but ull other metal surfuces wero
bright. .

The heat input appropriate to cach compariment {o give
a temperature difference across the boundary layer of 100°
F. at a Reynolds number of 13,000,000 was calculated by the
method of this report. The size, number, and location of
the bulbs within each compartment were such as Lo give the
most nearly uniform skin temperature possible within the
practical limitations of the design.

Povwer Was supplied by a direct-current generator equipped
with a remote voliage control which permitted a convenient
means of adjusting the over-all applied voltage.

Free-sirecam air temperatures were calculated from aver-
age readings of three resistance-type thermometers located
in the return passage a short distance ahead of the entrance
cone. Adiabatic expansion through the entrance cone was
assumed.
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COMPUTATION OF HEAT TRANSFER
METHOD

The detailed analysis given in the appendix develops the
following formulas, by which the local rate of heat transfer
into both turbulent and laminar boundary layers may be
computed. This method is applicable either to an airfoil
or to a streamline body. The local rate for laminar flow is

g:=0.700 é (t,—ta) (1a)

or the local heat-transfer coefficient is

he=0.700 g—‘ (1b)
L
and for the turbulent flow,
N
¢:=0.760 3 (t,—1y) (2a)
T

or the local heat-transfer coefficient is

k

h,=0.760 5— (2b)
b of

Heat transfer from &n airfoil—For the laminar boundary
layer of an airfoil, & is computed as in reference 2 from the
pressure distribution as follows:

AFETEE o

For the turbulent boundary layer of an airfoil, &7 is com-
puted as

2
8 r=—RI—£Tl 4)
Il

where ¢ is the value of the turbulent boundary-layer para-
meter as determined by a step-by-step solution of the rela-
tionship of reference 3, given as

dr 6.13dU0_U

&t T & 9 ®)
24 The value of f (¢) is given in table II as taken from refer-
! Jﬁ! | ! ! ence 3, and may be plotted on semilogarithmic paper for
° er surface 1 1
20 . a ?gevcr surfacet | ease I UsIng.
TABLE Ii
& ] =y NTUMERICAL VALUES OF f ()
Uy N J @) =10.431 £t caomus :
(V) ‘2 \4\
g T r 10 @) ¢ 0f ()
14 21.6 24 L.502
15 10.38 25 -@T
4 18 T1.47 26 .585
17 46,11 27 “367
18 207 28 12308
NI B
o0 /0 20 30 40 &6 60 70 &0 80 w0 21 6.35 a1 52
Percent chard g i m gg g
FiGUre 3.—Chordwise pressure distribution. e, 0°; R, 11XI108. }
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Heat transfer from s sireamline body.—For the laminar
boundary layer of a streamline body, 8r is computed from

reference 2 as
9.17 e/l 8. 11
w5 () (@) ) @) i1 ©

The turbulent boundary-layer heat-transfer length may
be computed as

5’"=_UT) | m

where ¢ is determined as for an airfoil from the equation

dr |, 6.13dU 2557dr
:I:c+_U_ d:c+ r

by the step-by-step process mentioned for calculating §r for

an airfoil.
Compressibility correction.—If the heat flow is to be ob-

tained at free-stream Mach numbers such that the aero-
dynamic temperature rise is an appreciable portion of the
total temperature difference, a correction for aerodynamic
heating should be made. The “heat-transfer temperature
difference’ to be used for a laminar boundary layer is

= f(l’) 8

a
—ty)= (t—t)—0.20M;2 T [1—0.13 G—]) ] )
and for turbulent flow

(ty—to) = (8 — 1) —0.2004> T, (10)

where #,—&, is the desired temperature rise.

The total rate of heat transfer from an airfoil or streamline
body may be found as follows:

1. Estimate the location of the transition point by the
method of reference 4 for an inecressing pressure gradient,
or by reference 2 for a falling pressure gradient.

2. Calculations for the laminar region ahead of the transi-
tion point.

(a) Compute the values of &, along the surface to the
transition point by equation (3) for an airfoil, or by equation
(6) for a streamline body.

(b) With these values and the desired temperature distri-
bution corrected for compressibility, campute the local rates
of heat transfer along the surface by equation (1a).

3. Calculations for the turbulent region belund the tranm—
tion point.

(2) From the value of §; at the transition point compute
6, the momentum thickness as

6=0.289 &,

Using this value of 6, find the initial value of ¢ at the
transition point as .

+=2.557 log, 4.057(—01’—%)

(b) With this initial value of §, calculate the values of
¢ along the surface by equation (5) for an airfoil, or by
equation (8) for a streamline body. With these values of
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¢, compute 8r along the surface by cquation (4) for an
airfoil, or by equation (7) for s streamline body.

(¢) Using these values of §r and the desired temperature
difference across the boundary layer corrected for compres-
sibility, compute the local rate of heal transfer along the
surface by equation (2a).

4. Integrate these local rates of heat transfer along the
chord for both laminar and turbulent regions to obtain the
total rate of heat transfer.

HEAT-TRANSFER MEASUREMENTS

As mentioned in the Introduction, a limited number of
heat-transfer tests were made on the heated wing model to
check the accuracy of the theoreticel method.

The experimental results are subject to several sources of
error. All computed rates of hieat transfer were based on the
temperature distributions obtained at the center of the span,
assuming that the spanwise variation was negligible. This
was cssentially true except for a small portion at each end of
the wing. Precautions were taken to minimize the heat
losses at the ends of the wing. These are not belicved lurge
since the design of the heating system allowed only slight

- transfer by convection, and the conduction of heat from the

wing to its supports is negligible. Losses due to radiation
from the wing have been computed as a maximum of § per-
cent for the whole surface heated to 100° F. above the
surroundings. This loss is not considered in the heat-
transfer data.

For the purpose of computing heat transfer, the chordwise
temperature distribution was compuled and ploited as
heat-transfer temperature difference (f,—%); this is the ob-
served temperature difference corrected for compressibility
effect; that is, ¢, is the temperature measured by a thermo-
couple in the skin minus the computed acrodynamic heating
temperature rise. The value %, is the free-stream air fem-
perature (distinguished from the local temperature just out-
side the boundary layer of the wing, which will be higher or
lower than {; due to adiabatic variations ecaused by the ve-
locity field of the wing).

RESULTS AND DISCUSSION

Heaf-transfer tests of the wing were made in two parts, the
first concerned with comparing computed and measured
values of the local rate of transfer from the airfoil surface to
laminar and turbulent boundary layers, and the second
with checking the total rate of heat transfer from the aivfoil.

The tests to measure the local rate of heat transfer were
made at zero lift for {two test Reynolds numbers, with free
transition to obtain the heat-flow rate into a laminar hound-
ary layer, and with transiiion fixed at 5-percent chord lu
determine the flow rate into a turbulent boundary layer.
Figure 3 presents the pressure distribution over the wing al
zero lift. The experimental procedure consisted in adjusting
the heat input so that the skin temperatures were nearly
constant along the chord. With this temperature disiri-
bution achieved, it was assumed thai the second compart-
ment of the wing, extending from 14.6-pereent to 26.3-
percent chord, was thermally isolated so that no flow of
heat occurred in the skin or through the bulkheads. The



A METHOD FOR DETERMINING THE RATE OF HEAT

power input to this compartment was then measured by
means of a voltmeter and an ammeter for comparison with
the calculated rate of heat flow.

Figure 4 shows that the desired constant chordwise temper-
ature distribution was attained for the laminar boundary
layer, but the data of figure 5 for turbulent flow indicate
that while the distribution was nearly constant from 10- to
30-percent chord, covering the region under consideration,
the temperatures over the nose were excessively high. This
came about through the heating difficulties resulting from the
sudden change in heat-transfer coefficient at the point where
transition was fixed. This type of distribution may have
resulted in some change in the local values of the temperature
gradient at the wing surface, though this effect should be
small since no appreciable temperature gradient existed over
the portion of the surface concerned, the boundries of which
are indicated by the dotted lines in the figures.

To obtain the computed values, the variation of the heat-
transfer coefficient along the chord was calculated for each
case as outlined under the section Method (results plotted in
figs. 6 and 7). The heat input into the second compartment
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FIGTRE 4.—Chordwise distribation of tempersture difference, ((—f). «, 0°; transition free.
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F16TRE T.—Chordwise distribution of heat transfer coeffelent, ks, a, 0% transition fixed
at 5 percent chord.

was then computed from the heat-transfer coefficient and
experimentally measured temperature difference (corrected
for compressibility heating effects). Both the measured and
the computed values of heat input into the second compart-
ment are listed in the following table:

Calculated Error
a Measured
ReX10-¢ Boundary layer heat trans- reent
« B fer (kw) Input (kw) put)
Q 671 Lamnar. . e 0.861 0.875 16
D] 10.72 éo 1.048 1.028 Lé
Q 6.8 Turbulent.. .. oeeee 76 a7 .3
V] 1L 17 do 4.0 4.01 N

The agreement is considered quite satisfactory, and is taken
to indicate that the method for the computations of the heat
transfer coefficient involves no serious errors despite the
assumptions involved.

Further tests for the purpose of establishing the validity
of the method as regards the fofal rate of heat flow from &
wing were made at & lift coefficient of 0.55 and 8.60 million
Reynolds number. In addition to a test with free transition,
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a second condition simulating the formation of ice near the
stagnation point by fixing transition at 5-percent chord on
the lower surface was investigated. Heat input in both
conditions was maintained at the maximum available from
the apparatus, and no attempt was made to achieve a pre-
determined temperature rise or chordwise distribution. The
chordwise temperature distribution obtained, corrected for
the effects of compressibility heating, is plotted in figures
8and 9.

—
160 v \
/
P 40 // \‘
3 iy
. /
20
&3 e N
@ % 1
) . '
é 00 o Upper ‘surrace :
g 2 cf I__o»lver' lsurface'i :
3] g :
&E k Reynolds number=8,69x/0° |
"5)% 80 \ '
T *
T ;
60 - E
N P s
o 8 6 24 22 40 48 Bs

Percent chord
Figurs 8.—Chordwise distribation of temperature difference, (,—#). a, 0°; transition free.
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Freurs 9.—Chordwise distribution of temperature difference, kt,—h). «, 5° transitfon
fixed at b percent chord.

The chordwise variation of heat-transfer coefficient was
computed for both the transition-fixed and transition-free
conditions, as outlined in Method. Tables III and IV
present the computations for the trapsition-free condition
and serve as an illustrative example. The pressure dis-
tribution used for these calculations is given in figure 10.
The value of heat input was then computed by use of the
experimental temperature distributions (corrected for com-
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TABLE III
COMPUTATION OF HEAT-TRANSFER COEFFICIENT
Alrfoll 65,3-016 c1=0.5% R, =8.89X10¢ My-0.183
TUpper surface Traunsltlon at 1% ckord $156e = 154.510-4 1% =18.25
Position :
Z auviv at
R Az (%) s FEyX10e it A t 10%r LM
I 04 ‘
Q0L | GO7) o |26l | eooe | e | ceame | e 18.25 | 106. 5 ] 0.0101
cmee | mimme | 07 | oo —0.667 | 24.6 51.8 | 8.63 IR -
.02 A4 .| LET RN RIURIU [ IR 21,88 | 245.4 0130
[ S T A =872 | 417 | 10.38 [+ T R
Ao | L5 e | camem U R 2.61 | 267.1 0120
RIS P Y ¢ S T —~. 43 2.02 34 [.) S R RSN
. 28| ... L82 | oo | ceaam PR I, 2312 | 283.2 013
RS R 07 oL —.300 | 220 5. 53 F:2 2 (R R
.08 I [ LB | cccoa | cemmmm | wmeun | mecan 28.21 } 208.9 0108
R I £ S . —-.276 } 1.59 4.62 85 | .... eievn | anmsns
07| .49 oo LS | oo [ caecce | wamme | comnn 2,16 | 317.4 0100
[N Jd4 ~ 185 | L39 3.32 46 | ..... R
0 Y 1N U N I (R S R 24,02 | %35.3 | . 00052
[RUN, S S T T RN - 13} L12 2587 <. I AR I IR
0 T - 3 S pACVL 3 I R S RN 2408 | 353.4 | . 00903
e | e | 38| ol —. 069 40 ) L9} .08 | oo | cecen [ wnanes
L1861 L12 ..55, L3 i | EE _i.ii T 25.67 | 370.5 | . 00841
AP i 2 Y DO R Dl 26,16 | 30870 | 00800
comm | e B35 | e —. (37 51 L0 f< S NN R S
. L&z | . 1,380 | oo | e an rm | manan | 28 410.0 | . 00778
aeee | e | 236 ] ool | —. 0258 A5 908 ] .32 | ....- mremn | mussua
81| 217 .- L3B | comeme | cmmcce | memee | mmaam 26,87 | 430.9 | .00711
cemn | e 1 W85 el | —.01T1 . 303 739 < 2 TR
.36 | .82 (... L3850 | cccaoe f comeae | cmem | mmam 27.13 | 430.8 | . 00725
QS R [ T S —. 0148 . 345 643 b~ 2 R U R
AL 287 L. TLMUE | o | cmmmce oo | moeea 27.36 | 118.2 | . 00Vi2
U SRR TS T . —. 0343 312 817 24 }eanne | moenr | wmamen
461 8221 . < I R ——ue | meea- | 27,00 | 161.0 § . 00652
[ I I e T % 7 SNt . - S A I
I NN I .1 2 S I [N RV R R 27.92 | 4721 | , 00078
TABLE 1V
COMPUTATION OF HEAT-TRANSFER COEFFICIENT
Alrfoll 65,2-016 ci=0.58 R,=8.69X10¢ My=0.183
Lower surface Transition at minimum pressure
F U\? TN\&WIT e U\ 12 U’l 1 42 L 73 lm‘l.
S RCORICH N CHNEH €9 T It R
0018 |00 | ) e | S R
020 .185 0. 00100 4X10—8 0. 00044 0. 745 %] 56.3
.030 . 200 . 0063 32X10—¢ . 0034 738 . 9] 2.0
040 370 L0173 144 10—¢ .0105 8.04 48.7
.050 .458 . 0400 400108 L0270 951 LX) 4.2
.07 .60 .124 240010—¢ 009 875 By
. 100 .71 247 0. 0067 <208 1,401 9.80 %.0
. 15 .85 . 518 . 0254 475 12,68 232
.200 .02 .32 0565 .083 2.348 15.78 18.7
.250 1.00 100 . 1006 1.00 2.478 17.38 ae
L300 LO7 132 . 1590 136 2.670 18, 70 187
350 1.12 1.5 .2310 168 2,505 20.27 14.3
. 400 1.16 L83 .3188 L7 3.13 21. 90 18. 4
480 L17 1.9 L4100 2.10 3.4% 24.18 12.2
. 500 118 L97 . 50S0 2,14 3.81 26, G2 1.0

pressibility) and the calculated heat-transfer coeflicients of
figures 11 and 12. The computed and measured heat input
are comipared in the table below. Results indieate satis-
factory agreement.

Celeulated
«(deg) | R.X107 Boundary layer heat trans- tﬁg‘{‘“ﬁ) ggﬁn%’lf{)
fer
& 8.60 Upper surface turbulent. 18.60 2.5 167
Lowor surface laminar,
5 8.60 Upper surface turbulent. 2330 28.55 53
Lawer surface turbulent.

The experimental temperature distributions for the tests of
the total rate of heat transfer show that the heat-transfer
temperature difference varies to a marked degree along the
chord (figs. 8 and 9). This variation violates one of the
assumptions underlying the development of the method;
that is, that the temperature difference is constant along tho
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chord, which must be true if the transfer of heat at all
points along the surface is analogous to the transfer of mo-
mentum. To what degree this assumption may be ignored
has not been determined analytically, since the problem of
considering the varistion of temperature along the chord

02
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Fi6tRE 12.—Chordwise distribution of transfer coefficlent, A,, for lower surface. o, 5%

transition free and transition fixed at 5 percent chord; R., 8.69 and 8.60X108.

presents difficulties which have so far prevented a solution.
The experimental results, however, indicate that the ac-
curacy with which the total rate of heat transfer can be
computed is not greatly impaired by the temperature varia-
tions experienced. QGeneralization of this result must await
further experimental checks.

The accursey with which the local rate of heat transfer
may be computed in & rising pressure gradient is dependent
upon the accuracy with which the surface shear may be
determined. Squire and Young's method (reference 3}
assumes that the turbulent boundary layer in a rising pres-
sure gradient exhibits the same characteristics as the fully
developed turbulent layer of a flat plate. The extent to
which the relationship between the surface shear, the mo-
mentum thickness, and the local velocity so derived remains
valid is shown by the accuracy of the Squire and Young
method in determining friction drag. It must be realized,
however, that the method will fail if turbulent separation is

- imminent. :

The thickening of the turbulent boundary layer due to the
rise in pressure acting on the displaced mass of fluid also is
ignored by the assumption that the heat-transfer rate is
proportional to the surface shear computed by Squire and
Young’s method. Actually, the heat cepacity of the bound-
gry layer is increased by this thickening which tends to

- inerease the rate of heat flow at the surface. This counter-

acts the effect of the profile distortion, resulting from the
same cause, which reduces the surface shear since if tends
to cause separation. But this effect, too, is negligible for all
cases where Squire and Young’s method may be applied.

In concluding, it must be stated that while the method
presented herein is subject to & number of broad assumptions
in its development, the experimental evidence presented
shows the total rate of heat flow may be calculated with
reasonable accuracy.
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CONCLUSIONS

The accuracy of the method for determining the rate of
heat transfer from an airfoil is shown to be good by the
results of a limited experimental investigation. Since the
correctness with which the heat transfer can be computed is
dependent mainly on the accuracy with which the boundary-
layer characteristics may be determined, it is expected that
the method possesses the same accuracy for computing
heat-transfer rates from a streamline body.

Although the development of the heat-transfer formulas
is based on the assumption that the skin temperature remains
constant along the surface, the experimental results show
that for moderate temperature variations the precision is
still good.
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APPENDIX

DERIVATION OF THE METHOD

1. Heat transfer into a laminar boundery layer.—The
theory of heat transfer into a laminar boundary layer was
first investigated by E. Pohlhausen for the case of incompress-
ible flow along a flat plate maintained at a constant temper-
ature (reference 1). Pohlhausen’s solution is developed by
solving the differential equation for the temperature bound-
ary layer by using Blasius’ solution for the velocity boundary
layer.

In order to arrive at a solution for an airfoil in an incom-
pressible fluid, it is necessary

(1) to assume that the temperature boundary-layer and
the velocity boundary-layer profiles for the airfoil are related
in the same manner as for Pohlhausen’s solution. (This is
true if the temperature of the skin remains constant along
the surface and if the thinning of the friction layer in a
favorable pressure gradient due to the change in pressure
acting on the displaced mass of fluid is negligible.)

(2) to calculate the value of <§§')’ ofor the velocity

boundary layer and then determine (f!—; 5 with the relation-
F-

ship resulting from (1). (The solution of the problem for
the temperature of the skin varying along the chord has
been prevented because the diffculties so far have been found
insurmountable.)

Pohlhausen’s expression for the temperature gradient in
the boundary layer at the surface of the plate is given as

( dy i-0=—_ (o)

The function a(s) is the first derivative of Pohlhausen’s
function defining the temperature boundary layer which, for

%’ (t,—t)

o=1, is equivalent to the second derivative of Blastus’ func-
tion for the velocity boundary layer. Pohlhausen found
that «(o) is accurately given by the relationship
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Now, for the Blasius boundary-layer distribution
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It is now necessary to determine <%) . for the airfoil at
Y=

so that
((_f_ v-O

any chordwise position. For the Blasius profile
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where 8, is the thickness of the boundary layer where u=
0.707 U. Substituting in the preceding equation

at =0.7 3~ Up—th)
(dy),.o 0.765 Y o 5

or, taking ¢=0.760 for air, the local rate of heat trensler ig

ge=k (%) =070 £ ¢,

or the heat-transfer coefficient is

The development in reference 5 of an expression for the
heat-transfer rate based on Reynolds analogy gives results
which are in complete agreement with the above if o=1.
However, the experimental results of reference 6 indicate that
the expression v/0.760, that is, V¢ 41, properly relates the
velocity and temperature gradients in the laminar layer. The
two methods give results within 10 pereent of cach other,
which is sufficient for practical cases.

The values of 8, for laminer flow may be determined both
for an airfoil and a streamline body by the method of reference 2,

2. Turbulent boundary layer.—The theory of heat {ransfer
in eddying flow as given by Dryden (reference 7) requires
the introduction of several new concepts. If the equations
of motion for turbulent flow are written by placing
u=u+u', v=5+v', w=w-+w', where the bars indicate mean
values and the primes indieate fluctuations, and these values
substituted into the equations of motion for steady flow,
similarity between equations so developed and the steady-
flow equations can be shown by introducing a value of eddy
vxscosaty e. Similarly, the concept of cddy heat conduct-
ivity, 8, is introduced by placing t=i+#, in the equations
of the temperature field.
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These values of eddy viscosity, ¢, and eddy conductivity,
B, however, do not have the same properties as p and & since
they vary from point to point in the flow. Nevertheless, ¢
and 8 can be shown to vary in the same manner from point
to point in the fluid. This is done by introducing Prandtl’s
concept of a mixing length; that is, & length of path followed
by a fluid particle before it becomes lost in the mass of
eddying fluid.

It is therefore shown if the shear, ;/=_ 77/, then

_‘337 of |dy’
or that
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in which the mixing length [ varies from point to peint in
the fluid. Now, if the eddy heat transfer is considered to
be—e»'¥, then the eddy heat conduectivity is equal to

cpol or equal to ¢,¢, provided the mixing length for heat

du
dy
transfer is considered to be the same as the mixing length for
the transfer of shearing stress. Dryden states that available
experimental data show that the mixing lengths near a wall
are closely equivalent for transfer of heat and momentum, but
that the relationship falls down, for instance, in the wake of a
heated body. Since the present case concerns heat transfer
from a wall to eddying flow in a boundry layer, it is believed
that this relationship is acceptable.

For turbulent flow, it has been shown that the Prandtl
number is equal to unity; that is,

Calk turd __ 1

Cturd

If the Prandtl number is unity, then the thermal and dynamie
boundary layers have the same profile (reference 6). If we
make the same assumptions as in step (1} for the laminar
boundary layer, we may write

ﬁ) - @) (E—1o)
dy/e=o dy /oo U

where U is the velociiy outside the frietion layer.
relationship is dependent on the assumption that the tem-
perature along the surface remains constant as for step (1)
for the laminar boundary layer, and that the thickening of
the boundary layer due to the increasing pressyres acting
on the displaced mass of fluid and the distortion of the profile
thus resulting is negligible.}

Now
g==—F (@
but
so that
== 0 (dy p=0
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since the surface shear

_ {du
o= (@),
(tp_to)
o7

This is the same formula developed by Reynolds for flow in
pipes (reference 7).

So it is seen that the problem of calculating the rate of
heat transfer in turbulent flow is primerily a problem of
calculating the surface shear along the airfoil. This may be
done by the method of reference 3, in which Squire and
Young write the relationship

=Pl
Q ;2
where

7
¢=2.557 log, (4.075 %

8 being the momentum thickness of the boundary layer.
(This relationship is developed from von Kirmén’s formula for
the skin friction experience by a flat plate with a fully devel-
oped turbulent boundary layer. Thisassumption becomesless
and less true as the turbulent boundary-layer profile of an
airfoil becomes changed in shape and approaches separation
in a steep pressure recovery.) Substituting for ,

=c i]_!(tp_tn)
dz=Cp 2 U

U
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where u and F ere values for uneddying flow. Substituting

for E}:_E the value for air, 0.760,

g:=0.760 %, R. G_{) (t,—t)

2
or considering __'QU_:&"" a characteristic length for the
R.(<

4 ';7)

turbulent boundary layer,

then
U
g:=0.760 5. (t,—t)
T
and
k
h.=0.760 3
T

In calculating ér, { may be computed by the step-by-step
solution of the equations of reference 3 for an airfoil or

streamline body.
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3. Compressibility effects on heat transfer.—Since the
foregoing analysis has been made for incompressible flow,
the effect of aerodynamic heating must be dealt with if the
heat transfer is to be accurately obtained. The effect of
compressibility may be considered, to a first approximation,
simply as influencing the heat-transfer temperature difference
to be used in the above-developed equations; that is, & part
of any desired increase in the skin temperature will result
from aerodynamic heating, and this part of the temperature
increase involves no expenditure of heat.

The temperature field near the heated surface of an airfoil
or body of revolution operating at high Mach numbers may
be determined by superposing the heat-transfer temperature
field on that due to the friction heating as in reference 8.
Eckert (reference 9) has shown that the temperature field
due to aerodynamic heating for ¢=1 may be expressed as

n )]
SLaeT, (T"})’

Superposing this on the temperature field for heab trans-
fer,'which may be given as

—tp_ (tv_to) %

t=tb+7;
or
M’o’Ta

b=ty

the combined temperature field is

=ty (=) (§)+ 15 MIT= 15 2027, ()

It is evident that at y=0

(dy v-o_

which indicates that the heat transfer corresponds to the
heat-transfer temperature field, so that for compressible
flow the only correction necessary is that of correcting the
skin temperature for the rise in temperature due to aero-
dynamic heating..

— ) du)

=0

Eckert has shown that the temperature of the surface due
to compressibility effects ¢y, is

—ty 7 T MAT,

tM =tg+”r"§—]; .A.'[cho_‘ 1 AILL.TL“‘ ‘\l;' %‘—"‘]; ﬁ{}"TL

or

tu=to T MAT, [1—(1 — 7) (g)’]

The heat-transfer temperature difference for the laminar
region, ¢=0.760, is then

(bt =(t—1)—0.2 M2T, [ 1-0.13 (#)]
and for the turbulent region, o=1

(ty—to) =(t—1t)— 0.2 M} T,
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