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Preface

Atits 73rd meeting in the fall of 1991, the Structures and Materials Panel held a Workshop to address compression loading and
fluid effects in composite materials, two important topics related to the technology development of these materials. The
purpose of the Workshop was to identify the current state-of-the-artin key issues related to these subjects that were of common
interest between participating nations.

Papers presented revealed some areas of common concern. In the area of compression loading there was considerable concern
over the quite different results obtained from various test methods. It was agreed that the failure modes produced by the various
test methods along with a better fundamental understanding of compression failure were key issues in the development of
compression test methods. In the area of fluid effects, a lack of a comprehensive data base hampers identification of key
mechanisms leading to fluid degradation. This is further complicated by the fact that interactions depend on the fluid and the
composite under consideration. For example, the effect of moisture is often different than the effect of jet fuel for a given
composite system.

Itis hoped that the Workshop, bringing together the various experiences of industry, government, and universities, has served in
achieving the goal of identifying key issues related to compression loading and fluid effects in composite materials.

Preface

Lors de sa 73éme réunion, au printemps 1991, le Panel AGARD des Structures et Matériaux a organisé un atelier sur les
charges de compression et les effets fluidiques dans les matériaux composites: deux questions importantes pour le
développement technologique de ces matériaux. L'atelier a eu pour objectif de définir I'état de I'art dans les domaines clés
connexes d’intérét commun aux pays participant.

Les communications ont fait état d’un certain nombre domaines d’intérét commun. En ce qui concerne les charges de
compression, les participants ont fait part de leurs inquiétudes devant I'importance des écarts entre les resultats obtenus par les
différentes méthodes d’essai. Ils ont été unanimes pour reconnaitre que les modes de rupture engendrés par les différentes
méthodes d’essai représentaient des éléments clés pour le développement des méthodes d’essais de compression.

Dans le domaine des effets fluidiques, le manque d’une base de données compléte entrave I'identification des mécanismes clés
conduisant a la dégradation des fluides. La situation est aggravée davantage par le fait que les interactions dépendent du fluide
et du matériau composite en question. Par exemple, les effets de 'humidité sont souvent tres différents des effets d'un carburant
réacteur pour un systeme de matériaux composites donné.

It est a espérer que latelier, qui a réuni des experts de I'Industrie, de IAdministration et des Universités, a contribué a
I'identifieation des questions clés relatives aux charges de compression et aux effets fluidiques dans les materiaux composites.

James M.WHITNEY
WL/MLBM
Wright-Patterson AFB
United States
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ISSUES IN COMPRESSION LOADING
OF COMPOSITE STRUCTURES

James M. Whitney
University of Dayton
300 College Park
Dayton, Ohio 45469-0240, USA

SUMMARY

Compression loading causes difficulty in the
development of test methods and failure criteria.
Compression testing has produced considerable
controversy with a number of different experimental
methods being considered. Each method, however,
often produces different values of apparent compression
strength. The failure mode is the key issue, as each test
method may produce a different failure mode. In
addition, the failure modes often depend on fiber and
matrix properties and on laminate geometry. When data
is reported the failure mode is often ignored. In
analyzing failure modes one must consider how relevant
the test geometry and load introduction is to the actual
application for which the data is being generated.
Development of failure criteria also creates difficulty
because of the various possible failure modes. This
paper considers these issues in detail.

1. INTRODUCTION

Advancements in carbon fiber technology have
given rise to considerable weight-savings potential in
composite structures. Improvements in fiber tensile
strength and stiffness have not, however, been matched
by improvements in compressive strength. To
understand the reasons for this problem, considerable
research is being done in the field of compression
testing. The objective is to study the behavior of
composite components under compression loading and
to relate their behavior and failure modes to the intrinsic
properties of the materials. The final goal then is to
develop a reliable method for testing the compressive
strength of composites as related to design requirements.

The need to critically evaluate composite material
test methods has increased in recent years due to the
complex nature of data required for design
considerations. The heterogeneous, anisotropic nature
of fiber reinforced composites has required careful
scrutiny of any test method or proposed test method
from an applied mechanics point of view. Thus, a
number of papers have appeared in the technical
literature which addressed test methods from a
theoretical standpoint. Although the importance of
analysis in the development of experimental techniques
is well recognized, recent attention has been
concentrated in the area of failure modes associated with
certain test methods [Ref. 1]. In particular, the failure
mode assumed in conjunction with a given data
reduction scheme may not be attained in practice. The
possibility of multiple failure modes also makes it
difficult to develop failure criteria for compression

loading.

In the present paper test methods and failure criteria
associated with compression loading of fiber reinforced
composites are scrutinized.

2. COMPRESSION FAILURE MODES

Compression failure models have traditionally been
based on fiber micro-buckling as the dominant failure
mode. Such a model was originally suggested by
Rosen [Ref. 2] and involves the buckling of individual
fibers in the matrix. The lowest compression strength
is obtained with the anti-symmetric mode as shown in
Fig. 1. The compression strength for this failure mode

Fig. 1 Microbuckling

is given by the relationship

SLC = __c;L (l)
(1-Vy

where Spc, G, ,and V¢ are the longitudinal
compression strength, matrix shear modulus, and
volume fraction of fiber, respectively. For current
engineering composites eq. (1) predicts a compression
strength far above experimentally measured values.
Lower compression strength can be predicted in
conjunction with microbuckling if one considers
imperfections in the form of initial curvature of the
fiber [Ref. 3] or initial fiber misalignment [Ref. 4]. In
these models the imperfections are assumed to be
uniform. In actuality fiber curvature and misalignment
are likely to be rather random. The models are
valuable, however, in demonstrating the effect of these
initial imperfections on compression strength if failure
is due to fiber microbuckling. Fiber microbuckling as
illustrated in Fig. 1 is not observed in practice as a
primary failure mode. Current state-of-the-art matrix
materials are stiff enough (at least at room temperature)
to provide sufficient support for the fiber. If
longitudinal splitting (see Fig. 2) occurs first, however,
the fiber loses support and can buckle as a column.
Longitudinal splitting can be initiated by transverse
stresses. Such stresses can be initiated even in
compression loading of a unidirectional composite due
10 a mismatch of Poisson's ratios between the fiber and
the matrix.
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Fig. 2 Longitudinal Splitting

Another failure mode which has been discussed in
detail by Hahn and Williams [Ref. 3] involves local
bending or buckling of a fiber. This local fiber
instability can lead to the buckling of adjacent fibers and
the formation of a "kink-band" which then leads to shear
crippling. A kink-band is illustrated in Fig. 3. The
formation of kink-bands can be initiated in regions of
voids or where the fiber.matrix interface is locally

disbonded.
— :
petl]——

Fig. 3 Kink-band

The final failure mode observed in a unidirectional
composite under compression loading is shear failure of
the fiber (see Fig. 4). This failure mode is commonly
observed in pitch base graphite fiber composites and
under certain conditions can also be produced in pan
base graphite fiber composites.

Fig. 4 Fiber Failure

The problem in characterizing composite
compression strength arises from the fact that these
failure modes are all possible under various
circumstances. Load introduction, free-edge effects, and
specimen alignment are some of the factors which may
influence the failure mode. In some cases the observed
failure mode is secondary to other events such as
delamination.

For multidirectional laminates the 0° plies will be
under biaxial loading which creates an interesting
challenge relative to failure criteria. In particular
consider the three loading conditions shown in Fig. 5.
One would anticipate a higher compression strength in
the presence of transverse compression loading (Fig. 5b)
compared to pure compression (Fig. 5a). However, if
the transverse load is tension (5c), one would anticipate
a lower longitudinal compression strength. We envision
that transverse compression would provide additional
stability to the longitudinal compression loading, while
transverse tension would have the opposite effect. In
addition transverse tension could possibly induce
longitudinal splitting followed by fiber microbuckling.

(a)

r

(©
Fig. 5 Biaxial Loading

The anticipated difference in longitudinal
compression strength between the loadings shown in
Fig. 5 are not predictable with conventional failure
criteria. Maximum stress and maximum strain do not
recognize coupling between longitudinal and transverse
normal stresses. For criteria which recognize coupling
between stress components, such as the quadratic
interaction criterion introduced by Tsai and Wu [Ref. 5],
there are also problems which we will now consider.
This criterion is of the form

or? + or?
Stt SLe  Str Ste
- OL OT + ILTZ (2)

2VSLT Ste Str Ste TLT2

1 1 1 1 —
s - Dyo+ (- Lyor=1
Sit Sic Str Stc

where oy, 61, and T1, are the normal stresses parallel
to the fibers, transverse to the fibers, and inplane shear
stress, respectively. The strength parameters Sy, Sic,
ST, Stc, and Tpp, denote lensile strength and
compression strength parallel to the fibers, tensile and
compression strength transverse to the fibers, and the
inplane shear strength, respectively.

The linear terms and the interaction term between
oL, and o1 govern the loading conditions shown in
Fig. 5b and S5c. In particular, let us consider the two
inplane loading conditions



OL = - Go, 6T =t Roo )

oo, R>0

Under these loading conditions eq. (2) reduces to the
form

ac?+bco-1=0 @)
where

2
a= 1 + R t R )
SurSic StrStc 2YSLTSLeSTrSTC

b= - L +R(1--1))
SLc Sit Str StC

As an example, let us consider the case where R =
+ 0.02 in conjunction with a unidirectional composite
having the following strength properties:

Sit = Si.c =36 MPa
Str=1MPa, Stc =3 MPa

G

These strength values are typical of state-of-the-art
graphite/epoxy materials. Substituting these strength
numbers into eq. (2) we find that failure would occur at
oo = 46.7 MPa for the case of transverse compression
loading (R=-0.02). Thus, the longitudinal compression
strength is enhanced by the presence of the transverse
compression loading. If we reverse the transverse load
to tension (R=+0.02), then failure occurs when Gy =
25.0 MPa, indicating that the transverse tension load
reduces the longitudinal compression strength. Now let
us consider the case where transverse compression and
tension are equal, i.e.

Sic = Sir = SL = 36 MPa
Stc=S81tr=ST=1MPa

©

Equation (4) now reduces to

Go= 28187 )
N2 (2512 + RSL (2RSL £ S7) ]

For the case of transverse compression (R=-0.02),
failure occurs at g9 = 33.4 MPa and for transverse
tension (R=+0.02), failure occurs at ¢y = 26.3 MPa.
Thus, we obtain a lower strength by applying transverse
compression in conjunction with longitudinal
compression. It should be noted that the transverse
stress at failure is below St in both cases. If we raise
the transverse strength such that

Str = Stc = ST =3 MPa ®
then we obtain a failure stress 6y = 37.2 MPa for
transverse compression and oy = 33.2 MPa for

transverse tension.
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These numerical results do not make physical
sense. In particular, an increase in longitudinal
compression strength in the presence of transverse
compression should not depend on a difference between
Str and Syc, assuming that o < Spc at failure. In a
similar manner, the sensitivity of the longitudinal
compression strength to transverse compression load
should not depend on Src, as long as 61 < Stc at
failure. In addition, a cursory examination of eq. (7)
reveals that the value of o, at failure would be identical
for biaxial tension and biaxial compression. In the case
of biaxial tension, one would anticipate that transverse
tensile load would be detrimental or have no effect on
longitudinal tension failure provided o7 < Syt at failure.
Thus, there are difficulties associated with using a
quadratic interaction criterion in conjunction with the 0°
unidirectional ply loading as illustrated in Fig. 5. New
approaches to failure prediction for this type of loading
are required.

3. COMPRESSION TESTING

In order to illustrate difficulties associated with
compression test methods, we will consider two
configurations of the IITRI compression test (ASTM D-
3410) which produce entirely different apparent
compression strength and failure modes. The
conventional IITRI specimen produces apparent
compression strengths and failure modes which are
typical of current state-of-the-art compression test
methods. The second configuration of the IITRI test
involves a mini-sandwich beam consisting of composite
face sheets co-cured with a core material constructed of
the same matrix contained in the face sheet [Ref. 6].
The mini-sandwich beam produces fiber failure, while a
very complex failure mode is associated with the
standard IITRI specimen. Unidirectional data in
conjunction with AS-4/3501-6 graphite/epoxy are
discussed. Consideration is also given to the
relationship between coupon compression data and needs
of the designer.

3.1 Conventional IITRI Specimen

The conventional IITRI specimen is an option to
the Celanese compression test method as described in
ASTM D 3410. For the present investigation data is
considered in conjunction with [0°],,, AS-4/3501-6
composites [Ref. 7). The specimen is a straight-sided
coupon with a length of 127 mm and a width of 6.35
mm. An unsupported gage length of 12.7 mm is
utilized in this test method. Specimens are gripped
through tapered glass/epoxy end tabs. Compression
strengths as measured from the conventional IITRI
specimen are shown in Table 1.  Failure was initiated
near or in the end tab region with delamination being
the primary mode of failure.

3.2 The Mini-Sandwich Beam

A mini-sandwich beam has been introduced by Crasto



and Kim [Ref. 6] as an alternate configuration to the
conventional IITRI specimen. The original sandwich
beam consisted of a composite face sheet and a metal
face sheet bonded to a honeycomb core. Load was
introduced through four-point bending with the
composite face sheet on the compression side. This
specimen is large, expensive to fabricate, and requires a
large volume of material for a single specimen. In

TABLE 1 Conventional IITRI Data [Ref. 7]

Geometry Strength (MPa)
[0°1y 1028
Vi =62% 1097
1176
1174
1163
AVG 1128

addition, premature failure often occurs in the form of
crushing of the composite skin under the load nose. In
the mini-sandwich beam the honeycomb core is replaced
by solid resin of the same material as the matrix of the
composite being tested. Composite prepreg is placed
on both sides of the resin core and the unit is co-cured
(or co-consolidated), eliminating the conventional
adhesive layer. The specimen is then loaded in
compression, using a standard IITRI fixture rather than
the four-point loading configuration of the conventional
sandwich beam. Back-to-back strain gages indicate that
macro-buckling does not occur in the mini-sandwich

specimen,

Sandwich beam data obtained from Ref. 6 are
shown in Table 2. The face sheets are [0°],

unidirectional composites. Typical failure modes

TABLE 2 Mini-Sandwich Data (Ref. 6)

Face Sheet Strength (MPa)

Geometry

[0°)p 2105

V¢ =65% 2070
2084

AVG 2086

obtained with unidirectional face sheets are shown in
Fig. 6. Unlike the conventional IITRI specimen fiber
fracture is the primary mode of failure. The angle of the
fracture path is at approximately 75° to the specimen
axis.

4. DISCUSSION

It is apparent from the data presented in Tables 1
and 2 that the ultimate composite compressive stresses

obtained with the mini-sandwich beam greatly exceed
those obtained with the conventional IITRI specimen.
The key to this difference is the failure mode. As
shown by Tan [Ref. 8], large interlaminar stresses are
present under the tab region in the conventional
unidirectional IITRI specimen making the specimen
prone to delamination. The large loads required to fail
the fiber in compression accentuate the tendency to
delaminate.

From a design perspective one needs to question the
relevance of the high compression strengths observed in
the mini-sandwich beam. It is possible in structural
applications, just as in the case of the conventional
IITRI specimen, that initial failure may be in the form
of delamination which will cause catastrophic failure
due to fiber buckling. However, in any design situation
it is important that the failure modes and processes are
well understood if an intelligent design is to be
performed. It is of little consequence that a structure is
able to withstand its design load if the failure mode is
not the one designed for. From a materials standpoint it
does not make sense to attempt to improve the
compression strength of the fiber if the failure process
involves modes which do not invoke fiber failure.
Thus, it is important to be able to measure the intrinsic
compression strength and to understand the failure
processes that occur under cornpression loading. In
addition, the complex failure processes may cause
considerable difficulty in developing failure criteria, as
illustrated when a quadratic failure criterion was utilized
in conjunction with the loading conditions shown in
Fig. S.

5. CONCLUSIONS

Experimental data reviewed in this paper indicates
that the intrinsic compression strength of high
performance composites may be much higher than
indicated from data obtained with state-of-the-art
compression tests such as the conventional IITRI
method. In these specimens premature failure is often
induced by large interlaminar stresses under the end tabs.
Although the intrinsic compression strength may be
difficult to achieve in structural applications due to
other failure modes initiating the failure process, it is of
practical importance to be able to determine this
number. Complex failure modes and processes make it
difficult to develop failure criteria for compression
loading.
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A NEW TEST METHOD TO DETERMINE THE COMPRESSIVE STRENGTH
OF FIBER-REINFORCED COMPOSITES

A. S. Crasto and R. Y. Kim
University of Dayton Research Institute
300 College Park, Dayton, OH 45469-0168, USA

J. M. Whitney
WL/MLBM
WPAFB, OH, USA

1. SUMMARY

The measured compression strength of advanced
composites is sensitive to specimen inhomogeneities,
loading geometry, and test conditions. Consequently, the
reported "strength” is not an intrinsic material property,
but simply the "failure stress under compression loading,"
and varies widely for a given composite system. To
obtain a more accurate measure of the material property,
premature failure must be avoided, and a specimen was
specifically designed for this purpose. The specimen is a
miniature sandwich beam with identical composite skins
on either side of a neat resin core, and can be tested in
axial compression as well as four-point flexure. The axial
compressive properties of epoxy composites reinforced
with carbon, glass, and boron filaments, and composites
of carbon fibers in a polyetheretherketone (PEEK) matrix
have been evaluated with this specimen in an IITRI test
fixture. Failure occurred predominantly in the gage
section for unidirectional composites at composite stresses
and strains substantially higher than those observed with
all-composite test coupons and with substantially less
variation in the data. Multidirectional laminates also
displayed higher strengths with the sandwich specimen.

2. INTRODUCTION

Improvements in the strength and stiffness of reinforcing
fibers have promoted similar improvements in most
composite properties, an exception being composite
"compression strength.” This "property" has either
remained the same, or deteriorated, promoting extensive
studies to characterize the response of a composite to
compressive loading. A key requirement in the
measurement of true compression strength is that the
composite fail in compression, and not as a consequence
of eccentric loading and/or poor specimen design or
quality. Hahn and Williams [1] have defined three modes
of failure for unidirectional composites under compression
loading, with true compressive failure precipitated by
shear failure of the fibers. While this failure mode is
commonly observed in composites of low compression
strength (such as those reinforced with high-modulus
pitch-based carbon fibers), it has never been reported in
composites of low or intermediate-modulus PAN-based

carbon fibers (such as AS4 and IM8). What is generally
observed in careful testing of composites of these fibers is
failure via fiber microbuckling, which implies that the
full compressive potential of the reinforcing fiber has not
been realized.

Over the years a number of compression tests have been
devised for composite materials, where specimens are
directly end-loaded, loaded through shear, or loaded in four-
point flexure. Specimen shapes have also varied from
straight-sided coupons to tubes, rings, and sandwich
structures. The most popular test method is the shear
loading of a straight-sided coupon through bonded tabs in
an IITRI or Celanese test fixture [2]. Refinements to this
technique have included variation of the specimen gage
length [3], tabs of different materials and end taper angles,
both bonded and unbonded [4], and modifications to the
test fixtures themselves [5]. The success of any refinement
is generally measured by the increase in "compression
strength” for a given composite. Implied in this belief is
that "compression strength” as conventionally reported is
not an intrinsic material property, but simply put, the
"failure stress under compressive loading." This failure
stress is determined by the failure mode, which in turn
may be dependent partly on composite variables such as
the strength of the interface bond or the shear stiffness of
the matrix, and partly on the specimen geometry and test
method. If this measured "compression strength” is not
an intrinsic material property but dependent rather on
specimen design and test conditions, the usefulness of this
data in the design of structures subjected to compression
loading is debatable. However, in an effort to evaluate the
compressive properties of fibers and composites, it is
necessary to develop a test technique which precludes
premature failure and thereby provides a better comparison
of true compressive strengths. With this in mind we have
developed a miniature sandwich specimen which is a
variation of the traditional honeycomb sandwich
specimen.

3. DESIGN RATIONALE

There are two keys to obtaining accurate, reliable
composite compression strengths. The first is related to
good composite quality (minimum variations in fiber
alignment and fiber volume fraction) and precise specimen
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alignment with the loading axis, and with sufficient care,
these can be satisfied; the second encompasses specimen
design. An ideal design should minimize stress
concentrations at the ends of the gage section and allow
the specimen to fail in compression before the critical
buckling load is reached. A sandwich structure, in which
composite skins are separated by a material of lower
modulus, satisfies the latter requirement: the specimen
fails at a lower load (since it has fewer composite plies
than a conventional specimen) and the geometry provides
greater stability against buckling. Sandwich specimens
have been proposed in the past [6], and a four-point flex
test method which employs a sandwich specimen is also
incorporated in ASTM D-3410. These specimens are
large and expensive to fabricate and have therefore seen
limited use. In addition a mismatch of Poisson's ratios
between composite skin and core (usually an aluminum
honeycomb) can cause premature debonding between the
two under an applied load and artificially lower strengths.
Furthermore, when tested in flexure, local crushing of the
composite skin beneath the loading pins also occurs
frequently, with consequent premature failure. In spite of
these drawbacks sandwich specimens, in general, yield
higher "compression strengths" than other specimen
geometries.

To overcome the problems described above, (a) specimen
size should be reduced to where it can be tested on
conventional test fixtures in axial compression, (b)
material and fabrication costs should be reduced, and ©)
Poisson's ratios of core and skin should be better matched.
Accordingly, a miniature sandwich specimen was designed
to address these issues. The length and width of this
sandwich specimen is the same as for conventional
compression test coupons, while the volume of composite
material is reduced by 67%. The aluminum honeycomb
core is replaced with a slab of neat resin, and skin and core
are bonded in-situ during composite cure eliminating the
need for an intermediate adhesive layer. Furthermore,
Poisson's ratios of the resin core and unidirectional
composite skin are better matched than in traditional
sandwich specimens. In comparison to conventional test
coupons, these miniature sandwich specimens have
significantly lower stress concentrations over their gage
length under axial loading, as determined from finite
element modeling. The longitudinal stress oy is
maximum at the end of the gage section with a stress
concentration factor of 1.4 for conventional coupons and
only 1.2 for the miniature sandwich specimen [7]. These
modifications should allow a more realistic and reliable
estimation of composite compression strength.

4. EXPERIMENTAL
4.1 Materials

The cores of the miniature sandwich specimens were
fabricated from neat epoxy resins, either 3501-6 (a 177°C-
cure epoxy system from Hercules, Inc.) or Epon 828 (an
epoxy resin from Shell Chemical Co.) cured with
Jeffamine D-230 (a polyetheramine from Texaco Inc.), and
polyetheretherketone (PEEK), which was obtained as a

0.125 mm thick film (Stabar K from ICI Americas, Inc.).
The composite skins were fabricated from the following
prepreg tapes: AS4/3501-6, IM8/3501-6 (Hercules, Inc.),
S-Glass/1034 (Fiberite), AS4/APC-2 (ICI/Fiberite), and
boron/epoxy 5505/4 (Textron, Inc.). AS4 and IMS8 are
intermediate-modulus PAN-based carbon fibers, and the
matrices 1034 and 5505 are epoxy systems with cure
cycles similar to 3501-6.

4.2 Fabrication of thermoset sandwich panels

4.2.1 Elevated-temperature cured core

A mold was constructed from two square glass plates
(25.4 cm x 25.4 cm) separated by a uniform metal spacer
(3.18 mm thick) along three sides. This assembly was
clamped firmly together to produce a rectangular cavity
approximately 22.8 cm x 20.3 cm x 3.18 mm, open at
one end. The plates and the spacer were liberally coated
with a release agent (Frekote 40) prior to assembly.
Approximately 180 g of 3501-5 epoxy resin were melted
and debulked under vacuum at 120°C for 1 hour to remove
entrapped and dissolved air. The molten resin was then
cast in the heated mold, heated at 120°C for another 3
hours, and cooled slowly to room temperature to yield a
solid rectangular casting. A 15.3 cm x 15.3 c¢m square
was cut from this plate, and both faces were lightly sanded
and rinsed with acetone to remove residual release agent.
An equal number of unidirectional fiber/epoxy plies were
placed on either side of this partially cured plate, and the
assembly was co-cured in an autoclave with the standard
composite cure cycle. The product was a symmetric
miniature sandwich panel with excellent bonding between
composite skin and resin core.

4.2.2 Room-temperature cured core

In an alternative technique, symmetric multidirectional
laminate face sheets were first fabricated with the standard
cure cycle, lightly sanded, and then used to form the mold
(replacing the glass plates in the assembly detailed above).
Epon 828 (with 32 phr Jeffamine D-230) was then cast in
this mold and allowed to cure at room temperature for 2
days. The result was a symmetric miniature sandwich
panel with good bonding between face sheets and core.

~ 4.3 Fabrication of thermoplastic sandwich

panels

An assembly consisting of an equal number of
unidirectional AS4/APC-2 plies on either side of 25
sheets of PEEK film was consolidated in a 22.9 c¢m x
15.2 cm closed mold under heat and pressure in a thermal
press. Under an initial pressure of 70 KPa, the
temperature was ramped up to 370°C in 1 hour. The
pressure was then slowly increased to 350 KPa (at
temperature) over 15 minutes, held constant, and the panel
cooled. Flash was minimal and the sandwich panels
obtained were free of warpagz and displayed excellent
consolidation and skin-to-core adhesion.

4.4 Testing of sandwich panels

After assuring laminate quality by ultrasonic C-scans,
tensile, compressive, and four-point flex tests were



performed on specimens cut from these sandwich panels.
Specimen sizes were in accordance with ASTM standards
for conventional laminates, and tests were also conducted
under similar conditions. Four-point flex tests were run
with quarter-point loading on 12.7 mm wide sandwich
beams with a span-to-depth ratio of 20:1 and a loading rate
of 1.25 mm/min, and strains were measured on both
composite skins (undergoing tension and compression).
To prevent premature failure from local crushing under the
line loading of the contact pins, thin rubber pads were
placed between these pins and the specimen. Axial
compression testing was performed in an IITRI fixture on
specimens 127 mm long, and 6.4 mm wide. Specimens
were gripped through bonded tapered glass/epoxy tabs with
a gage length of 12.7 mm. Strain gages were bonded to
both faces of each specimen to monitor any bending or
buckling resulting from eccentric loading. An additional
strain gage was bonded to the side of selected specimens to
simultaneously measure axial strain in the core. Tensile
tests were also performed on specimens from these panels.
Failed specimens were examined in an optical microscope
and also in a JEOL JSM 840 scanning electron
microscope.

5. RESULTS AND DISCUSSION

By simultaneously consolidating or curing the
components in a miniature sandwich panel, excellent
adhesion is obtained between skin and core without the
necessity of an intermediate adhesive layer. From an
optical examination of sandwich cross-sections in Figure
1, it can be seen that the matrix material is continuous
from skin to core with no discernible interface between the
two. This is not unexpected in the thermoplastic
sandwich where core and prepreg resin fuse together during
panel consolidation. The continuity in the epoxy
sandwich is due to the fact that the starting resin core is
gelled (at 120°C) and not fully cured. This partially-cured
core softens during final cure in the autoclave (at 177°C) -
as determined from a measurement of dynamic shear
modulus as a function of temperature - and blends with the
matrix of the prepreg.

When a symmetric sandwich specimen is subjected to
direct axial compression, the compressive stress (Gs) on
the composite skin can be calculated from the rule of
mixtures and is written as:

os = (op- &EcVe)/ Vs m

where g, E and V are the compressive strain, compressive
modulus and volume fraction, respectively, and the
subscripts t, s, and ¢ refer to the total specimen, skin
(composite), and core (resin), respectively. This
expression assumes perfect skin-core bonding with
identical axial strains (g¢) throughout the specimen. Axial
compression of the neat resin core revealed nonlinear
stress-strain behavior for both PEEK and 3501-6 with the
modulus decreasing with increasing stress. Figure 2
shows average stress-strain curves for neat 3501-6 and
PEEK specimens up to the strains at which they buckle
(as determined from the divergence of back-to-back strain
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gages). An epoxy specimen with a reduced gage length
(7.6 mm) gives essentially the same curve but extends out
to about 3.5% strain before buckling. The data for both
PEEK and epoxy cores can be fit by quadratic equations,
and differentiation of these lead to linear expressions for
the compression modulus as a function of strain. These
variable core moduli (E¢) were used in the above equation
(1) to calculate composite compressive Stresses.

Composite compressive stresses (0g) in the four-point
flex test (at quarter-point loading) were calculated from the
following expression [8]:

og = PL/8bh (t+h) 1))

where P is the load, L is the span, b is the specimen
width, and t and h are the thicknesses of the core and skin,
respectively.

To verify the validity of the results obtained with these
specimens, miniature sandwich beams were also tested in
tension. Calculated composite tensile strengths and
moduli were identical to those obtained from conventional
composite coupons. Furthermore, the measured strains in
the skins and core were identical wher these beams were
loaded in either tension or compression, verifying the
assumption underlying equation (1). The results of the
axial compression and four-point flex tests on these
miniature sandwich specimens are summarized in Table 1.
Also included in this table are the average compression
strengths obtained for all-composite coupons tested under
similar conditions.

5.1 Compression of Unidirectional
Graphite/Epoxy Composites

AS4/3501-6 unidirectional composite coupons tested in
axial compression usually fail prematurely, either via
global specimen buckling or from stress concentrations in
the gripped region. Figure 3 illustrates one such case,
where stress concentrations result in intralaminar splitting
originating under the tab. As a result of premature failure,
reported compressive strengths for this composite system
are in the neighborhood of 1300 to 1500 MPa which is
considerably lower than the value obtained from the
miniature sandwich specimen. Figure 4 shows a typical
composite stress-strain curve from a sandwich specimen
with unidirectional 2-ply skins. The strains are the
average from back-to-back strain gages, while the stresses
are calculated from equation 1. What stands out in this
plot is the nonlinear behavior of this material in
compression and the relatively high failure stress and
strain compared to conventional composite specimens.
This softening in compression is attributed to a reversible
reduction in fiber stiffness with increasing strain.
Examination of failed specimens revealed fracture of the
skin in the gage section with the fracture path at an angle
of approximately 75 degrees to the specimen axis (Figure
5). This fracture was accompanied by delamination and
core cracking.

Specimens with unidirectional 4-ply skins displayed
composite stress-strain curves similar to those of
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specimens with 2-ply skins. Two such compression
stress-strain curves are shown in Figure 6 for the same
specimen. This specimen was initially loaded to a strain
of 1.5%, unloaded to zero, and then loaded again to failure.
The second stress-strain curve is almost identical to the
first, demonstrating the reversible nonlinear behavior of
this composite in compression. The plotted data follow a
quadratic fit, and hence the compression modulus varies
linearly with strain, dropping from an initial value of 144
GPa to 100 GPa at a strain of 1%. This is in contrast to
the tensile stress-strain behavior of these composites,
where a stiffening is noted with increasing strain [9]. The
magnitude of the skin failure stress for some of these
sandwich specimens (~ 2140 MPa) is of the same order as
the composite tensile strength, implying that this
composite is at least as strong in compression as it is in
tension.

The 4-ply sandwich specimens also failed in the gage
section (Figure 7) in a manner similar to that observed in
the 2-ply specimens. A microscopic examination of the
skin fracture surface revealed fiber fracture morphology
uncharacteristic of microbuckling near the outer surface of
the composite skin. A section of this surface is shown in
Figure 8. The hackles across the fiber cross-sections, all
oriented the same way, suggest a shearing of the fibers
induced by the compressive loading. In the absence of any
published micrographs on the compression fracture
morphology of AS4, it is suggested that these fracture
features reflect true compressive failure of the fibers. On
the same composite fracture surface, but closer to the core,
there was evidence of failure via fiber buckling. In this
case each fiber cross-section exhibited a dual tensile and
compressive fracture morphology with a distinct neutral
axis and with the neutral axes of all fibers aligned in the
same direction. These observations suggest that the
initial compressive failure on the outer surface of a skin
produces an eccentricity in the applied stress, promoting
instantaneous buckling and catastrophic global failure.
With an increase in each composite skin thickness to 6
(unidirectional) plies, the considerably higher applied loads
promoted global buckling of the specimen and premature
failure, though at composite stresses still significantly
higher than observed for all-composite coupons. For the
core thickness employed in this study (3.18 mm),
therefore, a skin consisting of 2 to 4 plies is
recommended.

IM8/3501-6 unidirectional composites displayed a similar
response to axial compressive loading as AS4/3501-6.
Typical stress-strain curves for all-composite and 2-ply
sandwich specimens are shown in Figure 9. Both curves
demonstrate a pronounced nonlinearity, and the difference
in slopes is due to differences in fiber volume fractions.
The average ultimate compression strength for this
composite system is 2300 MPa, which is almost 10%
greater than the corresponding value for AS4/3501-6.
This result was unexpected, since in general an inverse
correlation is observed between carbon fiber stiffness and
composite compression strength. (Moduli of AS4 and
IMS8 are 225 and 310 GPa, respectively.)

3-5

In the four-point flex testing of these miniature sandwich
specimens, failure initiated in the brittle epoxy core,
presumably in that section of the core in tension. The
crack then bridged the two composite skins followed by
skin/core delamination in the gage section. These
premature failures resulted in lower ultimate skin stresses
than observed for the same panel in axial compression,
although these failure stresses and strains still
significantly exceed the corresponding values for all-
composite coupons tested similarly (see Table 1).
Successful testing in flexure may require a core material
less sensitive to flaws.

5.2 Compression of Unidirectional
AS4/APC-2 Composites

AS4/APC-2 miniature sandwich panels were fabricated
with unidirectional 2-ply skins on either side of a PEEK
core. In direct axial compression of these specimens,
failure occurred at composite stresses lower than obtained
with the corresponding epoxy sandwich, although
substantially greater than obtained with similar (24-ply)
all-composite coupons (see Table 1). The composite
stress-strain curve also exhibits reversible nonlinearity
similar to that seen with AS4/3501-6, but failure occurs
at significantly lower strains (Figure 10). Some
specimens failed in the gage section with the skin
fractured at approximately 75 degrees to the specimen axis
(Figure 11). Under SEM examination some fibers had a
shear fracture morphology similar to that seen in
AS4/3501-6 sandwich panels (see Figure 8), while others
displayed the dual tensile/compressive fracture
morphology typical of fiber buckling. In other specimens
the composite skin buckled at a number of locations
below the tab. Differences in compressive strengths
between thermoplastic and thermoset composites
reinforced by the same carbon fiber have been noted
before. In our tests the difference in compressive
strengths between AS4/3501-6 and AS4/APC-2
(normalized to the same fiber volume fraction) is less than
15%. At least part of this difference may be attributed to
the significantly higher residual stresses in the
thermoplastic composite.

These sandwich specimens were also tested in four-point
flexure, and typical stress-strain curves for the skins in
tension and compression are shown in Figure 12. The
divergent curves emphasize the stiffening of the composite
in tension and softening in compression. Initial failure
occurred via fracture of the composite skin between the
loading pins on the surface in compression at an angle of
approximately 75 degrees to the specimen axis (Figure
13A). This was accompanied by interlaminar failure
between the two skin plies. No other specimen damage
was evident. SEM examinations of the composite fracture
surfaces revealed fiber shear as the primary failure mode
with skin buckling evident at some distance from this
failure site (Figure 13B). The sheared faces rubbed against
each other following fracture, and not much information
could be gleaned from their examination. Because of the
toughness of this core material and its lower sensitivity to
crack propagation than the brittle epoxy, the core did not
fracture prematurely in this test. Compressive strengths
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from this test therefore match those obtained from the
axial compression test (Table 1) and are in fact slightly
higher.

5.3 Compression of Unidirectional
S-Glass/1034 Composites

Miniature sandwich panels were fabricated with 4-ply
unidirectional S-glass/1034 skins and a 3501-6 core. The
skins displayed a linear stress-strain relationship in direct
axial compression and failed catastrophically at composite
strains approaching 4%. The stresses at failure, in excess
of 2200 MPa, are believed to be the highest measured for
a unidirectional glass/epoxy composite. Failure occurred
via a combination of fiber fracture, longitudinal splitting
and delamination, with subsequent core cracking. In
contrast, unidirectional all-composite coupons tested under
similar conditions buckled globally at approximately
2.5% strain, yielding considerably lower failure stresses
(see Table 1). Representative composite stress-strain
curves for both types of specimens are shown in Figure
14. This comparison illustrates the influence of specimen
and test variables on the composite failure stress. It also
clearly indicates the error in misrepresenting any failure
stress under compressive loading as the intrinsic
composite compressive strength without first examining
the specimen stress-strain behavior and failure mode. The
linear stress-strain behavior of the composite is
characteristic of the glass fiber reinforcement. In
conjunction with the nonlinear stress-strain behavior
observed in carbon-fiber composites, these results suggest
that composite stress-strain behavior is indeed a function
of fiber stress-strain behavior. In the four-point flex test,
the considerable bending strains experienced by these
specimens resulted in premature core crackin g beneath the
loading pins, with attendant skin/core delamination and
longitudinal splitting of the composite. As a result
compressive stresses at failure were not as high as those
obtained in direct axial compression.

5.4 Compression of Unidirectional
Boron-Epoxy Composites

Boron is known to be stronger in compression than
tension, and this high compression strength makes it
difficult to avoid premature failure in compression tests on
the corresponding composites. Consequently, this fiber
property has never been accurately determined. Data from
conventional composite tests give a filament compression
strength of 850 Ksi [10]. A miniature sandwich panel
was fabricated by employing a single layer of tape on
either side of an epoxy core. Specimens from this panel
behaved linearly under compressive loading up to failure,
and had an average compression strength of 525 Ksi,
which translates to a filament compression strength of
1050 Ksi. Failure occurred in the gage section, and was
accompanied by longitudinal splitting.

5.5 Testing of Multidirectional
AS4/3501-6 Laminates

Initial attempts to fabricate miniature sandwich panels
with multidirectional AS4/3501-6 laminate skins and a

3501-6 epoxy core were unsuccessful, as multiple cracks
developed in the core-due to residual stresses brought on
by the elevated temperature cure. To circumvent this
problem the skins were first cured independently, and a
room-temperature cure epoxy system subsequently cast
between them to form the core.

5.5.1 Cross-Ply Laminates

A sandwich panel with [0/90/90/0] cross-ply skins was
prepared in the manner described above. Direct axial
compression of specimens from this panel gave an average
laminate compression strength of 1080 MPa. A number
of specimens were subjected to multiple loadings to
progressively higher loads and examined after each loading
to identify the primary failure site. These examinations
revealed initial failure via fracture of the outer 0° ply near
or under the tab and delamination between the outer 0° and
90° plies. The two 90° plics as well as the 0° ply in
contact with the core appeared undamaged. For
comparison, coupons from a [0/90]4§ all-laminate panel
were also tested in axial compression. Failure in most
specimens occurred in the gage section at an average stress
of 805 MPa, which is significantly lower than that
obtained with the sandwich specimen. Detailed test
results are shown in Table 1, and a comparison of typical
stress-strain curves is shown in Figure 15. The
coincidence of the two laminate stress-strain curves in this
figure validates the test results obtained with this
sandwich specimen. In these laminates almost all the load
is carried by the 0° plies. Since there is an equal number
of 0° and 90° plies, the compression strength should
therefore be almost half that of a unidirectional composite.
A comparison of the test results for sandwich panels with
these skin orientations shows this relationship to be true.
From the data it appears that, contrary to popular belief,
conventional test specimens also underestimate
multidirectional laminate compression strengths.

5.5.2 Quasi-Isotropic Laminates

Further laminate compression studies were conducted on
two sandwich panels fabricated with quasi-isotropic skins.
The first panel had 8-ply [0/45/90/-45/-45/90/45/0] skins,
and for comparison, a 32-ply all-laminate panel (with
identical ply configuration) was also fabricated and tested.
Test results are summarized in Table 1. Surprisingly,
laminate compression strengths from the sandwich panel
are marginally lower than those of the all-laminate
coupons. On examining the same specimen after multiple
loadings to successively higher stresses, it was apparent
that initial failure occurred in the outer two plies. This
failure took the form of surface ply separation, surface ply
fracture in the gage section, cracks within the neighboring
45° ply, and delamination of the 45° ply from the 90° ply
below it. Figure 16A shows a section of the edge of one
such failed specimen where all these fracture features are
apparent. Figure 16B shows the flat view of a specimen
after final failure. Here, the fracture path in the 0° ply is
seen to follow the angle of the adjacent 45° ply,
suggesting the following sequence for the failure events:
initial shear failure of the 45° ply, subsequent fracture of
the outer 0° ply, and finally, delamination between the
outer 0°, 45° and 90° plies. In the side view of a specimen
after ultimate failure (Figure 16C), delamination between
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FIGURE 15. Typical compressive stress-strain curves
for an AS4/3501-6 cross-ply laminate from a miniature
sandwich specimen and an all-laminate coupon.

FIGURE 16. Photographs of three [0/£45/90]
AS4/3501-6 sandwich specimens loaded in axial
compression. (A) Edge view showing initial damage
and fracture of outer 0° and 45° plies; (B) Flat view
of gage section showing fracture of outer 0° ply;

(C) Edge view after final failure showing separation
of skin from core.
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skin and core is clearly apparent in addition to the other
fracture events. Initial failure of the all-laminate
specimens occurred in a similar fashion, within the outer
two plies. Figure 17 shows the side view of an all-
laminate specimen where the load was arrested and released
after observation of initial failure. An examination of this
photograph shows delamination between the 45° and 90°
plies under the tab and extending into the gage section,
fracture of the 45° ply, and separation of the outer 0° and
45° plies over most of the gage length. After complete
failure, multiple fractures and delaminations can be seen,
extending into the tabbed region. From the compression
strengths generated for this quasi-isotropic laminate by
both specimen types, it appears that the miniature
sandwich specimen offers no advantage over the
conventional laminate coupon.

The resulis from the second sandwich panel (with quasi-
isotropic 6-ply [0/60/-60/-60/60/0] skins) differ
dramatically from those of the first quasi-isotropic panel.
Again, a 24-ply laminate with similar ply orientations
was tested for comparison. Compression strengths for
both are summarized in Table 1. For this quasi-isotropic
ply orientation, sandwich specimens registered a 35%
higher laminate compression strength than corresponding
all-laminate coupons. Initial failure was once again
discerned in the outermost plies of the sandwich specimen,
and surface ply separation was predominant. In this
specimen, the first signs of failure were splitting,
delamination and fracture of a narrow strip of the
outermost ply near a free edge. This occurred at
approximately 75% of the ultimate stress. In the laminate
coupon, on the other hand, failure was more catastrophic
with multiple delaminations and ply fractures, and the
failure initiation site could not be identified. In these
coupons, failure appeared to be preferentially located near
the base of the tab. Comparison of sandwich and coupon
test results with this laminate mirror the results from tests
on the cross-ply laminates and point to the
underestimation of laminate compressive strengths from
conventional specimens. The coincidence of sandwich and
coupon compression strengths for the first quasi-isotropic
panel is likely due to the occurrence of a premature failure
event, such as delamination, common to specimens of
both types.

5.5.3 Free-Edge Stress Analysis

The delaminations observed in compression tests on
multidirectional laminates arise from interlaminar stresses
acting in the free-edge region. The magnitude and
distribution of these interlaminar normal and shear stresses
vary widely according to the stacking sequence and
laminate type. The initiation and growth of delamination
under load may cause a progressive reduction in strength,
or alternatively, catastrophic failure of the laminate.
When a laminated composite containing a delamination is
subjected to a compressive load, the delaminated section
buckles, resulting in a high interlaminar stress
concentration at the delamination front (crack tip). As the
load is increased the buckled area increases to a critical size
which may result in a loss of global stability or total
collapse of the plate.

A stress analysis was conducted to calculate the
interlaminar stresses at the free edges of sandwich
specimens using the global-local model developed by
Pagano and Soni [11], and determine if they were
sufficient to initiate delamination prior to compressive
failure. From an examination of the results, the
interlaminar stresses at each layer of the cross-ply and
[0/£60] quasi-isotropic laminates were found to be too
small to induce interlaminar failure prior to ultimate
failure of the specimen. For the [0/+45/90] quasi-
isotropic laminate, however, the interlaminar shear stress
Txz Of the second layer (between the outermost 45° and
90° plies) exceeds the corresponding interlaminar shear
strength (93 MPa) at the applied failure strain. This
interlaminar shear stress and the normal stress for this
layer are plotted in Figure 18. In this figure, the negative
ordinate denotes compressive stress in the laminate skin.
In line with this calculation, initial failures observed in
tests on this laminate included delamination of the surface
(0°) and adjacent (45°) plies (see Figures 16 and 17).
Premature failure via delamination in both sandwich and
coupon specimens of this laminate would explain the
comparable compression strengths and the apparent lack of
an advantage in the use of the former.

6. SUMMARY AND CONCLUSIONS

The miniature sandwich beam is a novel adaptation of the
conventional honeycomb-core sandwich without the
disadvantages of the latter. It is simple and inexpensive to
fabricate, requires a smaller volume of composite than an
all-composite coupon, and can be tested with the same
grips and fixtures used for conventional composite testing.
The ultimate composite compressive stresses and strains
obtained with this specimen greatly exceed those measured
with conventional composite coupons and have much less
variation. The ability to achieve these higher strains
dramatizes the nonlinearity of the stress-strain curves and
the significant drop in composite compressive modulus
with increasing strain. For epoxy sandwich specimens
with a brittle core sensitive to premature cracking under
tensile loading, direct axial compression tests are preferred
to four-point flex tests. For specimens with tough, less-
sensitive PEEK cores, the reverse is true. With either
unidirectional or multidirectional laminate skins, failure
modes from carefully prepared specimens are consistent,
and prematurc failure via global buckling or stress
concentrations under the grips is eliminated. As a result
measured composite compressive strengths are both
reliable and reproducible and less influenced by composite
and test variables than conventional coupons. These
sandwich specimens have also demonstrated that, contrary
to wide belief, multidirectional laminate compression
strengths are also underestimated by conventional laminate
coupons and test methods. Depending on the ply stacking
sequence, interlaminar stresses generated in laminate
specimens loaded in compressicn can cause delamination
and premature failure, as seen in quasi-isotropic
(0/+45/90] laminates. Consequently it is important to
report the failure mode along with compression strength
data. It must be borne in mind that the data reported here
were obtained under precisely-controlied test conditions,
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FIGURE 17. Edge views of the gage sections of [0/+45/90] AS4/3501-6
all-laminate coupons tested in axial compression : (A) after initial failure via
delamination of outer 0° and 45° plics; (B) after final failure.
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FIGURE 18. Stress distribution at the outermost 45/90 ply interface of the
[0/45/90/-45/-45/90/45/0/CORE s sandwich specimen under an applied failure
strain of 1.3%.
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TABLE 1. Composite Compression Strengths from Miniature Sandwich Specimens and All-Composite Coupons.

MINIATURE SANDWICH SPECIMEN ALL-COMPOSITE COUPON
Compression Compression
COMPOSITE Strength Strength
Skin Layup Fiber Axial Four-Point Layup Axial
Volume | Loading* Flexure Loading**
(%) (MPa) (MPa) (MPa)
AS4/3501-6 | O (2 and 4 plies) 62 2070~ 1780 0 (20 and 24 plies) 1400
[0/90/90/0] 1080 {0/90] 45 805
[0/60/-601 S 935 [(0/60/-60) S 14 685
[0/45/90/-45] S 605 [(0/45/90/-45) S 14 645
AS4/APC-2 0° (2 and 4 plies) 57 1570 1630 0° (24 plies) 1100
IM8/3501-6 0° (2 plies) 62 2300 0° (24 plies) 1600
S-Glass/1034 0° (4 plies) 60 2280 1430 0° (24 plies) 1400
Boron/epoxy 0° (1 ply) 50 3625 0° 2930

* IITRI Test Fixture; average strengths from 5-10 specimens, coeff. of variation <5%

** IITRI Test Fixture; average strengths from 5-10 specimens
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ASPECTS OF COMPRESSION IN AEROSPACE COMPOSITES - FUTURE REQUIREMENTS

Btuart Green
Materials and Development Department
BRITISH AEROSPACE
Warton, Preston, Lancashire, UK

SUMMARY

The significance of structural mass in
combat aircraft cannot be overstated, as
it affects all aspects of performance,
particularly, turn rate, climb rate,
acceleration, range and payload.

To keep the overall mass of combat
aircraft to a minimum level and optimise
performance, designers have over recent
years exploited the benefits offered with
advanced polymer composite materials.
These can offer specific mechanical
properties which exceed those of more
conventional aircraft materials, for
example the alloys of aluminium. In
particular, significant benefits can be
gained in relation to tensile strength and
modulus.

The ability to resist loads in compression
is, however, particularly important in
some aircraft structures, for example the
wing. For minimum mass design, the
material chosen for such structures should
provide superior specific compression
properties. This is particularly true
following low energy impact, which in many
cases is barely visible, but which can
lead to significant strength reductions
and limit the design allowable strains.

This paper will highlight the advantages
in terms of reduced mass and increased
performance to be gained with composite
materials, and give a general overview of
the materials science aspects of
compression and compression after impact.
Some of the recent developments aimed at
improving the reliability of compression
test data will be reviewed, and recent
advances in materials technology and the
requirements for the future will be
discussed, though this paper does not
represent a rigorous treatment of the
subject.

1. INTRODUCTION

Since the dawn of the aerospace age,
developments in materials and production
processes have led to the design and
manufacture of highly efficient aircraft
structures (1). For reasons of improved
performance, current and future advanced
combat aircraft require to be
light-weight. In general, a 1% saving in
the overall mass of the aircraft can yield
an increase in specific excess pover
(which can be related to climb rate) of

1%, an increase in subsonic sustained turn
rate of 1% and an increase in sustained
supersonic turn rate of about 0.5%,
though, obviously, the particular gains in
aircraft performance depend on the aircraft
design. Other benefits gained by
minimising the mass of the aircraft
include reduced fuel consumption rate,
which leads to increased range; reduced
drag because the wing and/or the frontal
area of the aircraft can be smaller;
increased payload and so on. High
performance combat aircraft can now be
produced lighter than could be achieved
previously, using modern materials and by
adopting design practices which take
advantage of the new materials and
processes available. A major class of
materials which has emerged, and has been
developed considerably over the last
thirty or so years, is carbon fibre
reinforced polymer composites, or CFC's.

Compared with other common aerospace
materials, CFC's offer significant
benefits in terms of their high specific
mechanical properties, as illustrated in
Figure 1. Based on these data, the use of
CFC's in design would seem to lead to
significant savings in structural mass,
especially if intermediate modulus fibres
are used such as T800 or IM7. However, it
should be noted that the data shown in
Figure 1 relate to a unidirectional carbon
fibre reinforced composite material. In
practice multi-angular fibre
configurations are employed, resulting in
quasi-isotropic mechanical properties,
which are required to resist combined
loading conditions. Multi-angular fibre
configurations lead to a reduction in the
maximum specific properties, as does the
introduction of bolt holes (notches), heat
and moisture. Figure 2 summarises this.
However, even though the mechanical
performance is lowered because of these
factors, mass savings remain achievable.

Table 1 illustrates the real mass savings
achieved for a range of major structural
aircraft components when a metallic design
is replaced with a carbon fibre composite
design. It will be seen that mass savings
of the order of 9-30% can be achieved.
This, coupled with the fact that the
properties can be tailored to suit by
predetermining the fibre orientation, has
aided the widespread application of CFC's
in aerospace structures.
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The most significant composite structure on
an aircraft is the wing, and it is this
structure which forms the basis of the
following discussions. Table 1 shows that
CFC's can lead to a mass saving of about
13% on the wing torsion box alone, and
about 15% on a co-bonded wing assembly
overall. Much of the weight saving is
achieved through redesign; multi-spar
rather than multi-rib configurations being
preferred. This design results from the
fact that, at the present time, post
buckling strength cannot be accounted for.
As a result, wing skin buckling must be
avoided, which leads to the multi-spar
configuration.

One major problem with polymer composites
is that they are susceptible to impact
damage, in which strength is lowered
through the introduction of regions of
impact induced delamination. Strength
reduction is a particular problem when the
material is loaded in compression. The
type of impact which is of particular
concern is low energy impact, which
visibly is difficult to detect (barely
visible impact damage, or BVID), but which
can significantly lower the compression
strength (or strain to failure) of the
composite material.

During normal flight the wings of an
aircraft are loaded such that the top skin
is in compression and the bottom skin is
under tension, though during some
manoeuvres, such as inverted flight, or
during landing, this loading pattern is
reversed. This means that for both the top
and bottom wing skins, impact induced
compression strength reduction factors
have to be taken into account at the
design stage.

The actual mass saving achieved with a
composite design depends upon the design
allowable mechanical properties. These are
obtained from a statistical treatment of
the mechanical test results, taking into
account the mean values and the
variability of the test data obtained in
the material testing laboratory. This
means that the data obtained from coupon
tests must be accurate, reliable and
reproducible, and they must be obtained by
methods which are representative of the
loading mode being investigated. This is
required to be true for all environmental
conditions likely to be encountered by the
aircraft in service. To achieve this, the
coupon test procedures adopted, including
the specimen geometry, the method of
introducing the load and the rate of
loading must be refined to a high level.
In the case of simple tension or
in-plane-shear testing this is relatively
straightforward. It is not so
straightforward when testing in
compression. It should be noted, though,
that coupon testing is only satisfactory
for simple loading requirements. For
complex loading conditions, structural
test elements are needed.

2. TEST METHODS

2.1 Compression Testing

Compression testing is generally
considered to be inaccurate and not
reproducible. In consequence compression
loaded composite structures may often be
over designed to gain a secure margin of
safety; that is, they may not be optimum
mass structures. For minimum mass design,
it is important, therefore, that
procedures are developed which yield
accurate and reliable data.

One of the simplest tests to determine the
compression strength of unidirectional
composite materials requires parallel
sided coupons with adhesively bonded end
pads. In such a test the load is
introduced into the specimen as a shear
load from the grips, through the end-pads
and the adhesive. However, such methods
yield inconsistent results. Instability
and a low out-of-plane shear modulus are
significant problems. Variations in the
test procedure include changes in specimen
geometry, sometimes with the adoption of
wasted specimens, and changes the the
method of introducing the load. Specimens
may be with or without end-pads, which may
be flat or may be machined with a radius.
Sometimes self stabilising honeycomb cored
sandwich specimens are used, but these
specimens suffer from high cost.

Many factors can lead to inaccurate or
variable data, including the choice of
test method (2) and specimen preparation
(3). Even the choice of adhesive required
to bond the end pads can affect the
result. Specimen alignment and fibre
alignment within the specimen are crucial
in determining the reliability of the
results. Fibre misalignments as little as
3 degrees can lead to compression
properties somewhere between 13 to 20%
below expected values for uniaxially
aligned specimens (4). All of these
factors contribute towards making it
difficult to achieve the necessary levels
of reliability with compression data.

With the aim of overcoming some of the
problems with testing in compression, Bae
have developed test techniques to measure
the compression strength of
unidirectional, axially aligned specimens
and the compression strength and modulus
of specimens employing multi-angular fibre
arrangements. For unidirectional
specimens, this has involved the
production of a modified 'Celanese' rig,
employing nominally 2 mm thick specimens
made from 16 plies of prepreqg with bonded
end pads. An example of the specimen used
with this rig is illustrated inFigure 3.
The test rig is illustrated in Figure 4,
where it will be seen that it comprises
two cylindrical specimen grips with a
tubular steel sleeve to aid accurate
alignment and provide lateral stability.
The problem with this technique, however,
is that the specimens are difficult to
prepare, as often the adhesive used to
bond the end pads spreads into the gauge
length. This has to be removed prior to
the test. Failure to do 130 can influence



the result. Work is ongoing in
conjunction with other European aerospace
companies to develop specimens which do
not suffer from this problem.

For specimens with multi-angular fibre
arrangements, which yield quasi-isotropic
properties, BAe have developed test
procedures which employ unique edge
stabilisation, as shown in Figure 5. Here
the specimen is parallel sided, 280 mm
long, 36 mm wide and usually, though not
exclusively, 3 mm thick. The stabiliser
configuration ensures specimen alignment
and allows for the use of specimens which
do not have end-pads and which are,
therefore, relatively simple to produce.
In consequence, these specimens are
relatively cheap. An additional feature
with this test method is that whilst the
specimen is in the compression rig, it may
be fitted with a clip-on extensometer to
enable the compression modulus to be
measured along with compression strength.

More recently, other workers have
developed a load transfer device which
employs specimens with cylindrical
geometry (5). It is claimed that this
design provides an accurate, controlled
and reliable means of load transfer.
However, specimens of cylindrical geometry
are not easily made using prepreg
materials, with which flat specimens
geometry is preferred.

Given the difficulties with compression
testing, work in this area, in general, is
likely to continue with the development of
new specimen geometries and new methods
for introducing the load to yield optimum
values for both compression strength and
modulus.

2.2 Compression-After-Impact Testing

There are a number of compression after
impact tests. The three common tests are
the NASA/Aircraft Industry Standard
Specification (6), the SACMA Recommended
Method SRM 2 (7) and a similar method, the
Boeing Specification Support Standard
(BSS) 7260 (8). All rely on using a small
impactor to impart energy to the
composite. One of the chief problems with
testing in this way is that the tests do
not generate design allowables (9), and
the results obtained depend upon the test
method and equipment (10,11).

3. MODES OF FAILURE IN COMPRESSION

Unidirectional carbon fibre reinforced
composite materials, with the fibres
aligned parallel to the load axis, can
demonstrate several modes of failure when
tested in compression. The two
principally demonstrated are the
micro-buckling and shear modes of failure,
although often variations including
transverse, branched transverse, split
transverse and brooming modes are featured
(12). It is worth noting that on a
microscopic level, thermoset and
thermoplastic composites show similar
features (13).
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The particular failure mode exhibited by a
composite and the resulting stress at
failure depend strongly upon the
properties of the fibre and matrix, the
fibre volume fraction, the properties of
the fibre/matrix interface, the specimen
geometry and the method of loading (2,12).
Improvements in the compression
performance of composite materials can
only be brought about sensibly if the
influence and interaction of the
constituents is understood. Heré only the
role of the fibre and matrix will be
considered.

3.1 Role of the Fibre

The role of the fibre in compression has
been examined in previous work (14,15).
Experiments involving single embedded
fibres (14) suggest that compression
failure initiates at a micro crack, which
then propagates as a shear failure within
the fibre. The results from such
experiments indicate that improvements in
fibre compressive properties will require
changes in the micro-crystalline
conformation; changes which may be brought
about by heat treatment (16). However,
single fibre experiments are in direct
contrast with tests conducted using
composite laminate specimens, which
demonstrate different modes of failure, as
indicated above. It has been suggested
(15) that the compressive properties of
the fibres limit the performance of
composites only when fibres with low
compressive strength are employed. For
composites which contain fibres with a
moderate/high compressive strength, for
example T300 and AS4 fibres, compression
properties are strongly influenced by the
matrix and fibre/matrix interface
properties, and depend upon fibre geometry
and modulus.

It is worth noting that for a given fibre
modulus, PAN-based fibres show a higher
compressive strength than pitch-based
fibres (Figure 6). In terms of composite
stress/strain behaviour in compression, it
can be shown (17) that highly non-linear
deformation occurs in tests employing
mesophase pitch based fibres, whilst
PAN-based fibres exhibit linear
deformation. However, whereas the results
in reference 17 indicate that non-linear
deformation is reversible, other works
(18) have demonstrated that this form of
deformation may be irreversible for
composites with similar pitch-based
fibres, suggesting that it is as a result
of damage accumulation in the form of
fibre failure. Clearly, the true
mechanisms leading to failure have yet to
be understood.
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3.2 Role of the Matrix

The mode of failure in compression
exhibited by a composite is strongly
influenced by the shear modulus of the
matrix (19). Principally, the matrix
provides stability against fibre buckling;
the onset of which is delayed with
increasing matrix stiffness. For a
particular fibre/resin combination, it can
be demonstrated that a transition from a
buckling to a shear mode of failure occurs
at a particular test temperature, as the
matrix stiffness changes. Clearly, if
future aerospace composites are to benefit
from improved fibre compression
properties, then improvements in matrix
shear capabilities must be achieved. Such
improvements are not a feature with
currently available epoxy matrices, which
show now the same shear modulus as they
did in the past.

4. COMPRESSION-AFTER~IMPACT (CAI)

Critical structures, for example aircraft
wing skins, must be designed to account
for any reduction in strength which may
occur following low level impact, such as
that that may occur from runway debris or
from a dropped servicing tool. Any
reduction in composite strength
necessarily results in increased aircraft
mass. Clearly it is desirable that the
composite material chosen has a high
resistance to impact damage. It is
perhaps the post impact compression
performance which presents the greatest
scope for improvement with composite
materials.

The kinetics of damage mechanisms in
laminated composites have been considered
(20) and several forms of damage
accumulation have been identified
including: matrix microcracking,
delamination and fibre breakage. Of
these, delamination is considered to be
the most important.

It is difficult to identify which material
properties truly dictate the impact
performance of a laminated composite.
Attempts to correlate matrix fracture
toughness with impact performance have
proved to be only partially successful,
though the toughness of the matrix is an
important factor (21).

4.1 Material Developments to Improve
the Impact Performance

For reasons of improved toughness, leading
to improved compression after impact
performance, recent years have seen the
development of multi-phase toughened
thermoset polymer matrices, usually
involving the addition of thermoplastic or
rubber modifiers. However, this approach
often leads to problems with their solvent
sensitivity, handling characteristics and
morphology. The morphological nature of
the toughening agent affects the toughness
performance of the matrix and, generally,
this is sensitive to the processing
conditions. More recently, some effort has
gone into developing two phase (22) and
single phase (23) tough epoxy resins,
which, it is claimed, overcome the problem

of morphology control. Other works have
sought to improve the elevated temperature
performance of thermoset resins, whilst
still maintaining toughness (24). In this
respect, new resins based on cyanate
chemistry have been developed (25),
including toughened cyanates (26)
principally yielding a higher temperature
performance than epoxies, but which also
retain respectable levels of toughness.
The requirement for a composite with a
higher service temperature than that
achieved with epoxies has alsc led to the
development of bismaleimide (BMI) resins,
and improved toughness BMI's (27).

It is generally accepted that the best
post impact compression results are
achieved with thermoplastic composites,
particularly those with amorphous matrices
such as polyetherimide (PEI). However,
amorphous thermoplastics suffer from low
solvent resistance. In consequence, much
of the research and development effort on
thermoplastics for aerospace has focused
on semicrystalline thermoplastics such as
polyether ether ketone (PEEK), which
resist deterioration by all aerospace
fuels, hydraulic fluids and solvents.

Though the impact performance of PEEK
based composites is considered to be
excellent compared with toughened epoxies
in general, it can be shown (21) that some
of the newest toughened epoxies have
similar post impact properties to PEEK
composites. This point is emphasised in
Figure 7 which illustrates the compression
strength after impact performance for a
range of thermoset composites, compared
with IM6 fibre reinforced PEEK. These
data were obtained mainly at an impact
energy of 9 Joules using 4 mm thick
quasi-isotropic laminates. The test was
based on the Boeing 7260 CAI test,
employing specimens 101 mm x 152 mm. It
will be seen from Figure 7 that compared
with T800/5245, PEEK offers a significant
advantage in terms of enhanced post impact
compression strength, though it will also
be seen that IM7/977-2 and T40/1983-2 show
similar levels of post impact compression
strength to PEEK. Damage diameter,
determined by c-scan ultrasonic
non-destructive testing, as a function of
impact energy for PEEK/IM6 and 5245/T800
is illustrated in Figure 8. Here it will
be seen that at low levels of impact
energy, the diameter of the delaminated
region is significantly less for IMé/PEEK.
It appears that for this material there is
a threshold level, below which no
delamination is detecting using the c-scan
method adopted. In this case the threshold
level is about 17 Joules.

In an attempt to improve the impact
performance of composites, some workers
(28) have introduced thermoplastic layers
into the composite, the so called
interleaving concept. Although
improvements can be gained using this
method, there is an unacceptable decrease
in general mechanical properties.



At the present time, thermoplastics are
not widely used throughout the aerospace
industry even though they are, in general,
more resistant to impact damage than
thermosets. This can be explained partly
by the fact that high processing
temperatures and pressures are usually
required (Figure 9), and partly by the
fact that thermoplastic prepregs have no
or little tack and have limited drape
(except for the various forms based on
blended fibres). Thermoplastics do,
however, present certain advantages in
that they require no refrigeration, they
can be reworked, and can be welded.

Though impact damage can significantly limit

the compression performance of a polymer
composite material, it should be
remembered that the strength, in both
tension and compression, is lowered by the
introduction of notches, and as a result
of fibre misalignment and waviness
(29-34). 1In practice, notches take the
form of bolt holes, and fibre
misalignment, however small, is a feature
of composite components manufactured in
the production environment. Fibre waviness
is governed by the form and quality of the
prepreg. The effect of these factors on
the performance of composites is
documented in the literature and will not
be discussed here.

5. CONCLUDING REMARKS

Future combat aircraft may fly faster and,
in consequence, be hotter than current
aircraft (Figure 10), or they may have
local ‘'hot-spots' caused by local jet
efflux. Future aerospace materials may be
required to perform at temperatures in
excess of 200 degrees centigrade, and may
be required to demonstrate similar levels
of post impact compression strength as the
best currently available epoxies. The aim
may also be for lighter aircraft for an
efficient vertical take-off or landing
capability or for high agility, placing
greater mechanical performance demands on
the materials used.

It is probably safe to say that whatever
other criteria are placed against a
particular material, improved compression
performance, particularly post impact will
be a priority requirement.

It is evident from the above discussion
that improvements in these properties will
require matrices with improved shear
capabilities, to gain benefit from the
compression strength of the reinforcing
fibres, and with a high fracture toughness
for improved damage tolerance.

From an engineering viewpoint, a greater
understanding of the mechanisms of damage
formation is needed, as is a method of
predicting the level of damage and the
resulting strength reduction following an
impact of multiple impacts.

In addition, from a production point of
view, the matrix should be ‘user friendly'
(non-toxic) and be cheap enough to yield
low cost prepreg. Ideally, it should be
capable of being processed at a relatively
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low temperature (somewhat below 177°C) in
order to reduce processing costs. The
prepreg should possess good tack, good
drape, have a long (preferably
indefinite) shelf life and be easily
repairable as a cured laminate.
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C.F.C. -V- WETALLIC.

COMPONENT METAL | C.F.C. SAVINGS

(kg.) | (kg.) | kg. %
TAILERON TORSION BOX. 146 122 24 | 16,4
ACCESS DOORS (HINGED). 107 86 21 19,6
ACCESS PANELS (BOLTED). 26,3 18,5 | 7,8 | 29,6
WING TORSION BOX (FABRICATED). | 642,2 | 560 | 82,2 | 12,8
FABRICATED WING ASSEMBLY . 892 8l | 8| 9, |
FIN TORSION BOX. 276 227 49 | 17,5
FOREPLANE . 120 106 |4 12

WING TORSION BOX (CO-BONDED). | 1802 1563 | 239 13
CO-BONDED WING ASSEMBLY. 1147 997 1 70 15

Table 1. Mass comparison for a number of aerospace

Metallic versus non-metallic.

components:
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THREE-DIMENSTONAL ELASTICITY ANALYSIS OF BUCKLING OF LAMINATED PLATES
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ABSTRACT

The analysis of failure mechanisms for laminated composite
materials depends, in the first place, on obtaining a three-
dimensional analysis of the elastic stress and deformation in
the material, with particular regard to interlaminar stresses.
The author and colleagues have developed a procedure for
the solution of the equations of three—dimensional linear
elasticity for the determination of stress and deformation in
laminated plates. The plate is assumed to be composed of
anisotropic  elastic material containing any number of
orthotropic plies with any specified orientations.

A transfer matrix method is used which determines, to any
desired degree of accuracy, the stress and displacement at
any point in the plate in terms of the stress and
displacement at a reference surface, for example the mid—
plane. The two-dimensional differential equations governing
these reference surface values are found to be the same as
those for an equivalent homogeneous plate whose constant
elastic moduli are appropriately weighted through thickness
averages of the ply elastic moduli. These standard
two—dimensional equations may be solved by any available
technique, including numerical methods. The appropriate
two—dimensional  solution then generates the three—
dimensional solution in a straight—forward manner.

In this paper we apply this approach to the investigation of
elastic buckling of plates subject to pre-stress which may be
due to applied initial stress residual stress, thermal load or
moisture absorption.  Buckling is treated in the usual way
as a bifurcation from the initially stressed state, giving rise
to an eigenvalue problem. Specific examples for particular
plate geometries are described.

1 INTRODUCTION

Most studies of buckling of laminated plates have been
based on classical laminate theory, which is described by,
among others, Jones [1], Christensen [2] and Whitney [3].
In effect, classical laminate theory approximates the
behaviour of a laminated plate by that of a homogeneous
plate whose mechanical properties are suitably weighted
averages of the properties of the laminate. As such,
classical laminate theory is an excellent theory which has
been successfully applied to numerous problems in the stress
analysis of laminates.

However, like all theories, classical laminate theory has
limitations.  Since it deals with through—thickness averaged
quantities, it cannot directly determine through—-thickness
variations of stress and displacement, which include
important quantities such as interlaminar shear stresses. It
is also based on the Euler—Bernouilli bending hypothesis,
which exact solutions have shown [4] to be a very coarse
approximation for strongly anisotropic laminates, and which
neglects transverse shear deformation.

Various refinements of classical laminate theory have been
proposed, such as the so-called higher order theories [2].
The point of view adopted here is that rather than develop
such theories it is preferable to revert to three-dimensional
elasticity theory, the validity of which is not in question.
Significant advances have been made recently [5,6] in
three—dimensional stress analysis of laminated plates and

shells, using propagator or transfer matrix methods. In this
paper we apply such methods to the buckling of laminated
plates, treating buckling as a bifurcation from a state of
initial stress (an alternative approach is to use energy
methods [3] but these are not considered here). The initial
stress may be due to mechanical loading, but may also arise
from thermal or hygroscopic expansion stress [3,5].

2. EQUILIBRIUM OF A PLATE WITH INITIAL
STRESS

The theory of equilibrium of elastic bodies with initial stress
was developed by Biot ([7]. A concise account of the
theory is given in Whitney (3].

The system is described in terms of a set of rectangular
cartesian coordinates Ox,x,xa, and vector and tensor
components are referred to this system. We employ suffix
notation and the usual summation convention.

We consider a body which in its reference configuration is
in a state of initial stress § with components S;;. The
body undergoes a small incremental displacement u
(components u;) from this reference configuration, which
gives rise to an incremental stress. The equilibrium
equations in this deformed configuration are expressed in
terms of the Kirchhoff stress tensor Sj; + o3 as

3% {<5ik+<fik)(6jk+“j,k)} -0, (2.1)

where 8; is the Kronecker delta and ( )y denotes
differentiation with respect to x,. We assume the initial
stress S to be in equilbrium, so that

Sij,i =0 . (2.2)
Then, for small incremental stress and displacement
i, 1 + (Sikuj,k),i =0 . (2.3)

We now consider a flat plate of thickness 2h, bounded by
the planes x, = th. The plate is assumed to be in a state
of initial stress § of the form

Sy,v Sy, 0
$=|Si2 S, 0Of. (2.4)
0 0 0

For simplicity we assume that § is uniform in the x and y
directions, but allow it to vary through the thickness. Thus

$ = $(x;) . (2.5)
Clearly S is an equilibrium stress field and the faces
x, = tL are traction—free.

Upon this initial state of stress, we superpose an additional
incremental stress field ¢, with corresponding small
displacement u. Then, with § given by (2.4) and (2.5),
(2.3) becomes

‘711,1+621,2+°3|,3+sn“1,11+2512“1,12+522“1,22'0 )

012,1+‘722,2+023,3+Snu2,11+2512u2,12+522u1,22=0 ,
(2.6)

T13,1%023, 24035, 54511 Ug, 1428, U, 4 548,,U, 5,=0

(2.7)
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The condition that the faces x, = th of the plate are

traction free is

g, =0, g, =0, 0y, =0 . (2.8)

To recover the equilibrium equations of classical plate
theory we introduce the stress resultants and moments

h

NN = [ (0,5,0,,) dx, | (2.9)
h

My MMy = [ %,00,,,0,,,0,,) dx, ,  (2.10)
-h
h

(T T2 Ty = [ (5,,,8,,.8,,) dx,. (2.11)

We have to assume that

() 8,,.5,, and S,, are even functions of x,;

(b) u,and u, are even functions of X4

(c) u, can be approximated by its value w(x,,x,) at the
mid-plane x, = 0.

Assumption (a) is plausible if the plate is symmetric about
the mid-plane with respect to its elastic properties and the
initial stress arises from in-plane loading. It would not be
expected to apply if the plate were non-symmetric or, for
example, if the initial stress arose from non-uniform
heating. Assumption (b) is appropriate for incremental
bending of symmetric plates under edge moments, but not
for non-symmetric' plates. Assumption (c) is conventionally
made in plate theory and is usually considered adequate for
thin plates.

With these assumption, multiplying (2.6) by x, and

integrating from x, = -h to x, = h, and integrating (2.7)
from x, = -h to x, = h gives, with (2.8)

oM M

oM oM

a;:-2+a?:-1=N2, (2.12)

oN OoN 32w o?%w o?%w
a;:-+3;j+T”a;?+2T”ax—‘aX—z+T“m 0.

These are the classical plate equilibrium equations in the
presence of initial stress, as given in, for example, Biot [7],
Jones [1] and Whitney [3]. However, it is important to
realise that (2.12) depend on the assumptions detailed above
and that if these assumptions do not apply then (2.12) can
at best be regarded as approximations.

3 CONSTITUTIVE EQUATIONS

We assume the incremental stress—strain behaviour of the
material to be linear elastic, with a linear relation between
the incremental stress aij and the incremental strain &jjs
where

eij-= %(ui1j+uj,i) . (31)
The only material symmetry assumed is that of reflectional
symmetry with respect to the surfaces x4, = constant. Then

the stress—strain relation takes the form

Ty, Cia €2 Ci3 0 0 Cie] (e
032 €12 €32 €, Ca6(|€22
Taal o [€13  Ca235 €y 0 Cie||®33
T2s3 0 Cas  Casg 2e,,
T4, 0 0 0 Cas  Css 0 [|2e,,
T2 Ci1s  C26 C35 0 Cgsl 2e,,

(3.2)

where the cj; are moduli for incremental deformations from
the initially stressed state, and form the incremental stiffness
matrix.  Various special cases of (3.2) are of interest. If
the material is orthotropic the thirteen cj; can be expressed
in terms of nine moduli required for description of ortho-
tropic symmetry and the angle defining the orientation of
the orthotropic axes with respect to the coordinate axes. If
the material is transversely isotropic five independent moduli
and an angle suffice, and if it is isotropic only two moduli
are required. All of these cases can be dealt with by
appropriate specialisation in (3.2); details are given in the
standard texts, such as [1], [2], [3].

In a laminate, each of whose plies has at least elastic
reflectional symmetry with respect to planes X, = constant,
the stress—strain relation is of the form (3.2) in each ply,
but the cj; differ from ply to ply. To avoid having to
discuss individual plies at this stage, we adopt the useful
device of regarding the c;; as specified functions of Xx;. In
a laminate the cjj are piecewise constant functions of X3,
and later we shall specialise to this case. However at
present we may proceed generally and assume arbitrary
inhomogeneity in the x, direction.

To complete the formulation of plate theory we now inte—
grate (3.2), and (3.2) weighted with the first and second
powers of x,, through the plate thickness, adopt the Euler-
Bernouilli hypothesis, and thus express the stress resultants
and moments in terms of the mean strains and mid—-plane
curvatures. However, this procedure inevitably, through the
integrations, loses details of the solution, and also involves
further approximation. To avoid these restrictions, we
continue the analysis in terms of three-dimensional elasticity
theory.

4 THREE-DIMENSIONAL ELASTICITY ANALYSIS

The full three-dimensional system of equations comprises
(2.6), (2.7) and (3.2); these represesnt nine equations for the
three displacement components u; and six incremental stress
components  gji. The coefficients Sij and ¢j; in these
equations are specified functions of X4, but are independent
of x, and x,. No approximation is involved in formu-
lating these equations, other than the usual ones of
linearised elasticity theory.

After some manipulation, these nine equations can be
written in the matrix form

T4 u,
dy
a;(_angz , 0, =gu2 , (4])
042 043
where
ZT = Uy v, 0,y 0y, 0y, u3>T ' (4.2)
0 A(xy)
R = , (4.3)
B(x,) 0
o)
Sss Sas T 3%,
A= S4s s - o (4.4)
A a4 o, .
.9 .3 L
dx, axz
B -
c 3 ¢ 3
o T el e o B
[ 3 ¢ ]
£4a 8 €35 B 35 B g5, B 1
Cys OXy ©,, 0%, €35 Ox, €y, Ox, €33

(4.5)



3 3 3 3
Qna; + Qn;ax_2 me + Q, 23;; Taa

d -] 3 3 c
SRR A L A
a 9 ) -] c
Q“E + stax_z Q“ax—, + sta;; gi‘:
(4.6)
Sss  Sas €55 Cas)”’
= s 4.7
Sas  Saa Cas  Css
CjiaCi
Qj=cij- —L, 1,j-1,2,6 (4.8)
33
and L, K,,, K,,, K,, are the differential operators
92 9?2 0?2
L= Sy 357+ %02 aroe; * Se2 o (4.9)

32 32
Kyy = (Q11+S11)3;?' + 2(Q 5, 2) m—z
+ (Qee*512) oz
+ ’
667°22 %3

a? 92 CH
Kip = Qg oxZ + (Q1Qg¢) m + Q5 ox2

02 92
K,, = (QgetS,,) —axf + 2(Q, ¢S, ) W
. 92
+ (Q,.,+S . 4.10
227522) 2 ( )

In this formulation, (4.1); may be regarded as a system of
six first order linear homogeneous ordinary differential
equations, albeit with coefficients that are differential
operators in x, and x,, for the six variables which form
the vector y. We note that these are the variables that are
required to “be continuous through the plate thickness. If a
solution for these variables is obtained, it is a matter of
simple substitution in (4.1), to determine the remaining
stress components. The dependence on x, and x, can be
removed by taking Fourier transforms in these variables, but
this gives rise to the problem of eventually inverting the
transforms, and we do not proceed in that way.
Formulations of the type (4.1) seem to have first been used
by Bufler [8] in the context of isotropic elasticity without
initial stress. Related formulations have been employed in
problems of elastic wave propagation in layered media, as
for example in Kennett [9].

The advantage of the formulation (4.1) is that we can write
down an exact formal solution, namely

y(x3) = BOxg,x3) y(x3) (4.11)

where x, = x'; is some chosen reference plane (normally
the upper or lower plate surface, or the midplane) and
E(xa,x;) is the transfer matrix or propagator matrix, given
by

dp

=RP,
dx, ~ o~

P(x3) =1 (4.12)
Formally, P can be expressed in the series form.

lj(xa,x’;) = 1+P, (xa,x§)+ljz(x3,x§)+l~’3(x3,x§)+.

(4.13)
where
X
P, - | R dE @14
*
X3
X3
p,= | [ R RO an gt (419
*
X3 X,
X, 1
P, = jx* [, ], RORMRE) ar an gt ,  (4.16)
3 X3 X3
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and so on. For a homogeneous material with uniform
initial stress, so that Cij» Qij and Sij are constants, '13 takes
the exponential form

P(x,,x%) = exp{(x;-x3)R} . (4.17)
We note that successive terms in the series (4.13) are of
successively increasing orders in the plate thickness 2h.

In principle, (4.11) determines the full elasticity solution if
the variables which form the elements of y are known on
the reference plane x; = x";. In general, "of course, these
quantities are not known a priori; for example, if the
lateral surfaces are traction—free, we would have

= - - %
0,,=0, 0,,=0, 0;,=0 onx th

but no initial information about u,, u, and u,, other than
information that might be inferred from any physical and
geometrical symmetry properties.

5 LAMINATE TREATMENT

For simplicity, we consider a symmetric laminate; the
procedure readily extends to the non-symmetric case. We
consider each lamina to be of homogeneous linear elastic
material with the material symmetry described by (3.2).
The laminae in the half-thickness 0 < x; < h are
numbered 0 to N, so that the whole laminate comprises
2N+1 laminae. The interface between lamina r-1 and
lamina r is at x, = z;, so that lamina 0 lies between
x, = ¢z, and for r > 1 lamina r is in the region
z,) < X, < z;. We also denote h = zp.

The elastic moduli, reduced elastic moduli and initial stress
in lamina r are denoted by c{9), Q{9 and S{y) respectively,
and the matrices R, A, B and C ‘correspondingly by R,
A;, B, and C;. The transfer matrix P in lamina r is
denoted by P.(x,z_;) and is obtained by substituting the
lamina values of c¢jj, Qjj and Sjj in the expression for P.
Clearly we have (in the general case}

P(x5,x¥%) = P(x,,x5)P(x},x3%) (5.1
and so, in lamina r, taking the mid-plane x, = 0 as
reference plane
P(x,,0) = Pp(x3,Z 1 )Py (Zr oy 0% 2) e

P,(z,.20)Po(20,0) , (5.2)

which determines E(xa,O) for the entire laminate. With

(4.17), we may express this as

P(x;,0) = exp{(x;-2; JRy}exp(h, Ry y)
exp(h, 2R, _2) - - -exp(h,R,)exp(h R,)(5.3)

where hy = 2.~z is the thickness of lamina r (r=1,2,...N)
and hy = z,.

6. DETERMINATION OF MID-PLANE VARIABLES

Again for brevity, we consider symmetric laminates and
symmetric initial stress, although the general case is of
interest and is tractable. We also restrict consideration to
bending mode deformations, in which u,, u, and 0,, are
odd functions of x,, and @,, 0, and u, are even
functions of x,. We take the mid-plane x, = 0 as

reference plane. Then u, =0, v, =0, 0,, = 0 at
x; =0, and (4.11) becomes

(uy (x3) ) Pia Pys Pyg] (™)
u, (%) = [P2a  Pas  Pogf|72] »
L733(”‘3)‘ L:'34 Pys  Pygllw
6.1)
(01 3(%3)] (Pas  Pas  Pagl[71]
0,3(%)| = [Psa  Pss  Psg||72f »
tua(xa) J {P“ Pes Pggdiw J

where Pj; are the elements of lf(xa,O), and 7,, 7, and w
are values of ¢,, 0,, and u, respectively at the midplane,
and are functions of x, and x,.
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The boundary conditions (2.8) then give

P44 P45 P4G
Psa Pgg Pgg| |7,] =0, (6.2)
Pya Pys Pyl lw

where ﬁi' are elements of the transfer matrix from the
mid-plane to the surface, so that

P = P(h,0) = P(xy,0) (6.3)
Eliminating 7, and r, from (6.2) then gives
Aw = 0, (6.4)
where
Fd‘! E45 F“JS
a=-|pPs, Pgg P, (6.5)
FBQ FBS E36

and (6.4) is the equation that determines w(x,,x,) and from
which the rest of the solution follows. The difficulty is
that A is an infinite—order differential operator, so the
solution of (6.4) poses some problems. Nevertheless,
progress can be made.

The solution requires the calculation of E, or at least those

elements of P that appear in (6.5). This is most easily

carried out using (5.3), from which

B - exp(hyRy)exp(hy_ Ry_j). ...
exp(h,g,)exp(hngo). (6.6)

To obtain approximate solutions we expand the exponentials
as, for example

exp(hR) = I+hR + 1h2R? + $h3R3 + L;h9R4 + | |
(6.7)

(noting that successive terms are of successive orders in h)

and truncate the series at an appropriate point. The
expansions are simplified by the form of each R
U
R = [ ] . (6.8)
B 0
which gives
AB 0 0 ABA
0 BA BAB 0
ABAB 0
R4= [ ] (6.9)
0 BABA

If the series (6.7) are truncated at the h3 terms, and §;;
are neglected compared to Qij' it can be shown that (6.45
recovers the classical laminate theory equation

Qllw,llll+4Q16w,l|12+2(Q12+2Q88)w,1122

+4stw,1222+Q22W,2222

= Tllw',1+2T,2w,lz+T22w,22 s (6.10)
where
-~ h 2
Qj =2 x50;5 dx, (6.11)
0
This result in itself is significant, as it shows that the

laminate theory equation can be derived systematically from
three-dimensional elasticity theory, without the use of any
arbitrary  assumptions such as the Euler-Bernouilli
hypothesis.

To develop the next order approximation it is necessary to
retain terms up to hS in (6.7). This leads to an equation
for w of the form

h2Ai jkemn¥, i jkemn*Bi jke¥, i jke-Tij¥ jj = 0 ,(6.12)

where summation convention is used with the indices taking
values 1,2, and Biij are the coefficients on the left of

(6.10). The coefficients Ajixomn are too complicated to be
written here; their calculation is greatly facilitated by use of
symbolic algebraic manipulation software, and with this aid
does not present a real obstacle.

7 CYLINDRICAL BENDING OF A THREE-PLY
LAMINATE

To illustrate the effect of the higher-order terms in
(6.12) we consider cylindrical bending of a three—ply
cross—ply laminate with the orthotropic axes parallel to the
x, and x, directions. Thus we seek solutions with N=1
and
(7.1)

(7.2)

We also suppose that ¢,, takes the same value in each
lamina, and normalise the stress and stiffness components
with respect to c,,; that is, we choose units of stress such
that ¢,, = 1. We also take h, = h, = th.

u, =0, g, =0 .

Ci1g = €26 = Cy5 = C4y5 =0, 5,, =65,, =0

It is emphasised that these simplifications are made purely
for illustration, and that it is perfectly possible to proceed
generally.

Adopting  these  simplifications, and neglecting  S;; in
comparison to Gij and Qijv we find that (6.12) reduces to
de ~ d?4 d?
Z —w _ — W -
Amet o d T -0, (7.3
where

[13Q$?)2+30Q$?)Q$:)+40Q$:)i

hs [ 1
A =
%0 | ()

0
5
- = [150{2)%700(® $4620(177)

) T AR

0~

1
S

+ cgg)[4off)+soqf})] + 44l f})].

[2]

(7.4)

8 BUCKLING IN UNIAXIAL COMPRESSION -

SIMPLE SUPPORT
As a simple application we consider buckling in the
cylindrical bending mode of ‘the plate described in
Section 7, with simple support at x, =0, x, = a. Thus
we seek non-trivial solutions of (7.3) such that
w=0 d2w/dxl2 =0, x,= 0, x,= a (8.1)
The appropriate solutions are of the form

w=csinn—:iL (n=1,2,...) (8.2)
Then from (7.3) the critical loads T,, are given by

n2r2Q h2An2rx2
Ty, = B [ a7y ] (8.3)
A

The effective mode is clearly n = 1. We note the
following
(a)  the leading term (given by setting h = 0 in (8.3))

gives the result according to classical laminate theory,

(b) the result (8.3) involves the shear modulus Cgg, and
so includes effects of transverse shear,

(c) the expression (8.3) is not dissimilar (but not iden—
tical) to the result quoted by Whitney 3] using a
shear deformation theory.

ACKNOWLEDGEMENT

In preparing this paper I have made substantial use of
results presented by Mr. P. Watson in a forthcoming Ph.D.
thesis to the University of Nottingham. 1 am grateful to
Mr. Watson and Professor T. G. Rogers for many
discussions on this and related subjects.



REFERENCES

1. Jones, R.M. 'Mechanics of composite materials’.
Hemisphere Publishing Corp, 1975.

2. Christensen, R.M. 'Mechanics of composite
materials'. Wiley, 1979.

3. Whitney, J.M. ‘'Structural Analysis of Laminated
Anisotropic Plates'. Technomic Publishing Co. 1987.

4. Pagano, N.J. ‘'Exact solutions for composites in
cylindrical bending'. J. Comp., Mater. 3 (1969),
398.

s. Basi, S., Rogers, T.G. and Spencer, A.J.M.

*Hygrothermoelastic analysis of anisotropic inhomo-~
geneous and laminated plates’. J. Mech. Phys. Solids
39 (1991), 1.

Spencer, A.J.M., Watson, P. and Rogers, T.G.

'Stress analysis of anisotropic laminated circular
cylindrical shelis’. In 'Recent Developoments in
Composite Materials Structures’, (eds. D. Hui and
C.T. Sun) ASME, New York 1990.

Biot, M.A. 'Mechanics of incremental deformations'.
Wiley, 1965.

Bufler, H. 'Theory of elasticity of a multilayered
medium'. J. Elasticity 1, 1971, 125.

Kennett, B.L.N. 'Seismic wave propagation in
stratified media'. Cambridge U.P. 1983.







6-1

A REVIEW OF RAE SPONSORED WORK ON THE COMPRESSIVE BEHAVIOUR OF
COMPOSITE MATERIALS

P.T. Curtis
Materials and Structures Department
DRA Aerospace Division
RAE Farnborough
Hants GU14 6TD, UK

SUMMARY

The Non-metallic Materials Division at RAE
Farnborough has mounted a major programme
of work to study the compressive

behaviour of composite materials and seek
improvements in compressive strength.

This is being done by developing improved
compressive test techniques, studying
failure processes fractographically,
investigating the effect of notches and
impact damage and modelling behaviour
mathematically to develop predictive
capability. In this paper an overview of
this work is presented, with critical
results and conclusions, and references to
fuller treatments are cited.

INTRODUCTION

In recent years the tensile properties of
composite materials have increased
dramatically, mainly due to significant
increases in fibre strength and stiffness,
but also to improvements in polymer matrix
toughness and ductility. Unfortunately
there has been no parallel improvement in
compressive properties with the conse-
quence that the vast majority of strength
critical designs are now compression
limited.

The Non-metallic Materials Division at RAE
Farnborough has mounted a major programme
of work, both intramural and extramural,
to address this problem. This is being
done by developing improved compressive
test techniques, studying failure
processes fractographically, investigating
the effect of notches and impact damage,
modelling behaviour mathematically to
develop predictive capability and seeking
material improvements. In this paper an
overview of this work is presented, with
critical results and conclusions, and
references to fuller treatments are cited.

COMPRESSION FAILURE PROCESSES

In attempting to improve the compressive
properties of composite materials there is
an urgent need for a greater understanding
of the way the materials behave under
compressive loading and how they fail. In
an attempt to improve our understanding of
the way these materials behave, RAE
Farnborough has supported work at
Cambridge University aimed at modelling,
experimentally, the behaviour of unidirec-
tional composite materials (Ref 1).

The early models of compressive failure
derived from Rosen and his fellow workers
in the USA (Ref 2). They argued that
compressive strength was determined by
fibre microbuckling involving elastic
matrix deformation. By applying a strain
energy balance to this mode of failure an
expression for UD compressive strength was
obtained:-

Gm (pi)2Esd?
+ Vg

S = — —
¢ 1 - Vg 3 L2

where V. and Ey are fibre volume fraction
and modulus. G, is the matrix shear
modulus, d the ?ibre diameter and L the
buckling wavelength. Given a composite
that truly fails by the elastic micro-
buckling, good agreement can be obtained
with experiment. Fig 1 shows data
generated by Cambridge University on a
model spaghetti/elastomer system, which
undergoes true elastic microbuckling,
which agrees well with the Rosen equation.

In general, the Rosen expression has been
found to greatly overestimate the
compressive strength of the more usual
polymer based composites. This is perhaps
partly because it makes no allowance for
plastic yield of the matrix. Argon and
Budiansky (Refs 3,4) identified the shear
yield stress k of the matrix and the
initial fibre misalignment ¢ of the fibres
as the main factors controlling the
compressive stress when plastic micro-
buckling occurs. For a perfectly rigid
plastic body Budiansky showed that the
compressive strength can be approximated
by:-

K
S¢ = 3

Most of the high performance composites in
use exhibit some degree of plasticity and
thus this model generally gives quite
reasonable agreement with experiment

(Fig 2). It does, of course, rely on a
knowledge of the fibre misalignment, which
is not an easy parameter to measure or
indeed control.

The last major mechanism of compressive
failure is by failure of the fibres either
by crushing or by shearing. The latter is
frequently observed in high modulus carbon
fibres. If failure is by shear, then a
reasonable estimate of compressive
strength can be made by assuming tensile
and compressive strength are equal. No
models currently exist to predict the
columnar crushing failure of the fibres.
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Clearly in all this there are four key
materials variables which we could expect
to influence the rate of degradation and
failure of polymer matrix composites.
These are:-

1 Fibre geometry (diameter,
misalignment, cross-section etc).

2 The fibre/matrix interface.

3 Fibre mechanical properties.
4 Matrix mechanical properties.

The work being supported by RAE
Farnborough is seeking to optimise these
key variables without detriment to other
properties.

TEST METHODS

One of the major obstacles to furthering
our knowledge of compressive failure
processes and improving compressive
strength has been the difficulty of
testing composite materials in compressive
loading and obtaining true compressive
failures. Recognising this problem, RAE
Farnborough has participated in a Garteur
round robin exercise to compare standard
test methods, the results of which are to
be presented later in this meeting by

't Hart (Ref 5). 1In addition, RAE has
also supported work at Imperial College,
London University studying the effect of
test variables on compressive strength
(Ref 6). As a result of this work, RAE
has developed an improved test method by
modifying slightly the test configurations
that gave the highest failure stresses
and yielded failures that appeared to be
mostly compressive in nature in the
Imperial College and Garteur work.

RAE has modified the standard Celanese
test method based on a 16 ply unidirec-
tional test coupon (Refs 7,8). A test
piece based on a 35 ply coupon, having

8 plies of +45° material on each side has
been developed. A waist is machined
through this and through 1% plies of the
unidirectional material (Fig 3). On
loading this coupon, splits form under the
moulded tabs and these reduce the stress
concentrations at the tab ends. Failures
then no longer occur at the tabs and much
greater compressive strengths are
recorded. A mean value of 1816 MPa was
measured by RAE for a standard CFRP using
the new technique, compared with

1156 MPa for the standard Celanese type
coupon, which clearly better reflects the
true compressive strength of the material.

NOVEL FIBRES

Hollow and non-circular fibres offer the
possibility of improved compressive
strength due to greater fibre stability
and thus resistance to the microbuckling
failure mode characteristic of these
materials. Owens-Corning have produced
hollow glass fibres that do indeed lead
to improved specific compressive strength
(Table 1) (Ref 9). Although the tensile
strength (UTS) is understandably reduced,
compressive strength (UCS) remains
unchanged, emphasising that this is
clearly a stability problem. Allowing

for the lower density of the hollow
fibres, the specific properties of the
hollow S-glass material looks very
attractive, with only a slight reduction
in UTS but a desirable improvement in UCS.
Since these fibres are riot currently
available in the UK, RAE is supporting
work to manufacture both hollow glass and
carbon fibres and to assess their
performance in composites.

Other fibre manufacturers have been
experimenting with large diameter fibres
and with non-circular fibre cross-sections
aimed at improving fibre stability and
increasing compressive strength. With
carbon fibres there is a realistic upper
limit on fibre diameter of about

10 microns, dictated by gaseous diffusicn
requirements during fibre production.
Non-circular fibres, such as trilobal
cross-sections, offer potentially
increased fibre stability. Unfortunately,
the principal UK fibre supplier,
Courtaulds Grafil, with whom RAE had been
collaborating in this area, has recently
announced that it is withdrawing from
carbon fibre manufacture in the UK.

Sadly our work in this area has thus
ceased, although RAE continues work on
composites with hollow fibres.

FIBRE/MATRIX INTERFACE

It would be a reasonable assumption that
the level of adhesion between the fibres
and the resin matrix should have a
significant effect on the compressive
strength of these materials. Premature
disbonding due to poor adhesion would be
expected to result in fibre instability
and thus reduced compressive strength.

In the case of carbon fibres, the level of
fibre/matrix adhesion is determined by the
degree of oxidative surface treatment
applied to the fibres. 1In general the
adhesion increases with treatment, but a
plateau is usually reached at moderate
levels of treatment, above which the shear
strength of the interface is not improved
(Ref 10).

RAE funded work at Imperial College,
London University (Ref 6), however, has
shown that carbon fibre surface treatment
has relatively little effect on the
unidirectional compressive strength of
CFRP. Intramural work at RAE has also
shown that fibre surface treatment has a
relatively small effect cn compressive
strength (Ref 11). Fig 4 shows RAE data
for compressive strength as a function of
fibre surface treatment for a standard
laminated CFRP material, in two different
layups. At low levels of surface
treatment the compressive strength rises
rapidly at first, reaching a maximum at
10-30% of the standard level of treatment,
Further increases in the level of fibre
surface treatment lead to a small
reduction in compressive strength, but it
is unclear why this should be. The lack
of sensitivity of compressive strength to
fibre surface treatment is an important
finding and has permitted the exclusion of
this variable from further work.
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TABLE 1 Owens-Corning Data for Unidirectional GRP
comparing hollow and solid glass fibres
S2 Hollow S2 Solid E Hollow E Solid
Density 1.63 2.02 1.44 2.10
UTS - MPa 1450 2000 450 1100
Modulus GPa 47.7 58.6 29.0 44.8
UCS - MPa 1260 1240 990 1001
Specific UTS 888 990 313 524
Spec. Modulus 29.2 29 20.2 21.3
Specific UCS 770 614 688 481

RESIN DEVELOPMENT AND MODIFICATION

Since the predominant mode of degradation
and failure in these materials has been
shown to be based on fibre microbuckling,
the properties of the matrix resin would
be expected to have a major effect on
compressive strength. To improve
stability the resin matrix should be
stiffened to better resist fibre buckling.
This might be achieved either by
modification of the resin chemistry or by
the use of resin additives. Some resin
suppliers are researching resins with
improved stiffness, but generally improved
stiffness equates with increased
brittleness, not a desirable trait in
modern composite materials.

Fig 5 shows a collection of RAE and RAE
sponsored data on how composite unidirec-
tional compressive strength varies with
composite shear strength, the latter being
a very resin dependent property. Clearly
compressive strength increases with
increasing composite and thus resin shear
strength. The only exception is the
thermoplastic based system, which has a
poorer compressive strength than expected.
This is believed to be because in all the
thermoset systems the general degree of
fibre misalignment is very similar,
typically around *2°, but in the thermo-
plastic based composite the fibre
misalignment is greater, typically 14°.
This results in a reduced compressive
strength and indeed emphasises the
importance of fibre alignment on
compressive strength.

RAE is currently engaged in a programme of
work of modifying standard resin matrices
aiming to gain improvements in compressive
strength, but currently few results are
available. However, work by Narkis and
Chen (Ref 12) has shown that the simple
addition of glass microspheres to the
matrix resin can lead to a noticeable
increase in compressive strength (Fig 6).

PREDICTIVE MODELLING

The lack of predictive capability in
general is limiting the application of
composite materials in aerospace
structures, partly because of the

prohibitive costs of having to generate
all data experimentally and partly because
of the inefficient exploitation of the
materials capabilities. The problem is
particularly acute for the case of
compressive loading, especially for the
design critical cases of notched
compression and compression after impact.

To tackle this problem, RAE has supported
work aimed at developing a predictive
model for the notched compressive strength
of CFRP (Refs 13,14). The model developed
assumes that compressive failure is
dominated by fibre microbuckling from the
notch and this has been verified exper-
imentally for a range of polymer based
laminates. WUnlike the tensile case, in
compression microbuckles usually grow
without initiating a significant damage
zone, thus the problem is actually simpler
than tension and does indeed lend itself
to the application of fracture mechanics.
The model treats the microbuckle as a
crack, making allowance for the material
crushed in the microbuckle zone, and
applies fracture mechanics. The inputs to
the model at present are the unnotched
strength plus a fracture toughness
parameter measured on the actual laminate.
However, current work is aimed at reducing
these requirements to the unidirectional
compressive strength and toughnesses
measured on unidirectional material. The
comparison with experiment is shown in

Fig 7 for 6 different laminates and as can
be seen is remarkably good. The model
holds the prospect of becoming a true
design tool, capable of predicting notched
compressive strength for any composite
system.

Work is also in progress to model all
aspects of impact behaviour (Ref 15).

This includes trying to predict the type
and amount of damage produced in an
impacting event, the effect this has on
residual mechanical properties and whether
the damage will subsequently grow. An
example is shown in Fig 8, for the growth
of delaminations in compression. In this
an FE model has been used, with toughness
inputs for Gy and Gpc, to predict the
extent of subsequent delamination growth
as a result of an applied compressive load.
The model predicts the experimental
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delamination growth well. This model is
being further developed to cope with fibre
fracture and splits as well as
delamination, and their interaction, and
thus cope with complex interacting areas
of damage similar to those produced during
impact.

CONCLUSIONS

A brief survey of work sponsored by the
Royal Aerospace Establishment, Farnborough,
UK, on the compressive behaviour of
composite materials, has been described.

Compressive strength has improved little
in recent years despite dramatic increases
in composite tensile strength. This has
been partly because of a lack of
understanding of the failure processes in
these materials and perhaps also because
of difficulties in testing in compression.
An improved test method has been described
in this work that yields significantly
increased coupon compressive strengths
with failure modes that appear to be
material based rather than associated with
macro-instability.

Recent detailed micromechanical studies
have been described that reveal that
plastic microbuckling is the predominant
failure process in advanced polymer matrix
composites. Matrix properties and fibre
misalignment appear to be key factors in
determining composite compressive strength.
The fibre/matrix interface has little
effect on compressive strength; relatively
small degrees of fibre surface treatment
being sufficient to realise standard
levels of compressive strength.

Modified fibres with non-circular and
hollow cross-sections and stiffer or
modified matrix resins appear to offer the
prospect of improved composite compressive
strength.

Predictive techniques capable of
estimating notched compressive strength
and determining the onset of delamination
growth have been described. With further
development these offer the prospect of
becoming composite design tools.
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Figure 3
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INFLUENCE OF EDGE EFFECT ON COMPRESSION-TENSION FATIGUE
OF TOUGHENED GRAPHITE/EPOXY LAMINATES
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R.MASMOUDRE
1 - Institute for Aerospace Research, National Research Council, Canada, Ottawa,
Ontario, K1A OR6
2 - Faculty of Applied Sciences, University of Sherbrooke, Sherbrooke,
Quebec, JIK 2R1

ABSTRACT

Results are reported of fatigue tests on a toughened
graphite/epoxy (IM6/5245C) using a specimen and grip design
that allows a relatively large volume of material to be tested.
The loading was compression dominated (R=-3.75). Two
different stacking sequences of an 18 ply laminate were tested.
The lamination was typical of an aircraft wing skin (0/45/90) -
(44.4%,44.4%,11.1%). The specimens were 25.4mm wide,
290mm long with a gauge length of 150 mm. During the test
program specimen stiffness and residual strength were
measured. In parallel, local damage development was
monitored using ultrasonic C-scans, photoelastic coatings and
optical microscopy. The use of thin (.25 mm) photoelastic
coatings to observe in-situ damage initiation and growth is
new. Itis based on the sensitivity of coatings to the change in
mechanical properties of specimens due to damage. The C-
Scan inspection results correlate closely with photoelastic
observations.

Results indicate that fatigue in composite specimens is
dominated by the edge effect. Differences in the fatigue lives
of the two stacking sequences used were close to two orders of
magnitude. The proper selection of stacking sequence is
crucial to achieving long fatigue lives. Under compression
dominated loading fatigue damage is a local process. Damage
always initiated at the edge and could be related to edge
interlaminar shear stresses. The fatigue process consists of a
relatively long period before initiation, usually in several
locations, followed by a period of growth from one initiation
site that finally leads to rapid compressive failure.

Introduction

Advanced composite materials for aircraft structures
have not been used to their full potential due to their sensitivity
to low energy impact damage. The low design allowables
preclude impact damage growth under cyclic loading. This has
lead some researchers to suggest that fatigue is not an issue in
composite structures. While this may be true at present, future
requirements and progress in NDI technology will certainly
allow the design allowables to be increased. Both the edge
effect and fatigue have received considerable attention in the
literature and analytical and experimental papers on the subject
are numerous as reviewed in references @-3).

Despite the high fatigue resistance of fiber dominated
graphite/epoxy laminates under cyclic loading, physical
evidence of damage such as matrix cracking, fiber matrix
interface failure and delamination is well documented @. A
good understanding of various aspects of the fatigue behavior
of laminates (influence of the stacking sequence and testing
variables such as stress levels, mean stress, cycling mode, etc)
will certainly assist the engineer in designing fatigue resistant
and damage tolerant structures.

It is recognized that the interlaminar stresses can be
significantly influenced by the laminate stacking sequence(*-6)
and that their magnitude can increase very rapidly near the free
edge™®, The narrow region close to an edge (the sides of a
laminate, holes or cutouts) are thus very susceptible to damage
initiation and can accelerate the failure process. The details of
the microscopic events and the way in which the matrix-related
damage modes influence the growth of delaminations are not
well understood.

The work reported here is part of a research program
investigating the mechanical behavior of graphite/epoxy
(IM6/5245C) laminates subjected to static and cyclic loading.
The lay-up for all specimens was [0°/45°/90°]
(44.4%/44.4%/11.1%) 18 ply symmetric . The purpose of the
investigation is to determine how edge effects influence the
static strength, fatigue resistance and damage growth in
laminates. This was done by altering the stacking sequence
which directly controls the edge effects®-12),

A finite element model was employed to obtain
numerical results for the stress-field distribution for seventeen
different stacking sequences. In this paper, the results of
compression-tension cyclic loading tests are reported for two
laminates with the following stacking sequences:

Laminate 2 [+45/-45/0/0/90/0/0/-45/+45],

Laminate 12 [90/0/+45/0/+45/0/-45/0/-45],
These were selected because under loading, normal stresses at
the free edge of opposite signs were calculated. The
dependence of the static strength on these laminate stacking
sequences was examined in reference 13.

lysis of th - Phenomenon

The free-edge interlaminar stress problem is 3-D in
nature. Following the initial work of Pipes and Pagano® and
numerous other investigators, Wang et al.@% studied the tensile
behavior of a [0,/90,] graphite/epoxy laminate. They
demonstrated that matrix cracking in the narrow region close to
the edges at the 0°/90° interfaces and at the 90° plies resulted
from the combined actions of the normal and shear stresses G,

1, and 1., respectively (Figure 1).

A variety of failure criteria have been proposed to
predict the static failure strength of multidirectional laminates
from a knowledge of the strength of unidirectional laminates
and the nominal stresses in the laminae at a given load. They
range from the very simple to the rather complex. None, as
yet, has been found to be entirely satisfactory because the
classical laminated plate theory only provides accurate stress
values in laminae far from the free edges. Sun and Zhou(!4
have computed, for a laminate incorporating 0°, 90° and +45°
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laminae, the stress states at 0.5t, t, 1.5t, 2t, 2.5t and 3t from the
free edge (t=ply thickness). They showed that with the Tsai-
Hill and Hashin-Rotem strength criteria, the stress-state
calculated at 2t from the free edge gave the best correlation
with experimental observations.

m Lamin ngth
A finite element program developed by Lahoud was

used to account for the different lamina orientations and to
define the stress distributions within the laminates 2 and 12
under a uniaxial tensile or compressive strain of + 1%. The
stress values computed at 2t from the free edges were chosen
as representative of the stress-state at the free edges as
suggested by Sun and Zhou('¥). The distance 2t was equal to
0.28 mm for these laminates. As an example, the stress
distributions, 6, and t,, , at the free edges and at a distance 2t
are shown for the laminate 2 under tensile loading (Figure 2).
Detailed stress analysis for both laminates can be found in Ref,
18. The failure strengths of laminates 2 and 12 were predicted
using the modified Tsai-Wu, Tsai-Hill and Hashin-Rotem
failure criteria1416.1, The values of the mechanical properties
of an IM6/5245C lamina are reported in Table 1 and these
were used with each criterion expression. The failure strengths
of the 0° and 90° plies are presented in Table 2. The calculated
strengths can be compared to the values determined
experimentally(13),

Under a compressive strain e=-1%, the interlaminar
stresses computed in each laminate at the free edge and at 2t
from the edge are given in Table 3. It can be observed that, at
the free edge, maximum positive normal stresses 6, and shear

Stresses Ty, are at the 459/-450 interfaces (8th/9th ply) in
laminate 2. At 2t (0.28mm) from free the edge the stresses are
of a significant magnitude at the 0°/45° and 0°/-45° interfaces
(3rd to 9th ply) and the maximum is between the 6th and 7th
ply.

On the basis of these calculations, the delamination of
laminate 12, in a mixed mode, would occur due to the presence
of a tensile value of 6,, and a positive shear stresses (as

calculated at a distance 2t from the free edge in the 00/-45°
interface). Delamination in Mode II in laminate 2 could also
occur but because the shear stress level (t,,) is smaller than in
laminate 12 it is unlikely that the delamination would grow to
the same extent. Initiation and propagation of delaminations
during fatigue loading is complex process which in simple
cases can be modeled using strain energy release rate
calculations®9,

Experimental

The specimens used in this investigation were prepared
and tested in the Structures and Materials Laboratory of the
Institute for Aerospace Research (IAR). Large panels (61 cm x
30.5 cm) of the IM6/5245C graphite/epoxy were fabricated
with stacking sequences 2 and 12. The 2.5 mm thick panels
were cut into specimens 290 mm long by 25.4 mm wide. Prior
to testing the specimens were inspected using an ultrasonic
C-scan and were found to be free of detectable flaws.

The specimens were tested using an MTS 100 kN
servo-hydraulic testing machine under stroke control. The load
was transferred to the specimens through a hydraulic gripping
system(1®) which maintained a constant pressure of about 35
MPa over a 60 mm length at each extremity. The gripping

areas of both the specimen and the jaws were lightly sand-
blasted to prevent slippage during loading. Aluminium anti-
buckling guides (12.6 mm wide x 152.4 mm long) supported
the central portion of the specimens tested in compression. A
thin Teflon sheet was inserted between the specimen and the
anti-buckling guide to minimize the friction.

Tension-compression fatigue tests were conducted
using load control with a sinusoidal wave form, under a load
ratio R = Ppyay/ Prip = -3.75. The Ppyjy, load varied from a

low of 0.6Py¢ (Py¢ being the static strength in compression) to
a high of 0.9P,c. The Py load for each laminate was

determined from a number of static tests. The values were -
43.5 kN and -35.9kN for laminate 2 and 12 respectively. The
number of cycles to failure recorded in the test data
corresponded to the final fracture of the specimen.

Specimen deformation was measured using an MTS
clip gauge extensometer. A 12.7 mm distance separated the
pointers of the clip gauge mounted on one side of the
specimen. The maximum range of the gauge was 15% strain.

Following failure, sections of laminate 2 specimens
outside the fracture zone were converted into a short gauge
length specimens. These were tested to determine their
residual compressive strength. Given the gauge length of Smm
the specimen could be tested in compression without any need
to use anti-buckling guides. Side loading wedge type MTS
hydraulic grips were used in these tests. Sand-blasted
aluminum alloy tabs were placed between the specimen and the
wedges, to protect the specimens from damage by the
serrations on the wedges. A total of twelve specimens were
tested, four from each selected fatigue load level. Another 13
virgin specimens were also tested to verify that the short gauge
length static test corresponds to the long gauge (with anti-
buckling guides) used predominantly in this project. The
coefficient of variation of recorded strength in these 13
specimens was 15.2% versus 7.2% in long gauge specimens.
However, the average strengths measured using the two
methods were less than 0.5% different.

A travelling microscope was used to observe the
development of edge interlaminar damage during the cyclic
tests. In addition, two inspection techniques, Shadow Moiré
interferometry and photoelastic coatings were employed.
Shadow Moiré was used to observe out of plane deformations
due to delamination or specimen buckling in compression (to
test the design of the antibuckling guides). Photoelastic
coatings were used to observe the progression of damage, in
real time, during testing. The method is especially effective in
laminates with residual curing stresses. The coatings (typically
0.25 mm thick) are applied before testing. Since the specimens
used are coupons subjected to uniform strain loading any
nonuniformities in the observed isochromatic patterns are
related to damage accumulation and the associated
redistribution of residual stresses in the specimen. The
coatings are sensitive to the difference in the principal normal
strains. Due to the accumulating damage, stiffness and
Poisson's ratio will change and affect the response of the
coating during loading. The damage development during the
fatigue testing was observed with a reflection polariscope
model 031 manufactured by Measurements Group. Still
photography at selected intervals gave a permanent record of
damage growth. Periodically these observations were verified
by removing the test specimens from the load frame and
carrying out an ultrasonic C-scan inspection.




Resul Di ion

The long gauge length static test results are summarized
in Table 2. The tensile strength P, and the compressive
strength P, are defined as the load recorded at ply failure. The

Young's modulus was computed at half the maximum load
using the secant drawn on the stress-strain curve.

Results of fatigue tests are presented in Fig. 3 as a plot of the
applied load (S) against number of cycles to failure (N). The
data scatter is characteristic of the fatigue behavior of
composites. However, the results clearly show that for any
cyclic loading corresponding to a precise percentage of static
strength in compression of each laminate the logarithmic
lifetime of laminate 2 is much greater than that of laminate 12.
For example, at a cyclic stress level S= 0.7 P the nominal
average fatigue life of laminate 2 was approximately 800,000
cycles and only 8,000 cycles for the laminate 12. Another way
of comparing the fatigue strength of both laminates is to
estimate their respective cyclic stress level (relative to the static
compression strength) yielding a common logarithmic lifetime.
For example at Log N = 3.9 (N = 8,000 cycles), the cyclic
loading level for laminate 2 was S= 0.9 Py but corresponding
only to S= 0.7 Py for laminate 12. The difference in the stress
level is rather striking since the corresponding Py, values are
-39.15 kN and -25.13 kN for laminate 2 and 12 respectively.

Local delaminations observed at the free edge of
laminate 12 grew towards the interior of the test specimen
rather than longitudinally along the free edge. The
delaminations were located at the 00/45° interfaces (6th/7th
ply). In laminate 2 damage initiated in the 450 plies at the free
edge. The damage had the appearance of erosion sites in the
laminae (not cracks) and were partly filled with small dust like
particles. This form of damage appeared at specimen midlife
close to the 459/-45° interfaces where the shear strains are the
highest (see Table 3). In laminate 12 both the 6, and 1,, seem

to drive the damage growth while in laminate 2 only 1, is

significant at 2t from the edge. Since the shear stresses
responsible for damage in laminate 2 are nearly half the
stresses in laminate 12, the significant difference in the fatigue
lives seems to correlate well with the calculated stress
magnitudes.

Post-failure short gauge length test results for
laminate 2 are shown in Figure 4. While the trend for lower
residual compressive strength is consistent, only the specimens
tested at 70% show a statistically significant static strength
reduction from that of the virgin material. At the 70% load
level, specimens were on average subjected to 800,000 cycles
and it should be noted that their 'global' strength was reduced
only by 10%.

Figure 5 shows damage development as recorded
with photoelastic coatings in a laminate 2 specimen. Four
images taken at 0, 350,000, 744,000 and 797,000 cycles
represent respectively 0, 0.44, 0.94 and 1 life time (LT)
(specimen failed at 797,794 cycles). The particular images
were selected for their significance in the damage evolution.
The 0.44LT image shows the first signs of damage and
nominally ends the period of damage initiation. The 0.94LT
image shows slow damage growth. It is interesting that most
of the damage is generated in the last stage of specimen life
(6%), which is contrary to the characteristic required for
damage tolerant design. The photoelastic coatings and C-scan
results show that there are usually several damage initiation
sites at the edges. One of these shows a pronounced growth in
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the second stage of the specimen life and is the cause of final
failure. The post-failure residual strength tests demenstrating
high strength retention outside the final failure affected zone
correlate well with the damage growth observations. It can be
concluded that under the compression dominated fatigue
loading used in these tests, the fatigue damage is a local
process.

Conclusions

Experimental observations during fatigue confirmed
that the stresses computed at 2t from the free edge may be
regarded as critical for the determination of fatigue damage
initiation.

Stacking sequence selection can affect the fatigue life
of composite specimens by a factor of 100.

Under compression dominated compression-tension
cycling fatigue damage growth seems to be a local process.
Most of the damage is generated during the last 6% of the
specimen life.

The photoelastic coating technique is effective in the
real-time monitoring of damage growth in composites.
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Figure 1. Reference axes and stress

representation in a laminate.
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Properties Manufacturers | IAR Data Used in
Data this study

5, tension (00) = XT (MPa) 2516 2610
Ou compression (0% = XC (MPa) -1462 -1280
E tension (09 =E; T (MPa) 156 000 173 000
E compression (09)=E; € (MPa) 152 000 141000
Ewnsion ©°) (%) 16 15

compression (0°) (%) 1.01 0.96

, tension (909) = YT (MPa) 83 60

Ou compression (90°)=YC ~ (MPa) -145 -220
E tension (909 =Ep T (MPa) 3300 8500
E compression (909 =E, € (MPa) - 7040
E bending (90°) (MPa) 3400 -

tension (90°) (%) - 0.72
e, compression (90°) (%) 29 3.10
fu=§ (MPa) 105 118
G12 (MPa) - 5550
V12 - 0.29
G (matrix) kJ/m2) 0.158 -

Table 1. Mechanical properties of unidirectional IM6/5245C laminates.

Tension | Compression
LLamina Ply Criteria Pyt €max| Puc { Emax
&N | (%) | EN) | (%)
0o {Hashin-Rotem (plane x-y){ 88.7 [1.490] 45.3 | 0.920
00 [Hashin-Rotem (plane x-z)| 83.4 |1.400] 42.9 | 0.870
12 0° [Tsai-Wu (F*12=0) - - 37.71 0.765
0° [Tsai-Hill (plane x-y) 87.0 | 1.460] 42.9 | 0.870
o© [Tsai-Hill (plane x-z) 76.8 |1.2901 38.9 | 0.790
9oo [Hashin-Rotem (plane x-y)| 44.5 {0.746
900 [Hashin-Rotem (plane x-z)| 44.6 |0.750
12 900 [Tsai-Wu (F‘l2=0) 42.310.710
900 [Tsai-Hill (plane x-z) 47.0 {0.790
oo {Hashin-Rotem (plane x-y)| 89.6 | 1.505( 44.3 | 0.899
¢© [Hashin-Rotem (plane x-z)| 89.6 | 1.505| 44.4 | 0.900
2 0° Msai-Wu (F*12=0) - - 41.0 | 0.831
0o [Tsai-Hill (plane x-y) 81.0 |1.360] 43.9 | 0.890
00 [Tsai-Hill (plane x-z) 81.6 |1.370| 44.4 | 0.900
90© (Hashin-Rotem (plane x-y)| 40.5 | 0.680
900 [Hashin-Rotem (plane x-z)| 40.5 |0.680
2 900 ITsai-Wu (p"‘l 2=0) 39.3 10.660
900 [Tsai-Hill (plane x-z) 45.0 10.755
12 0° [Experimental value 80.9 11.470) 37.2 | 0.920
900 [Experimental value 45.0 10.900
2 o° [Experimental value 84.9 |1.580] 459 | 1.080
900 [Experimental value 45.0 [0.900

Table 2. Calculated and measured strengths and fracture
strains of laminates 2 and 12.



Interfaces Free edge 2t from the free edge
G, (MPa) 15z(MPa) | o, (MPa) Ty z(MPa)
45/45 48 174 -5 20
-45/0 -6 -56 -11 0
0/0 43 -6 -15 -1
S2 0/90 -124 -2 -15 0
90/0 -119 -1 -15 0
0/0 -32 -6 -11 0
0/-45 16 58 -7 -2
-45/45 83 -186 0 -22
90/0 -20 -10 7 2
0/45 51 -74 11 -1
45/0 55 86 20 21
S12 0/45 56 34 26 26
45/0 66 137 30 43
0/-45 68 138 33 43
-45/0 60 35 36 24
0/-45 57 90 38 17
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Table 3. Interlaminar stresses at free edge and at 2t (0.28mm)
from free edge in laminates 2 and 12 under compressive loading

(&x=1%).
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DAMAGE PROGRESSION UNDER COMPRESSIVE LOADING IN COMPOSITE
LAMINATES CONTAINING AN OPEN HOLE

C. Poon
N.C. Bellinger
R.W. Gould
M.D. Raizenne
Institute for Aerospace Research
National Research Council Canada
Ottawa, Canada K1A-0R6

SUMMARY

This paper describes an experimental investigation into
damage progression in compressively loaded quasi-isotropic
laminates with a circular hole and the prediction of damage
initiation using 3D finite element failure analysis. Notched
laminated plates were fabricated from Narmco IM6/5245C
with three stacking sequences; [+45/0/-45/90],
[(+45)5/(0),/(-45),/(90)5],5 and [(+45)5/(0)/(-45)s/(90)g);-
Most specimens were tested to ultimate failure but some
were stopped prior to failure. The criterion for stopping the
test was the detection of audible acoustic emission. The
tests revealed that the notched strength decreased as the ply
group thickness increased. An examination of the hole
surface of those specimens not taken to ultimate failure
revealed delaminations at the +45°/0° and -45°/0°
interfaces and failure of the +45° and 0° ply groups. For
the specimen where six plies with the same fibre orientation
were grouped, the midplane of the 0° ply group also
contained a delamination. A tensor polynomial failure
criterion which used all the six stress states determined from
the 3D finite element analysis at the laminate characteristic
dimension was used to predict initial laminate failure.
Although this failure criterion was able to predict the strain
at initiation for the laminate {(+45)/(0)s/(-45)¢/(90)¢]s, it
could not distinguish between the different ply group
thicknesses. Therefore another failure criterion based on
the interlaminar stresses was proposed to predict strain at
initiation. This criterion, when used in conjunction with the
nodal stresses at the hole edge, predicted the strain at
initiation reasonably well.

Based on the numerical and experimental results, a
mechanism for damage initiation and progression was
proposed. However, considering that damage initiation
occurred at over 90% of the ultimate load, a damage
progression model would not be practical for the material
systems presently used in aircraft. As the material systems
are improved, it may be possible to apply such a model in
the near future.

LIST OF SYMBOLS

d, characteristic dimension

€, applied axial strain

F, F; strength tensors

R load factor

on compressive notched strength
g, far field applied stress
04,0, 0y, in-plane stresses

g, interlaminar normal stress
0 01 interlaminar shear stresses

1. INTRODUCTION

Structures manufactured from carbon fibre reinforced
polymer composites have significantly lower compressive
strengths when holes are present. It appears that the
toughness of the polymer matrix, the properties of the
fibre/matrix interface and the stability of the fibres are the
major factors influencing the compressive notched strength.
The importance of these factors is manifested by the
complex failure modes which involve matrix cracking,
delamination, localized buckling and shear failure.

In the early stage of model development, semi-empirical
approaches based on the point stress or average stress
failure criteria were adopted to predict the compressive
notched strength."® These macroscopic models require
two empirical parameters, the characteristic dimension and
the ultimate unnotched strength of the laminate, for notched
strength prediction. Although these models are simple and
practical to apply in designing composite structures with
notches, they are limited to uniaxial loading cases and
cannot address failure modes. Further development®® had
extended the earlier models to handle general in-plane
loading cases and to predict the location of failure on the
hole boundary and the critical ply within the laminated
plate based on a first ply failure hypothesis. The major
deficiency in the first ply failure models is that the ultimate
failure of a notched laminate does not usually occur
immediately following the failure of the first ply.

The progressive nature of failure in compressively loaded
laminates containing a circular cutout was investigated
experimentally by Waas, et al®  Using real time
holographic interferometry and in-situ photomicrography,
they observed that failure was initiated as a localized
instability in the 0° plies at the hole surface at
approximately right angles to the loading direction.
Subsequent to the (° ply failure, extensive delamination
cracking was observed with increasing load.  The
delaminated regions propagated to the undamaged areas of
the laminate by a combination of delamination, buckling
and growth of damage, the buckling further enhancing the
growth of damage. Analytical models for the prediction of
damage progression were not developed.

A two dimensional model was developed by Chang and
Lessard® to predict damage progression and failure modes
of notched laminated plates under compressive loading.
Using a nonlinear finite element method, stresses and
strains were calculated based on finite deformation theory
with consideration of material and geometric nonlinearities.
The types and extent of damage in the material were
predicted by a set of proposed failure criteria and material
degradation models. Numerical results from the model
were compared with data obtained from an experimental
investigation® and good agreements were found between
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predictions and test results. Because of the two dimensional
analysis used in the model, interlaminar normal and shear
stresses were not determined.

Failure models must be able to predict delamination since
it is a major progressive failure mode in compressively
loaded laminated plates with holes. In order to predict
delamination, interlaminar normal and shear stresses must

be determined and incorporated into appropriate failure -

criteria. However, the calculation of these interlaminar
stresses requires three dimensional analysis which is
complicated and costly. Consequently, very few papers
concerning three dimensional analysis are reported in the
literature,

Barboni et al®® recently reported an investigation into edge
effects in composite laminates with circular holes. A quasi-
3D analysis was performed to study the importance of
stacking sequence and geometric parameters on the stress
field around the hole. In the numerical tests a power series
expansion for displacement in the z-direction was adopted
to satisfy the equilibrium conditions of the stresses at ply
interfaces. No attempts were made to develop criteria for
failure predictions.

Burns et al®™ developed an efficient 3D finite element
failure analysis of compressively loaded angle-ply laminates
with holes. The tensor polynomial failure criterion was used
to predict the location and mode of failure. They found
that failure initiated at the interface between layers on the
hole edge and the angular location of the initial failure was
a function of the fibre orientation.

The compressive response of notched and unnotched
laminated plates has been investigated at the Institute for
Aerospace Research.’>'» The long term objective is to
improve the understanding of the failure mechanisms of
compressively loaded laminates with holes or impact
damage. The present paper describes an experimental
investigation into damage progression in compressively
loaded quasi-isotropic laminates with a circular hole and the
prediction of damage initiation using a 3D finite element
failure analysis.

2. EXPERIMENT
2.1  Specimen Preparation

The laminated plates used in the tests were fabricated from
a composite material consisting of Hercules IM6 graphite
fibres preimpregnated with Narmco 5245C resin. The IM6
fibre is a continuous graphite fibre with a tensile modulus
of 280 GPa and a tensile ultimate strain of 1.5%. The
5245C is a 177°C cure modified bismaleimide resin with an
intended wet service capability up to 121°C. The layup of
the laminated plates was quasi-isotropic and consisted of 48
plies. Three types of specimens, designated A, B and C,
with ply stacking sequences, [+45/0/-45/90],
[(+45)3/(0)3/(-45)3/(90)3], and [( +45)¢/(0)s/(-45)/(90)g]»
respectively, were adopted to study ply grouping effects.
The angles of the fibre orientation are presented in Figure
1. The plates were consolidated using the vacuum bagging
and autoclave curing procedure recommended by the
prepreg manufacturer.  After curing, the plates were
inspected nondestructively using an ultrasonic C-scanning
method. The fibre volume fraction, determined using a

burn-off test™, was between 0.6 and 0.65. Mechanical and
strength properties of IM6/5245( are shown in Table 1.

The geometry of the open hole compression test specimen
is shown in Figure 2. The short edges of the specimen were
ground flat and parallel to within 0.013 mm. The hole in
the centre of the specimen was drilled and reamed using
high speed carbide tools to a nominal diameter of 25.4 mm.
Drilling was performed without lubricant and the specimens
were clamped between two plexiglass plates to reduce the
chance of drill-induced delamination. After machining, the
specimens were again C-scanned. A pair of back-to-back
strain gauges was mounted on each specimen. For a
selected group of specimens, back-to-back strain gauges
were also mounted at the edge of the hole.

2.2 Testing Procedures

A typical test setup is shown in Figure 3. Specimens were
end loaded in compression under stroke control on an MTS
testing machine connected to a computerized control and
data acquisition system. An hydraulic actuator displacement
rate of 1.27 mm/min was used. The short edges of the
specimen were clamped in a pair of steel blocks to prevent
end brooming under the compressive load. Anti-buckling
guides were mounted on the longitudinal edges to suppress
global buckling. Extreme care in alignment was exercised
to ensure that the specimen was loaded in the centre of the
testing machine with the longitudinal axis of the specimen
maintained parallel to the loading axis of the machine. All
tests were done at room temperature without environmental
conditioning.

For each stacking sequence, most specimens were tested to
ultimate failure but one or two tests were stopped prior to
ultimate failure. The criterion for stopping the test was the
detection of audible acoustic emission which indicated
damage had initiated. For these tests, one specimen of each
stacking sequence was treated with a photoelastic coating,
The changes in surface strain distribution were continuously
monitored using an image analyzing system.

2.3  Experimental Results

A summary of the experimental results is presented in Table
2. The open hole compressive strength, o, was computed
by dividing the ultimate load by the gross cross sectional
area of the specimen. Typical stress vs strain curves for the
specimens with stacking sequence A, B and C are shown in
Figure 4. The far field stress-strain relationships for all
specimens show linear and nearly identical behaviour under
the compressive loading. Slight bending of the specimens
is indicated by the divergence of curves which becomes
more obvious when the stress level is close to the ultimate
failure load. The disturbance in the linear behaviour for
the type C specimen indicates delamination of the outer
plies which extends to almost the full length of the
specimen, see Figure 5. However, this was not the situation
for the type A and B specimens which contained localized
delaminations in the vicinity of the hole, see Figures 6. The
average compressive notched strengths for type A, B and C
specimens are 2383 MPa, 196.9 MPa and 176.2 MPa
respectively. This trend clearly indicates the reduction in
compressive notched strength dus to ply grouping,

During the compression tests, audible acoustic emissions
were detected when the applied load was over 90% of the




ultimate collapse load. In most cases, localized bulging of
the surface at the hole edge was observed when the acoustic
emissions were heard. The bulging of the surface indicates
localized buckling of the outer plies. After the first
appearance of localized buckling, the specimen continued to
sustain load for approximately 10 seconds before the
buckled regions extended rapidly to the side edges of the
specimen. As a result of this observation, it was decided
that for each stacking sequence, one or two tests were
halted at the detection of audible acoustic emissions. These
specimens were removed from the test machine and the
damage zones were studied using photomicroscopy and
ultrasonic time-of-flight C-scan method. The failure modes
observed are discussed in the following subsection.

24 Failure Modes

A typical localized bulging of the plate surface at the hole
edge of a type B specimen is shown in Figure 7. For this
stacking sequence, each ply group has three plies of fibres
with the same orientation stacked together. The test for
this specimen was halted at the first detection of audible
acoustic emission. A photoelastic image of the specimen,
shown in Figure 8, shows the size and shape of the damage.
A photomicrograph of the hole surface shown in Figure 9
reveals delamination between the ply group interfaces of
+45°/0° and -45°/0°. Also, the failures of the outermost
groups of +45° and 0° fibres and the second group of 0°
fibres are shown. For type A specimens where plies with
the same fibre orientation are dispersed, initial damage at
the hole edge similar to that described for the type B
specimen was observed. For type C specimen where six
plies with the same fibre orientation are grouped, initial
damage at the hole surface as shown in Figure 10 consists
of delamination between the ply group interfaces of
+45°/0° and -45°/0°, delamination within the 0° ply group,
and failure of the 0° fibres.

3, FINITE ELEMENT STRESS ANALYSIS

Since delamination at the ply interface is one of the major
failure modes observed in the experimental results, a three
dimensional finite element analysis was carried out to
determine the interlaminar stresses. These stresses are well
known to influence failure at the ply interfaces. The
objective of this study was to determine the effect of ply
group thickness on the interlaminar stresses, the location
and mode of the initial damage, as well as the strain at
initial failure.

3.1 Finite Element Model

The finite element model is based on the assumption of
linear elastic material behaviour and linear strain
displacement relationships. Three models were generated
using 20 node solid brick elements available in the NISA
code to simulate the stacking sequences (type A, B, C) used
in the test specimens. Two of the models were identical
except for the ply group thickness. One of the models, type
B, contained ply groups that were one-half the thickness of
the type C model. Both models had elements that were
concentrated in the vicinity of the ply interfaces, see Figure
11(a). The other model, type A, contained plies that were
one-third the thickness of the type B model, see Figure
11(b). This model had elements that were concentrated
only in the 0° and -45° plies. Each of the models contained
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four concentric arcs, with the first one being 1 mm from the
edge of the hole. The first arc allowed the ply stresses to
be determined along the laminate characteristic dimension,
d,, from the edge of the hole at the element Gauss points.
The laminate characteristic dimension was experimentally
determined in a previous study to be 0.94 mm®. An axial
strain of €,=-0.1%, was applied to all the models. The
mechanical and strength properties used in the analysis are
given in Table 1.

Since the axes of orthotropy of the laminae are not aligned
with the global X or Y axes, see Figure 1, the laminates do
not exhibit reflection symmetry about either of these global
axes. An exact model of the problem would require a finite
element mesh comprising the entire half of the laminate
about the midplane. Such a mesh could not be used
because of the large computer storage and long running
times required for such a model. Instead, the X axis was
taken to be an axis of approximate reflection symmetry, see
Figure 11. The adverse effects of this symmetry
approximation have been shown to be limited to the
elements adjacent to the line of assumed symmetry which is
far from the experimentally observed failure point™.

A convergence study was carried out on the type A model
to refine the size of the elements through the ply thickness.
This was accomplished by comparing the element Gauss
stress in the vicinity of the hole edge from one run to
another run with a finer mesh. When the interlaminar
normal stress did not vary by a significant amount between
the two runs and the amount of computer time required to
complete a run was still within reason, the results were
assumed to have converged.

3.2  Ply Stress Distributions at Hole

One of the goals of this study was the prediction of failure,
therefore, stress is presented primarily in the material (1-2-
3) coordinate system which facilities the evaluation of
different failure criteria more directly. All stresses are
normalized with respect to the laminate far field applied
stress, o, Since the experimental results showed that
failure initiates at the hole boundary, stresses are presented
around the hole edge.

Stress plots for the type C model are shown in Figures 12
(a), (b) and (c) for the stress components o,, 0, and @ ,,
respectively. As can be seen from this figure, the maximum
stress occurs in the 0° ply for the axial and interlaminar
normal stresses while the maximum interlaminar shear
stress occurs at the +45°/0° and -45°/0° interfaces which is
also the case for the type A and B models. Based on these
stress results, for the remainder of the paper, only the
stresses in the 0° ply and the +45°/0° and -45°/0° interfaces
will be presented since they are the critical areas. However
it should be pointed out that all the interfaces were
examined to ensure that the +45°/0° and -45°/0° interfaces
were the most critical.

The stress distributions of 0, 0, and 6, at the Gauss point
around the hole edge in the centre of the 0° ply for each
model are given in Figures 13(a), (b), (c), respectively. As
can be seen from this figure, the in-plane stress components
are not significantly affected by the ply group thickness.
Also, the axial stress, g,, is the dominant stress for all the
models.
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The distributions of the interlaminar normal stress, o, at
the Gauss point around the hole edge in the centre of the
0° ply as well as at the +45°/0° and -45°/0° interfaces are
given in Figure 14(a), (b) and (¢), respectively. From these
figures, it can be seen that the maximum interlaminar
normal stress occurs at the midplane of the 0° laminae for
each model with the type C model possessing the highest
stress. Also, the +45°/0° interface exhibits a slightly higher
interlaminar stress than the -45°/0° interface. The
difference between the midplane o, and the interfacial
normal stress is quite significant in the type C model, where
six plies of the same orientation are grouped, as compared
to the other models. Figure 14(a) clearly shows that as the
ply group thickness increases the normal stress also
increases. The location of the maximum stress occurs
approximately at the same angle for all the models, +27°,
which was measured with respect to the hole boundary
perpendicular to the applied load counterclockwise.

The distributions of the interlaminar shear stresses, o ,; and
04, at the Gauss point for the -45°/0° and +45°/0°
interfaces are shown in Figures 15 and 16, respectively. The
effect of ply group thickness is not as evident for the
interlaminar shear stresses as for o5. The stress magnitudes
once again increase as the ply group thickness increases but
not as dramatically as for g;. The absolute maximum stress
occurs at the -45°/0° interface at an angle of approximately
27° for o5 and +27° for o,

4. FAILURE PREDICTION
4.1 Laminate Failure Prediction

Laminate failure was predicted on the basis of the tensor
polynomial failure criterion'®. A load factor R was defined
as one of the two roots of the quadratic equation describing
the failure criterion?:

FoR+ F(,.al.o,R2 -1

where i=1-6
j=1-6

The load factor was calculated along a circular path
concentric to the hole at a distance d,, from the hole edge.
The stresses at the Gauss point around this path at each ply
interface and at the midplane of the 0° ply were separately
used in the failure criterion to determine the critical area.
The point with the absolute minimum load factor, | R .|,
is the point at which damage initiation is first predicted to
occur.  This absolute minimum load factor is then
multiplied by the far field strain, -0.1%, to predict the
lowest strain necessary to initiate damage. It should be
pointed out that the interactive terms in the failure criterion
were ignored since the appropriate allowables were not
known.

The absolute minimum load factor was found to occur at
the -45°/0° interface for the type B and C models while the
-45°/90° interface was the most critical for the type A
model. The strain at initiation was equal for all the models
at 3200 pmm/mm. As can be seen from Table 2, the type
C specimen had an average failure strain of 3163 pmm/mm
and a strain at initiation of 3017 pmm/mm which is close to
that predicted by the model. However Table 2 also shows
a clear difference in the strain at initiation for the different

ply group thicknesses. Therefore it can be concluded that
the tensor polynomial criterion, in its present form, cannot
distinguish between the different ply group thicknesses.
Also, the failure location for the type A model does not
correlate to the experimental results since the -45°/90°
interface was not damaged during testing.

These results are not unexpected since it is known that
interlaminar stresses are a localized effect at the edge and
decrease rapidly at very small distance from the hole. Thus,
at the characteristic dimension, the dominant stresses are
the in-plane stresses which were shown earlier to be equal
for all the models (Figure 13). If this failure criterion were
to be applied closer to the hole edge, the strain at initiation
would be even smaller than that predicted at the
characteristic dimension since all the stresses including the
interlaminar stresses would be significantly higher.
Therefore to avoid the dominating effect that the in-plane
stresses had on the prediction of the strain at initiation,
another failure criterion had to be applied which would only
take into account the interlaminar stresses at the hole edge.

4.2 Interlaminar Failure Prediction

Since the experimental results revealed that delamination is
a dominant failure mode, it was decided to implement a
failure criterion which uses only the interlaminar stresses.
As in the case of the laminate failure prediction, | R,;,|,
was used to determine the strain at initiation. The
quadratic equation describing the failure criterion is:

0sFyR + RHOIF,, + 033F,, + 0nFy) - 1

where F;, Fy, F,,, Fy; are identical to the terms used in the
tensor polynomial failure criterion. The load factor was
calculated using both the nodal stresses at the hole edge
and the stresses at the Gauss points closest to the edge.
The stresses at each ply interface and at the midplane of the
0° ply were used in this analysis.

A bar chart comparing the predicted strain at initial failure,
which was determined using both Gauss and nodal point
stresses, to the experimental results are presented in Figure
17. As can be seen for this figure, both numerical results
predict the observed trend that as the ply group thickness
increases, the strain to initial failure decreases. The nodal
stress results compare reasonably well with the experimental
results but are consistently lower for all the laminates
studied while the Gauss point results are higher for all types
of specimens. The lower predicted values can be explained
by the fact that the failure model predicts the first interface
failure which could not be accurately determined during
testing and thus the experimental results would be expected
to be higher. To experimentally determine the load at first
interface failure, nondestructive in-situ inspection techniques
such as acoustic emission, penetrant enhanced X-ray or
ultrasonic techniques would have to be used.

Table 3 compares the experimentally determined strain at
initiation to the predict strain for the -45°/0° +45°/0°
interfaces and the midplane of the 0° ply. The critical
location and angle is the same for all the models, that is
the -45°/0° interface at +15°, with the +45°/0° interface
being the second most critical location. It should be
pointed out that the strain required to cause a delamination
to form at the midplane of the (° ply is quite low for the
type C specimen as compared to the other specimens. This




would explain the midplane delamination that was observed
in the type C specimens during testing, see Figure 10.

43  Mechanism of Damage Progression

The numerical results and the failure characteristics at the
hole surface support a proposed mechanism for damage
initiation and progression. The mechanism for initiation
based on the finite element results is that damage begins as
a localized delamination in the -45°/0° interface at the hole
edge at an angle that is slightly off axis, +15°. Very shortly
after this initiation, localized delamination occurs at the
+45°/0° interface also at an angle slightly off axis. This is
verified by the fact that the finite element results showed
that the +45°/0° interface was the second most critical area
and the experimental results showed both interfaces
contained delaminations. A photoelastic image of a
specimen which was not taken to ultimate failure revealed
that the resulting delamination after the first acoustic
emission which signified initiation, was slightly off axis, see
Figure 8. Depending on the thickness of the ply group, the
growth of these delaminations would lead to the formation
of sub-laminates which promote localized buckling of the 0°
plies at the hole surface approximately at right angles to the
loading direction. If the ply is too thick, localized buckling
could not occur. However due to the large interlaminar
normal stress that would be present in the 0° ply,
delaminations could form within the 0° ply group creating
thinner sub-laminates thus facilitating local buckling. This
view on damage initiation is slightly different from the view
of Waas et al.(? that the failure is initiated as a localized
instability in the 0° plies at the hole surface.

The initial delamination growth is arrested quickly due to
the constraint of the adjacent plies and no further growth is
detected. Under increasing load, further buckling of the 0°
plies increases the strain at the edge of the interface
delamination which leads to the resumption of the
delamination growth when a critical strain level is exceeded.
This resumption in growth and the subsequent immediate
arrest is usually accompanied by distinct audible acoustic
emissions. This delamination and fibre buckling process is
responsible for damage growth. Once the delaminated
regions reach a critical size, damage spreads to both side
edges of the specimen causing the final collapse. In the
case of laminates with thick ply groupings, the
delaminations may spread to a much larger area if midplane
delaminations occur within the 0° plies, as was the case for
the type C specimens.

Based on the experimental results, very little damage
progression took place in the specimens tested. Typically,
damage initiated between 90% to 95% of the ultimate load.
Therefore to apply a damage progression model to this
material system would not be practical since the time
required to grow the damage from initiation to failure is
very short. This is also true for other material systems that
have been investigated®",

Detailed scanning electron microscopy is planned in the
near future to determine the failure mode for each
specimen examined including those tests that were not taken
to ultimate failure.

5. CONCLUSIONS AND RECOMMENDATIONS

The damage initiation of compressively loaded quasi-
isotropic laminates was predicted using a failure criterion
based on the interlaminar normal and shear stresses. This
criterion determined the strain at damage initiation which
agreed reasonably well with the experimental results. The
observed trend that as the ply group thickness increased, the
strain to initial failure decreased, was also predicted. This
was not the case for the tensor polynomial criterion which
could not distinguish between the different ply group
thicknesses.

The failure criterion showed that the -45°/0° ply interface
was the most critical. This aspect was not verified by the
experimental results because the first interface failure could
not be accurately determined during testing. To more
accurately determine the strain at initiation, it is proposed
to carry out further tests using nondestructive in-situ
inspection techniques such as acoustic emissions combined
with ultrasonic methods or enhanced X-ray techniques.

Based on the numerical results and the failure
characteristics, a mechanism for damage initiation and
progression was proposed. This mechanism involved the
delamination of the -45°/0° and +45°/0° ply interfaces and
the subsequent localized buckling of the 0° plies at the hole
surface which occurs at approximately 90% of the ultimate
load. The growth process entails a delamination and fibre
buckling process which develops in stages and is
accompanied by a distinct audible acoustic emission.
Eventually the delaminated regions reach a critical size after
which ultimate failure occurs.

Considering that damage initiation occurs at over 90% of
the ultimate load, a damage progression model is not
practical for the material systems presently being used in
aircraft. However, as the material systems are improved, it
may be possible to apply such a model.
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Elastic Properties
E,=166 GPa

E,=E,=83 GPa

V3=V 3=V ,53=031

Strength Properties
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Y =Z.=220 MPa

Gy;=G,3=G,;=5.4 GPa
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Table 2: Summary of Experimental Results

Stacking | Specimen | Failure oy MPa | Average Initial
Sequence | Number | Load, kN Strain Failure
at Failure | Strain
Type A 579-1 -209 241 -4355 -3964
579-2 204 -235 -4267 -3989
579-3 -208 -238 4381 | -
579-4° -187 215 | - -4022
Average -207 238 -4334 3985 (92%)°
Type B 577-2 -175 -202 -3492 l3373
577-3° -159 2183 | - 3187
577-4° -174 -202 -3675 -3647
578-1 -165 -193 3467 | -
578-2 -172 -198 3508 | -
5783 -167 -193 -3463 -2950
578-4 -167 -193 23440 | -
Average -170 -197 -3508 3289 (94%)
Type C 575-2 -152 -174 -3091 -2919
575-3 -151 -173 -3116 -3087
575-4 -155 -179 -3294 -3291
576-2 -166 -188 -3302 -2907
576-3 -150 -169 -3012 -2883
576-4° -145 164 | - -3012
Average -155 -177 -3163 3017 (95%)
"Test was stopped prior to ultimate failure
Table 3: Summary of analytical Results
Analytical
Stacking Experimental .
Sequence -45°/0° +45°/0° Midplane of
0° ply
Type A -3985 -3650 -4700 -9800
Type B -3289 -2640 -2833 -5041
Type C -3017 -2340 -2467 -3950
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Figure 5: Photomicrograph of type C specimen
showing edge delamination.
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Figure 6: Photomicrograph of type A and B
specimens showing localized edge

delaminations.
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Localized
Bulging

Figure 7: D-sight image of localized bulging of plate
surface at hole edge of type B specimen.

Delamination

Figure 8: Photoelastic image of initial damage.
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Figure 9: Photomicrograph of hole surface of type B
specimen showing initial damage.
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Photoelastic coating

Figure 10:  Photomicrograph of hole surface of type C
specimen showing initial damage. Note the
occurrence of the delamination within the (0

ply group.
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Figure 11:
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a)  Element distribution through-the-thickness for type
B and C models
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b)  Element distribution through-the-thickness for type
A model

Finite element models
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Figure 12:  Finite element stress plots of the type C
model.
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Figure 13:  In-plane stress distributions taken at the
midplane of the 0° ply.
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PROPAGATION D'UN DELAMINAGE DANS UN PANNEAU
COMPOSITE SOUMIS A UN CHARGEMENT DE COMPRESSION

par R. GIRARD

Office National d'Etudes et de Recherches
Aérospatiales (ONERA)
92322 CHATILLON CEDEX - France

RESUME

Ce travail concerne la propagation d'un délaminage
artificiel entre deux couches d'une plaque
composite stratifife soumise 3 des forces de
compression. La propagation proprement dite est
précédée d'un flambage local et d'une rupture des
couches le long des deux cOtés de la zone
rectangulaire du délaminage.

Par suite, l'analyse du probléme doit &tre effec—
tue dans le cadre des grands déplacements dans
les domaines du flambage et post-flambage. De
plus, au voisinage du front de délaminage, une loi
de comportement non linéaire est introduite de
fagon d tenir compte de 1l'endommagement des plis
du stratifié. Ce modéle d'endommagement est basé
sur des variables internes d'endommagement décri-
vant la perte de rigidité du matériau due 3 la
micro-fissuration transverse.

Par ailleurs, la prédiction du délaminage néces-—
site le calcul du taux de restitution d'énergie le
long du front de délaminage (calcul explicite des
dérivées de 1'énergie potentielle par rapport aux
coordonnées) et la connaissance expérimentale des
taux critiques pour les matériaux composites.

Les outils numériques correspondants ont &té
implant&s dans un code spécifique d'éléments finis
non linéaires utilisant des &léments isoparamétri-
ques dégénérés et une formulation lagrangienne
totale. Ce code a &té appliqué 3 la simulation
numérique de résultats expérimentaux existant
(groupe GARTEUR sur l'endommagement des matériaux
composites). La prédiction numérique de la propa-
gation du délaminage est relativement satisfai-
sante.

INTRODUCTION

Les structures stratifiées composites sont suscep-
tibles de présenter des défauts localisés qui
peuvent exister d&s le stade de la fabrication ou
apparaftre en service d la suite de chocs divers.
Lorsque la structure est soumise d certaines
sollicitations, ces défauts provoquent des délami-
nages internes qui ont tendance d se propager.

Cette propagation s'observe notamment dans le cas
de structures travaillant en compression pour des
défauts situés au voisinage des faces externes de
la structure. La partie du stratifié situfe au-
dessus du défaut est alors sensible au flambage et
se déforme par cloquage entrafnant la progression
de la zone d&laminée.

Dans le travail qui est présenté ici, la progres-
sion est €tudife sur un panneau composite pré&sen—
tant un délaminage interne introduit artificielle-
ment. On ne cherche pas 3 caractériser 1l'appari-
tion des défauts, mais seulement 3 en prévoir et
8tudier la progression.

La simulation numérique de cette progression est
basée sur un certain nombre d'outils numériques
permettant de décrire les phénoménes mis en jeu :

. Analyse non linfaire en post-flambage

Une telle analyse est nécessitée par une pro-
gression du délaminage qui est observfe aprés
flambage de la zone délaminée.

. Endommagement des matériaux
Les contraintes au raccord de la zone de clo-
quage avec le reste de la structure sont suf-
fisamment importantes pour provoquer l'appa-—
rition de micro-fissures modifiant le compor-
tement des plis du stratifié.

. Taux de restitution d'é&nergie

Ces quantités, calculées le long du front de

d€laminage, permettent de prévoir la propaga-

tion lorsqu'elles atteignent des valeurs cri-

tiques caractéristiques des matériaux utili-

sés
Ces outils sont 4 la base du code de calcul
DAM-STRAT développé 3 1'ONERA [1] et appliqué & un
probléme de propagation de délaminage analysé
expérimentalement au D.L.R-Draunschweig [2] et 3
1'ONERA-IMFL [3]. Les travaux expérimentaux du
D.L.R et les méthodes numériques de 1'ONERA ont
&té réalisés dans le cadre d'une concertation
europfenne GARTEUR, ayant pour théme la mécanique
de 1'endommagement des matériaux composites [2].

1 - LE PROBLEME ETUDIE

1.1 Panneau et montage expérimental

Le panneau testé est un stratifié constitué de 16
plis d'un matériau composite classique 3 fibres de
carbone et ré&sine &poxy (T.300-914). L'épaisseur
de chaque pli est de 0.125mm et la séquence d'em—
pilement mesurée par rapport d la direction des
efforts longitudinaux de compression, est la sui-
vante :

[+2°, -2°, +45°, 0°, 0°, -45°, 0°, 90°]¢

ol 1l'indice s indique que la séquence doit étre
complétée par symétrie.

Afin de simuler un délaminage initial, cette
séquence est modifiée par insertion, au centre du
panneau, de 2 pastilles de teflon superposées et
situdes entre les 28me et 3éme plis 3 partir de la
face supérieure. Ces pastilles ont un diamétre de
10mm et une &paisseur de 25 pm. Pour les calculs
numériques, la surface de délaminage est assimilée
3 l1l'interface entre les 2 pastilles et les pastil-
les ne sont pas modélisées (leur épaisseur est
négligeable devant celle des plis).
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L'introduction de ce défaut artificiel rompt la
symétrie dans 1'épaisseur du panneau. Soumis i des
efforts de compression, celui-ci se déforme donc
par flambage latéral. De fagon i &viter ce flam—
bage global, 11 a été congu un dispositif expéri-
mental constitué de 2 plaques rigides entre les-
quelles le panneau peut coulisser librement (volir
figure 1).

De plus, au centre de la plaque supérieure est
aménagée une fenétre rectangulaire autorisant les
déplacements transversaux du panneau. Les dimen-
slons de cette fenétre sont choisies suffisamment
grandes pour permettre le flambage local de la
partie de panneau située au-dessus de la zone de
délaminage.

1.2 Résultats expérimentaux

Les mesures effectuées reposent, d'une part sur
des techniques de Moiré permettant la visualisa-
tion de la taille du délaminage (voir figure 2)
et, d'autre part, sur des mesures de fldches 3
1'aide de capteurs 3 mutuelle inductance [3]. Ces
mesures sont effectuées pour différents niveaux de
charge imposés graduellement (essais quasi-stati-

ques).

Dans une premilre phase, disons jusqu'a 400N/mm2,
le défaut reste circulaire et la partie de panneau
située au-dessus du défaut se déforme par cloquage
Aux environs de 400N/mm2, ce cloquage donne nais-
sance d deux macros-fissures longitudinales
situées de part et d'autre de la zone délaminée et
nettement visibles & 450N/mmZ (voir figure 2). La
zone de délaminage devient alors quasiment rectan—
gulaire puis progresse réguliérement en &tant gui-
dée par les 2 macros-fissures.

Les niveaux de charge, donnés ci-dessus, corres-
pondent aux résultats du D.L.R, ceux de 1'IMFL
étant généralement inférieurs (la différence pou-
vant atteindre 20% environ). Les résultats expéri-
mentaux ne sont donc connus qu'avec une certaine
précision due au fait que 1'initialisatrion des
phénoménes observés s'effectue 3 1'dchelle micros~
coplque et n'est pas directement observable.
Néanmoins, les résultats sont suffisamment concor-
dants pour envisager un calcul prévisionnel de la
progression du délaminage.

2 - SIMULATION NUMERIQUE

2.1 Les outils de calcul

2.1.1 Analyse en post-flambement
Le code de calcul DAM-STRAT [l], lui-wéme issu du
module de calcul ISONL réalisé & 1'ONERA [4], est
basé sur une formlation lagrangienne totale du
probléme des grands déplacements et une discréti-
sation de type &léments finls. Les Equations
d'équilibre sont résolues par un processus incré-
mental portant , soit sur un facteur multiplicatif
du chargement, soit sur un paramétre de type abs-
cisse curviligne relativement 4 la courbe charge-
déplacements.

A 1'intérieur de chaque incrément les équations
non linéalres sont résolues par une méthode 1téra-
tive de type Newton avec possibilité de garder
constante la matrice de rigidité au cours des ité-
rations. Les singularités inhérentes aux phéno~
ménes de flambement sont traitfes, soit en utili-
sant la paramétrisation en abscisse curviligne
(franchissement des points de limites ), soit en
introduisant des imperfections de chargement adé-
quates (franchissement des points de bifurcation).

Les &léments finis utilisés sont du type tridimen-
sionnel dégénéré& avec interpolation lin&aire dans
1'épaisseur. Leur formulation est de type isopara-
métrique avec interpolations surfaciques linéai-
res, quadratiques ou cubiques. Mécaniquement les
éléments sont multicouches, chaque couche pouvant
étre constituée de matériaux isotropes, isotropes
transverses ou orthotropes. Les lois de comporte-
ment sont formulées de fagon tridimensionnelle,
bidimensionnelle (plaques et coques) ou unidimen~
sionnelles (poutres droites ou curvilignes). Dans
ces deux derniers cas le recours aux techniques
d'intégration réduite et de pénalisation des
déformations normales transverses est nfcessaire
pour éviter les phénoménes de blocage en cisaille-
ment transversal des structures minces.

2.1.2 Prise en compte de 1'endommagement
L'endommagement introduit dans le calcul DAM-STRAT
[5], a pour but de rendre compte de la micro-
fissuration transverse d'un matériau composite 3
fibres unidirectionnelles, c'est-d-dire 1'appari-
tion au sein de la résine de micros-fissures diri-
gées selon la direction des fibres.

Pour un matériau en &tat de contraintes planes,
cet endommagement affecte essentiellement le
module de cisaillement G,, et le module de Young
transerval B, (les fibres sont orientes selon
la direction 1) et peut &tre décrit par 2 varia-
bles internes d et o' telles que :

G, = G, (1-d)
(] ’ M
Ez’lsz (1-4¢) AL enyo

L) .
E; L g,90

ol G; et E: sont les valeurs correspondant au
matériau non endommagé. En cas de compression
transversale, le module E, n'est pas affecté car
une telle sollicitation a pour effet de refermer
les micros-fissures.

Aux 2 variables d et d' sont associées, via l'ex-
pression de 1'énergie de déformation 2[.Tafr.€)} deux
variables Y, et Yy définies par

dE [ t
y“-iul; = 4G, g,
e L 3B L ED (et
yd 3 d"e 2 Y I

ol <E&9>,désigne la partie positive de €, (e Me>D
et O sinon) n n

Sur la base de résultats expérimentaux, les lois
physiques d'endommagement reliant 4 et d' 3 Yy et Yy
sont choisies comme fonctions linéaires d'une
seule et méme variable X telle que :

d= ¢X-Yo>, & [ QY g0
Y Ye
0 ME <o
¥= An{l yl anec 7: ‘274.'}2% Yd.)‘lz

tgr ¢

Les quantités Yo%, Y et & sont des coeffi-
clents caractéristiques du matériau dont les
valeurs sont 3 déterminer expérimentalement.

Le paramétre ©t décrit l'histoire du matériau
jusqu'd 1'état actuel v =k . La définition de ¥
traduit 1'irréversibilité de 1'endommagement,
alors que la valeur ¥ » ¥, correspond 3 un seuil
en-dessous duquel il n'y a pas d'endommagement.




La mise en oeuvre pratique d'un tel modéle d'en-
dommagement ne pose pas de difficultés majeures,
si ce n'est la valeur de ¥ qui nécessite en
toute rigueur une sauvegarde aux fins de comparai-
son & l'incrément suivant.

Toutefols, lorsque Y est une fonction non décrois-
sante au cours de l'histoire du matériau et c'est
le cas dans le probléme quil nous préoccupe, la
valeur de ¥ n'est autre que la valeur instantannée
de Y .

Le modéle d'endommagement ainsi défini présente la
particularité de pouvoir conduire 3 une instabi-
1ité lorsque €,,> 0. Plus précisemment, la loi de
comportement endommageable écrite sous forme
incrémentale devient singuliére lorsque le déter-—
minant de la matrice associée devient nul, soit :

465 €, boE e,
TR I TE R )

=1 512) 0

Physiquement cette instabilité est interprétée
comme une rupture en traction de la résine du
composite, les autres modes principaux de rupture
(rupture en compression de la résine et rupture
des fibres) é&tant simplement pris en compte dans
DAM~STRAT 3 1'aide de limites 3 ruptures (-Enztﬁn)

2.1.3 Taux de restitution d'énergie
Soit T 1'énergle potentielle de la structure
discrétisée, considérée en tant que fonction des
déplacements nodaux u: et des coordonnées
nodales @y de chacun des m points du waillage
(¢ =1, 2, 3). A une perturbation infinitésimale
d0} de la i%™ coordonnde du noeud M est asso-
ciée une variation d'énergie 3T telle que :

) PR LEE Pl L Ty LI

ou 3} 1Y

la seconde égalité é&tant vérifiée, en 1l'abscence
d'efforts exercds au noeudm , car les déplacements
réels minimisent 1'énergie potentielle.

Cet accroissement d'énergie 9T représente
1'énergie qu'il faut fournir 3 la structure pour
perturber la i¥™ coordonnée du noeud m de la
quantité bdz . Or le taux de restitution § est
défini, pour la progression d'un délaminage, comme
1'énergie dissipée lorsque le délaminage progresse
d'une longueur unité. Pour une longueur X, de pro-
gression d'un délaminage résultant de la seule
perturbation de la i*™ coordonnée du noeud, le
taux d'énergie sera donc :

G..3n . 3n 3
At aar ot

De par la formulation isoparamétrique des &lé&ments
finis utilisés dans DAM-STRAT, il est possible
d'expliciter les dérivéesbﬂbﬁen fonction des
coordonnées 0F et des gradients des déplacements
u? . Et par suite il en est de méme de & (voir
[1] pour les détails de ce calcul).

Dans le calcul de G 11 n'est tenu compte que de
la seule perturbation de la coordgnnée o: . Pour
calculer le taux de restitution G relatif 3 la
propagation de 1l'ensemble du front, on utilise une
formule d'interpolation

~ ~ ~
Gla)= L L G,

L L)
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ol A est l'abscisse courviligne le long du front,
Lm la fonction d'interpolation linéaire par
morceaux égale d 1 ay noeud m du front et nulle
aux autres noeuds, Gq la valeur de G au noeud
m( m=4 N ; N nombre de noeuds du front).

La progression du front de délaminage résultant de
la seule perturbation du noeud m est donn€e en
premiére approximation par

§eea) o L (8) 8E;

Cette progression falt intervenir tous les points

matériels du front situés entre les noeudsm-1 et

m +1 et par suite un taux de restitution d'énergie
tel que :

met -

| G ) da = G 8

o
m-4

od Gﬂ est la valeur pour la perturbation du noeud
m , du taux G défini précédemment.

Cette relation étant vérifiée pour chacun des N
noeuds du front, on obtient ainsi un systéme ling-
aire de N @&quations pour déterminer les N
valeurs Eh en fonction des G, - Dans le cas od
les noeuds du front sont équi-distants, le systéme
obtenu est tridiagonal de sorte que son inversion
est quasl explicite.

2.2 Comparaison avec les essals

2.2.1 Calculs effectués
L'application du code de calcul DAM-STRAT 3 1'étu-
de d'un probléme concret repose sur un processus
incrémental des sollicitations appliquées, chaque
incrément faisant 1'objet d'une analyse non liné-
aire. Ce processus est interrompu dés que des cri-
téres appropriés signalent l'apparition de 1'un
des phénoménes suivants :

. instabilité de flambement
. rupture d'un pli
. progression du délaminage

Selon le phénoméne rencontré, une nouvelle straté-
gie de calcul ou une nouvelle modélisation est
alors adoptée et un nouveau calcul non linéaire
est entrepris.

Dans le probléme qui nous intéresse ces différen-
tes &tapes sont les suivantes :

. montée en charge jusqu'd 1l'instabilité as-
socife au flambage local de la partie de pan—
neau située au-dessus du défaut initial

. passage au chemin bifurqué correspondant
aux équilibres post-flambage et montée en
charge jusqu'd la rupture associée d 1'ini-
tialisation des macros-fissures (volr lére
partie)

. simulation de la progression du d&laminage
par analyse du panneau pour différentes tail-
les de la zone délaminée ; chacune de ces
analyses est poursuivie tant que le critére
de propagation du délaminage n'est pas véri-
fié.

Le calcul du panneau pour différentes tailles du
délaminage nécessite autant de modélisations dis-
tinctes. Pour simplifier ces derniéres, le défaut
circulaire inital a &té remplac& par une zone de
délaminage rectangulaire de largeur constante
&gale au diamétre du défaut initial. Selon les
résultats expérimentaux, cette approximation est
parfaitement justifie aprés apparition des 2
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macro-fissures longitudinales tangentes au défaut
initial. Par contre, dans les phases de flambement
et de formation des macro-fissures cette approxi-
mation est plus discutable. Néanmoins, le défaut
&tant trés localisé et de taille relativement res—
treinte, cette modification ne devrait pas remet-
tre en cause, au moins qualitativement, le calcul
prévisionnel.

Compte tenu des symétries du probléme, la modéli-
sation ne porte que sur le quart du panneau. Un
maillage &1&ments finis typique est donné 3 la
figure 3. La zone de délaminage est schématisée
par 2 couches d'&léments superposés non raccordés
le long de leur interface, mais raccord&s au reste
de la structure le long des cdtés AB et AC. Ce
maillage comporte environ 1500 degrés de libert§,
les éléments utilisés &tant du type quadratique 3
2x8 noeuds.

Les modules d'€lasticité introduits sont ceux du
matériau T.300-914 classiquement utilisé dans
1'industrie aéronautique. Par contre, les caracté-
ristiques du modéle d'endommagement proviennent du
LMI-Cachan, laboratoire au sein duquel a &té congu
le modéle utilisé [5]. Les orientations des plis
sont celles qui ont &t& mentionnées dans la lare
partie, except& pour les 2 plis externes 3 + 2°
qui ont &té remplacés par des plis a 0°.

En ce qui concerne les conditions aux limites,
outre celles résultant des conditions de symétrie,
il faut tenir compte de la pr&sente du guide anti-
flambage, ce qui conduit & imposer la nullité des
fléches et rotations aux noeuds situés entre les 2
faces de ce guide. Dans le programme DAM-STRAT, la
nullit& des rotations est réalisée par une techni-
que de pénalisation forgant 1'6galité des déplace-
ments inférieur et supfrieur des &l&ments (intro-
duction d'une rigidit& fictive suffisamment impor-
tante entre degrés de liberté concernés).

2.2.2 Flambage et fissuration
Une premiére série de calculs concerne la mise en
compression du panneau jusqu'd 1'apparition d'une
instabilit& de flambement (voir figure 4, point F)
Dans le code DAM-STRAT, cette instabllité est
caractéris€e par 1l'apparition d'un pivot négatif
sur la diagonale de la factorisation de la matrice
de rigidité tangente (de définie positive l'éner-
gle potentielle devient négative).

Une procédure de dichotomie des incréments du
niveau de charge appliqué permet alors d'encadrer
la position critique d'instabilité avec une préci-
sion requise. Pour le panneau &tudi&, la charge de
flambement ainsi calculée est voisine de 220N/mm2.
Elle est relativement plus &levfe que la valeur
expérimentale qui a pu étre déduite des essais de
1'IMFL et qui se situerait entre 180 et 200N/mm2.

Outre des difficultés expérimentales d'apprécia-
tion du niveau de cloquage (en pratique les cour—
bes charge-déplacements présentent seulement un
coude plus ou moins prononcé au voisinage de 1la
charge critique), 11 faut rappeler que la mod&li-
sation numérique est, elle aussi, susceptible
d'amélioration tant au point de vue de la finesse
du maillage que de 1l'approximation du défaut cir-
culaire.

A défaut d'études supplémentaires sur la conver—
gence du modéle €léments finis ou sur 1'influence
de la forme et de la taille du défaut initial, on
peut simplement affirmer que le phénoméne de flam—
bement est effectivement pré&vue par le calcul,
mais qu'une modélisation vraisemblablement non
suffisamment affinée, conduit 3 une surestimation
de la charge critique correspondante.

Quoiqu'il en soit, les calculs ont &té poursuivis
en post-flambement (branche F-R des courbes de la
figure 4). Dans le code DAM-STRAT, le passage au
chemin bifurqué est réalis& en appliquant tempo-
rairement une légére imperfection de chargement
destinée 3 faire apparaftre le cloquage de la zone
susceptible de flamber. Dans le cas présent, 1'im-
perfection introduite consiste en des efforts
normaux de faible intensité appliqués sur la face
externe de la partie du panneau situe au-dessus
du panneau.

Les positions d'équilibre post-flambement &tant
ainsi atteintes, la montée en charge est poursui-
vie. Au fur et 3 mesure de l'accroissement de la
charge, l'endommagement, tel que décrit par les
variables d et d' définies en 2.1.2, apparait et
se développe en face inférieure de la partie déla-
minée le long du cété longitudinal AB de la zone
de délaminage. Noter que dans 1'Etat actuel du
cloquage, la déformée de la figure 3 se raccorde
continiment le long des c&tés AB et BC de la zone
de délaminage (la figure 3 est relative 3 une pha-
se ultérieure de progression du délaminage).

Cette extension de l'endommagement est conforme
aux observations expérimentales selon lesquelles
la macro-fissuration apparaft d'abord au point A
puis progresse dans la direction de AB. Numérique-
ment 1'endommagement au point A devient suffisam—
ment important pour provoquer, selon le critére
défini en 2.1.2, une rupture par instabilité du
matériau composite. Cette rupture est atteinte
pour une valeur calculee de la contrainte appli-
quée &gale & 260N/mm? environ (point R de la
figure 4)

Physiquement cette rupture dcit étre interprétée
comme 1l'initialisation de la macro-fissuration
observée expérimentalement entre 330 et 360N/mm2
pour 1'IMFL et aux environs de 400N/mm? pour le
D.L.R. La différence avec la valeur prévue par le
calcul est donc relativement importante. Signalons
cependant que les observations expérimentales sont
purement macroscopiques et ne peuvent déceler que
les premiéres fissures débouchant sur la face du
panneau, alors que la rupture calculée correspond
& un phénoméne de fissuration interne des plis de
la zone délaminée. De plus, l'introduction du
défaut rectangulaire dans les calculs conduit a
une surestimation des courbures au bord de la zone
délaminée et par suite 3 une surestimation des
contraintes et des endommagements provoquant une
rupture anticipée.

Ainsi, de méme que pour le flambement, le phéno-
méne de ‘macro-fissuration est quantitativement
prévu par le calcul, mails les difficultés expéri-
mentales et les approximations de la modélisation
numérique font que la comparaison quantitative
n'est pas satisfaisante.

2.2.3 Propagation du dé&laminage

Aprés apparition de la macro~fissuration, la phase
suivante de 1'&tude est l'analyse de la progres—
sion du délaminage. Celle-ci est simulée numéri-
quement en calculant le panneau pour différentes
longueurs a de la zone de délaminage, la largeur
de cette dernidre étant maintenue d sa valeur ini-
tiale de 10mm. Le c8té longitudinal de cette zone
est maintenant désolidarisé du reste du panneau et
les déformées obtenues sont du type de celles de
la figure 3 (a = 12.5mm).

Sur la figure 4 est reportée l'évolution de la
fléche au centre de la zone dilaminée en fonction
de la contrainte appliquée. Les différentes
longueurs de délaminage considérées sont respecti-
vement



a =10, 12.5, 18.6, 25nm
Pour chacun des calculs correspondants, le fait
essentiel concernant la distribution de 1'endomma-
gement est que ce dernier reste localisé 3 1'ex-
trémité du front de délaminage (point B) quelque
soit la contrainte appliquée. En fait, celui-ci
croft réguliérement et quasi linéairement avec la
charge appliquée jusqu'd ce que le critére d'ins-
tabilité soit atteint (approximativement 3
300N/mm? pour a = 18.6mm). Cette instabilité
correspond 3 une rupture du pli inférieur de la
zone délaminée.

Cette rupture trés localisée ne signifie nullement
la ruine du panneau et le calcul est poursuivi en
maintenant constantes les valeurs d'endomnagements
atteintes (irréversibilité du dommage). En fait,
au deld de la macro-fissuration, 1l'endommagement a
peu d'influence sur le comportement global du pan—
neau comme cela a pu &tre confirmé en effectuant
des calculs purement &lastiques sans introduction
du modé&le d'endommagement.

Au fur et 3 mesure de la poursuite de la montée en
charge, le cloquage de la zone délaminée va en
s'accentuant jusqu'd ce que la courbure le long du
front de délaminage solt suffisamment importante
pour provoquer l'ouverture et la progression de ce
front. La prévision de cette progression est basée
sur des valeurs critiques des taux de restitution
d'énergie le long du front, ces valeurs critiques
étant associfes & différents modes d'ouverture.

Classiquement ces modes sont classés selon le type
de sollicitation : sollicitations normales au plan
de délaminage (mode I) ou situées dans ce plan et
tangentes (mode II) ou normales (mode III) au
front. Mais de par leur anisotropie, les matériaux
composites se prétent mal d un tel classement car
méme pour une sollicitation en mode I pur, le mode
d'ouverture n'est pas un mode du type I.

Pour cette raison il a &té proposé dans [l] une
approche originale basée sur une évaluation
directe du travail de fermeture. Liée 3 la modéli-
sation 8léments finis, cette approche utilise les
discontinuités de courbure A K , de dé&formations
planes A€, et de cisaillement transverse AY¥ ,
au droit du front, pour estimer ce travail selon
la formule

G ~ 43 (A\‘I.AK + BN.AE + AT. AY)

oi M, N, T sont les efforts généralisés associés
respectivement 3 K, €., Y.

Dans le probléme qui nous intéresse, le terme de
cisaillement transversal est pratiquement négli-
geable, alors que les contributions des termes de
courbure AW .BAK et de déformation plane A&N.AE,
varient respectivement de 80 3 100% et de 0 & 20%
pour toutes les longueurs de délaminage considé-
rées. Les termes de courbure sont donc prépondé-
rants et l'on peut considérer que le mode d'ouver-
ture du front de délaminage est essentiellement de
type I. L'avantage de la méthode est de pouvoir
chiffrer approximativement les différentes contri-
butions énergétiques participant & 1'ouverture du
front.

A la suite de ces observations il est donc naturel
de supposer que la progression du d€laminage ne
dépend que de la seule valeur critique G . Pour
les matériaux composites cette valeur critique est
fonction de 1'angle ® constitué par les direc-
tions des fibres situes de part et d'autre de
1'interface de délaminage et il est donc néces-
saire de disposer de résultats expérimentaux
décrivant 1'évolution de G: en fonction de ©.
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De tels essals ont &t& réalisés & 1'ONERA [6] pour
une &prouvette d plis alternés + ® /2, sollicitée
en mode I. Les ré&sultats obtenus montrent une
réduction d'environ deux tiers pour G: quand on
passe de © =03 O = 45°

G::G:(O)lu A= 2/3

La valeur G: (0) étant relativement bien connue
pour le matériau T.300-914, 3 savoir 0.185N/mm,

c'est la valeur de G: , déduite de la formule pré-
cédente, quil sera utilisée pour dicter la progres-
sion du délaminage (rappelons que dans le probléme
8tudié, la direction des fibres de part et d'autre

du délaminage, est respectivement de 45° et 0°).

Les taux de restitution d'énergie, calculés selon
la méthode esquissée en 2.1.3, ont une répartition
relativement uniforme le long du front de délami-
nage, excepté au voisinage des extrémités du front
ol des singularités de contraintes conduisent 3
des taux sans signification physique réelle. Par
suite, la valeur de ce taux au centre du front
semble la mieux adaptée pour la prévision de la
progression du délaminage. Les &volutions de ces
valeurs en fonction de la contrainte appliquée,
sont données 4 la figure 5. Sur cette méme figure
a également &té reportée la valeur critique
définie comme il a &té& dit plus haut.

Pour chacune .des longueurs de délaminage considé-
rées, le taux de restitution d'énergie est une
fonction croissante de la contrainte appliquée.
Tant que ce taux reste inférieur & la valeur cri-
tique G: , le délaminage ne progresse pas, mais
dés que cette valeur est atteinte (points P des
courbes de la figure 4) il y a progression et les
positions d'équilibre au deld de cette valeur ne
sont plus représentatives du comportement réel du
panneau.

Ainsi, 3 chaque longueur de zone délaminée, est
associée la valeur de la contrainte appliquée
provoquant la progression du délaminage. L'ensem-—
ble de ces valeurs, ainsi que leur homologues
expérimentales, sont reportées sur la figure 6. On
constate, en premiére approximation, que la
progression s'effectue linfairement en fonction de
la charge appliquée et que les valeurs calculées
se situent grosso modo entre les diverses valeurs
expérimentales.

De fagon 4 mesurer 1l'influence de la valeur adop-
tée pour le taux critique de progression, il a
également &té reporté sur la figure 6 les valeurs
de propagation associfes & une variation de + 10%
de la valeur de G: (cette variation correspond a
A =0.6 et N =0.73 sur la figure 5). La wmajorité
des résultats expérimentaux est alors encadrée par
les valeurs calculées. Compte tenu de 1'impréci-
sion expérimentale sur la valeur de Gf , la
progression du délaminage semble donc relativement
bien prévu par le calcul.

Toutefois, selon les résultats les plus récents de
1'IMFL (courbe pointillée de la figure 6 associée
3 une moyenne de tous les essais réalis€s jusqu'ad
présent), il apparaft que 1'Ecart essais-calculs
soit nettement plus important. Remarquer cependant
que la vitesse moyenne de propagation a peu é&vo-
luée par rapport aux premiers essals et est tout 3
fait conforme 3 celle obtenue par le calcul. Cette
vitesse moyenne est de l'ordre de 10mm de progres-
sion pour 100N/mm2 de contrainte appliquée.
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CONCLUSION

Qualitativement, les résultats obtenus montrent
que le code DAM-STRAT est un outil de calcul
permettant la prévision des différents ph&noménes
mis en jeu lors de la compression de panneaux com-
posites présentant un délaminage initial : flambe-
ment localisé, macro~fissuration longitudinale et
propagation du délaminage.

Outre 1'introduction des non-linarités géométri-
ques nécessaires 3 1'analyse du flambement et
post~flambement, la prise en compte de non-linéar—
ités physiques de type endommagement est essentiel
d la prévision de 1'initialisation de la macro-
fissuration, elle-méme responsable de 1'avancée
initiale du délaminage. Par contre, il est apparu
que cet endommagement €tait sans influence notable
dans la phase proprement dite de progression.

Sur la base des résultats expérimentaux, le méca-
nisme de la propagation a pu &tre schématisé sim-
plement, la zone de délaminage restant rectangu-
laire et de largeur constante. L'estimation des
diverses contributions énergétiques au travail de
fermeture du front a montré que la progression
s'effectuait principalement en mode I. Le calcul
des taux de restitution d'énergie &ffectué dans
DAM-STRAT permet alors la prévision de la propaga-

~

tion & l'aide du seul taux critique G.

Quantitativement, la comparaison essais-calculs
révéle des &carts importants notamment en ce qui
concerne les valeurs des charges critiques de
flambement et d'initialisation de la macro-fissu-
ration. Par contre, compte tenu de la dispersion
expérimentale relativement &levée, le calcul de la
progression du délaminage s'avére plutdt satisfai-
sant. En particulier, la vitesse moyenne de propa-
gation semble trés correctement &valuée.

La détermination expérimentale précise des valeurs
théoriques des charges critiques de flambement et
d'initialisation de la macro~fissuration est un
probléme difficile : le phénoméne réel de flambe-
ment est toujours entaché d'une certaine impréci-
sion résultant des imperfections inhérentes aux
structures testées, alors que la macro-fissuration
résulte de phénoménes microscopiques qui ne
sauraient €tre décelés sans le recours 3 des
techniques particulidres permettant de dé&crire
1'6état de la fissuration au sein des plis du
composite.

De plus, aux incertitudes expérimentales, s'ajou-
tent les imperfections de la modélisation numéri-
que. En particulier, des &tudes numériques portant
sur la finesse du maillage et 1'influence de la
forme initiale du défaut devraient permettre de
mieux comprendre les &carts constatés lors des
phases initiales de flambement et de macro-fissu-
ration.
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GARTEUR COMPRESSION BEHAVIOUR OF ADVANCED CFRP

W.G.J. t Hart (NLR, The Netherlands)
R. Aoki (DLR, Germany)
H.Bookholt (Fokker, The Netherlands)
P.T. Curtis (RAE, United Kingdom)
I.Krober (DA, Germany)
N.Marks (WHL, United Kingdom)

SUMMARY

The susceptibility of currently used CFRP to impact
damage has stimulated the development of improved
composites. This new generation of composites
usually shows increased toughness and damage
tolerance as well as improved tensile performance.
This 1is generally not matched, however, by a
similar improvement in compressive properties which
then becomes a limiting design factor.
For improvement of the compressive
better understanding of the
behaviour is needed. This aspect is part of a
cooperation  programme within  GARTEUR¥*. The
compressive failure behaviour is being examined at
the microscale level (single fibre and bundle
tests) and at coupon level.

For experimental verification of failure models
special attention has to be paid to compressive
test procedures in order to archieve optimal
strength values with a minimum of scatter. To
evaluate the most appropriate compression test
method a Round-Robin test programme was performed
on unidirectional laminates of the materials
T800/6376; HTA7/982; HTA7/6376; T800/5245;
T800/924; IM400/5245 and T400/6376.

In the present paper the results of the Round-Robin
test programme are discussed.

strength a
compressive failure

Keywords: carbon fibre reinforced
compressive strength, test methods.

plastics,

1 INTRODUCTION

The low resistance to impact damage of carbon fibre
reinforced plastics (CFRP) is one of the major

restrictions for applications of CFRP in load-
bearing primary aircraft structures. In current
composite structures the designer is forced to

restrict design loads to levels far below the
capabilities of the composites in order to
compensate for possible impact damage. Effects of
low velocity impacts (e.g. dropping tools) have
been widely described in the literature (Ref. 1).

Large static strength reductions can be expected
without a visible indication of the damage.The
effect is most significant for compression loaded
structures where internal delaminations contribute
to premature local buckling of the composite. The
consequences of this susceptibility to impact
damage is that design strain levels of only 3000
u strain and 4000 p strain are used for compression
and tension loaded components in current composite
structures.

This susceptibility of CFRP to impact damage has
stimulated the development of improved composites.

* Group for Aeronautical Research and Technology
in Europe, a cooperation agreement between the
Governments of France, Germany,
The Netherlands and United Kingdom

P.Sigety
ONERA
29, Avenue de la Division Leclerc
92322 Chatillon
France

It was recognized that impact resistance could be
improved by applying fibres with a higher tensile
failure strain in combination with a tough matrix.
Evaluation of a number of these improved composites

.in the framework of GARTEUR cooperation revealed an

increased tensile performance which was not
generally matched by a similar improvement in
compression properties (Ref. 2). The reason for
this is that a higher toughness of a resin is
frequently coupled with a lower modulus, and lower
modulus may lead to a lower compressive strength
for the undamaged composite. Further, some higher
fracture strain fibres are smaller in diameter,
which can promote microbuckling.

To predict changes in compressive strength as a
result of changes in constituent properties more
accurately, a better wunderstanding of the
compressive failure behaviour is needed. This could
be achlieved by studying and modelling the failure
process and by experimental verification. The most
critical parameters and failure modes have to be
identified to enable the development of composites
with better compressive strengths.

A GARTEUR cooperation programme was initiated to
enable better understanding of compressive failure
mechanisms. The participating members are the
national European aerospace institutes DLR, ONERA,
RAE and NLR, and the aerospace industries, Fokker,
DA and Westland Hel. The objectives of the
cooperation are
. To improve the understanding of the mechanisms
by which compressive failure is caused in
relation to critical parameters.
. To develop and correlate failure models with
experimental data.
. To formulate guidelines for CFRP with a higher
compressive strength.
Verification of improved compressive performance
should, in fact, be done on a structural level but
compressive failure models should be verified on
the lowest material level, that 1is, 1in the
unidirectional ply. For this particular purpose a
Round Robin Programme on compression testing was
performed first. The main goal of the test
programme was to examine whether the current test
methods can be used for experimental investigation
of the effect of changes in constituent properties
on the compressive strength.

In the present paper the results of a Round-Robin
compression test programme are discussed.
Compression tests were carried out on seven types
of wunidirectional and three multidirectional
CFRP's. In this manner the best performance is
evaluated not only in assessing strength values but
also in ranking of materials. The latter aspect is
of importance when differences in strength between
basic and improved material systems have to be
established.

2 MATERIALS AND EXPERIMENTAL PROGRAMME

The materials selected for this investigation were
7 advanced CFRP’'s. Each participant moulded
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unidirectional laminates* of one specific material
and distributed pieces of the u.d.
the other participants
Three partners

* Laminates were processed in accordance with
the specifications given by the manufacturer.
After moulding the laminates were C-scanned to
guarantee that void-free laminates were used

in the test programme.

laminate among
for compression testing. each material. The compressive strength was
also tested multidirectional
laminates. Table 1 shows the materials involved and
the lay-up for the multidirectional laminates.

In the Round-Robin test pregramme about 6 room
temperature compression tests were performed on

calculated for nominal and actual specimen
thicknesses. Nominal thicknesses of 2 mm and 3 mm
were used for unidirectional and multidirectional
laminates, respectively. For specimens with strain
gauges the secant E-modulus was determined for the
strain range € = 0.1 to 0.5 ¥

[ o(e=0.005) - o(e=0.001) ]

E = .

0.004

TABLE 1

Overview of materials used for Round-Robin compression tests

unidirectional laminates
multi directional laminates

moulded by material code/manuf. I
ONERA T800/5245 BASF WHL | HTA/982 (0, 90, % 45),
RAE T800/924  Ciba Geigy Fibredux RAE T800/924 (+ 45, 0, 90)44
Fokker* T800/6376 " " " NLR T400/6376 (45, 09, -45, 04, -45, 0y, 45)
NLR T400/6376 " " "
DA HTA7/6376 " " "
WHL HTA7/982  ICI Fiberite
DLR IM400/5245 BASF

*  Aerospatiale moulded the laminates and sent them to Fokker for distribution and testing

PARTNER SPECIMEN TYPE TEST METHOD
ONERA* LxWmm| ® NOTABS ]
® END LOAD INTRODUCTION /—AD”ES'VE SHIMMING
10x 10 ® TEST RATE 1 mm/min — Em bdssins -—
1= 50 >
RAE 10x 10 ® AI-TABS, STRAIGHT, t=0.9 mm MODIFIED CELANESE
® CLAMPING LENGTH 12 mm CONICAL WEDGES
® SPECIMEN ADJUSTMENT WITH ADHESIVE SHIMMING
FOKKER 12.7x635 | ® GLASSTABS TAPERED CELANESE
® CLAMPING LENGTH 16 mm CONICAL WEDGES
NLR * 127x6.35 | ® GLASSTABS TAPERED 10
® END LOAD INTRODUCTION t —'Tﬂ“ .
® CLAMPING LENGTH 16 mm 460 NN TS N
® TEST RATE 1 mm/min - = - -
DA 8x6.35 | ® MACHINED SURFACE MODIFIED CELANESE
® CARBON +45 TABS CO—CURED, 1 mm RECTANGULAR WEDGES
® CLAMPING LENGTH 12.7 mm N
- 8 302
® TEST RATE 1 mm/min 1 8 .
W—Wff/jy SPECIMEN
S
_ s
WHL 10x 10 AS RAE STANDARD CELANESE
DLR * 8x6.35 | ® GLASSFABRIC TABS MODIFIED CELANESE
® NOT TAPERED AS DA
® CLAMPING LENGTH 12.7 mm

* SPECIMENS PROVIDED WITH 2 STRAIN GAUGES

L =FREE LENGTH
W = SPECIMEN WIDTH

Fig. 1 Test methods and used specimen type (u.d. material)




3 COMPRESSION TEST METHODS

3,1 U,D, Laminates

Each partner in the compression test programme used
his own compression test method and specimen type.
These test methods are frequently the result of an
evaluation of many years for obtaining the best
test method. This has unfortunately not resulted in
an unambiguously accepted test method.

In figure 1 detailed information is given on the
used test methods and specimen types. It is seen
that the Celanese test fixture (standard or
modified) is used most frequently: by RAE, DA, DIR,
Fokker and WHL. At ONERA the compression specimens
are fixed in steel clamping blocks using adhesive
shimming. The NLR used a simplified IITRI based
test fixture with load introduction through the
specimen ends.

The compression test specimens involved were quite
different concerning free gauge length, length
between clamping, and specimen width. Furthermore
different tab materials, chamfered or not, were
applied. The free gauge length of the DA specimens
is achieved by machining of the bonded tabs into
the base material, see figure 2. This resulted in a
specimen thickness that was about 20 X below the
moulded laminate thickness, see specimen thickness
in table 2.

3,2 Multidirectional Laminates

For multidirectional laminates the RAE and WHL used
the CRAG test method (Ref. 3). An anti-buckling
guide as shown in figure 3 was used to support the
250 mm long, 20 mm wide strip specimens. The NLR
used the same specimen type and testing device as
used for the u.d. laminates.

©
P 0° PLIES

,.N

thom +45° TABS

X |-——8 +0.1 mm——i !
- ]———cLAMPmG LENGTH 12.7 mmA—[\ i

Fig. 2 Detail of DA compression specimen
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] ™ ——
BODY PLATE ————— | T
END PLATE SPACER 3 .J """ TV
1 T +UTl+
SPECIMEN THICKNESS E : |
SPACER - : :
+-1 4+-1 +i L+
PTFE 7 ! ;
AN
i+
HEEH
i 1
] . 1
41 (| -t +i I+
WL
1 ¥
N L | bew=d ""/:.___-
'ﬂl‘ —
[]
STEEL SHIM 7 £ : :
{=COMPRESSED PTFE E Vo
THICKNESS) - LA
Nyl L1
| Pl
. 1 "

Fig. 3 Anti-buckling guide for multidirectional
laminates (CRAG ref. 3)

4 TEST RESULTS

4,1 Unidirectional laminates

An overview of compressive strength and standard
deviation is given in table 3. The strength values
are based on actual and nominal thickness. The

large scatter in mean compressive strength between

the participants is striking. To visualize the
effect of different test methods and test
procedures including human factors on composite

strength a comparison was made for the mean
strength of the tested materials, see figure 4.
Material T800/6376 was excluded since this material
was not tested by all participants. Figure 4 shows
that the highest strength values are obtained by DA
with their test method and specimen type.
Relatively low values were obtained by ONERA, RAE
and Fokker.

Despite the large differences in strength,
depending on test method, the material ranking for
the tested materials was generally similar. This is
{llustrated in figure 5a,b for T800 composites and
resin system Narmco 5245 with two fibre types.

TABLE 2
Specimen thickness: mean values and standard deviation

material T800/5245 T800/924 T800/6376 T400/6376 HTA7/6376 HTA?/982 IM400/5245 number of
member u.d, specimens
ONERA 1.91 (0.04) 2.17 (0.11) .89 (0.01) 2,19 (0.03) 1.98 (0.02) 2.24 (0.02) 5
RAE 1.98 (0.03) 2.22 (0.02) 2.16 (0.02) .88 (0.04) 2.35 (0.11) 2,02 (0.05) 2.37 (0.05) 10
Fokker(AS) 1.95 (0.01) 2.13 (0.11) 2.02 (0.11) .81 (0.01) 2.03 (0.02) 2.04 (0.02) 10
NLR 1.92 (0.02) 2.22 (0.03) 2.09 (0.01) .87 (0.04) 2,09 (0.03) 1.97 (0.04) 2.24 (0.05) 6
DA“ 1.62 (0.05) 1.50 (0.08) .59 (0.04) 1.91 (0.03) 1.81 (0.04) 1.43 (0.07) 6
WHL 1.86 (0.08) 2.12 (0.07) .85 (0.04) 2.28 (0.02) 1.91 (0.04) 2.23 (0.03) [
DLR 1.90 (0.02) 2.14 (0.01) 2.00 (0.01) .84 (0.02) 2.06 (0.02) 2.02 (0.02) 2.19 (0.01) 6
mean val.* 1.92 (0.04) 2.17 (0.04) 2.07 (0.07) .86 (0.03) 2.17 (0.13) 1.99 (0.05) 2.25 (0.07)

* without DA
*%* gpecimens were machined to a specific thickness
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Elastic moduli determined for the strain range ¢ =

T800/5245

0.1 to 0.5 % are given in table 4. For the 1600
different testing techniques used by ONERA, NLR and mmno/szas B
DLR equal moduli were obtained with a low standard || \_1
deviation. The relatively low strain to failure for RN
materials tested by ONERA can be associated with ]
the low compressive strength values given in I
table 3. =
x
(=
4,2 Multidirectional laminates e
The compressive strength for two quasi-isotropic o \
(QI) and one highly anisotropic laminate is given %
in table 5. There is a large difference between the
RAE and WHL results. This is striking since the N \
same CRAG test method was used. For the anisotropic § N
\\\ \
2000 0 \\\ : N
RAE FOKkKer NLR
- 1764 - a) Fibres T800 and IM400 in Narmco 5245
1637
= L 1800
[
£ 1469 1sool- T800/5245
» L 7] Teo0/924
-4
£ 1a00/—{ B 180076376
8 -
= 1168 — 1200
] & %
s = 1000
x
Q
& - Z 800
H
o e
o« 7]
74 - 600
=
& 400
= L
200
i 0
ONERA  RAE FOKKER
ONERA RAE FOKKER NLR DA WHL DLR b) Fibre T80Q in various resin systems
Fig. 4 Compression test performance of participa- Fig. 5 Compressive strength ¢of various fibre/
ting institutes and industries based on matrix systems showing the same material
testing the same package of u.d. materials ranking
TABLE 3
Overview of compressive strength (MPa) and standard deviation for u.d. laminates
p g
material 1800/5245 T800/924 T800/6376 T400/6376 HTA7/6376 BTA7/982 IM400/5245 number of
member specimens
1166 (122 172 163 (4
ONERA 5
1132 (120) 1074 (113) 1222 (39) 1255 (61) 1181 (81) 1038 (39)
RAE 10
937 (130) 1184 (92) 1031 (61) 1026 (85) 873 (98) 785 (77)
Fokker(AS) i 5
1228 (71) 1241 (61) 1293 (43) 1135 (17) 1165 (84) 1161 (84) 1298 (56)
NLR 6
1479 (52) 1465 (46) 1594 (73) 1334 (74) 1392 (64) 1381 (53) 1518 (78)
-
DA 6
1818 (163) 1600 (129) 1581 (107) 1851 (93) 1836 (134)
WHL 6
1780 (107) 1510 (75) 1750 (87) 1700 (42) 1550 (124) 1570 (220)
DLR 6
1640 (107) 1469 (96) 1619 (70) 1634 (77) 1627 (77) 1528 (112) 1555 (39)
mean val.* &4
strength based on nominal thickness * for DA specimens the mean actual strength
strength based on actual thickness was transferred to nominal strength using

the mean laminate thickness from table 1
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TABLE 4
Compressive moduli (GPa, average values and standard deviation) and
failure strains (%) for unidirectional laminates

material T800/5245 T800/924 T800/6376 T400/6376 HTA7/6376 HTA7/982
member IM400/5245
ONERA 145 (2.0) 138 (3.8) 127 (1.1) 117 (7.3) 123 (2.6) 143 (1.5)
0.84 0.83 1.06 1.07 1.09 0.91
NLR 148 (2.8) 137 (3.4) 143 (4.3) 129 (2.4) 119 (4.7) 124 (1.8) 142 (3)
1.12 1.16 1.25 1.2 1.30 1.21 1.22
DLR 152 (4.4) 139 (2.5) 155 (1.2) 132 (1.9) 121 (2.4) 120 (1.3) 147 (1.5)
¢ 1.15 1.14 1.13 1.40 1.49 1.41 1.15

¢: mean of 2 strain gauges extrapollated to maximum load

modulus based on nominal thickness
modulus based on actual thickness

TABLE 5
Compressive strength for multidirectional laminates (standard deviation between brackets)
material lay-up HTA7/982 T800/924 T400/6376 number of
member (0, 90, % 45)¢y (+ 45, 0, 90)3¢ (45, 09, -45, 04, -45, 0y, 45) tests
RAE 12
534 (35) 621 (43) 982 (71)
WHL 6
342 (58) 538 (75) 531 (170)
NLR 6
- 578 (18) 755 (37) 1011 (38)
€(%)
E GPa 1.46 1.77 1.32
43.5 50.5 89.3
NLR
€h.4.(%) 1.21 1.16 1.20

strength based on nominal thickness
strength based on actual thickness

laminate the NLR and RAE results were similar but
for the QI laminates the NLR tests showed somewhat
higher compressive strengths.

Comparison of strain to failure under compressive

loading for multidirectional and u.d. laminates
showed higher values for the multidirectional
laminates (NLR results). This effect was most

pronounced for the T800/924 material.

CUSSIO

The main goal of the present investigation was to
examine whether the compression test methods in use
are suitable for experimental verifications in
modelling compression failure. In this respect the

different
compressive

results of comparative testing of
material systems with different
performance are valuable by-products.

The differences in strength values obtained for the
same material system on specimens made from the
same laminate must be attributable to differences
in specimen type and size, the clamping and loading
technique and to human factors involved in
preparing and performing the tests. The latter
aspect cannot be traced but the former two effects
will be discussed in some detail.

As shown in figure 1, the free gauge length of the
DA and DLR specimens was only 8 mm. This resulted
in high strength values. The specimen length
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TABLE 6
Mean strength values (MPa) for different fibre/matrix combinations
5245 6376 982
Resin
Fibre
T800 1370 1440 1467
T400 1284
HTA7 1532 1350
IM400 1502

between the grips was 12.7 mm for both specimen
types but since the DA specimens were machined to a
thickness about 20 X below the moulded laminate
thickness, the tabs were somewhat more effective in
supporting the free gauge length than the tabs for
the DIR specimen. This could explain the somewhat
higher strength values for DA specimens. Fokker and
the NLR used chamfered glass tabs and the length
between the grips was 16 mm. As compared to the
previous specimens, a lower compressive strength is
not unexpected. The low values obtained by ONERA
and the RAE cannot be explained properly. However,
both institutes apply adhesive shimming for
specimen adjustment and this might effect the
stiffness of the gripping resulting in premature
specimen failure. A more thorough evaluation of the
effect of test conditions on failure strength is
not possible due to lack of information on the
failure modes experienced in the tests.

The compression test results for multidirectional
laminates were rather confusing. No proper
explanation could be given for the low strength
values of WHL as compared to the RAE and NLR
results. Strain measurements performed by the NLR
showed higher failure strains for multidirectional
laminates than for the u.d. laminates, table 5.
Especially for the T800/924 material the difference
was significant. This indicates that a uniform
distribution of load bearing 0° layers between
layers with a different orientation has a positive

effect on the compressive strength (strain to
failure). Further, it should be noted that the
standard deviation for the tests on

multidirectional laminates is significantly smaller

than that for the tests on unidirectional
specimens.
6 PRACTICAL SIGNIFICANCE OF HE SULTS 0.

FURTHER INVESTIGATION

The results of the Round-Robin test programme have
shown the compressive strength to be strongly
dependent on the specimen type and test method.
However, the ranking in material strength as
obtained by each participant was in general
similar. This means that the effects of constituent
properties on compressive strength essentially
could be investigated by each member using his own
test method. On the other hand, for investigation
of the most significant parameters in modelling
compression failure a low scatter in test results

is desirable. It was shown that for
multidirectional laminates higher compressive
failure strains were obtained than for wu.d.
laminates with a smaller standard deviation for the
strength. Therefore, wuse of multidirectional
laminates should be considered for experimental

verification in modelling compression failure.

By testing different fibre/matrix combinations in

the present programme, information was obtained on
the compressive strength performance of the tested
materials. In table 6 the mean strength of the
tested materials (from Tab. 2) is given in a format
that enables direct evaluation of the best
fibre/matrix combinations. The effect of matrix on
the compressive strength of composites containing

the same fibre is shown for T800 and HTA7
composites. Although the differences are mnot
significant, the 6376 system seems to result in

maximum strength values for the mentioned fibres.
If different fibre types are combined with 6376,
the best compression strength performance 1is
obtained for the HTA7/6376 system.

A CONCLUSIONS

In the framework of GARTEUR cooperation on
compression behaviour of CFRP a Round-Robin
testsprogramme was performed involving different
test methods and seven modern wunidirectional
laminates. In addition, limited tests on
multidirectional laminates were carried out. The
main conclusions that can be drawn from this
investigation are:

1 The compressive strengths of u.d.
varied significantly dependent on
types and test methods.

The material ranking obtained by the
participants was more or less similar.

Testing of quasi-isotropic laminates resulted
in an higher strain to failure than that
obtained for u.d. laminates, with an smaller
standard deviation for the compressive

The compression strength of HTA7/6376 was the
most promising among the tested fibre/resin
combinations.

It appears that despite conclusion 1, most of
the compression test methods described in this

laminates
specimen

I~

Jw

=

n

paper can be used for experimental
verification of compression failure models
that  incorporate changes in constituent

properties. On the other hand, a low scatter
of results is desirable for investigation of
the most significant parameters in the
modelling of compression failure.
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1 - INTRODUCTION

While the recent developments of Interme-
diate Modulus carbon fibers led to very
high specific tensile streength over the
first generation of High Strength fibers,
the composites compressive properties did
not improve at all.

Because most of the aeronautical struc-
tures are subject to alternate tension and
compression, it is not possible to take
full advantage of carbon fibers compo-
sites, as the compressive loading becomes
the design limitation.

After a focus on the matrix dominating
role in composite compression behavior,
this paper will clear out which matrix
characteristic, stiffness or strength,
pilotes the unidirectional compressive
failure.

2 - PROBLEM STATEMENT

This work mainly deals with organic matrix
composite reinforced with continuous PAN
based graphite fibers, because aircraft
structural composite materials are consi-
dered. The understanding of the longitu-
dinal compressive failure and the improve-
ment of compressive strength are the aim
of this paper.

2.1 - A matrix dominated behavior

Figure 1 presents some compression experi-
mental results on a multi lTayers laminate
with a hole. It illustrates that all the
tested materials exhibit similar compres-
sive strength whatever the carbon fibers
are (T300, AS4, IM6, T650-42, T800). The
tensile strength of the same materials has
to be considered, to point out the fiber
influence.

On the other hand, the different resin
systems used in these commercially
available composites are almost equivalent
in terms of stiffness and strength (see
appendix A). This can be a first sugges-
tion of the dominant role of the matrix
for composite compressive strength.

COMPRESSION & TENSION STRENGTH
on a 28 plies laminates: (0,45,-45,0,90,0,45,~45,0,90,0,45,-45,0)s

Bolted hole opened hole
compression tension

oo FAILURE STRESS (MPa)

800

|

T650/A1X

T800/5245
Experimental conditions: room temperature, no aging

T300/914

AS4/PEEK IM6/5245

DASSAULT AVIATION data

Figure 1 Compressive and tensile
strength of different

commercial composites

A second experimental verification has
been performed, taking into account the
fact that fibers properties are not
affected by hot/wet environmental expo-
sures from - 55°C to 120°C, while resin
properties are.

Figures 2 and 3 show plots of the compo-
site unidirectionnal compressive strength
of some systems versus the respective
resin evaluation in the same hot/wet
conditions (datas from M. Gddke €131, Rosen
t21, Tsai €33, Dassault...).

In both cases, a very strong dependence
has been established between either Grig.,
the shear modulus, or Gswss the short beam
shear strength, which are truly matrix
dominated characteristics, and <&y , the
longitudinal compressive strength.

This confirms that composite compressive
failure is matrix-governed.
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Figure 2 - Correlation between the longi-
tudinal compressive strength
and the shear modulus. Several
fiber/matrix couples at diffe-
rent hygrothermal ageing have
been gathered.
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Figure 3 - Correlation between longitudi-
nal compressive failure stress
and the short beam shear
strength at various hygro-
thermal test conditions.

2.2 - Low longitudinal compressive
strength explanation initial
fibres misalignment

First of all, it is interesting to have in
mind an important general result of mecha-
nics

Appendix B details the mechanics demons-
tration, which is valid for the following
hypothesis

- Linear elastic behavior
- Homogeneous material
Isotropic, orthotropic..
(metals, ceramics, composites...).

2(compress1‘ve stress) & G (shear modulus)

In our case, the main result is that the
instability occurs when the applied
compressive stress on a perfect unidi-
rectionnal laminate (straight fibers,
strictly parallel in a regular arran-
gement) reaches the composite shear

modulus. e .
‘ésu L éruz

e
Now, considering the ratio .GH/‘f.u for
different fiber/matrix couples, figure 4
emphasizes that the experimental ratio is
never equal to 1.

CompositefiReinforcement <
family type -G’i/z"

BFRP Boron 2.2
CFRP Carbon 4 - 5.5
GFRP Glass 6.8

[
Figure 4 == G'?/z" of different epoxy
based composites (TSAI datas).

e
In the case of carbon/resin, éfn is about
4 times lower than the theoritical
value. Fibers misalignment is the probable
explanation suggested by many authors.
Mrse and Piggott €41 reported an experi-
mental confirmation of the fibers initial
misalignmenet distribution influence on
the longitudinal compressive strength of
unidirectionnal laminates

Up to now, analytical approaches [£2) [5)
L61 did not give conclusions about the
constituents requirements to improve
composite compression, because they were
dealing with simple and non representative
fibers arrangements.

The following numerical simulation will
allow us to perform parametric studies by
changing constituents (fibers and matrix)
properties and to analyze their effect on
compressive strength of realistic compo-
site representations.

3 - NUMERICAL SIMULATION

3.1 - Fibers initial misalignment
representation

Mesh construction rules

- 2D model.

- 20 fibers embedded in a matrix.

- Global fiber volumic fraction : 0.58
- Fibers diameter 5.8 microns.

- No fibers interpenetration.

- A fiber misalignment has to fit in a 10
microns wide band.



- Local fiber misalignment given by a
defined distribution of local fiber
orientation with respect to the 0°
unidirectional basis.

Appendix C presents the 3 cases of distri-
bution and the resulting finite elements
meshes.

These distributions have been roughly
identified on composites micrographs.

3.2 - Constituents behavior hypothesis

Carbon fibers :

- Homogeneous and isotropic (+ parametric
studies of different filaments degrees
of orthotropy).

- Linear elastic behavior. (Ef=230000 MPa)

Matrix :

- Homogeneous and isotropic.

- Elasto plastic behavior (see figure 5).
o}

G

° —

£, g ¢

Er = resin modulus
g‘y yield stress

f failure stress
&y = yield strain
&f failure strain

Figure 5 - Matrix elasto plastic behavior.

After a few parametric studies of resin
modulus effect (from 2500 to 5000 MPa),
and Ty, T'f, &y and £f combinations, the
matrix behavior has been approximated to
an elastic quasi plastic behavior for the
reference simulations (a slight strength
hardening has been introduced to reach a
fast calculus convergence). The matrix is
therefore fully characterized by its
modulus Er and yield stress WJy.

Appendix D shows that in a shear mode,
which is better to characterize the non
linear resin behavior up to failure,
experimental stress strain curves are
close to this theoretical elasto-plastic
form.

3.3 - Calculations hypothesis

- Non linear calculations by incremental
increases of the applied longitudinal
displacement.

11-3

- Large displacements.

2000 nodes

3822 triangular finite
elements

4000 degrees of freedom.

- Mesh details

- Boundary conditions (see figure 6)

No displacement allowed in the x
direction for the left side.

No displacement allowed in the y
direction for the bottom side.

Equal displacement imposed in the y
direction - for all the nodes of the
upper side.
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Figure 6 - Mesh representation.

4 - RESULTS AND DISCUSSION

4.1 - Reference simulation

Figure 7 presents the calculations results
in the reference case

- Misalignment case 1.
- Elasto-plastic matrix (Er = 3800 MPa).

Each dot marks the unidirectional laminate
global buckling stress for a given resin
yield stress. It is interesting to note
that it gives near the origin a quasi
parabolic form, and for high values of‘r}
an asymptote with a value of Gz,
standing for the theoritical 1imit

o = ~ Gz (linear buckling). Notice
that the value of (=32 in 2D simulation
is found quasi equal to the value proposed
by Rosen (Gm/(4-V4)=3600 MPa), which is
less than what can be computed in 3D :
5000 MPa.

It shows that for very high values of
resin yield stress Ty, no premature fiber
microbuckling occurs in spite of the
initial misalignment. Like for the perfect
0° laminate, with straight fibers in a
regular arrangement, the compressive
stress to failure is reached when the
global shear instability (£ = -G) is
spread throughout the composite.
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Figure 7 - Compressive failure stress
versus resin yield stress
(reference simulation).

e
4.2 - Zu ~ A “V:I relation proposal
Z. e
In the first part of the n =f ( Yy )

relationship (see figure 8), it seems that
a function of g3 * describes the behavior
in a first approximation. It will also
facilitate the following parametric
studies analysis, because we are going to
deal with a linear function

% Unidirectional laminate compressive stress value of the global

buckling instability for a given resin yield stress square root

Longitudinal compressive failure stress (MPa)

-
Ltheoritical elastic limit: Gyp in 2D 7 _

- *
7 *

000

000
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reference misalignment case 1 (see appendix C)
[4
Zu ~ A u qy

4.3 - Misalignment influence

35

Er=3800 MPa

Figure 8

The simulation results reported in
figure 9 confirm the initial fibers misa-

tignment effect on unidirectional compres-
sive failure. In the Zj &~ AYNy formu-

lation, the slope "A" decreases as the
misalignment increases.

On the other hand, when the global shear
ruine mode becomes dominant, for high
values of Ny , we only notice a slight
difference of the two fibers arrangement

cases, which converge to the linear
buckling Timit G12.

Unidirectional laminate compressive stress value of the global
buckling instability tor a given resin yield stress square root

case |
reference

case 2
less misalignment

Longitudinal compressive failure stress (MPa}
00

’ i
I -
4000 Z - /// A A -
*
A Nt T
A ]
S
&
2000} . /}’ A 4
o
Vs 4
e
?///
ok i L L $ L 1
) 5 10 1 20 25 30
Oy MPa)

Figure 9 - Slope A dependence of the
fibers misalignment
distribution.

4.4 - Resin modulus influence

A parametric study has been performed
taking the reference case N° 1 of misa-
lTignment and 3 elasto-plastic matrices
with the following Young modulus

Er' =
Er =
Er" =

2600 MPa
3800 MPa (reference case)
5000 MPa

As expected, the linear buckling limit is
increasing with the resin modulus, as G]2
is matrix dominated.

But for lower values of matrix yield
stress, figure 10 suggests that the resin
modulus has a very small effect on the

35

Er=3800 MPa

slope "A" of the relationship Z;‘. ~ Auw

Unidirectional laminate compressive stress value of the global

buckling instability for a given resin yield stress square root

RESIN MODULUS {MPa): Er'=2600 Er=3800 Er*=5000
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Figure 10 - Resin modulus influence.
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4.5 - Matrix properties requirements

indications

The analysis of the previous simulations
leads to the following comments in the
perspective to give matrix mechanical
requirements to improve composite compres-
sive strength

- Preliminary the fibers misalignment
has an important role, but we will
consijder it as an imposed parameter. It
would be very difficult at this point to
control the fibers placement through all
the manufacturing operations.

- If we consider that current carbon
composites exhibit a ~Gne /ZL ratio in
the range of 4, the governing fa11ure
mode is def1nete1y described by 2 ~s
Ar-f; , being independent of the resin
modulus (see figure 10).

- So, an increase of matrix yield stress
will increase the unidirectional lami-
nates 0° compressive strength.

5 - COMPARISON WITH COMPOSITE MATERIALS
DATAS

In order to gather a great number of
combinations of .25“ and square root of
Wy, we again mixed several materials in
different hygrothermal states. According
to the same sources as figure 3, and
because the litterature is very poor in
resin yield stress values at different
ageings, we plotted the short beam shear
strength "Zamss" instead of By (withTy
V':, V]s' ). This interlaminar failure is
matr1x dominated and appendix E suggests a
strong correlation between “&y and GoBss :
Be3 ~ Gy +85 (1) Tspss s
a goo mechanical 1imit value for our
purpose, because within the composite it
covers at the same time, resin and
fibre/matrix interfacial failures.

In spite of the points dispersion on

figure 11, it seems that the experimental
data fit a Zi o~ AY‘SB&'& 25' rela-

tionship.

Remarks: The scatter in the composite
compressive failure values can be attri-
buted to

The low reliability of data, according
to the difficult compressive test
procedures £7) and the "laboratory
effect" €£81.

Not measured and probably different
initial fibers misalignments.

for epoxy and BMI! systems
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Figure 11 - Litterature experimental data

report of ZW and {ZBss

value of various carbon es1n
systems in different hot/wet
conditionnings.

6 - CONCLUSION

Numerical simulations gave a powerfull
understanding of composite compressive
failure.

<
As long as the ratio - Gn/én will be
very superior to 1, (factor of 4 to 5 for
carbon/resin materials), the resin yield
stress will have to be significantly
increased to improve composite compressive
strength. It is not necessary for carbon
reinforced systems to work on the resin
modulus.

In order to address resin mechanical
requirements to a material supplier, it is
better to consider the short beam shear
strength information, which includes resin
and fibre/matrix interface properties.

The challenge is going to be very impor-
tant, because considering a square root
approximated dependence of the interla-
minar yield shear stress, resin elabora-
tors will have to double the short beam
shear strength to get significant 0°
composite compressive strength impro-
vement.

7 - PERSPECTIVES

Pilot resins, with independent ratios of
Er/y, will be elaborated by SNPE
(France), to try to get an experimental
verification of the 2Bax ~ ANy
relationship for carbon reinforced
composites.
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APPENDIX A

Mechanical characteristics intervals of
typical resins used in commercial compo-
sites for structural applications (no
aging and room temperature).

Isotropic materials All

Tensile modulus 3600 to 4000 MPa

Poisson's ratio 0.3 to 0.35

Tensile failure stress 70 to 90 MPa

Compressive failure -170 to -140 MPa
stresse

Shear strength 70 to 90 MPa

Ez2 - % (%_%)z
Exz = Ji?}{

APPENDIX B

Shear instability demonstration of a body
subjected to uniaxial compressive loading.

The free energy of a linear elastic
isotropic material can be written as

‘f(éa-j) = vsigé,‘i + Jz_alf + PL IZ
ﬂ prestress tensor
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APPENDIX C
Finite elements meshes with 3 different initial fibers misalignment distributions.
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APPENDIX D

Experimental shear stress-strain behavior of industrialized composite resins.

NARMCO 5208 : NARMCO 5245
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APPENDIX E

Relationship between the shear yielding of pure resin (®y) and the composite
interlaminar shear strength (cSBSS)'

g'sess s Gy + 25 (in MPa)
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CFRP STIFFENED PANELS UNDER COMPRESSION

A. Bucci
U. Mercurio
Engr. Dept. for Advanced Composite Structures
ALENIA
Zona ASI Incoronata
71100 Foggia - ITALY

SUMMARY

The purpose was to experimentally
demonstrate the validity of the.
conceptual design of a CFRP stiffened
panel suitable for application in the
unpressurised after fuselage of a middle
size aircraft. Both the theoretical and
experimental behaviour has been analysed
taking into account the effect of:

- Different Materials

~ Curvature

- Barely Visible Impact Damage
- Static and Fatigue Loads

Composite materials with stiff fibers of
last generation coupled with toughened
thermosetting resin system were used.

1. INTRODUCTION

The topics discussed in this paper are
part of the work performed at ALENIA
Company as part of the Cooperative
Technology Development Program on
Advanced Composites between Douglas
Aircraft Company and ALENIA. One of

main objectives of this Cooperation
Program was to develop new manufacturing
technologies and to study structural
solutions adequate for the unpressurized
AFT Fuselage of a medium sized transport
aircraft.

The paper will deal with the behaviour
under compression loads of stiffened
panel selected like typical one for
AFT Fuselage.

After an investigation between several
types of stiffeners to be used for the
typical panel, comparing manufacturing
costs, weight - savings and

structural risks characteristics

the bead stiffener was chosen
producing the better compromise.

In this case a design no buckled at
ultimate load was preferred because the
methods to predict delaminations after
panel buckling are up to now little
reliable.

Finally the configuration shown in

Fig. 1 was defined; it consists of a
cocured bead stiffened panel designed
no buckling up to ultimate load.

At this point the principal target was
to investigate its buckling behaviour
under compression loads and at the same
time to verify the theoretical buckling

prediction obtained by a specific code
called "BEADBUCK" developed in Douglas.
This was realized through a tests
program on flat and curved panels
subjected to both static and fatigue
loading.Some panels were

damaged by impacts in such way

to have barely visible damages in
order to verify their influence on
buckling threshold, in accordance with
the certification requirements which
want a composite structure to withstand
ultimate loads in presence of not -
visible impact damages.

2. TEST ARTICLE DESCRIPTION

Two panel configurations were tested,
they have the same characteristics
except that one is flat and the other
is curved. In Fig. 2 are shown some
sketches of panels.They are constituted
by skin, 5 beads cocured with skin in
the same cure cycle and two frames
sections shaped Z connected to skin by
shear ties. The junction frame/shear tie
and shear tie/skin is obtained by hy
locks.

The two frames sections are provided to
generate a stabilizing effect on
longerons as much as is realistically
possible. In order to allow a realistic
comparison between theoretical and
experimental results, the test articles
height was defined to have instability
at the same load calculated in the
analysis of fuselage compression panels
using an end fixity coefficient equal
2.0. The compression load was applied
by potted end surfaces to avoid
incoming effects. Alluminum frame

(6061 Alloy) surrounded the potting
block.

3. MATERIALS

Two CFRP materials, in form both tape
and fabric belonging to the last
generation of composite

materials were used.Both materials
were characterized by

stiff fibers and toughened
thermosetting resin system.

The Tab. 1 shows in detail the

types of material.

4. TESTS

The Tab. 2 shows the tests performed
taking into account that for each type
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of test 1 panel was proved.
STATIC TESTS

The purpose of the static test plan
was to demonstrate:

1) The panel is able to withstand the
required design ultimade load.

2) The curvature effect respect to
flat panels.

3) The reliability of the theoretical
analysis.

4) The panel withstands the static
ultimate load in presence of barely
visible impact damage (BVID).

5) the panel withstands the design
limit load in presence of visible
impact damage (VID).

At this purpose the principal target was
to determine the buckling load of the
panels under compression loads.

The load was determined analysing the
straingage plots (see fig. 3-4-5-6-7-8)
obtained by measures performed in

the locations given in Fig. 9.

DAMAGES

The damage tolerance features of the
bead stiffened panels were also
investigated by compression static
and fatigue tests on damaged panels
by impact.

Both the barely visible impact damage
(BVID) and the visible one (VID) were
considered,assuming that the BVID were
correspondent to damage with an
indentation between 0.3 and 0.5 mm
while VID is higher than 0.5 mm.

Stress analysis considerations have
singled out like critical location
for the damage (in terms of strength
after impact) the outer skin area
correspondent to bead flange/skin
bonding (see Fig. 9).

At this purpose a preliminary
investigation, on already failed panels,
was performed to define the

opportune impact energy.

The impact energies found are shown by
Tab. 3. These energies were used

to impact the panels to test in presence
of damages.

The impactor head had 12.7 mm diameter
hemispherical steel tip.

FATIGUE TEST

The purpose of compression fatigue
test was to demonstrate the fatigue
damage tolerance of this specific
design in presence of BVID.

The spectrum applied is given in Fig.10.
It represents about 2 lifetimes. Each
10 load blocks the panel was

loaded up to static limit load to read
the strains in order to control possible
variations of panel global stiffnes.
Thus the fatigue test was very heavy
because 4 static limit loads

were applied in addition

to the fatigue cycles during

test.

At the end of fatigue test the panel

was tested in static way to evaluate
the residual static strength.

5. RESULTS
— COMPRESSION STATIC TESTS

The results are given in Tab. 4. They
are three different types of results:

Compression Initial Buckling Loads -
Theoretical Results:

They have been obtained using the
"beadbuck" code. This program calculates
the general and local critical buckling
loads of a non-anisotropic flat "bead"
stiffened panel with four sides
simply-supported. The effects of the
bead stiffener are included in this
analysis.

The geometry of the panel used as input
to the program is given in Fig.1l.

Compression Initial Buckling Loads -
Experimental Results:

They have been evaluated by straingage
plots. The buckling load was

always recognized at that load where
first a straingage loses the linear
behaviour (initial buckling load).
This analysis was been also supported
by vision of the tests.

Compression Ultimate Failure Load:

They are the loads at which the panels
obtained catastrophic failure.

— COMPRESSION FATIGUE TEST

The results given in Tab. 5 are the
strain measures performed each 10 load
blocks appling the design limit load

in static way.

The Fig.1l2 shows the results of residual
static strenght test performed at the
end of fatigue test.

6. DISCUSSION
STATIC TESTS
- Buckling load

The definition of the buckling load
for all panels was characterized from
the same straingages,those located on
the portion of outside skin under
beads (N.2-5-6 for B-C-D-E-F panels
and 7-6-10 for A panel).

In this way it seems that the buckling
load of this panel type coincides with
the buckling load of the skin strips
under the beads. The behaviour was
confirmed from evidence of the

tests because bumps on the skin

under beads were seen during

the test.

In any case both CIBA curved panels
intact (A) and damaged (D)

exceeded the required ultimate load
Fig.13. Considering that the HERCULES
material is stiffer than CIBA one
then we can say that the bead
stiffened cocured panel is to be able
to withstand compression ultimate
loads also in BVID condition.



- Damage effect

During the tests of damaged (BVID)
panels no creaking has been heard
and the results have demonstrated
that BVID doesn't influence the
buckling load. On the contrary

during the test of the visible damaged

(VID) panel have been heard a lot of
creaking that witnessed increase of
the delamination areas.

The CIBA flat damaged panel (C),

as it can be seen by Fig.13,

exceeded the required limit load, so
we can say,since the panel was flat,
that a curved panel in presence of
VID damage withstands the compression
limit load.

- Theoretical analysis

Another purpose of this test plan
was to check the theoretical program
used to evaluate the buckling load
of composite flat bead stiffened
panel (beadbuck).

The results obtained are very close
to the experimental values.

The outputs of code given in Tab. 6-7

show that the "skin" (skin between beads)

buckling load is close but lower
than "base" (skin under beads)
buckling load. The experimental
evidence has confirmed these results;
infact the straingages on the skin
under beads and those located back
to back skin/bead flange signaled
buckling for loads almost coincident.
However the code has demonstrated to
be reliable to calculate the buckling
load for this panel type.

- Curvature effect

Since the tests demonstrated that
the BVID damage doesn't influence the
buckling load, then comparing the
buckling loads of the two CIBA curved
panels (A and D) with the CIBA
flat intact panel(B), the curvature
effect can be estimated equal to
+10%.

- Different materials
The results given in Tab. 4 show

clearly the Hercules material is more
stiff than CIBA one.The reason

is in the different thickness (tows with

higher number of filaments) of fabric

plies used. Infact for the theoretical

analysis the same elastic properties
for the two materials have been used
but different thickness for fabric
plies and the results have been close
to the experimental one.

FATIGUE TEST

The global stiffness of the panel did
not change after the fatigue test like
the straingage readings in Tab. 5
witness.

The panel showed good damage tolerance
features compared to BVID.

The delamination widths stopped

after an initial growth, thus the panel
showed the expected design features
after fatigue test: to be no buckling
at ultimate load.
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7. CONCLUSIONS

Different Composite panels flat and
curved have been tested in compression
to check a new configuration (bead
stiffened cocured panel) for a typical
panel to use in an aft fuselage of a
medium sized transport aircraft.

The conclusion are summarized in the
following:

The curvature effect increases the
buckling load of the flat panel
approximately +10%.

The results obtained demonstrate the
reliability of the theoretical buckling
analysis (beadbuck code) for the bead
stiffened panels.

The damaged panels tests have shown no
effect of the (BVID) barely visible
impact damage on the ultimate buckling
load and that the (VID) visible impact
damage decreases the buckling

load of panel but this is still able
to withstand the limit load.

There is not fatigue damage also in
presence of BVID.After fatigue test

(2 lifetimes) the bead stiffened panel
keeps the initial global stiffness
and the static strength capability.
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Fig.1l BEAD STIFFENED COCURED PANEL

FABRIC

TAB.1 COMPOSITE MATERIALS
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PANEL TRE | WATERIAL | omase Tee | ) BT

CURVED CIBA  |T800/6376C BVID 19
FLAT CIBA 7800/6376C viD 24
FLAT HERCULES |IM7/8551-7 BVID 24

Tab.3 IMPACT ENERGY USED ON PANELS

19.40
LOAD (Kg.) &
0.0 Py
) ELAPSED CYCLES (*1073)

-10000 _|

0.6 DLL

0.75 DLL ¢t

0.9 DLL !
-20000 4 DLL=19950

~30000 |

The above sequence was repeated 40 times to cover two lifetimes,approximately.

The test was performed with: R = 0.05
Test Frequency = 2.5 Hz.

DLL = Design Limit Load

Fig.10 LOAD SPECTRUM FOR FATIGUE TEST
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Fig.11 INPUT GEOMETRY TO BEADBUCK CODE
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= STRAIN MEASUREMENTS (MICROSTRAIN) -

After 20 blocks ! After 30 blocks After 40 blocks

STRAINGAGE | Before of test| After 10 blocks H
: (- 20000 Xg) ! (- 19950 Kg) ! (- 20000 Kg)

i "o (-19960 Xg) | (- 20000 Kg)

H 0 : - 1970 : - 1969 : - 1989 H ~ 1967 ! - 1848

! 1 : - 2007 ! - 2018 : - 2010 ! - 1986 : - 2027 :
H 2 ! - 1957 : - 1975 : - 1973 : - 1941 : - 1980 :
H 3 : - 1993 : - 2011 : - 2021 : - 2006 : - 2025 :
H 5 : - 1968 ! - 1986 : - 1965 H - 1942 : - 1996 ;
H 6 ! - 2086 : - 2099 : - 2092 ! - 2106 ! - 2103 :
! 7 ! - 2017 : - 2036 : - 2024 : - 2043 ! - 2026 :
! 8 ! - 1963 : - 1952 : - 1939 : - 1964 : - 1941 :
! 9 ! - 1939 : - 1940 : - 1957 ! - 1947 : - 1964 :
H 10 ! - 2053 ! - 2047 : - 2048 : - 2032 : - 2076 :
! 11 H - 2074 ! - 2066 : - 2079 ! - 2140 ! - 2096 !
: 12 ! - 1927 ! - 1925 ! - 1949 : - 1930 : - 1903 :

Tab.5  STRAIN MEASUREMENTS DURING FATIGUE TEST
(POISSON'S EXPANSION ALLOWED)
LOCAL AND GENERAIL BUCKLING SHEAR BUCKLING

NORMALIZED TO COLUMN LOAD

NORMALIZED TO COLUMN LOAD

BASE Nx = 39.95 Kg/mm BASE Nxy = 49.48 Kg/mm
SKIN Nx = 37.25 Kg/mm SKIN Nxy = 35.09 Kg/mm
BEAD Nx = 95.34 Kg/mm GENERAL Nxy = 149.95 Kg/mm
GENERAL Nx = 54.80 Kg/mm

STRAIN = 2880. MICRO mm/mm AT Nx = 37.25 Kg/mm

Tab.6 CIBA PANEL - BEADBUCK CODE OUTPUT

(POISSON'S EXPANSION ALLOWED)

LOCAL AND GENERAL BUCKLING SHEAR BUCKLING
NORMALIZED TO COLUMN LOAD NORMALIZED TO COLUMN LOAD

BASE Nx = 41.74 Kg/mm BASE Nxy = 50.85 Kg/mm
SKIN Nx = 40.02 Kg/mm SKIN Nxy = 35.98 Kg/mm
BEAD Nx = 113.34 Kg/mm GENERAL Nxy = 168.98 Kg/mm
GENERAL Nx = 60.45 Kg/mm

STRAIN = 2952. MICRO mm/mm AT Nx = 40.02 Kg/mm

Tab.7 HERCULES PANEL - BEADBUCK CODE OUTPUT
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AN OVERVIEW OF CONCERNS RELATING TO FLUID EFFECTS ON COMPOSITES
GEOFFREY A WRIGHT
Materials and Development Depariment
BRITISH AEROSPACE
Warton, Preston, Lancashire, UK

SUMMARY

The effect of the interaction of fluids and the
environment on composite fibrefresin systems plays
an important role in determining the suitability and the
design values used for these materials. This paper
provides a brief overview of the questions posed by
the designer and the materials engineer and looks at
the test methodologies employed to determine
answers to these questions. The advantages for
standardisation of these fluid/environment exposure
regimes, together with agreement on the range and
extent of the follow-up test methods, is examined.

1. INTRODUCTION

Material and Structural Engineers are concerned with
the interaction of fluids and the environment with
aerospace malterials as a necessary part of their
optimisation and selection process. The increasing
use of organic materials for primary structural
applications has accelerated the necessity for
evaluation and understanding of these effects.

The interaction between fluids and polymeric
materials is extremely complex and has been the
subject of many thousands of scientific papers with
many theories put forward to explain the mechanisms
at work.

From the -aerospace material engineering and design
view the answers to a number of questions are
sought. These relate to:-

o What effects do each of the fiuids have on the
polymer?

0 What effect do they play on the thermal stability of
the polymer?

0 What are the
contaminants?

long term effects of fluid

0 What effect do thermal spikes and stress have on
the fluid/polymer properties?

o Are the fluid effects reversible?
o How, if possible, can we alleviate these effects?

Following on from these, further questions relating to
the means of assessing these effects need to be
answered and the need for agreement and
standardisation of test procedures requires to be

achieved. In particular the following points need to be
addressed:-

o Specimen configuration.

o Fluid selections.

o Exposure conditions.

o Duration of exposure.

o Test measurement/assessment criteria.

At the end of the day, we must be in a position to
translate the above results into Design data and have
the ability to predict the implications of supplementary
protective treatments.

2. MATERIAL EFFECTS

Aside from dimensional changes which occur when
the fluid is absorbed, other effects can also be
observed. Typical of these are:-

2.1 Plasticisation

This has been demonstrated to result in a reduction in
the Glass Transition value (Tg) of a composite by as
much as 50°C compared to the Tg of the dry
composite. Other composite properties which can be
affected are yield stress and modulus, ductility and
dielectric properties.

2.2 Microcracking

Repeated absorption of fluids followed by drying can
result in microcracking and other types of mechanical
degradation.

2.3 Fibre/Resin Interface Effects

Absorption of fluids can attack the fibre/resin interface
which in some cases can be irreversibly weakened.
The interface can also offer a primary route for the
penetration of fluids into continuous fibre composite
materials.

2.4 Polymer Degradation

The interaction of some fluids can cause hydrolysis of,
or chemical reaction with, the polymer. This will result
in the degradation of the composite properties. An
example of this is the effect of alkaline fluids on imide
and BMI systems where the resin system s
irreversibly degraded.
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3. AEROSPACE FLUIDS

Having looked at some of the effects that fluids can
impart to composite materials, the designer and the
materials specialist must establish the integrity of a
selected material with the various fluids with which it
will come into contact during its service life. This is not
so clear cut a procedure as the problem may seem.
Examination of a typical aircraft design, Eurofighter,
indicates that the composite material can come into
contact with some 40 plus fluid types which include;
fuel, oils, greases, heat transfer fluids, hydraulic fluids
and cleaning fluids, not including naturally occurring
fluids eg rain, salt spray and biological fluids, and, in
the case of military aircraft, warfare fluids, eg gun
gases, warfare agents etc.

Further analysis of the types of fluid involved indicate
that the majority of these are related to specifications
based on the performance of the fluid and not on the
chemical constituents of the fluid. To demonstrate the
problems that this can engender, | quote an extract
from British Standard G100 (Ref 1) which is also
being considered for an equivalent AECMA
specification.

‘Standard rest fukls

7est results obtamed from a number of sources over
a considerable period of time have shown cleark 1al
m many cases, widely varymg resulls can be oblamed
when using Nukls which are used mn service. The
practice of speciying fukds based on performance
criierig rather Mian their constivents can mean
vananons m st resulls between batches of the fuk
obtamed from different manufacturers, or even from
He same manuiacturer.

For tus reason this British Standard recommends the
use, wherever possibke, of siandard lest Nus whkh
are speciied by their conshitvents and contain the
chemikals which may be found in commonly used
nukds. The chemical constitvents of be Iest Hukd are
considered lo be Hhose which are most lkely to affect
e performance of the st specimen and can be
considered as Worst case’ exampks flor each
parnuiar st fukd group calkegory.”

A similar statement also appears in 1ISO 1817 (Ref 3)
thus the problem is well recognised. If we can tie in
these standard fluids to represent the actual
aerospace fluids used then the airworthiness
clearance route can be assured. The grouping of fluid
types represented by a test fluid simulating the worst
case condition will also result in a reduction in the
number of fluids required to be tested.

The drive towards the use of standard test fluids is
therefore progressing both within ISO and within

AECMA, an European standards organisation (Ref 2).

However, this in itself may not be sufficient to cover
all aspects of the Material Engineers and the
Designer concerns. Questions stil need to be
resolved relating to temperature of exposure, duration
and the effect of realistic service contaminants of
normal fluids eg fuelwater mixtures.

Fig 1 shows the effect of temperature on in-plane
shear modulus (a matrix dominated property) of a
thermoplastic before and after exposure to JP4 fuel.
The large reduction in modulus above 80°C of the
fuel soaked specimens is indicative of fluid interaction
effects that play an important part in determining the
suitability or the design value of a composite material.

On top of all this, the effectiveness of supplementary
composite protection schemes, eg paint coatings and
sealants need, to be assessed.

The disruptive effect of water on fibrefresin system
properties is well documented, thus, one of the
principal environments used for evaluation is that of
moisture conditioning. To achieve moisture uptake
within the composite a wide variety of accelerated
conditions have been employed by different workers.

Figure 2 indicates the response rate for moisture
uptake versus time for two different exposure
conditions. Obviously temperature can influence the
uptake rate for moisture, Ciba 914 resin is increased
by a factor of 5 simply by raising the temperature from
20°C to 60°C, however a limiting factor on this is the
need to adopt regimes which maintain the absorption
mechanism (Fickian behaviour) to ensure that
unrepresentative degradation mechanisms do not
occur (Ret 4 and 5). Fig3 indicates the moisture
uptake response rate for various composite laminate
lay-up configurations and Fig 4 shows the different
uptake rates for different composite systems. These
two figures go to show that exposure regimes based
upon fixed time durations, without pre-knowledge of
the moisture uptake behaviour of the system under
test, can lead to misleading results if the exposure
duration is 100 conservative. A methodology has
therefore been developed whereby environmental
testing within practical timescales can be performed
(Ref6). Although this is primarily directed towards
structural testing the procedure is equally valid for
materials testing performance. The subject of thermal
spiking, both to elevated and sub-ambient
temperatures, is also addressed at Ref 6.

Following the fluid exposure, the selection of the
range and types of follow-up tests, to demonstrate the
fluid effect, needs consideration. Generally these
have centred around interlaminar shear strength,



tensile strength compressive strength and impact
tests. With the development of more sensitive thermal
analysis instrumentation coupled with computer based
data analysis methods an additional range of tools is
available to aid the engineer in the evaluation of fluid
effects. As an example, a test method based upon
Thermo Gravimetric Analysis (TGA) coupled with
Evolved Gas Analysis using Mass Spectrometry has
been used to study moisture effects on a BMI/Epoxy
resin composite (Ref 7).

Examination of the environmental exposure regimes
used by a wide range of aerospace and composite
manufactures, and the subsequent range and type of
tests employed to assess the fluid effects indicate that
there is still a need for some standardisation of these
regimes if we are to achieve comparability of
techniques.

4. CONCLUSION

There are compelling reasons for the materials
engineer to evaluate fluid interactions with composite
materials. Examination of design reduction factors for
a typical intermediate modulus, toughened resin
system (Fig 5) indicates the importance of
environmental effects, especially on compressive

strength aspects.

Agreement on the selection and standardisation of
appropriate test methodologies to evaluate the
environmental effects by aerospace manufactures will
be beneficial both to the aerospace companies and
the composite manufacturer. The result of such an
agreement would be to:-

(i) Reduce costs of testing with differing regimes.
(i) Reduce the range of fluids to evaluate.

(i) Allow better comparability of test results
emanating from differing sources, and

(iv) Allow better comparability of data arising from
different resin systems.
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SUMMARY

The behaviour of an advanced toughened epoxy resin/
carbon fiber composite material, Hercules AS-4/8552,
in contact with fuel has been studied.

Interlaminar shear strength and compression strength
tests were performed on unidirectional specimens
after being exposed at 70°C to several conditions,
including a combined exposure to JP8 and water. A
correlation between the fluid content (either fuel,
water or a mixture of both) and the drop in the
mechanical properties was found. However, tests
performed on multidirectional specimens immersed
in several JP8/additives mixtures and subjected to
thermal cycles showed no variation in the inter-
laminar shear strength values.

The exposure to fuel or to fuel/additives mixtures
of impacted samples was found not to produce any
effect in the damage size or detectability. Fuel
leakage tests were conducted on impacted panels
subjected to pressure and results are presented.

Finally, the growth of microorganisms in fuel/water
solutions seemed not to affect the material nro-
perties, as deduced from some mechanical and
microscopy studies carried out on samples exposed
to such mixture.

1. INTRODUCTION

The design of some carbon fiber/epoxy composite
elements of civil and military aircrafts requires
fuel to be in direct contact with structural la-
minates. There is, therefore, a need to ascertain
if this fluid damages the composite. Some investi-
gations conducted on several resin/fiber systems
have shown little or no influence in the material
properties due to contact with fuel [1-4].However,
a recent study (5] has reported that 0°and 90°
flexural strength values of three thermoset matrix
composites decrease as a consecuence of the expore
to fuel. It seems that the effects of fluids on
these materials depend largely on the exposure time
and conditions, as well as on the chemical resis-
tance of the matrix and the matrix-fiber interface.
Further, a realistic approach to fuel effects has
to take into account the risk of combined exposure
to fuel and water, due to fuel tank sump water, as
well as the presence of additives, such as anti-
icing or anti-static, in fuel mixtures. The qrowth
of microorganisms in fuel tanks has been also
reported [6,7] being necessary to investigate their
effects in the composite properties.

In this paper the behaviour of an advanced toughened
epoxy/carbon fiber composite material (Hercules
AS-4/8552) in contact with fuel is reported.

A first series of evaluations was performed to
determine if some mechanical properties such as
interlaminar shear strength (ILSS) and compression
strength could be affected by static immersion in
JP8 and in JP8/water at 70°C. Additional ILSS
tests were carried out on specimens immersed in
several JP8/ additives mixtures and subjected to
thermal cycles and on samples exposed to fuel
contaminated by microorganisms. In these samples
electron microscopy studies were also performed to
analyze if some surface  degradation by
microorganisms takes place.

The exposure of composite materials to fuel and/or
water may cause effect not only on the matrix-
dominant mechanical properties, but also in other
properties, such as impact related performances.
Therefore, tests were conducted on impacted samples
of Hercules AS-4/8552 to determine if damage growth
or penetration of fluids in the damage area occur
as a consecuence of the exposure to fuel and thermal
cycles, Further, impact damage may be a potential
source of fuel leakage. It has been reported [8]
that impacted samples of some epoxy resin/carbon
fiber composites showed fue) leakage after a very
short time of being subjected to low fuel pressures.
Thus,impacted panels of Hercules AS-4/8552 were
subjected to pressure and the existence of fuel
leakage was investigated.

2. EXPERIMENTAL PROCEDURES

2.1 Specimens preparation

The composite material selected for this study was
Hercules AS-4/8552 unidirectional tape. Specimens
for the different tests were cut from autoclave
cured panels which were fabricated using standard
lay-up and vacuum bagging procedures.

2.2 Exposure conditions

Specimens for mechanical tests were immersed in
the fluids and fluid mixtures indicated in
Table-1.

When required, the temperature of the fluids was
kept constant by placing the fluid containers in
an oven, The weight of traveller specimens was
controlled by weighing them periodically on an
analytical balance.

Thermal cycles were performed in an automatically
controlled thermal shock chamber. The cycling con-
ditions were those indicated in Figure-1.

A culture of the following microorganisms was made
grow in a JP8/water mixture:
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Table-1: Exposure conditions

EXPOSURE CONDITION

MIXTURE CONCENTRATION (1)

Fluid Temperature
A: JP8 70°C
B: JP8 + Water 70°C 0.258 ml of water in 1000 m! of disolution
C: Water 70°C
D: A+ C 70°C
E: B+ ¢C 70°C
Thermal
F: Water cycles
Thermal
G: JP8 + Water cycles 0.258 m1 of water in 1000 ml of disolution
Thermal
H: JP8 + Anti-icing cycles 0.15% (in volume) of anti-icing BP
Thermal 23.9 mg of anti-oxidant HITEC 4733 in
I: JP8 + Anti-oxidant cycles 1000 m1 of disolution
Therma}l 1.07 mg of anti-static ASA-3 in
J: JP8 + Anti-static cycles 1000 m? of disolution
Thermal 50.3 mg of anti-fungi BIOBOR in
K: JP8 + Anti-fungi cycles 1000 m1 of disolution

(1) AS PER ASTM-D-1655 and DERD 2494

- Claudosporium resinae
- Fusarium s,p,

- Penicillium s.p.

- Micrococcus s.p.

- Pseudomonas s.p.

- Alcaligenes s.p.

- H-4 yeast

- H-5.yeast

The exposure of specimens to this solution was
carried out in containers placed in an environmenta)
chamber regulated at 28°C and 35% of relative
humidity.

2.3 Mechanical tests

ILSS measurements were performed on two different
types of specimens:

- Unidirectional specimens following the standards
ASTM D2344 and Pr EN 2563 (AECMA).

- Multidirectional specimens made with 20 plies
and a quasi-isotropic lay-up ([+45/-45/0/-45/
+45/0/-45/0/0/15). The nominal dimensions were
32 mm x 25 mm x 3.6 mm.

Compression tests were performed on unidirectional
specimens following the ASTM D695 standard.

The test machine used to measure these properties
was an Instron 1185.

Tests were performed at 70°C. A1) the conditioned
specimens were tested after being wiped and allowed
to stabilize at this temperature for 5%l minutes.

Impact tests were carried out on 24 plies quasi-
isotropic specimens with a lay-up sequence of
[(-45/90/+45/0)3]$. The nominal dimensions were
152 mm x 102 mm X 4 mm. Impact energies ranging
from 1 J/mm to 12.5 J/mm were used and the impact
device was a vertical dropping weight machine with
a semispherical impactor tip of 15.9 t 1.0 mm
diameter and 4.5 kg weight.

Once impacted, the samples were inspected using an
automatic scanning equipment Versiscan with C-Scan
records.

The fuel leakage tests on impacteq samp]gs were
performed at 0.34 N/mm2 (5 p.s.i.) using the
pressurizing device described in Figure-2.

«70°C

1SOmin

3-4min
- 40°C

Figure-1: Thermal cycle used for the exposure of
multidirectional ILSS specimens.,
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2.4 Microscopy studies

Samples were metalized by sputtering with Au-Pd
for 30 seconds and subsequently observed in a
Hitachi S-570 scanning electron microscope (SEM).
When required, the samples surfaces were cleaned
by immersion in acetone for 3 minutes in an
ultrasonic bath,

3. RESULTS AND DISCUSSION

To determine the effect of the exposure to fuel
and to fuel/water on the mechanical properties of
the material, unidirectional ILSS and compression
strength specimens were immersed in the conditions
A to E shown in Table-l. These conditions were
chosen in order to take into account the risk of
combined exposure to fuel and water and the fact
that fuel can carry a small amount of dissolved
water.

The weight gain on the travellers was determined
as a function of time and tests were performed
when the travellers reached the equilibrium fluid
contents, which are shown in Table-2. Both ILSS
and compression travellers reached similar fluid
contents under conditions A and B (JP8 and JP8 +
water). These fluid contents were found to be
lower than the equilibrium water content absorbed
by the travellers when exposed to water at 70°C
(condition C).

Similar results have been previously obtained [9]
for several epoxy resin/carbon fiber composites
where water and aviation fluids uptakes were com-
paratively studied. These results seem to indicate
that the affinity of resins for fuel is lower than
the affinity for water. In fact, when specimens
previously saturated with fuel at 70°C are placed
in water at 70°C (conditions D and E of Table-1)
they increase their weight gain up to a new equi-
librium level (Table-2). This equilibrium level,
which is similar for both ILSS and compression
specimens, is lower than the sum of the individual
A+ Cor B+ C conditions.

The results of the mechanical tests, carried out
at 70°C, on conditioned and reference specimens
are summarized in Table-3.
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Table-2: Equilibrium fluid contents of Hercules

AS-4/8552 travellers under several expo-
sure conditions.

FLUID CONTENT (%)
EXPOSURE UNIDIRECTIONAL | COMPRESSION
CONDITIONS ILSS TRAVELLERS | TRAVELLERS
A: JP8 (70°C) 0.48 0.61
B8: JP8 + water 0.55 0.55
(70°C)
C: Water (70°C) 1.36 1.41
D: A+ C (70°C) 1.40 1.47
E: B + C (70°C) 1.40 1.47
MOISTURE CONTENT (%)
Reference:
without 0.20 0.45
conditioning

These results show a decrease in the ILSS values
obtained for the specimens kept under conditions A
to E when compared to reference specimens. This
drop is less pronounced for the specimens condi-
tioned in JP8 and in JP8 + water than for the rest
of the specimens, The ILSS values obtained for the
samples under these conditions are very similar,
which indicates that the presence of a small
amount of water in the fuel does not seem to have
any influence. Identically, the exposure to fuel
previous to the immersion in water has not influence
as it is shown by the ILSS values obtained for the
specimens under conditions C, D and E.

The compression strength values decrease in the
samples exposed to water (condition C) or to fuel
and water (conditions D and E). When the samples
have been exposed only to fuel (conditions A and B)
there is only a little effect on the compression
strength value, compared to the reference one. It
has to be remarked that the fluid contents of the
compression specimens after being exposed to con-
ditions A and B are only a bit higher than the

moisture content of the reference specimens
(Table-2).
Table-3: ILSS and compression strength values

obtained at 70°C of Hercules AS-4/8552
after being exposed to conditions A to E.
Reference values are included.

EXPOSURE CONDITIONS | UNIDIRECTIONAY COMPRESSION
ILSS (N/mm2) | STRENGTH
(N/mm?)
Reference:
without conditioning 96.0 1476.6
A: JP8 (70°C) 89.4 1404.8
B: JP8 + water(70°C 88.9 1451.9
C: Water (70°C) 68.5 1268.8
D: A+ C (70°C) 70.6 1333.3
E£: B+ C (70°C) 69.3 1314.2
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The ILSS and compression strength values, obtained
at 70°C, have been represented versus the fluid
content of the specimens (either fuel, water or
the mixture of both) (Figure-3). It can be observed
that both mechanical properties decrease as a
function of the fluid content of the material. The
interactions fuel-resin and water-resin seem to
produce a plasticization of the material which
affects the mechanical properties in the same
amount, provided that the fluid contents (either
fuel or water) of the specimens are the same. A
recent study [5] carried out on three types of
epoxy resin/carbon fiber composites has shown a
decrease in the flexural strength of specimens
immersed in fuel at 82°C, but this has been attri-
buted to a degradation of the matrix-fiber inter-
face instead of a matrix plasticization.

A second series of evaluations was performed to
ascertain the effect of the exposure to different
JP8/additive mixtures (conditions G to K of Table-1)
on the ILSS values.

In order to reproduce as close as possible the
material in service conditions, ILSS tests were
carried out on coupons with a quasi-isotropic
configuration (see Experimental Procedures) similar
to the one used in the fuel tank skin. Further,
the samples were immersed in some JP8/additive
mixtures and subjected to thermal cycles, following
the scheme shown in Figure-1.

Table-4 shows the ILSS values at 70°C obtained
after 200 and 500 cycles. No changes in these
values can be observed, when compared to the
reference ones.

From these experiments it can be concluded that
the ILSS is affected mainly by the static immersion
or direct contact with fuel and/or water at 70°C,
while the exposure to fuel and thermal cycles does
not produce an appreciable variation in the ILSS

100.0 -

85.0

)

b

&

ILSS (N/mm?
i s

70.0 < *

65.0 3

60.0

----------------------- L0200 By U B O 00 0 0 do i ¢

0.50 1.00 150 2.00
FLUID CONTENT (®)

Variation of ILSS
Hercules AS-4/8552
of the specimens.

Figure-3:

and
as

Table-4: I.SS values obtained at 70°C of Hercules
AS-4/8552 after being immersed in JP8/
additive mixtures and subjected to thermal
cycles. Reference velues are included.

NUMBER
EXPOSURE CONDITIONS OF MULTIDIRECTIONAL
THERMAL  ILSS (N/mml)
CYCLES
Reference: - 80.0
without conditioning
. 200 86.0
G: JP8 + Water 500 85.0
] . . . 200 82.8
H: JP8 + Anti-icing 500 86. 4
. . . 200 78.5
I: JP8 + Anti-oxidant 500 82.6
- ] . 200 82.4
J: JP8 + Anti-static 500 83.8
- . . 200 82.1
K: JP8 + Anti-fungi 500 82.0
values. As it is shown in Table-2, the moisture

content of reference specimens are only slightly
Tower than the fuel content of specimens conditioned
in fuel or in fuel + water (conditions A and B).
Therefore, the fuel content of specimens under
thermal cycles, instead of conditioned at 70°C,
could be expected to be similar to the moisture
content of the reference specimens. This fact could
explain the no variation of the obtained ILSS
values.

The evolution of the damage area in impacted panels
immersed in water and in fuel/additives mixtures
and subjected to thermal cycles was subsequently
investigated. For that, samples were impacted at
an energy of 12.5 J/mm and inspected visually and
ultrasonically to evaluate the extent of damage.
Then, they were immersed in fluids F to K (Table-1)
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a
Figure-4 SEM  photograph of the
specimen (a) exposed to

b
surface of an Hercules AS-4/8552
a culture of microorganisms in

JP8/water and (b) after having been wiped with acetone.

and subjected to thermal cycles, as the one repre-
sented in Figure-1, Finally, after 500 cycles, the
samples were inspected again.

The comparison of the ultrasonic C-Scan records,
before and after the exposure, showed no variation
in the damage area, except for the samples immersed
in water, For these specimens an apparent decrease
of the damage area could be observed probably due
to trapped water, whicn acts as a transmitter of
the ultrasonic wave. In fact, when these samples
were subsequently dried in an oven at 70°C the
damage area recovered its original size,

Additional tests to evaluate the presence of fuel
leakage through the damage area were conducted
using the fixture described in Figure-2, under a
nominal pressure of 0.34 N/mmZ (5 p.s.i.). Samples
impacted at several energy levels, ranging from
1 J/mm to 10 J/mm, were analyzed. Fuel leakage
through the damage area is not observed in panels
impacted at 3.3 J/mm. However, at an energy level
of 6.6 J/mm a fuel permeability was detected. To
properly evaluate these results, other composite
materials with resins of several categories,
including not toughened, toughened and bismaleimide
resins, were tested. All yielded comparable
results, with the appareance of fuel leakage a* an
impact energy of 6.6 J/mm. It has been reported
[10] that aluminium panels show a similar behaviour.

As the final step on the study of the behaviour of
Hercules AS-4/8552 in contact with fuel, multi-
directional ILSS and impacted specimens, as well
as some samples for microscopy studies, were
immersed for 250 days in a culture of microorga-
nisms, which composition has been described in
Experimental Procedures, and kept at 28°C and
35% RH. ILSS tests at 70°C were performed after

this period and_an average value of 76.4 N/mmé
was obtained, which is very close to the value ob-

tained for the reference specimens (see Table-4).

On the other hand, a decrease in the damage area
of tne impacted specimens was observed after the
exposure to the culture, which could be attributed
to trapped water in the 1impacted area. As it has
been previously described, after drying tne sam-
ples in an oven at 70°C for 15 days, the original
damage area was recovered.

Finally, some samples immersed in the culture of
microorganisms were observed by scanning electron
microscopy. Tne surface of the specimens appeared
covered by microorganisms (Figure-4a), but after
wiping the surface with acetone, no damage or al-
teration of the material could be observed
(Figure-4b),

4. CONCLUSIONS

The effect of the exposure to fuel on the mechani
cal properties of Hercules AS-4/8552 has been fnund
to depend on the exposure conditions. Thus, static
immersion on JPB at 70°C produces a decrease on
the ILSS and compression strength values of this
material, while specimens immersed in JP8/
additives mixtures at the indicated concentrations
and subjected to thermal cycles, keep practically
invariable their ILSS value., The mechanism of pro-
perties degradation by the exposure to fuel ap-
pears to be a plasticization of the matrix,
directly related, therefore, to the fluid content
of the specimens.

However, the drop in the mechanical properties due
to the contact with fuel has been found to be less
pronounced than the one produced by the exposure
to water, This can be attributed to the higher af-
finity of the resin for the water tnan for the
fuel or fuel mixtures.

Other properties, such as the damage growth and
detectability in impacted samples, are not affect-
ed by the exposure of the material to
JPB/additives mixtures and thermal cycles. Fuel
leakage was found not to take place in panels im-
pacted at 3.3 J/mm. At an energy level of 6.6 J/mm
a fuel permeability was detected. This behaviour
is similar to the one observed in otner composite
materials and aluminium alloys.

The exposure to a JP8/water solution where a cult-
ure of microorganisms was made grow neither caus
es any effect in the material properties.

The investigation reported here, covering several
aspects of the material performance under diffe-
rent exposure conditions, has shown the suita-
bility of Hercules AS-4/8552 for the manufacturing
of structural elements in direct contact with fuel
and fuel/additives mixtures.
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Summary

A study was performed to assess the
effect of galvanic corrosion phenomena on
the strength of graphite/bismaleimide(BMI)
composites. The results indicate that
degradation ocurred in BMI composites
galvanically coupled to aluminum alloys.
The mechanism responsible for the
degradation involves hydroxyl ion
generation in the cathodic reaction.
Optical and electron microscopy of the
surface of coupled specimens showed a great
deal of cracking and deterioration of the
resin. This phenomenon is thought to be
associated with stresses in the resin
imposed by thermal or chemical processes.
These cracks may be an indication that the
mechanism of degradation is not simply the
hydroxl attack on the resin but a
combination of chemical and mechanical
attack. Composite-aluminum material
couples were exposed to salt water/fuel
solutions and to salt spray environment and
then composite properties were determined.
Conventional protection schemes were
evaluated. The results indicated that the
performance retention was test specific and
that bearing tests were most sensitive to
the galvanically induced degradation.
Significant bearing strength loss was found
when the protection schemes failed. 1In
addition, a systematic study of the
electrochemical conditions which were most
important in control of the degradation
rates was performed.

Introduction

High temperature composites offer
significant welight savings over
conventional materials such as steel and
titanium. Imide based composites are the
only organic matrix materials that have
beeg demongtrated fog appligations in the
149°C (300 F) to 288 C (550 F) region. The
chemical structure of the resin determines
the material operating temperature.
Polymers based on bismaleimide(BMI) and
condensation polyimide chemistries (figure
1) have been developed for engine and
airframe components. In many cases the
imide based composite is in direct contact
with steel or aluminum. In a recent
laboratory test program,
graphite/bismaleimide composites immersed
in salt water while Iin contact with a metal
were observed to degrade. This degradation

resulted in removal of resin and
delamination of the composite within
several days.

Because of the importance of polyimide
composites for Navy applications a program
was initiated at NADC to examine the
degradation phenomena. The Navy“s efforts
have focussed on evaluation of the severity
of the degradation in existing and emerging
alrcraft, development of a methodology to
mitigate the phenomenon and on
identification of the degradation
mechanisms. The program was performed in
three tasks, specifically salt fog
exposure, cleaning fluid exposure and
electrochemistry. Salt fog and salt water
exposures were used to evaluate the
severity of the problem and to evaluate
currently used protection schemes. These
experiments used specimen designs in which
composites were electrically coupled to
metal. Electrochemistry experiments were
used to assess the Iimportance of specific
exposure variables in the degradation
process.

Background

The effect of water on polymer matrix
graphite composites in the fleet is a
reduction of the thermal stability of the
material. This effect 1s a well
characterized reversible plasticization
process. Moisture is also known to cause
corrosion in metal aircraft components.
The Navy spends considerable time and
effort on corrosion maintenance of the
metal aircraft in the shipboard
environment. One form of corroslon {is
caused by the electrical coupling of two
dissimilar metals. Galvanic corrosion
occurs when there is a difference in the
electrical potentials of two conducting
materials exposed in a corrosive solution.
In the couple, the more corrosion resistant
material becomes the cathode where
reduction reactions occur while the other
more active material becomes the anode

where oxidation reactions take place. The
cathodic reaction that occurs depends on
the solution conditions. In neutral or

basic solutions, the reaction is the
reduction of water and oxygen to produce
hydroxyl fons. Graphite is cathodic to
aluminum and steel and composites utilizing
this type of reinforcement will cause
corrosion of these metals when they are



15-2

connected electrically. This electrical
coupling in structural components is
usually accomplished either through the
fasteners used to attach composite skins
to metal substructure or through adhesive
bonds.

Graphite composite driven corrosion
of aircraft structural alloys has been
studied previously. Fischer and
DeLuccia(l) measured a large 1 volt
potential difference between
graphite/epoxy composites and 7075
aluminum alloys. This potential provided
the driving force for extensive corrosion
of the alloy. Mechanical testing of the
couples indicated that the corrosion was
responsible for significant strength loss
in the aluminum components. Additional
efforts have examined the effectiveness
of various protection schemes for the
prevention of galvanic corrosion.
Thompson, White and Snide(2) reported
that protection schemes which consisted
of coatings on the composite and the
metal, sealant on the faying surface and
around the fastener, and a fiberglass
barrier ply dramatically reduced the
corrosion found in unprotected couples.
These authors cautioned that the
protection schemes were only effective 1if
all surfaces were coated and If the
sealant layers were not porous.
Similarly, DeLuccia and Brown(3) found
that isolation coatings significantly
reduced the galvanic corrosion induced
fatigue strength loss in aluminum alloys.
In all of the work described in the
literature there was no indication of
degradation of the epoxy resins used in
the composite.

The degradation of imide polymers
through hydrolysis by moisture or bases
has been studied by a number of workers.
Strong bases attack the imide group in
the polymer structure and produce amic
acid salts and amines figure 2. The most
widely studied material has been Kapton
wire Iinsulation. Environmental factors
such as temperature, stress, moisture
concentration and basicity have all been
found to affect degradation rates. The
actual mechanism responsible for the
degradation observed has also been
addressed. Askins(4) modelled the
degradation phenomena with an arhennius
relationship and further found that the
strength loss in the material followed an
exponential decay, first order reaction
type response. Wolf and Soloman(5)
showed that under specific exposure
conditions, hydrolysis rates could be
significantly reduced through annealing
of the polymer prior to exposure. These
authors speculated that the degradation
could be a mechanochemical process.

Discussion of Experimental Results

Evaluation of Galvanic Degradation
Processes

Exposure Specimen Study. The
initial effort in the program was the
verification of the results reported
regarding the degradation phenomena. A
set of specimens was fabricated with U.

S. Polymeric AS-4/V-378A coupons
connected to 2024 T-6 aluminum coupons of
the same dimensions. The specimen size
used was 7.5 em x 1.25 cm x .2 cm (8 ply
quasiisotropic laminate). The composite
and Al were tied together with a nylon
string. Three samples were placed in
glass jars contalning various
combinations of JP-5 (jet fuel) and 3.5%
NaCl solution. The combinations included
a 50/50 mix of JP-5 and neutral salt
water, a 50/50 mix of JP-5 and pH 2 salt
water and a jar half filled with neutral
salt water. A forth jar with a 50/50 mix
of salt water and JP-5 was made up with
only the composite sample in it. These
jarsowere placed in an oven at 82 C

(180 F). The jars were removed at 24
hour intervals and the samples were
observed. The total exposure period was
four days.

The first observation regarding
these exposed samples was that there was
degradation of the composite in a short
period of time. The type of attack
varled depending on the nature of the
solution. Specimens in water/fuel
solutions showed an effect which was
concentrated in the interface between the
fluids. Over a period of time, the
affected zone grew up the edge and in
towards the center of the specimen.
Specimens half immersed in water showed a
more general attack over the portion of
the specimen above the water surface.

All of the degradation occurred on the
surface opposite the mating surface of
the specimens. The degradation was
evidenced first by a lightening of the
surface and then exposure of bare fibers.

The sample exposed to the pH 2
solution showed similar degradation to
the pH 7 exposed sample. These pH 2
specimens were not expected to degrade in
the same manner as those exposed to
neutral water since the nature of the
reduction reactions in acid and neutral
solutions are different and also because
the low pH solution was expected to react
with any hydroxl lons. A measurement of
the pH of this salt solution showed that
it had increased to 4.8 during the
exposure time. The pH increased due to
the production of aluminum hydroxide.
These observations indicate that hydroxyl
attack is not the only important feature
of the degradation phenomena. It also
shows the Iimportance of the local
solution chemistry i.e.; the chemistry of
the environment where degradation occurs.
In the samples exposed tc only salt
water, the degradation did not appear to
be as severe, however it covered a much
larger area than the fuel water samples.
The degradation was not visible until 48
hours of exposure.

The second observation made was that
the aluminum attached to the degraded
composite specimens had considerable
surface corrosion. The corrosion
appeared to be qualitatively similar to
that reported by Fischer and De
Luccia(1l).



After 4 days of exposure the samples
were removed from the solutions and
inspected with optical and scanning
electron microscopy(SEM). Examination of
the water/fuel exposed specimens showed
that the resin had been completely
removed from the fibers on the surface in
the area just above the interface. The
resin higher up the specimens in the fuel
phase but still in the affected zone was
cracked and fibers were visible below the
surface. SEM micrographs from three
aréas are shown in figure 3. The
specimens exposed to only water had much
less exposed fiber, however the cracks
and chipped resin were more visible over
the surface. The resin had been thinned
down a great deal on these specimens.
SEMs of the surface of the water fuel
samples showed that the resin was heavily
cracked above the degraded area, figure
3A. Moving down the specimen a large
number of rough chips were observed on
the surface of the specimen, figures 3B.
Finally in the area of greatest
degradation there were fibers with a thin
resin coating, bare fibers and chips of
resin visible, figure 3C.

The information obtained from these
exposure tests does not allow
quantitative analysis of the degradation
mechanism to be provided. There are some
insights into the mechanism that can be
stated based on the observations. The
degradation of the coupled specimens was
affected by the formation of hydroxyl
ions at the cathode in the galvanic cell.
In the specimens exposed to only salt
water the thin layer of water that
condensed on the surface of the specimen
above the water level was the
electrolyte. This thin layer of water
provided an area for the reaction to
proceed and allowed the hydroxide ions to
concentrate on the surface. In the area
below the water the hydroxide lons were
able to diffuse away from the surface and
no degradation was observed. The samples
exposed to jet fuel/salt water mixtures
showed a concentrated degradation. This
effect was due to a concentration of
hydroxyl ions and oxygen in the meniscus
between the water and fuel, The hydroxyl
ions are nearly insoluble in the fuel and
when formed diffuse down to the
interface. The fact that the acid water
solution caused similar degradation to
the neutral solution indicates that the
degradation process 1s driven by local
chemical environments.

Evaluation of Protection Schemes.
The next set of experiments performed
were designed to evaluate the
effectiveness of currently used
protection methods for graphite/epoxy-
metal couples for the prevention of BMI
composite degradation. The procedure is
outlined in MIL-F-7179. The protection
schemes proposed for the graphite/BMI
composites consist of a layer of
fiberglass/BMI cocured on the surface of
the composite and epoxy primer on the
mating surface of the laminate. A
sealant is applied to the mating surface
and around any fasteners in the
structure. The aluminum in contact with

graphite reinforced composites 1s
anodized and primed with epoxy primer.
There were three screening studies
performed which examined the effect of
specific protection schemes on composite
strength.

The first set of specimens
fabricated were used to screen paints and
sealants for their ability to protect the
composite under aggressive exposure
conditions. Four primers, a topcoat and
a one coat primer/topcoat were evaluated.
The coatings evaluated included; MIL-P-
23377 solvent based epoxy primer, MIL-P-
85582 water based epoxy primer, Koroflex
flexible epoxy primer, a high temperature
urethane primer Desoto 825-009, MIL-C-
85285 urethane topcoat and Unicoat, a
self priming top coat recently developed
at NADC. The composite specimens were 14
ply (+,-,0,0,+,-,90)s IM7/5250-4. The
aluminum was chromate conversion coated
2024-T6. Composite and Al specimens
coated with these materials were cured
for one week at room temperature. The
composite and Al were attached using
titanium 6,4 fasteners with A286 nuts.
Each coating was evaluated with no
sealant, an inhibited sealant and an
uninhibited sealant. The coupled
specimens were immersed to half height in
neutral salt gater (g.SZ NaCl) and
exposed at 82 C (180 F). The specimens
were removed from the oven and visually
inspected once a day for 7 days. After 7
days the specimens were removed for
testing. The effects of this exposure on
the specimen surface condition are shown
in figure 4. The unprotected coupled
specimens used as controls completely
delaminated after 7 days. The other
paint schemes showed various amounts of
degradation from none for the urethane
primer to severe for the water based
primer and koroflex. The use of top
coats improved the surface appearance
compared to the primer alome. The
Unicoat provided a high level of
protection. One surprising finding was
that the sealants did not affect the
amount of blistering observed. The
primers blistered to the same degree with
inhibited and uninhibited sealant. The
composite specimens were tested in 4
point flexure ASTM D790 at room
temperature. The results are given in
table 1. These results show that the
flexure strength correlated with the
amount of degradation observed on the
surface. However, the flexure strength
of the specimens which had inhibited
sealant was higher than those which had
uninhibited sealant. An observation of
the most severely degraded samples showed
that the primer had fibers embedded in
it, this was evidence that the primer
bonded to the surface however, due to
degradation of the resin, fibers and
primer were lifted from the surface.

The next set of specimens were
fabricated to evaluate the effects of
fiberglass surface plies, sealant and
high temperature aging of the paint. The
samples used for this study were 24 ply
(0,90) IM-7/5250-4. The aluminum was .32
em (.125in.) 2024-T6 sheet. The
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composite and aluminum specimens were 2.5
cm X 10 em. (1 X 4 in.). A MIL-S-85430
polysulfide sealant was applied to the
faying surface and the fasteners were
coated with uninhibited polysulfide
seala@ﬁ before installation. Two .468 cm
(3/16 inch) holes were drilled one half
inch from the edges of the specimens.

The samples were connected using titanium
6,4 alloy bolts with an A286 alloy nut,
The assembled specimen is shown in figure
5. The test matrix used in this
evaluation is shown in table 2. The
varlables examined included the
fiberglass ply, the sealant, the type of
primer, and the condition of the primer.
Specifically, bare and glass covered
samples with and without polysulfide
sealant with either a solvent based (MIL-
P-23377) or a water based primer (MIL-P-
85582) were evaluated. Some of the
coated composite samples were heat aged
at 149°C (300 F) for 100 hours before
they were assembled. After the sealant
had fully cured(l week) the samples were
exposed in a salt spray chamber. Most of
the specimens were exposed for 30 days.
In addition, another set of specimens
which were fabricated with MIL-P-23377
primer, MIL-C-82582 and 825-009 high
temperature urathene primer were exposed
for 90 days. The exposure conditions for
all of the salt fog specimens conform to
the ASTM G-84 specification.

After 30 days, the specimens were
removed from the salt spray environment
and visually inspected. Each set of
samples was photographed and then
disassembled. After disassembly the
composite samples were sectioned in half.
The samples were placed in a bearing
fixture and tested in compression. This
specimen was chosen in order to test the
area around the hole. It was expected
that this would be the most vulnerable
area due to the bare composite and
exposed fibers in the hole.

After 30 days of exposure some of
the specimens were severely blistered.
Samples with water based primer and no
sealant had the most severe blistering.
Examples of specimens with and without
glass and with and without sealant are
shown in figure 6. Blisters were visible
on all surfaces. The glass scrim ply on
the surface had no effect on the number
of blisters. The use of a faying surface
sealant with water based primer had
little effect on the amount of
blistering. In some cases the primer
flaked off the specimens during exposure
and testing. The area under the primer
was observed to be slightly degraded.

The pH of the fluid in the blisters was

measured to be in the 12 to 14 range. As
was noted above, this basic solutionm will
cause damage to the BMI resin. The

solvent based primer provided better
protection, however blisters occurred
near the edge on several specimens. The
use of a sealant on the faying surface
and glass scrim reduced the number of
blisters on the water based primer
specimens. The edge blisters in the
solvent primer samples are probably due
to edge thinning of the primer as it

stretched across the cormer of the
specimen. The samples tgat were heat
aged for 100 hours at 149 C (300 F)
showed no blisters for either the solvent
or water based primers. In order to
evaluate the amount of degradation im the
hole several specimens were sectioned and
microscopically evaluated. The samples
exposed in salt spray all show minor
amounts of degradation in the hole area.
There was a qualitative correlation
between the hole quality and the bearing
strength of the samples.

Bearing test results are given in
table 2. The data show a decrease from
the control specimen strength. The
average for the control was 550 MPa (80
KSI) while the coupled samples ranged
from 406 MPa (58.9 KSI) for water based
primer, no glass and sealant to 517 MPa
(75.0 KSI) for solvent primer,
temperature aged, glass surface ply
samples. The results show that the glass
ply had little effect on the bearing
strength of the laminate. 1In all cases
except glass with sealant the solvent
borne primer specimens exhibited higher
strength. Samples with sealant in the
faying surface showed lower properties
than the samples without sealant in every
case. This result was not expected since
the sealant is an added layer of
protection between the composite and
aluminum. It 1is possible that the
sealant acted to concentrate any cathodic
reaction on a limited area of the
composite.

Specimens that were removed after 90
days showed some blistering and wrinkling
of the primer. The glass, primer,
sealant combinations are shown in table
3. The amount of degradation on the
surface was not significantly different
than the 30 day exposure samples.

Bearing strength results were found to
beslightly lower for the 90 day exposure
specimens. The most interesting
difference found was that the high
temperature primed specimens with sealant
had bearing strengths significantly lower
than those of unsealed specimens (68.0
KSI vs 91.0 KSI). The control for this
set of laminates was 86.0 KSI. This data
supports the hypothesis that the sealant
acts to concentrate the degradation
process at the hole.

The third set of specimens prepared
for exposure were open hole compression
specimens. These samples consisted of 24
ply (+45, 0, -45, 90) IM-7/5250-4
connected to 2024 T6 aluminum sample of
the same size with a titanium fastener in
the center of the specimen. The coatings
and isolation schemes used are shown in
table 4. Several of the samples were
scratched to simulate a flaw that may
occur in the protection scheme during
service. These specimens were also
exposed in a salt spray environment for
30 days. After exposure, the specimens
were disassembled and were tested at room
temperature in an MTS test machine at a
rate of .125 cm/min (.05 in/min).



These specimens showed some
blistering of the primer. Scratched
samples did not show any increased
blistering over unscratched samples.
Areas under blisters and near the
fasteners showed some sign of resin
damage however it was limited to the
resin on the surface of the composite.
Test results are shown in table 4. The
data indicated that there was no
significant change in the strength of the
material after exposure. Non coupled
control samples which were exposed for
the same time had an average strength of
410 MPa (59.7 KSI) while the primed
specimens which did not have a fiberglass
barrier ply had a strength of 400 MPa
(57.9 KSI). The use of topcoat and
sealant provided a slight improvement in
the strength.

The results of this testing indicate
that the amount of composite that is
effected by the degradation is small for
this type of exposure. Specimen designs
which test the mechanical integrity of
the exposed surfaces are most sensitive
to the degradation phenomena. The
bearing strength is dependent on the
quality of the material in the hole where
the degradation process is concentrated.
The compression strength was not affected
because the small amount of degradation
was insignificant in the test geometry.

Electrochemistry

In an effort to determine which
variables in the process most strongly
effect the rate and severity of
degradation, a factorial test matrix was
developed. An electrochemical cell was
used to expose the BMI composite to
various environments. The variables
evaluated included salt concentration,
oxygen concentration, pH, time, current
density and temperature. Two levels of
each variable were evaluated. The levels
of each variable were as follows: Salt
concentration .1 and 3.5%, aerated and
dearated water, pH 7 and 11,01 and 4 day
exposure, temperatures of 25°C (75 F) and
83°C (180 F) and current densities of 40
and 160 micro amps per square centimeter.
The specimen consisted of a 24 ply 5250-4
composite. Electrical connection was
made to the composite by drilling a hole,
sanding both surfaces to expose fibers,
coating the hole and area around it with
silver filled paint and installing a
steel nut and bolt with the wire lead.
The test area was then masked off and the
specimens primed with epoxy primer and
topcoated with urethane paint. Three
samples were exposed at each condition
listed in table 6. The test cell with
the specimen is shown in figure 7. The
composite specimen was the cathode and
the platinum mesh electrode the anode.
This cell allowed the duplication of the
reactions in the freely corroding cell.
Each test was replicated three times to
eliminate extraneous results.

During exposure bubbles formed on
the surface of the composite and in some
specimens cracks and blisters formed as
shown in (figure 8). Similar blisters
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were observed by Tucker and Brown (6) in
graphite/vinyl ester laminates coupled to
steel. After removal from the cell some
of the specimens with little or no
blisters were observed to have turmed
lighter in color. After exposure the
specimens were tested in flexure. The
results are given in table 5. The
results showed that high current, high
temperature and long times had the
greatest effect on the specimen
appearance and flexure strength. Many
blisters and low flexure strengths were
observed for specimens exposed under
these conditions. Reduction of the data
and determination of significant factors
was performed on the flexure results.
This screening showed that the variables
were ranked in the following order;
current density, time, temperature,
oxygen concentration, pH, salt
concentration. The most significant
factors were current density, time and
temperature. These variables had greater
than .95 significance level. There was
very little interaction between any of
the variables. The lack of significance
of the oxygen concentration 1is an
important factor since oxygen 1is required
for the reaction. Further study of this
factor will be carried out im future
studies.

Conclusion

The mechanical property testing
performed indicated that bearing strength
of BMI composites was most sensitive to
the degradation caused by galvanic
corrosion. Observation of the specimens
showed that the damage to the inside of
the hole was slight, however the effect
on the composite bearing strength can be
significant. The degradation which
results from the 30 day salt spray
exposure appears to only effect the
exposed surface of the composite.
Therefore, the bearing strength decreased
but the open hole compression strength
was not affected. Similarly, flexure
tests on specimens exposed in the
electrochemical cell showed large
decreases in strength when the surface
ply was blistered. However when the
surface was only discolored there was
only a minimal loss of strength.

The electrochemical tests point out
that temperature, time and current
density are important factors in the
degradation process. The rate and
severity of degradation are greatly
effected by these factors while oxygen
and salt concentration had little effect.

The Navy has dealt with corrosion
and degradation in the past. Methods of
preventing corrosion of metals and
inspecting for corrosion are part of all
alrcraft production processes and
maintenance manuals. Degradation of
imide based composites is potentially
rapid and severe. Strict attention must
be pald to material selection,
application and fleet inspection.
Potential primary or critical application
of imide composites must consider the
associated risk of galvanic degradation
vs alternate materials. The risk
analysis must also consider the use of
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corrosion resistant materials in
structural components where the potential
exists for a galvanic couple with imide
based composites. The degradation of
imide composites structures should be
addressed through proper material
selection, complete galvanic isolation
during assembly, and inspection and
maintenance in the fleet. However, the
inspection rates and the repair processes
required for support of these structures
are unknown at this time.
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Table 1 Coating/sealant flexure test results

Coating/Sealant
23377

855682

Koroflex
Urethane

23377/83430
856582/83430
Koroflex/83430
Urethane/83438

23377/81733
85682/81733
Koroflex/81733
Urethane/81733

23377/85285
85582/85285
Koroflex/86285
Urethane/85285

Unicoat
Control

Flexure Strength MPa
1585
1144
1523
1781

1635
15683
1648
1987

1741
1971
1866
1756

2035
2041
1575
1924

1894
17563



Table 2: Bearing Results

PROTECTION SCHEME STRENGTH (MPa)
AVG S
Water based primer, sealant 406 39.4
Solvent based primer, sealant 438 30.0
Water based primer 454 31.7
Solvent based primer 477 40.5
Water based primer, sealant, glass 436 38.6
Solvent based primer, sealant, glass 442 25.0
Water based primer, temperature aged 498 36.1
Solvent based primer, temperature aged 517 31.4
Control 550 32.1

Table 3 Three month bearing test results.

PROTECTION SCHEME STRENGTH
MPa S
High temperature urethane 627 27
High temperature urethane, sealant, glass 469 10
Solvent based primer, sealant glass 403 21
Control 593 24

Table 4: Open Hole Compression Test Results

Protection Scheme Strength (MPa)
AVG S
Bare / Primer / Sealant 399 16.5
Glass / Primer / Sealant 408 3.3
Bare / Primer / Topcoat 407 12.6
Bare / Primer / Topcoat / Sealant 422 15.1
Glass / Primer / Topcoat 398 14.5
Glass / Primer / Topcoat / Sealant 420 13.2
Glass / Primer / Topcoat / Sealant / Scratched 432 156.1
Control 427 18.6




Table 5 Electrochemical test results

RUN# SALT OXYGEN pH TIME TEMP CURRENT FLEXURE
DENSITY STRENGTH

% DAYS °C mA/cm2 MPa
1 N YES 7 1 83 40 1489
2 1 NO 7 4 83 160 593
3 3.5 NO 11 4 25 160 855
4 .1 NO 11 4 25 40 938
5 3.5 YES 11 4 83 160 676
6 3.5 YES 7 4 25 40 1241
7 a NO 11 1 83 160 710
8 3.5 NO 7 4 83 40 986
9 1 YES 11 4 83 40 1365
10 3.5 NO 7 1 25 160 1248
11 1 YES 11 1 25 160 11562
12 3.5 YES 11 1 25 40 1420
13 3.5 NO 11 1 83 40 1055

14 1 YES 7 4 25 160 972
15 1 NO 7 1 25 40 1475

16 35 YES 7 1 83 160 882

oS

4,4 Bismaleimidodipheyimethane

g\ i /? g‘\ P
swlco Soroeicllo 9
PMR-15

Figure 1 Chemical structure of bismaleimide and polyimide.
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Figure 2 Imide degradation by base.
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A Uncoated B Primer

C Primer and Uninhibited sealant D Primer and inhibited sealant

Figure 4 Coating evaluation specimens
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PRISE EN COMPTE DES EFFETS DE L'ENVIRONNEMENT SUR LE COMPORTEMENT EN
SERVICE DES STRUCTURES PRIMAIRES D'AVIONS EN MATERIAU COMPOSITE

HISTORIQUE ET SITUATION ACTUELLE

Jean Rouchon
Délégation Générale pour I'Armement
Centre d'essais aéronautique de Toulouse (CEAT)
31056 Toulouse cedex

France

RESUME

Lorsque furent envisagées les premidres applications de
matériaux composites &8 matrice organique dans les structures
travaillantes d'avions, la préoccupation majeure des
concepteurs et services officiels fut leur tenue au
vieillissement. Quelques quinze années aprés, l'expérience
acquise en service associée a4 de nombreux résultats de
laboratoire a fortement dissipé ces craintes, tout au moins
pour les structures ne faisant pas appel a un usage extensif des
technologies de collage. Cela ne signifie pas que le
vieillissement des composites n'existe pas, mais ses
conséquences sont maintenant considérées d'une portée
limitée et prévisibles, c'est a dire susceptibles d'étre prises en
compte au niveau de la conception, de la certification et du
suivi en service des structures.

Cette publication retrace brievement les principales étapes
ayant conduit a la situation actuelle, puis analyse les
différentes méthodes actuellement utilisées pour prendre en
compte ces phénoménes de vieillissement, en particulier la
détermination de la concentration d'eau absorbée en service
par le composite. Cette analyse repose en grande partie sur la
base des résultats d'un programme d'exposition naturelle aux
intempéries sous charges cyclées en cours au CEAT.

1. INTRODUCTION

Le vieillissement est défini ici comme étant l'altération
progressive, en cours d'exploitation de I'avion, des
performances structurales. Avec les matériaux métalliques, la
fatigue mécanique a été considérée pendant longtemps comme
étant la cause principale de ce vieillissement, mais
I'expérience récente a montré que l'importance de la corrosion
avait été comparativement trés sous-estimée. Fatigue
mécanique et corrosion ne constituent pas a ce jour des
problématiques particulieres avec les structures en composite,
mais par ailleurs, température et humidité se sont avérées
capables d'influencer sensiblement leurs performances.
L'altération des structures en composite par les dommages
accidentels ne fait pas l'objet de cet article, cet aspect est
largement développé dans les références [1] et [2].

Le vieillissement d'une structure en composite doit étre
appréhendé sous deux aspects : l'altération des propriétés
mécaniques du composite proprement dit d'une part, et
T'altération des fonctions d'assemblage propres aux principes
constructifs utilisés (liaisons collées et/ou boulonnées)
d'autre part.

L'altération des propriétés mécaniques du composite est
susceptible de revétir deux formes : la création de dommages
structuraux tels qu'une fissuration interlaminaire par exemple,
et la dégradation, c'est & dire la modification des propriétés
intrinséques de la matiére. A T'inverse de la dégradation qui est
un phénomene diffus, les dommages structuraux sont des

phénomeénes géométriquement définis et réputés détectables
par inspection non-destructive.

Seules les liaisons collées présentent une sensibilité
particuliere au vieillissement. Les liaisons mécaniques pour
lesquelles les phénom&nes de corrosion galvanique étaient
trés redoutés au départ s'avérent jusqu'ad maintenant, grace 2
des systtmes de protection relativement simples, d'une
durabilité satisfaisante. De méme que pour le composite
proprement dit, l'altération de la liaison collée sera
susceptible de revétir deux formes : le dommage ou plus
exactement le décollement, et la dégradation.

Le phénomeéne de dégradation est propre aux systémes
organiques, et releve de I'action combinée de I'humidité et de
la température. Avec les composites, la dégradation ne
concernera que les propriétés gouvernées par la matrice donc
essentiellement la compression et le cisaillement
interlaminaire. L'expérience acquise avec les époxydes,
puisqu'il s'agit de l'unique famille de matériau actuellement
utilisée dans les structures primaires d'avions, montre
qu'admettre une relation de type univoque entre la
concentration d'eau dans le composite et sa dégradation par le
vieillissement, est une approximation considérée comme
satisfaisante au niveau du dimensionnement des structures, ou
des justifications par essais nécessaires 2 la certification ou
homologation. Le probléme se raméne donc 2 l'anticipation
de la valeur maximale de cette concentration d'eau jusqu'au
retrait de service des appareils concernés, la température
extréme de la structure étant par ailleurs un paramétre
beaucoup facile a déterminer.

2. EXPERIENCE ACQUISE DANS LE DOMAINE
DU VIEILLISSEMENT DES STRUCTURES
PRIMAIRES EN CARBONE

2.1 Expérience en service

Le tableau 1 résume l'expérience acquise en service début
1990 sur les principaux exemples d'application structurale
des composites. Pour les éléments présentant une architecture
conventionnelle du type structure monolithique avec
fixations mécaniques, aucun probléme li€ a un éventuel effet
du vieillissement et nécessitant des réparations structurales
n'a été rapporté. Quelques problémes ont été relevés avec les
structures sandwiches, ils ont été le plus souvent le révélateur
d'un probléme d'assurance qualité ou d'un choix de matériau
non approprié.

Un programme spécifiquement dévolu 4 1'étude des effets du
vieillissement en service a été lancé par le STPA et
I'Aérospatiale en 1980. Ce programme a consisté 3 monter 22
aérofreins en carbone sur certains avions du type A300B de la
compagnie AIR FRANCE, i les suivre par un programme
d'inspection non-destructive spécifique, puis a les prélever 2
des échéances prédéterminées pour mesurer leurs
caractéristiques statiques résiduelles. Le tableau 2 issu de la
référence [3] récapitule les résultats de ces essais,
actuellement disponibles sur trois aérofreins. Pas plus ces
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résultats que ceux du programme d'inspection non-destructive
ne montrent d'évolution sensible de ces structures due au
vieillissement. Ce programme qui doit se terminer en 1992,
s'apparente a une étude lancée par la NASA en 1973 sur 108
aérofreins de B737 et dont les résultats ont été largement
publiés [4].

1° élément | Nombre d'h. de

Elément Nombre | gn service vols accumulé
depuis
Dérive Airbus | > 200 1985 9000
Gouverne de
direction Airbus | 300 1983 20000
Voilure V1OF 1 1985 3300
Ailerons Falcon
50 ou 900 280x2 1977 565000
Dérive et sur- 150 av
faces mobile |~ 22|  qgg2 120000
M2000 livrés
Tableau 1
Type 1 Typo 2
nappe carbone tissu
carbone
Durée de service 60 mois | 51 mois | 47 mois

effective sur avion

Nombre d'atterrissages 5483 5645 4519

réalisés
Résistance statique 35CL | 33CL |35cCL
résiduelle ’ ' ,
Résultat essai d'un 3CL 3,6 CL
aérofrein neuf
Tableau 2

Un programme équivalent de suivi en service d'éléments en
composite d'avions d'arme (ailerons F1, dérive M2000) a été
lancé par le STPA et Dassault Aviation. Ce programme arrive
maintenant aux premitres échéances de prélévement de
piéces.

2.2 Expérience en essais accélérés

On se limitera dans ce domaine aux seuls essais ou il a été
tenté de simuler aussi fidélement que possible les conditions
réelles rencontrées en service, c'est i dire la combinaison de
la fatigue mécanique et du cyclage thermohygrométrique.
Début des années 80, le CEAT s'était équipé de quatre
installations capables de la réalisation de tels programmes :
-deux installations spécialement dévolues aux essais
structuraux

-deux installations adaptées aux essais de matériau et
éprouvettes technologiques.

Plusieurs programmes ont éi1é réalisés grice a ces
installations, ceux concernant des éléments de structure sont
récapitulés tableau n°3.

Eléments de structure ayant subi un essai
de fatigue combiné a un cyclage thermo-
hygrométrique au CEAT

-Aérofrein A3008
-Aileron F50
-Aileron Mirage F1

-Caisson de flexionforsion V10F

Tableau 3

Au niveau matériaux et éprouvettes technologiques, les
principales études ont été réalisées dans le cadre de
l'opération V10F et d'un programme spécifique a I'étude de
l'influence d'un cyclage thermohygrométrique représentatif
d'une mission d'avion de combat [5]. Le principe général de
ces différentes études était de superposer un cyclage
thermohygrométrique a des sollicitations de fatigue d'un
niveau représentatif des sollicitations effectivement
rencontrées en service (pour fixer un ordre de grandeur,
environ 30% de la résistance statique). Des exemples des
cycles réalisés sont représentés figures 1 et 2 . On remarquera
que le cycle de la figure 2, représentatif d'une mission d'avion
de combat, se différencie de celui de la figure 1, notamment
par une incursion & haute température simulant une croisiére a
vitesse supersonique. Les effets du vieillissement étaient
mesurés au travers de I'évolution des performances statiques
des éprouvettes entre 1'état réputé neuf et I'état vieilli, le tout
assorti d'un programme d'inspection non-destructive. Les
conclusions qui ont pu &tre tirées de ces différentes études ont
été que la chute de résistance statique observée aprés ces
vieillissements réputés représentatifs, n'était pas
significativement supérieure a celle qui pouvait se déduire de
la connaissance de la concentration en eau du matériau, et
n'apparaissait pas influencée par I'histoire (effets de cyclage)
ayant conduit a cette concentration. Des études réalisées par
d'autres laboratoires européens on les cyclages thermo-
hygrométriques étaient superposés a des essais classiques de
fatigue a rupture (tracé d'une courbe de Wohler) ont pu aboutir
a des conclusions différentes.

De tels essais n'ont pas été reconduits dans les plus récents
programmes de certification de structures primaires en
composite (A320 et ATR 72).

Temp. HR forte, 90 & 95%

50°C - !
] 1
) ]
20°C 4 ! !
\—/h 2h 3h 4h @)
-30°C |

Profil thermohygrométrique type "avion
de transport civil "(tiré du programme V10F)

Figure 1



HR forte, 90 & 95%

Temp.
100°C A

20°C

[}
[}
1 1
2h 4h 6h \ 7 h (1)
-35°C ]

Profil thermohygrométrique type "avion de
combat"(tiré de l'essai aileron Mirage F1)

Figure 2

2.3 Les essais sous exposition naturelle aux
intempéries

Conscient que ces essais accélérés en laboratoire ne prenaient
pas en compte l'effet de durée d'exposition et certains autres
parametres liés & l'exposition naturelle (rayonnement,
facteurs biologiques), le CEAT a lancé en 1983 un programme
d'étude du comportement des composites en exposition
naturelle (sur le site de Toulouse) combiné, ce qui fait
l'originalité de ce programme, a des sollicitations de fatigue.
Les matériaux étudiés sont le T300/N5208 et le T300/914.
Les éprouvettes sont représentatives de détails de dessin de
structure réputés critiques (voir figure 3) : une éprouvette
monolithique percée avec trou habité sollicitée en
compression, et une enture & deux rangées de fixations
sollicitée en traction. Ce programme a été lancé sur dix ans,
et les résultats sont déja disponibles aprés les prélévements a
deux ans et demi et cinq ans. Ces résultats sont rapportés dans
les références [6] et [7]. La figure 4 issue de ces références
montre qu'il n'a pas été observé, jusqu'a ce jour, de variation
significative des performances statiques aprés vieillissement.
Ceci confirme les conclusions provisoires de l'expérience en
service, exposées § 2-1.

Eprouvette monolithique percée, trou habité

o

165

Enture simple cisaillement

210
{Drapage: 8 plis & 0°, 12 & +/-45°, 2 290°)

Figure 3
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L'ensemble de ces résultats est encourageant, et explique
l'actuelle "baisse de pression” relative 2 ces problemes de
vieillissement en service des composites. Il est toutefois
important de noter que les premidres piéces montées sur
avions en service en Europe n'ont pas encore accumulé 10
années d'exploitation, alors que les problémes importants
récemment rencontrés (problemes dits des "vieux avions")
sont apparus a des échéances ultérieures. En conséquence,
éluder définitivement le probleme serait prématuré, prudence
et humilité demeurent encore nécessaires.

3. DETERMINATION DE LA CONCENTRATION
D'EAU ABSORBEE A LONG TERME PAR LES
COMPOSITES

La sensibilité au vieillissement humide d'un composite, en
terme de concentration en eau absorbée dans un
environnement donné, est une caractéristique intrinséque du
matériau. S'il est admis que la connaissance de cette
concentration constitue une approximation suffisante pour
quantifier la dégradation, due aux effets de l'environnement
rencontré en service, d'un matériau composite a matrice
époxyde, celle-ci mérite d'étre déterminée de fagon rigoureuse.
Lorsque la modélisation est utilisée a cet effet, les modeéles
doivent étre validés par des résultats expérimentaux aussi
représentatifs que possible des durées effectives d'exposition.
Alors que les avions sont actuellement congus pour des durées
d'exploitation de 20 a 25 ans, les modeles utilisés pour
déterminer l'absorption d'eau (Fick, Langmuir) ont été au
mieux validés sur quelques cycles thermohygrométriques
réalisés en laboratoire. Il existe donc un grand besoin
d'accumuler des résultats dans ce domaine, en particulier en
faisant "voler" des éprouvettes suiveuses sur des avions, ou
en effectuant des mesures par dessiccation sur des
échantillons prélevés dans des piéces retirées de service
(exemple dans le cadre des programmes spécifiques relatés en
fin de § 2-1).

3.1 Les résultats expérimentaux disponibles

La figure 5 montre I'évolution de la masse d'échantillons non
peints exposés en ambiance naturelle & Toulouse pendant 5
ans. Une augmentation de la masse est observée en début
d'exposition, puis ensuite les phénomenes d'érosion
superficielle dépassent en importance l'accroissement de
I'humidité absorbée. Cette méthode de mesure n'est donc pas
valable, et peindre les échantillons ne fait que reporter le
probleme & l'échéance ultérieure de la dégradation de la
protection. En conséquence, la méthode la plus fiable est la
mesure gravimétrique par dessiccation des échantillons aprés
prélevement, tout en essayant de prendre en compte les
phénomenes de rémanence par piégeage de l'eau susceptibles
d'exister. Des résultats obtenus au CEAT suivant cette
méthode seront exposés i la fin de ce paragraphe.
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ENTURES T300/N 5208 ENTURES T300/914
500 .Contrainte brute & rupture (MPa) 300 Contrainte brute a rupture (MPa)
250 - 250
200 200
O
150 - :% 1504
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100 © 100 -
@
50 A w 50
0 - 0 |
neuf vieilli 2 ans 1/2 vieilli 5 ans neuf vieilli 2 ans 1/2 vieilli 5 ans
MONOLITHIQUES T300/N 5208 MONOLITHIQUES T300/914
0 0 -
vieilli 2 vieilli 2 ans 1/2{ }vieilli5 ans |
-100 o -1004
o
[~}
-200 s -200]
«
@
w
-300 -300
-400 -400
-500 -500
Contrainte brute a rupture (MPa) Contrainte brute a rupture (MPa)
Figure 4

Les premiers résultats disponibles relatifs 4 des mesures
d'absorption d'eau pendant des durées significatives (au moins
cinq ans) sont dus a des programmes soutenus par la NASA,
dont une synthése est présentée dans la référence [8] . Clest
sur le matériau T300/N 5209, dénominateur commun 2
plusieurs de ces programmes, que le plus de résultats sont
disponibles. Des expériences réalisées par MBB-UT en RFA
ont montré que la concentration maximale en eau mesurée
pour ce méme matériau (soit 0,8%) dans les conditions
climatiques les plus sévéres correspondait environ a celle
absorbée a l'équilibre dans une exposition a 70°C/70% HR.
Un programme d'éprouvettes suiveuses en T300/913C,
attenantes a des spoilers montés sur A300 B4 exploités par
Thai Airways (localisation géographique réputée sévére vis a
vis de I'humidité) a donné une concentration a 1'équilibre
d'environ 1,1% laquelle correspond également i un
conditionnement en atmosphére constante 3 70°C/70% HR.
Cette derniére expérience était également pilotée par MBB-
UT. C'est a partir de ces observations sur deux matériaux que
cette regle d'équivalence a été extrapolée a tous les matériaux
composites utilisés dans 1'A320, dans le cadre des
justifications structurales associées a la certification de cet
avion.

D'autres résultats d'essai obtenus depuis remettent en cause
cette réegle d'équivalence. Ces résultats sont toujours extraits
de 1'étude CEAT [6] [7] et concernent deux matériaux : le
T300/N5208 réputé comme un des moins sensibles a
'humidité dans la catégorie des matrices époxydes, et le
T300/914 réputé un des plus sensibles (du moins a l'intérieur
des résines durcissant & 180°C). Les mesures ont éié effectuées
par dessiccation a 70°C jusqu'a équilibre d'échantillons de 50

x 30 mm prélevés dans les surlongueurs des éprouvettes
d'enture dont les résultats ont été donnés § 2-3.

Les résultats de ces mesures, jusqu'a cing ans, sont récapitulés
tableau 4. 11 est intéressant d'observer que pour ces matériaux
considérés au départ comme trés différents au niveau de leur
caractere hydrophile, simultanément exposés a quelques cm
I'un de l'autre, les résultats obtenus sont quasiment
équivalents.
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Masse restituée par les
échantillons aprés dessiccation
Aprés 2 ans 1/2 Aprés § ans
T300
N5208 0,68% 0,90%
2
<
5
3 T300
Ciba 914 0,71% 0,88%
Tableau 4

3.2 La modélisation

L'absorption de T'humidité par les composites est un
processus de diffusion contrdlé qui a été modélisé a partir de la
théorie de la diffusion de Fick. De nombreuses publications
existent sur le sujet, avec pour point de départ les travaux de
Shen et Springer [9] . Les limites de ce modele, en particulier
pour ce qui concerne certaines matrices et les températures
élevées, ont été rapidement mises en évidence [10].

Un modgle plus évolué (Langmuir) prenant en compte une
certaine non-réversibilité du phénomeéne (effet de piégeage de
I'eau par fixation sur un nombre limité de sites) a été
également développé. 11 a fait I'objet de certains travaux en
France [11] mais est néanmoins peu répandu.

Ces modeles devraient permettre, 2 partir des caractéristiques
du matériau et de ses conditions d'exposition en termes de
profils de température et d'humidité, de connaitre a tout
moment 'humidité contenue dans le composite. Relativement
dépensiers en temps de calcul, ces modeles ne tolerent pas une
discrétisation trés fine des conditions d'environnement. Pour
les échantillons du tableau 4, exposés pendant cinq ans a
TOULOUSE, un calcul a été effectué avec 60 segments
représentant les valeurs moyennes mensuelles d'’humidité
relative et de température sur le site. Les résultats sont
représentés figure 6.

Gain de masse en %

| ®T300/5208 ©T1300/914 |

1,5
' e
S

1 (’L('L('(((K((
@ T L

(%gi"::@((((((«(d((((((((ﬂ‘ (e

C

((){(

&

0,51

500 1 E)OO 1500 2'000
Nombre de jours

Figure 6

La simplification maximale de cette discrétisation consiste a
ne considérer qu'un seul segment représentant I'humidité
relative moyenne du site pendant les cinq années d'exposition
(soit HR 79,7% dans ce cas précis). En lui associant la valeur

16-5

de la température moyenne il est possible, A partir du méme
modele, de démontrer que les échantillons précités ont atteint
un état d'équilibre avant cinq ans. Cet état correspond 2 une
humidité absorbée de 1,34% pour le T300/914 et 0,82% pour
le T300/N5208 (voir figure 7 les conditions du calcul). Ces
valeurs sont trés proches de celles obtenues avec la
discrétisation en 60 segments de la figure 6, respectivement
1,37% pour le T300/914 et 0,83% pour le T300/N5208.

T300/N5208 T300/914

0,82% 1,34%

C
79,7%

Conditions de calcul: 1,316 (N5208)

b=
R \P 1,548 (914)

C = Cmax
L 100 Cmax=saturation
{pour HR 100%)

= 1,1%(N5208)
= 1,9%(914)

C = concentration a
I'équilibre, pour une
HR constante donnée

Figure 7

Cette méthode de discrétisation en couples de segments
associés représentant respectivement la température et
I'humidité relative moyennes enregistrées pendant 1 jour, une
semaine, un mois etc... est remise en cause par une étude du
Royal Aircraft Establishment [12]. Il est proposé une
pondération de ces valeurs pour tenir compte des corrélations
naturelles existant, dans un climat donné, entre la température
et I'humidité relative ambiante durant la journée.

3.3 La corrélation théorie/expérience

Dans le cas du T300/N5208, la concentration réelle en eau
mesurée au bout de cinq ans est un peu plus élevée que celle
prédite par l'analyse (0,90% au lieu de 0,83%) alors que pour
le T300/914 elle est, par contre, trés inférieure a la prédiction
(0,88% au lieu de 1,37%). Un écart aussi sensible mérite une
recherche des causes possibles.

La premitre explication & considérer serait l'existence d'une
fraction rémanente d'eau, piégée par le matériau. La figure 8
illustre les résultats d'un essai de saturation (a2 70°C dans de
I'eau distillée) réalisé sur les échantillons qui avaient été
utilisés pour mesurer, par déshydratation, la concentration en
eau au bout de cing ans. La partie droite de cette méme figure
illustre les résultats d'essais de saturation et de déshydratation
(toujours a 70°C) réalisés simultanément sur des échantillons
identiques prélevés au bout de cinq ans de vieillissement. Les
valeurs montrent que la "capacité” du matériau a absorber de
l'eau (1,8 - 1,9%) n'a pas éié modifiée par rapport aux
hypothéses de calcul, ce qui écarte donc I'hypothése de
I'existence d'une forte proportion d'eau piégée par le
T300/914. La méme expérience a été réalisée sur le
T300/N5208 et les résultats obtenus, illustrés figure 9,
montrent que pour ce matériau également, il n'y a pas lieu de
considérer une part importante d'eau piégée par le matériau.
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Figure 8

La figure 10 illustre des résultats d'essais de cisaillement
interlaminaire réalisés a 100°C sur des échantillons prélevés
dans des coupons identiques ayant subi : cinq ans de
vieillissement naturel, cinq ans de vieillissement naturel plus
une déshydratation, cinq ans de vieillissement naturel plus
une saturation en eau a 70°C. Ces résultats sont normalisés
par rapport a la valeur obtenue la plus forte (échantillons
secs). La chute de caractéristiques aprés vieillissement seul
étant identique pour les deux matériaux (# 10%), ceci
confirmerait, comme les mesures de concentration en eau, que
le T300/914 est moins sensible au vieillissement humide, s'il
est exposé en ambiance naturelle réaliste, que ce que
laissaient supposer les valeurs mesurées aprds les
traditionnels conditionnements & 70°C. Une conclusion
inverse, mais a un bien moindre degré, semblerait se dessiner
avec le T300/N5208.

Cette constatation conduit tout naturellement i remettre en
cause la mesure des paramétres nécessaires a l'application de
la loi de Fick (en particulier le taux de saturation) par des
conditionnements & des températures trop élevées ou plus
exactement trop différentes de celles existant en service.
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4. PRISE EN COMPTE DU VIEILLISSEMENT
DANS LES ESSAIS DE JUSTIFICATION
STRUCTURALE

Sachant que la concentration en eau d'un composite soumis
un environnement donné est dépendante de sa nature plus ou
moins hydrophile, la solution la mieux appropriée consiste i
définir un environnement constant, forfaitaire en terme
d’humidité relative ambiante, dans lequel 1'état d'équilibre du
matériau correspondrait effectivement 2 la concentration
maximale d'eau susceptible d'étre atteinte en service. Des
résultats présentés dans cette publication ont montré que la
valeur de 70% HR qui avait été démontrée et utilisée dans le
cadre des justifications structurales associées a la certification
de 'A320 ne pouvait pas étre étendue sans précaution 2 tous
les autres matériaux composites. La valeur de 85% HR déja
acceptée en Europe dans le domaine des avions de combat
devrait dorénavant servir également de référence dans le
domaine des avions civils, 2 moins que des résultats d'essai en
exposition représentative pendant des durées significatives
ne justifient des valeurs moins conservatives.

Cette condition d'environnement, généralement associée i la
température de 70°C pour les époxydes durcissant 2 180°C,
sera utilisée pour déterminer la concentration maximale en
eau absorbée a prendre en compte pour chaque matériau
composite. Cette valeur constituera par la suite l'objectif a
atteindre, contrélé par des éprouvettes suiveuses d'épaisseurs
et drapages représentatifs, dans les essais structuraux destinés
a mettre en évidence l'influence du vieillissement. Il est une
pratique courante de réaliser ces conditionnements A une
valeur plus élevée de I'humidité relative afin de raccourcir leur
durée. Augmenter, aux mémes fins, la température du
conditionnement n'est pas une pratique recommandée, car il
est nécessaire de rester dans un domaine ol les lois de
comportement du matériau, relativement a l'absorption
d'humidité, sont réputées ne pas étre modifiées.

L'application des réglements de navigabilité relatifs 2 la
certification des structures, n'exige pas des essais d'ensemble
systématiques avec simulation du vieillissement. Celui-ci
peut étre pris en compte par l'utilisation de coefficients
majorateurs sur les charges ou par l'analyse a partir de
résultats d'essai obtenus sur des échantillons représentatifs
des caractéristiques du matériau et des principes constructifs
utilisés. Une telle pratique parait relativement peu
recommandée 2a l'auteur dans le cas de solutions
technologiques faisant largement appel au collage, ol I'essai
de vieillissement humide est susceptible d'étre le révélateur
des principaux problemes liés & ce type de solution : choix
inadéquat des matériaux, assurance qualité, etc...



5. CONCLUSION

L'expérience maintenant accumulée en service depuis
I'introduction des composites dans les structures travaillantes
d'aéronefs a considérablement tempéré les premilres craintes
quant 3 la susceptibilité 4 l'environnement de tels matériaux.
11 est maintenant démontré que leur "vieillissement"”, exprimé
en terme de dégradation des propriétés mécaniques
intrinséques de la matidre, est d'une portée limitée et peut étre
pris en compte par 'analyse.

Admettre que ce vieillissement est I'unique effet de I'humidité
absorbée par le matériau et qu'il existe une relation univoque
entre la concentration d'eau dans le composite et ses
performances structurales résiduelles constituent, a ce jour,
une approximation suffisante pour appréhender le
phénomene. A partir de 13, les évaluations par essai de type
cyclage thermohygrométrique (ou climatique) sur des
ensembles structuraux ont perdu leur raison d'étre et ont été
progressivement remplacés au milieu des années 80, par des
conditionnements a paramétres constants permettant
d'aboutir au méme résultat en terme de concentration d'eau
finale dans le matériau. Il serait néanmoins imprudent
d'extrapoler une telle approche démontrée avec les époxydes,
A toutes les nouvelles matrices organiques, réputées a ténacité
améliorée, apparaissant maintenant sur le marché, sans
l'avoir redémontrée au travers d'essais sur coupons et
éprouvettes technologiques élémentaires.

L'utilisation de méthodes analytiques pour déterminer cette
concentration en eau, a partir des profils
thermohygrométriques rencontrés par 'aéronef au sol et en
vol, a montré rapidement ses limites. Ceci non seulement en
raison de la nature mathématique des modeles, mais trés
certainement de par la dépendance des caractéristiques
"matériau” qui sont nécessaires a leur application, 2 des
paramatres tels que la géométrie, le drapage, les effets de
bord, la température, le vieillissement physique, etc...
Continuer 2 améliorer ces modeles pour les rendre plus précis,
pourrait conduire 2 une complexité de mise en oeuvre sans
aucune mesure avec I'ampleur du probléme qui est & résoudre.
La définition d'un environnement constant, forfaitaire en
terme d'humidité relative ambiante, dans lequel I'état
d'équilibre du matériau correspondrait effectivement a la
concentration maximale d'eau susceptible d'étre atteinte en
service est une solutiofi préférable. Un consensus se dessine
actuellement en Europe sur une telle approche avec une valeur
forfaitaire de 1’humidité relative égale a 85%. Ces conditions
seront en effet appliquées a la certification des structures en
composite du nouvel Airbus A330/340, ainsi que pour les
avions d’arme frangais [13] en particulier I'ACT/ACM Rafale,
dont la cellule comprend environ 28% de matériau composite.
Si l'altération par le vieillissement des performances
structurales des matériaux composites proprement dits
apparait aujourdhui comme un phénomene bien maitrisé, on
ne peut considérer qu'il en est de méme pour les solutions
d'assemblage de type liaison collée souvent utilisées avec ces
matériaux. De tels principes constructifs, toujours trés
performants du point de vue du devis de masse, continuent
nécessiter une attention particulidre au niveau de la sélection
des matériaux, de Il'assurance qualité, des essais de
justification structurale, et du suivi en service.
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1. SUMMARY

The sensitivity of several advanced aerospace composite
materials to military jet fuel, JP-4, was investigated in
this study. The following fiber/matrix prepreg materials
were used in this investigation: AS-4/3501-6; IM7/8551-
7A; IM7/977-2 (1377-2T); IM7/5250-4; IM8/HTA, and
AS-4/PEEK(APC-2). The materials were chosen as
representative state-of-the-art materials in their classes of
standard epoxy, toughened epoxy, toughened BMI, and
thermoplastic matrix composites respectively. The
materials were processed into [+45]2s, [0]12T, and
[90]112T laminates using the manufacturer's recommended
process cycle and standard quality assurance checks were
performed on the panels. Standard geometry coupons were
fabricated from the panels and divided into a control set
and test set. The test coupons were immersed in JP4 in a
sealed pressure vessel at 180°F. The weight gain was
recorded as a function of the square root of time and the
jet fuel was exchanged each time the coupon weight was
recorded. In general, the thermoset matrix composites did
not pick-up significant levels of fuel in any lay-up
examined; while the thermoplastics did absorb JP-4. The
amount of JP-4 absorbed by the thermoplastic matrix
composites was dependent on the lay-up. After 1680
hours of total exposure time the mechanical properties of
the coupons were evaluated. G17 was determined from the
[£45]2s coupons and Eflex and Oflex were determined for
the [0]12T and [90)12T coupons. In addition, the creep
compliance, Sy2(t), was determined for APC-2 with
various thermal processing cycles and after exposure to
JP-4. G2 for the thermoplastic matrix composites was
markedly lower at elevated temperatures in the fuel
exposed specimens than in the control specimens, due to
plasticization of the matrix. The 0° and 90° thermoset
matrix composites flexure specimens exposed to JP-4 had
lower strengths than did the control specimens. The lower
strength is attributed to degradation of the interface
between the fiber and matrix. Scanning electron
microscopy was used to examine the failure surfaces. The
flexure modulus in the 90° flexure specimens was not
affected by exposure to JP-4 while the 0° flex modulus
was lower in the fuel exposed coupons than in the control
coupons. The creep rate for quenched APC-2 control
specimens was always greater than the standard slow
cooled APC-2. After exposure to JP-4, however, the slow
cooled specimens had greater creep rate than the quenched
specimens exposed to JP-4. This is most likely due to
greater plasticization of the matrix in the slow cooled

coupons, since they absorbed a great deal more JP-4 than
the quenched specimens.

2, INTRODUCTION

The issue of the interaction between organic matrix
composite materials and fluids which they may be exposed
1o during their lifetime has been controversial. It is well
understood that advanced composites utilizing
thermosetting resins absorb moisture when exposed to
high humidity environments. The absorption of moisture
causes plasticization of the resin with concurrent swelling
and lowering of the resin's glass transition temperature
(Tg). This results in a reduced service temperature of the
composite. This phenomena has been studied and well
characterized (1,2). Composite materials are typically
tested after exposure to temperature and humidity to
determine the reduction in mechanical properties.

The effects of other aircraft fluids which are in contact
with these materials over their lifetime has not been as
well characterized. There are no current industry standards
to assess possible effects. A typical exposure test may
involve submersion of the materials in the fluid at room
temperature for seven days. The material is then
mechanically tested at room temperature. Typically no
reduction in properties occurs from this type of exposure.
Therefore, it is concluded that the fluids tested have no
significant effect on the mechanical properties and that a
"hot/wet” exposure represents the worst case
environmental conditions.

Recent investigations of thermoplastic matrix composites
have determined that these materials absorb some aircraft
fluids (3,4). An attempt was made to correlate this data
with other fluid studies. However, because there are no
current industry standards for testing fluid exposure, it was
impossible to compare or correlate any existing data.

An Air Force sponsored study was conducted (5) in an
attempt to assess current industry practice for testing
composites in fluids. The procedures employed by
companies surveyed were so varied that it was extremely
difficult to correlate data from one participant to another.
These variations ranged from the number of plies and
orientation to the choice of fluid, exposure time, and
exposure conditions.



Aircraft composites may be exposed to relatively
aggressive fluids, such as jet fuel at elevated temperatures,
on a daily basis for as long as 20 or 30 years. Because of
this it is important to gain a fundamental understanding of
the effects of aircraft fluids on composite materials.
Several issues have been raised relative to the sensitivity
of advanced composites to aircraft fluids. These include:
a) realistic temperatures and time, b) the definition of
typical in-service mechanical state during exposure, c) the
development or selection of a mechanical test to measure
the effects of fluid exposure on composites, and d)
understanding the mechanisms of interaction between the
fluid and the composite.

In this study we have adopted the approach of trying to
gain a better understanding of the fundamental
mechanisms of interaction of the aircraft fluid with the
composite. Our view is that if the fundamental
mechanisms of interaction are understood then this
information can be used to understand the effect of fluid
interaction on the macroscopic properties of more
complex composite materials. This approach includes
exposure of the composite at an elevated temperature until
saturation (or apparent saturation) is achieved, weight gain
versus time and coupon configuration, determination of
diffusion mechanisms, effects of weight gain on physical
and mechanical properties, and absorption/desorption
studies.

There are several aircraft fluids of concern. Hydraulic fluid,
paint strippers, cleaners, and jet fuel are among those of
most concern. In this study we have chosen to evaluate
only the effect of jet fuel since very little is known about
this and also because it is very difficult to protect the
composite from this fluid.

3. EXPERIMENTAL PROCEDURES

3.1 Sample Preparation

The materials used in this study, the supplier of the
material, and the cure or consolidation cycle used are
given in table 1. The cure or consolidation cycles are
those recommended by the supplier and in all cases were
found to give quality laminates. The thermoset materials
were all autoclave cured using a standard net resin bagging
technique; the thermoplastic materials were all press
consolidated. After processing, the panels were C-scanned
to verify that they were free of porosity.
Photomicrograph specimens were also made from several
different sections in the laminates to verify uniform fiber
distribution. Acid digestion of specimens taken from
various sections of the laminates was used to obtain the
fiber volume of each laminate. Differential Scanning
Calorimetry, Thermogravimetric Analysis, and
Thermomechanical Analysis were also used to verify that
the laminates were of expected quality. Test specimens
were cut from laminates using a water-cooled diamond
impregnated saw and the edges were finished using a fine

grit paper. All specimens were then dried in a vacuum
oven and weighed and measurcd. The control specimens
were stored in a desiccator until testing, and the exposure
specimens were immediately placed in the exposure
vessels.

For the APC-2 creep compliance studies at different
processing cycles, quenched +/-45° specimens were
prepared by cold press transfer consolidation. X-ray
scattering was used to determine that the quenched
specimens were amorphous.

3.2 Jet Fuel Exposure

Military jet fuel, type JP-4, was used in this study as the
exposure fluid. JP-4 is an extensively used jet fuel and is
a more aggressive solvent than another widely used jet
fuel, JP-8. JP-8 has lower levels of low molecular weight
aromatic hydrocarbons and is also less volatile than JP-4.
Therefore, JP-4 was chosen as a "worst case” fluid.

Composites may be exposed to jet fuel at temperatures
greater than ambient because of several factors such as
aerodynamic heating of the structures and radiant heating.
Fuel may even be used as a cooling medium for aircraft
systems and is heated in the process. We chose 82°C as a
representative temperature for ¢xposure of the composites
to fuel. Specially made vessels were used to contain the
jet fuel and coupons at temperature. The vessels were
constructed of stainless steel aircraft hydraulic tubing and
had flare fittings with copper gaskelts to assure a leakproof
seal. The vessels were filled with JP-4 and the composite
coupons, leaving only a minimal head space for thermal
expansion. This was done to prevent differences in liquid
and vapor phase compositions of the JP-4, The low
molecular weight aromatic components of the jet fuel are
likely to absorb into the composites to the greatest extent;
therefore an effort was made to ensure that these
components were of the highest possible concentration in
the liquid phase. The specimens were sealed in the vessel
and then the vessels were placed into a convection oven at
temperature. Periodically the vessels were cooled down
and the specimens were wiped off and weighed. At each
weighing the fuel was exchanged with fresh fuel from the
same batch. The exchange was done in an attempt to
maintain the same composition in the exposure vessel.
The coupons were exposed 1o jet fuel for a total of 1680
hrs.

3.3 Thermal Analysis

Differential Scanning Calorimetry (DSC),
Thermogravimetric Analysis (TGA), and
Thermomechanical Analysis (TMA) were performed on
each laminate produced and on specimens after exposure o
JP-4. DSC was performed with a DuPont Model 910
DSC, TGA was performed with a DuPont Model 951
TGA, and TMA was performed with a DuPont Model 943
TMA. The DuPont equipment was controlled with an
Omnitherm Atvantage II IBM PS/2-60 data station.



Sample size ranged from 5 mg to 15 mg for the DSC and
TGA while the TMA used 6 mm X 6 mm X laminate
thickness for samples. TMA and TGA were performed
under an inert atmosphere. All tests were performed at a
standard heating rate of 10°C/min. In addition to standard
quality assurance, TGA isothermal aging was performed
on laminates after exposure to JP4 to determine if weight
change during mechanical testing at elevated temperatures
would be a problem. The specimens were aged at their
maximum test temperature up to 45 min. and showed no
measurable weight loss due to fuel desorption.

3.4 Dynamic Mechanical Analysis

Dynamic Mechanical Analysis (DMA) was performed on
both the control and fuel exposed specimens. The [0°]12T
coupons were used in a forced torsion geometry on a
Rheometrics RDS-II dynamic mechanical spectrometer.
The shear storage and loss moduli were determined as a
function of temperature at 1Hz (G'(T)p=1Hz and
G"(T)w=1Hz)- The heating rate used was 10°C/min.
These data were used to determine the Tg of the coupons,
for a quality control check and also to determine if there is
a detectable Tg depression due to the fuel absorption.

3.5 Mechanical Testing

The mechanical test matrix used to evaluate the effect of
the jet fuel exposure is given in Table 2. The tests (with
the exception of 90° flex and 0° four point shear) were
conducted at room temperature, 82°C, and an elevated
temperature indicated in Table 2. These temperatures were
chosen low enough to be in the elevated temperature dry
service range of the composites, but high enough to see
the effect of the JP-4 on the properties. The span-to-depth
ratio was 32:1 for the 0° and 90° four point flex tests and
16:1 for the 0° four-point shear.

3.5.1 Four Point Flexure Testing

The four-point flex testing was performed in accordance
with ASTM standard D790-81 on an Instron test frame.
The crosshead speed in all flex and the 0° four-point shear
was 0.127cm/min. Crosshead displacement was used to
calculate mechanical properties for the 0° flex and 0° shear,
while the 90° flex specimens were strain gauged on their
tensile surface.

3.5.2 +/- 45° Tension Testing

The +/- 45° tension testing was performed in accordance
with ASTM standard D3518-76(82) on an MTS test
frame. The samples were all strain gauged and the loading
rate was 44.5N/sec. The specimens were only tested to
approximately 0.3% axial strain so end-tabbing was not

necessary.

Crecp tests were also performed on the +/-45° strain
gauged specimens. The deformations used were
determined to be linear and recoverable. The MTS test
frame was used to apply loads to the specimen in

approximately 0.2 seconds (without overshoot or
oscillation).

3.6 Scanning Electron Microscopy

The 90° flex failure surfaces and the "3-direction” surface
of the 90° flex control and fuel exposed coupons were
examined using a JEOL 840 scanning electron
microscope. The samples were coated with Palladium-
Gold and examined using 10kV. The "3-direction” surface
was examined for crazing due to fuel exposure, and the
failure surfaces were examined for fiber/matrix adhesion
and any other characteristics of the 90° flex failure.

3.7 Desorption Analysis

A specially designed apparatus was used to extract and trap
the components of jet fuel that were absorbed into the
composite specimens. This apparatus is shown
schematically in Figure 1. The fuel exposed coupons are
loaded into the sample chamber and the entire apparatus is
repeatedly purged with nitrogen to remove all air then
evacuated under continuous vacuum., The chamber is
heated to approximately 316°C and held for 1 hr. Any
volatiles from the laminates are collected in the cold trap.
The desorption process is quantitative, as the weight of
the laminates after desorption is identical to their weight
before exposure to JP-4. The condensate is diluted with
spec grade n-pentane and collected. The samples are then
analyzed using GC-MS. This technique allows for
separation of the components in the mixture (GC) and
their identification (MS). This technique can also be used
to qualitatively determine the relative amount of each
component in the mixture.

4. RESULTS AND DISCUSSION

4.1 Jet Fuel Exposure Results

The weight gain plotted versus the square root of time is
shown for the thermoplastic [+/-45°]28 coupons in
Figures 2 and 3 and for the [0°]12T in Figure 4. Figure 2
is the weight gain characteristics for the conventionally
processed APC-2 and HTA thermoplastic matrix
composites. Figure 3 shows the weight gain curves for
APC-2 as a function of the processing cycles investigated.
The fuel absorption of the thermoset matrix [+/-45°]
coupons was identical to the thermoset matrix
unidirectional coupons so it is omitted here. The weight
gain trends of the [90°]12T coupons were identical for all
materials to the [0°]12T specimens so that data is not
presented.

The [+/-45°]2s thermoplastic laminates, APC-2 and the
IM8/HTA, both picked up approximately 0.85 weight
percent (wt%) jet fuel and reached an apparent saturation
value. However, in the 0° and 90° unidirectional coupons
the APC-2 did not pick up a significant amount of jet fuel
and the IM8/HTA absorbed only approximately 0.35wt%.
This difference may be attributed to several factors such as
residual stress, crystallinity and crystal morphology (in
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APC-2), fiber wicking, or microcracks. If fiber wicking
were responsible for the observed difference there should
be a difference between the 0° and 90° unidirectional
coupons. However, these configurations have virtually
identical weight gain characteristics. Thus, fiber wicking
has been ruled out as a mechanism for absorption in this
case. Photomicrographs of the +/-45°, 0°, and 90°
coupons show no microcracking so this has been ruled out
as a cause of the difference. The crystal morphology of
the APC-2 may be different in the angle ply laminates and
the unidirectional laminates, but this was not investigated
in this study. The state of stress in a polymer has been
directly related to the diffusion of solvents (6) in polymers
and this is the most likely reason for the difference in
absorption characteristics between the different laminate
configurations.

The thermoset matrix laminates, with the exception of
IM7/8551-7A, absorbed less than 0.1wt% in all laminate
configurations. There was also large scatter in the
measurements because of the low level of fuel absorbed
and the small number of coupons exposed. The
IM7/8551-7A system had a very pronounced weight gain
between 48 hrs and 168 hrs, after which the weight gain
remained constant within the scatter. The 8551-7A is a
very complex heterogeneous resin system. The unusual
absorption characteristics are attributed to the complex
phase structure of the resin.

Other than demonstrating that the absorption of jet fuel
into the composites is non-fickian, no attempt has been
made to model the diffusion behavior of the composites
from this data. Much more testing will be required to
make any conclusions about the nature of the diffusion
process.

4.2 Thermal Analysis Results

The thermal analysis performed on the control specimens
was used primarily for quality assurance, verifying that the
Tg, crystallization temperature (Tc), and endotherm peaks
were all characteristic of the materials evaluated. Thermal
analysis on the fuel exposed specimens was performed to
detect changes in Tg and phase transitions. The thermoset
matrix composites did not absorb any appreciable jet fuel,
and there are no significant changes in their DSC, TMA,
or TGA scans. The APC-2 DSC scan did have a larger
heat of crystallization for the +/-45 laminate configuration
exposed to jet fuel than for the +/-45 control coupon.
TGA-MS results have indicated that there is a large
volatile evolution that occurs with the crystallization
transition. This could contribute to the larger heat of
crystallization. The TMA scan of the APC-2 +/-45
exposed to JP4 indicated a Tg of 106°C. This is an
approximately 40°C decrease in the Tg for the fuel soaked
coupons. The TMA of the IM8/HTA specimen did not
yield a distinct glass transition. The thermal analysis data
are presented in their entirety in a separate report (7).

4.3 Dynamic Mechanical Results

The results of the DMA are summarized in Table 3.
There was very little effect of the jet fuel on AS-4/3501-6
and IM7/977-2, but all of the other materials experienced
drop in their Tg, as measured by the storage and loss
modulus respectively. The Tg from the storage modulus
transition for APC-2 is 137°C as opposed to 106°C from
the TMA measurement. This is due to the large difference
in absorbed JP-4 content between the [+/-45°]2%
(0.85wt% JP-4) coupon used for the TMA and the [0°]12T
(0.05wt% JP-4) coupon used for the DMA
measurements.

4.4 Mechanical Testing Results

The results of the test matrix (Table 2) are given in Table
4. No measurements of error or standard deviation are
given because of the low number of specimens tested.

4.4.1 0° Four-Point Flexure Results

At room temperature all of the materials exposed to JP4
had lower flex strength and moduli than the controls. The
same trend was observed in the specimens tested at 82°C.
With the exception of IM7/5250-4, the specimens tested
at their respective elevated temperatures (See Table 2 for
temperatures) ¢xhibited no measurable difference in
strength and modulus between the control specimens and
those exposed to JP-4.

The decrease in room temperature properties could be
attributed to several factors such as: a) decrease in matrix
modulus due to plasticization, b) degradation of the
fiber/matrix interface from the solvent absorption, or ¢)
surface microcracks or crazing from thermal cycling or JP-
4 absorption. With the exception of IM8/HTA the 0°
laminates did not absorb an amount of fuel sufficient to
plasticize the materials to the degree observed. In
addition, crazing is usually observed in polymers exposed
to very good solvents. JP-4 is not a good solvent for the
matrix polymers evaluated. Degradation of the
fiber/matrix interface could be a possible explanation for
the observed decrease in four point flex properties. This
phenomenon will be discussed further in the next section.

The elevated temperature results support the hypothesis
that degradation of the interface could be occurring. The
effect of temperature on the composite properties is
overwhelming the effect of temperature.

4.4.2 90° Four-Point Flexure Results

The [90°]12T coupons were only tested at room
temperature. There is no measurable difference in the
moduli; however the strengths are dramatically lower in
the coupons exposed to JP-4 than are the control coupons.
The 90° flex is very sensitive to interfacial adhesion, thus
this data supports the hypothesis that there is degradation
of the fiber/matrix interface. The SEM photographs in
Section 3.4.3 give some supporting evidence that the
interface has degraded. The 90° flex is also very sensitive



to surface flaws, such as crazing. However, SEM
evaluation of the surfaces showed no evidence of crazing.

4.4.3 0° Four-Point Shear Results

The 0° four point shear strengths of the coupons exposed
to fuel were only slightly lower than the control coupons.
More testing will be required to determine if the 0° four-
point shear test is sensitive to the effects of fluid exposure
on composites.

4.4.4 +/- 45° Tension Results

The +/-45° tension test is used to determine the In Plane
Shear (IPS) Modulus, G12. G172 is very sensitive to the
composite matrix, and is a good measure of plasticization
due to solvent absorption. The angle-ply laminates also
absorb much more solvent than do the unidirectional
coupons. Thus, the IPS evaluation is viewed as a litmus
test for fluid exposure testing.

Table 4 shows a measurable effect of the jet fuel exposure
on G12 for most of the materials. The largest differences
between the control specimens and those exposed to JP-4
were observed in the thermoplastics. The APC-2 was
tested at an elevated temperature of 121°C which is above
its fuel soaked Tg of approximately 106°C. Based on this
we would expect a dramatic drop in the modulus at 121°C.
The APC-2 retains only 42% of the 121°C control G12.
The IM8/HTA also exhibits a significant drop in elevated
temperature properties due to plasticization from the jet
fuel. The IM8/HTA retains 84% of the 177°C control

Gi2.

Figures S and 6 are plots of the creep compliance, Sp2(t),
at room temperature and 100°C comparing the creep after
exposure to JP-4 (Figure 3.) of APC-2 that has been slow
cooled from the melt state to APC-2 that has been
quenched from the melt state. In both cases, contrary to
our intuitive expectations, the relatively amorphous APC-
2 absorbed less JP-4 than the slow cooled APC-2, and
consequently had a lower creep rate.

4.5 Scanning Electron Microscopy Results

We choose IM7/8551-7a as representative of the property
degradation exhibited by the thermosets. The 90° flex
strength of the fuel soaked specimen was only 52% of the
control specimen; while the modulus of the fuel soaked
specimen was 96% that of the control. Similar results
were observed for all of the thermoset matrix composites
evaluated. Our hypothesis is that the mixture of
hydrocarbons must degrade the interfacial adhesion
between the fiber and matrix. SEM analysis supports this
belief. There appear to be many more "clean” fibers in the
fracture surface of the coupons exposed to JP4.

4.6 Desorption Results .
The jet fuel extracted from the APC-2 IPS sample was
analyzed using GC-MS and the results are presented in
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Table 5. For purposes of comparison the GC-MS
analysis of JP-4 used for exposure is also presented. The
extracted fuel is nearly entirely composed of aliphatic
substituted benzene components, while the JP-4 sample
is predominantly low molecular weight paraffin and olefin
hydrocarbon components. To estimate some relative
measure of concentration, all component peaks were
normalized to the octane peak. Only one component, 1,2-
dimethylbenzene, is common to both samples, but the
desorbed sample has a concentration nearly 18X greater
than in the JP-4 sample. Thus, it appears that the
aromatic components of JP-4 are selectively absorbed and
concentrated in the APC-2 specimen. A complete
analysis of the GC-MS data is presented in a separate

report (7).

5. CONCLUSIONS

A technique was developed to expose composile materials
to volatile and inflammable fluids at elevated
temperatures. Exposure to JP-4 at elevated temperatures
has been demonstrated to have a significant effect on the
performance of advanced thermoplastic and thermoset
matrix composite materials. The mechanism of property
degradation on the thermoplastic matrix composites
evaluated appears to be a plasticization of the matrix
polymer. The mechanism in the thermoset matrix
composites evaluated appears to be degradation of the
fiber/matrix interface. Further work in this area will focus
on the following topics: a) effect of the state of stress in
the matrix on absorption of JP-4; b) investigation of the
degradation of the fiber/matrix interface; and c) use of high
pressure dilatometry to measure the glass transition
temperature of exposed specimens,
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Table 1. Materials and Process Conditions Used.
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Material Supplier Cure Cycle
AS-4/3501-6 Hercules Heat to 116°C, 60 min. @ 586 KPa.
Heat to 177°C, 6 hrs. @ 655 KPa.
IM7/8551-7A Hercules Heat to 180°C, 250 min. @ 620 KPa.
IM7/977-2(1377-2T) ICI/Fiberite Heat to 99°C, 60 min. @ 690 KPa.
Heat to 177°C, 3 hrs. @ 690 KPa.
IM7/5250-4 BASF/Narmco Heat to 149°C, 45 min. @ 586 KPa.
Heat to 191°C, 6 hrs. @ 586 KPa.
Post-cure @ 227°C for 6 hrs.
AS-4/PEEK(APC-2) ICI/Fiberite Heat to 382°C, 30 min. @ 1379 KPa.
IM8/APC(HTA) ICI/Fiberite Heat to 357°C, 30 min. @ 1379 KPa.

Table 2. Mechanical Test Matrix for JP-4 Exposure Study

0° 90° 0° +45°
MATERIAL CONDITION 4-PT Flex* 4-PT Flex 4-PT Shear* Tension**
RT 82°C ET]*** RT RT RT 82°C ET1
AS-4/3501-6 CONTROL 3 3 3 3 3 3 3
]’P_4 " " ” ” " " " "
IM-7 / 5250-4 CONTROL 3 3 3 3 3 3
JP‘4 " " ”" ” ” " " "
IM-7/8551-7A CONTROL 3 3 3 3 3 3 3 3
]’P_4 " " ” ” " ” ” ”"
IM-7/977-2 CONTROL 3 3 3 3 3 3 3 3
J'P_4 " " " " " " " "
AS-4 / PEEK (APC-2) CONTROL 3 3 3 3 3 5 5 5
JP‘4 " " " ” ” " " ”
IM-8 / APC (HTA) CONTROL 3 3 3 3 3 3 3 3
JP‘4 ” " " " ” ” ” ”"
***xAS-4 /3501-6 ET1 =149 °C * ASTM # D790-81 ** ASTM# D3518-76(82)
IM-7/8551-7A 121 °C length = 6.35 cm length = 139 cm
IM-7/5250-4 177 °C width=1.14 cm width = 1.91 cm
IM-7/977-2 149 °C thickness = 0.16 cm thickness = 0.10 cm
AS-4/PEEK (APC-2) 121 °C
IM-8/APC (HTA) 177 °C

S\
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Table 3. Dynamic Mechanical Analysis Results.

Material Control, G’ JP-4. G' Control, G" JP-4.G"
AS-4/3501-6 181 182 205 200
IM7/8551-7A 195 181 219 206
M7/5250-4 243 (272) 258 266 (313) 276
IM7977-2 (1377-2) 174 178 194 193
AS-4/PEEK (APC-2) 150 137 167 157
IM8/HTA 262 253 273 264

*Temperature in °C, Heating Rate =10°C/min, Numbers in Parenthesis are Rescan

Table 4. Mechanical Test Results

90°4-pt  0°4-pt +45
MATERIAL COND. 0° Flex* Flex* Shear* Tension**
RT 82 °C ET] *** RT RT RT 82 °C_ET]***
MOD/STR MOD/STR MOD/STR MOD/STR STR MOD MOD MOD
(GPa/MPa) (GPa/MPa) (GPa/MPa)  (GPa/MPa) (MPa) (GPa) (GPa) (GPa)
AS4/3501-6 CNTRL 118.5/1841.0 131.3/1698.0 100.7/1161.0 10.5/85.3 100.6 5.8 53 4.3
P4 86.0/1493.0 87.9/1346.0  101.3/1162.0 9.3/39.8 93.7 6.2 5.8 3.5
IM7/5250-4 CNTRL 153.8/1772.0 170.8/1756.0 128.4/1131.0 10.4/834 1004 7.0 6.8 59
P-4 111.1/1399.0  113.5/1330.0  113.3/1029.0 10.5/46.2 920 69 6.1 5.4
IM7/8551-7a  CNTRL 151.3/1671.0  157.7/1468.0 138.9/1229.0 9.6/92.8 912 64 5.6 5.1
P4 115.1/1259.0  105.3/1120.0  134.4/1216.0 9.3/479 746 6.5 5.4 54
IM7/977-2  CNTRL 138.5/1678.0 147.9/1402.0 125.6/1048.0 10.2/107.6 96.8 5.7 57 4.5
P-4 107.1/1299.0  97.8/1116.0  122.4/1004.0 10.0/68.0 88.0 6.3 5.6 34
AS4/PEEK  CNTRL 141.0/1875.0 150.2/1619.0 125.7/1211.0 11.4/136.5 107.1 6.7 6.0 5.4
(APC-2) Jp-4 100.8/1515.0  102.7/1347.0  126.0/1234.0 11.2/135.8 992 59 54 23
IMS8/HTA CNTRL 169.9/1472.0 186.6/1277.0  152.8/865.0 8.8/992 850 49 4.8 4.0
P-4 122.3/1182.0  125.2/1084.0 '153.0/949.0 9.0/826 89.5 4.7 4.1 34
Table 5. GC-MS Results (Octane is used as reference).
No, Desorbed A/Ao JP-4 A/Ao
1 octane 1.0 2,3-dimethylpentane 2.3
2 1,2-dimethlybenzene 8.9 heptane 1.9
3 1-ethyl-3-methylbenzene 31.8 methylcyclohexane 1.4
4 1-ethyl-2-methylbenzene 9.4 octane 1.0
5 1,2,3-trimethylbenzene 344 2,6-dimethylheptane 0.1
6 1,2 4-trimethylbenzene 17.9 ethylcyclohexane 0.5
7 1-methyl-3-propylbenzene 8.8 2-methyloctane 0.4
8 1,4-diethylbenzene 322 1,2-dimethylbenzene 0.5
9 2-¢cthyl-1,4-dimethylbenzene 21.8 nonane 1.0
10 1,2,4,5-tetramethylbenzene 31.8 34.4-trimethyl-2-hexene 0.1
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Abstract

Fluid absorption of carbon fibre composites, both thermosetting and thermoplastic, immersed in jet fuel under controlled
conditions of time and temperature, was determined and, in the sequence, DMA studies were performed. Storage modulus,
loss factor and glass transition temperature were the parameters utilized for the evaluation of the dynamic behaviour of said
materials.

1.INTRODUCTION

Structural composites applied in vehicles driven by various kinds of thermal engines are subject to the influence of chemical
reagents associated with the presence of a large number of fluids, among which fuels, hydraulic oils, lubricants etc. are only
a few, besides humidity, salt water etc. normally existing in the environment.

The effect of water absorption on the various properties of polymeric composites has been studied extensively, see forexample
(1, 2), and it is well known how sensitive thermosetting matrices are, absorbing up to 5% b.w. water, as opposed to
thermoplastics, by which water absorption does not exceed 2%. Very few studies exist for other important fluids, as the ones
already mentioned, most of which contain substantial amounts of organic solvents.

A considerable number of the latter, even mild ones, may have a detrimental effect on polymers. For example, acetone may
cause a stressed resin to craze, with a simultaneous decrease by more than 16% for both static and dynamic strength, while
alcohol, ether, chlorophorm and carbon tetrachloride may have similar effects, especially with highly plasticized resins (3,
4].

In the present an attempt is made to investigate jet fuel interaction with two typical carbon fibre laminates, witha thermosetting
and a thermoplastic matrix respectively.

2. EXPERIMENTAL

2.1 Materials

The following materials were tested:

(a) A 0°/90° non crimp fabric/polyetherimide thermoplastic composite (C/PEI) made of Courtauld’s Apollo 43-750 12K
untreated, A-size C-fibres at about 50% volume fraction manufactured by Brochier, France. Hot forming took place at 10 bar
pressure and 380° C temperature. The FIT consists of fibre rovings which are spread out and impregnated with unmelted

polymeric powder. Then they are put into a polymer sheath, the polymer used being the same as that of the original powder
resin. The product has the advantage to remain flexible and, when woven, gives a fabric preimpregnated to the core.
Specimen dimensions were 40x10x2.4 mm.

(b) A unidirectional thermosetting 8-layer laminate, at about 55% volume fraction manufactured from a prepreg type SIGRI
UD tape CE 1007/150/36 with Toho fibres HTA7.

The curing temperature was 125° C and the curing process was a controlled heating/cooling 2-hour cycle, leading to a
practically stress-free laminate at ambient temperature. Specimen dimensions were 40x12x1.2 mm.

The main properties of both types of laminates appear in Table 1.

TABLE 1.
Properties E, E, Gz Viz oy o Tg
GPa GPa | GPa x10%°Cc? | x10°°C?! °C
Materials
SIGRI CE 1007 145 8.5 4.8 0.335 -0.55 30 147
C/PE1 60.5 58.5 -- 0.07 15 15 215
(warp) | (weft)

Specimens were immersed for several hours in JP-8 jet fuel [5] at two different temperatures, namely 25° C and 75°C.
2.2 DMA tests

After immersion specimens were tested on a DuPont Dynamic Mechanical Analyzer (DMA) at both fixed and resonant
frequency modes, to determine complex moduli as well as glass transition temperatures over a temperature range from -70 to
200°C.
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Figure 3. Storage modulus of virgin and 48 hr - immersed C/PEI specimens, at three different temperatures, against frequency.

3. RESULTS AND DISCUSSION

3.1 Fuel absorption

Fuel absorption against time for both laminates (a) and (b) is presented in Figures 1 and 2 respectively. On both occasions
absorption is low as compared with water absorption. However, with the thermoplastic laminate (Fig. 1), by which a state of
saturation is reached in 48 hours, temperature seems to be important, since a difference in saturation values of over 30%
appears. With the thermosetting laminate (Fig. 2), the temperature is less important, the latter value is less than 13%, and
absorption is substantially lower. As expected, a difference appears with fibre orientations, which, however, does not exceed
10%.

3.2 Dynamic measurements
The complex E-modulus was determined by means of the storage modulus E” and the loss factor tan.

With the fixed frequency mode both parameters were measured at three different temperatures, namely, -65, 25 and 70° C, as
functions of frequency in the range from 0 to 10 Hz both for virgin and for 48-hour immersed specimens.

The results for the thermoplastic laminate appear in Figs. 3 and 4: The detrimental effect of fuel immersion is of the order of
6% for the storage modulus, while the loss factor increases by around 25%. The effect of frequency is much more pronounced
for the loss factor.

The results for the thermosetting laminate for fibre orientations 0° and 90° appear in Figs. 5 and 6 and 7 and 8 respectively:
Values for the storage modulus are reduced by 11-12% on both occasions, while for the loss factor they seem to increase by
45%.

With the resonant frequency mode, storage modulus and loss factor were plotted as functions of temperature in the range from
-100 to 200° C, out of which values for storage modulus, loss factor and glass transition temperature against immersion time
at a given temperature and at the respective resonant frequency can be determined.

With the thermoplastic laminate the storage modulus drops, as expected, by nearly 6% within 48 hours of immersion (Fig.
9), while the loss factor first drops by 6.5%, assumes a minimum value at 6 hours of immersion and then increases rapidly
(Fig. 10). This effect appears to be the same as with moisture absorption, by which the water diffused is at first filling the
voids and acts as a lubricant, while in the sequence it causes plasticization of the polymeric matrix.

In Fig. 11 both the first and the second transition temperatures are presented. In the first case the variation was of the order
of 10%, while in the second it did not exceed 4%.

With the thermosetting laminate the results appear in Figs. 12, 13 and 14 and analogous phencmena appear. A remarkable
difference lies in the variation of glass transition temperature, which for both fibre orientations is of the order of 12.5%.



19-3

o
TS
14

€
E T= -6S5 °C E T=25*C T=70°'C
0.2 E E‘ a
E é *
0c2 ¢ E—
[} : 48hr
0 £
f; :
0.32 =
H 3 48hr ohr
R H
803t E
g E Ohr
q E
.04 =
48hr £
0.c2 »Chr ¢
0.20 2.2 4.00 6.00 8.00 1600 009 2.00 4.00 6.00 8.0¢ 10.0C 0.00 L0 4.00 6.00 8.00 10,00 129

Frequency (Hz)

Figure 4. Loss factor of virgin and 48 hr - immersed C/PEI specimens, at three different temperatures, against frequency.

S
8

T=-65"C T=25 *C T=70 °C

8
8
o
4

8
8

erTYTYYY
L
o)
2
2}

[ aadasanasiianiasst thidasaras taaatasassaaiaiadiot adlasaislyl

Ohr

W
r—’r’f_—_'g—_—‘

48hr

~
Q
Q
o
T

Storage Modulus E _(GPa)
3 8
3 8
T

$0.00 Ervrrrrrey
0.00 200 4

TYYTTTryyYTTY

TE.00 1000 12.00

TTTYTTTYY .nunnén LARLRRSEEATANLS AR AL MENE KRR  SARRS

8.00  10.00

10.00 000 289 7400 6.
Fraguency (Hz)

Figure 5. Storage modulus of virgin and 48 hr - immersed SIGRI CE 1007 specimens 0° fibre orientation, and at three different temperatures,
against frequency.

0.0
E =-65" C T=25°C T=70°C

0.01 48hr & o iahr 5
'8 -
5 oo
]
[] [} - 5 = - o—— o 2 a
[

0.c0 Chr Ohr
]
[
0
H 0.00 E

0c - -2,

o e AR LA ) aa s R e LT A AAA DA AN AS AR s LA SA S SO LA AL LML AR SALS AR LS G AR A s G a s Al s s e
0.0 700 400 €00 8.00 1020 000 200 400 600 85 1060 000 200 400 600 860 1000 120
Frecquency (H=z) ’

Figure 6. Loss factor of virgin and 48 hr - immersed SIGRI CE 1007 specimens for 0° fibre orientation, at three different temperatures,
against frequency.



19-4

~ 1100 ¢ g 1
[ 3 . £ .
o, 3 T=-65°C £ T=25 *C T=70°C
0 t0.00 F £
v Ohr i
B oeoof & - o : 3
e Ohz
g 48hr e
q eooF E
3
T , A__‘__,‘_._----a——"':;_‘—_q E
g 700t hr Onr
= B e
e

0 sO0F S e
D 48hr
:

00 E =
K se
o ]
o 4.00 oo T T T T T T T T T T T T T T T T T T T T T T T T T ST T T T T S YT T T T YT ey TYYTTITTITIYIITYT]

0.00 200 400 600 8.00 1000 0.00 200 400 600 8.00 10CC 050 200 4.00 @ 600 800 1000 1200

Fregquency (H=z)

Figure7. Storage modulus of virgin and 48 hr - immersed SIGRI CE 1007 specimens for 90° fibre orientation, at three different temperatures,

against frequency.
0.c2 - r F
E T=-65S°C 3 T=25°C S T=70°C
E e 48hr
E
0.0¢ - 48hr X
h ; & 2 -r ——— -
0 48hr L s
M E ———— —a [
? r r 5\9\
[f [ [ o - o 5 - [ .o
g 001 s Ohr . Ohx
i e N F
¢ r Ohr o
A E F
0.C0 ST T T T T ey e n— S S — —
050 200 400 660 8.00 10€0 000 400 600 800 1000 000 00 400 800 8% TIons TTh)

Frequency (H=z)

Figure 8. Loss factor of virgin and 48 hr - immersed SIGRI CE 1007 specimens for 90° fibre orientation, at three different temperatures,

against frequency.

‘(GPa)
28.00 28.50

28.50

28.00

e Modulus E

2750

Stor

27.00

C/PEI
T=25°C, =30 Hz

38.50

1000 2000 = 3000  40.00
Immersion Time (hr)

$0.00

Figure 9. Storage modulus of C/PEI specimens against immer-

sion time atT=25°C and f=30 H-.

0.0160 0.0170 0.0180

Loss Factor

0.0150

0.0140

C/PEI
T=25°C, f=30 Hz

!vuvruvv-||lv”v‘lvv1111vr|llvyrrlrvnrvlnnv

1000 2000 3000  40.00
Immersion Time (hr)

YT
$0.00

o130

Figure 10. Loss factor of C/PEI specimens against immersion time at
T=25°C and f=30 Hz.



240.0000

160.0000

Tg (°C)

80.

09000

Figure 11.

c/PEl

QOO 19t Transition Temperature
AAMAA 2nd Tronsition Temperature

1060 | 20,00 | 30.00  40.00  §0.00
immersion Time ¢(hr)

1* and 2™ glass transition temperatures of C/PEI

specimens against immersion time.

0.0060 00080 0.0100

Loss Factor

0.0020  0.0040

09000

L

Thermoset (SIGRI CE 1007)

QOORE Fibre Orientation 90 , Tw25 C, =22 Hz
ADAAA Fibre Orientation O , Tw25 C, fwdS Hz

(% 10.00 20.00 30.00 40.00 50.00

Immersion Time (hr)

Figure 13. Loss factor of SIGRI CE 1007 specimens for both
0° and 90° fibre orientation, against immersion time.

150.00

prive

120.00
o

19-5

QQOCD Fibre Qrientation 807
A0ALA Fibre Orientation 0°

o 10.00 20.00 30.00 40,00

{ ( 50.00
Immersion Time (hr)

Figure 12. Storage modulus of SIGRI CE 1007 specimens for both
0° and 90° fibre orientation, against immersion time.

150.00

-

ooop Fibre Orientation 90°
AdLLA Fibre Orientation O°

.00 10.00

2000  30.00
Immersion Time

(h)

50.00

Figure 14. Glass transition temperature of SIGRI CE 1007 specimens
for both 0° and 90° fibre orientation, against immersion time.

Figure 15. Surface photomicrograph (x200) of a C/PEI specimen immersed for 24 days in jet fuel.
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3.3 Microscopic observations

A number of specimens were subjected to microscopic examination, and interesting effects in the form of rather deep pits
appeared with thermoplastic laminate immersed in jet fuel for over 24 days (Fig. 15), a fact which, if confirmed, indicates
action of organic solvents within an otherwise inert fluid.

4. CONCLUSIONS

With both types of laminates fuel absorption is low in comparison to moisture absorption, although thermoplastic specimens
absorb higher amounts - a tendency quite opposite than with moisture absorption. Despite that, the effect on the properties
investigated is much more pronounced with thermosetting laminates. Fuel temperature during immersion, although important
for the amount of fuel absorbed, has no statistically significant effect on the respective properties - probably due to the fact
that, when the specimen is heated up during measurements, the fuel is partially rejected and the material resumes its previous
state. This fact, together with the variation of loss factor with immersion time, as illustrated in Figs. 10 and 13, indicates that
fuel absorption is based on more or less the same mechanisms as moisture absorption, despite the differences in quantitative
results, due to the individual pmtpenies of the respective materials. At this fpoint, it is interesting to stress the importance of
loss factor in the determination of the variation of properties, as a parameter far more sensitive to changes than glass transition
temperature.

The additional action of organic solvents, especially with thermoplastic matrices, must be further examined, not only from
the point of view of improving the operating conditions of materials working in adverse environments, but also as a problem
of environmental protection, associated with disposal and perhaps recycling of such materials, now produced in vast
quantities..
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Fracture Surface Characteristics of Compressive
Failures in Carbon Fibre Reinforced Epoxy Laminate Subjected to
Hot/Wet Conditioning
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Institute For Aerospace Research
National Research Council
Montreal Road, Ottawa
Canada K1A 0R6

SUMMARY

This paper presents the results of an investigation into the
effect of environmental exposure on the compressive fracture
surface characteristics of carbon/epoxy composite material
( Hercules AS4/3501-6 ). The effects of temperature and
absorbed moisture on laminates are explored. Specimens were
preconditioned in either ambient laboratory humidity or in
water at 64 °C for 4 or 7 weeks. The fractures were produced
at room temperature and 93 °C. The observed fracture
features ( Scanning Electron Microscope ) of the specimens
with different preconditioning and test environments are
presented. These results illustrated differences in the amount
of fibre/ matrix separation, fibre fracture and resin fracture
with increasing temperature and absorbed moisture. The
reduction in compressive strength of laminates due to
hygrothermal effects is also discussed.

1 INTRODUCTION

The use of composite materials in military aircraft structures
is common, and in service they are exposed to a wide range of
environmental conditions. It is well recognized that epoxy
resins utilized in high-performance  structural composites
absorb moisture in humid environments (Ref 1). The
absorption of moisture causes a slight swelling and lowers the
resin’s glass transition temperature. Composite properties
which are matrix dominated such as compression strength, can
also be adversely affected by moisture uptake and this can
reduce the maximum permissible service temperature.

2 EXPERIMENT

2.1 Development of a New Test Fixture

For the evaluation of combined moisture-temperature effects
on the matrix performance of composites, American Cyanamid
Corporation’s " hot-wet compression test" (Ref 2) which
utilized the test fixture of ASTM Test Method D 695 (Ref 3)
had been used in a recent material characterization of newly
developed toughened resin composites at IAR (Ref 4). During
the testing, there were occasional occurrences of specimen
end-brooming in the ASTM D 695 test fixture. The end-
brooming occurred in the specimen portion which extended 2
mm beyond the jig, see Figure 1 . This end-brooming led to a
partial load transfer through the test fixture of an unknown
magnitude. The end-brooming problem was particularly serious
for the specimens which were affected by high moisture uptake
and high temperature test conditions. The specimen end-
brooming and frictional load uncertainties are inherent
shortcomings of continuous rigid support jigs. As part of the
current study, an improved compression fixture has been
developed to overcome the problem of end-brooming of the

specimen (Ref 5), as well as to gliminate frictional load
transfer to the fixture during compression loading. This new
fixture is capable of maintaining alignment and resisting lateral
motion. The test specimen is secured in the fixture with
clamping plates which also contribute to load transfer to the
specimen through shear forces and to prevent end crushing, see
Figure 2.

Figure 1. Brooming of Specimen Outside the ASTM D 695
Support Jig

2.2 Specimen

The material used in this study was Hercules AS4/3501-6
carbon/epoxy unidirectional preimpregnated tape supplied in
300 mm-wide rolls and stored at temperatures below -18 °C.
The prepreg was cut and laid up with the use of templates to
assure proper fibre angles from ply to ply. The material was
cured in an autoclave in accordance with the prepreg
manufacturer’s instructions.  After cure, the panels were
examined in the IAR ultrasonic inspection facility using a
pulse echo technique and they were found to be free of
detectable defects.

The stacking sequence of the 16 ply symmetric laminate and
the specimen configuration are presented in Figure 3.
Individual specimens were cut from the panels using a
diamond impregnated saw. Each specimen was then ground on
the edges and the ends to a tolerance of +/- 0.05 mm.
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Figure 2. New Test Fixture
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Figure 3. Configuration and Stacking Sequence of Specimen

2.3 Conditioning

In order to investigate the effects of different environmental
and test parameters on the fracture surfaces and the
compression strength of the laminate, the specimens were
conditioned at two moisture contents for different durations
and tested at two temperatures to provide 7 combinations, The
details and codes are listed in the following:

1 DR, "dry" ( conditioned in room air ) and tested at
room temperature. These specimens would provide a
baseline for determining the heat and moisture effects
on the compression strength.

2, MA4R, "moist" conditioned: 4 weeks in 64 °C water and
tested at room temperature to reveal the moisture effect
on the compression strength.

3 MT7R, "moist" conditioned: 7 weeks in 64 °C water and
tested at room temperature to reveal the effect of any
additional moisture adsorption on the compression
strength.

4. DH, "dry" as in (1) but tested "hot" at 93 °C to reveal
the effect of heat on the compression strength.

5. DWH, "dry" as in (1) but clamped into a warm jig,
brought to the test temperature in 93 °C water and
tested " hot" at 93 °C.

6. MH, " moist" conditioned 4 weeks in 64 °C water and
tested "hot" at 93 °C ( hot-wet compression).

r MRR, " moist" conditioned 4 weeks in 64 °C water,
exposed to 93 °C for 15 minutes, subsequently dried
for 2 days at 80 °C in a vacuum oven and tested at
room temperature.

The moisture contents of the conditioned specimens were
determined by weight gain measurements. The weight gains
and test temperatures for the seven conditions of specimens are
presented in Table 1. As shown in the table, the moisture gain
between 4 and 7 weeks of water immersion at 64 °C is very
small, and this suggests an equilibrium of moisture content of
1.7 % at 64 °C for the Hercules AS4/3501-6 material.

Table 1. Effects of heat and moisture on
compressive strength of AS4/3501-6 laminate

o Test Results
Conditlon| Conditloning Molsture Test Ultimate
Code state content |tempereturelcompression *C.V. | Retention
strength
B & MPa | % %
Dry as made
DR [eonditioned In 0.3 22 704 L8 ] 100
amblent room air)
Muoisl (conditioned
MR4 |0 water al 647 [or 1.44 22 GHE 34 93.5
4 weeks)
Moist [conditioned
MR7 In water at 64°C lor 1.64 22 660 3 893.7
7 weeks)
Dy (condilioned
D in amblent room 0.3 093 601 5.1 B5.B
alr}
DWH  |Dry (surface-welled 04 a3 593 52 84.2
na pre-heat bath)
Muolst [conditioned
MH b water at 647 for 144 03 428 6.1 60.8
A4 wecks)
MRR  |Moist and dried 0.6 22 688 1.7 97.7
*CNV. = coeflicient of varialion

2.4 Test Procedures

Compression tests were conducted in an  environmental
chamber in the load frame of the Instron 1125 testing machine,
see Figure 4. The loading rate was (.5 mm/min. and the chart
recorder speed was 20 mm/min..

The mounting of the specimen in the jig required proper
clamping as described in (Ref 5). The DWH and MH
specimens were clamped in the support jig and pre-heated in
a water bath that was maintained at 93 °C, whereas the
clamped DH specimens were pre-heated in the chamber. The
test temperature was monitored with a thermocouple.

2.5 Strength Test Results

The average compression strengths of the various conditioned
laminates are given in Table 1. Each value is the mean of 14
tests. The coefficients of variation are generally low and do
not exceed 6 %. For comparison purposes, the strength values



THIS DOCUMENT PROVIDED BY THE ABBOTT

TECHNICAL LIBRARY

ABBOTTAEROSPAGCE.COM

Figure 4. A Typical Set-Up for Hot-Wet Compression Test

expressed as a percentage of the average value of the dry room
temperature specimens ( DR) are also presented in Table 1. It
is apparent that the application of combined heat and moisture
produced a large decrease ( 39 %) in the compression strength
of the laminate. For the dry conditioned specimens, the
application of heat alone, such as DH and DWH, had moderate
effects, which reduced the compression strength of the
laminate up to 16 %, while moisture conditioned specimens,
such as M4R and M7R, had little reduction in strength
(approximately 6 %) at room temperature. The relatively small
amount of moisture increase of (.2 % between 4 and 7 weeks
of immersion had no significant effect on strength. The
strength of MRR specimens was only slightly reduced and
this indicated that specimens immersed in 64 °C water for 4
weeks did not suffer any significant damage.

3 MACROGRAPHIC OBSERVATIONS

Macroscopically, the fractures produced under compression
loading exhibited gross buckling, extensive delamination,
cracks and over-running of the delamination planes. Since
there was a significant difference in the compressive strength
between the DR and the MH specimens , macrographic
observations were conducted mainly on these specimens.

Preliminary visual examination of the failed specimens
revealed significant differences in the overall appearance of the
fractures of the DR and MH specimens, shown as edge views
in Figure 5a and 5b respectively. Compression failure modes
in MH specimens are predominately shear crippling as defined
in ( Ref 6) accompanied by delamination. In general, cracks
in outer plies are oriented at an angle of approximately 45° to
the longitudinal axis of the specimen, whereas in the central
ply regions, the cracks are generally oriented at an acute angle
of approximately 10° to the longitudinal axis of the specimen.
For the DR specimens, compression failures are characterized
by extensive delamination and many cracks propagated through
the thickness of the laminate at an angle of approximately 45
degree to the longitudinal axis.

Compression micro-buckling appears to be the primary failure
mechanism for these specimens; it involves local buckling of
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(a)

(b)

e

Figure 5. Edge Views of Failed Specimens (a) DR (b) MH
(x25)

individual fibres at a point where a localized instability exists.
When the fibres are supported by a rigid matrix , failure
usually occurs at high stress with considerable delamination.
The DR specimens exhibited this failure pattern, see Figure Sa.
Low modulus resins offer less support to the fibres, hence the
fibres may kink and lead to shear crippling and thus failure
may occur at a lower load. The MH specimens failed in this
fashion, see Figure 5b.

Closer examination of the failure surface ( exposed by
carefully pulling the laminates apart in the laboratory) reveals
significant differences in the fracture features of DR and MH
specimens as shown in Figure 6. The fracture of DR
specimens are predominately oriented 45" to the loading
direction and the fracture surfaces exhibit a mix of intra-,
inter- and trans-laminar failures. The fracture surfaces are very
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irregular since the dominating feature of trans-laminar fracture
is broken fibre bundles. Overall, the test of the DR specimen
produced a large failure surface area which was a result of
failure at high stress.

Figure 6. Failure Surfaces of DR and MH Specimens

The MH specimens exhibit fractures that are normal to the
loading direction. The fracture surfaces in the X-Y planes are
mainly +45° degree plies which are terminated in the
transverse direction. The +45° degree plies in the laminate
appear to be predominately in the 45 degree fracture mode
while the 0° and 90° plies are in the transverse fracture mode.
Since the dominant failure mode for the MH specimens is
shear crippling within the laminate, the fractures through the
0°,90°,0°, 90° degree ply groups in the laminate are confined
to small multiple steps at the ends of the fracture surface. The
relatively planar fracture surfaces of the MH specimens are
dominated with inter-laminar fracture surfaces which are
significantly smaller than those of the DR specimens.

3.1 Process of Failure in Laminates

DR specimens:

In an analysis of this failure process, it was known that the
specimen had been subjected to a compressive load with
monotonic increasing applied strain at any given cross section.
Based on the ultimate strains reported in (Ref 7) for +45°, 90°
and 0° degree orientations, it appears that during compressive
loading of the specimen, when the applied strain value reached
a critical value for the 0° degree plies, failure would initiate in
a region leading to a gradual loss of stiffness. As the applied
compressive strain was further increased to the critical value
for £45° plies, these plies started yielding. When the applied
compressive strain approached the ultimate failure strain value
for the 90° plies, the laminate failed by buckling and
delaminating.

MH specimens:

Grimes (Ref 8) reported that both shear and transverse strains

could be affected significantly by elevated temperature testing
of high moisture content material and their ultimate strains
could be reduced up to 50% of th: room temperature value.
Again, based on the reported ultimate strain values (Ref 7) for
+45° , 90° , 0 orientations, as soon as the applied
compressive strain was close to the ultimate failure strain
values, the +45° and 90° plies lost stiffness and caused the
remaining 0° plies to buckle. At this point, possibly a small
elastic buckle occurred because of softening of the matrix due
to the elevated temperature. As a consequence, the matrix was
no longer capable of supporting the fibres, resulting in shear
crippling prior to fracture across the entire cross section.

In general, the inter-laminar fractures of the £45° plies in the
MH specimens are very prominent and this is probably due to
the low shear strain of the matrix which has been degraded by
a combined effect of the elevated temperature and high
moisture.

4 DISCUSSION ON FRACTOGRAPHIC
OBSERVATIONS

Scanning electron microscopic (SEM) examinations were
carried out on the failed specimens to (a) characterize and
compare the fracture surface topography of the differently
conditioned specimens and (b) to establish whether specific
morphology could be correlated to the ultimate compressive
strengths of specimens subjected to hot/wet conditioning. SEM
is a very useful technique for the detailed examination of the
fracture surfaces.

145" Ply Fractures: Figures 7a and 7b show delamination
between and within the +45° plizs for the DR and MH
specimens, respectively. Typical fractures generated in the DR
specimens exhibit combined features of cohesive matrix failure
and limited fibre pull-out. The fibre surfaces appear to be
coated with a layer of matrix material. This implies that a
satisfactory interfacial fibre/matrix bond existed. The fracture
surfaces of the MH specimens typically exhibit a rougher
topography with large areas of fibre/matrix separation and de-
bonded fibres. In general, these observations are in agreement
with published literature (Ref 8,9,10) and they indicate a
degradation in the "fibre-to-matrix" interfacial region that tends
to occur under elevated tempersture and high absorbed
moisture conditions.

0° and 90° Cross-Ply Fractures: The fracture topography of
delamination produced between cross plies is illustrated in
Figure 8a and 8b for the DR and MH specimens respectively.
Matrix fracture appears to be the dominant fracture feature for
the DR specimens. The coherent fracture surface reveals good
interfacial bonding as evidenced by resin matrix adherence to
the fibre surface, and numerous hackles (H) are also exhibited.
On the MH fracture surface matrix fracture, fibre/matrix
separation and fibre breakage can be observed in Figure 8b.
Again, this indicates that the interfacial strength has been
degraded due to the elevated temperature and high moisture
content in the materials. There is an increased amount of
fibre/matrix separation for the MH specimens as compared to
the DR specimens and the fracture planes tended to occur
within or adjacent to closely packed fibres within the ply,
resulting in fibre fracture, fibre imprints and local regions of
resin fractures.

As shown in Figure 9, an examination of the fracture surface
of the DH specimen reveals little fibre and matrix
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fragmentation. Most of the fibres appear to be coated with
matrix. In contrast to the DR specimens, the DH interfacial
fracture surfaces show significant reduction in the size of the
hackles. The reduced fracture surface area may relate to the
moderate strength loss of the DH specimens.

Figure 8. Fracture Surfaces Between 0° and 90° Cross-ply of
Specimens (a) DR (b) MH

(b)

Figure 7. Fracture Surfaces Between and Within +45° Plies of
Specimens (a) DR (b) MH

90° Ply Fractures: As shown in Figure 10a, the fracture
surfaces of the 90 degree ply of the DR specimen exhibit
many hackles of various sizes. The small hackles appear to be
more of an integral part of the matrix than the deeply cleaved
large ones. The fracture surfaces of the MR specimen show
coarse hackles and other hackles appear to have separated
leaving a scalloped appearance, see Figure 10b. In Figure 10c,
the DH specimen exhibits intra-laminar ( within the ply)
fracture surfaces with small hackles and broken fibres. A crack
(C) can be observed that appears to be approximately normal
to the fracture surface. It is difficult to assess the degree of
debonding on this surface. The fracture surface of the 90° ply
of the MH specimen, see Figure 10d, shows extensive matrix Figure 9. Fracture Surfaces of DH Specimen Between 0° and
disintegration and fibre breakage. 90° Cross-ply
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(b)

Figure 10. Fracture Surfaces in 90° Ply of Specimens (a) DR
(b) MR

The hackle markings were usually formed on the fracture
surface with fibres at 90° to the load and the hackles were
between the fibres. Grove and Smith (9) suggested that hackle
formation initiates between the fibres provided that the
interfacial strength is reasonably high. For the DR and MR
specimens, see Figure 10a and 10b respectively, examination
of the fibres appears to reveal good interfacial bonding as
evidenced by resin matrix adherence to the fibre surfaces.
Hence, the hackle marking is a predominant feature on the
fracture surfaces of both specimens. The fracture surface of the
DH specimen exhibits a few shallow hackles, see Figure 10c,
and this suggests that the softening of matrix due to the
elevated temperature may reduce the size and number of
hackles. The relatively clean fibre surfaces of the MH
specimen, see Figure 10d, suggests a weaker fibre/ matrix
interfacial region which may prevent the formation of hackles
in the matrix between fibres as there is no evidence of hackles
in the MH specimen.

0° Ply Fractures: In Figure 11a, the fracture surface of the
DR specimen does not exhibit any micro-buckling. The
integrity of the matrix appears to be intact below the fracture
surface. The fracture features consist mainly of hackles.

(@

Figure 10. Fracture Surfaces in 90° Ply of Specimens
(c) DH (d) MH

In contrast with the DR specimen, the DH, MR, and MH
fracture surfaces in Figure 11 (b, ¢ and d) indicate micro-
buckling (short fibre lengths) and breakup of the composite.
Figure 11c and d show an increase in matrix/fibre separation.
For the MH specimen, the fibre surface is almost devoid of
adhering matrix while on the DH and MR specimens some
matrix remained as ridges on the fibre fragments.

5 CONCLUSIONS

Hercules AS4/3501-6 laminate specimens conditioned to a
moisture content of about 1.5 % and tested in compression at
93 °C showed a strength reduction of 39.2 % as compared to
a dry laminate with a moisture content of 0.3 % tested at room
temperature.

Macrographic observations indicated that specimens that had
sustained high failure loads appeared to exhibit larger fracture
areas than lower strength specimens. The general trend for
the fracture areas of the different conditioned specimens are in
decreasing order DR, MR, DH and MH and this trend agrees
very well with their respective strengths.
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(b)

Figure 11. Fracture Surfaces in 0° Ply of Specimens (a) DR
(b) MR

The predominant failure mode for laminates under compression
loading was micro-buckling of the fibres. It appeared that
micro-buckling was very sensitive to matrix support. The
combination of a weak fibre/matrix interfacial region and a
lower modulus matrix is expected to promote fibre micro-
buckling and hence poor compression performance.

The specimens that were moisture conditioned and tested at
93° C appear to have failed in the fibre-matrix interface region.
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THE EFFECT OF HEAT TREATMENT ON THE PROPERTIES OF PEEK AND APC-2
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Undoubtedly, the fibre-matrix interface and the
SUMMARY crystallinity have the main role in determining most of

This paper examines the effect of certain heat
treatments on the properties of PEEK and carbon fibre
reinforced PEEK. Differential scanning calorimetry,
wide angle X-ray diffraction, dynamic mechanical
testing, flexture testing and microscopy were done to
study the changes in the amount of crystallinity and to
observe the effect this crystallinity change on the other
properties.

DSC thermograms showed that although there is
no considerable change in crystalline melting point of
the composite specimens depending on the heat
treatment applied there is a change in PEEK. It was
confirmed by both DSC and WAXD data that it is
possible to control crystallinity of PEEK and APC-2
easily by applying simple heat treatments. The glass
transition temperatures of as-received PEEK and APC-2
obtained from dynamic mechanical spectrum are 165.99
and 160.99 C respectively. More higher glass transition
temperatures were also observed for high % crystalline
composite specimens. In the literature 1430 C is stated
as Tg of these materials. The frequency effect on
dynamic mechanical spectrum was also determined. It is
concluded that as the frequency decreases the dynamic
mechanical spectrum shifts to lower temperatures and

loss tangent (tan ) increases in value.

Flexture testing results shows that the flexture
properties are independent of crystallinity. Fracture
surface examination was confirmed the debonding in
quenched APC-2 samples. It was also observed strong
adhesion for crystallized samples. This research clarifies
the use and applicability of heat treatment for
commercial processing.

1. INTRODUCTION

Thermoplastic matrix composites have become an
important material for the aerospace industry. The recent
developments in thermoplastics made possible the
production of high strength and enviromental resistant
composites. As mentioned by Heym et al [1] and
Clemans and Hartness [2] various thermoplastic
polymers with high glass transition and crystalline
melting temperatures are commercially available in the
market.

The tougness and enviromental resistance are
primarily important porperties of PEEK/carbon fibre
composites. High glass transition (Tg) and melting
temperature (Tm) are also quite attractive where high
temperature applications are necessary. APC-2 has also
superiority against traditional thermosetting composites
from production point of view since the materials
chemistry is determined before the impregration stage
and no need for prolonged curing stages. It has also low
moisture absorption [3] and improved repairability.

the composites’ mechanical properties. In APC-2 fibre-
polymer interface acts as nucleating sites for spherulites.
So the heat treatment applied to APC-2 may change
fibre-matrix interface characteristics and spherulite
morphology which in turn affect the mechanical
response of the material. Blundell et al [4] enlightened
the nucleation behavior of spherulites in APC-2 and
determined how spherulitic morphology changes with
the preparation conditions of the composite. Talbott et al
[5] determined that both fracture toughness and fracture
energies depend mainly on the amount of crystallinity
for APC-2 and both of these decrease with increasing
the amount of crystallinity.

The purpose of this research is to find out the
effect of certain heat treatments on the amount of
crystallinity which also affects dynamic mechanical
behavior, flexural properties and fibre-matrix interface
characteristics. This research provides an understanding
of the physical properties of APC-2 which also
determines the mechanical characteristics. Additionally
the possibility of heat treatment with PEEK and APC-2
clarifies since the heat treatment has an importance in
commercial processing.

2. EXPERIMENTAL DETAILS
2.1 Materials and Heat Treatments

For this research, PEET (450 G grade) supplied
by ICI (UK) and carbon fibre reinforced PEEK (APC-
2) supplied by MBB (Germany) were used. The
composite was unidirectionally reinforced and was
composed of 32 weight % PEEK and 68 weight % IM-
6 carbon fibres.

Four different heat treatments were done to PEEK
and the composite. The temperature of 330° C were
chosen to increase the amount of crystallinity of the
specimens since this temperature is below the crystalline
melting point of the materials. The temperatures 335° C,
which is around the Ty, of the materials, and 345° C
which is above the Ty, of the materials were chosen to
decrease the crystallinity of the materials by quenching
from these temperatures. These heat treatments were as
follows:

1) The specimens were heat treated at 3300 C for
10 minutes and furnace-cooled.

ii) The specimens were heat treated at 330° C for
10 minutes then taken and put in a furnace at 240° C
and slow-cooled.

iii) The specimens were quenced in liquid nitrogen
after heat treating an hour in a furnace at 335° C.
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iv) The specimens were quenched in liquid
nitrogen after heat treating an hour in a furnace at
345°C.

Furnace cooled samples are denoted by FC and
quenched samples are denoted by Q. For example,
APC-2 specimens heat treated at 330° C and furnace
cooled will be shown by APC2-FC(330), and PEEK
specimens quenched from 345°¢ C will be shown by
PEEK-Q(345). Additionally, as received specimens will
be called APC2 and PEEK, respectively for the
composite and the polymer.

2.2. Differential Scanning Calorimetry (DSC)

In order to obtain DSC thermograms by which
crystallinity, and crystal melting point (T}y,) were found,
Perkin Elmer DSC-2 were used, 10-15 mg samples
were cut from both APC2 and PEEK samples and
sealed in alumimum pans. The heating rate of 20.0
deg/min and the cooling rate of 320 deg/min were
applied.

The heat of fusions (AHg) of the materials were

found from the area of the melting peaks. By accepting
the heat of fusion of fully crystalline sample as 130 J/g
[6,7] the crystallinities of the PEEK samples were
calculated. For APC2 samples similar calculations were
done by correcting the AHy data for pure PEEK since

the composite contains 68 weight % carbon fibers.

2.3. Wide Angle X-Ray Differaction (WAXD)

Cu Ka radiation was used. Diffraction profiles

were recorded by scanning at a rate of 0.02° 26 /sec
over an angular range 8°<2 <38¢. For PEEK samples,
the crystallinity calculation was done by using the
following equation [8]

Area of Crystalline Fraction

Crystallinity= 8

Area of Crystalline Area of Amorphorous
Fraction + Fraction

The shape of non-crystalline background was
estimated by referring to the data by Blundell [6].
Figure 1 shows the typical diffraction profile for PEEK
samples.

The crystalline determination for the composite
specimens was done by referring the calibration curve
drawn by Blundell et al [9]. More precisely, hyjg/he
ratios were found and corresponding crystallinities were
datermined from the mentioned calibration curve.

2.4, Dynamic Mechanical Evaluation

The Rheometrics RSA2 Solids Analyzer was

used to determine tan 8 vs temperature, E' (storage
modulus) vs temperature, and E" (loss modulus) vs
temperature curves. E' is the real part of the complex
modulus. E*, and E" is the imaginary part of E*. E* is
defined as

E*=E'+iE" (2)

Unclamped three point bending test at a frequency of
62.8 rad/sec was done. In order to determine the
frequency effect on the glass transition temperature and

tan d additional tests were also done at different
frequencies.

2.5. Flexture Testing

Flexural three point bending tests were done by
using an Instron 4206 materials testing machine. The
specimen dimensions were (1mmx16mmx60mm) and
(3.25mmx 16mmx60mm) for APC2 and PEEK
specimens, respectively. The span was 40mm. The
crosshead speed of 2.667 mm/min and 1.6mm/min
were applied for APC2 and PEEK samples,
respectively.

The flexture modulus, E, was calculated using the
equation:

mL3
E (3)

4bh3

where b is the beam width and m is the value of the
applied load divided by the crosshead movement of the
testing machine. L is the span.

The flexural strength, 6, was calculated using the
equation:

3PL
o= 4
2bh?

where P is the maximum load applied. The load applied
was perpendicular to fibre direction.

The fracture surfaces of the tested specimens
were examined under scanning electron microscope.
Primarily, the fracture surfaces were mounted on stubs
and coated with Au-Pd.

3. RESULTS AND DISCUSSION
3.1. DSC Results and Crystal Melting Points

For as-received PEEK and APC?2 the melting
points were determined as 338.5° and 341.9¢ C
respectively. Additionally the glass transition
temperatures were determined as 168° and 163.7° C for
PEEK and APC2, respectively. The melting points are
in agreement with the tabulated data but Tg values are
20-25° C higher than the usually reported values for
these materials in the literature. The DSC results for the
heat treated samples show slight change in melting
points for the composite specimens. However, the
samples which were crystallized at 240° C shows
approximately 10° C increase in the melting point of the
composite specimen. This is attributed to the change in
spherulic crystal structure, both in terms of spherulite
diameter and lamellae thickness. On the other hand
PEEK specimens show approximately 10° C increase in
melting points after each heat treatment except the one
which was quenched in liquid nitrogen from 335° C.



The melting point increase in PEEK samples may be
due to lack of reinforcements which means the
spherulite shape can change more easily without any
impingement by carbon fibres and without any
nucleation effect due to carbon fibres. Tables 1 and 2
show the melting points of PEEK and APC2 samples
respectively.

3.2. Dynamic Mechanical Spectrums and Glass
Transition Temperatures

The Tg of PEEK and APC2 from the DSC data
and from the dynamics spectrums are in close
agreement. The dynamic spectrum gave 165.9° and
160.9° C as Tg of PEEK and APC2, respectively. The
Tg of the composite samples show changes depending
on the heat treatment done. While the Tg of APC2 and

APC2-Q(345) are almost same there is 10° C increase in
Tg for APC2-FC(330), 15° C for APC2-FC(240), and

approximately 5° C increased for APC2-Q(335).
Therefore a question arises if the glass transition
temperatures are not only dependent on the amorphous
phase but on crystalline phase as well. This means
degree and perfection of crystallinity. It is imposible to
answer this question at this moment without further
investigation. Attributing these changes to the changing
molecular weight of the sample is diffucult because it is
known that even though the molecular weights of three
commercial grade polyethoretherketone polymers,
namely 150P, 380P and 450P grades, are different they
have the same glass transition temperatures. If the
change in glass transition temperatures does not depend
on crystallinity in addition to amorphous phase it may
be thought that the entanglement of the polymer chains
somehow changes so that they loose their mobility. The
chain mobility also decreases by the presence of carbon
fibres. On the other hand glass transition temperatures
of PEEK samples are more or less same. There is no
distinct change in Tg of these samples. Tables 3 and 4
show the Tg values of PEEK and APC2 samples
respectively.

Figures 2 and 3 show the dynamic mechanical
specturms of PEEK and APC2, respectively, in the
temperature range 1000 -240° C.

It was further determined if there is frequency
effect on the dynamic mechanical spectrums. For this
purpose | rad/sec and 0.1 rad/sec frequencies were
applied. It was concluded that there is a considerable
frequency effect on the spectrums especially at low
frequency value of 0.1 rad/sec. The results of these

experiments were shown in terms of Tg and tan 3 in
Tables 5 and 6.

Even when the frequency was decreased to 0.1
rad/sec the Tg obtained was greater than the usually
reported value of 143 C. Partridge et al (10) have also
reported T of PEEK as 160° C. The results show that
Tg of PEEE in literature is also lower than the Tg of
APC2 tested which is also an indication for the
difference of the matrix of APC2 than of usual matrix
material PEEK.

It was also seen that tan d value measured at Tg
for less crystalline composite material is the largest.
This may be an indication of debonding the fibre and the
matrix. As the debonding increases it becomes possible
for the material to dissipate more of
the input energies due to inter-fibre friction. The
decrease in adhesion in quenched samples was also
cofirmed by fracture surface analysis which is discussed
below.
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3.3. Crystallinity of the Specimens

As mentioned above, the crystallinity of the
specimens was determined by using two methods.
First, it was determined by using the heat of fusion
values obtained from DSC thermograms. Second, wide
angle X-ray diffraction was used to calculate the
crystallinities. Table 7 shows the heat of fusion values
and corresponding crystallinities for PEEK samples.
Table 8 shows the heat of fusion values for APC2
specimens, corrected heat of fusions for the matrix and
corresponding crystallinities of APC2 samples. The
crystallinities determined by using WAXD are shown in
Tables 9 and 10.

It is seen that both DSC data and WAXD data
gave more or less same figures. The difference,
especially for the APC2 samples between the
crystallinities of the samples obtained by two different
methods is undoubtedly due to the method difference
and neither the DSC crystallinities nor WAXD
crystallinities are the absolute crystallinities of the
materials. The only exeption which is contradictory is
data obtained for PEEK-Q(345). All the crystallinities of
PEEK samples were estimated by drawing an
hypothetical background reflection due to amorphous
phase. This high crystallinity of PEEK-Q(345) is
probably a wrong estimation. Nevertheless, it is
concluded that the percent crystallinity can be changed
to a certain extent by heat treatment which may facilitate
a change in mechanical properties if it is desired. It is
obvious from the results that both slow cooling from
3300 C and first heating to 330° C followed by slow
cooling from 240° C increases the crystallinity as
expected. Although the difference in crystallinities
obtained as a result of these two heat treatments is not
significant for the composite samples, 10% difference is
seen in the case of PEEK specimens. Quenching in
liquid nitrogen from 335° C changes crystallinity but
since already existing crystals could not melt at this
temperature for PEEK-Q(335) this heat treatment only
increased crystallinity for this specimen as if it was
annealed and final quenching changed nothing.
However same heat treatment for APC2-Q(335) shows
a considerable decrease in crystallinity. This means that
the former crystallites of APC2-Q(335) melted to a
certain extent and further crystallization was suppressed
by quenching. The reason why the melting of
spherulites occur below 341.9° C, which is the
determined crystal melting point, is that some
spherulites may have different morphology which in
turn means that they may have somewhat lower crystal
melting point. Some of the DSC thermograms show
double peaks as crystal melting occurs (Figure 4). This
is probably due to recrystallization which occured as a
result of the heat treatment applied.

When both PEEK and APC2 were quenched in
liquid nitrogen from 345° C they showed a considerable
decrease in crystallinity.

It is also worth mentioning that although the
obtained diffraction patterns for APC2 specimens are in
agreement with the patterns appeared in the literature
there is a difference between the diffraction pattern
obtained and that in the literature for PEEK. The
obtained peaks appear at 18.79, 20.7°, 22.5° and 28.7°
which are in agreement with the reported figures but the
peak at 18.7° is not the strongest intensity peak in the
results but it is the strongest peak in the literature on
PEEK [5,9]. The strongest intensity peak appears at
22.5° (Figure 1). Additionally there is no preferred
orientation in the PEEK tested is it was expected.



3.4. Flexure Testing Results and Fracture Surfaces

Flexture tests were done to determine the effect of
the heat treatment on flexural properties. The results of

flexure tests are shown in Tables 11 and 12.

As mentioned above the load applied was

perpendicular to the fibre direction. As far as the results
are concerned there is no direct relationship between
flexure modulus or strength and crystallinity. Therefore
it seems that flexural properties develop independent of
crystallinity at least in the crystallinity range tested
which is 21.45-41.13% for PEEK samples and 18.61-
34.42% for APC2 samples according to DSC data. For
the case the load parallel to fibre direction the behaviour

of the composite may be different.

Finally fractographic examination was done under
scanning electron microscope. In these micrographs it is
clearly seen that apart from tension and compression

failures buckling and delamination also occured.
Figures 5 and 6 show the whole thickness of the

fracture surfaces of APC2-FC(330) and APC2-Q(335).
If the crystallized APC2-FC(330) is compared with the
quenched APC2-Q(335) it will be clearly seen that the
fibre-matrix adhesion in the quenched sample is lower
than the crystallized one. The fibre surfaces in the
quenched sample is more clean. Fibre pull-out from the
matrix in the tension area is quite obvious. Figure 7
shows the fibre-matrix interfaces in tension area of
APC2-FC(330). This micrograph also shows good
fibre-matrix adhesion in a crystallized sample. Figure §
shows the compressive fibre failure and ductile tensile
failure of matrix of APC2-FC(330). Figure 9 shows
fibre-matrix interfaces in tension area and fibre tips in
compression area of APC2-FC(330). Good fibre-matrix
adhesion can also be seen for the crystallized sample in

these figures. However, fracture surface from

compression area of APC2-Q(345) shows fibre-matrix
debonding as a results of quenching as shown in Figure
10. Figure 11 shows compression and tension surfaces
on a single fibre tip and fibre-matrix debonding of the

specimen APC2-Q(345).

Tablel. The melting points of PEEK specimens.

PEEK PEEK-FC(330) PEEK-FC(240) PEEK-Q(335) PEEK-Q(345)
[Tm (°C) 3385 3502 346.2 3376 3452
Table 2. The melting points of APC2 specimens.
APC2 APC2.FC(330)  APC2-FC(240) APC2-Q(335) APC2-Q(345)
[Im CC) 3419 3448 3496 211 425
Table 3. The glass of PEEK
PEEK PEEK-FC(330)  PEEK-RC(240) _ PEEK-Q(335) PEEK-Q(345)
Tg CC) 165.9 1708 170.8 1649 170.1
Table 4. The frequency effect on Tg in dynamic mechanical spectrum.
APC2 APC2-FC(330) APC2-FC(240) APC2-0Q(335) APC2-Q(345)
TR (°C) 1609 171 176 165.2 160.3
Table S. The frequency effect on Tg in dynamic mechanical spectrum.
FREQUENCY
62.8 udjsec 1 radjec 0.1 rad/sec
Tg (°C) [APC2] 160.9 159.6 154.7
Tg (°C) [PEEK] 165.9 159.7 154.8

Table 6. The frequency effect oni tan in dynamic spectrum.

__FREQUENCY
62.8 rad/sec 1 radfsce 0.1 radfsec
tan (at Tg) [APC2] 6.0x10-3 7.05x10-3 1.56x10-2
tan (a1 Tg) [PEEK] 1.69x10-1 2.72x10-1 2.26x10-1

Table 7. The heat of fusion data and corresponding crystallinities for PEEK specimens.

PEEK PEEK-FC(330) PEEK-RC(240 PEEK-Q(335
AHm PEEK (J, 38.96 5347 4093 43.33
|% Crymalinity 29.97 4113 3148 333 |
Table 8. Heat of fusion data and corresponding crystallinities for APC2 specimens.
APC2 APC2-FC(330)  APC2-PC(240) APC2-Q(335)
| AHm composite (14 1081 13.15 12.02 174
| AHm matrix (3/g) 33.78 41.00 37.56 24.19
|_% Crystallinity 259 31.61 28.89 18.61
Table 9. Crystallinities of PEEK specimens from WAXD data.
PEEK PEEK-RC(330) _PEEK-Q(335) PEEK-Q(345)
% Crystallinity 2861 36.08 36.03 321
Table 10. The crystallinities of APC2 specimens from WAXD data.
APC2 APC2-FC(330) APC2-0(335) APC2.0(345) |
% Crystallinity 18.33 24.72 18.33 177
Table 11. Flexture testing results of PEEK specimens.
PEEX PEEK-FC(330)  PEEK-FC(%40)  PEEK-Q(33%) PEEK-Q(34
{MPa) 191.75 184.67 174.48 173.46 113.712
[EqMPn) 297677 3421.53 3418.5¢ 3201.89 3234.58
Table 12. Flexture testing results of APC2 specimens,
APC2 APC2.FC(330) APC2-FC(40) APC2-Q(335) APC2-Q(M5)
| (MPs)  1789.13 1887.13 1799.91 1788.16 1835.7
E ) 152224 151204 147497 151466 156796
8
=
g
&
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Figure 1. A typical X-ray difTraction scan of PEEK specimens.
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Figure 4. DSC thermogram of APC2-FC(240).

Figure 7. Fibre-matrix interfaces in tension area of
APC2-FC(330).
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Figure 8. Compressive fibre failure and ductile tensile Figure 11. Compression and tension surfaces on a
failure of the matrix of APC2-FC(330). single fibre tip and fibre-matrix debonding (APC2-
Q(345)).

4. CONCLUSIONS

The conclusions of this resarch are:

1. It is possible to control crystallinity of PEEK
and APC2 by a suitable heat treatment. Quenching the
materials around their crystal melting points can
decrease the crystallinity to a certain extent. Annealing
below the glass transition temperature and slow cooling
increases crystallinity.

2. Both PEEK and APC2 have glass transition
temperatures higher than usually reported 143°C.
Moreover the diffraction pattern of PEEK is slightly
different than the reported one.

3. There is no relationship between the flexural
properties of both materials and the heat treatments
applied. This in turn means that flexural properties of
the composite does not depend on the crystallinity for
Figure 9. Fibre-matrix interfaces in tension area and the case the load perpendicular to the fibre direction.
fibre tips in compression area (APC2-FC(330)).

4. Fracture surface studies show that the
quenched APC2 looses its fibre-matrix adhesion to
certain extent.
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1. SUMMARY

Amorphous bonding appears to be a promising
method of joining thermoplastic matrix
advanced composites.

The temperature to bond, lower than for
fusion bonding, and the limited dimension
of the melted zone, allow significant cost
reduction and guarantee good mechanical
characteristics.

On the other hand a potential problem
exists, due to lower resistance to aero-
nautical solvents and service fluids, be-
cause of the amorphous nature of the bon-
ding layers.

The basic resistance to environmental de-

gradation of the resins used for bonding,

and the chemical stability of their blends
with the semicrystalline matrices of the

adherends, have been investigated.

2, INTRODUCTION

Thermoplastic resins show several characte-
ristics very interesting for their use

as composite matrix in aeronautical appli-
cations. 1In fact, their molecular structu-
re makes them tougher than thermosettings,
because of their higher plasticity; this
property gives them also a higher impact
resistance. When heated above the glass
transition temperature (Tg) or, for semi-
crystalline thermoplastics, above the mel-
ting temperature (Tm), the thermoplastic
composites can be molded. They can be in-
definitely stored at room temperature and
can be potentially reprocessed. Several of
the thermoplastic resins used as composite
matrix show high service temperature and
good resistance to the environment and the
aeronautical fluids. Finally, welding is a
joining technigue applicable to thermopla-
stics, with high potentiality for cost re-
duction.

On the other hand, the major drawbacks
affecting thermoplastic application for
aeronautics are the high cost of raw mate-
rials and the incomplete availability of
processing techniques and facilities.

Two of the thermoplastic resins more widely
investigated are PEEK (Poly-Ether-Ether-
Ketone) and PPS (Poly-Phenilen-Sulfide).
They are semicrystalline, i.e. in their
molecular structure an amorphous phase is

merged with a crystalline one. This latter
phase gives higher resistance to the envi-
ronment. Furthermore, being the melting
temperature of the crystalline phase always
higher than the glass transition temperatu-
re of the amorphous one (an approximate
ratio of 3/2 of the two temperature expres-
sed as Kelvin Degrees does usually exist),
the high temperature properties of the
material are strongly increased when a
crystalline phase is included.

One of the most interesting composite with
a semicrystalline thermoplastic matrix is
APC-2, tradename of a composite developed
and supplied by ICI Fiberite, with PEEK
matrix and Hercules AS-4 carbon fiber rein-
forcement. Poly-Ether-Ether-Ketone (PEEK),
as reported before, is a semicrystalline
polymer, with a melting temperature of
343°C and glass transition temperature of
143°C (1-2).

Relative amount and morphology of the cry-
stalline phase depend on processing; a very
important processing parameter is cooling
rate from melt. In fact, it has been found
that a very high crystallinity level (about
40%) is obtained by cooling the melt at
very low cooling rates (1°C/min). At coo-
ling rates ranging from 10 to 80°C the fi-
nal crystallinity reached by the polymer

is nearly constant, showing a value of
about 30%. Quenching the melt polymer at
higher cooling rates a lower crystallinity
content is obtained, until a complete quen-
ching, giving fully amorphous material,

is observed at cooling rates higher than
1000°C/min.

The mechanical and physical properties of
the PEEK resin, as well as those of PEEK
based composite, have been found nearly
constant in the cooling rate range from 10
to 80°C/min, in spite of the different
sizes of the formed spherulites correspon-
dent to the different cooling rates. That
means that the above mentioned range can be
considered as a processing window giving
properties nearly constant; furthermore
this "intermediate crystallinity" condition
is the best compromise between the condi-
tion with higher crystallinity, which im-
proves the environmental properties decrea-
sing the toughness, and the one with lower
crystallinity with higher toughness and
poorer environmental strength.

In practical applications the cooling rate
of the processed parts obviously depends on
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the fabrication technique. When PEEK, or
PEEK based composite, 1is processed in
thicknesses above 0.5 mm, it has been pro-
ved that, also for very fast cooling of the
external surface of the processed part,
cooling rate of most of the parts falls in
the "optimum processing window" described
above. So, for the techniques in which
PEEK is processed as laminate, amorphi-
zation can affect only the surface zone.
Some problems can arise, for this way of
processing, only by too slow cooling rates.
This is a potential problem for techniques
like autoclaving, where a cooling rate not
lower than 10°C/min must be obtained to
prevent a too high crystallinity content.
When the material is processed in thin
plies, as in the case of automated techni-
ques like automated tape lay-up or fila-
ment winding, the problem of amorphization
by quick cooling exists.

Processing of the PEEK in the amorphous
state has been investigated (3). The inte-
rest on this issue arises mainly by the
possibility to process it above Tg, instead
than above Tm, with a strong process sim-
plification; that is infact potentially
possible because, when the crystalline
phase is absent, the material can flow
above Tg, and can be potentially molded.
The analysis carried out in the reference
paper by DMA coupled with Thermal Analysis
confirmed that this way of processing is
potentially possible, but at the same time
pointed out that crystallization from amor-
phous phase is too fast to allow a practi-
cal application of this technique.

Another 1investigated 1issue was the nature
of the crystalline phase obtained by amor-
phous state {cold crystallization). It

was found that crystallinity generated from
amorphous state can reach, annealing for
sufficient times at adequate temperatures,
a satisfactory quantitative level, but
morphology is quite different from the
spherulitic one generated from melt, and
this structure has been found to be more
brittle. This consideration is then di-
scouraging about this way of processing
PEEK, and suggests to control, as carefully
as possible, cooling rate from melt.

3. GENERAL ASPECTS OF THERMOPLASTIC WELDING

The knowledge of crystallization and amor-
phization mechanisms is very important

for welding, which is a joining technique
peculiar, among the polymers, of thermo-
plastics. Fusion welding consists of mel-
ting (this term is appropriate for semi-
crystalline thermoplastics, 1less for the
amorphous ones, where Tg is not a melting,
but a transition point) the facing zones
(and eventual inserts) and joining the
parts by cooling under pressure.

Different fusion welding techniques exist,
depending on the heat generation source:
vibration welding, where the heat is gene-
rated by friction of the contacting parts;
ultrasonic welding, where heat is generated
by ultrasounds; hot plate welding, where
melting of the facing surfaces is obtained
by contact with a heated plate; induction
welding, where heating is obtained by the
Foucauld's currents generated by a variable
electromagnetic field; resistance welding,

where heating is obtained by Joule effect.

Among the listed techniques resistance wel-
ding appears to be potentially suitable for
industrial applications, namely when it is
performed using an insert.

The set-up for resistance welding of APC-2
performed with a prepreg insert is shown in
fig.l. Heating is obtained by Joule effect,
by applying electric power to a prepreg,
from the ends of which the resin has been
removed to improve the contact. Additional
layers of neat PEEK resin are provided to
prevent the current to pass through the
APC-2 parts.

The current intensity must be optimized as
function of time in order to:

a. reach a temperature high enough to melt
the overall zone of the insert and the
surface zone of the parts to be melted, but
at the same time not so high to induce
polymer degradation;

b. obtain a cooling history which gives a
right crystallinity content and morphology
in the melted part. 1In fact, being the
conductive heat flow very high and the hea-
ted zone very small, amorphization by quen-
ching of the welded areas can easily hap-
pen, unless the power is not adequately
applied during the time.

A theoretical model has been used for the
optimization of these parameters (4).
Amorphization of the welding zones is not a
problem for the "short term" mechanical
properties of the joints; 1in fact, the
shear strength of the joints with amorphous
welding zone is not lower than that of the
joints where semicrystalline morphology has
been kept through appropriate cooling;
major concerns arise from environmental
stability of amorphous PEEK. 1In fact, as
previously mentioned, amorphous PEEK is
less resistant to temperature and solvents
than the semicrystalline one. Furthermore,
it quickly crystallizes above Tg, giving
imperfect crystalline structures, which are
unwanted by a toughness point of view.
This cold crystallization could happen
also, for longer times, at temperatures
below Tg; the crystallization kinetics
increase when plasticization effects are
induced by solvents.

4. AMORPHOUS WELDING

One of the major technological difficulties
for thermoplastic welding, as well as for
other processing techniques, is the need to
reach a very high temperature. As pre-
viously described the possibility to work
the composite in the amorphous state in
order to reduce that temperature is, for
APC-2, rather theoretical than practical.
Another method to reduce processing tempe-
rature for semycristalline thermoplastics
is based on addition of a different amor-
phous polymer, having a Tg lower than the
Tm of the semicrystalline one. Further than
decreasing the welding temperature, the use
of an amorphous layer gives the additional
advantage to operate with a welding zone
"lower melting" than the rest of composite;
consequently, it is possible to weld the
parts minimizing disturbance of the zones




not involved in the welding. Thus, the use
of the amorphous layer allows to perform
more easily, and with lower disturbance of
the joining parts, all the fusion welding
techniques previously mentioned.

Furthermore, it is possible to use some
techniques like autoclaving, operating with
not too complicate tools. Amorphous wel-
ding by autoclave is similar, by tooling
point of view, to thermoset secondary bon-
ding, because the parts keep their shape
during bonding, like the precured parts.

A meaningful difference is given by proces-
sing time, which for amorphous bonding is
much lower, because the resin is already
polymerized and does not need any cure.

To be successfully applied to APC-2 amor-
phous bonding, which has been patented by
ICI-Fiberite with the name of "Thermabond",
an amorphous polymer (presently Poly-
Ether-Immide PEI Ultem has been found to be
the most suitable) needs to be consolidated
on the surface of the parts to be joined.
PEI and PEEK have been found to form a
blend, and the adhesion of the parts de-
pend on compenetration by molecular diffu~
sion of the two phases.

The nature of the PEEK-PEI blends has been
investigated by thermal analysis (5). For
blends PEEK-PEI with different PEI content
a single glass transition temperature has
been observed, and its wvalue <can be
satisfactorily evaluated by a theoretical
equation. The effect of the amorphous PEI
on the PEEK crystallinity is of simple di-

lution; the heat of fusion of the blends,
in fact, 1is proportional to the PEEK
content.

The evaluation of crystallinity of PEEK-PEI
blends cooled at different cooling rates
showed a processability window narrower
than the one observed for neat PEEK. 1In
fact amorphization of the blend by quen-
ching is observed for cooling rates (above
100°C/min) lower than the ones needed to
amorphize neat PEEK.

5. EVALUATION OF AMORPHOUS BONDED JOINTS

A program aimed to evaluate mechanical
strength of amorphous joints exposed to
aeronautical fluids has been performed.

The joints have been fabricated by overlap
of two panels obtained laying up 16 plies
of APC-2 with a quasi isotropic configura-
tion; on the surface PEI plies have been
added during consolidation of the composite
panel. The overlap geometry is showed in
fig.2.

Different process parameters have been eva-
luated to found the optimum conditions, both
for panel consolidation and joint bonding.
The evaluated consolidation variables are:
consolidation apparatus (press or auto-
clave), pressure, thermal history (tempera-
ture vs. time), thickness of the additional
PEI layer; the evaluated joining variables
have been: method to give pressure and
temperature (by press or by autoclave),
pressure, thermal history (temperature vs.
time), thickness of PEI insert.

Optimum parameters have been established on
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the basis of shear strength tests, perfor-
med on single lap joint shear specimens

sobtained from the joints showed in fig. 2
and tested per ASTM D1002. This experimen-
tal analysis allowed the detection of the
best processing conditions and indicated
that there is a wide processability window
in'which the shear strength of the joint is
satisfactory.

Several lap joints were then fabricated
with the processing conditions found to be
optimum, From each joint five single lap
shear specimens were obtained and were
exposed to different environments, to
evaluate the effect of aging. At the end
of the exposure period shear strength of
the specimens was tested, and the values
were compared with the strength of the
unexposed specimens.

The exposition conditions were the follo-
wing: ’

30 days in Aviation Fuel Jet A at R.T.

30 days in Skydrol at R.T.

30 days in Methilene Cloride at R.T.

30 days in ambient at R.H. 95%, T=70°C
(tests both at R.T. and 93°C)

30 days in Methil-Ethil-Keton (MEK) at R.T.

The individual and average shear strengths
are reported in table 1, compared with the
strength of specimens tested in "dry" con-
ditions.

The results agree with the available data
on the environmental resistance of PEEK and
PEI. In fact, PEEK demonstrates a very
good strength to all the evaluated aggres-
sive environments, but PEI dissolves com-
pletely in Methilene Chloride and is wea-
kened by skydrol.

As listed before, all the tests have been
performed after one month of exposition;
so, by the service performance point of
view, the sensitivity to methilene cloride,
which is used only for paint stripping,
should be evaluated in less severe condi-
tions. '

Sensitivity to skydrol must be more deeply
evaluated, but also in this case one month
of immersion can be considered a very
severe condition.

The anomaly of the hot wet properties bet-
ter than the room temperature dry ones can
be explained in terms of toughening by
sligth plasticization.

6. CONCLUSIONS

The environmental strength of APC-2 panels
amorphous bonded by PEI has been evaluated.
The behaviour has been found generally
good, except for resistance to methilene-
chloride and skydrol. Some additional in-
vestigations are required on the following
points:

- Effect of short term exposure in solvents
(less than one month of immersion).
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Table 1

Lap Shear Strength of amorphous bonded joints

exposed to different environments

WET @ HOT : o JET ; SKYDROL : MEK :METHILEN :

:CHLORIDE :

24.3 36.1 25.0 9
25.3 38.5 24.8 9
25.9 35.8 24.3 7
26.9 36.1 25.9 8
27.2 33.9 25.8 7
25.9 36.1 25.2 8

6 29.9 (2)
0 31.9 @)
9 0.7 @
5 2.5+ (2
6 31.3 2
5 31.3 (2)

(1) Exposed 30 days 95% R.H., T= 70°C,

(2) Joints dissolved during exposition.

tested at 93°C.
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SUMMARY

NASA Langley and the U.S. Army have jointly sponsored pro-
grams to assess the effects of realistic flight environments and
ground-based exposure on advanced composite materials and
structures. Composite secondary structural components were
initially installed on commercial transport aircraft in 1973,
secondary and primary structural components were installed
on commercial helicopters in 1979; and primary structural
components were installed on commercial aircraft in the mid-
to-late 1980’s. Over 5.3 million total component flight hours
have been accumulated on 350 composite components since
1973. Service performance, maintenance characteristics, and
residual strength of numerous composite components are re-
ported. In addition to data on flight components; 10-year
ground-based exposure test results on material coupons are
reported. Comparisons between flight and ground-based en-
vironmental effects for several composite material systems are
also presented. Test results indicate excellent in-service per-
formance with the composite components during the 15 year
evaluation period. Good correlation between ground-based
material performance and operational structural performance
has been achieved.

INTRODUCTION

The influence of operational and ground-based environments
on the long-term durability of advanced composite materials
and aircraft components fabricated from them is an ongoing
concemn of aircraft manufacturers and airline operators. Some
of the uncertainties include the effects of moisture absorption,
temperature cycling, ultraviolet radiation, lightning strikes,
and long-term sustained stress. As a result of these concerns,
NASA Langley and the U.S. Army initiated flight and ground-
based environmental effects programs to assess the perfor-
mance of composite materials and structures when subjected
to normal operational environments. Secondary and primary
structural composite components have been in service on
transport aircraft and helicopters since the early 1970’s. Ser-
vice performance has been documented and residual strength
tests were performed to assess the effects of flight environ-
ments on structural performance. Since most aircraft spend
a considerable portion of their service life on the ground, a
series of coupon tests were performed to assess the effects
of ground-based environments on several composite material
systems. Residual strength, stiffness, and moisture absorp-
tion as a function of exposure time were determined and the
results are compared with tests on composite structural com-
ponents removed from service. The purpose of this paper is to
summarize the results of 10 years of environmental exposure
of composite materials and to discuss results for 15 years of
flight service of composite components on transport aircraft
and helicopters.

FLIGHT SERVICE EVALUATION OF COMPOSITE
COMPONENTS

In 1973 the NASA Langley Research Center initiated a series
of programs to evaluate the effects of realistic flight envi-
ronments on composite components. The objective was to
establish confidence in the long-term durability of advanced
composites through flight service of numerous composite
components on transport aircraft. Emphasis was on commer-
cial aircraft because of their high utilization rates, exposure to
worldwide environmental conditions, and systematic mainte-
nance. The experimental composite components allowed the
airlines to develop inspection and repair procedures prior to
making production commitments. In 1979 NASA Langley
and the U.S. Army initiated joint programs to evaluate com-
posite components on commercial and military helicopters.
Although helicopters accumulate fewer flight hours than trans-
port aircraft, in many instances the environments and fatigue
loading are more severe for the helicopter components. Pri-
mary emphasis for the helicopter components is to establish
the effects of realistic operating service environments on the
strength of primary and secondary composite components.
These environmental factors can then be applied with more
confidence and less conservatism in the future design of com-
posite components.

Component Description

The transport aircraft that are flying composite components
in the NASA Langley service evaluation program are shown
in figure 1. Eighteen Kevlar-49/epoxy fairings have been in
service on Lockheed L-1011 aircraft since 1973. In 1982,
eight graphite/epoxy ailerons were installed on four L-101!
aircraft for service evaluation. One hundred and eight B737
graphite/epoxy spoilers have been in service on seven dif-
ferent commercial airlines in worldwide service since 1973.
Ten B737 graphite/epoxy horizontal stabilizers have been
installed on five aircraft for commercial service. Fifteen
graphite/fepoxy DC-10 upper aft rudders have been in ser-
vice on twelve commercial airlines and three boron/aluminum
aft pylon skin panels were installed on DC-10 aircraft in
1975. One graphite/epoxy vertical stabilizer was installed
on a DC-10 aircraft in 1987. Ten graphite/fepoxy elevators
have been in service on B727 aircraft since 1980. In ad-
dition to the commercial aircraft components indicated in
figure 1, two boron/epoxy reinforced aluminum center-wing
boxes have been in service on U.S. Air Force C-130 transport
aircraft since 1974. Details of the structural design concept
and manufacturing procedures used for each component can
be found in reference 1. The transport airlines/operators par-
ticipating in the NASA Langley flight service program are
listed in figure 2. The airlines were selected to represent di-
verse climatic conditions and route structures.
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The helicopters that are flying composite components in the
NASA Langley/U.S. Army service evaluation program are
shown in figure 3. Forty shipsets of Kevlar-49/epoxy doors
and fairings and graphite/epoxy vertical fins have been in-
stalled on Bell 206L. commercial helicopters for 10 years of
service evaluation. The helicopters are operating in diverse
environments in Alaska, Canada, U.S. Gulf Coast, Northeast
U.S., and Southwest U.S. Selected components are periodi-
cally removed from service for residual strength testing, De-
tails on the design, fabrication, and test of the Bell 206L
composite components can be found in reference 2.

Ten graphite/epoxy tail rotors and four hybrid Kevlar-49-
graphite/epoxy horizontal stabilizers were removed periodi-
cally from Sikorsky S-76 production helicopters to determine
the effects of realistic operational service environments. Static
and fatigue tests were conducted on the components removed
from service, and the results were compared with baseline
certification test results. Details on the design, fabrication,
and test of the S-76 composite components are reported in
reference 3.

A Kevlar-49/epoxy cargo ramp skin is installed on a U.S.
Marine Corps CH-53D helicopter for service evaluation. De-
tails of the design, fabrication, and installation of the cargo
ramp skin are reported in reference 4. The helicopter air-
lines/operators participating in the NASA Langley/U.S. Army
flight service program are listed in figure 4.

As indicated in figure 5, the NASA Langley flight service
program that was initiated in 1973 included a total of 350
composite components. As of June 1991, 139 components
were still in service; more than 5.3 million component flight
hours had been accumulated, with the high-time aircraft
having more than 58,000 flight hours. Some components were
removed from service for residual-strength testing, and others
were retired due to damage or other service-related problems
that are discussed herein.

MAINTENANCE, REPAIR, AND STRUCTURAL
PERFORMANCE

Transport Components

For the first several years of the flight service evaluation pro-
gram, the composite components were tracked and inspected
by aircraft manufacturer engineering personnel. Later in the
program, maintenance and repair data were obtained from
the airline maintenance personnel. Overall, the composite
components have performed better than conventional metallic
structures because of reduced corrosion and fatigue problems.
However, some operational maintenance concerns surfaced
with the composite components during the 15 year service
evaluation. Some of the concerns were considered to be mi-
nor, whereas some of the components may require design
changes before the aircraft manufacturers are ready to com-
mit to production of composite components. One area that
needs more attention in future designs is improved lightning
protection schemes.

L-1011 Kevlar-49/Epoxy Fairings

The photographs shown in figure 6 indicate various types of
damage incurred by the L-1011 Kevlar-49/epoxy fairings in
service. Minor impact damage from equipment and foreign
objects has been noted on several fairings, primarily the hon-
eycomb sandwich wing-to-body fairings. Surface cracks and
indentations have been repaired with filler epoxy and, in gen-
eral, the cracks have not propagated with continued service.
Paint adherence has been a minor problem, particularly for
parts that have been in contact with hydraulic fluid. Frayed
fastener holes have been noted in several fairings, primar-
ily due to nonoptimum drilling procedures and improper fit.
Elongated holes have been noted, primarily due to improper
fit and nonuniform fastener load distribution. There have been

no moisture intrusion problems with the Kevlar-49/epoxy fair-
ings, and they have performed similar to production fiber-
glass/epoxy fairings. The fairings are still in service, and the
three participating airlines are monitoring their performance
during nommal maintenance inspections. Additional details on
the design, fabrication, and service evaluation of the Kevlar-
49/epoxy fairings are presented in references 5 and 6.

B737 Graphite/Epoxy Spoilers

The B737 spoiler skins were fabricated with three differ-
ent graphite/epoxy systems: T300/5209, T300/2544, and
AS/3501. Aluminum honeycomb substructure and aluminum
fittings were similar to those used in production aluminum
spoilers. During the 15 year service evaluation period, several
types of in-service damage were encountered. Over 75 percent
of the damage incidents were related to design details. The
most prevalent damage was caused by actuator rod interfer-
ence with the graphite/epoxy skin. This problem was resolved
by redesigning the actuator rod ends. The second most fre-
quent damage was caused by moisture intrusion and corrosion
at the splice between the center hinge fitting and spar. This
damage could be prevented by redesigning the splice to pre-
vent disbonds between the skin and spar cap. Miscellaneous
cuts and dents related to airline usage were also encountered.
Damage due to hailstone, bird strike, and ground handling
equipment was noted on several spoilers. Minor repairs were
performed by the airlines after proper instruction by Boeing
repair personnel. Because of the expense involved, spoilers
with major damage were removed from service.

A typical corrosion damage scenario for a splice between the
center hinge fitting and spar is shown in figure 7. The corro-
sion damage can be characterized by three phases of develop-
ment. Phase 1 involves corrosion initiation at an aluminum
fitting or at the aluminum spar splice. The corrosion initiates
due to moisture intrusion through cracked paint and sealant
material. If the corrosion products are not removed and new
sealant applied, the damage progresses to phase 2 where mois-
ture penetrates under the graphite/epoxy skin along the alu-
minum C-channel front spar. Normal service loads combined
with moisture contribute to crack growth and subsequent cor-
rosion. If the phase 2 corrosion is not repaired, the damage
progresses to phase 3 where extensive skin-to-spar separa-
tion takes place. Phase 3 corrosion can result in significant
strength and stiffness loss. It takes about 2 years for the corro-
sion to progress from phase 1 to phase 3. Design changes and
improved sealing methods could prevent corrosion damage in
composite-metal interfaces.

Residual strength tests were conducted on 37 graphite/
epoxy spoilers to establish the effects of service environments.
The spoilers were tested with compression load pads on the
upper surface to simulate airloads. Trailing edge tip deflection
was measured as a function of applied load for each spoiler
tested. The test results are compared with the strength of 16
new spoilers in figure 8. The strength for each spoiler through
6 years of service generally falls within the strength scatter
band for the baseline spoilers. However, spoilers with signif-
icant corrosion damage which were tested after 7 and 8 years
of service, respectively, indicated a 35 percent strength re-
duction. An additional T300/2544 spoiler with no corrosion
damage was tested after 7-1/2 years of service, which veri-
fied that the 7 year strength reduction was related to corrosion
damage. Three spoilers tested after 9 years of service with
little or no corrosion damage exhibited strengths equal to the
strength of the baseline spoilers. An AS/3501 spoiler with
10 years of service and known corrosion damage failed at
78 percent of the average strength of the baseline spoilers.
Two other spoilers with 10 years of service with no corro-
sion damage failed within the baseline strength scatter band.
Spoilers tested after 12 years of service failed at or above
the average strength of the baseline spoilers. One spoiler that
had known corrosion damage after 15 years of service failed
at about 75 percent of the strength of baseline spoilers.



Load-deflection response of spoilers with 10 years and
15 years of service time are compared with the response
of baseline spoilers in figure 9. The 10 year spoiler with
known corrosion damage failed at about 78 percent of the
baseline strength. However, the 15 year spoiler with almost
38,000 flight hours failed at about 8 percent above the base-
line strength. Additional details of service experience with
the spoilers can be found in reference 7.

DC-10 Boron/Aluminum Aft Pylon Skins

One .of the three boron/aluminum skin panels on the DC-10
aircraft was removed from service after 7 years because
of corrosion damage. The photograph shown in figure 10
indicates that the outer layer of boron filaments on the inside
of the panel was almost completely exposed. The panel
contained a light residue of ester oil similar to engine oil;
however the specific corrodent was not identified. A second
panel also had some corrosion damage and a small crack, but
the panel is still in service and is being monitored closely
to check for crack growth and further corrosion damage.
The crack in the panel was probably caused by exterior
mechanical damage during removal and reinstallation of the
panel during inspection. It has been concluded that the method
of corrosion protection used was inadequate. In general, the
boron/aluminum panels have not performed as well as similar
production titanium panels. Additional details on the DC-10
boron/aluminum skin panels are presented in reference 8.

DC-10 Graphite/Epoxy Rudders

There have been several incidents which required rudder
repairs. The damage sustained by the rudders included
minor disbonds, rib damage due to ground handling, and skin
damage due to lightning strike. Figure 11 shows minor in-
service lightning strike damage to the trailing edge of a rudder
and rib damage that occurred while a rudder was off the
aircraft for other maintenance. The lightning strike damage
was limited to the outer four layers of graphite/epoxy and a
room temperature repair was performed in accordance with
procedures established at the time the rudders were certified
by the FAA. The rib damage was more extensive and a portion
of a rib was removed and rebuilt. A detailed discussion of
the repair procedure is given in reference 9.

More extensive lightning damage was sustained on another
graphite/epoxy rudder as shown in figure 12. Upon inspection
of the rudder, it was discovered that the lightning protection
strap was inadvertently left off after the previous maintenance
check. The skin in the damaged area is eight plies thick
over an 8-ply spar cap. Fiber damage and resin vaporization
extended through the skin forward of the spar, and the skin
and spar cap aft of the rear spar were completely destroyed.
Details of the repair procedures are given in reference 10.

A graphite/epoxy rudder was removed from service for resid-
ual strength testing after 5.7 years and 22,265 flight hours
on Air New Zealand. The load-deflection response shown in
figure 13 indicates that the 5.7-year rudder had an initial stiff-
ness higher than the baseline rudder, but the overall response
is similar for the two rudders. The baseline and the 5.7-year
tests were stopped at approximately 400 percent limit load be-
cause of an instability of the loading apparatus. Although the
rudders are designed by stiffness considerations and only one
residual strength test has been conducted, the overall response
of the rudder indicates that no degradation has occurred as a
result of over 22,000 flight hours.

B727 Graphite/Epoxy Elevators

Since initiation of flight service of 10 elevators in 1980, there
have been four B727 graphite/epoxy elevators damaged by
minor lightning strikes and two elevators damaged during
ground handling. Damage from lightning strikes ranged in
severity from scorched paint to skin delamination. Figure 14
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shows typical lightning damage to the trailing edge of an
elevator and trailing edge fracture of another elevator caused
by impact from a deicing apparatus. The most severe damage
to an elevator occurred when the static discharge probe of
one B727 penetrated the elevator of another B727 during
ground handling. Skin panels were punctured, four holes in
the lower surface and one hole in the upper surface, and the
lower horizontal flange at the front spar was cut inboard of
the outboard hinge. All the elevator repairs were performed
by airline maintenance personnel.

The lightning damage was repaired with epoxy filler and
milled glass fibers. The skin punctures were repaired with
T300/5208 prepreg fabric and Nomex honeycomb core plugs.
The front spar was repaired with a machined titanium doubler,
which was mechanically fastened to the lower skin flange of
the spar chord. The repaired graphite/epoxy elevators are in
storage and can be reinstalled for continued service. Details
of the design and fabrication of the graphite/epoxy elevators
are given in reference 11.

L-1011 GraphitelEpoxy Ailerons

During the 9 year service evaluation period there have been
no damage incidents or major maintenance actions required.
Minor paint touch-up has been performed periodically and
loose fibers around one fastener hole on the Lockheed com-
pany aircraft were rebonded with epoxy. Details of the flight
service evaluation program are reported in reference 12.

B737 GraphitelEpoxy Horizontal Stabilizers

There have been three reported damage incidents on the B737
horizontal stabilizers. De-icer impact damage was induced
on the upper surface panel of both stabilizers on one aircraft.
These impacts were minor and damage was limited to the
skin, not affecting the stiffener elements. The third stabilizer
was damaged when a broken fan blade penetrated the lower
surface of the stabilizer. The penetration missed the stiffener
elements and damage was limited to a small area of the skin
panel. All three of the stabilizers were repaired on the aircraft
using wet lay-up cure techniques per specifications developed
by Boeing. Figure 15 shows details of the in-service repair
process.

One of the B737 aircraft with composite stabilizers crashed
in Alaska in June 1990. The graphite/epoxy stabilizers were
returned to Boeing for inspection, teardown, and testing. Fig-
ure 16 shows a photograph of one of the stabilizers. No
“non-crash” induced delaminations were found and there was
no corrosion of metal-composite interfaces. These results in-
dicate the effectiveness of the fiberglass isolation system that
was used to prevent galvanic corrosion between graphite and
metal parts. Boeing plans to conduct residual strength tests
on material coupons machined from skin panels and com-
pare results with baseline tests. Details on the development
of the graphite/epoxy horizontal stabilizers are reported in
reference 13.

DC-10 Graphite/Epoxy Vertical Stabilizer

One graphite/fepoxy vertical stabilizer has been in service
on a DC-10 aircraft since January 1987. Three inspections
have been performed by Douglas engineering personnel and
no defects have been found. The graphite/epoxy Nomex
honeycomb skin panels have been x-rayed and no moisture
has been found in the core. Ultrasonic inspections of solid
laminates have been conducted annually and no disbonds or
other defects have been indicated.

C-130 Boron/Epoxy Reinforced Wing Box

Two boron/epoxy reinforced wing boxes have been in service
on U.S. Air Force C-130 aircraft since 1974. The wing boxes
have been inspected regularly by U.S. Air Force personnel
and no damage or defects have been found. These wing boxes
provide significant improvement in fatigue life compared to
conventional aluminum boxes.
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Helicopter Components

The helicopter components involved in the NASA/U.S.
Army flight service evaluation program have been installed
on Sikorsky S-76 and Bell 206L commercial helicopters.
The S-76 graphite/epoxy tail rotor spars and the hybrid
graphite-Kevlar/epoxy horizontal stabilizers are production
parts. These parts are subjected to normal maintenance in-
spection for damage every 100 flight hours and an inspec-
tion for structural damage annually or after 1000 flight hours.
The Bell 206L Kevlar/epoxy fairings and doors and the
graphite/epoxy vertical fins are inspected annually or after
1200 hours of service for evidence of damage, repair, exces-
sive wear, or weathering. Except for Kevlar/epoxy baggage
doors on the 206L, the composite components have demon-
strated good service performance. Because of poor bonding
between facesheets and honeycomb core, the 206L baggage
doors were removed from the service evaluation program.

Sikorsky S-76 Composite Components

Four horizontal stabilizers and 11 tail rotor spars have been
removed from aircraft and tested over a 9 year evaluation
period. The components were inspected prior to residual
strength testing and no significant service-induced defects
or damage were found. Figure 17 shows predicted and
measured moisture absorption data and strength retention of
AS1/6350 tail rotor spars. All the spars were removed from
helicopters operating in the Louisiana Gulf Coast region.
Weather data from Lake Charles, LA were used in predicting
the moisture absorption profile. Measured moisture absorption
values shown in figure 17 are below the prediction by 0.05 to
0.15 percent for service times up to 40 months and are
above the predicted values by 0.1 to 0.30 percent for service
times beyond 70 months. During the development of design
allowables and FAA certification testing, Sikorsky conducted
accelerated conditioning at 87 percent relative humidity and
88°C on material coupons. The predicted moisture saturation
level for AS1/6350 graphite/fepoxy was 1.1 percent. After
9 years of service, the moisture level in the AS1/6350 tail
rotor spars was slightly below 1.0 percent. Cyclic shear stress
as a function of cycles to failure for the flight service tail
rotor spars is shown in figure 17, along with data for baseline
dry spars tested at room temperature for FAA certification.
The shape of the curves was based on interlaminar shear
fatigue tests. The results in figure 17 indicate a 95 percent
strength retention for the service exposed spars compared to
the baseline strength data used for certification.

Structural response of the S-76 composite horizontal stabiliz-
ers is shown in figure 18. Proof load deflection data for the
four stabilizers returned from service indicate deflections be-
low the maximum allowable deflection of 0.41 cm, indicating
no significant stiffness loss. The maximum moisture content
for the stabilizers, 0.49 percent, occurred after 91 months of
service and 5846 flight hours. Full moisture saturation has
not yet been reached. Vibratory roll moment as a function of
cycles to failure is plotted in figure 18. The three stabilizers
with 56, 66, and 91 months of service were fatigue tested at
applied loads exceeding loads used for FAA certification. The
average vibratory roll moment at failure for the service ex-
posed stabilizers was approximately 2 percent higher than the
corresponding roll moment for the baseline stabilizers used
for certification. The shape of the curves was established by
evaluating graphite/epoxy and Kevlar/epoxy coupons in the
laboratory. The same shape was assumed to apply to full
scale components. Additional details on the S-76 flight ser-
vice program can be found in reference 14.

Bell 206L Composite Components

A total of 78 composite components have been removed from
service for structural testing. The exposure times range from
12 to 84 months and flight times range from 386 to 6750
hours. Moisture absorption and strength retention data for

T300/E-788 vertical fins are shown in figure 19. The mois-
ture content was determined by drying plugs removed from
the fins. The plugs included painted graphite/epoxy skins, ad-
hesive, and honeycomb core material. The average moisture
content measured for the fins is approximatley 1.1 percent by
weight. The fins operating in the humid Gulf of Mexico had
moisture contents slightly higher than those for fins operating
in other exposure locations. The residual strengths for 15 fins
removed from service exceeded the design ultimate strength
requirement. Failure loads for 12 of the fins fall within the
baseline scatter band for five fins selected at random. One
of the fins operating in the northeast USA and Canada was
struck by lightning. This fin was damaged at the top but no
apparent damage was inflicted on the structural box. This
damaged fin failed below the baseline scatter band, but well
above the design ultimate requirement.

Moisture absorption and strength retention data for Kevlar-
49/F-185 litter doors are shown in figure 20. Average moisture
content for the litter doors is approximately 2.0 percent. This
high moisture content was expected since laboratory tests
and other outdoor exposure tests indicated that Kevlar/epoxy
composites absorb about twice the moisture of graphite/epoxy
composites. There is considerable scatter in the strength data
for the 15 litter doors that were removed from service and
tested. All the litter doors exceeded the design ultimate
strength requirement. Seven litter doors failed above the
baseline scatter band and five litter doors failed below the
baseline scatter band. The large scatter is expected since some
of the failures were a result of metal hinge failures and latch
pins slipping from the test fixture.

Since the baggage doors had manufacturing defects and were
removed from service, test results are not discussed herein.
The forward fairings were designed by stiffness requirements
and are considered to be secondary load-carrying components.
All the fairings failed at loads at least a factor of nine above
the design ultimate strength requirement. Additional details
on the Bell 206L flight service evaluation program can be
found in reference 15.

CH-53D Kevlar/Epoxy Cargo Ramp Skin

A Kevlar/epoxy composite skin was installed on the aft end
of a CH-53D Cargo ramp for U.S. Marine Corps service
evaluation in 1981. The panel has been inspected annually
since installation and no damage or service related problems
have been reported by the U.S. Marine Corps.

FLIGHT AND GROUND-BASED ENVIRONMENTAL
EXPOSURE EFFECTS ON COMPOSITE COUPONS

In conjunction with the flight service evaluation program,
NASA Langley and the U.S. Army initiated four flight and
ground-based environmental exposure programs. The objec-
tives of these programs were to supplement component data
with less expensive coupon data, correlate ground exposure
data with flight exposure data, and to assess the requirement
for future flight service programs. The four programs are
outlined in Figure 21. The first program, 10 year world-
wide ground exposure, was structured to supplement flight
data obtained through service evaluation of B737 spoilers,
DC-10 rudders and L-1011 fairings. Since the largest num-
ber of components were installed on B737 aircraft, ground-
based exposure locations were selected where B-737 aircraft
with graphite/epoxy spoilers would be operating. The follow-
ing exposure locations were selected: Hampton, VA; San
Diego, CA; Honolulu, HI; Frankfurt, FR.G.; Wellington,
New Zealand; and Sao Paulo, Brazil. The materials selected
for exposure were the B737 spoiler materials: T300/5209,
T300/2544, AS/3501; the DC-10 rudder material: T300/5208;
and the L-1011 fairing materials: Kevlar-49/F155 and Kevlar-
49/F161. Compression and short beam shear test coupons
were selected to represent matrix dominant failure modes;
whereas flexure coupons were selected to represent a fiber
dominant failure mode.



The second program, 10 year ground and flight exposure, was
structured to compare ground and flight exposure data, com-
pare the effects of solar versus nonsolar (partially shielded) ex-
posure, compare the effects of aircraft interior and exterior ex-
posure, and to assess the effects of long-term sustained stress.
The exposure sites chosen were: Edwards AFB, CA; Dallas,
TX; Honolulu, HI; and Wellington, New Zealand. These sites
offered diverse climates with significant variations in tempera-
ture and humidity conditions. In addition to ground exposure,
composite coupons were installed on top and bottom surfaces
of B737 flap-track fairing tail cones and in the nonpressur-
ized interior of the aircraft behind the aft pressure bulkhead.
The objectives of these exposure locations were to compare
the effects of direct solar and nonsolar exposure and to com-
pare the effects of interior and exterior aircraft exposure. One
additional material, T300/934, and an additional matrix dom-
inate test: (+45/—45)y, tension coupon were added to the list
of materials and test coupons discussed previously.

The third program, 10 year Bell 206L ground exposure, was
structured to support the Bell 206L helicopter flight service
program. The composite materials used to fabricate the
flight service components were used in the ground exposure
program and are listed in figure 21. The ground exposure
coupons were installed on racks in Hampton, VA; Cameron,
LA; on a U.S. Gulf oil platform; Toronto, Canada; and
Fort Greely, AK. The test coupons were configured for
compression, short beam shear, and tension testing.

The fourth program, 9 year Sikorsky S-76 ground exposure,
was structured to compare ground and flight data for two com-
posite materials that were in production on S-76 commercial
helicopters. The exposure locations selected were Stratford,
CT and West Palm Beach, FL. The two exposure materi-
als discussed previously for the flight components included
AS1/6350 and Kevlar/5143. Compression, short beam shear,
flexure, and tension coupons were exposed for moisture ab-
sorption determination and residual strength.

Geographic location of all the ground-based exposure racks
is shown in figure 22. Coupons were removed from exposure
racks at specified intervals ranging from 1-10 years of expo-
sure. Selected coupons were dried and weighed to determine
moisture content and the remainder of the coupons were sub-
jected to residual strength testing. Most coupons were tested
at room temperature, however some tests were conducted at
82°C.

10 Year Worldwide Ground Exposure

Triplicate unpainted coupons were mounted in exposure racks
and placed on rooftops to receive maximum exposure to
the environment. The average residual properties (moisture
content, strength, and modulus of elasticity) were compared
to average baseline properties. Test coupons were removed
from the racks for evaluation after 1, 3, 5, 7, and 10 years
of exposure. The objectives of the test in this exposure
program were to establish the effects of various realtime
outdoor environments on the moisture absorption and strength
of composite materials and to compare the results with results
obtained from flight service components.

The amount of moisture that composite materials absorb is
a function of matrix and fiber type, temperature, relative hu-
midity, and exposure conditions. Average moisture absorp-
tion (as a fraction of composite coupon weight) is plotted
as a function of exposure time in figure 23 for the fol-
lowing exposure locations: Hampton, VA; San Diego, CA;
Honolulu, HI; Frankfurt, F.R.G.; Wellington, New Zealand,
and Sdo Paulo, Brazil. The T300/5208 and T300/5209
graphite epoxy materials absorbed the least amount of mois-
ture after the 10 year exposure period, about 0.7 percent. The
AS/3501 graphite/epoxy absorbed slightly over 1.0 percent
moisture during the 10 year exposure period. The T300/2544
graphite/epoxy suffered significant surface degradation due to
ultraviolet radiation and absorbed about 2.0 percent moisture
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during the 10 years of exposure. The two Kevlar-49/epoxy
materials absorbed approximately 2.5 percent moisture during
the 10 year exposure period. These results are expected since
the Kevlar fibers also absorb moisture. The Brazil and New
Zealand exposures resulted in the highest moisture absorption
for all the materials. These results are expected since the av-
erage annual humidity in S3o Paulo, Brazil and Wellington,
New Zealand is about 75 to 80 percent. Specific moisture
data for each exposure site can be found in reference 1.

Moisture absorption for material coupons is compared with
moisture absorption data for plugs removed from B737
graphite/epoxy spoilers in figure 24. The coupon data are
for three unpainted graphite/epoxy materials exposed at San
Diego, CA and S@o Paulo, Brazil for 10 years. The spoiler
data are for painted honeycomb sandwich plugs removed from
spoilers that had flown for 10 years on Frontier and VASP air-
lines. The results indicate that the unpainted ground exposed
coupons absorbed significantly more moisture than the painted
flight spoilers. Although the spoilers spend a significant por-
tion of time on the ground, it is expected that the flight profile
would tend to dry out the outer surface of the material.

The average room temperature residual strengths (flexure,
short beam shear, and compression) of six composite ma-
terials for 10 years of outdoor exposure at the six expo-
sure sites discussed previously are plotted in figure 25. The
graphite/epoxy coupons were fabricated with 0-degree tape
and the Kevlar/epoxy coupons were fabricated with (0/90)
fabric. Three-point flexure tests were conducted to assess
the effects of outdoor environments on surface fiber strength.
The coupons were tested with the exposed surface in com-
pression; in general, however, failure occurred in tension at
mid-span of the coupons. After 10 years of exposure, the
Kevlar-49/F155 material indicated the largest flexural strength
loss, about 20 percent. The T300/2544 material, which had
significant surface degradation in the resin, failed at about
13 percent below the average baseline strength. The matrix
dominant compression coupons indicated a similar strength
loss, 15 to 20 percent, during the 10 year exposure.

The maximum strength loss for the matrix dominant short
beam shear coupons was about 23 percent. Strengths of the
Kevlar-49/F155 and T300/2544 materials were consistently
below the baseline scatter band between 3 and 10 years of
exposure. The two Kevlar/epoxy materials also indicated a
loss in modulus ranging from 20 to 28 percent during the
10 year exposure. These results, along with detailed data
plots for each exposure site, are reported in reference 1.

Ten year compression strength data for material coupons are
compared with B737 graphite/epoxy spoiler strength data in
figure 26. The strength data are for coupons and spoilers with
the same exposure conditions that were discussed for the
moisture comparison of figure 24. Except for one spoiler
with known corrosion damage, the spoilers exhibited residual
strengths that were slightly higher than the coupon residual
strengths. As discussed previously, the spoiler corrosion
damage is a design related problem and could be prevented
through design changes. These results indicate excellent
strength correlation between ground exposed coupons and
flight exposed spoilers.

10 Year Ground and Flight Exposure

Coupon exposure locations for the flight portion of this pro-
gram are shown in figure 27. Short beam shear, flexure, and
tension coupons were mounted on the upper (solar) and lower
{(nonsolar) surface of B737 flap-track fairing tailcones to rep-
resent exterior aircraft exposure. Short beam shear, flexure,
compression, stressed tension, and unstressed tension coupons
were mounted inside the unpressurized tailcone area of the air-
craft. The sustained stress tension coupons were stressed at
20 percent of baseline failure loads with the aid of a calibrated
torqued bolt/Bellville spring washer load system. The ground
exposure coupons are shown in figure 28. One side of the
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exposure rack has coupons mounted for direct solar radiation
and one side is shielded to prevent direct solar radiation. A
phenolic honeycomb core was mounted above the coupons to
prevent direct ultraviolet radiation impingement, however, the
core allowed adequate air circulation and allowed precipita-
tion to drain down the individual cells and onto the coupons.

The effect of ground exposure on compression strength of
T300/5208, T300/5209, and T300/934 graphite/epoxy materi-
als is shown in figure 29. The results are for coupons exposed
on the shielded nonsolar side of the exposure rack at Dallas,
TX. Tests were conducted at room temperature and at 82°C.
However results are shown for the room temperature tests only
since extensive grip failures were evident at 82°C. Results in-
dicate that most coupons failed at or above the baseline fail-
ure strengths. The maximum compression strength loss was
about 15 percent for the T300/934 material after 10 years of
exposure.

The effects of flight and ground exposure on short beam
shear strength of three graphite/epoxy materials is shown
in figure 30. The results are for coupons exposed on the
upper (solar) surface of B737 flap-track fairing tailcones on
Aloha Airlines and for solar exposed material coupons at
Honolulu, HI. The coupons were tested at 82°C and are
compared to baseline coupons that were also tested at 82°C.
An unexplained trend is evident; a significant strength loss
after 2 to 3 years of exposure with an increase in strength
thereafter. A maximum short beam shear strength loss of
40 percent was evident for the T300/5209 material after
2 years of exposure on Aloha Airlines. However, after
10 years of exposure, strength losses of only 13 to 25 percent
occurred. The T300/934 material cures at 177°C, compared
to 121°C for the T300/5209 material, however the T300/934
material performed only slightly better in the 82°C test. The
coupons exposed at Honolulu, HI performed the same or
slightly better than the coupons exposed on the Aloha Airlines
aircraft. The results of these tests indicate that the less
expensive ground-based tests could be used to assess material
performance for future evaluations.

A comparison between interior and exterior aircraft exposure
effects on flexure strength of three graphite/epoxy materials
is shown in figure 31. The results are for coupons exposed
on the upper (solar) surface and lower (nonsolar) surface
of B737 flap-track fairing tailcones and in the interior of
Southwest Airlines aircraft. The coupons were tested at
82°C and compared to baseline coupons tested at 82°C. A
maximum strength reduction of 20 percent occurred for the
T300/5209 material exposed on the upper surface of the flap-
track fairing tail cone. Considering test data scatter, there is
no discernible difference between the effects of solar exterior,
nonsolar exterior or aircraft interior exposure.

The effects of sustained stress on tensile strength of three
graphite/epoxy materials exposed outdoors at the NASA Dry-
den Research Center in Edwards Air Force Base, CA, are
shown in figure 32. The unstressed coupons are compared
with coupons that were continuously stressed at 20 percent of
the baseline failure stress. The tensile coupons were tested
at 82°C. The test results indicate no discernible difference be-
tween the stressed and unstressed coupon data. Small varia-
tions above and below baseline values are indicated during the
10 year evaluation period. Additional details on the ground
and flight exposure program are reported in reference 16.

10 Year Bell 206L Ground Exposure

Moisture absorption data for three Kevlar/epoxy fabrics and
one graphite/epoxy tape material are shown in figure 33. The
painted T300/E-788 graphite/epoxy material absorbed about
0.7 percent moisture, whereas the painted Kevlar/epoxy ma-
terials absorbed about 2.5 percent moisture, as expected. The
average residual strengths for four Bell 206L. composite ma-
terials after outdoor exposure at five exposure sites discussed
previously are shown in figure 34. In the summer of 1985

the exposure racks located at Cameron, LA and on the off-
shore oil platform were destroyed by hurricanes. Therefore,
the data for 5, 7, and 10 years of exposure are from racks
located in Hampton, VA, Toronto, Canada, and Fort Greely,
AK. Six replicates for each exposure site were tested for each
exposure period. The residual compression strength varies be-
tween 88 and 101 percent of the baseline strength. The short
beam shear strength varies between 89 and 104 percent of the
baseline strength. The Kevlar-49/LRF-277 material exhibited
the largest compression and shear strength reductions and the
T300/E-788 exhibited no strength reduction. The residual ten-
sion strengths for all four materials were within the baseline
scatter band for all exposure periods up to 10 years.

Figure 35 compares strength retention and moisture absorption
data for T300/E-788 composite coupons with corresponding
data from Bell 206L vertical fins after 5 years of flight service.
The vertical fins absorbed about 1.1 percent moisture, whereas
the 5 year ground exposed coupons absorbed about 0.7 percent
moisture. The fin moisture content includes moisture absorbed
by paint, sealer, primer, graphite/epoxy skins, and honeycomb
core. Strength retention for compression coupons and vertical
fins was near 100 percent. These results indicate that ground-
based coupon strength data are representative of strength
retention results expected from iflight service components.
Additional details on the test program and test results are
reported in reference 15.

Nine Year Sikorsky S-76 Ground Exposure

As discussed previously, Sikorsky conducted accelerated lab-
oratory conditioning tests to develop environmental factors
that account for anticipated strength reduction as a function
of absorbed moisture. These tests were conducted at 87 per-
cent relative humidity and 88°C. To establish a correlation
between realtime outdoor exposure and accelerated labora-
tory exposure, composite panels were exposed for 9 years in
outdoor racks located at Stratford, CT and West Palm Beach,
FL. Results for 6-ply AS1/6350 short beam shear and flexure
coupons machined from the panels are shown in figure 36.
Residual strength is plotted as a function of absorbed mois-
ture and the results indicate that the matrix dependent short
beam shear strength is affected more than the fiber dependent
flexure strength. The accelerated laboratory conditioning tests
indicated moisture saturation for the 6-ply laminates at about
1.1 percent. The panels exposed at Stratford, CT absorbed
a maximum of 1.13 percent moisture, however, the panels
exposed at West Palm Beach, FL. absorbed a maximum of
1.40 percent moisture. The results are inconsistent in that the
5 year panels absorbed the most moisture, whereas the 9 year
panels absorbed the least amount of moisture. These results
are probably affected by local weather conditions at the time
of panel removal.

Strength retention trends parallel the accelerated laboratory
test data. The residual flexure strengths for exposed lam-
inates exceed 95 percent of the baseline room temperature
dry strength and also meet or exceed the strength of the ac-
celerated conditioned specimens. Residual short beam shear
strengths for exposed laminates vary between 70 and 90 per-
cent of the baseline strength and are within 1 percent of the
strength of the accelerated conditioned specimens. Additional
details of the ground exposure test program can be found in
reference 14.

CONCLUDING REMARKS

The influence of ground-based and aircraft operational en-
vironments on the long-term durability of several advanced
composite materials and structural components has been stud-
ied. Results of 10 years of outdoor exposure indicate that
Kevlar/epoxy material systems were more affected by the var-
ious environments than were graphite/epoxy material systems.
Residual strength tests were conducted to establish the effects
of various environments on composite materials. Differences



in the effects of solar versus nonsolar exposure, aircraft inte-
rior exposure versus aircraft exterior exposure, and sustained
stress versus unstressed exposure were not discemible. Some
of the differences that might be expected were masked by data
scatter.

Numerous aircraft and helicopter composite components have
been in service for more than 15 years and excellent op-
erational performance has been achieved. Normal mainte-
nance and in-service related damage such as ground handling
damage, foreign object damage, and lightning strikes have
occurred. Design related corrosion damage was experienced
on aluminum fittings and splices on some graphite/epoxy rein-
forced spoilers. Excellent service and residual strengths have
been achieved with composite horizontal and vertical stabiliz-
ers and tail rotor spars during 9 years of helicopter service.

Good performance correlations between ground exposed ma-
terial coupons and flight service components indicate that
ground-based exposure data should be sufficient to predict
long-term behavior of composite aircraft structures. It is im-
portant to note that at the coupon level, nothing was learned
from exposing materials on the aircraft that could not be
learned from ground-based exposure. A significant cost sav-
ing during aircraft design development would be a major
benefit.

Lessons leamned in the NASA Langley/U.S. Army program
indicate that additional research is needed to select better
material test methods that result in less data scatter. The
environmental exposure programs described in this report
would have benefited if more baseline and post exposure
replicates had been planned. Future exposure programs should
consider exposing larger panels that are more representative of
aircraft structure. The logistics of tracking materials would be
lessened and more flexibility in selecting test coupons would
be available.

The results of this program indicate that composite materials
can be applied to the next generation of aircraft with a high
degree of confidence. With proper design on the part of
the aircraft manufacturer, the airlines and operators of future
aircraft should expect reduced corrosion and fatigue concemns
compared to conventional metallic structures.

REFERENCES

1. Dexter, H. B., “Long-Term Environmental Effects and
Flight Service Evaluation of Composite Materials,” NASA
T™M 89067, January 1987.

2. Zinberg, H., “Flight Service Evaluation of Composite
Components on the Bell Model 206L: Design, Fabrica-
tion, and Testing,” NASA CR 166002, November 1982.

3. Rich, M. J. and Lowry, D. W., “Flight Service Evalua-
tion of Composite Helicopter Components—First Annual
Report,” NASA CR 165952, June 1982.

10.

11.

12.

13.

14,

15.

16.

23-7

. Lowry, D. W. and Rich, M. J., “Design, Fabrication,

Installation, and Flight Service Evaluation of a Composite
Cargo Ramp Skin on a Model CH-53 Helicopter,” NASA
CR 172126, April 1983.

. Wooley, J. H., Paschal, D. R., and Crilly, E. R., “Flight

Service Evaluation of PRD-49/Epoxy Composite Panels
in Wide-Bodied Commercial Transport Aircraft.” NASA
CR 112250, March 1973.

. Stone, R. H., “Flight Service Evaluation of Kevlar-

49/Epoxy Composite Panels in Wide Bodied Commer-
cial Transport Aircraft—Tenth and Final Annual Flight
Service Report,” NASA CR 172344, June 1984.

. Coggeshall, R. L., “Boeing/NASA Composite Compo-

nents Flight Service Evaluation,” NASA CR 181898,
November 1989.

. Fox, B. R., “Flight-Service Evaluation of an Advanced

Metal Matrix Aircraft Structural Component—Flight Ser-
vice Final Report,” MDC Report J3827, August 1985.

. Lehman, G. M., “Flight-Service Program for Advanced

Composite Rudders on Transport Aircraft-Sixth Annual
Summary Report.” MDC Report J6574, August 1982.

Fox, B. R., “Flight-Service Program for Advanced Com-
posite Rudders on Transport Aircraft—Ninth Annual
Summary Report.” MDC Report J-3871, September
1985S.

Chovil, D. V. et al., “Advanced Composite Elevator for
Boeing 727 Aircraft—Volume 2 Final Report.” NASA
CR 15958, November 1980.

Stone, R. H., “Flight Service Evaluation of Advanced
Composite Ailerons on the L-1011 Transport Aircraft—
Fifth Annual Flight Service Report.” NASA CR 17832,
June 1987.

McCarty, J. E. and Wilson, D. R., “Advanced Composite
Stabilizer for Boeing 737 Aircraft,” in “Sixth Conference
on Fibrous Composites in Structural Design,” AMMRC
MS 83-2, November 1983.

Mardoian, G. H. and Ezzo, M. B., “Flight Service Evalu-
ation of Composite Helicopter Components,” NASA CR
182063, November 1990.

Baker, D. J., “Evaluation of Composite Components on
the Bell 206L and Sikorsky S-76 Helicopters,” NASA
TM 4195, August 1990.

Hoffman, D. J. and Bielawski, W. J., “Environmental
Exposure Effects on Composite Materials for Commercial
Aircraft,” NASA CR 187478, April 1991.



L-1011

DC-10 rudder, att pylon ar e stab

Figure 1. Flight service composite components on trans-

port aircraft.

L-1011 K/E Fairings

« Eastern
« Air Canada
TWA

C-130 B/E Reinforced Wing Boxes
+ U.S. Air Force
DC-10 B/Al Aft Pylon Skins

= United
DC-10 G/E Rudders

THIS DOCUMENT PROVIDED BY THE ABBOTT

TECHNICAL LIBRARY

ABBOTTAEROSPACE.COM

B-727 elevator

B-727 G/E Elevators
= United
B-737 G/E Spoilers

= Air New Zealand +« VASP
« Lufthansa - PSA
« Piedmont + Aloha
- Frontier

L-1011 G/E Ailerons

- Delta
« TWA

- Korean « Air Siam B-737 G/E Horizontal Stabilizer
« Swiss Air » Continental — e

+ Federal Express -+ Trans-International - Delta

+ Mozambique « Finn Air » Mark Air

« Western + Air New Zealand

= Lan Chile + Trans-America DC-10 G/E Veritical Stabilizer

= Finn Air
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Figure 4. Airlines and operators participating in compos-
ites flight service program for helicopters.
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206L Fairing, doors, and |
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Grand total 350 (139) | I 5477650
{ ) Still in serviee June 1991
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Figure 6. Typical in-service conditions of L-1011 Kevlar/

epoxy fairings.
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Figure 7. Corrosion of B737 graphite/epoxy spoilers.

Figure 10. Corrosion damage to DC-10 boron/aluminum aft
pylon skin panel.
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Figure 8. Residual strength of B737 graphite/epoxy

spoilers.
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Figure 9. Load-deflection response of AS/3501 graphite/
epoxy spoilers for B737 aircraft.

Figure 12. Lightning strike damage to DC-10 graphite/epoxy
rudder trailing edge.
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Figure 13. Load-deflection response of T300/5208 graphite/
epoxy rudders for DC-10 aircraft.
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Figure 14. B727 graphite/epoxy elevator damage.
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Figure 15. In-service repair of B737 graphite/epoxy hori-
zontal stabilizer.
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Figure 18. Structural response of Sikorsky S-76 composite
horizontal stabilizers
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Figure 19. Moisture absorption and strength retention of
T300/E-788 Bell 206L vertical fins.
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Figure 20. Moisture absorption and strength retention of
Kevlar-49/F-185 Bell 206L litter doors.
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Figure 21. Environmental exposure of composite coupons.
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Figure 22. Geographic location of ground-based exposure
racks.
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Figure 23. Moisture absorption of unpainted composite ma-
terials after worldwide outdoor exposure.
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Figure 24. Moisture absorption comparison of graphite/epoxy
materials after 10 years of ground and flight ex-
posure.
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Figure 25. Residual strength of unpainted composite mate-
rials after worldwide outdoor exposure.

Figure 28. Boeing outdoor environmental exposure rack.
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Figure 29. Effect of ground-based exposure on compression
Figure 26, Strength comparison of graphite/epoxy materials strength of painted graphite/epoxy materials.
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Figure 30. Effect of flight and ground-based exposure on
short beam shear strength of painted graphite/epoxy
materials.

Figure 27. Boeing 737 flight environmental exposure.
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Figure 31. Effect of interior and exterior aircraft exposure
on flexure strength of painted graphite/epoxy
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Figure 33. Moisture absorption of Bell 206L painted com-
posite materials after outdoor exposure.
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Figure 34. Residual strength of Bell 206L painted composite
materials after outdoor exposure.
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