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Preface

At its 73rd meeting in the fall of 1991, the Structures and Materials Panel held a Workshop to address compression loading and
flui d effects in composite materials, two important topics related to the technology development of these materials. The
purpose of the Workshop was to identify the current state-of-the-art in key issues related to these subjects that were of common
interest between participating nations.

Papers presented revealed some areas of common concern. In the area of compression loading there was considerable concern
over the quite different results obtained from various test methods. It was agreed that the failure modes produced by the various
test methods along with a better fundamental understanding of compression failure were key issues in the development of
compression test methods. In the area of fluid effects, a lack of a comprehensive data base hampers identification of key
mechanisms leading to fluid degradation. This is further complicated by the fact that interactions depend on the fluid and the
composite under consideration. For example, the effect of moisture is often different than the effect of jet fuel for a given
composite system.

It is hoped that the Workshop, bringing together the various experiences of industry, government, and universities, has served in
achieving the goal of identifying key issues related to compression loading and fluid effects in composite materials.

Preface

Lors de sa 73eme reunion, au printemps 1991, le Panel AGARD des Structures et Materiaux a organise un atelier sur les
charges de compression et les effets fluidiques dans les materiaux composites: deux questions importantes pour le
developpement technologique de ces materiaux. L'atelier a eu pour objectif de defmir I'etat de 1'art dans les domaines cles
connexes d'interet commun aux pays participant.

Les communications ont fait etat d'un certain nombre domaines d'interet commun. En ce qui concerne les charges de
compression, les participants ont fait part de leurs inquietudes devant 1'importance des ecarts entre les resultats obtenus par les
differentes methodes d'essai. Us ont etc unanimes pour reconnaitre que les modes de rupture engendres par les differentes
methodes d'essai representaient des elements cles pour le developpement des methodes d'essais de compression.

Dans le domaine des effets fluidiques, le manque d'une base de donnees complete entrave 1'identification des mecanismes cles
conduisant a la degradation des fluides. La situation est aggravee davantage par le fait que les interactions dependent du fluide
et du materiau composite en question. Par exemple, les effets de I'humidite sont souvent tres differents des effets d'un carburant
reacteur pour un systeme de materiaux composites donne.

II est a esperer que 1'atelier, qui a reuni des experts de 1'Industrie, de I'Administration et des Universites, a contribue a
1'identifieation des questions cles relatives aux charges de compression et aux effets fluidiques dans les materiaux composites.

James M.WHITNEY
WL/MLB M
Wright-Patterson AFB
United States
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ISSUES IN COMPRESSION LOADING
OF COMPOSITE STRUCTURES

James M. Whitney
University of Dayton

300 College Park
Dayton, Ohio 45469-0240, USA

SUMMAR Y

Compression loading causes difficult y in the
development of test methods and failure criteria.
Compression testing has produced considerable
controversy with a number of different experimental
methods being considered. Each method, however,
often produces different values of apparent compression
strength. The failure mode is the key issue, as each test
method may produce a different failure mode. In
addition, the failure modes often depend on fiber and
matrix properties and on laminate geometry. When data
is reported the failure mode is often ignored. In
analyzing failure modes one must consider how relevant
the test geometry and load introduction is to the actual
application for which the data is being generated.
Development of failure criteria also creates difficulty
because of the various possible failure modes. This
paper considers these issues in detail.

1. INTRODUCTION

Advancements in carbon fiber technology have
given rise to considerable weight-savings potential in
composite structures. Improvements in fiber tensile
strength and stiffness have not, however, been matched
by improvements in compressive strength. To
understand the reasons for this problem, considerable
research is being done in the field of compression
testing. The objective is to study the behavior of
composite components under compression loading and
to relate their behavior and failure modes to the intrinsic
properties of the materials. The final goal then is to
develop a reliable method for testing the compressive
strength of composites as related to design requirements.

The need to critically evaluate composite material
test methods has increased in recent years due to the
complex nature of data required for design
considerations. The heterogeneous, anisotropic nature
of fiber reinforced composites has required careful
scrutiny of any test method or proposed test method
from an applied mechanics point of view. Thus, a
number of papers have appeared in the technical
literature which addressed test methods from a
theoretical standpoint. Although the importance of
analysis in the development of experimental techniques
is well recognized, recent attention has been
concentrated in the area of failure modes associated with
certain test methods [Ref. 1]. In particular, the failure
mode assumed in conjunction with a given data
reduction scheme may not be attained in practice. The
possibility of multiple failure modes also makes it
difficul t to develop failure criteria for compression

loading.
In the present paper test methods and failure criteria

associated with compression loading of fiber reinforced
composites are scrutinized.

2. COMPRESSION FAILURE MODES

Compression failure models have traditionally been
based on fiber micro-buckling as the dominant failure
mode. Such a model was originally suggested by
Rosen [Ref. 2] and involves the buckling of individual
fibers in the matrix. The lowest compression strength
is obtained with the anti-symmetric mode as shown in
Fig. 1. The compression strength for this failure mode

Fig. 1 Microbuckling

is given by the relationship

(1-Vf )
(1)

where SLC, Gm , and Vf are the longitudinal
compression strength, matrix shear modulus, and
volume fraction of fiber, respectively. For current
engineering composites eq. (1) predicts a compression
strength far above experimentally measured values.
Lower compression strength can be predicted in
conjunction with microbuckling if one considers
imperfections in the form of initial curvature of the
fiber [Ref. 3] or initial fiber misalignment [Ref. 4]. In
these models the imperfections are assumed to be
uniform. In actuality fiber curvature and misalignment
are likely to be rather random. The models are
valuable, however, in demonstrating the effect of these
initial imperfections on compression strength if failure
is due to fiber microbuckling. Fiber microbuckling as
illustrated in Fig. 1 is not observed in practice as a
primary failure mode. Current state-of-the-art matrix
materials are stiff enough (at least at room temperature)
to provide sufficient support for the fiber. If
longitudinal splitting (see Fig. 2) occurs first, however,
the fiber loses support and can buckle as a column.
Longitudinal splitting can be initiated by transverse
stresses. Such stresses can be initiated even in
compression loading of a unidirectional composite due
to a mismatch of Poisson's ratios between the fiber and
the matrix.
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Fig. 2 Longitudina l Splittin g

Another failure mode which has been discussed in
detail by Hahn and Williams [Ref. 3] involves local
bending or buckling of a fiber. This local fiber
instability can lead to the buckling of adjacent fibers and
the formation of a "kink-band" which then leads to shear
crippling. A kink-band is illustrated in Fig. 3. The
formation of kink-bands can be initiated in regions of
voids or where the fiber.matrix interface is locally
disbonded.

(a)

Fig. 3 Kink-ban d

The final failure mode observed in a unidirectional
composite under compression loading is shear failure of
the fiber (see Fig. 4). This failure mode is commonly
observed in pitch base graphite fiber composites and
under certain conditions can also be produced in pan
base graphite fiber composites.

Fig. 4 Fiber  Failur e

The problem in characterizing composite
compression strength arises from the fact that these
failure modes are all possible under various
circumstances. Load introduction, free-edge effects, and
specimen alignment are some of the factors which may
influence the failure mode. In some cases the observed
failure mode is secondary to other events such as
delamination.

For multidirectional laminates the 0° plies wil l be
under biaxial loading which creates an interesting
challenge relative to failure criteria. In particular
consider the three loading conditions shown in Fig. 5.
One would anticipate a higher compression strength in
the presence of transverse compression loading (Fig. 5b)
compared to pure compression (Fig. 5a). However, if
the transverse load is tension (5c), one would anticipate
a lower longitudinal compression strength. We envision
that transverse compression would provide additional
stability to the longitudinal compression loading, while
transverse tension would have the opposite effect. In
addition transverse tension could possibly induce
longitudinal splitting followed by fiber microbuckling.

(b)

i

T
(c)

Fig. 5 Biaxial Loading

The anticipated difference in longitudinal
compression strength between iji e loadings shown in
Fig. 5 are not predictable with conventional failure
criteria. Maximum stress and maximum strain do not
recognize coupling between longitudinal and transverse
normal stresses. For criteria which recognize coupling
between stress components, such as the quadratic
interaction criterion introduced by Tsai and Wu [Ref. 5],
there are also problems which we wil l now consider.
This criterion is of the form

SLT SLC STT STC

O'LO'T +

2Y SLT SLC STT STC TLT
(2)

M- - -1-)
5>LT OLC

+ (-L - -J-) or = 1
STT STC

where O~L, cyT, and TLT, are the normal stresses parallel
to the fibers, transverse to the fibers, and inplane shear
stress, respectively. The strength parameters SLT, SLC,
STT. STC. and TLT, denote tensile strength and
compression strength parallel to the fibers, tensile and
compression strength transverse to the fibers, and the
inplane shear strength, respectively.

The linear terms and the interaction term between
aL, and GT govern the loading conditions shown in
Fig. 5b and 5c. In particular, let us consider the two
inplane loading conditions



1-3

- CTO, OT = ± Rao
ao, R > 0

(3)

Under these loading conditions eq. (2) reduces to the
form

a ao2 + b ao -1 = 0 (4)

where

R
SLTSLC SrrSTC 2YSLTSLcSTTSrc

L_±R(-J
SLC SLT STT STC

As an example, let us consider the case where R =
± 0.02 in conjunction with a unidirectional composite
having the following strength properties:

SLT = SLC = 36 MPa

STT = 1 MPa, STC = 3 MPa
(5)

These strength values are typical of state-of-the-art
graphite/epoxy materials. Substituting these strength
numbers into eq. (2) we find that failure would occur at
a0 = 46.7 MPa for the case of transverse compression
loading (R=-0.02). Thus, the longitudinal compression
strength is enhanced by the presence of the transverse
compression loading. If we reverse the transverse load
to tension (R=+0.02), then failure occurs when a0 =
25.0 MPa, indicating that the transverse tension load
reduces the longitudinal compression strength. Now let
us consider the case where transverse compression and
tension are equal, i.e.

SLC = SLT = SL = 36 MPa

STC = STT = ST = 1 MPa

Equation (4) now reduces to

2SLST

V2 [2ST
2 + RSL (2RSL ± ST)

(6)

(7)

For the case of transverse compression (R=-0.02),
failure occurs at a0 = 33.4 MPa and for transverse
tension (R=+0.02), failure occurs at a0 = 26.3 MPa.
Thus, we obtain a lower strength by applying transverse
compression in conjunction with longitudinal
compression. It should be noted that the transverse
stress at failure is below ST in both cases. If we raise
the transverse strength such that

STT = STC = ST = 3 MPa (8)

then we obtain a failure stress a0 = 37.2 MPa for
transverse compression and a0 = 33.2 MPa for
transverse tension.

These numerical results do not make physical
sense. In particular, an increase in longitudinal
compression strength in the presence of transverse
compression should not depend on a difference between
STT and STC. assuming that GT < STC at failure. In a
similar manner, the sensitivity of the longitudinal
compression strength to transverse compression load
should not depend on STc, as long as Or < STC at
failure. In addition, a cursory examination of eq. (7)
reveals that the value of a0 at failure would be identical
for biaxial tension and biaxial compression. In the case
of biaxial tension, one would anticipate that transverse
tensile load would be detrimental or have no effect on
longitudinal tension failure provided GT < STT at failure.
Thus, there are difficulties associated with using a
quadratic interaction criterion in conjunction with the 0°
unidirectional ply loading as illustrated in Fig. 5. New
approaches to failure prediction for this type of loading
are required.

3. COMPRESSION TESTING

In order to illustrate difficulties associated with
compression test methods, we wil l consider two
configurations of the IITRI compression test (ASTM D-
3410) which produce entirely different apparent
compression strength and failure modes. The
conventional IITRI specimen produces apparent
compression strengths and failure modes which are
typical of current state-of-the-art compression test
methods. The second configuration of the IITRI test
involves a mini-sandwich beam consisting of composite
face sheets co-cured with a core material constructed of
the same matrix contained in the face sheet [Ref. 6].
The mini-sandwich beam produces fiber failure, while a
very complex failure mode is associated with the
standard IITRI specimen. Unidirectional data in
conjunction with AS-4/3501-6 graphite/epoxy are
discussed. Consideration is also given to the
relationship between coupon compression data and needs
of the designer.

3.1 Conventional IITRI Specimen

The conventional IITRI specimen is an option to
the Celanese compression test method as described in
ASTM D 3410. For the present investigation data is
considered in conjunction with [0°]24, AS-4/3501-6
composites [Ref. 7]. The specimen is a straight-sided
coupon with a length of 127 mm and a width of 6.35
mm. An unsupported gage length of 12.7 mm is
utilized in this test method. Specimens are gripped
through tapered glass/epoxy end tabs. Compression
strengths as measured from the conventional IITRI
specimen are shown in Table 1. Failure was initiated
near or in the end tab region with delamination being
the primary mode of failure.

3.2 The Mini-Sandwich Beam

A mini-sandwich beam has been introduced by Crasto
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and Kim [Ref. 6] as an alternate configuration to the
conventional IITRI specimen. The original sandwich
beam consisted of a composite face sheet and a metal
face sheet bonded to a honeycomb core. Load was
introduced through four-point bending with the
composite face sheet on the compression side. This
specimen is large, expensive to fabricate, and requires a
large volume of material for a single specimen. In

TABL E 1 Conventional IITR I  Data [Ref. 7]

Geometry Strength (MPa)

1028
1097
1176
1174
1163

1128

Vf = 62%

AV G

addition, premature failure often occurs in the form of
crushing of the composite skin under the load nose. In
the mini-sandwich beam the honeycomb core is replaced
by solid resin of the same material as the matrix of the
composite being tested. Composite prepreg is placed
on both sides of the resin core and the unit is co-cured
(or co-consolidated), eliminating the conventional
adhesive layer. The specimen is then loaded in
compression, using a standard IITRI fixture rather than
the four-point loading configuration of the conventional
sandwich beam. Back-to-back strain gages indicate that
macro-buckling does not occur in the mini-sandwich
specimen.

Sandwich beam data obtained from Ref. 6 are
shown in Table 2. The face sheets are [0°]2
unidirectional composites. Typical failure modes

TABL E 2 Mini-Sandwich Data (Ref. 6)

Face Sheet
Geometry

[0°]2
Vf = 65%

AV G

Strength (MPa)

2105
2070
2084

2086

obtained with unidirectional face sheets are shown in
Fig. 6. Unlike the conventional IITRI specimen fiber
fracture is the primary mode of failure. The angle of the
fracture path is at approximately 75° to the specimen
axis.

4. DISCUSSION

It is apparent from the data presented in Tables 1
and 2 that the ultimate composite compressive stresses

obtained with the mini-sandwich beam greatly exceed
those obtained with the conventional IITRI specimen.
The key to this difference is the failure mode. As
shown by Tan [Ref. 8], large iriterlaminar stresses are
present under the tab region in the conventional
unidirectional IITRI specimen making the specimen
prone to delamination. The large loads required to fail
the fiber in compression accentuate the tendency to
delaminate.

From a design perspective one needs to question the
relevance of the high compression strengths observed in
the mini-sandwich beam. It is possible in structural
applications, just as in the case of the conventional
IITRI specimen, that initial failure may be in the form
of delamination which wil l cause catastrophic failure
due to fiber buckling. However, in any design situation
it is important that the failure modes and processes are
well understood if an intelligent design is to be
performed. It is of littl e consequence that a structure is
able to withstand its design load if the failure mode is
not the one designed for. From a materials standpoint it
does not make sense to attempt to improve the
compression strength of the fiber if the failure process
involves modes which do not invoke fiber failure.
Thus, it is important to be able to measure the intrinsic
compression strength and to understand the failure
processes that occur under compression loading. In
addition, the complex failure processes may cause
considerable difficult y in developing failure criteria, as
illustrated when a quadratic failure criterion was utilized
in conjunction with the loading conditions shown in
Fig. 5.

5. CONCLUSIONS

Experimental data reviewed in this paper indicates
that the intrinsic compression strength of high
performance composites may be much higher than
indicated from data obtained with state-of-the-art
compression tests such as the conventional IITRI
method. In these specimens premature failure is often
induced by large interlaminar stresses under the end tabs.
Although the intrinsic compression strength may be
difficul t to achieve in structural applications due to
other failure modes initiating the failure process, it is of
practical importance to be able to determine this
number. Complex failure modes and processes make it
difficul t to develop failure criteria for compression
loading.
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A NEW TEST METHO D TO DETERMIN E THE COMPRESSIVE STRENGTH
OF FIBER-REINFORCE D COMPOSITES

A. S. Crasto and R. Y. Ki m
University of Dayton Research Institute

300 College Park, Dayton, OH 45469-0168, USA

and

J. M. Whitney
WL/MLB M

WPAFB, OH, USA

1. SUMMAR Y

The measured compression strength of advanced
composites is sensitive to specimen inhomogeneities,
loading geometry, and test conditions. Consequently, the
reported "strength" is not an intrinsic material property,
but simply the "failure stress under compression loading,"
and varies widely for a given composite system. To
obtain a more accurate measure of the material property,
premature failure must be avoided, and a specimen was
specifically designed for this purpose. The specimen is a
miniature sandwich beam with identical composite skins
on either side of a neat resin core, and can be tested in
axial compression as well as four-point flexure. The axial
compressive properties of epoxy composites reinforced
with carbon, glass, and boron filaments, and composites
of carbon fibers in a polyetheretherketone (PEEK) matrix
have been evaluated with this specimen in an IITRI test
fixture. Failure occurred predominantly in the gage
section for unidirectional composites at composite stresses
and strains substantially higher than those observed with
all-composite test coupons and with substantially less
variation in the data. Multidirectional laminates also
displayed higher strengths with the sandwich specimen.

2. INTRODUCTIO N

Improvements in the strength and stiffness of reinforcing
fibers have promoted similar improvements in most
composite properties, an exception being composite
"compression strength." This "property" has either
remained the same, or deteriorated, promoting extensive
studies to characterize the response of a composite to
compressive loading. A key requirement in the
measurement of true compression strength is that the
composite fail in compression, and not as a consequence
of eccentric loading and/or poor specimen design or
quality. Hahn and Williams [1] have defined three modes
of failure for unidirectional composites under compression
loading, with true compressive failure precipitated by
shear failure of the fibers. While this failure mode is
commonly observed in composites of low compression
strength (such as those reinforced with high-modulus
pitch-based carbon fibers), it has never been reported in
composites of low or intermediate-modulus PAN-based

carbon fibers (such as AS4 and IMS). What is generally
observed in careful testing of composites of these fibers is
failure via fiber microbuckling, which implies that the
full compressive potential of the reinforcing fiber has not
been realized.

Over the years a number of compression tests have been
devised for composite materials, where specimens are
directly end-loaded, loaded through shear, or loaded in four-
point flexure. Specimen shapes have also varied from
straight-sided coupons to tubes, rings, and sandwich
structures. The most popular test method is the shear
loading of a straight-sided coupon through bonded tabs in
an IITRI or Celanese test fixture [2]. Refinements to this
technique have included variation of the specimen gage
length [3], tabs of different materials and end taper angles,
both bonded and unbonded [4], and modifications to the
test fixtures themselves [5]. The success of any refinement
is generally measured by the increase in "compression
strength" for a given composite. Implied in this belief is
that "compression strength" as conventionally reported is
not an intrinsic material property, but simply put, the
"failure stress under compressive loading." This failure
stress is determined by the failure mode, which in turn
may be dependent partly on composite variables such as
the strength of the interface bond or the shear stiffness of
the matrix, and partly on the specimen geometry and test
method. If this measured "compression strength" is not
an intrinsic material property but dependent rather on
specimen design and test conditions, the usefulness of this
data in the design of structures subjected to compression
loading is debatable. However, in an effort to evaluate the
compressive properties of fibers and composites, it is
necessary to develop a test technique which precludes
premature failure and thereby provides a better comparison
of true compressive strengths. With this in mind we have
developed a miniature sandwich specimen which is a
variation of the traditional honeycomb sandwich
specimen.

3. DESIGN RATIONAL E

There are two keys to obtaining accurate, reliable
composite compression strengths. The first is related to
good composite quality (minimum variations in fiber
alignment and fiber volume fraction) and precise specimen
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alignment with the loading axis, and with sufficient care,
these can be satisfied; the second encompasses specimen
design. An ideal design should minimize stress
concentrations at the ends of the gage section and allow
the specimen to fail in compression before the critical
buckling load is reached. A sandwich structure, in which
composite skins are separated by a material of lower
modulus, satisfies the latter requirement: the specimen
fails at a lower load (since it has fewer composite plies
than a conventional specimen) and the geometry provides
greater stability against buckling. Sandwich specimens
have been proposed in the past [6], and a four-point flex
test method which employs a sandwich specimen is also
incorporated in ASTM D-3410. These specimens are
large and expensive to fabricate and have therefore seen
limited use. In addition a mismatch of Poisson's ratios
between composite skin and core (usually an aluminum
honeycomb) can cause premature debonding between the
two under an applied load and artificially lower strengths.
Furthermore, when tested in flexure, local crushing of the
composite skin beneath the loading pins also occurs
frequently, with consequent premature failure. In spite of
these drawbacks sandwich specimens, in general, yield
higher "compression strengths" than other specimen
geometries.

To overcome the problems described above, (a) specimen
size should be reduced to where it can be tested on
conventional test fixtures in axial compression, (b)
material and fabrication costs should be reduced, and (c)
Poisson's ratios of core and skin should be better matched.
Accordingly, a miniature sandwich specimen was designed
to address these issues. The length and width of this
sandwich specimen is the same as for conventional
compression test coupons, while the volume of composite
material is reduced by 67%. The aluminum honeycomb
core is replaced with a slab of neat resin, and skin and core
are bonded in-situ during composite cure eliminating the
need for an intermediate adhesive layer. Furthermore,
Poisson's ratios of the resin core and unidirectional
composite skin are better matched than in traditional
sandwich specimens. In comparison to conventional test
coupons, these miniature sandwich specimens have
significantly lower stress concentrations over their gage
length under axial loading, as determined from finite
element modeling. The longitudinal stress GX is
maximum at the end of the gage section with a stress
concentration factor of 1.4 for conventional coupons and
only 1.2 for the miniature sandwich specimen [7]. These
modifications should allow a more realistic and reliable
estimation of composite compression strength.

4. EXPERIMENTA L

4.1 Material s

The cores of the miniature sandwich specimens were
fabricated from neat epoxy resins, either 3501-6 (a 177°C-
cure epoxy system from Hercules, Inc.) or Epon 828 (an
epoxy resin from Shell Chemical Co.) cured with
Jeffamine D-230 (a polyetheramine from Texaco Inc.), and
polyetheretherketone (PEEK), which was obtained as a

0.125 mm thick film (Stabar K from ICI Americas, Inc.).
The composite skins were fabricated from the following
prepreg tapes: AS4/3501-6, IM8/3501-6 (Hercules, Inc.),
S-Glass/1034 (Fiberite), AS4/APC-2 (ICI/Fiberite), and
boron/epoxy 5505/4 (Textron, Inc.). AS4 and IMS are
intermediate-modulus PAN-based carbon fibers, and the
matrices 1034 and 5505 are epoxy systems with cure
cycles similar to 3501-6.

4.2 Fabrication of therm oset sandwich panels

4.2.1 Elevated-temperature cured core
A mold was constructed from two square glass plates
(25.4 cm x 25.4 cm) separated by a uniform metal spacer
(3.18 mm thick) along three sides. This assembly was
clamped firmly together to produce a rectangular cavity
approximately 22.8 cm x 20.3 cm x 3.18 mm, open at
one end. The plates and the spacer were liberally coated
with a release agent (Frekote 40) prior to assembly.
Approximately 180 g of 3501-6 epoxy resin were melted
and debulked under vacuum at 120°C for 1 hour to remove
entrapped and dissolved air. The molten resin was then
cast in the heated mold, heated at 120°C for another 3
hours, and cooled slowly to room temperature to yield a
solid rectangular casting. A 15.3 cm x 15.3 cm square
was cut from this plate, and both faces were lightly sanded
and rinsed with acetone to remove residual release agent.
An equal number of unidirectional fiber/epoxy plies were
placed on either side of this partially cured plate, and the
assembly was co-cured in an autoclave with the standard
composite cure cycle. The product was a symmetric
miniature sandwich panel with excellent bonding between
composite skin and resin core.

4.2.2 Room-temperature cured core
In an alternative technique, symmetric multidirectional
laminate face sheets were first fabricated with the standard
cure cycle, lightly sanded, and then used to form the mold
(replacing the glass plates in the assembly detailed above).
Epon 828 (with 32 phr Jeffamine D-230) was then cast in
this mold and allowed to cure at room temperature for 2
days. The result was a symmetric miniature sandwich
panel with good bonding between face sheets and core.

4.3 Fabrication of thermoplastic sandwich
panels

An assembly consisting of an equal number of
unidirectional AS4/APC-2 plies on either side of 25
sheets of PEEK fil m was consolidated in a 22.9 cm x
15.2 cm closed mold under heat and pressure in a thermal
press. Under an initial pressure of 70 KPa, the
temperature was ramped up to 370°C in 1 hour. The
pressure was then slowly increased to 350 KPa (at
temperature) over 15 minutes, held constant, and the panel
cooled. Flash was minimal and the sandwich panels
obtained were free of warpage and displayed excellent
consolidation and skin-to-core adhesion.

4.4 Testing of sandwich panels

After assuring laminate quality by ultrasonic C-scans,
tensile, compressive, and four-point flex tests were
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performed on specimens cut from these sandwich panels.
Specimen sizes were in accordance with ASTM standards
for conventional laminates, and tests were also conducted
under similar conditions. Four-point flex tests were run
with quarter-point loading on 12.7 mm wide sandwich
beams with a span-to-depth ratio of 20:1 and a loading rate
of 1.25 mm/min, and strains were measured on both
composite skins (undergoing tension and compression).
To prevent premature failure from local crushing under the
line loading of the contact pins, thin rubber pads were
placed between these pins and the specimen. Axial
compression testing was performed in an IITRI fixture on
specimens 127 mm long, and 6.4 mm wide. Specimens
were gripped through bonded tapered glass/epoxy tabs with
a gage length of 12.7 mm. Strain gages were bonded to
both faces of each specimen to monitor any bending or
buckling resulting from eccentric loading. An additional
strain gage was bonded to the side of selected specimens to
simultaneously measure axial strain in the core. Tensile
tests were also performed on specimens from these panels.
Failed specimens were examined in an optical microscope
and also in a JEOL JSM 840 scanning electron
microscope.

5. RESULTS AND DISCUSSION

By simultaneously consolidating or curing the
components in a miniature sandwich panel, excellent
adhesion is obtained between skin and core without the
necessity of an intermediate adhesive layer. From an
optical examination of sandwich cross-sections in Figure
1, it can be seen that the matrix material is continuous
from skin to core with no discernible interface between the
two. This is not unexpected in the thermoplastic
sandwich where core and prepreg resin fuse together during
panel consolidation. The continuity in the epoxy
sandwich is due to the fact that the starting resin core is
gelled (at 120°C) and not full y cured. This partially-cured
core softens during final cure in the autoclave (at 177°C) -
as determined from a measurement of dynamic shear
modulus as a function of temperature - and blends with the
matrix of the prepreg.

When a symmetric sandwich specimen is subjected to
direct axial compression, the compressive stress (GS) on
the composite skin can be calculated from the rule of
mixtures and is written as:

= (Gt- etEcV c)/V s (1)

where e, E and V are the compressive strain, compressive
modulus and volume fraction, respectively, and the
subscripts t, s, and c refer to the total specimen, skin
(composite), and core (resin), respectively. This
expression assumes perfect skin-core bonding with
identical axial strains (et) throughout the specimen. Axial
compression of the neat resin core revealed nonlinear
stress-strain behavior for both PEEK and 3501-6 with the
modulus decreasing with increasing stress. Figure 2
shows average stress-strain curves for neat 3501-6 and
PEEK specimens up to the strains at which they buckle
(as determined from the divergence of back-to-back strain

gages). An epoxy specimen with a reduced gage length
(7.6 mm) gives essentially the same curve but extends out
to about 3.5% strain before buckling. The data for both
PEEK and epoxy cores can be fit by quadratic equations,
and differentiation of these lead to linear expressions for
the compression modulus as a function of strain. These
variable core moduli (Ec) were used in the above equation
(1) to calculate composite compressive stresses.

Composite compressive stresses (GS) in the four-point
flex test (at quarter-point loading) were calculated from the
following expression [8]:

os = PL / 8bh (t + h) (2)

where P is the load, L is the span, b is the specimen
width, and t and h are the thicknesses of the core and skin,
respectively.

To verify the validity of the results obtained with these
specimens, miniature sandwich beams were also tested in
tension. Calculated composite tensile strengths and
moduli were identical to those obtained from conventional
composite coupons. Furthermore, the measured strains in
the skins and core were identical whei. these beams were
loaded in either tension or compression, verifying the
assumption underlying equation (1). The results of the
axial compression and four-point flex tests on these
miniature sandwich specimens are summarized in Table 1.
Also included in this table are the average compression
strengths obtained for all-composite coupons tested under
similar conditions.

5.1 Compression of
Graphite/Epoxy

Unidirectional
Composites

AS4/3501-6 unidirectional composite coupons tested in
axial compression usually fail prematurely, either via
global specimen buckling or from stress concentrations in
the gripped region. Figure 3 illustrates one such case,
where stress concentrations result in intralaminar splitting
originating under the tab. As a result of premature failure,
reported compressive strengths for this composite system
are in the neighborhood of 1300 to 1500 MPa which is
considerably lower than the value obtained from the
miniature sandwich specimen. Figure 4 shows a typical
composite stress-strain curve from a sandwich specimen
with unidirectional 2-ply skins. The strains are the
average from back-to-back strain gages, while the stresses
are calculated from equation 1. What stands out in this
plot is the nonlinear behavior of this material in
compression and the relatively high failure stress and
strain compared to conventional composite specimens.
This softening in compression is attributed to a reversible
reduction in fiber stiffness with increasing strain.
Examination of failed specimens revealed fracture of the
skin in the gage section with the fracture path at an angle
of approximately 75 degrees to the specimen axis (Figure
5). This fracture was accompanied by delamination and
core cracking.

Specimens with unidirectional 4-ply skins displayed
composite stress-strain curves similar to those of
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FIGURE 1. Photomicrographs of cross-sections of
(A) (02/±30) AS4/APC-2 and (B) (0/902/0) AS4/3501-6
sandwich panels, displaying excellent adhesion between
skin and core. (Arrows show skin/core interface region).
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FIGUR E 2. Average compressive stress-strain curves
for neal PEEK and epoxy (3501-6) resins.

FIGUR E 3. Intralaminar fracture (originating under
the lab) of a 24-ply unidirectional AS4/3501-6 composite
specimen tested in compression.
(Specimen width:6.35 mm)
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FIG URE 4. Stress-strain curve for the 2-ply
composite skin of a unidirectional AS4/3501-6
sandwich specimen tested in axial compression.
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FIGUR E 5. Flat and side views of the gage section of a
failed 2-ply unidirectional AS4/3501-6 sandwich specimen
tested in axial compression. (Specimen width : 6.35 mm)
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specimens with 2-ply skins. Two such compression
stress-strain curves are shown in Figure 6 for the same
specimen. This specimen was initially loaded to a strain
of 1.5%, unloaded to zero, and then loaded again to failure.
The second stress-strain curve is almost identical to the
first, demonstrating the reversible nonlinear behavior of
this composite in compression. The plotted data follow a
quadratic fit , and hence the compression modulus varies
linearly with strain, dropping from an initial value of 144
GPa to 100 GPa at a strain of 1%. This is in contrast to
the tensile stress-strain behavior of these composites,
where a stiffening is noted with increasing strain [9]. The
magnitude of the skin failure stress for some of these
sandwich specimens (~ 2140 MPa) is of the same order as
the composite tensile strength, implying that this
composite is at least as strong in compression as it is in
tension.

The 4-ply sandwich specimens also failed in the gage
section (Figure 7) in a manner similar to that observed in
the 2-ply specimens. A microscopic examination of the
skin fracture surface revealed fiber fracture morphology
uncharacteristic of microbuckling near the outer surface of
the composite skin. A section of this surface is shown in
Figure 8. The hackles across the fiber cross-sections, all
oriented the same way, suggest a shearing of the fibers
induced by the compressive loading. In the absence of any
published micrographs on the compression fracture
morphology of AS4, it is suggested that these fracture
features reflect true compressive failure of the fibers. On
the same composite fracture surface, but closer to the core,
there was evidence of failure via fiber buckling. In this
case each fiber cross-section exhibited a dual tensile and
compressive fracture morphology with a distinct neutral
axis and with the neutral axes of all fibers aligned in the
same direction. These observations suggest that the
initial compressive failure on the outer surface of a skin
produces an eccentricity in the applied stress, promoting
instantaneous buckling and catastrophic global failure.
With an increase in each composite skin thickness to 6
(unidirectional) plies, the considerably higher applied loads
promoted global buckling of the specimen and premature
failure, though at composite stresses still significantly
higher than observed for all-composite coupons. For the
core thickness employed in this study (3.18 mm),
therefore, a skin consisting of 2 to 4 plies is
recommended.

M8/3501-6 unidirectional composites displayed a similar
response to axial compressive loading as AS4/3501-6.
Typical stress-strain curves for all-composite and 2-ply
sandwich specimens are shown in Figure 9. Both curves
demonstrate a pronounced nonlinearity, and the difference
in slopes is due to differences in fiber volume fractions.
The average ultimate compression strength for this
composite system is 2300 MPa, which is almost 10%
greater than the corresponding value for AS4/3501-6.
This result was unexpected, since in general an inverse
correlation is observed between carbon fiber stiffness and
composite compression strength. (Moduli of AS4 and
IMS are 225 and 310 GPa, respectively.)

In the four-point flex testing of these miniature sandwich
specimens, failure initiated in the brittle epoxy core,
presumably in that section of the core in tension. The
crack then bridged the two composite skins followed by
skin/core delamination in the gage section. These
premature failures resulted in lower ultimate skin stresses
than observed for the same panel in axial compression,
although these failure stresses and strains still
significantly exceed the corresponding values for all-
composite coupons tested similarly (see Table 1).
Successful testing in flexure may require a core material
less sensitive to flaws.

5.2 Compression of Unidirectional
AS4/APC-2 Composites

AS4/APC-2 miniature sandwich panels were fabricated
with unidirectional 2-ply skins on either side of a PEEK
core. In direct axial compression of these specimens,
failure occurred at composite stresses lower than obtained
with the corresponding epoxy sandwich, although
substantially greater than obtained with similar (24-ply)
all-composite coupons (see Table 1). The composite
stress-strain curve also exhibits reversible nonlinearity
similar to that seen with AS4/3501-6, but failure occurs
at significantly lower strains (Figure 10). Some
specimens failed in the gage section with the skin
fractured at approximately 75 degrees to the specimen axis
(Figure 11). Under SEM examination some fibers had a
shear fracture morphology similar to that seen in
AS4/3501-6 sandwich panels (see Figure 8), while others
displayed the dual tensile/compressive fracture
morphology typical of fiber buckling. In other specimens
the composite skin buckled at a number of locations
below the tab. Differences in compressive strengths
between thermoplastic and thermoset composites
reinforced by the same carbon fiber have been noted
before. In our tests the difference in compressive
strengths between AS4/3501-6 and AS4/APC-2
(normalized to the same fiber volume fraction) is less than
15%. At least part of this difference may be attributed to
the significantly higher residual stresses in the
thermoplastic composite.

These sandwich specimens were also tested in four-point
flexure, and typical stress-strain curves for the skins in
tension and compression are shown in Figure 12. The
divergent curves emphasize the stiffening of the composite
in tension and softening in compression. Initial failure
occurred via fracture of the composite skin between the
loading pins on the surface in compression at an angle of
approximately 75 degrees to the specimen axis (Figure
13A). This was accompanied by interlaminar failure
between the two skin plies. No other specimen damage
was evident. SEM examinations of the composite fracture
surfaces revealed fiber shear as the primary failure mode
with skin buckling evident at some distance from this
failure site (Figure 13B). The sheared faces rubbed against
each other following fracture, and not much information
could be gleaned from their examination. Because of the
toughness of this core material and its lower sensitivity to
crack propagation than the brittle epoxy, the core did not
fracture prematurely in this test. Compressive strengths
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from this test therefore match those obtained from the
axial compression test (Table 1) and are in fact slightly
higher.

5.3 Compression of Unidirectional
S-Glass/1034 Composites

Miniature sandwich panels were fabricated with 4-ply
unidirectional S-glass/1034 skins and a 3501-6 core. The
skins displayed a linear stress-strain relationship in direct
axial compression and failed catastrophically at composite
strains approaching 4%. The stresses at failure, in excess
of 2200 MPa, are believed to be the highest measured for
a unidirectional glass/epoxy composite. Failure occurred
via a combination of fiber fracture, longitudinal splitting
and delamination, with subsequent core cracking. In
contrast, unidirectional all-composite coupons tested under
similar conditions buckled globally at approximately
2.5% strain, yielding considerably lower failure stresses
(see Table 1). Representative composite stress-strain
curves for both types of specimens are shown in Figure
14. This comparison illustrates the influence of specimen
and test variables on the composite failure stress. It also
clearly indicates the error in misrepresenting any failure
stress under compressive loading as the intrinsic
composite compressive strength without first examining
the specimen stress-strain behavior and failure mode. The
linear stress-strain behavior of the composite is
characteristic of the glass fiber reinforcement. In
conjunction with the nonlinear stress-strain behavior
observed in carbon-fiber composites, these results suggest
that composite stress-strain behavior is indeed a function
of fiber stress-strain behavior. In the four-point flex test,
the considerable bending strains experienced by these
specimens resulted in premature core cracking beneath the
loading pins, with attendant skin/core delamination and
longitudinal splitting of the composite. As a result
compressive stresses at failure were not as high as those
obtained in direct axial compression.

5.4 Compression of Unidirectional
Boron-Epoxy Composites

Boron is known to be stronger in compression than
tension, and this high compression strength makes it
difficul t to avoid premature failure in compression tests on
the corresponding composites. Consequently, this fiber
property has never been accurately determined. Data from
conventional composite tests give a filament compression
strength of 850 Ksi [10]. A miniature sandwich panel
was fabricated by employing a single layer of tape on
either side of an epoxy core. Specimens from this panel
behaved linearly under compressive loading up to failure,
and had an average compression strength of 525 Ksi,
which translates to a filament compression strength of
1050 Ksi. Failure occurred in the gage section, and was
accompanied by longitudinal splitting.

5.5 Testing of Multidirectional
AS4/3501-6 Laminates

Initial attempts to fabricate miniature sandwich panels
with multidirectional AS4/3501-6 laminate skins and a

3501-6 epoxy core were unsuccessful, as multiple cracks
developed in the core due to residual stresses brought on
by the elevated temperature cure. To circumvent this
problem the skins were first cured independently, and a
room-temperature cure epoxy system subsequently cast
between them to form the core.

5.5.1 Cross-Plv Laminates
A sandwich panel with [0/90/90/0] cross-ply skins was
prepared in the manner described above. Direct axial
compression of specimens from this panel gave an average
laminate compression strength of 1080 MPa. A number
of specimens were subjected to multiple loadings to
progressively higher loads and examined after each loading
to identify the primary failure site. These examinations
revealed initial failure via fracture of the outer 0° ply near
or under the tab and delamination between the outer 0° and
90° plies. The two 90° plies as well as the 0° ply in
contact with the core appeared undamaged. For
comparison, coupons from a [0/90]4S all-laminate panel
were also tested in axial compression. Failure in most
specimens occurred in the gage section at an average stress
of 805 MPa, which is significantly lower than that
obtained with the sandwich specimen. Detailed test
results are shown in Table 1, and a comparison of typical
stress-strain curves is shown in Figure 15. The
coincidence of the two laminate stress-strain curves in this
figure validates the test results obtained with this
sandwich specimen. In these laminates almost all the load
is carried by the 0° plies. Since there is an equal number
of 0° and 90° plies, the compression strength should
therefore be almost half that of a unidirectional composite.
A comparison of the test results for sandwich panels with
these skin orientations shows this relationship to be true.
From the data it appears that, contrary to popular belief,
conventional test specimens also underestimate
multidirectional laminate compression strengths.

5.5.2 Ouasi-Isotropic Laminates
Further laminate compression studies were conducted on
two sandwich panels fabricated with quasi-isotropic skins.
The first panel had 8-ply [0/45/90/-45/-45/90/45/0] skins,
and for comparison, a 32-ply all-laminate panel (with
identical ply configuration) was also fabricated and tested.
Test results are summarized in Table 1. Surprisingly,
laminate compression strengths from the sandwich panel
are marginally lower than those of the all-laminate
coupons. On examining the same specimen after multiple
loadings to successively higher stresses, it was apparent
that initial failure occurred in the outer two plies. This
failure took the form of surface ply separation, surface ply
fracture in the gage section, cracks within the neighboring
45° ply, and delamination of the 45° ply from the 90° ply
below it. Figure 16A shows a section of the edge of one
such failed specimen where all these fracture features are
apparent. Figure 16B shows the flat view of a specimen
after final failure. Here, the fracture path in the 0° ply is
seen to follow the angle of the adjacent 45° ply,
suggesting the following sequence for the failure events:
initial shear failure of the 45° ply, subsequent fracture of
the outer 0° ply, and finally, delamination between the
outer 0°, 45° and 90° plies. In the side view of a specimen
after ultimate failure (Figure 16C), delamination between
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skin and core is clearly apparent in addition to the other
fracture events. Initial failure of the all-laminate
specimens occurred in a similar fashion, within the outer
two plies. Figure 17 shows the side view of an all-
laminate specimen where the load was arrested and released
after observation of initial failure. An examination of this
photograph shows delamination between the 45° and 90°
plies under the tab and extending into the gage section,
fracture of the 45° ply, and separation of the outer 0° and
45° plies over most of the gage length. After complete
failure, multiple fractures and delaminations can be seen,
extending into the tabbed region. From the compression
strengths generated for this quasi-isotropic laminate by
both specimen types, it appears that the miniature
sandwich specimen offers no advantage over the
conventional laminate coupon.

The results from the second sandwich panel (with quasi-
isotropic 6-ply [0/60/-60/-60/60/0] skins) differ
dramatically from those of the first quasi-isotropic panel.
Again, a 24-ply laminate with similar ply orientations
was tested for comparison. Compression strengths for
both are summarized in Table 1. For this quasi-isotropic
ply orientation, sandwich specimens registered a 35%
higher laminate compression strength than corresponding
all-laminate coupons. Initial failure was once again
discerned in the outermost plies of the sandwich specimen,
and surface ply separation was predominant. In this
specimen, the first signs of failure were splitting,
delamination and fracture of a narrow strip of the
outermost ply near a free edge. This occurred at
approximately 75% of the ultimate stress. In the laminate
coupon, on the other hand, failure was more catastrophic
with multiple delaminations and ply fractures, and the
failure initiation site could not be identified. In these
coupons, failure appeared to be preferentially located near
the base of the tab. Comparison of sandwich and coupon
test results with this laminate mirror the results from tests
on the cross-ply laminates and point to the
underestimation of laminate compressive strengths from
conventional specimens. The coincidence of sandwich and
coupon compression strengths for the first quasi-isotropic
panel is likely due to the occurrence of a premature failure
event, such as delamination, common to specimens of
both types.

5.5.3 Free-Edge Stress Analysis
The delaminations observed in compression tests on
multidirectional laminates arise from interlaminar stresses
acting in the free-edge region. The magnitude and
distribution of these interlaminar normal and shear stresses
vary widely according to the stacking sequence and
laminate type. The initiation and growth of delamination
under load may cause a progressive reduction in strength,
or alternatively, catastrophic failure of the laminate.
When a laminated composite containing a delamination is
subjected to a compressive load, the delaminated section
buckles, resulting in a high interlaminar stress
concentration at the delamination front (crack tip). As the
load is increased the buckled area increases to a critical size
which may result in a loss of global stability or total
collapse of the plate.

A stress analysis was conducted to calculate the
interlaminar stresses at the free edges of sandwich
specimens using the global-local model developed by
Pagano and Soni [11], and determine if they were
sufficient to initiate delamination prior to compressive
failure. From an examination of the results, the
interlaminar stresses at each layer of the cross-ply and
[0/+60] quasi-isotropic laminates were found to be too
small to induce interlaminar failure prior to ultimate
failure of the specimen. For the [0/±45/90] quasi-
isotropic laminate, however, the interlaminar shear stress
Txz of the second layer (between the outermost 45° and
90° plies) exceeds the corresponding interlaminar shear
strength (93 MPa) at the applied failure strain. This
interlaminar shear stress and the normal stress for this
layer are plotted in Figure 18. In this figure, the negative
ordinate denotes compressive stress in the laminate skin.
In line with this calculation, initial failures observed in
tests on this laminate included delamination of the surface
(0°) and adjacent (45°) plies (see Figures 16 and 17).
Premature failure via delamination in both sandwich and
coupon specimens of this laminate would explain the
comparable compression strengths and the apparent lack of
an advantage in the use of the former.

6. SUMMAR Y AND CONCLUSIONS

The miniature sandwich beam is a novel adaptation of the
conventional honeycomb-core sandwich without the
disadvantages of the latter. It is simple and inexpensive to
fabricate, requires a smaller volume of composite than an
all-composite coupon, and car be tested with the same
grips and fixtures used for conventional composite testing.
The ultimate composite compressive stresses and strains
obtained with this specimen greatly exceed those measured
with conventional composite coupons and have much less
variation. The ability to achieve these higher strains
dramatizes the nonlinearity of the stress-strain curves and
the significant drop in composite compressive modulus
with increasing strain. For epoxy sandwich specimens
with a brittle core sensitive to premature cracking under
tensile loading, direct axial compression tests are preferred
to four-point flex tests. For specimens with tough, less-
sensitive PEEK cores, the reverse is true. With either
unidirectional or multidirectional laminate skins, failure
modes from carefully prepared specimens are consistent,
and premature failure via global buckling or stress
concentrations under the grips is eliminated. As a result
measured composite compressive strengths are both
reliable and reproducible and less influenced by composite
and test variables than conventional coupons. These
sandwich specimens have also demonstrated that, contrary
to wide belief, multidirectional laminate compression
strengths are also underestimated by conventional laminate
coupons and test methods. Depending on the ply stacking
sequence, interlaminar stresses generated in laminate
specimens loaded in compression can cause delamination
and premature failure, as seen in quasi-isotropic
[0/±45/90] laminates. Consequently it is important to
report the failure mode along with compression strength
data. It must be borne in mind that the data reported here
were obtained under precisely-controlled test conditions,
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2 mm

B

2 mm

FIGUR E 17. Edge views of the gage sections of [0/±45/90] AS4/3501-6
all-laminate coupons tested in axial compression : (A) after initial failure via
delamination of outer 0° and 45° plies; (B) after final failure.

AS4/3501-6 SANDWICH
[0/±45/901, 8-PLY SKIN

0.0 0.4 0.8

DISTANC E FROM FREE EDGE, mm

FIGUR E 18. Stress distribution at the outermost 45/90 ply interface of the
[0/45/90/-45/-45/9Q/45AVCORE]s sandwich specimen under an applied failure
strain of 1.3%.
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and caution should be exercised in using these strengths to
predict compressive failure in engineering composite
structures.
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TABLE 1. Composite Compression Strengths from Miniature Sandwich Specimens and All-Composite Coupons.

COMPOSITE

AS4/3501-6

AS4/APC-2

IM8/3501-6

S-Glass/1034

Boron/epoxy

MINIATUR E SANDWICH SPECIMEN

Skin Layup

0 (2 and 4 plies)

[0/90/90/0]

[0/60/-60] S

[0/45/90/-45] S

0° (2 and 4 plies)

0° (2 plies)

0° (4 plies)

0° (1 ply)

Fiber
Volume

(% )

62

57

62

60

50

Compression
Strength

Axial
Loading*

(MPa)

2070 *

1080

935

605

1570

2300

2280

3625

Four-Point
Flexure
(MPa)

1780

1630

1430

ALL-COMPOSIT E COUPON

Layup

0 (20 and 24 plies)

[0/90] 4S

[(0/60/-60) S ]4

[(0/45/90/-45) S ]4

0° (24 plies)

0° (24 plies)

0° (24 plies)

0°

Compression
Strength

Axial
Loading**

(MPa)

1400

805

685

645

1100

1600

1400

2930

*  IITRI Test Fixture; average strengths from 5-10 specimens, coeff. of variation <5%
** IITRI Test Fixture; average strengths from 5-10 specimens
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ASPECTS OF COMPRESSION I N AEROSPACE COMPOSITES -  FUTURE REQUIREMENTS

Stuar t  Gree n
Material s an d Developmen t  Departmen t

BRITIS H AEROSPACE
Warton ,  Preston ,  Lancashire ,  U K

SUMMARY

The significanc e o f  structura l  mas s i n
combat  aircraf t  canno t  b e overstated ,  a s
i t  affect s al l  aspect s o f  performance ,
particularly ,  tur n rate ,  clim b rate ,
acceleration ,  rang e an d payload .

To kee p th e overal l  mas s o f  comba t
aircraf t  t o a  minimu m leve l  an d optimis e
performance ,  designer s hav e ove r  recen t
year s exploite d th e benefit s offere d wit h
advance d polyme r  composit e materials .
These ca n offe r  specifi c  mechanica l
propertie s whic h excee d thos e o f  mor e
conventiona l  aircraf t  materials ,  fo r
exampl e th e alloy s o f  aluminium .  I n
particular ,  significan t  benefit s ca n b e
gaine d i n relatio n t o tensil e strengt h an d
modulus .

The abilit y  t o resis t  load s i n compressio n
is ,  however ,  particularl y importan t  i n
some aircraf t  structures ,  fo r  exampl e th e
wing .  Fo r  minimu m mas s design ,  th e
materia l  chose n fo r  suc h structure s shoul d
provid e superio r  specifi c  compressio n
properties .  Thi s i s particularl y tru e
followin g lo w energ y impact ,  whic h i n many
case s i s barel y visible ,  bu t  whic h ca n
lea d t o significan t  strengt h reduction s
and limi t  th e desig n allowabl e strains .

Thi s pape r  wil l  highligh t  th e advantage s
i n term s o f  reduce d mas s an d increase d
performanc e t o b e gaine d wit h composit e
materials ,  an d giv e a  genera l  overvie w o f
th e material s scienc e aspect s o f
compressio n an d compressio n afte r  impact .
Some o f  th e recen t  development s aime d a t
improvin g th e reliabilit y  o f  compressio n
tes t  dat a wil l  b e reviewed ,  an d recen t
advance s i n material s technolog y an d th e
requirement s fo r  th e futur e wil l  b e
discussed ,  thoug h thi s pape r  doe s no t
represen t  a  rigorou s treatmen t  o f  th e
subj  ect .

1. INTRODUCTION

Sinc e th e daw n o f  th e aerospac e age ,
development s i n material s an d productio n
processe s hav e le d t o th e desig n an d
manufactur e o f  highl y efficien t  aircraf t
structure s (1) .  Fo r  reason s o f  improve d
performance ,  curren t  an d futur e advance d
combat  aircraf t  requir e t o b e
light-weight .  I n general ,  a  1 % sayin g i n
th e overal l  mas s o f  th e aircraf t  ca n yiel d
an increas e i n specifi c exces s powe r
(whic h ca n b e relate d t o clim b rate )  o f

1%,  a n increas e i n subsoni c sustaine d tur n
rat e o f  1 % an d a n increas e i n sustaine d
supersoni c tur n rat e o f  abou t  0.5% ,
though ,  obviously ,  th e particula r  gain s i n
aircraf t  performanc e depen d o n th e aircraf t
design .  Othe r  benefit s gaine d b y
minimisin g th e mas s o f  th e aircraf t
includ e reduce d fue l  consumptio n rate ,
whic h lead s t o increase d range ;  reduce d
dra g becaus e th e win g and/o r  th e fronta l
are a o f  th e aircraf t  ca n b e smaller ;
increase d payloa d an d s o on .  Hig h
performanc e comba t  aircraf t  ca n no w b e
produce d lighte r  tha n coul d b e achieve d
previously ,  usin g moder n material s an d b y
adoptin g desig n practice s whic h tak e
advantag e o f  th e ne w material s an d
processe s available .  A  majo r  clas s o f
material s whic h ha s emerged ,  an d ha s bee n
develope d considerabl y ove r  th e las t
thirt y o r  s o years ,  i s carbo n fibr e
reinforce d polyme r  composites ,  o r  CFC's .

Compared wit h othe r  common aerospac e
materials ,  CFC' s offe r  significan t
benefit s i n term s o f  thei r  hig h specifi c
mechanica l  properties ,  a s illustrate d i n
Figur e 1 .  Base d o n thes e data ,  th e us e o f
CFC's i n desig n woul d see m t o lea d t o
significan t  saving s i n structura l  mass ,
especiall y i f  intermediat e modulu s fibre s
ar e use d suc h a s T80 0 o r  IM7 .  However ,  i t
shoul d b e note d tha t  th e dat a show n i n
Figur e 1  relat e t o a  unidirectiona l  carbo n
fibr e reinforce d composit e material .  I n
practic e multi-angula r  fibr e
configuration s ar e employed ,  resultin g i n
quasi-isotropi c mechanica l  properties ,
whic h ar e require d t o resis t  combine d
loadin g conditions .  Multi-angula r  fibr e
configuration s lea d t o a  reductio n i n th e
maximum specifi c  properties ,  a s doe s th e
introductio n o f  bol t  hole s (notches) ,  hea t
and moisture .  Figur e 2  summarise s this .
However ,  eve n thoug h th e mechanica l
performanc e i s lowere d becaus e o f  thes e
factors ,  mas s saving s remai n achievable .

Tabl e 1  illustrate s th e rea l  mas s saving s
achieve d fo r  a  rang e o f  majo r  structura l
aircraf t  component s whe n a  metalli c  desig n
i s replace d wit h a  carbo n fibr e composit e
design .  I t  wil l  b e see n tha t  mas s saving s
of  th e orde r  o f  9-30 % ca n b e achieved .
This ,  couple d wit h th e fac t  tha t  th e
propertie s ca n b e tailore d t o sui t  b y
predeterminin g th e fibr e orientation ,  ha s
aide d th e widesprea d applicatio n o f  CFC' s
i n aerospac e structures .
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2. TEST METHODS

The mos t  significan t  composit e structur e o n
an aircraf t  i s  th e wing ,  an d i t  i s  thi s
structur e whic h form s th e basi s o f  th e
followin g discussions .  Tabl e 1  show s tha t
CFC's ca n lea d t o a  mas s savin g o f  abou t
13% o n th e win g torsio n bo x alone ,  an d
abou t  15 % o n a  co-bonde d win g assembl y
overall .  Muc h o f  th e weigh t  savin g i s
achieve d throug h redesign ;  multi-spa r
rathe r  tha n multi-ri b configuration s bein g
preferred .  Thi s desig n result s fro m th e
fac t  that ,  a t  th e presen t  time ,  pos t
bucklin g strengt h canno t  b e accounte d for .
As a  result ,  win g ski n bucklin g mus t  b e
avoided ,  whic h lead s t o th e multi-spa r
configuration .

One majo r  proble m wit h polyme r  composite s
i s tha t  the y ar e susceptibl e t o impac t
damage,  i n whic h strengt h i s lowere d
throug h th e introductio n o f  region s o f
impac t  induce d delamination .  Strengt h
reductio n i s a  particula r  proble m whe n th e
materia l  i s  loade d i n compression .  Th e
typ e o f  impac t  whic h i s o f  particula r
concer n i s lo w energ y impact ,  whic h
visibl y i s difficul t  t o detec t  (barel y
visibl e impac t  damage ,  o r  BVID) ,  bu t  whic h
can significantl y lowe r  th e compressio n
strengt h (o r  strai n t o failure )  o f  th e
composit e material .

Durin g norma l  fligh t  th e wing s o f  a n
aircraf t  ar e loade d suc h tha t  th e to p ski n
i s i n compressio n an d th e botto m ski n i s
unde r  tension ,  thoug h durin g som e
manoeuvres ,  suc h a s inverte d flight ,  o r
durin g landing ,  thi s loadin g patter n i s
reversed .  Thi s mean s tha t  fo r  bot h th e to p
and botto m win g skins ,  impac t  induce d
compressio n strengt h reductio n factor s
hav e t o b e take n int o accoun t  a t  th e
desig n stage .

The actua l  mas s savin g achieve d wit h a
composit e desig n depend s upo n th e desig n
allowabl e mechanica l  properties .  Thes e ar e
obtaine d fro m a  statistica l  treatmen t  o f
th e mechanica l  tes t  results ,  takin g int o
accoun t  th e mea n value s an d th e
variabilit y  o f  th e tes t  dat a obtaine d i n
th e materia l  testin g laboratory .  Thi s
means tha t  th e dat a obtaine d fro m coupo n
test s mus t  b e accurate ,  reliabl e an d
reproducible ,  an d the y mus t  b e obtaine d b y
method s whic h ar e representativ e o f  th e
loadin g mod e bein g investigated .  Thi s i s
require d t o b e tru e fo r  al l  environmenta l
condition s likel y t o b e encountere d b y th e
aircraf t  i n service .  T o achiev e this ,  th e
coupo n tes t  procedure s adopted ,  includin g
th e specime n geometry ,  th e metho d o f
introducin g th e loa d an d th e rat e o f
loadin g mus t  b e refine d t o a  hig h level .
I n th e cas e o f  simpl e tensio n o r
in-plane-shea r  testin g thi s i s relativel y
straightforward .  I t  i s  no t  s o
straightforwar d whe n testin g i n
compression .  I t  shoul d b e noted ,  though ,
tha t  coupo n testin g i s onl y satisfactor y
fo r  simpl e loadin g requirements .  Fo r
comple x loadin g conditions ,  structura l
tes t  element s ar e needed .

2. 1 Compressio n Testin g

Compressio n testin g i s generall y
considere d t o b e inaccurat e an d no t
reproducible .  I n consequenc e compressio n
loade d composit e structure s may ofte n b e
ove r  designe d t o gai n a  secur e margi n o f
safety ;  tha t  is ,  the y may no t  b e optimu m
mass structures .  Fo r  minimu m mas s design ,
i t  i s  important ,  therefore ,  tha t
procedure s ar e develope d whic h yiel d
accurat e an d reliabl e data .

One o f  th e simples t  test s t o determin e th e
compressio n strengt h o f  unidirectiona l
composit e material s require s paralle l
side d coupon s wit h adhesivel y bonde d en d
pads .  I n suc h a  tes t  th e loa d i s
introduce d int o th e specime n a s a  shea r
loa d fro m th e grips ,  throug h th e end-pad s
and th e adhesive .  However ,  suc h method s
yiel d inconsisten t  results .  Instabilit y
and a  lo w out-of-plan e shea r  modulu s ar e
significan t  problems .  Variation s i n th e
tes t  procedur e includ e change s i n specime n
geometry ,  sometime s wit h th e adoptio n o f
waste d specimens ,  an d change s th e th e
metho d o f  introducin g th e load .  Specimen s
may b e wit h o r  withou t  end-pads ,  whic h may
be fla t  o r  may b e machine d wit h a  radius .
Sometime s sel f  stabilisin g honeycom b core d
sandwic h specimen s ar e used ,  bu t  thes e
specimen s suffe r  fro m hig h cost .

Many factor s ca n lea d t o inaccurat e o r
variabl e data ,  includin g th e choic e o f
tes t  metho d (2 )  an d specime n preparatio n
(3) .  Eve n th e choic e o f  adhesiv e require d
t o bon d th e en d pad s ca n affec t  th e
result .  Specime n alignmen t  an d fibr e
alignmen t  withi n th e specime n ar e crucia l
i n determinin g th e reliabilit y  o f  th e
results .  Fibr e misalignment s a s littl e a s
3 degree s ca n lea d t o compressio n
propertie s somewher e betwee n 1 3 t o 20 %
belo w expecte d value s fo r  uniaxiall y
aligne d specimen s (4) .  Al l  o f  thes e
factor s contribut e toward s makin g i t
difficul t  t o achiev e th e necessar y level s
of  reliabilit y  wit h compressio n data .

Wit h th e ai m o f  overcomin g som e o f  th e
problem s wit h testin g i n compression ,  BA e
hav e develope d tes t  technique s t o measur e
th e compressio n strengt h o f
unidirectional ,  axiall y aligne d specimen s
and th e compressio n strengt h an d modulu s
of  specimen s employin g multi-angula r  fibr e
arrangements .  Fo r  unidirectiona l
specimens ,  thi s ha s involve d th e
productio n o f  a  modifie d 'Celanese 1 rig ,
employin g nominall y 2  mm thic k specimen s
made fro m 1 6 plie s o f  prepre g wit h bonde d
end pads .  A n exampl e o f  th e specime n use d
wit h thi s ri g i s illustrate d inFigur e 3 .
The tes t  ri g i s illustrate d i n Figur e 4 ,
wher e i t  wil l  b e see n tha t  i t  comprise s
tw o cylindrica l  specime n grip s wit h a
tubula r  stee l  sleev e t o ai d accurat e
alignmen t  an d provid e latera l  stability .
The proble m wit h thi s technique ,  however ,
i s tha t  th e specimen s ar e difficul t  t o
prepare ,  a s ofte n th e adhesiv e use d t o
bond th e en d pad s spread s int o th e gaug e
length .  Thi s ha s t o b e remove d prio r  t o
th e test .  Failur e t o d o s o ca n influenc e
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th e result .  Wor k i s ongoin g i n
conjunctio n wit h othe r  Europea n aerospac e
companie s t o develo p specimen s whic h d o
not  suffe r  fro m thi s problem .
For  specimen s wit h multi-angula r  fibr e
arrangements ,  whic h yiel d quasi-isotropi c
properties ,  BAe hav e develope d tes t
procedure s whic h emplo y uniqu e edg e
stabilisation ,  a s show n i n Figur e 5 .  Her e
th e specime n i s paralle l  sided ,  28 0 mm
long ,  3 6 mm wid e an d usually ,  thoug h no t
exclusively ,  3  mm thick .  Th e stabilise r
configuratio n ensure s specime n alignmen t
and allow s fo r  th e us e o f  specimen s whic h
do no t  hav e end-pad s an d whic h are ,
therefore ,  relativel y simpl e t o produce .
I n consequence ,  thes e specimen s ar e
relativel y cheap .  A n additiona l  featur e
wit h thi s tes t  metho d i s tha t  whils t  th e
specime n i s i n th e compressio n rig ,  i t  may
be fitte d wit h a  clip-o n extensomete r  t o
enabl e th e compressio n modulu s t o b e
measure d alon g wit h compressio n strength .

More recently ,  othe r  worker s hav e
develope d a  loa d transfe r  devic e whic h
employ s specimen s wit h cylindrica l
geometr y (5) .  I t  i s  claime d tha t  thi s
desig n provide s a n accurate ,  controlle d
and reliabl e mean s o f  loa d transfer .
However ,  specimen s o f  cylindrica l  geometr y
ar e no t  easil y mad e usin g prepre g
materials ,  wit h whic h fla t  specimen s
geometr y i s preferred .

Give n th e difficultie s wit h
testing ,  wor k i n thi s area ,
likel y t o continu e wit h th e
new specime n geometrie s an d
fo r  introducin g th e loa d t o
value s fo r  bot h compressio n
modulus .

compressio n
i n general ,  i s
developmen t  o f
new method s
yiel d optimu m
strengt h an d

2. 2 compression-After-Impac t  Testin g

Ther e ar e a  numbe r  o f  compressio n afte r
impac t  tests .  Th e thre e common test s ar e
th e NASA/Aircraf t  Industr y Standar d
Specificatio n (6) ,  th e SACMA Recommended
Metho d SRM 2  (7 )  an d a  simila r  method ,  th e
Boein g Specificatio n Suppor t  Standar d
(BSS)  726 0 (8) .  Al l  rel y o n usin g a  smal l
impacto r  t o impar t  energ y t o th e
composite .  One o f  th e chie f  problem s wit h
testin g i n thi s wa y i s tha t  th e test s d o
not  generat e desig n allowable s (9) ,  an d
th e result s obtaine d depen d upo n th e tes t
metho d an d equipmen t  (10,11) .

3. MODES O F FAILUR E I N COMPRESSION

Unidirectiona l  carbo n fibr e reinforce d
composit e materials ,  wit h th e fibre s
aligne d paralle l  t o th e loa d axis ,  ca n
demonstrat e severa l  mode s o f  failur e whe n
teste d i n compression .  Th e tw o
principall y demonstrate d ar e th e
micro-bucklin g an d shea r  mode s o f  failure ,
althoug h ofte n variation s includin g
transverse ,  branche d transverse ,  spli t
transvers e an d broomin g mode s ar e feature d
(12) .  I t  i s  wort h notin g tha t  o n a
microscopi c level ,  thermose t  an d
thermoplasti c composite s sho w simila r
feature s (13) .

The particula r  failur e mode exhibite d b y a
composit e an d th e resultin g stres s a t
failur e depen d strongl y upo n th e
propertie s o f  th e fibr e an d matrix ,  th e
fibr e volum e fraction ,  th e propertie s o f
th e fibre/matri x interface ,  th e specime n
geometr y an d th e metho d o f  loadin g (2,12) .
Improvement s i n th e compressio n
performanc e o f  composit e material s ca n
onl y b e brough t  abou t  sensibl y i f  th e
influenc e an d interactio n o f  th e
constituent s i s understood .  Her e onl y th e
rol e o f  th e fibr e an d matri x wil l  b e
considered .

3. 1 Rol e o f  th e Fibr e

The rol e o f  th e fibr e i n compressio n ha s
been examine d i n previou s wor k (14,15) .
Experiment s involvin g singl e embedde d
fibre s (14 )  sugges t  tha t  compressio n
failur e initiate s a t  a  micr o crack ,  whic h
the n propagate s a s a  shea r  failur e withi n
th e fibre .  Th e result s fro m suc h
experiment s indicat e tha t  improvement s i n
fibr e compressiv e propertie s wil l  requir e
change s i n th e micro-crystallin e
conformation ;  change s whic h may b e brough t
about  b y hea t  treatmen t  (16) .  However ,
singl e fibr e experiment s ar e i n direc t
contras t  wit h test s conducte d usin g
composit e laminat e specimens ,  whic h
demonstrat e differen t  mode s o f  failure ,  a s
indicate d above .  I t  ha s bee n suggeste d
(15 )  tha t  th e compressiv e propertie s o f
th e fibre s limi t  th e performanc e o f
composite s onl y whe n fibre s wit h lo w
compressiv e strengt h ar e employed .  Fo r
composite s whic h contai n fibre s wit h a
moderate/hig h compressiv e strength ,  fo r
exampl e T30 0 an d AS4 fibres ,  compressio n
propertie s ar e strongl y influence d b y th e
matri x an d fibre/matri x interfac e
properties ,  an d depen d upo n fibr e geometr y
and modulus .

I t  i s  wort h notin g tha t  fo r  a  give n fibr e
modulus ,  PAN-base d fibre s sho w a  highe r
compressiv e strengt h tha n pitch-base d
fibre s (Figur e 6) .  I n term s o f  composit e
stress/strai n behaviou r  i n compression ,  i t
can b e show n (17 )  tha t  highl y non-linea r
deformatio n occur s i n test s employin g
mesophase pitc h base d fibres ,  whils t
PAN-base d fib're s exhibi t  linea r
deformation .  However ,  wherea s th e result s
i n referenc e 1 7 indicat e tha t  non-linea r
deformatio n i s reversible ,  othe r  work s
(18 )  hav e demonstrate d tha t  thi s for m o f
deformatio n may b e irreversibl e fo r
composite s wit h simila r  pitch-base d
fibres ,  suggestin g tha t  i t  i s  a s a  resul t
of  damag e accumulatio n i n th e for m o f
fibr e failure .  Clearly ,  th e tru e
mechanism s leadin g t o failur e hav e ye t  t o
be understood .
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3. 2 Rol e o f  th e Matri x

The mod e o f  failur e i n compressio n
exhibite d b y a  composit e i s strongl y
influence d b y th e shea r  modulu s o f  th e
matri x (19) .  Principally ,  th e matri x
provide s stabilit y  agains t  fibr e buckling ;
th e onse t  o f  whic h i s delaye d wit h
increasin g matri x stiffness .  Fo r  a
particula r  fibre/resi n combination ,  i t  ca n
be demonstrate d tha t  a  transitio n fro m a
bucklin g t o a  shea r  mod e o f  failur e occur s
at  a  particula r  tes t  temperature ,  a s th e
matri x stiffnes s changes .  Clearly ,  i f
futur e aerospac e composite s ar e t o benefi t
fro m improve d fibr e compressio n
properties ,  the n improvement s i n matri x
shea r  capabilitie s mus t  b e achieved .  Suc h
improvement s ar e no t  a  featur e wit h
currentl y availabl e epox y matrices ,  whic h
show no w th e sam e shea r  modulu s a s the y
di d i n th e past .

4. COMPRESSION-AFTER-IMPACT (CAI )

Critica l  structures ,  fo r  exampl e aircraf t
win g skins ,  mus t  b e designe d t o accoun t
fo r  an y reductio n i n strengt h whic h may
occu r  followin g lo w leve l  impact ,  suc h a s
tha t  tha t  may occu r  fro m runwa y debri s o r
fro m a  droppe d servicin g tool .  An y
reductio n i n composit e strengt h
necessaril y  result s i n increase d aircraf t
mass.  Clearl y i t  i s  desirabl e tha t  th e
composit e materia l  chose n ha s a  hig h
resistanc e t o impac t  damage .  I t  i s
perhap s th e pos t  impac t  compressio n
performanc e whic h present s th e greates t
scop e fo r  improvemen t  wit h composit e
materials .

The kinetic s o f  damag e mechanism s i n
laminate d composite s hav e bee n considere d
(20 )  an d severa l  form s o f  damag e
accumulatio n hav e bee n identifie d
including :  matri x microcracking ,
delaminatio n an d fibr e breakage .  Of
these ,  delaminatio n i s considere d t o b e
th e mos t  important .

I t  i s  difficul t  t o identif y whic h materia l
propertie s trul y dictat e th e impac t
performanc e o f  a  laminate d composite .
Attempt s t o correlat e matri x fractur e
toughnes s wit h impac t  performanc e hav e
prove d t o b e onl y partiall y  successful ,
thoug h th e toughnes s o f  th e matri x i s a n
importan t  facto r  (21) .

4. 1 Materia l  Development s t o Improv e
th e Impac t  Performanc e

For  reason s o f  improve d toughness ,  leadin g
t o improve d compressio n afte r  impac t
performance ,  recen t  year s hav e see n th e
developmen t  o f  multi-phas e toughene d
thermose t  polyme r  matrices ,  usuall y
involvin g th e additio n o f  thermoplasti c o r
rubbe r  modifiers .  However ,  thi s approac h
ofte n lead s t o problem s wit h thei r  solven t
sensitivity ,  handlin g characteristic s an d
morphology .  Th e morphologica l  natur e o f
th e toughenin g agen t  affect s th e toughnes s
performanc e o f  th e matri x and ,  generally ,
thi s i s sensitiv e t o th e processin g
conditions .  Mor e recently ,  som e effor t  ha s
gone int o developin g tw o phas e (22 )  an d
singl e phas e (23 )  toug h epox y resins ,
which ,  i t  i s  claimed ,  overcom e th e proble m

of  morpholog y control .  Othe r  work s hav e
sough t  t o improv e th e elevate d temperatur e
performanc e o f  thermose t  resins ,  whils t
stil l  maintainin g toughnes s (24) .  I n thi s
respect ,  ne w resin s base d o n cyanat e
chemistr y hav e bee n develope d (25) ,
includin g toughene d cyanate s (26 )
principall y yieldin g a  highe r  temperatur e
performanc e tha n epoxies ,  bu t  whic h als o
retai n respectabl e level s o f  toughness .
The requiremen t  fo r  a  composit e wit h a
highe r  servic e temperatur e tha n tha t
achieve d wit h epoxie s ha s als o le d t o th e
developmen t  o f  bismaleimid e (BMI )  resins ,
and improve d toughnes s BMI' s (27) .

I t  i s  generall y accepte d tha t  th e bes t
pos t  impac t  compressio n result s ar e
achieve d wit h thermoplasti c composites ,
particularl y thos e wit h amorphou s matrice s
suc h a s polyetherimid e (PEI) .  However ,
amorphou s thermoplastic s suffe r  fro m lo w
solven t  resistance .  I n consequence ,  muc h
of  th e researc h an d developmen t  effor t  o n
thermoplastic s fo r  aerospac e ha s focuse d
on semicrystallin e thermoplastic s suc h a s
polyethe r  ethe r  keton e (PEEK) ,  whic h
resis t  deterioratio n b y al l  aerospac e
fuels ,  hydrauli c fluid s an d solvents .

Though th e impac t  performanc e o f  PEEK
based^composite s i s considere d t o b e
excellen t  compare d wit h toughene d epoxie s
i n general ,  i t  ca n b e show n (21 )  tha t  som e
of  th e newes t  toughene d epoxie s hav e
simila r  pos t  impac t  propertie s t o PEEK
composites .  Thi s poin t  i s emphasise d i n
Figur e 7  whic h illustrate s th e compressio n
strengt h afte r  impac t  performanc e fo r  a
rang e o f  thermose t  composites ,  compare d
wit h IM 6 fibr e reinforce d PEEK.  Thes e
dat a wer e obtaine d mainl y a t  a n impac t
energ y o f  9  Joule s usin g 4  mm thic k
quasi-isotropi c laminates .  Th e tes t  wa s
base d o n th e Boein g 726 0 CAI  test ,
employin g specimen s 10 1 mm x  15 2 mm.  I t
wil l  b e see n fro m Figur e 7  tha t  compare d
wit h T800/5245 ,  PEEK offer s a  significan t
advantag e i n term s o f  enhance d pos t  impac t
compressio n strength ,  thoug h i t  wil l  als o
be see n tha t  IM7/977- 2 an d T40/1983- 2 sho w
simila r  level s o f  pos t  impac t  compressio n
strengt h t o PEEK.  Damage diameter ,
determine d b y c-sca n ultrasoni c
non-destructiv e testing ,  a s a  functio n o f
impac t  energ y fo r  PEEK/IM 6 an d 5245/T80 0
i s illustrate d i n Figur e 8 .  Her e i t  wil l
be see n tha t  a t  lo w level s o f  impac t
energy ,  th e diamete r  o f  th e delaminate d
regio n i s significantl y les s fo r  IM6/PEEK .
I t  appear s tha t  fo r  thi s materia l  ther e i s
a threshol d level ,  belo w whic h n o
delaminatio n i s detectin g usin g th e c-sca n
metho d adopted .  I n thi s cas e th e threshol d
leve l  i s abou t  1 7 Joules .

I n a n attemp t  t o improv e th e impac t
performanc e o f  composites ,  som e worker s
(28 )  hav e introduce d thermoplasti c layer s
int o th e composite ,  th e s o calle d
interleavin g concept .  Althoug h
improvement s ca n b e gaine d usin g thi s
method ,  ther e i s a n unacceptabl e decreas e
i n genera l  mechanica l  properties .
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At  th e presen t  time ,  thermoplastic s ar e
not  widel y use d throughou t  th e aerospac e
industr y eve n thoug h the y are ,  i n general ,
more resistan t  t o impac t  damag e tha n
thermosets .  Thi s ca n b e explaine d partl y
by th e fac t  tha t  hig h processin g
temperature s an d pressure s ar e usuall y
require d (Figur e 9) ,  an d partl y b y th e
fac t  tha t  thermoplasti c prepreg s hav e n o
or  littl e tac k an d hav e limite d drap e
(excep t  fo r  th e variou s form s base d o n
blende d fibres) .  Thermoplastic s do ,
however ,  presen t  certai n advantage s i n
tha t  the y requir e n o refrigeration ,  the y
can b e reworked ,  an d ca n b e welded .
Though impac t  damag e ca n significantl y limi t
th e compressio n performanc e o f  a  polyme r
composit e material ,  i t  shoul d b e
remembere d tha t  th e strength ,  i n bot h
tensio n an d compression ,  i s lowere d b y th e
introductio n o f  notches ,  an d a s a  resul t
of  fibr e misalignmen t  an d wavines s
(29-34) .  I n practice ,  notche s tak e th e
for m o f  bol t  holes ,  an d fibr e
misalignment ,  howeve r  small ,  i s  a  featur e
of  composit e component s manufacture d i n
th e productio n environment .  Fibr e wavines s
i s governe d b y th e for m an d qualit y o f  th e
prepreg .  Th e effec t  o f  thes e factor s o n
th e performanc e o f  composite s i s
documente d i n th e literatur e an d wil l  no t
be discusse d here .

5. CONCLUDING REMARKS

Futur e comba t  aircraf t  may fl y faste r  and ,
i n consequence ,  b e hotte r  tha n curren t
aircraf t  (Figur e 10) ,  o r  the y may hav e
loca l  'hot-spots '  cause d b y loca l  je t
efflux .  Futur e aerospac e material s may b e
require d t o perfor m a t  temperature s i n
exces s o f  20 0 degree s centigrade ,  an d may
be require d t o demonstrat e simila r  level s
of  pos t  impac t  compressio n strenqt h a s th e
bes t  currentl y availabl e epoxies .  Th e ai m
may als o b e fo r  lighte r  aircraf t  fo r  a n
efficien t  vertica l  take-of f  o r  landin g
capabilit y  o r  fo r  hig h agility ,  placin g
greate r  mechanica l  performanc e demand s o n
th e material s used .

I t  i s  probabl y saf e t o sa y tha t  whateve r
othe r  criteri a ar e place d agains t  a
particula r  material ,  improve d compressio n
performance ,  particularl y pos t  impac t  wil l
be a  priorit y requirement .

I t  i s  eviden t  fro m th e abov e discussio n
tha t  improvement s i n thes e propertie s wil l
requir e matrice s wit h improve d shea r
capabilities ,  t o gai n benefi t  fro m th e
compressio n strengt h o f  th e reinforcin g
fibres ,  an d wit h a  hig h fractur e toughnes s
fo r  improve d damag e tolerance .

Fro m a n engineerin g viewpoint ,  a  greate r
understandin g o f  th e mechanism s o f  damag e
formatio n i s needed ,  a s i s a  metho d o f
predictin g th e leve l  o f  damag e an d th e
resultin g strengt h reductio n followin g a n
impac t  o f  multipl e impacts .

I n addition ,  fro m a  productio n poin t  o f
view ,  th e matri x shoul d b e "use r  friendly 1

(non-toxic )  an d b e chea p enoug h t o yiel d
lo w cos t  prepreg .  Ideally ,  i t  shoul d b e
capabl e o f  bein g processe d a t  a  relativel y

lo w temperatur e (somewha t  belo w 177°C )  i n
orde r  t o reduc e processin g costs .  Th e
prepre g shoul d posses s goo d tack ,  goo d
drape ,  hav e a  lon g (preferabl y
indefinite )  shel f  lif e an d b e easil y
repairabl e a s a  cure d laminate .
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I.M .  Fibr e 1 2 5 0

Fi g l .  Propertie s compariso n fo r  a  numbe r  o f  common aerospac e
materials .  Th e CFC dat a relat e t o a  unidirectiona l  laminate .

Fi g 2 .  Tensio n an d compressio n strengt h reductio n throug h th e
introductio n o f  a  notc h an d a s a  resul t  o f  hea t  an d moistur e
(cas e 4) .



C.F.C.  -¥-  METALLIC.

COMPONENT

TAILERON TORSION BOX.

ACCESS DOORS (HINGED) .
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THREE-DIMENSIONAL ELASTICIT Y ANALYSI S OF BUCKLING OF LAMINATED PLATES

A.  J .  M.  SPENCER

Departmen t  o f  Theoretica l  Mechanics ,
Universit y o f  Nottingham ,
Nottingham ,  NG7 2RD,  U.K .

ABSTRACT

The analysis of failure mechanisms for laminated composite
materials depends, in the first place, on obtaining a three-
dimensional analysis of the elastic stress and deformation in
the material, with particular regard to interlaminar stresses.
The author and colleagues have developed a procedure for
the solution of the equations of three-dimensional linear
elasticity for the determination of stress and deformation in
laminated plates. The plate is assumed to be composed of
anisotropic elastic material containing any number of
orthotropic plies with any specified orientations.

A transfer matrix method is used which determines, to any
desired degree of accuracy, the stress and displacement at
any point in the plate in terms of the stress and
displacement at a reference surface, for example the mid-
plane. The two-dimensional differential equations governing
these reference surface values are found to be the same as
those for an equivalent homogeneous plate whose constant
elastic moduli are appropriately weighted through thickness
averages of the ply elastic moduli. These standard
two-dimensional equations may be solved by any available
technique, including numerical methods. The appropriate
two-dimensional solution then generates the three-
dimensional solution in a straight-forward manner.

In this paper we apply this approach to the investigation of
elastic buckling of plates subject to pre-stress which may be
due to applied initial stress residual stress, thermal load or
moisture absorption. Buckling is treated in the usual way
as a bifurcation from the initiall y stressed state, giving rise
to an eigenvalue problem. Specific examples for particular
plate geometries are described.

1 INTRODUCTION

Most studies of buckling of laminated plates have been
based on classical laminate theory, which is described by,
among others, Jones [1], Christensen [2] and Whitney [3].
In effect, classical laminate theory approximates the
behaviour of a laminated plate by that of a homogeneous
plate whose mechanical properties are suitably weighted
averages of the properties of the laminate. As such,
classical laminate theory is an excellent theory which has
been successfully applied to numerous problems in the stress
analysis of laminates.

However, like all theories, classical laminate theory has
limitations. Since it deals with through-thickness averaged
quantities, it cannot directly determine through-thickness
variations of stress and displacement, which include
important quantities such as interlaminar shear stresses. It
is also based on the Euler-Bernouilli bending hypothesis,
which exact solutions have shown [4] to be a very coarse
approximation for strongly anisotropic laminates, and which
neglects transverse shear deformation.

Various refinements of classical laminate theory have been
proposed, such as the so-called higher order theories [2].
The point of view adopted here is that rather than develop
such theories it is preferable to revert to three-dimensional
elasticity theory, the validity of which is not in question.
Significant advances have been made recently [5,6] in
three-dimensional stress analysis of laminated plates and

shells, using propagator or transfer matrix methods. In this
paper we apply such methods to the buckling of laminated
plates, treating buckling as a bifurcation from a state of
initial stress (an alternative approach is to use energy
methods [3] but these are not considered here). The initial
stress may be due to mechanical loading, but may also arise
from thermal or hygroscopic expansion stress [3,5].

2. EQUILIBRIUM OF A PLATE WITH INITIA L
STRESS

The theory of equilibrium of elastic bodies with initial stress
was developed by Biot [7]. A concise account of the
theory is given in Whitney [3].

The system is described in terms of a set of rectangular
cartesian coordinates Ox,x2x3, and vector and tensor
components are referred to this system. We employ suffix
notation and the usual summation convention.

We consider a body which in its reference configuration is
in a state of initial stress S with components Sjj. The
body undergoes a small incremental displacement u
(components u,) from this reference configuration, which
gives rise to an incremental stress. The equilibrium
equations in this deformed configuration are expressed in
terms of the Kirchhoff stress tensor Sjj + ffj j as

j , k)}  - 0 , (2 -1)

where 6-.  ̂ is the Kronecker delta and ( )  ̂ denotes
differentiation with respect to x^. We assume the initial
stress S to be in equilbrium, so that

s i j , i - ° • < 2 - 2 >
Then, for small incremental stress and displacement

" i j , i + ( s i k u j , k ) , i - ° • (2- 3)
We now consider a flat plate of thickness 2h, bounded by
the planes x3 = ±h. The plate is assumed to be in a state
of initial stress S of the form

S -

S,,

S 1 2

0

S 1 2

S2 2

0

( 2 .4)

For simplicity we assume that S is uniform in the x and y
directions, but allow it to vary through the thickness. Thus

S - S (x3) . (2 .5)

Clearly S is an equilibrium stress field and the faces
x3 = ±L are traction-free.

Upon this initial state of stress, we superpose an additional
incremental stress field a, with corresponding small
displacement u. Then, with S given by (2.4) and (2.5),
(2.3) becomes

a^ 1 , 1-^21 , 2+(J31 , 3 + Sl 1U1 , 1 1+2S1 2U1 , 1 2+S22U l , 2 2~° -

(2 .6 )

0 ' l 3 , l + ( r 2 3 , 2 + f f 3 3 , 3 + S l l U 3 , 1 1 +2S 1 2U3 , 1 2+S 2 2U 3 , 2 2=° •

(2 .7)
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The condition that the faces x3 = ±h of the plate are

traction free is

a ,3 - 0 , d23 - 0 , <T33 - 0 . (2 .8)

To recover the equilibrium equations of classical plate
theory we introduce the stress resultants and moments

h

-h
dx, (2.9)

( M , , , M , 2 , M 2 2 ) - J x 3 ( a1 1 , f f , j , < 7 , 2 ) dx3 , (2.10)
-h

( T , , , T ,2 , T 2 2 ) - J ( S , , , S ,2 , S2 2 ) dx3. (2.11)
-h

We have to assume that

(a) S ,, ,S 2 2 and S, 2 are even functions of x 3;
(b) u,and u2 are even functions of x3;
(c) u3 can be approximated by its value w(x, ,x2) at the

mid-plane x3 = 0.

Assumption (a) is plausible if the plate is symmetric about
the mid-plane with respect to its elastic properties and the
initial stress arises from in-plane loading. It would not be
expected to apply if the plate were non-symmetric or, for
example, if the initial stress arose from non-uniform
heating. Assumption (b) is appropriate for incremental
bending of symmetric plates under edge moments, but not
for non-symmetric plates. Assumption (c) is conventionally
made in plate theory and is usually considered adequate for
thin plates.

With
integ
from x3

these assumption, multiplying (2.6) by x3 and
ting from x3 = -h to x3 = h, and integrating (2.7)
, = -h to x, = h gives, with (2.8)

IT iLi i in^ot . a^oui i

integrating from x3 = -h to x3 = h, and
frnm v = -h to x3 = h gives, with (2.8)

-\. .

( 2 .12)

- o:P- +3x7

These are the classical plate equilibrium equations in the
presence of initial stress, as given in, for example, Biot [7],
Jones [1] and Whitney [3]. However, it is important to
realise that (2.12) depend on the assumptions detailed above
and that if these assumptions do not apply then (2.12) can
at best be regarded as approximations.

3 CONSTITUTIV E EQUATION S

We assume the incremental stress-strain behaviour of the
material to be linear elastic, with a linear relation between
the incremental stress CTJJ and the incremental strain e j j,
where

ei j " ^ui  , j+uj , i ^ • (3 .1)
The only material symmetry assumed is that of reflectional
symmetry with respect to the surfaces x3 = constant. Then
the stress-strain relation takes the form

al  1
^2 2

^3 3

^2 3

"31

(T.,.

_

C1 1

C1 2

C1 3

0

0
C1 B

C1 2

C22

C23

0

0

c, B

^ - 5 5

0

C1 6

C2 6

C3 6

0

0

C66

e i  i

6 2 2

6 3 3

2e 2 3

2e 3 ,

2e, 2.

(3.2 )

where the Cjj are moduli for incremental deformations from
the initiall y stressed state, and form the incremental stiffness
matrix. Various special cases of (3.2) are of interest. If
the material is orthotropic the thirteen Cjj can be expressed
in terms of nine moduli required for description of ortho-
tropic symmetry and the angle defining the orientation of
the orthotropic axes with respect to the coordinate axes. If
the material is transversely isotropic five independent moduli
and an angle suffice, and if it is isotropic only two moduli
are required. Al l of these cases can be dealt with by
appropriate specialisation in (3.2); details are given in the
standard texts, such as [1], [2], [3].

In a laminate, each of whose plies has at least elastic
reflectional symmetry with respect to planes x3 = constant,
the stress-strain relation is of the form (3.2) in each ply,
but the Cjj differ from ply to ply. To avoid having to
discuss individual plies at this stage, we adopt the useful
device of regarding the Cjj as specified functions of x3. In
a laminate the q: are piecewise constant functions of x3,
and later we shall specialise to this case. However at
present we may proceed generally and assume arbitrary
inhomogeneity in the x3 direction.

To complete the formulation of plate theory we now inte-
grate (3.2), and (3.2) weighted with the first and second
powers of x3 , through the plate thickness, adopt the Euler-
Bernouilli hypothesis, and thus express the stress resultants
and moments in terms of the me;an strains and mid-plane
curvatures. However, this procedure inevitably, through the
integrations, loses details of the solution, and also involves
further approximation. To avoid these restrictions, we
continue the analysis in terms of three-dimensional elasticity
theory.

4 THREE-DIMENSIONAL ELMTICITY ANALYSIS

The ful l three-dimensional system of equations comprises
(2.6), (2.7) and (3.2); these represent nine equations for the
three displacement components u; and six incremental stress
components <7jj. The coefficients Sjj and Cjj in these
equations are specified functions of x3, but are independent
of x, and x2. No approximation is involved in formu-
lating these equations, other than the usual ones of
linearised elasticity theory.

After some manipulation, these nine equations can be
written in the matrix form

3x7 = *

where

B -

A -

(U, U 2 (73

Q A ( x 3 )

B(x3 ) 0

-T- - -3 -dx, ox2

S -

-",,

3 £ii 3
3x7 "

C
3 3 3*7

o;

-L

-K,

-K,

(4 .1)

( 4 . 2)

( 4 . 3)

( 4 . 4 )

,„ 3

a
c, , dx , c3 3 x  C 3 3

(1.5)
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c -

<»"^7 + Q"Jl
3 „ 3

,g=- + 026g^-
*OX . OA 5

-3x7

^- + Q.»r-3x7 3x7

3

3

f S55 S45l f C 55 C4!

(4 .6)

( 4 . 7)

Qi
and L,

L - S,

K , , ,

a2

i T577;

- 1 3"
* i i — '

K 2 2, K, 2

r + 2S12 -

•J — ,

are the

32

Jx . dx _

i , j - 1 ,2 ,6 (4.

differential operators

- S2 2 UT . <«

.8)

.9)

and so on. For a homogeneous material with uniform
initial stress, so that Cjj , QJJ and Sjj are constants, P takes
the exponential form

P(x3,x$) = exp{(x3-x*)R}  • (4 .17)

We note that successive terms in the series (4.13) are of
successively increasing orders in the plate thickness 2h.

In principle, (4.11) determines the full elasticity solution if
the variables which form the elements of y are known on
the reference plane x3 = x*3. In general, "of course, these
quantities are not known a priori; for example, if the
lateral surfaces are traction-free, we would have

°" , 3 - 0 , ^2 3 ~ U ' ° 3 3 ~ "  °"  X3

but no initial information about u ,, u2 and u3, other than
information that might be inferred from any physical and
geometrical symmetry properties.

LAMINAT E TREATMENT

(Q6 6
+s2 2) §̂

For simplicity, we consider a symmetric laminate; the
procedure readily extends to the non-symmetric case. We
consider each lamina to be of homogeneous linear elastic
material with the material symmetry described by (3.2).

(Q66+ s, ,) I^T + 2( Q 2 6+ S, 2) g r̂3x i ox,o x  2

(4.10)

In this formulation, (4.1)! may be regarded as a system of
six first order linear homogeneous ordinary differential
equations, albeit with coefficients that are differential
operators in x, and x2, for the six variables which form
the vector y. We note that these are the variables that are
required to "be continuous through the plate thickness. If a
solution for these variables is obtained, it is a matter of
simple substitution in (4.1)2 to determine the remaining
stress components. The dependence on x, and x2 can be
removed by taking Fourier transforms in these variables, but
this gives rise to the problem of eventually inverting the
transforms, and we do not proceed in that way.
Formulations of the type (4.1) seem to have first been used
by Bufler [8] in the context of isotropic elasticity without
initial stress. Related formulations have been employed in
problems of elastic wave propagation in layered media, as
for example in Kennett [9].

The advantage of the formulation (4.1) is that we can write
down an exact formal solution, namely

y(x3 ) - P(x3 ,x*) y(x*) (4.11)

where x3 = x*  is some chosen reference plane (normally
the upper or lower plate surface, or the midplane) and
P(x3,x* ) is the transfer matrix or propagator matrix, given
by

dP - R P (4 .12)

Formally, P can be expressed in the series form.

P2

P3 - df

(4.15)

(4.16)

numbered 0 to N, so that the whole laminate comprises
2N+1 laminae. The interface between lamina r-1 and
lamina r is at x3 = zr, so that lamina 0 lies between
x3 = ±z0, and for r > 1 lamina r is in the region
zr-l < "3 <  zr- We also denote h = Zfj .

The elastic moduli, reduced elastic moduli and initial stress
in lamina r are denoted by eft), QM and $M respectively,
and the matrices R, A, B and C correspondingly by Rr,
A r, Br and Cr. ~The~ transfer matrix P in lamina r is
denoted by Pr(x3,zr_,) and is obtained by substituting the
lamina values" of Cjj , QJJ and Sjj in the expression for P.
Clearly we have (in the general case)

P(x3,x** ) - P(x3,xt)P(xt,x t* ) (5 .D
and so, in lamina r, taking the mid-plane x3 = 0 as
reference plane

P ( x3 , 0) = Pr ( x 3 , z r _ , ) Pr _ i (zr _, , z r _ 2 ) , . . .
P , ( z , , z0 ) P0 ( z0 , 0) , (5.2)

which determines P(x3,0) for the entire laminate. With

(4.17), we may express this as

P(x3 , 0) - exp-{(x3-zr_1 )Rr } exp (hr _1R r _, )

exp (hr .2R r _2) • • . exp (h ,R , )exp (h0R0) (5 .3)

where hr = zr-zr_! is the thickness of lamina r (r=l,2,...N)
and h0 = ZQ .

6. DETERMINATIO N OF MID-PLAN E VARIABLE S

Again for brevity, we consider symmetric laminates and
symmetric initial stress, although the general case is of
interest and is tractable. We also restrict consideration to
bending mode deformations, in which u ,, u2 and cr33 are
odd functions of x3, and (7, 3, < T2 3 and u3 are even
functions of xv We take the mid-plane x3 = 0 as

P(X 3,

where

P, -

xt)

,X 3

x*

- !+P,(xs

R(O d| ,

x* )+P2(x 3, x * )+P3(x 3, x * )+ . .

(4

(4

r
x

13)

14)

reference plane. Then u, = 0, u2 = 0,
x3 = 0, and (4.11) becomes

3 ( x 3 ) J

,(x, )

<T, , (X, )

= 0 at

-

p Pr  1  4  r  1  5

P Pr 24 r  2 5

Ps4 PS S

P P
*4 4 K 45

P PK54 r 55

P P

P, 6

P26

P36

P46'

P56

PKB

r ^
r 2

w

r ,

^ 2

w

(6.1)

where PJJ are the elements of P(x3,0), and r , , T 2 and w
are values of <r, 3 (723 and u3 respectively at the midplane,
and are functions'of x, and x2 .
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The boundary conditions (2.8) then give

r 5 4

3
34 r 3 5

(6.2)

where PJJ are elements of the transfer matrix from the
mid-plane to the surface, so that

P = P(h ,0) - P(xN ,0) .

Eliminating r, and r 2 from (6.2) then gives

Aw - 0 ,

where

s s

r 3 5

(6.3)

(6 .4)

(6.5)

and (6.4) is the equation that determines w(x , ,x2) and from
which the rest of the solution follows. The difficult y is
that A is an infinite-order differential operator, so the
solution of (6.4) poses some problems. Nevertheless,
progress can be made.

The solution £equires the calculation of P, or at least those
elements of P that appear in (6.5). This is most easily
carried out using (5.3), from which

e x p ( h , R , ) e x p ( h0 R0 ) . (6.6)

To obtain approximate solutions we expand the exponentials
as, for example

exp(hR) - I+hR + -J-h2R2

(6 .7)

(noting that successive terms are of successive orders in h)
and truncate the series at an appropriate point. The
expansions are simplified by the form of each R

(6 .8)

which gives

[AB 0 -I
•"

.0 BAJ

rABAB

! " lo

r 9
B3 -

LBAB

°1 •"

BABA]

ABAl

0 J

(6.9)

I f the series (6.7) are truncated at the h3 terms, and Sjj
are neglected compared to QJJ, it can be shown that (6.4)
recovers the classical laminate theory equation

Q i i w
> i . , i + 4 Q i S » > , , 1 2

+ 2 ( Q 1 2 + 2 Q 6 6 ) w | 1 1 2 2

where - T nw , i i + 2 T , 2w , , 2+ T 2 2w 22 (6.10)

Q JJ = 2| x 3 Q j j dx3 . (6 .11)

This result in itself is significant, as it shows that the
laminate theory equation can be derived systematically from
three-dimensional elasticity theory, without the use of any
arbitrary assumptions such as the Euler-Bernouilli
hypothesis.

To develop the next order approximation it is necessary to
retain terms up to h= in (6.7). This leads to an equation
for w of the form

h2Aijkemn w,  ijkCmn +BijkC w,ijkC- Tij w,  i j  -  0  ,(6.12 )

where summation convention is used with the indices taking
values 1,2, and Bjj k8 are the coefficients on the left of

(6.10). The coefficients Ajj kgmn are too complicated to be
written here; their calculation is greatly facilitated by use of
symbolic algebraic manipulation software, and with this aid
does not present a real obstacle.

7 CYLINDRICAL BENDING OF A THREE-PLY
LAMINAT E

To illustrate the effect of the higher-order terms in
(6.12) we consider cylindrical bending of a three-ply
cross-ply laminate with the orthotropic axes parallel to the
x and x2 directions. Thus we seek solutions with N=l
and

u2 = 0 ,

C1 - C - C

0 • (7.1)

-«5 - 0, S 1 2 - S 2 2 - 0 (7.2)

We also suppose that c33 takes the same value in each
lamina, and normalise the stress and stiffness components
with respect to c3 3; that is, we choose units of stress such
that c33 = 1. We also take h0 == h, = Jh.

It is emphasised that these simplifications are made purely
for illustration, and that it is perfectly possible to proceed
generally.

Adopting these simplifications, and neglecting Sj: in
comparison to Cjj and QJJ, we find that (6.12) reduces to

(7.3)

where

(7.4)

BUCKLING IN UNIAXIA L COMPRESSION -
SIMPLE SUPPORT

As a simple application we consider buckling in the
cylindrical bending mode of the plate described in
Section 7, with simple support at x, = 0, x, = a. Thus
we seek non-trivial solutions of (7.3) such that

(8 .1)w - 0 , d2w/dx2 - 0 , x,.. 0, x,-

The appropriate solutions are of the form

w - c s in ( n - 1 , 2 , . . .)

Then from (7.3) the critical loads T ,, are given by
n 2 l r 2Q,-T,

(8 .2)

(8.3)

The effective mode is clearly n = 1. We note the
following

(a) the leading term (given by setting h = 0 in (8.3))
gives the result according to classical laminate theory,

(b) the result (8.3) involves the shear modulus c5 5, and
so includes effects of transverse shear,

(c) the expression (8.3) is not dissimilar (but not iden-
tical) to the result quoted by Whitney [3] using a
shear deformation theory.
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A REVIE W OF RAE SPONSORED WORK ON TH E COMPRESSIVE BEHAVIOUR OF
COMPOSITE MATERIALS

P.T .  Curti s
Material s an d Structure s Departmen t

DRA Aerospac e Divisio n
RAE Farnboroug h

Hant s GU14 6TD ,  U K

SUMMARY

The Non-metalli c  Material s Divisio n a t  RAE
Farnboroug h ha s mounte d a  majo r  programm e
of  wor k t o stud y th e compressiv e
behaviou r  o f  composit e material s an d see k
improvement s i n compressiv e strength .
Thi s i s bein g don e b y developin g improve d
compressiv e tes t  techniques ,  studyin g
failur e processe s fractographically ,
investigatin g th e effec t  o f  notche s an d
impac t  damag e an d modellin g behaviou r
mathematicall y t o develo p predictiv e
capability .  I n thi s pape r  a n overvie w o f
thi s wor k i s presented ,  wit h critica l
result s an d conclusions ,  an d reference s t o
fulle r  treatment s ar e cited .

INTRODUCTION

I n recen t  year s th e tensil e propertie s o f
composit e material s hav e increase d
dramatically ,  mainl y du e t o significan t
increase s i n fibr e strengt h an d stiffness ,
but  als o t o improvement s i n polyme r  matri x
toughnes s an d ductility .  Unfortunatel y
ther e ha s bee n n o paralle l  improvemen t  i n
compressiv e propertie s wit h th e conse -
quenc e tha t  th e vas t  majorit y o f  strengt h
critica l  design s ar e no w compressio n
limited .

The Non-metalli c  Material s Divisio n a t  RAE
Farnboroug h ha s mounte d a  majo r  programm e
of  work ,  bot h intramura l  an d extramural ,
t o addres s thi s problem .  Thi s i s bein g
done b y developin g improve d compressiv e
tes t  techniques ,  studyin g failur e
processe s fractographically ,  investigatin g
th e effec t  o f  notche s an d impac t  damage ,
modellin g behaviou r  mathematicall y t o
develo p predictiv e capabilit y  an d seekin g
materia l  improvements .  I n thi s pape r  a n
overvie w o f  thi s wor k i s presented ,  wit h
critica l  result s an d conclusions ,  an d
reference s t o fulle r  treatment s ar e cited .

COMPRESSION FAILUR E PROCESSES

I n attemptin g t o improv e th e compressiv e
propertie s o f  composit e material s ther e i s
an urgen t  nee d fo r  a  greate r  understandin g
of  th e wa y th e material s behav e unde r
compressiv e loadin g an d ho w the y fail .  I n
an attemp t  t o improv e ou r  understandin g o f
th e wa y thes e material s behave ,  RAE
Farnboroug h ha s supporte d wor k a t
Cambridg e Universit y aime d a t  modelling ,
experimentally ,  th e behaviou r  o f  unidirec -
tiona l  composit e material s (Re f  1) .

The earl y model s o f  compressiv e failur e
derive d fro m Rose n an d hi s fello w worker s
i n th e USA (Re f  2) .  The y argue d tha t
compressiv e strengt h wa s determine d b y
fibr e microbucklin g involvin g elasti c
matri x deformation .  B y applyin g a  strai n
energ y balanc e t o thi s mod e o f  failur e a n
expressio n fo r  U D compressiv e strengt h wa s
obtained: -

-  V f

(pi) 2Efd 2

~~3 L 2
Vf

wher e V f  an d E f  ar e fibr e volum e fractio n
and modulus .  G, .  i s  th e matri x shea r
modulus ,  d  th e fibr e diamete r  an d L  th e
bucklin g wavelength .  Give n a  composit e
tha t  trul y fail s b y th e elasti c micro -
buckling ,  goo d agreemen t  ca n b e obtaine d
wit h experiment .  Fi g 1  show s dat a
generate d b y Cambridg e Universit y o n a
model  spaghetti/elastome r  system ,  whic h
undergoe s tru e elasti c microbuckling ,
whic h agree s wel l  wit h th e Rose n equation .

I n general ,  th e Rose n expressio n ha s bee n
foun d t o greatl y overestimat e th e
compressiv e strengt h o f  th e mor e usua l
polyme r  base d composites .  Thi s i s perhap s
partl y becaus e i t  make s n o allowanc e fo r
plasti c yiel d o f  th e matrix .  Argo n an d
Budiansk y (Ref s 3,4 )  identifie d th e shea r
yiel d stres s k  o f  th e matri x an d th e
initia l  fibr e misalignmen t  <t  o f  th e fibre s
as th e mai n factor s controllin g th e
compressiv e stres s whe n plasti c micro -
bucklin g occurs .  Fo r  a  perfectl y rigi d
plasti c bod y Budiansk y showe d tha t  th e
compressiv e strengt h ca n b e approximate d
by: -

Most  o f  th e hig h performanc e composite s i n
use exhibi t  som e degre e o f  plasticit y an d
thu s thi s mode l  generall y give s quit e
reasonabl e agreemen t  wit h experimen t
(Fi g 2) .  I t  does ,  o f  course ,  rel y o n a
knowledg e o f  th e fibr e misalignment ,  whic h
i s no t  a n eas y paramete r  t o measur e o r
indee d control .

The las t  majo r  mechanis m o f  compressiv e
failur e i s b y failur e o f  th e fibre s eithe r
by crushin g o r  b y shearing .  Th e latte r  i s
frequentl y observe d i n hig h modulu s carbo n
fibres .  I f  failur e i s b y shear ,  the n a
reasonabl e estimat e o f  compressiv e
strengt h ca n b e mad e b y assumin g tensil e
and compressiv e strengt h ar e equal .  N o
model s currentl y exis t  t o predic t  th e
columna r  crushin g failur e o f  th e fibres .
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Clearl y i n al l  thi s ther e ar e fou r  ke y
material s variable s whic h w e coul d expec t
t o influenc e th e rat e o f  degradatio n an d
failur e o f  polyme r  matri x composites .
Thes e are: -

1 Fibr e geometr y (diameter ,
misalignment ,  cross-sectio n etc) .

2 Th e fibre/matri x interface.

3 Fibr e mechanica l  properties .

4 Matri x mechanica l  properties .

The wor k bein g supporte d b y RAE
Farnboroug h i s seekin g t o optimis e thes e
ke y variable s withou t  detrimen t  t o othe r
properties .

TEST METHODS

One o f  th e majo r  obstacle s t o furtherin g
our  knowledg e o f  compressiv e failur e
processe s an d improvin g compressiv e
strengt h ha s bee n th e difficult y o f
testin g composit e material s i n compressiv e
loadin g an d obtainin g tru e compressiv e
failures .  Recognisin g thi s problem ,  RA E
Farnboroug h ha s participate d i n a  Garteu r
roun d robi n exercis e t o compar e standar d
tes t  methods ,  th e result s o f  whic h ar e t o
be presente d late r  i n thi s meetin g b y
' t  Har t  (Re f  5) .  I n addition ,  RAE ha s
als o supporte d wor k a t  Imperia l  College ,
Londo n Universit y studyin g th e effec t  o f
tes t  variable s o n compressiv e strengt h
(Re f  6) .  A s a  resul t  o f  thi s work ,  RAE
has develope d a n improve d tes t  metho d b y
modifyin g slightl y th e tes t  configuration s
tha t  gav e th e highes t  failur e stresse s
and yielde d failure s tha t  appeare d t o b e
mostl y compressiv e i n natur e i n th e
Imperia l  Colleg e an d Garteu r  work .

RAE ha s modifie d th e standar d Celanes e
tes t  metho d base d o n a  1 6 pl y unidirec -
tiona l  tes t  coupo n (Ref s 7,8) .  A  tes t
piec e base d o n a  3 5 pl y coupon ,  havin g
8 plie s o f  ±45 °  materia l  o n eac h sid e ha s
bee n developed .  A  wais t  i s  machine d
throug h thi s an d throug h lj £ plie s o f  th e
unidirectiona l  materia l  (Fi g 3) .  On
loadin g thi s coupon ,  split s for m unde r  th e
moulde d tab s an d thes e reduc e th e stres s
concentration s a t  th e ta b ends .  Failure s
the n n o longe r  occur  a t  th e tab s an d muc h
greate r  compressiv e strength s ar e
recorded .  A  mea n valu e o f  181 6 MPa wa s
measure d b y RAE fo r  a  standar d CFRP usin g
th e ne w technique ,  compare d wit h
1156 MPa fo r  th e standar d Celanes e typ e
coupon ,  whic h clearl y bette r  reflect s th e
tru e compressiv e strengt h o f  th e material .

NOVEL FIBRE S

Hollo w an d non-circula r  fibre s offe r  th e
possibilit y  o f  improve d compressiv e
strengt h du e t o greate r  fibr e stabilit y
and thu s resistanc e t o th e microbucklin g
failur e mod e characteristi c o f  thes e
materials .  Owens-Cornin g hav e produce d
hollo w glas s fibre s tha t  d o indee d lea d
t o improve d specifi c  compressiv e strengt h
(Tabl e 1 )  (Re f  9) .  Althoug h th e tensil e
strengt h (UTS )  i s understandabl y reduced ,
compressiv e strengt h (UCS )  remain s
unchanged ,  emphasisin g tha t  thi s i s
clearl y a  stabilit y  problem .  Allowin g

fo r  th e lowe r  densit y o f  th e hollo w
fibres ,  th e specifi c  propertie s o f  th e
hollo w S-glas s materia l  look s ver y
attractive ,  wit h onl y a  sligh t  reductio n
i n UT S bu t  a  desirabl e improvemen t  i n UCS.
Sinc e thes e fibre s ar e no t  currentl y
availabl e i n th e UK,  RAE i s supportin g
wor k t o manufactur e bot h hollo w glas s an d
carbo n fibre s an d t o asses s thei r
performanc e i n composite's .

Othe r  fibr e manufacturer s hav e bee n
experimentin g wit h larg e diamete r  fibre s
and wit h non-circula r  fibr e cross-section s
aime d a t  improvin g fibr e stabilit y  an d
increasin g compressiv e strength .  Wit h
carbo n fibre s ther e i s a  realisti c  upper -
limi t  o n fibr e diamete r  o f  abou t
10 microns ,  dictate d b y gaseou s diffusio n
requirement s durin g fibr e production .
Non-circula r  fibres ,  suc h a s triloba l
cross-sections ,  offe r  potentiall y
increase d fibr e stability .  Unfortunatel y
th e principa l  U K fibr e supplier ,
Courtauld s Grafil ,  wit h who m RAE ha d bee n
collaboratin g i n thi s area ,  ha s recentl y
announce d tha t  i t  i s  withdrawin g fro m
carbo n fibr e manufactur e i n th e UK.
Sadl y ou r  wor k i n thi s are a ha s thu s
ceased ,  althoug h RAE continue s wor k o n
composite s wit h hollo w fibres .

FIBRE/MATRI X INTERFACE

I t  woul d b e a  reasonabl e assumptio n tha t
th e leve l  o f  adhesio n betwee n th e fibre s
and th e resi n matri x shoul d hav e a
significan t  effec t  o n th e compressiv e
strengt h o f  thes e materials .  Prematur e
disbondin g du e t o poo r  adhesio n woul d b e
expecte d t o resul t  i n fibr e instabilit y
and thu s reduce d compressiv e strength .
I n th e cas e o f  carbo n fibres ,  th e leve l  o f
fibre/matri x adhesio n i s determine d b y th e
degre e of  oxidativ e surfac e treatmen t
applie d t o th e fibres .  I n genera l  th e
adhesio n increase s wit h treatment ,  bu t  a
platea u i s usuall y  reache d a t  moderat e
level s o f  treatment ,  abov e whic h th e shea r
strengt h o f  th e interfac e i s no t  improve d

RAE funde d wor k a t  Imperia l  College ,
Londo n Universit y (Re f  6) ,  however,'ha s
shown tha t  carbo n fibr e surfac e treatmen t
has relativel y littl e effec t  o n th e
unidirectiona l  compressiv e strengt h o f
CFRP.  Intramura l  wor k a t  RAE ha s als o
shown tha t  fibr e surfac e treatmen t  ha s a
relativel y smal l  effec t  e n compressiv e
strengt h (Re f  11) .  Fi g 4  show s RAE dat a
fo r  compressiv e strengt h a s a  functio n o f
fibr e surfac e treatmen t  fo r  a  standar d
laminate d CFRP material ,  i n tw o differen t
layups .  A t  lo w level s o f  surfac e
treatmen t  th e compressiv e strengt h rise s
rapidl y a t  first ,  reachin g a  maximu m a t
10-30 % o f  th e standar d leve l  o f  treatmen t
Furthe r  increase s i n th e leve l  o f  fibr e
surfac e treatmen t  lea d t o a  smal l
reductio n i n compressiv e strength ,  bu t  i t
i s  unclea r  wh y thi s shoul d be .  Th e lac k
of  sensitivit y o f  compressiv e strengt h t o
fibr e surfac e treatmen t  i s a n importan t
findin g an d ha s permitte d th e exclusio n o f
thi s variabl e fro m furthe r  work .
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TABLE 1  Owens-Cornin g Dat a fo r  Unidirectiona l  GRP
comparin g hollo w an d soli d glas s fibre s

Densit y

UTS -  MPa

Modulu s GPa

UCS -  MPa

Specifi c UT S

Spec .  Modulu s

Specifi c UCS

S2 Hollo w

1.6 3

1450

47. 7

1260

888

29. 2

770

S2 Soli d

2.0 2

2000

58. 6

1240

990

29

614

E Hollo w

1.4 4

450

29. 0

990

313

20. 2

688

E Soli d

2.1 0

1100

44. 8

1001

524

21. 3

481

RESIN DEVELOPMENT AND MODIFICATIO N

Sinc e th e predominan t  mod e o f  degradatio n
and failur e i n thes e material s ha s bee n
shown t o b e base d o n fibr e microbuckling ,
th e propertie s o f  th e matri x resi n woul d
be expecte d t o hav e a  majo r  effec t  o n
compressiv e strength .  T o improv e
stabilit y  th e resi n matri x shoul d b e
stiffene d t o bette r  resis t  fibr e buckling .
Thi s migh t  b e achieve d eithe r  b y
modificatio n o f  th e resi n chemistr y o r  b y
th e us e o f  resi n additives .  Some resi n
supplier s ar e researchin g resin s wit h
improve d stiffness ,  bu t  generall y improve d
stiffnes s equate s wit h increase d
brittleness ,  no t  a  desirabl e trai t  i n
moder n composit e materials .

Fi g 5  show s a  collectio n o f  RAE an d RAE
sponsore d dat a o n ho w composit e unidirec -
tiona l  compressiv e strengt h varie s wit h
composit e shea r  strength ,  th e latte r  bein g
a ver y resi n dependen t  property .  Clearl y
compressiv e strengt h increase s wit h
increasin g composit e an d thu s resi n shea r
strength .  Th e onl y exceptio n i s th e
thermoplasti c base d system ,  whic h ha s a
poore r  compressiv e strengt h tha n expected .
Thi s i s believe d t o b e becaus e i n al l  th e
thermose t  system s th e genera l  degre e o f
fibr e misalignmen t  i s ver y similar ,
typicall y aroun d ±2° ,  bu t  i n th e thermo -
plasti c base d composit e th e fibr e
misalignmen t  i s greater ,  typicall y ±4° .
Thi s result s i n a  reduce d compressiv e
strengt h an d indee d emphasise s th e
importanc e o f  fibr e alignmen t  o n
compressiv e strength .

RAE i s currentl y engage d i n a  programm e o f
wor k o f  modifyin g standar d resi n matrice s
aimin g t o gai n improvement s i n compressiv e
strength ,  bu t  currentl y fe w result s ar e
available .  However ,  wor k b y Narki s an d
Chen (Re f  12 )  ha s show n tha t  th e simpl e
additio n o f  glas s microsphere s t o th e
matri x resi n ca n lea d t o a  noticeabl e
increas e i n compressiv e strengt h (Fi g 6) .

PREDICTIVE MODELLING

The lac k o f  predictiv e capabilit y  i n
genera l  i s  limitin g th e applicatio n o f
composit e material s i n aerospac e
structures ,  partl y becaus e o f  th e

prohibitiv e cost s o f  havin g t o generat e
al l  dat a experimentall y an d partl y becaus e
of  th e inefficien t  exploitatio n o f  th e
material s capabilities .  Th e proble m i s
particularl y acut e fo r  th e cas e o f
compressiv e loading ,  especiall y fo r  th e
desig n critica l  case s o f  notche d
compressio n an d compressio n afte r  impact .

To tackl e thi s problem ,  RAE ha s supporte d
wor k aime d a t  developin g a  predictiv e
model  fo r  th e notche d compressiv e strengt h
of  CFRP (Ref s 13,14) .  Th e mode l  develope d
assumes tha t  compressiv e failur e i s
dominate d b y fibr e microbucklin g fro m th e
notc h an d thi s ha s bee n verifie d exper -
imentall y fo r  a  rang e o f  polyme r  base d
laminates .  Unlik e th e tensil e case ,  i n
compressio n microbuckle s usuall y gro w
withou t  initiatin g a  significan t  damag e
zone ,  thu s th e proble m i s actuall y simple r
tha n tensio n an d doe s indee d len d itsel f
t o th e applicatio n o f  fractur e mechanics .
The mode l  treat s th e microbuckl e a s a
crack ,  makin g allowanc e fo r  th e materia l
crushe d i n th e microbuckl e zone ,  an d
applie s fractur e mechanics .  Th e input s t o
th e mode l  a t  presen t  ar e th e unnotche d
strengt h plu s a  fractur e toughnes s
paramete r  measure d o n th e actua l  laminate .
However ,  curren t  wor k i s aime d a t  reducin g
thes e requirement s t o th e unidirectiona l
compressiv e strengt h an d toughnesse s
measure d o n unidirectiona l  material .  Th e
compariso n wit h experimen t  i s show n i n
Fi g 7  fo r  6  differen t  laminate s an d a s ca n
be see n i s remarkabl y good .  Th e mode l
hold s th e prospec t  o f  becomin g a  tru e
desig n tool ,  capabl e o f  predictin g notche d
compressiv e strengt h fo r  an y composit e
system .

Work i s als o i n progres s t o mode l  al l
aspect s o f  impac t  behaviou r  (Re f  15) .
Thi s include s tryin g t o predic t  th e typ e
and amoun t  o f  damag e produce d i n a n
impactin g event ,  th e effec t  thi s ha s o n
residua l  mechanica l  propertie s an d whethe r
th e damag e wil l  subsequentl y grow .  A n
exampl e i s show n i n Fi g 8 ,  fo r  th e growt h
of  delamination s i n compression .  I n thi s
an F E mode l  ha s bee n used ,  wit h toughnes s
input s fo r  GI C an d G2 C,  t o predic t  th e
exten t  o f  subsequen t  delaminatio n growt h
as a  resul t  o f  a n applie d compressiv e load .
The mode l  predict s th e experimenta l
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delaminatio n growt h well .  Thi s mode l  i s
bein g furthe r  develope d t o cop e wit h fibr e
fractur e an d split s a s wel l  a s
delamination ,  an d thei r  interaction ,  an d
thu s cop e wit h comple x interactin g area s
of  damag e simila r  t o thos e produce d durin g
impact .

CONCLUSIONS

A brie f  surve y o f  wor k sponsore d b y th e
Royal  Aerospac e Establishment ,  Farnborough ,
UK,  o n th e compressiv e behaviou r  o f
composit e materials ,  ha s bee n described .

Compressiv e strengt h ha s improve d littl e
i n recen t  year s despit e dramati c increase s
i n composit e tensil e strength .  Thi s ha s
bee n partl y becaus e o f  a  lac k o f
understandin g o f  th e failur e processe s i n
thes e material s an d perhap s als o becaus e
of  difficultie s i n testin g i n compression .
An improve d tes t  metho d ha s bee n describe d
i n thi s wor k tha t  yield s significantl y
increase d coupo n compressiv e strength s
wit h failur e mode s tha t  appea r  t o b e
materia l  base d rathe r  tha n associate d wit h
macro-instability .

Recen t  detaile d micromechanica l  studie s
hav e bee n describe d tha t  revea l  tha t
plasti c microbucklin g i s th e predominan t
failur e proces s i n advance d polyme r  matri x
composites .  Matri x propertie s an d fibr e
misalignmen t  appea r  t o b e ke y factor s i n
determinin g composit e compressiv e strength .
The fibre/matri x interfac e ha s littl e
effec t  o n compressiv e strength ;  relativel y
smal l  degree s o f  fibr e surfac e treatmen t
bein g sufficien t  t o realis e standar d
level s o f  compressiv e strength .

Modifie d fibre s wit h non-circula r  an d
hollo w cross-section s an d stiffe r  o r
modifie d matri x resin s appea r  t o offe r  th e
prospec t  o f  improve d composit e compressiv e
strength .

Predictiv e technique s capabl e o f
estimatin g notche d compressiv e strengt h
and determinin g th e onse t  o f  delaminatio n
growt h hav e bee n described .  Wit h furthe r
developmen t  thes e offe r  th e prospec t  o f
becomin g composit e desig n tools .
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Figur e 3
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ABSTRACT

Results are reported of fatigue tests on a toughened
graphite/epoxy (IM6/5245C) using a specimen and grip design
that allows a relatively large volume of material to be tested.
The loading was compression dominated (R=-3.75). Two
different stacking sequences of an 18 ply laminate were tested.
The lamination was typical of an aircraft wing skin (0/45/90) -
(44.4%,44.4%,11.1%). The specimens were 25.4mm wide,
290mm long with a gauge length of 150 mm. During the test
program specimen stiffness and residual strength were
measured. In parallel, local damage development was
monitored using ultrasonic C-scans, photoelastic coatings and
optical microscopy. The use of thin (.25 mm) photoelastic
coatings to observe in-situ damage initiation and growth is
new. It is based on the sensitivity of coatings to the change in
mechanical properties of specimens due to damage. The C-
Scan inspection results correlate closely with photoelastic
observations.

Results indicate that fatigue in composite specimens is
dominated by the edge effect. Differences in the fatigue lives
of the two stacking sequences used were close to two orders of
magnitude. The proper selection of stacking sequence is
crucial to achieving long fatigue lives. Under compression
dominated loading fatigue damage is a local process. Damage
always initiated at the edge and could be related to edge
interlaminar shear stresses. The fatigue process consists of a
relatively long period before initiation, usually in several
locations, followed by a period of growth from one initiation
site that finally leads to rapid compressive failure.

Introduction
Advanced composite materials for aircraft structures

have not been used to their full potential due to their sensitivity
to low energy impact damage. The low design allowables
preclude impact damage growth under cyclic loading. This has
lead some researchers to suggest that fatigue is not an issue in
composite structures. While this may be true at present, future
requirements and progress in NDI technology will certainly
allow the design allowables to be increased'1'. Both the edge
effect and fatigue have received considerable attention in the
literature and analytical and experimental papers on the subject
are numerous as reviewed in references P-3).

Despite the high fatigue resistance of fiber dominated
graphite/epoxy laminates under cyclic loading, physical
evidence of damage such as matrix cracking, fiber matrix
interface failure and delamination is well documented P>. A
good understanding of various aspects of the fatigue behavior
of laminates (influence of the stacking sequence and testing
variables such as stress levels, mean stress, cycling mode, etc)
wil l certainly assist the engineer in designing fatigue resistant
and damage tolerant structures.

It is recognized that the interlaminar stresses can be
significantly influenced by the laminate stacking sequence*4-6'
and that their magnitude can increase very rapidly near the free
edge*7-8'. The narrow region close to an edge (the sides of a
laminate, holes or cutouts) are thus very susceptible to damage
initiation and can accelerate the failure process. The details of
the microscopic events and the way in which the matrix-related
damage modes influence the growth of delaminations are not
well understood.

The work reported here is part of a research program
investigating the mechanical behavior of graphite/epoxy
(IM6/5245C) laminates subjected to static and cyclic loading.
The lay-up for all specimens was [0°/45°/90°]
(44.4%/44.4%/ll.l%) 18 ply symmetric . The purpose of the
investigation is to determine how edge effects influence the
static strength, fatigue resistance and damage growth in
laminates. This was done by altering the stacking sequence
which directly controls the edge effects*9-12'.

A finite element model was employed to obtain
numerical results for the stress-field distribution for seventeen
different stacking sequences. In this paper, the results of
compression-tension cyclic loading tests are reported for two
laminates with the following stacking sequences:

Laminate 2 : [+45/-45/0/0/90/0/0/-45/+45],
Laminate 12 : [90/0/+45/0/+45/0/-45/0/-45],

These were selected because under loading, normal stresses at
the free edge of opposite signs were calculated. The
dependence of the static strength on these laminate stacking
sequences was examined in reference 13.

Analysis of the Free-Edge Phenomenon

The free-edge interlaminar stress problem is 3-D in
nature. Following the initial work of Pipes and Pagano*7' and
numerous other investigators, Wang et al.P°> studied the tensile
behavior of a [02/90J graphite/epoxy laminate. They
demonstrated that matrix cracking in the narrow region close to
the edges at the 0°/90° interfaces and at the 90° plies resulted
from the combined actions of the normal and shear stresses oz,

TIZ and Tyz respectively (Figure 1).

A variety of failure criteria have been proposed to
predict the static failure strength of multidirectional laminates
from a knowledge of the strength of unidirectional laminates
and the nominal stresses in the laminae at a given load. They
range from the very simple to the rather complex. None, as
yet, has been found to be entirely satisfactory because the
classical laminated plate theory only provides accurate stress
values in laminae far from the free edges. Sun and Zhou'14'
have computed, for a laminate incorporating 0°, 90° and ±45°
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laminae, the stress states at 0.5t, t, 1.5t, 2t, 2.5t and 3t from the
free edge (t=ply thickness). They showed that with the Tsai-
Hil l and Hashin-Rotem strength criteria, the stress-state
calculated at 2t from the free edge gave the best correlation
with experimental observations.

Computed Laminate Strengths
A finite element program developed by Lahoud(15) was

used to account for the different lamina orientations and to
define the stress distributions within the laminates 2 and 12
under a uniaxial tensile or compressive strain of + 1%. The
stress values computed at 2t from the free edges were chosen
as representative of the stress-state at the free edges as
suggested by Sun and Zhou*14'. The distance 2t was equal to
0.28 mm for these laminates. As an example, the stress
distributions, <JZ and TIZ , at the free edges and at a distance 2t
are shown for the laminate 2 under tensile loading (Figure 2).
Detailed stress analysis for both laminates can be found in Ref.
18. The failure strengths of laminates 2 and 12 were predicted
using the modified Tsai-Wu, Tsai-Hill and Hashin-Rotem
failure criteria*14-16'17'. The values of the mechanical properties
of an IM6/5245C lamina are reported in Table 1 and these
were used with each criterion expression. The failure strengths
of the 0° and 90° plies are presented in Table 2. The calculated
strengths can be compared to the values determined
experimentally*13'.

Under a compressive strain e=-l%, the interlaminar
stresses computed in each laminate at the free edge and at 2t
from the edge are given in Table 3. It can be observed that, at
the free edge, maximum positive normal stresses oz and shear

stresses Txz are at the 45°/-45° interfaces (8th/9th ply) in
laminate 2. At 2t (0.28mm) from free the edge the stresses are
of a significant magnitude at the 0°/45° and 0°/-45° interfaces
(3rd to 9th ply) and the maximum is between the 6th and 7th
ply.

On the basis of these calculations, the delamination of
laminate 12, in a mixed mode, would occur due to the presence
of a tensile value of CTZ, and a positive shear stresses (as

calculated at a distance 2t from the free edge in the 0°/-45°
interface). Delamination in Mode II in laminate 2 could also
occur but because the shear stress level (txz) is smaller than in
laminate 12 it is unlikely that the delamination would grow to
the same extent. Initiation and propagation of delaminations
during fatigue loading is complex process which in simple
cases can be modeled using strain energy release rate
calculations*20'.

Experimental

The specimens used in this investigation were prepared
and tested in the Structures and Materials Laboratory of the
Institute for Aerospace Research (IAR). Large panels (61 cm x
30.5 cm) of the IM6/5245C graphite/epoxy were fabricated
with stacking sequences 2 and 12. The 2.5 mm thick panels
were cut into specimens 290 mm long by 25.4 mm wide. Prior
to testing the specimens were inspected using an ultrasonic
C-scan and were found to be free of detectable flaws.

The specimens were tested using an MTS 100 kN
servo-hydraulic testing machine under stroke control. The load
was transferred to the specimens through a hydraulic gripping
system*") which maintained a constant pressure of about 35
MPa over a 60 mm length at each extremity. The gripping

areas of both the specimen and the jaws were lightly sand-
blasted to prevent slippage during loading. Aluminium anti-
buckling guides (12.6 mm wide x 152.4 mm long) supported
the central portion of the specimens tested in compression. A
thin Teflon sheet was inserted between the specimen and the
anti-buckling guide to minimize the friction.

Tension-compression fatigue tests were conducted
using load control with a sinusoidal wave form, under a load
ratio R = Pmax/ Pmin = -3.75. The: Pmin load varied from a

low of 0.6PUC (Puc being the static strength in compression) to
a high of 0.9PUC. The Puc load for each laminate was

determined from a number of static tests. The values were -
43.5 kN and -35.9kN for laminate 2 and 12 respectively. The
number of cycles to failure recorded in the test data
corresponded to the final fracture of the specimen.

Specimen deformation was measured using an MTS
clip gauge extensometer. A 12.7 mm distance separated the
pointers of the clip gauge mounted on one side of the
specimen. The maximum range of die gauge was 15% strain.

Following failure, sections of laminate 2 specimens
outside the fracture zone were converted into a short gauge
length specimens. These were tested to determine their
residual compressive strength. Given the gauge length of 5mm
the specimen could be tested in compression without any need
to use anti-buckling guides. Side loading wedge type MTS
hydraulic grips were used in these teists. Sand-blasted
aluminum alloy tabs were placed between the specimen and the
wedges, to protect the specimens from damage by the
serrations on the wedges. A total of twelve specimens were
tested, four from each selected fatigue load level. Another 13
virgin specimens were also tested to verify that the short gauge
length static test corresponds to the long gauge (with anti-
buckling guides) used predominantly in this project. The
coefficient of variation of recorded strength in these 13
specimens was 15.2% versus 7.2% in long gauge specimens.
However, the average strengths measured using the two
methods were less than 0.5% different.

A travelling microscope was used to observe the
development of edge interlaminar damage during the cyclic
tests. In addition, two inspection techniques, Shadow Moird
interferometry and photoelastic coatings were employed.
Shadow Moir6 was used to observe out of plane deformations
due to delamination or specimen buckling in compression (to
test the design of the antibuckling guides). Photoelastic
coatings were used to observe the progression of damage, in
real time, during testing. The method is especially effective in
laminates with residual curing stresses. The coatings (typically
0.25 mm thick) are applied before testing. Since the specimens
used are coupons subjected to uniform strain loading any
nonuniformities in the observed isochromatic patterns are
related to damage accumulation and the associated
redistribution of residual stresses in the specimen. The
coatings are sensitive to the difference in the principal normal
strains. Due to the accumulating damage, stiffness and
Poisson's ratio wil l change and affect the response of the
coating during loading. The damage development during the
fatigue testing was observed with a reflection polariscope
model 031 manufactured by Measurements Group. Still
photography at selected intervals gave a permanent record of
damage growth. Periodically these observations were verified
by removing the test specimens from the load frame and
carrying out an ultrasonic C-scan inspection.
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Results and Discussion
The long gauge length static test results are summarized

in Table 2. The tensile strength Put and the compressive
strength Puc are defined as the load recorded at ply failure. The
Young's modulus was computed at half the maximum load
using the secant drawn on the stress-strain curve.

Results of fatigue tests are presented in Fig. 3 as a plot of the
applied load (S) against number of cycles to failure (N). The
data scatter is characteristic of the fatigue behavior of
composites. However, the results clearly show that for any
cyclic loading corresponding to a precise percentage of static
strength in compression of each laminate the logarithmic
lifetime of laminate 2 is much greater than that of laminate 12.
For example, at a cyclic stress level S= 0.7 Puc the nominal
average fatigue lif e of laminate 2 was approximately 800,000
cycles and only 8,000 cycles for the laminate 12. Another way
of comparing the fatigue strength of both laminates is to
estimate their respective cyclic stress level (relative to the static
compression strength) yielding a common logarithmic lifetime.
For example at Log N = 3.9 (N = 8,000 cycles), the cyclic
loading level for laminate 2 was S= 0.9 Puc but corresponding
only to S= 0.7 Puc for laminate 12. The difference in the stress
level is rather striking since the corresponding Pmin values are
-39.15 kN and -25.13 kN for laminate 2 and 12 respectively.

Local delaminations observed at the free edge of
laminate 12 grew towards the interior of the test specimen
rather than longitudinally along the free edge. The
delaminations were located at the 0°/45° interfaces (6th/7th
ply). In laminate 2 damage initiated in the 45° plies at the free
edge. The damage had the appearance of erosion sites in the
laminae (not cracks) and were partly filled with small dust like
particles. This form of damage appeared at specimen midlife
close to the 45°/-45° interfaces where the shear strains are the
highest (see Table 3). In laminate 12 both the oz and txz seem
to drive the damage growth while in laminate 2 only TXZ is
significant at 2t from the edge. Since the shear stresses
responsible for damage in laminate 2 are nearly half the
stresses in laminate 12, the significant difference in the fatigue
lives seems to correlate well with the calculated stress
magnitudes.

Post-failure short gauge length test results for
laminate 2 are shown in Figure 4. While the trend for lower
residual compressive strength is consistent, only the specimens
tested at 70% show a statistically significant static strength
reduction from that of the virgin material. At the 70% load
level, specimens were on average subjected to 800,000 cycles
and it should be noted that their 'global' strength was reduced
only by 10%.

Figure 5 shows damage development as recorded
with photoelastic coatings in a laminate 2 specimen. Four
images taken at 0, 350,000, 744,000 and 797,000 cycles
represent respectively 0, 0.44, 0.94 and 1 lif e time (LT)
(specimen failed at 797,794 cycles). The particular images
were selected for their significance in the damage evolution.
The 0.44LT image shows the first signs of damage and
nominally ends the period of damage initiation. The 0.94LT
image shows slow damage growth. It is interesting that most
of the damage is generated in the last stage of specimen lif e
(6%), which is contrary to the characteristic required for
damage tolerant design. The photoelastic coatings and C-scan
results show that there are usually several damage initiation
sites at the edges. One of these shows a pronounced growth in

the second stage of the specimen lif e and is the cause of final
failure. The post-failure residual strength tests demonstrating
high strength retention outside the final failure affected zone
correlate well with the damage growth observations. It can be
concluded that under the compression dominated fatigue
loading used in these tests, the fatigue damage is a local
process.

Conclusions

Experimental observations during fatigue confirmed
that the stresses computed at 2t from the free edge may be
regarded as critical for the determination of fatigue damage
initiation.

Stacking sequence selection can affect the fatigue lif e
of composite specimens by a factor of 100.

Under compression dominated compression-tension
cycling fatigue damage growth seems to be a local process.
Most of the damage is generated during the last 6% of the
specimen life.

The photoelastic coating technique is effective in the
real-time monitoring of damage growth in composites.
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Figure 1. Reference axes and stress
representation in a laminate.
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Properties

uu tension (0°) = XT
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Eu compression (90°) (*)

[u = S
G12

(MPa)

(MPa)
V12
GIC (matrix) (kJ/m2)

Manufacturers
Data

2516

-1462

156000

152000

1.6

1.01

83

-145

3300

-

3400

-

2.9

105
-
-

0.158

IAR Data Used in
this study

2610

-1280

173000

141000

1.5

0.96

60

-220

8500

7040

-

0.72

3.10

118
5550

0.29

-

Table 1. Mechanical properties of unidirectional IM6/5245C laminates.
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0°

0°
0°
90°
900
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0°
900

Criteria

Hashin-Rotem (plane x-y
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rsai-Hill (plane x-y)

rsai-Hill (plane x-z)

Hashin-Rotem (plane x-y

Hashin-Rotem (plane x-z

rsai-Wu(F*i2=0)

Tsai-Hill (plane x-z)

Hashin-Rotem (plane x-y

lashm-Rotem (plane x-z

Tsai-Wu (F*12=0)

Tsai-Hill (plane x-y)

Tsai-Hill (plane x-z)

Hashin-Rotem (plane x-y

!ashin-Rotem (plane x-z]

sai-Wu (F*12=0)

sai-Hill (plane x-z)

xperimental value

xperimental value

xperimental value

xperimental value

Tension

Put
OcNl
88.7

83.4

-

87.0

76.8

44.5

44.6

42.3

47.0

89.6

89.6

-

81.0

81.6

40.5

40.5

39.3

45.0

80.9

45.0

84.9

45.0

emax
<%)

1.490

1.400

-

1.460

1.290

0.746

0.750

0.710

0.790

1.505

1.505

-

1.360

1.370

0.680

0.680

0.660

0.755

.470

0.900

.580

.900

Compression

PUC
(kN)
45.3

42.9

37.7

42.9

38.9

44.3

44.4

41.0

43.9

44.4

37.2

45.9

^ax
(%)

0.920

0.870

0.765

0.870

0.790

0.899

0.900

0.831

0.890

0.900

0.920

1.080

Table 2. Calculated and measured strengths and fracture
strains of laminates 2 and 12.
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Interfaces

S2

S12

45/-4S
-45/0
0/0
0/90
90/0
0/0

0/-45
-45/45
90/0
0/45
45/0
0/45
45/0
0/-45
-45/0
OM5

Free edge

az (MPa)

48
-6
-43
-124
-119
-32
16
83
-20
51
55
56
66
68
60
57

txz(MPa)

174
-56
-6
-2
-1
-6
58

-186
-10
-74
86
34
137
138
35
90

2t from the free edge

az (MPa)

-5
-11
-15
-15
-15
-11
-7
0
7
11
20
26
30
33
36
38

txz(MPa)

20
0
-1
0
0
0
-2
-22
-2
-1
21
26
43
43
24
17

Table 3. Interlaminar stresses at free edge and at 2t (0.28mm)
from free edge in laminates 2 and 12 under compressive loading
(£*=-!%).
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SUMMARY 1. INTRODUCTIO N

This paper describes an experimental investigation into
damage progression in compressively loaded quasi-isotropic
laminates with a circular hole and the prediction of damage
initiation using 3D finite element failure analysis. Notched
laminated plates were fabricated from Narmco IM6/5245C
with three stacking sequences; [ + 45/0/-45/90]6s,
[(+45)3/(0)3/(-45)3/(90)3]2s and [( + 45)6/(0)6/(-45)6/(90)6]s.
Most specimens were tested to ultimate failure but some
were stopped prior to failure. The criterion for stopping the
test was the detection of audible acoustic emission. The
tests revealed that the notched strength decreased as the ply
group thickness increased. An examination of the hole
surface of those specimens not taken to ultimate failure
revealed delaminations at the +45°/0° and -45°/0°
interfaces and failure of the +45° and 0° ply groups. For
the specimen where six plies with the same fibre orientation
were grouped, the midplane of the 0° ply group also
contained a delamination. A tensor polynomial failure
criterion which used all the six stress states determined from
the 3D finite element analysis at the laminate characteristic
dimension was used to predict initial laminate failure.
Although this failure criterion was able to predict the strain
at initiation for the laminate [( + 45)6/(0)6/(-45)6/(90)6]s, it
could not distinguish between the different ply group
thicknesses. Therefore another failure criterion based on
the interlaminar stresses was proposed to predict strain at
initiation. This criterion, when used in conjunction with the
nodal stresses at the hole edge, predicted the strain at
initiation reasonably well.

Based on the numerical and experimental results, a
mechanism for damage initiation and progression was
proposed. However, considering that damage initiation
occurred at over 90% of the ultimate load, a damage
progression model would not be practical for the material
systems presently used in aircraft. As the material systems
are improved, it may be possible to apply such a model in
the near future.

LIST OF SYMBOLS

d0 characteristic dimension
e, applied axial strain
Fi, Fjj strength tensors
R load factor
aN compressive notched strength
a0 far field applied stress
CTi> CT2> CTi2 in-plane stresses
a 3 interlaminar normal stress
a,-,, a,, interlaminar shear stresses

Structures manufactured from carbon fibre reinforced
polymer composites have significantly lower compressive
strengths when holes are present. It appears that the
toughness of the polymer matrix, the properties of the
fibre/matrix interface and the stability of the fibres are the
major factors influencing the compressive notched strength.
The importance of these factors is manifested by the
complex failure modes which involve matrix cracking,
delamination, localized buckling and shear failure.

In the early stage of model development, semi-empirical
approaches based on the point stress or average stress
failure criteria were adopted to predict the compressive
notched strength.(M) These macroscopic models require
two empirical parameters, the characteristic dimension and
the ultimate unnotched strength of the laminate, for notched
strength prediction. Although these models are simple and
practical to apply in designing composite structures with
notches, they are limited to uniaxial loading cases and
cannot address failure modes. Further development^'6*  had
extended the earlier models to handle general in-plane
loading cases and to predict the location of failure on the
hole boundary and the critical ply within the laminated
plate based on a first ply failure hypothesis. The major
deficiency in the first ply failure models is that the ultimate
failure of a notched laminate does not usually occur
immediately following the failure of the first ply.

The progressive nature of failure in compressively loaded
laminates containing a circular cutout was investigated
experimentally by Waas, et al.(7) Using real time
holographic interferometry and in-situ photomicrography,
they observed that failure was initiated as a localized
instability in the 0° plies at the hole surface at
approximately right angles to the loading direction.
Subsequent to the 0° ply failure, extensive delamination
cracking was observed with increasing load. The
delaminated regions propagated to the undamaged areas of
the laminate by a combination of delamination, buckling
and growth of damage, the buckling further enhancing the
growth of damage. Analytical models for the prediction of
damage progression were not developed.

A two dimensional model was developed by Chang and
Lessard(8) to predict damage progression and failure modes
of notched laminated plates under compressive loading.
Using a nonlinear finite element method, stresses and
strains were calculated based on finite deformation theory
with consideration of material and geometric nonlinearities.
The types and extent of damage in the material were
predicted by a set of proposed failure criteria and material
degradation models. Numerical results from the model
were compared with data obtained from an experimental
investigation̂ and good agreements were found between



predictions and test results. Because of the two dimensional
analysis used in the model, interlaminar normal and shear
stresses were not determined.

Failure models must be able to predict delamination since
it is a major progressive failure mode in compressively
loaded laminated plates with holes. In order to predict
delamination, interlaminar normal and shear stresses must
be determined and incorporated into appropriate failure
criteria. However, the calculation of these interlaminar
stresses requires three dimensional analysis which is
complicated and costly. Consequently, very few papers
concerning three dimensional analysis are reported in the
literature.

Barboni et al°0' recently reported an investigation into edge
effects in composite laminates with circular holes. A quasi-
3D analysis was performed to study the importance of
stacking sequence and geometric parameters on the stress
field around the hole. In the numerical tests a power series
expansion for displacement in the z-direction was adopted
to satisfy the equilibrium conditions of the stresses at ply
interfaces. No attempts were made to develop criteria for
failure predictions.

Burns et al(11) developed an efficient 3D finite element
failure analysis of compressively loaded angle-ply laminates
with holes. The tensor polynomial failure criterion was used
to predict the location and mode of failure. They found
that failure initiated at the interface between layers on the
hole edge and the angular location of the initial failure was
a function of the fibre orientation.

The compressive response of notched and unnotched
laminated plates has been investigated at the Institute for
Aerospace Research.02'13' The long term objective is to
improve the understanding of the failure mechanisms of
compressively loaded laminates with holes or impact
damage. The present paper describes an experimental
investigation into damage progression in compressively
loaded quasi-isotropic laminates with a circular hole and the
prediction of damage initiation using a 3D finite element
failure analysis.

2. EXPERIMEN T

2.1 Specimen Preparation

The laminated plates used in the tests were fabricated from
a composite material consisting of Hercules IM6 graphite
fibres preimpregnated with Narmco 5245C resin. The IM6
fibre is a continuous graphite fibre with a tensile modulus
of 280 GPa and a tensile ultimate strain of 1.5%. The
5245C is a 177°C cure modified bismaleimide resin with an
intended wet service capability up to 121°C. The layup of
the laminated plates was quasi-isotropic and consisted of 48
plies. Three types of specimens, designated A, B and C,
with ply stacking sequences, [ + 45/0/-45/90]6s,
[(-H45)3/(0)3/(-45)3/(90)3]2s and [( + 45)6/(0)6/(-45)6/(90)6]s,
respectively, were adopted to study ply grouping effects.
The angles of the fibre orientation are presented in Figure
1. The plates were consolidated using the vacuum bagging
and autoclave curing procedure recommended by the
prepreg manufacturer. After curing, the plates were
inspected nondestructively using an ultrasonic C-scanning
method. The fibre volume fraction, determined using a

burn-off test(14), was between 0.6 and 0.65. Mechanical and
strength properties of IM6/5245C are shown in Table 1.

The geometry of the open hole compression test specimen
is shown in Figure 2. The short edges of the specimen were
ground flat and parallel to within 0.013 mm. The hole in
the centre of the specimen was drilled and reamed using
high speed carbide tools to a nominal diameter of 25.4 mm.
Drillin g was performed without lubricant and the specimens
were clamped between two plexiglass plates to reduce the
chance of drill-induced delamination. After machining, the
specimens were again C-scanned. A pair of back-to-back
strain gauges was mounted on each specimen. For a
selected group of specimens, back-to-back strain gauges
were also mounted at the edge of the hole.

2.2 Testing Procedures

A typical test setup is shown in Figure 3. Specimens were
end loaded in compression under stroke control on an MTS
testing machine connected to a computerized control and
data acquisition system. An hydraulic actuator displacement
rate of 1.27 mm/min was used. The short edges of the
specimen were clamped in a pair of steel blocks to prevent
end brooming under the compressive load. Anti-buckling
guides were mounted on the longitudinal edges to suppress
global buckling. Extreme care in alignment was exercised
to ensure that the specimen was loaded in the centre of the
testing machine with the longitudinal axis of the specimen
maintained parallel to the loading axis of the machine. Al l
tests were done at room temperature without environmental
conditioning.

For each stacking sequence, most specimens were tested to
ultimate failure but one or two tests were stopped prior to
ultimate failure. The criterion for stopping the test was the
detection of audible acoustic emission which indicated
damage had initiated. For these tests, one specimen of each
stacking sequence was treated with a photoelastic coating.
The changes in surface strain distribution were continuously
monitored using an image anah/2:ing system.

2.3 Experimental Results

A summary of the experimental results is presented in Table
2. The open hole compressive strength, CTN, was computed
by dividing the ultimate load by the gross cross sectional
area of the specimen. Typical stress vs strain curves for the
specimens with stacking sequence A, B and C are shown in
Figure 4. The far field stress-strain relationships for all
specimens show linear and nearly identical behaviour under
the compressive loading. Slight bending of the specimens
is indicated by the divergence of curves which becomes
more obvious when the stress level is close to the ultimate
failure load. The disturbance in the linear behaviour for
the type C specimen indicates delamination of the outer
plies which extends to almost the ful l length of the
specimen, see Figure 5. However, this was not the situation
for the type A and B specimens which contained localized
delaminations in the vicinity of the hole, see Figures 6. The
average compressive notched strengths for type A, B and C
specimens are 238.3 MPa, 196.9 MPa and 176.2 MPa
respectively. This trend clearly indicates the reduction in
compressive notched strength due to ply grouping.

During the compression tests, audible acoustic emissions
were detected when the applied load was over 90% of the
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ultimate collapse load. In most cases, localized bulging of
the surface at the hole edge was observed when the acoustic
emissions were heard. The bulging of the surface indicates
localized buckling of the outer plies. After the first
appearance of localized buckling, the specimen continued to
sustain load for approximately 10 seconds before the
buckled regions extended rapidly to the side edges of the
specimen. As a result of this observation, it was decided
that for each stacking sequence, one or two tests were
halted at the detection of audible acoustic emissions. These
specimens were removed from the test machine and the
damage zones were studied using photomicroscopy and
ultrasonic time-of-flight C-scan method. The failure modes
observed are discussed in the following subsection.

2.4 Failure Modes

A typical localized bulging of the plate surface at the hole
edge of a type B specimen is shown in Figure 7. For this
stacking sequence, each ply group has three plies of fibres
with the same orientation stacked together. The test for
this specimen was halted at the first detection of audible
acoustic emission. A photoelastic image of the specimen,
shown in Figure 8, shows the size and shape of the damage.
A photomicrograph of the hole surface shown in Figure 9
reveals delamination between the ply group interfaces of
+ 45°/0° and -45°/0°. Also, the failures of the outermost
groups of +45° and 0° fibres and the second group of 0°
fibres are shown. For type A specimens where plies with
the same fibre orientation are dispersed, initial damage at
the hole edge similar to that described for the type B
specimen was observed. For type C specimen where six
plies with the same fibre orientation are grouped, initial
damage at the hole surface as shown in Figure 10 consists
of delamination between the ply group interfaces of
+ 45700 and -45700, delamination within the 0° ply group,
and failure of the 0° fibres.

3. FINITE ELEMENT STRESS ANALYSI S

Since delamination at the ply interface is one of the major
failure modes observed in the experimental results, a three
dimensional finite element analysis was carried out to
determine the interlaminar stresses. These stresses are well
known to influence failure at the ply interfaces. The
objective of this study was to determine the effect of ply
group thickness on the interlaminar stresses, the location
and mode of the initial damage, as well as the strain at
initial failure.

3.1 Finite Element Model

The finite element model is based on the assumption of
linear elastic material behaviour and linear strain
displacement relationships. Three models were generated
using 20 node solid brick elements available in the NISA
code to simulate the stacking sequences (type A, B, C) used
in the test specimens. Two of the models were identical
except for the ply group thickness. One of the models, type
B, contained ply groups that were one-half the thickness of
the type C model. Both models had elements that were
concentrated in the vicinity of the ply interfaces, see Figure
ll(a). The other model, type A, contained plies that were
one-third the thickness of the type B model, see Figure
ll(b). This model had elements that were concentrated
only in the 0° and -45° plies. Each of the models contained

four concentric arcs, with the first one being 1 mm from the
edge of the hole. The first arc allowed the ply stresses to
be determined along the laminate characteristic dimension,
d0, from the edge of the hole at the element Gauss points.
The laminate characteristic dimension was experimentally
determined in a previous study to be 0.94 mm^3). An axial
strain of ex = -0.1%, was applied to all the models. The
mechanical and strength properties used in the analysis are
given in Table 1.

Since the axes of orthotropy of the laminae are not aligned
with the global X or Y axes, see Figure 1, the laminates do
not exhibit reflection symmetry about either of these global
axes. An exact model of the problem would require a finite
element mesh comprising the entire half of the laminate
about the midplane. Such a mesh could not be used
because of the large computer storage and long running
times required for such a model. Instead, the X axis was
taken to be an axis of approximate reflection symmetry, see
Figure 11. The adverse effects of this symmetry
approximation have been shown to be limited to the
elements adjacent to the line of assumed symmetry which is
far from the experimentally observed failure point(11).

A convergence study was carried out on the type A model
to refine the size of the elements through the ply thickness.
This was accomplished by comparing the element Gauss
stress in the vicinity of the hole edge from one run to
another run with a finer mesh. When the interlaminar
normal stress did not vary by a significant amount between
the two runs and the amount of computer time required to
complete a run was still within reason, the results were
assumed to have converged.

3.2 Ply Stress Distributions at Hole

One of the goals of this study was the prediction of failure,
therefore, stress is presented primarily in the material (1-2-
3) coordinate system which facilities the evaluation of
different failure criteria more directly. Al l stresses are
normalized with respect to the laminate far field applied
stress, a0. Since the experimental results showed that
failure initiates at the hole boundary, stresses are presented
around the hole edge.

Stress plots for the type C model are shown in Figures 12
(a), (b) and (c) for the stress components ax, az and aa,
respectively. As can be seen from this figure, the maximum
stress occurs in the 0° ply for the axial and interlaminar
normal stresses while the maximum interlaminar shear
stress occurs at the +4570° and -4570° interfaces which is
also the case for the type A and B models. Based on these
stress results, for the remainder of the paper, only the
stresses in the 0° ply and the +4570° and -4570° interfaces
wil l be presented since they are the critical areas. However
it should be pointed out that all the interfaces were
examined to ensure that the +4570° and -4570° interfaces
were the most critical.

The stress distributions of a,, a2 and a 12 at the Gauss point
around the hole edge in the centre of the 0° ply for each
model are given in Figures 13(a), (b), (c), respectively. As
can be seen from this figure, the in-plane stress components
are not significantly affected by the ply group thickness.
Also, the axial stress, alt is the dominant stress for all the
models.
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The distributions of the interlaminar normal stress, a3, at
the Gauss point around the hole edge in the centre of the
0° ply as well as at the +45°/0° and -45°/0° interfaces are
given in Figure 14(a), (b) and (c), respectively. From these
figures, it can be seen that the maximum interlaminar
normal stress occurs at the midplane of the 0° laminae for
each model with the type C model possessing the highest
stress. Also, the +4570° interface exhibits a slightly higher
interlaminar stress than the -45°/0° interface. The
difference between the midplane a3 and the interfacial
normal stress is quite significant in the type C model, where
six plies of the same orientation are grouped, as compared
to the other models. Figure 14(a) clearly shows that as the
ply group thickness increases the normal stress also
increases. The location of the maximum stress occurs
approximately at the same angle for all the models, ±27°,
which was measured with respect to the hole boundary
perpendicular to the applied load counterclockwise.

The distributions of the interlaminar shear stresses, a 13 and
a^, at the Gauss point for the -45°/0° and +4570°
interfaces are shown in Figures 15 and 16, respectively. The
effect of ply group thickness is not as evident for the
interlaminar shear stresses as for a 3. The stress magnitudes
once again increase as the ply group thickness increases but
not as dramatically as for a3. The absolute maximum stress
occurs at the -45°/0° interface at an angle of approximately
-27° for a 13 and +27°forcj23.

4. FAILUR E PREDICTIO N

4.1 Laminate Failur e Prediction

Laminate failure was predicted on the basis of the tensor
polynomial failure criterion05'. A load factor R was defined
as one of the two roots of the quadratic equation describing
the failure criterion01':

where i = l-6

The load factor was calculated along a circular path
concentric to the hole at a distance d0 from the hole edge.
The stresses at the Gauss point around this path at each ply
interface and at the midplane of the 0° ply were separately
used in the failure criterion to determine the critical area.
The point with the absolute minimum load factor, | Rmin| ,

is the point at which damage initiation is first predicted to
occur. This absolute minimum load factor is then
multiplied by the far field strain, -0.1%, to predict the
lowest strain necessary to initiate damage. It should be
pointed out that the interactive terms in the failure criterion
were ignored since the appropriate allowables were not
known.

The absolute minimum load factor was found to occur at
the -45700 interface for the type B and C models while the
-45790° interface was the most critical for the type A
model. The strain at initiation was equal for all the models
at 3200 n mm/mm. As can be seen from Table 2, the type
C specimen had an average failure strain of 3163 /* mm/mm
and a strain at initiation of 3017 ^ mm/mm which is close to
that predicted by the model. However Table 2 also shows
a clear difference in the strain at initiation for the different

ply group thicknesses. Therefore it can be concluded that
the tensor polynomial criterion, in its present form, cannot
distinguish between the different ply group thicknesses.
Also, the failure location for the type A model does not
correlate to the experimental results since the -45790°
interface was not damaged during testing.

These results are not unexpected since it is known that
interlaminar stresses are a localized effect at the edge and
decrease rapidly at very small distance from the hole. Thus,
at the characteristic dimension, the dominant stresses are
the in-plane stresses which were shown earlier to be equal
for all the models (Figure 13). If this failure criterion were
to be applied closer to the hole edge, the strain at initiation
would be even smaller than that predicted at the
characteristic dimension since all the stresses including the
interlaminar stresses would be significantly higher.
Therefore to avoid the dominating effect that the in-plane
stresses had on the prediction of the strain at initiation,
another failure criterion had to be: applied which would only
take into account the interlaminar stresses at the hole edge.

4.2 Interlamina r  Failur e Prediction

Since the experimental results revealed that delamination is
a dominant failure mode, it was decided to implement a
failure criterion which uses only the interlaminar stresses.
As in the case of the laminate failure prediction, | Rmin| ,
was used to determine the strain at initiation. The
quadratic equation describing the failure criterion is:

where F3, F33, F ,̂ FS5 are identical to the terms used in the
tensor polynomial failure criterion. The load factor was
calculated using both the nodal stresses at the hole edge
and the stresses at the Gauss points closest to the edge.
The stresses at each ply interface and at the midplane of the
0° ply were used in this analysis.

A bar chart comparing the predicted strain at initial failure,
which was determined using both Gauss and nodal point
stresses, to the experimental results are presented in Figure
17. As can be seen for this figure, both numerical results
predict the observed trend that as the ply group thickness
increases, the strain to initial failure decreases. The nodal
stress results compare reasonably well with the experimental
results but are consistently lower for all the laminates
studied while the Gauss point results are higher for all types
of specimens. The lower predicted values can be explained
by the fact that the failure model predicts the first interface
failure which could not be accurately determined during
testing and thus the experimental results would be expected
to be higher. To experimentally determine the load at first
interface failure, nondestructive in-situ inspection techniques
such as acoustic emission, penetrant enhanced X-ray or
ultrasonic techniques would have to be used.

Table 3 compares the experimentally determined strain at
initiation to the predict strain for the -45°/00, +4570°
interfaces and the midplane of the 0° ply. The critical
location and angle is the same for all the models, that is
the -45°/0° interface at ±15°, with the +45°/0° interface
being the second most critical location. It should be
pointed out that the strain required to cause a delamination
to form at the midplane of the 0° ply is quite low for the
type C specimen as compared to the other specimens. This
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would explain the midplane delamination that was observed
in the type C specimens during testing, see Figure 10.

4.3 Mechanism of Damage Progression

The numerical results and the failure characteristics at the
hole surface support a proposed mechanism for damage
initiation and progression. The mechanism for initiation
based on the finite element results is that damage begins as
a localized delamination in the -45°/0° interface at the hole
edge at an angle that is slightly off axis, ± 15°. Very shortly
after this initiation, localized delamination occurs at the
+ 4570° interface also at an angle slightly off axis. This is
verified by the fact that the finite element results showed
that the +45°/0° interface was the second most critical area
and the experimental results showed both interfaces
contained delaminations. A photoelastic image of a
specimen which was not taken to ultimate failure revealed
that the resulting delamination after the first acoustic
emission which signified initiation, was slightly off axis, see
Figure 8. Depending on the thickness of the ply group, the
growth of these delaminations would lead to the formation
of sub-laminates which promote localized buckling of the 0°
plies at the hole surface approximately at right angles to the
loading direction. If the ply is too thick, localized buckling
could not occur. However due to the large interlaminar
normal stress that would be present in the 0° ply,
delaminations could form within the 0° ply group creating
thinner sub-laminates thus facilitating local buckling. This
view on damage initiation is slightly different from the view
of Waas et al.(7) that the failure is initiated as a localized
instability in the 0° plies at the hole surface.

The initial delamination growth is arrested quickly due to
the constraint of the adjacent plies and no further growth is
detected. Under increasing load, further buckling of the 0°
plies increases the strain at the edge of the interface
delamination which leads to the resumption of the
delamination growth when a critical strain level is exceeded.
This resumption in growth and the subsequent immediate
arrest is usually accompanied by distinct audible acoustic
emissions. This delamination and fibre buckling process is
responsible for damage growth. Once the delaminated
regions reach a critical size, damage spreads to both side
edges of the specimen causing the final collapse. In the
case of laminates with thick ply groupings, the
delaminations may spread to a much larger area if midplane
delaminations occur within the 0° plies, as was the case for
the type C specimens.

Based on the experimental results, very littl e damage
progression took place in the specimens tested. Typically,
damage initiated between 90% to 95% of the ultimate load.
Therefore to apply a damage progression model to this
material system would not be practical since the time
required to grow the damage from initiation to failure is
very short. This is also true for other material systems that
have been investigated^'7'9'.

Detailed scanning electron microscopy is planned in the
near future to determine the failure mode for each
specimen examined including those tests that were not taken
to ultimate failure.

5. CONCLUSIONS AND RECOMMENDATION S

The damage initiation of compressively loaded quasi-
isotropic laminates was predicted using a failure criterion
based on the interlaminar normal and shear stresses. This
criterion determined the strain at damage initiation which
agreed reasonably well with the experimental results. The
observed trend that as the ply group thickness increased, the
strain to initial failure decreased, was also predicted. This
was not the case for the tensor polynomial criterion which
could not distinguish between the different ply group
thicknesses.

The failure criterion showed that the -45°/0° ply interface
was the most critical. This aspect was not verified by the
experimental results because the first interface failure could
not be accurately determined during testing. To more
accurately determine the strain at initiation, it is proposed
to carry out further tests using nondestructive in-situ
inspection techniques such as acoustic emissions combined
with ultrasonic methods or enhanced X-ray techniques.

Based on the numerical results and the failure
characteristics, a mechanism for damage initiation and
progression was proposed. This mechanism involved the
delamination of the -45°/0° and +45°/0° ply interfaces and
the subsequent localized buckling of the 0° plies at the hole
surface which occurs at approximately 90% of the ultimate
load. The growth process entails a delamination and fibre
buckling process which develops in stages and is
accompanied by a distinct audible acoustic emission.
Eventually the delaminated regions reach a critical size after
which ultimate failure occurs.

Considering that damage initiation occurs at over 90% of
the ultimate load, a damage progression model is not
practical for the material systems presently being used in
aircraft. However, as the material systems are improved, it
may be possible to apply such a model.
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Table 1: Properties of IM6/5245C Graphite-Epoxy

Elastic Properties

E, = 166GPa

Strength Properties

XT=2620 MPa

X c= 1278 MPa

E2 = E3 = 8.3 GPa

YT=Z,,=60 MPa

YC = ZC = 220 MPa

, = G,, = 5.4 GPa

2 = S13 = S = 117.9 MPa
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Table 2: Summary of Experimental Results

Stacking
Sequence

Type A

TypeB

TypeC

Specimen
Number

579-1

579-2

579-3

579-4'

Average

577-2

577-3'

577-4'

578-1

578-2

578-3

578-4

Average

575-2

575-3

575-4

576-2

576-3

576-4'

Average

Failure
Load, kN

-209

-204

-208

-187

-207

-175

-159

-174

-165

-172

-167

-167

-170

-152

-151

-155

-166

-150

-145

-155

ON, MPa

-241

-235

-238

-215

-238

-202

-183

-202

-193

-198

-193

-193

-197

-174

-173

-179

-188

-169

-164

-177

Average
Strain
at Failure

-4355

-4267

-4381

-4334

-3492

-3675

-3467

-3508

-3463

-3440

-3508

-3091

-3116

-3294

-3302

-3012

-3163

Initial
Failure
Strain

-3964

-3989

-4022

3985(92%)'

-3373

-3187

-3647

-2950

3289 (94%)

-2919

-3087

-3291

-2907

-2883

-3012

3017 (95%)

"Test was stopped prior to ultimate failure

Table 3: Summary of analytical Results

Stacking
Sequence

Type A

TypeB

TypeC

Experimental

-3985

-3289

-3017

Analytical

-45700

-3650

-2640

-2340

+ 45°/0°

-4700

-2833

-2467

Midplane of
0°ply

-9800

-5041

-3950



Loading
Direction

90°

Orthotropy

Axes

+ 45°

Fibre Orientation

Figure 1: Fibre orientation and laminae orthotropy
axes

Specimen ID

127 -

25.4 Dia. Hole
63.5

25.4

Back-to-back axial
strain gauges - 63,5 ••

- 286

Figure 2: Configuration of open hole compression
specimen (dimensions are in mm.).
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Figure 3: Open hole compression test setup.

250

0 500 1000 1500 2000 2500 3000 3500 4000 4500

Strain fa mm/mm)

Figure 4: Typical stress vs. strain curves for type A, B
and C specimens.

Figure 5: Photomicrograph of type C specimen
showing edge delamination.

a) Type A b) Type B

Figure 6: Photomicrograph of type A and B
specimens showing localized edge
delaminations.



Localized
Bulging .

Figure 7:

Figure 8:

Photoelastic coating

Figure 9: Photomicrograph of hole surface of type B
specimen showing in i t ial damage.



S-! I

Photoelastic coating

Figure 10: Photomicrograph of hole surface of type C
specimen showing initial damage. Note the
occurrence of the delaminat ion w i th i n the 0"
ply group.

+ 45'

-45°

a) Element distr ibut ion through-the-thickness for type
B and C models

+ 45"

b) Element distr ibution through-the-thickness for type
A model

Figure 11: Fini te element models
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Location of
maximum stress

STRESS CONTOURS
SXX - STRESSES

UIEU : -1.01E+05
RftNGE: 4.32E-102

< Band x 1 .9E; )

0.4316

-1B.81

-22.06.

-S7.0S

-78.2B

-39.52

-100.8

Locations of
maximum stress

STRESS CONTOURS
SZZ - STRESSES
UIEN : -3.19E«"3 2
RHNGE: 1 .77E+I33

<Band x 1.8E1>

176.6

HI  147.5

1 1 9 .2

•30. 4 3

32.57

4.244

-24.48

-53.21

-SI.94

STRESS CONTOURS
SZX - STRESSES

Locations of
maximum stress

c)o ,

RftHGE: 6.89E4-613

Figure 12: Finite element stress plots of the type C
model.
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-90 -60 -30 0 30
Angle (deg.)

90

-60 -30 0 30
Angle (deg.)

60 90

b)a2

-60 -30 0 30
Angle (deg.)

60 90

c)a,2

Figure 13: In-plane stress distributions taken at the
midplane of the 0° ply.



8-14

-60 -30 0 30
Angle (deg.)

60 90

a) Midplane of 0° ply

-60 -30 0 30
Angle (deg.)

60 90

b) +45°/0° interface

-90 -60 -30 0 30
Angle (deg.)

c) -450/00 interface

Figure 14: Interlaminar normal stress, a,, distributions.



-60 -30 0 30
Angle (deg.)

60 90

a) -45700 interface

-90 -60 -30 0 30
Angle (deg.)

60

b) +45700 interface

Figure 15: Interlaminar shear stress, a13, distributions.
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-60 -30 0 30
Angle (deg.)

a) -45700 interface

60 90

-60 -30 0 30
Angle (deg.)

60 90

b) +45700 interface

Figure 16: Interlaminar shear stress, a,3, distributions.

I 3000

.5 2000
ca

Experimental

Numerical (Nodal)

Numerical (Gauss)

Type A TypeB TypeC

Figure 17: Bar chart comparing the predicted strain at
initiation to experimental results.
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PROPAGATION D'U N DELAMINAGE DANS U N PANNEAU
COMPOSITE SOUMIS A  U N CHARGEMENT D E COMPRESSION

par  R .  GIRARD

Offic e Nationa l  d'Etude s e t  d e Recherche s
Aerospatiale s (ONERA)

92322 CHATILLO N CEDEX -  Franc e

RESUME

Ce travai l  concern e l a propagatio n d'u n delaminag e
artificie l  entr e deu x couche s d'un e plaqu e
composit e stratifie' e soumis e a  de s force s d e
compression .  L a propagatio n propremen t  dit e es t
precede d d'u n flambag e loca l  e t  d'un e ruptur e de s
couche s l e lon g de s deu x cSt§ s d e l a zon e
rectangulair e d u delaminage .

Par  suite ,  1'analys e d u problem e doi t  etr e effec -
tu€ e dan s l e cadr e de s grand s dgplacement s dan s
le s domaine s d u flambag e e t  post-flambage .  D e
plus ,  a u voisinag e d u fron t  d e delaminage ,  un e lo i
de comportemen t  no n lineair e es t  introduit e d e
faco n a  teni r  compt e d e I'endommagemen t  de s pli s
du stratifie .  C e model e d'endommagemen t  es t  bas e
sur  de s variable s interne s d'endommagemen t  d6cri -
van t  l a pert e d e rigidit e d u matSria u du e 3  l a
micro-fissuratio n transverse .

Par  ailleurs ,  l a predictio n d u delaminag e n§ces -
sit e l e calcu l  d u tau x d e restitutio n d'6nergi e l e
lon g d u fron t  d e delaminag e (calcu l  explicit e de s
dgrivge s d e 1'energi e potentiell e pa r  rappor t  au x
coordonnees )  e t  l a connalssanc e experimenta l  de s
tau x critique s pou r  le s materiau x composites .

Les outil s  numerique s correspondant s on t  6t §
implante s dan s u n cod e specifiqu e d'Element s fini s
non lingaire s utilisan t  de s glgment s isoparametri -
ques degenere s e t  un e formulatio n lagrangienn e
totale .  C e cod e a  gte 1 appliqu e 3  l a simulatio n
numeriqu e d e resultat s experimentau x existan t
(group e GARTEUR su r  I'endommagemen t  de s materiau x
composites) .  L a predictio n numeriqu e d e l a propa -
gatio n d u delaminag e es t  relativemen t  satisfai -
sante .

INTRODUCTION

Les structure s stratifiee s composite s son t  suscep -
tible s d e presente r  de s dSfaut s localise s qu i
peuven t  existe r  de s l e stad e d e l a fabricatio n o u
apparaltr e e n servic e 3  l a suit e d e choc s divers .
Lorsqu e l a structur e es t  soumis e a  certaine s
sollicitations ,  ce s defaut s provoquen t  de s deiami -
nages interne s qu i  on t  tendanc e 3  s e propager .

Cett e propagatio n s'observ e notammen t  dan s l e ca s
de structure s travaillan t  e n compressio n pou r  de s
defaut s sltu€ s a u voisinag e de s face s externe s d e
l a structure .  L a parti e d u stratifi e situS e au -
dessu s d u dSfau t  es t  alor s sensibl e a u flambag e e t
se d€form e pa r  cloquag e entralnan t  l a progressio n
de l a zon e de'laminee .

Dans l e travai l  qu i  es t  present s ici ,  l a progres -
sio n es t  etudi£ e su r  u n pannea u composit e pr€sen -
tan t  u n delaminag e intern e introdui t  artificielle -
ment .  On n e cherch e pa s 3  caractSrise r  1'appari -
tio n de s d€fauts ,  mal s seulemen t  3  e n pr6voi r  e t
gtudie r  l a progression .

La simulatio n numgriqu e d e cett e progressio n es t
bas€ e su r  u n certai n nombr e d'outil s  numerique s
permettan t  d e dScrir e le s phenome'ne s mi s e n je u :

.  Analys e no n UnSair e e n post-flambag e
Une tell e analys e es t  ngcessitS e pa r  un e pro -
gressio n d u dfilaminag e qu i  es t  observS e apre s
flambag e d e l a zon e de'lamine'e .

.  Endommagement  de s matSriau x
Les contrainte s a u raccor d d e l a zon e d e clo -
quag e ave c l e rest e d e l a structur e son t  suf -
fisammen t  importante s pou r  provoque r  1'appa -
ritio n d e micro-fissure s modifian t  l e compor -
temen t  de s pli s  d u stratifie d

.  Tau x d e restitutio n d'Snergi e
Ces quantites ,  calcule'e s l e lon g d u fron t  d e
dSlaminage ,  permetten t  d e prSvoi r  l a propaga -
tio n lorsqu'elle s atteignen t  de s valeur s cri -
tique s caractSristique s de s mate'riau x utili -

ses

Ces outil s  son t  3  l a bas e d u cod e d e calcu l
DAM-STRAT developp e 3  1'ONER A [1 ]  e t  applique 1 a  u n
problSm e d e propagatio n d e delaminag e analys e
expgrimentalemen t  a u D  .L.R-Draunschwei g [2 ]  e t  a
1'ONERA-IMF L [3] .  Le s travau x experimentau x d u
D.L. R e t  le s methode s numerique s d e 1'ONER A on t
et e realise s dan s l e cadr e d'un e concertatio n
europeenn e GARTEUR,  ayan t  pou r  the'm e l a mecaniqu e
de I'endommagemen t  de s materiau x composite s [2] .

1 -  L E PROBLEME ETUDI E

1. 1 Pannea u e t  montag e experimenta l
Le pannea u test e es t  u n stratifi e constitu e d e 1 6
pli s d'u n materia u composit e classiqu e 3  fibre s d e
carbon e e t  rSsin e gpox y (T.300-914) .  L'epaisseu r
de chaqu e pl i  es t  d e 0.125m m e t  l a sequenc e d'em -
pilemen t  mesure e pa r  rappor t  3  l a directio n de s
effort s longitudinau x d e compression ,  es t  l a sui -

vant e :
[+2° ,  -2° ,  +45° ,  0° ,  0° ,  -45° ,  0° ,  90°] s

ou I'indic e s  indiqu e qu e l a sequenc e doi t  etr e
compiete e pa r  symetrie .

Afi n d e simule r  u n delaminag e initial ,  cett e
sequenc e es t  modifie e pa r  insertion ,  a u centr e d u
panneau ,  d e 2  pastille s d e teflo n superposee s e t
situee s entr e le s 2eme e t  3eme pli s 3  parti r  d e l a
fac e superieure .  Ce s pastille s on t  u n diame'tr e d e
10mm e t  un e Spaisseu r  d e 25>im .  Pou r  le s calcul s
numeriques ,  l a surfac e d e delaminag e es t  assimiie e
3 1'interfac e entr e le s 2  pastille s e t  le s pastil -
le s n e son t  pa s modeiisee s (leu r  epaisseu r  es t
negligeabl e devan t  cell e de s plis) .
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L'introductio n d e c e defau t  artificie l  romp t  l a
symetri e dan s 1'epaisseu r  d u panneau .  Soumi s a  de s
effort s d e compression ,  celui-c i  s e deform e don e
par  flambag e lateral .  D e faco n a  Ivite r  c e flam -
bage global ,  i l  a  et e conc u u n dispositi f  experi -
menta l  constitu e d e 2  plaque s rigide s entr e les -
quelle s l e pannea u peu t  coulisse r  libremen t  (voi r
figur e 1) .

De plus ,  a u centr e d e l a plaqu e superleur e es t
amenagee un e fenetr e rectangulair e autorisan t  le s
deplacement s transversau x d u panneau .  Le s dimen -
sion s d e cett e fenetr e son t  choisie s suffisammen t
grande s pou r  permettr e l e flambag e loca l  d e l a
parti e d e pannea u situe e au-dessu s d e l a zon e d e
delaminage .

1. 2 Resultat s experimentau x
Les mesure s effectuee s reposent ,  d'un e par t  su r
des technique s d e Moir e permettan t  l a visualisa -
tio n d e l a taill e d u delaminag e (voi r  figur e 2 )
et ,  d'autr e part ,  su r  de s mesure s d e fldche s a
1'aid e d e capteur s a  mutuell e inductanc e [3] .  Ce s
mesure s son t  effectuee s pou r  different s niveau x d e
charg e impose s graduellemen t  (essai s quasi-stati -
ques) .

Dans un e premier e phase ,  dison s jusqu' a 400N/mm 2,
l e defau t  rest e circulair e e t  l a parti e d e pannea u
situe e au-dessu s d u defau t  s e deform e pa r  cloquag e
Aux environ s d e 400N/mm 2,  c e cloquag e donn e nais -
sanc e a  deu x macros-fissure s longitudinale s
situee s d e par t  e t  d'autr e d e l a zon e deiamine e e t
nettemen t  visible s a  450N/mm 2 (voi r  figur e 2) .  L a
zone d e delaminag e devien t  alor s quasimen t  rectan -
gulair e pui s progress e regulieremen t  e n etan t  gui -
d£e pa r  le s 2  macros-fissures .

Les niveau x d e charge ,  donne s ci-dessus ,  corres -
ponden t  au x rgsultat s d u D.L.R ,  ceu x d e 1'IMF L
etan t  generalemen t  inferieur s (l a differenc e pou -
van t  atteindr e 20 % environ) .  Le s resultat s experi -
mentau x n e son t  don e connu s qu'ave c un e certaln e
precisio n du e a u fai t  qu e 1'initialisatio n de s
phenomenes observe s s'effectu e 3  1'echell e micros -
copiqu e e t  n'es t  pa s directemen t  observable .
Neanmoins ,  le s resultat s son t  suffisammen t  concor -
dant s pou r  envisage r  u n calcu l  previsionne l  d e l a
progressio n du  delaminage .

2 -  SIMULATIO N NUMERIQUE

2. 1 Le s outil s d e calcu l
2.1. 1 Analys e e n post-flambemen t

Le cod e d e calcu l  DAM-STRAT [1] ,  lui-mem e iss u d u
modul e d e calcu l  ISON L realis e 3  1'ONER A [4] ,  es t
bas e su r  un e formulatio n lagrangienn e total e d u
problem e de s grand s deplacement s e t  un e discreti -
satio n d e typ e element s finis .  Le s equation s
d'equilibr e son t  resolue s pa r  u n processu s incre -
menta l  portan t  ,  soi t  su r  u n facteu r  multiplicati f
du chargement ,  soi t  su r  u n parametr e d e typ e abs -
ciss e curvilign e relativemen t  a  l a courb e charge -
deplacements .

A I'interieu r  d e chaqu e incremen t  le s equation s
non lineaire s son t  resolue s pa r  un e mSthod e itera -
tiv e d e typ e Newto n ave c possibilit e d e garde r
constant e l a matric e d e rigidit g a u cour s de s ite -
rations .  Le s singuiarite s inherente s au x pheno -
me'ne s d e flambemen t  son t  traite'es ,  soi t  e n utili -
san t  l a parametrisatio n e n absciss e curvilign e
(franchissemen t  de s point s d e limites) ,  soi t  e n
introduisan t  de s imperfection s d e chargemen t  ade -
quate s (franchissemen t  de s point s d e bifurcation) .

Les element s fini s utilise s son t  d u typ e tridimen -
sionne l  deg£ner e ave c interpolatio n lineair e dan s
1'epaisseur .  Leu r  formulatio n es t  d e typ e isopara -
metriqu e ave c interpolation s surfacique s lineal -
res ,  quadratique s o u cubiques .  Mecanlquemen t  le s
element s son t  multicouches ,  chaqu e couch e pouvan t
etr e constitut e d e materiau x isotropes ,  isotrope s
transverse s o u orthotropes .  Le s loi s d e comporte -
ment  son t  formuiee s d e faco n tridimensionnelle ,
bidimensionnell e (plaque s el ;  coques )  o u unidimen -
sionnelle s (poutre s droite s o u curvilignes) .  Dan s
ces deu x dernier s ca s l e recour s au x technique s
d'integratio n rgduit e e t  d e penalisatio n de s
deformation s normale s transverse s es t  necessair e
pour  evite r  le s phenomene s d e blocag e e n cisaille -
ment  transversa l  de s structure s minces .

2.1. 2 Pris e e n compt e d e I'endommagemen t
L'endommagemen t  introdui t  dan s l e calcu l  DAM-STRAT
[5] ,  a  pou r  bu t  d e rendr e compt e d e l a micro -
fissuratio n transvers e d'u n materia u composit e 3
fibre s unidlrectionnelles ,  c'est-3-dir e 1'appari -
tio n a u sei n d e l a rSsin e d e micros-fissure s diri -
gees selo n l a directio n de s fibres .

Pour  u n mate'ria u e n gta t  d e contrainte s planes ,
ce t  endommagement  affect e esisentiellemen t  l e
modul e d e cisalllemen t  & n e t  l e modul e d e Youn g
transerva l  E j  (le s fibre s son t  orientee s selo n
l a directio n 1 )  e t  peu t  etr e decri t  pa r  2  varia -
ble s interne s d  e t  «J '  telle s qu e :

U -  4' )  M

ou G u e t  E j  son t  le s valeur s correspondan t  a u
materia u non  endommage .  En  cas  de  compressio n
transversale ,  l e modul e E t  n'es t  pa s affect e ca r
une tell e sollicitatio n a  pou r  effe t  d e referme r
le s micros-fissures .

Aux 2  variable s d  e t  d 1 sor t  associees ,  vi a 1'ex -
pressio n d e 1'energi e d e deformatio n 21  .Ta.lir.E j  deu x
variable s Y d e t  y d< definie s pa r

z  a d
i .  U
2 3d 1

ou <£j2>,.design e l a parti e positiv e d e f ,  ( E Ht  > 0
et  0  sinon )  "  U  n

Sur  l a bas e d e resultat s experimentaux ,  le s loi s
physique s d'endommagemen t  relian t  d i  e t  d 1 3  >J |  e t  Vj <
son t  choisie s comme fonction s lineaire s d'un e
seul e e t  meme variabl e > .  tell e qu e :

X|
T

Les quantite s Vo,V t /  l' t  e t  6 -  son t  de s coeffi -
cient s caracteristique s d u materia u don t  le s
valeur s son t  a  determine r  experimentalement .

Le parametr e t  decri t  1'histoir e d u materia u
jusqu' a 1'eta t  actue l  \  =  k  .L a definitio n d e J t
tradui t  1'irreversibilit e d e I'endommagement ,
alor s qu e l a valeu r  *  ,  X 0 correspon d a  u n seui l
en-dessou s duque l  i l  n' y a  pa s d'endommagement .
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La rais e e n oeuvr e pratiqu e d'u n te l  model e d'en -
dommagement  n e pos e pa s d e difficulte s majeures ,
si  c e n'es t  l a valeu r  d e ¥•  qu i  necessit e e n
tout e rigueu r  un e sauvegard e au x fin s d e comparai -
son 3  1'incremen t  suivant .

Toutefois ,  lorsqu e X  es t  un e fonctio n no n decrois -
sant e a u cour s d e 1'histoir e d u materia u e t  c'es t
l e ca s dan s l e problem e qu i  nou s preoccupe ,  l a
valeu r  d e ) t  n'es t  autr e qu e l a valeu r  instantanne e

de >  .

Le model e d'endommagemen t  ains i  defin i  present e l a
particularit e d e pouvoi r  conduir e a  un e instabi -
lit e lorsqu e t w>0.  Plu s precisemment ,  l a lo i  d e
comportemen t  endommageabl e ecrit e sou s form e
incremental e devien t  singulier e lorsqu e l e deter -
minan t  d e l a matric e associe e devien t  nul ,  soi t  :

Physiquemen t  cett e instabilit e es t  interprete e
comme un e ruptur e e n tractio n d e l a resin e d u
composite ,  le s autre s mode s principau x d e ruptur e
(ruptur e e n compressio n d e l a resin e e t  ruptur e
des fibres )  etan t  simplemen t  pri s e n compt e dan s
DAM-STRAT 3  1'aid e d e limlte s  a  rupture s (-̂ a «*?,, )

2.1. 3 Tau x d e restitutio n d'energi e
Soi t  T T 1'energi e potentiell e d e l a structur e
discretisee ,  considere e e n tan t  qu e fonctio n de s
deplacement s nodau x u. ™ e t  de s coordonnee s
nodale s a. ™ d e chacu n de s m point s d u maillag e
( i  =  1 ,  2 ,  3) .  A  un e perturbatio n infinitesimal e
do. *  d e l a i*5 "  coordonne e d u noeu d / » es t  asso -
cie e un e variatio n d'energi e 3  T l  tell e qu e :

7171 of t  A n ,  0 "  ()Q .  oT T n
u n s  — i  T  — k  i  — «  u

l a second e egalit e etan t  verifiee ,  e n I'abscenc e
d'  effort s exerce s a u noeu d m ,  ca r  le s deplacement s
reel s minimisent  1'energi e potentielle .

Cet  accroissemen t  d'energi e 9f l  represent e
1'energi e qu'i l  fau t  fourni r  a  l a structur e pou r
perturbe r  l a i'i "  coordonne e d u noeu d < n d e l a
quantit e 60- 7 •  O r  i e tau x d e restitutio n G  es t
defini ,  pou r  l a progressio n d'u n delaminage ,  comme
1'energi e dissipe e lorsqu e l e delaminag e progress e
d'un e longueu r  unite .  Pou r  un e longueu r  36 ,  d e pro -
gressio n d'u n delaminag e resultan t  d e l a seul e
perturbatio n d e l a i'? *  coordonne e d u noeud ,  l e
tau x d'energi e ser a don e :

De pa r  l a formulatio n isoparametriqu e de s element s
fini s utilise s dan s DAM-STRAT,  i l  es t  possibl e
d'explicite r  le s derivee s Jn/JoJe n fonctio n de s
coordonnee s O. T e t  de s gradient s de s deplacement s
ju. "  .  E t  pa r  suit e i l  e n es t  d e meme d e G  (voi r
[1 ]  pou r  le s detail s d e c e calcul) .

Dans l e calcu l  d e G  i l  n'es t  ten u compt e qu e d e
l a seul e perturbatio n d e l a coordonne e o- i  •  Pou r
calcule r  l e tau x d e restitutio n C  relati f  3  l a
propagatio n d e 1  'ensembl e d u front ,  o n utilis e un e
formul e d '  interpolatio n

G U )  .  L.U )  & ,

ou A  es t  1'absciss e courvillgn e l e lon g d u front ,
Lm l a fonctio n d'interpolatio n Iin6air e pa r

morceau x egal e a  1  au _ noeu d m d u frontle t  null e
aux autre s noeuds ,  C n l a valeu r  d e £  a u noeu d
m (  m »  * ,  N  ;  N  nombr e d e noeud s d u front) .

La progressio n d u fron t  d e delaminag e resultan t  d e
l a seul e perturbatio n d u noeu d m es t  donn6 e e n
premier e approximatio n pa r

o .  t w tt "

Cett e progressio n fai t  interveni r  tou s le s point s
materiel s d u fron t  situe s entr e le s noeud s «- l  e t
m + 1 e t  pa r  suit e u n tau x d e restitutio n d'energi e

te l  qu e :
m»*  m

ou G n es t  l a valeu r  pou r  l a perturbatio n d u noeu d
n,  ,  d u tau x 6  defin i  precedemment .

Cett e relatio n etan t  verifie e pou r  chacu n de s
noeud s d u front ,  o n obtien t  ains i  u n systgm e

de N  equation s pou r  determine r  le s
valeur s 5 m e n fonctio n de s &„  •  Dan s l e ca s o u
le s noeud s d u fron t  son t  equi-distants ,  l e system e
obten u es t  tridiagona l  d e sort e qu e so n inversio n

es t  quas i  explicite .

2. 2 Comparaiso n ave c le s essai s
2.2. 1 Calcul s effectu6 s

L'applicatio n d u cod e d e calcu l  DAM-STRAT 3  I 1 etu -
de d'u n problem e concre t  repos e su r  u n processu s
incrementa l  de s sollicitation s appliquees ,  chaqu e
incremen t  falsan t  1'obje t  d'un e analys e no n line -
aire .  C e processu s es t  interromp u de s qu e de s cri -
te're s approprie s signalen t  1  'apparitio n d e 1'u n
des phenomene s suivant s :

.  instabilit e d e flambemen t

.  ruptur e d'u n pl i

.  progressio n d u delaminag e

Selo n l e phenomen e rencontre ,  un e nouvell e strate -
gi c d e calcu l  o u un e nouvell e modelisatio n es t
alor s adopte e e t  u n nouvea u calcu l  no n lineair e
est  entrepris .

Dans l e probldm e qu i  nou s interess e ce s differen -
te s Stape s son t  le s suivante s :

.  mont6 e e n charg e jusqu' a I'instabilit 6 as -
socie e a u flambag e loca l  d e l a parti e d e pan -
neau situe e au-dessu s d u defau t  initia l
.  passag e a u chemi n bifurqu e correspondan t
aux equilibre s post- f  lambag e e t  mont€ e e n
charg e jusqu' 3 l a ruptur e associe e 3  1 '  ini -
tialisatio n de s macros-fissure s (voi r  ler e

partie )
.  simulatio n d e l a progressio n d u delaminag e
par  analys e d u pannea u pou r  differente s tall -
ie s d e l a zon e d61amine e ;  chacun e d e ce s
analyse s es t  poursuivi e tan t  qu e l e criter e
de propagatio n d u delaminag e n'es t  pa s veri -

fie .

Le calcu l  d u pannea u pou r  differente s tallie s d u
delaminag e necessit e autan t  d e modeiisation s dis -
tinctes .  Pou r  simplifie r  ce s derniSres ,  l e defau t
circulair e Inita l  a  6t 6 remplac e pa r  un e zon e d e
delaminag e rectangulair e d e largeu r  constant e
egal e a u diame'tr e d u dSfau t  initial .  Selo n le s
resultat s experimentaux ,  cett e approximatio n es t
parfaitemen t  justifie d aprg s apparitio n de s 2
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macro-fissure s longitudinale s tangente s a u defau t
initial .  Pa r  contre ,  dan s le s phase s d e flambemen t
et  d e formatio n de s macro-fissure s cett e approxi -
matio n es t  plu s discutable .  Neanmoins ,  l e defau t
etant  tre" s localis e e t  d e taill e relativemen t  res -
treinte ,  cett e modificatio n n e devrai t  pa s remet -
tr e e n cause ,  a u moin s qualitativement ,  l e calcu l
previsionnel .

Compte ten u de s symetrie s d u proble'me ,  l a modeii -
satio n n e port e qu e su r  l e quar t  d u panneau .  U n
maillag e element s fini s typiqu e es t  donn e a  l a
figur e 3 .  L a zon e d e delaminag e es t  schematise e
par  2  couche s d'element s superpose s no n raccorde s
l e lon g d e leu r  interface ,  mai s raccorde s a u rest e
de l a structur e l e lon g de s cSte s A B e t  AC.  C e
maillag e comport e enviro n 150 0 degre s d e Iibert6 ,
le s element s utilise s etan t  d u typ e quadratiqu e a
2x8 noeuds .

Les module s d'glasticit e introduit s son t  ceu x d u
materia u T.300-91 4 classiquemen t  utilise "  dan s
1'industri e aeronautique .  Pa r  contre ,  le s caracte -
ristique s d u model e d'endommagemen t  proviennen t  d u
LMT-Cachan ,  laboratoir e a u sei n duque l  a  et e conc u
l e modul e utilis e [5] .  Le s orientation s de s pli s
son t  celle s qu i  on t  et e mentionnee s dan s l a 15r e
partie ,  except e pou r  le s 2  pli s externe s 3 + 2 °
qui  on t  et e remplace s pa r  de s pli s 30° .  ~

En c e qu i  concern e le s condition s au x limites ,
outr e celle s resultan t  de s condition s d e symetrie ,
i l  fau t  teni r  compt e d e l a present e d u guid e anti -
flambage ,  c e qu i  condui t  a  impose r  l a nullit e de s
fleche s e t  rotation s au x noeud s situ£ s entr e le s 2
face s d e c e guide .  Dan s l e programm e DAM-STRAT,  l a
nullit e de s rotation s es t  realisl e pa r  un e techni -
que d e penalisatio n for?an t  1'egalit e de s deplace -
ment s infeYieu r  e t  supgrieu r  de s element s (intro -
ductio n d'un e rigidit e fictiv e suffisammen t  impor -
tant e entr e degre s d e libert e concernes) .

2.2. 2 Flambag e e t  fissuratlo n
Une premier e seri e d e calcul s concern e l a mis e e n
compressio n d u pannea u jusqu' a 1'apparitio n d'un e
instabilit e d e flambemen t  (voi r  figur e 4 ,  poin t  F )
Dans l e cod e DAM-STRAT,  cett e instabilit e es t
caractSrise e pa r  1'apparitio n d'u n pivo t  negati f
sur  l a diagonal e d e l a factorisatio n d e l a rnatric e
de rigidit e tangent e (d e d£fini e positiv e 1'ener -
gi e potentiell e devien t  negative) .

Une procedur e d e dichotomi c de s increment s d u
nivea u d e charg e appliqu e perme t  alor s d'encadre r
l a positio n critiqu e d'instabilit e ave c un e preci -
sio n requise .  Pou r  l e pannea u etudie ,  l a charg e d e
flambemen t  ains i  calcule e es t  voisin e d e 220N/mm 2.
Ell e es t  relativemen t  plu s eieve e qu e l a valeu r
experimenta l  qu i  a  p u etr e deduit e de s essai s d e
1'IMF L e t  qu i  s e situerai t  entr e 18 0 e t  200N/mm 2.

Outr e de s difficulte s experimentale s d'apprecia -
tio n d u nivea u d e cloquag e (e n pratiqu e le s cour -
bes charge-deplacement s presenten t  seulemen t  u n
coud e plu s o u moin s prononc e a u voisinag e d e l a
charg e critique) ,  i l  fau t  rappele r  qu e l a modeii -
satio n numeriqu e est ,  ell e aussi ,  susceptibl e
d'amelioratio n tan t  a u poin t  d e vu e d e l a finess e
du maillag e qu e d e 1'approximatio n d u defau t  cir -
culaire .

A defau t  d'etude s suppiementaire s su r  l a conver -
genc e d u model e element s fini s o u su r  1'influenc e
de l a form e e t  d e l a taill e d u defau t  initial ,  o n
peu t  simplemen t  affirme r  qu e l e phe'nome'n e d e flam -
bement  es t  effectivemen t  prevu e pa r  l e calcul ,
mai s qu'un e modeiisatio n vraisemblablemen t  no n
suffisammen t  affinee ,  condui t  a  un e surestitnatio n
de l a charg e critiqu e correspondante .

Quoiqu'i l  e n soit ,  le s calcul s on t  et e poursuivi s
en post-flambemen t  (branch e 1"- R de s courbe s d e l a
figur e 4) .  Dan s l e cod e DAM-5',TRAT ,  l e passag e a u
chemi n bifurqu e es t  realis e e n appliquan t  tempo -
rairemen t  un e leger e imperfectio n d e chargemen t
destine e a  fair e apparaftr e l e cloquag e d e l a zon e
susceptibl e d e flamber .  Dan s l e ca s present ,  1'im -
perfectio n introduit e consist e e n de s effort s
normau x d e faibl e intensit e applique s su r  l a fac e
extern e d e l a parti e d u pannta u situe e au-dessu s
du panneau .

Les position s d'equilibr e post-flambemen t  etan t
ains i  attelntes ,  l a monte e e n charg e es t  poursui -
vie .  A u fu r  e t  a  mesur e d e 1'accroissemen t  d e l a
charge ,  I'endommagement ,  te l  qu e decri t  pa r  le s
variable s d  e t  d 1 definie s e n 2.1.2 ,  apparal t  e t
se developp e e n fac e inferieur e d e l a parti e dgla -
mine e l e lon g d u cot e longitudina l  A B d e l a zon e
de delaminage .  Note r  qu e dan s 1'eta t  actue l  d u
cloquage ,  l a d€form€ e d e l a figur e 3  s e raccord e
continumen t  l e lon g de s cSte s A B e t  B C d e l a zon e
de delaminag e (l a figur e 3  es t  relativ e 3  un e pha -
se ulterieur e d e progressio n d u delaminage) .

Cett e extensio n d e I'endommagemen t  es t  conform e
aux observation s experimentale s selo n lesquelle s
l a macro-fissuratio n apparal t  d'abor d a u poin t  A
pui s progress e dan s l a directio n d e AB .  Numerique -
ment  I'endommagemen t  a u poin t  A  devien t  suffisam -
ment  important  pou r  provoquer ,  selo n l e criter e
defin i  e n 2.1.2 ,  un e ruptur e pa r  instabilit e d u
materia u composite .  Cett e ruptur e es t  atteint e
pour  un e valeu r  calcule e d e l a contraint e appli -
quee egal e 3  260N/mm 2 enviro n (poin t  R  d e l a
figur e 4 )

Physiquemen t  cett e ruptur e doi t  etr e interprete r
comme 1'initialisatio n d e l a macro-fissuratio n
observe e experimentaleinen t  entr e 33 0 e t  360N/mm 2

pour  1'IMF L e t  au x environ s d e 400N/mm 2 pou r  l e
D.L.R .  L a differenc e ave c l a valeu r  prevu e pa r  l e
calcu l  es t  don e relativemen t  importante .  Signalon s
cependan t  qu e le s observation s experimentale s son t
puremen t  macroscopique s e t  n e peuven t  d6cele r  qu e
le s premiere s fissure s debouchan t  su r  l a fac e d u
panneau ,  alor s qu e l a ruptur e calcule e correspon d
a u n phenome'n e d e fissuratio n intern e de s pli s  d e
l a zon e deiaminee .  D e plus ,  1'introductio n d u
defau t  rectangulair e dan s le s calcul s condui t  a
une surestimatio n de s courbure s a u bor d d e l a zon e
deiamine e e t  pa r  suit e a  un e surestimatio n de s
contrainte s e t  de s endommagenent s provoquan t  un e
ruptur e anticipee .

Ainsi ,  d e meme qu e pou r  l e flambement ,  l e pheno -
mene d e 'macro-fissuratio n es t  quantitatlvemen t
prev u pa r  l e calcul ,  mat s le s difficulte s experi -
mentale s e t  le s approximation s d e l a modeiisatio n
numeriqu e fon t  qu e l a comparaiso n quantitativ e
n'es t  pa s satisfaisante .

2.2. 3 Propagatio n d u delaminag e
Apre s apparitio n d e l a macro-fissuration ,  l a phas e
suivant e d e 1'etud e es t  1'analys e d e l a progres -
sio n d u delaminage .  Celle-c i  es t  simule e numeri -
quement  e n calculan t  l e pannea u pou r  differente s
longueur s a  d e l a zon e d e delaminage ,  l a largeu r
de cett e dernier e etan t  maintenu e a  s a valeu r  ini -
tial e d e 10mm.  L e c6t e longitudina l  d e cett e zon e
es t  maintenan t  desolidaris e d u rest e d u pannea u e t
le s deformee s obtenue s son t  d u typ e d e celle s d e
l a figur e 3  ( a =  12.5mm) .

Sur  l a figur e 4  es t  reporte e Involutio n d e l a
flech e a u centr e d e l a zon e dcilamlne e e n fonctio n
de l a contraint e appliquee .  Le s differente s
longueur s d e delaminag e consideree s son t  respecti -
vement  :
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a =  10 ,  12.5 ,  18.6 ,  25m m
Pour  chacu n de s calcul s correspondants ,  l e fai t
essentie l  concernan t  l a distributio n d e I'endomma -
gement  es t  qu e c e dernie r  rest e localis e 3  1'ex -
tremit e d u fron t  d e dilaminag e (poin t  B )  quelqu e
soi t  l a contraint e appliquee .  E n fait ,  celui-c i
crol t  regulieremen t  e t  quas i  lineaireinen t  ave c l a
charg e applique e jusqu' a c e qu e l e criter e d '  ins -
tabilit e soi t  attein t  (approximativemen t  a
300N/mm2 pou r  a  =  18.6mm) .  Cett e instabilit e
correspon d a  un e ruptur e d u pl i  inferieu r  d e l a
zone

Cett e ruptur e ire' s localise e n e signifi e nullemen t
l a ruin e d u pannea u e t  l e calcu l  es t  poursuiv i  e n
maintenan t  constante s le s valeur s d'endommagement s
atteinte s (irrgversibilit e d u dommage) .  E n fait ,
au de! 3 d e l a macro- f  issuration ,  I'endommagemen t  a
peu d '  influenc e su r  l e comportemen t  globa l  d u pan -
neau comme cel a a  p u etr e confirm s e n effectuan t
des calcul s puremen t  elastique s san s introductio n
du model e d'endommagement .

Au fu r  e t  3  mesur e d e l a poursuit e d e l a monte e e n
charge ,  l e cloquag e d e l a zon e deiamine e v a e n
s'accentuan t  jusqu' 3 c e qu e l a courbur e l e lon g d u
fron t  d e delaminag e soi t  suffisammen t  important e
pour  provoque r  1'ouvertur e e t  l a progressio n d e c e
front .  L a previsio n d e cett e progressio n es t  base e
su r  de s valeur s critique s de s tau x d e restitutio n
d'energi e l e lon g d u front ,  ce s valeur s critique s
etan t  associee s 3  different s mode s d'ouverture .

Classiquemen t  ce s mode s son t  classe s selo n l e typ e
de sollicitatio n :  solicitation s normale s a u pla n
de delaminag e (mod e I )  o u situee s dan s c e pla n e t
tangente s (mod e II )  o u normale s (mod e III )  a u
front .  Mai s d e pa r  leu r  anisotropie ,  le s materiau x
composite s s e preten t  mal  3  u n te l  classemen t  ca r
m§me pou r  un e sollicitatio n e n mod e I  pur ,  l e mod e
d'ouvertur e n'es t  pa s u n mod e d u typ e I .

Pour  cett e raiso n i l  a  et e propos e dan s [1 ]  un e
approch e original e base e su r  un e evaluatio n
direct e d u travai l  d e fermeture .  Lii e a  l a modeii -
satio n element s finis ,  cett e approch e utilis e le s
discontinuite s d e courbur e A  ( C ,  d e deformation s
plane s AE e e t  d e cisaillemen t  transvers e &  t  ,
au droi t  d u front ,  pou r  estime r  c e travai l  selo n
l a formul e :

$ „  *  (  & n .  &  K  v  * H .  M,  +  M"  .  V f  )
1  v

ou M,  N ,  T  son t  le s effort s generalise s associe s
respectivemen t  3  /( ,  t » , Y .

Dans l e proble'm e qu i  nou s interesse ,  l e term e d e
cisaillemen t  transversa l  es t  pratiquemen t  negli -
geable ,  alor s qu e le s contribution s de s terme s d e
courbur e btl.& X e t  d e deformatio n plan e fcN.kE ,
varien t  respectivemen t  d e 8 0 a  100 % e t  d e 0  3  20 %
pour  toute s le s longueur s d e delaminag e conside -
r6es .  Le s terme s d e courbur e son t  don e preponde -
rant s e t  1'o n peu t  considere r  qu e l e mod e d'ouver -
tur e d u fron t  d e delaminag e es t  essentiellemen t  d e
typ e I .  L'avantag e d e l a method e es t  d e pouvoi r
chiffre r  approximativemen t  le s differente s contri -
bution s energetique s participan t  3  1'ouvertur e d u
front .

A l a suit e d e ce s observation s i l  es t  don e nature l
de suppose r  qu e l a progressio n d u delaminag e n e
depen d qu e d e l a seul e valeu r  critiqu e G j  .  Pou r
le s materiau x composite s cett e valeu r  critiqu e es t
fonctio n d e 1'angl e 9  constitu e pa r  le s direc -
tion s de s fibre s situee s d e par t  e t  d'autr e d e
1'  interfac e d e delaminag e e t  i l  es t  don e neces -
salr e d e dispose r  d e resultat s experimentau x
d6crivan t  Involutio n d e G 1 e n fonctio n d e 6 .

De tel s essai s on t  et e realise s 3  1'ONER A [6 ]  pou r
une  gprouvett e a  pli s alternS s +9/2 ,  sollicitS e
en mod e I .  Le s resultat s obtenu s montren t  un e
reductio n d'enviro n deu x tier s pou r  G *  quan d o n
pass e d e 6  =  0  3  6  =  45 °  :

G*  *  & *  10 )  x  n .  ,  A  *  2/ 3

La valeu r  G t  (0 )  etan t  relativemen t  bie n connu e
pour  l e materia u T.300-914 ,  a  savoi r  0.185N/mm ,
c'es t  l a valeu r  d e Gj  >  deduit e d e l a formul e pre -
cedente ,  qu i  ser a utilise e pou r  diete r  l a progres -
sio n d u delaminag e (rappelon s qu e dan s l e problem e
etudie ,  l a directio n de s fibre s d e par t  e t  d'autr e
du delaminage ,  es t  respectivemen t  d e 45 "  e t  0°) .

Les tau x d e restitutio n d'energie ,  calcuie s selo n
l a method e esquisse e e n 2.1.3 ,  on t  un e repartitio n
relativemen t  uniform e l e lon g d u fron t  d e delami -
nage ,  except e a u voisinag e de s extremite s d u fron t
ou de s singularite s d e contrainte s conduisen t  3
des tau x san s significatio n physiqu e reelle .  Pa r
suite ,  l a valeu r  d e c e tau x a u centr e d u fron t
sembl e l a mieu x adapte e pou r  l a previsio n d e l a
progressio n d u delaminage .  Le s evolution s d e ce s
valeur s e n fonctio n d e l a contraint e appliquee ,
son t  donnee s a  l a figur e 5 .  Su r  cett e meme figur e
a egalemen t  et e reporte e l a valeu r  critiqu e
defini e comme i l  a  et e di t  plu s haut .

Pour  chacun e .de s longueur s d e delaminag e conside -
rees ,  l e tau x d e restitutio n d'energi e es t  un e
fonctio n croissant e d e l a contraint e appliquee .
Tant  qu e c e tau x rest e inferieu r  3  l a valeu r  cri -
tiqu e G 1 ,  l e delaminag e n e progress e pas ,  mai s
des qu e cett e valeu r  es t  atteint e (point s P  de s
courbe s d e l a figur e 4 )  i l  y  a  progressio n e t  le s
position s d'equilibr e a u del S d e cett e valeu r  n e
son t  plu s representative s d u comportemen t  ree l  d u
panneau .

Ainsi ,  a  chaqu e longueu r  d e zon e deiaminee ,  es t
associe e l a valeu r  d e l a contraint e applique e
provoquant  l a progressio n d u delaminage .  L'ensem -
bl e d e ce s valeurs ,  ains i  qu e leu r  homologue s
experimentales ,  son t  reporter s su r  l a figur e 6 .  On
constate ,  e n premier e approximation ,  qu e l a
progressio n s'effectu e lineairemen t  e n fonctio n d e
l a charg e applique e e t  qu e le s valeur s calcuiee s
se situen t  gross o mod o entr e le s diverse s valeur s
experimentales .

De faco n a  mesure r  I'influenc e d e l a valeu r  adop -
te e pou r  l e tau x critiqu e d e progression ,  i l  a
egalemen t  et e report e su r  l a figur e 6  le s valeur s
de propagatio n associee s a  un e variatio n d e +^  10 %
de l a valeu r  d e G*  (cett e variatio n correspon d a
A =  0. 6 e t  n  =  0.7 3 su r  l a figur e 5) .  L a laajorit e

des resultat s experimentau x es t  alor s encadre e pa r
le s valeur s calcuiees .  Compt e ten u d e 1'imprfici -
sio n experimental e su r  l a valeu r  d e G (  ,  l a
progressio n d u delaminag e sembl e don e relativemen t
bie n prev u pa r  l e calcul .

Toutefois ,  selo n le s resultat s le s plu s recent s d e
1'IMF L (courb e pointille e d e l a figur e 6  associS e
3 un e moyenn e d e tou s le s essai s realise s jusqu' 3
present) ,  i l  apparal t  qu e 1'Scar t  essais-calcul s
soi t  nettemen t  plu s important .  Remarque r  cependan t
que l a vitess e moyenn e d e propagatio n a  pe u evo -
Iu6 e pa r  rappor t  au x premier s essai s e t  es t  tou t  a
fai t  conform e a  cell e obtenu e pa r  l e calcul .  Cett e
vitess e moyenn e es t  d e 1'ordr e d e 10mm d e progres -
sio n pou r  lOON/mm2 d e contraint e appliqu§e .
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CONCLUSION

Qualitativement ,  le s resultat s obtenu s montren t
que l e cod e DAM-STRAT es t  u n outi l  d e calcu l
permettan t  l a previsio n de s different s phenomene s
mis e n je u lor s d e l a compressio n d e panneau x com -
posite s presentan t  u n delaminag e initia l  :  flambe -
ment  localise ,  macro-fissuratio n longitudinal e e t
propagatio n d u delaminage .

Outr e 1'introductio n de s non-linearite s geometri -
ques necessaire s 3  1'analys e d u flambemen t  e t
post-flambement ,  l a pris e e n compt e d e non-linear -
ite s physique s d e typ e endommagement  es t  essentie l
a l a previsio n d e 1'initialisatio n d e l a macro -
fissuration ,  elle-mem e responsabl e d e I'avance e
initial e d u delaminage .  Pa r  contre ,  i l  es t  appar u
que ce t  endommagement  etai t  san s influenc e notabl e
dans l a phas e propremen t  dit e d e progression .

Sur  l a bas e de s resultat s experimentaux ,  l e meca -
nism e d e l a propagatio n a  p u etr e schematis e sim -
plement ,  l a zon e d e delaminag e restan t  rectangu -
lair e e t  d e largeu r  constante .  L'estimatio n de s
diverse s contribution s energetique s a u travai l  d e
fermetur e d u fron t  a  montr e qu e l a progressio n
s'effectuai t  principalemen t  e n mod e I .  L e calcu l
des tau x d e restitutio n d'energi e effectu e dan s
DAM-STRAT perme t  alor s l a previsio n d e l a propaga -
tio n a  1'aid e d u seu l  tau x critiqu e G*

Quantitativement ,  l a comparaiso n essais-calcul s
rgvel e de s ecart s important s notammen t  e n c e qu i
concern e le s valeur s de s charge s critique s d e
flambemen t  e t  d'initialisatio n d e l a macro-fissu -
ration .  Pa r  contre ,  compt e ten u d e l a dispersio n
experimenta l  relativemen t  €lev€e ,  l e calcu l  d e l a
progressio n d u delaminag e s'aver e pluto t  satisfai -
sant .  E n particulier ,  l a vitess e moyenn e d e propa -
gatio n sembl e ire' s correctemen t  evaluee .

La determinatio n experimenta l  precis e de s valeur s
theorique s de s charge s critique s d e flambemen t  e t
d'initialisatio n d e l a macro-fissuratio n es t  u n
problem e difficil e :  l e phenomen e ree l  d e flambe -
ment  es t  toujour s entach e d'un e certain e impreci -
sio n resultan t  de s imperfection s inherente s au x
structure s testers ,  alor s qu e l a macro- f  issuratio n
result e d e phenomene s microscopique s qu i  n e
sauraien t  etr e d£ceie s san s l e recour s 3  de s
technique s particulidre s permettan t  d e decrir e
1'eta t  d e l a fissuratio n a u sei n de s pli s  d u
composite .

De plus ,  au x incertitude s experimentales ,  s'ajou -
ten t  le s imperfection s d e l a modeiisatio n numeri -
que.  E n particulier ,  de s etude s numerique s portan t
sur  l a finess e d u maillag e e t  1'Influenc e d e l a
form e initial e d u defau t  devraien t  permettr e d e
mieu x comprendr e le s ecart s constate s lor s de s
phase s initiale s d e flambemen t  e t  d e macro-fissu -
ration .
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SEQUENCE D'EMPILEMENT

materiau T300-9KC

[+2,-2,H5,0,0,-i5,0,901s

Guide anti- flambage
tO mm x 100mm

Fenetre
26mm x 30mm

Defaut initial
0 10mm

MONTAGE EXPERIMENTAL

inserts
2 x 2 5 n

..15

. 0

. 0

. -45
0

plan moyen

Fig: 1_ DEFINITION DU PANNEAU

525 N/mm2 550 N/mm2 575 NJ/mm2 600 N/mm2

Fig: 2-VISUALISATIO N DU DELAMINAG E (DLR)
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Fjg : 3 _ Plaque composit e 1)1.K en compressio n

Contraint e appliquee : 380 N/mm2 - Zone deiamine e : 10 x 12,5 mm2

Coef. multipl. des ddp.: 4.00

contrainte appliquee
N/mm2

600

500

400

a r 18, 6 mm
a = 25mm

21,7
^,+"

100 L

essai IMFL avec report des; longueurs

de delaminage observees

calculs E.F. a longueur de zone deiaminee

F flambement

R macro-fissuration
P propagation

fleche
0.5 1.0 1 5

- Fleche au centre de la zone deiaminee.
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N/mm

0.20

0.15.

'c

0.10

0.05

0.

Taux au centre du front

a = longueur deiaminee

: r G (0) , r = 2/3

a = 12,5 mm

r = 0,73
a = 10

mm

= 25mm

r= 0,6

N/mmz

Fjg :_5__ Evolution du taux de restitution d'energie

longueur
deiaminee
mm t

30

20

10

essais : o DLR
. IMFL 2 x 25u
x IMFL moyenne

calculs: * G£ = 2/3 G ( O )

• AG* = ± 10% G[

contrainte
appliquee

r
200 300 500 600 N / mnr

Fig: 6 _ Propagation du delaminage
(comparison essais-calculs)
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GARTEUR COMPRESSION BEHAVIOU R OF ADVANCE D CFRP

W.GJ. 't Hart (NLR, The Netherlands)
R.Aoki (DLR, Germany)

H.Bookholt (Fokker, The Netherlands)
P.T.Curti s (RAE, United Kingdom)
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by
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29,  Avenu e d e l a Divisio n Lecler c
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Franc e

SUMMARY

The susceptibilit y  o f  currentl y use d CFRP t o impac t
damage ha s stimulate d th e developmen t  o f  improve d
composites .  Thi s ne w generatio n o f  composite s
usuall y show s increase d toughnes s an d damag e
toleranc e a s wel l  a s improve d tensil e performance .
Thi s i s generall y no t  matched ,  however ,  b y a
simila r  improvemen t  i n compressiv e propertie s whic h
the n become s a  limitin g desig n factor .
For  improvemen t  o f  th e compressiv e strengt h a
bette r  understandin g o f  th e compressiv e failur e
behaviou r  i s needed .  Thi s aspec t  i s par t  o f  a
cooperatio n programm e withi n GARTEUR*.  Th e
compressiv e failur e behaviou r  i s bein g examine d a t
th e microscal e leve l  (singl e fibr e an d bundl e
tests )  an d a t  coupo n level .
For  experimenta l  verificatio n o f  failur e model s
specia l  attentio n ha s t o b e pai d t o compressiv e
tes t  procedure s i n orde r  t o archiev e optima l
strengt h value s wit h a  minimu m o f  scatter .  T o
evaluat e th e mos t  appropriat e compressio n tes t
metho d a  Round-Robi n tes t  programm e wa s performe d
on unidirectiona l  laminate s o f  th e material s
T800/6376 ;  HTA7/982 ;  HTA7/6376 ;  T800/5245 ;
T800/924 ;  IM400/524 5 an d T400/6376 .
I n th e presen t  pape r  th e result s o f  th e Round-Robi n
tes t  programm e ar e discussed .

Keywords :  carbo n fibr e reinforce d plastics ,
compressiv e strength ,  tes t  methods .

INTRODUCTION

The lo w resistanc e t o impac t  damag e o f  carbo n fibr e
reinforce d plastic s (CFRP )  i s on e o f  th e majo r
restriction s fo r  application s o f  CFRP i n load -
bearin g primar y aircraf t  structures .  I n curren t
composit e structure s th e designe r  i s force d t o
restric t  desig n load s t o level s fa r  belo w th e
capabilitie s o f  th e composite s i n orde r  t o
compensat e fo r  possibl e impac t  damage .  Effect s o f
lo w velocit y impact s (e.g .  droppin g tools )  hav e
been widel y describe d i n th e literatur e (Ref .  1) .

Larg e stati c strengt h reduction s ca n b e expecte d
withou t  a  visibl e indicatio n o f  th e damage .  Th e
effec t  i s mos t  significan t  fo r  compressio n loade d
structure s wher e interna l  delamination s contribut e
t o prematur e loca l  bucklin g o f  th e composite .  Th e
consequence s o f  thi s susceptibilit y  t o impac t
damage i s tha t  desig n strai n level s o f  onl y 300 0
H strai n an d 400 0 M strai n ar e use d fo r  compressio n
and tensio n loade d component s i n curren t  composit e
structures .

Thi s susceptibilit y  o f  CFRP t o impac t  damag e ha s
stimulate d th e developmen t  o f  improve d composites .

Group fo r  Aeronautica l  Researc h an d Technolog y
i n Europe ,  a  cooperatio n agreemen t  betwee n th e
Government s o f  France ,  Germany ,
The Netherland s an d Unite d Kingdo m

I t  wa s recognize d tha t  impac t  resistanc e coul d b e
improve d b y applyin g fibre s wit h a  highe r  tensil e
failur e strai n i n combinatio n wit h a  toug h matrix .
Evaluatio n o f  a  numbe r  o f  thes e improve d composite s
i n th e framewor k o f  GARTEUR cooperatio n reveale d a n
increase d tensil e performanc e whic h wa s no t
generall y matche d b y a  simila r  improvemen t  i n
compressio n propertie s (Ref .  2) .  Th e reaso n fo r
thi s i s tha t  a  highe r  toughnes s o f  a  resi n i s
frequentl y couple d wit h a  lowe r  modulus ,  an d lowe r
modulu s may lea d t o a  lowe r  compressiv e strengt h
fo r  th e undamage d composite .  Further ,  som e highe r
fractur e strai n fibre s ar e smalle r  i n diameter ,
whic h ca n promot e microbuckling .

To predic t  change s i n compressiv e strengt h a s a
resul t  o f  change s i n constituen t  propertie s mor e
accurately ,  a  bette r  understandin g o f  th e
compressiv e failur e behaviou r  i s needed .  Thi s coul d
be achieve d b y studyin g an d modellin g th e failur e
proces s an d b y experimenta l  verification .  Th e mos t
critica l  parameter s an d failur e mode s hav e t o b e
identifie d t o enabl e th e developmen t  o f  composite s
wit h bette r  compressiv e strengths .

A GARTEUR cooperatio n programm e wa s initiate d t o
enabl e bette r  understandin g o f  compressiv e failur e
mechanisms .  Th e participatin g member s ar e th e
nationa l  Europea n aerospac e institute s DLR,  ONERA,
RAE an d NLR,  an d th e aerospac e industries ,  Fokker ,
DA an d Westlan d Hel .  Th e objective s o f  th e
cooperatio n ar e
•  T o improv e th e understandin g o f  th e mechanism s

by whic h compressiv e failur e i s cause d i n
relatio n t o critica l  parameters .

•  T o develo p an d correlat e failur e model s wit h
experimenta l  data .

.  T o formulat e guideline s fo r  CFRP wit h a  highe r
compressiv e strength .

Verificatio n o f  improve d compressiv e performanc e
should ,  i n fact ,  b e don e o n a  structura l  leve l  bu t
compressiv e failur e model s shoul d b e verifie d o n
th e lowes t  materia l  level ,  tha t  is ,  i n th e
unidirectiona l  ply .  Fo r  thi s particula r  purpos e a
Round Robi n Programm e o n compressio n testin g wa s
performe d first .  Th e mai n goa l  o f  th e tes t
programm e wa s t o examin e whethe r  th e curren t  tes t
method s ca n b e use d fo r  experimenta l  investigatio n
of  th e effec t  o f  change s i n constituen t  propertie s
on th e compressiv e strength .

I n th e presen t  pape r  th e result s o f  a  Round-Robi n
compressio n tes t  programm e ar e discussed .
Compressio n test s wer e carrie d ou t  o n seve n type s
of  unidirectiona l  an d thre e multidirectiona l
CFRP's .  I n thi s manne r  th e bes t  performanc e i s
evaluate d no t  onl y i n assessin g strengt h value s bu t
als o i n rankin g o f  materials .  Th e latte r  aspec t  i s
of  importanc e whe n difference s i n strengt h betwee n
basi c an d improve d materia l  system s hav e t o b e
established .

2 MATERIALS AND EXPERIMENTAL PROGRAMME

The material s selecte d fo r  thi s investigatio n wer e
7 advance d CFRP's .  Eac h participan t  moulde d
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unidirectiona l  laminates *  o f  on e specifi c  materia l
and distribute d piece s o f  th e u.d .  laminat e amon g
th e othe r  participant s fo r  compressio n testing .
Thre e partner s als o teste d multidirectiona l
laminates .  Tabl e 1  show s th e material s involve d an d
th e lay-u p fo r  th e multidirectiona l  laminates .

Laminate s wer e processe d i n accordanc e wit h
th e specification s give n b y th e manufacturer .
Afte r  mouldin g th e laminate s wer e C-scanne d t o
guarante e tha t  void-fre e laminate s wer e use d
i n th e tes t  programme .

I n th e Round-Robi n tes t  programm e abou t  6  roo m
temperatur e compressio n test s wer e performe d o n
eac h material .  Th e compressiv e strengt h wa s
calculate d fo r  nomina l  an d actua l  specime n
thicknesses .  Nomina l  thicknesse s o f  2  mm an d 3  mm
wer e use d fo r  unidirectiona l  an d multidirectiona l
laminates ,  respectively .  Fo r  specimen s wit h strai n
gauge s th e secan t  E-modulu s wa s determine d fo r  th e
strai n rang e £  -  0. 1 t o 0. 5 X
f  g(t-0.005 )  -  g(e-O.OOl )

r  "  0.00 4

TABLE 1
Overvie w o f  material s use d fo r  Round-Robi n compressio n test s

unidirectiona l  laminate s

moulde d b y

ONERA
RAE
Fokker *
NLR
DA
WHL
DLR

materia l  code/manuf .

T800/524 5 BASF
T800/92 4 Cib a Geig y Fibredu x
T800/637 6 "
T400/637 6
HTA7/637 6
HTA7/98 2 IC I  Fiberit e
IM400/524 5 BASF

mult i  directiona l  laminate s

WHL
RAE
NLR

HTA/982 (0 ,  90 ,  ±  45 )  2

T800/92 4 (±45 ,  0 ,  90 )  3 s
T400/637 6 (45 ,  0 2,  -45 ,  0 } ,  -45 ,  U 2,  45 )

Aerospatial e moulde d th e laminate s an d sen t  the m t o Fokke r  fo r  distributio n an d testin g

PARTNER

ONERA*

RAE

FOKKER

NLR *

DA

WHL

DLR *

SPECIMEN TYPE

L x W mm

10x 10

10x 10

12.7x6.35

12.7x6.35

8x6.35

10x 10

8x6 .35

• NO TABS

• END LOAD INTRODUCTION

• TEST RATE 1 mm/min

• Al -TABS, STRAIGHT,! = 0.9 mm

• CLAMPING LENGTH 12mm

• SPECIMEN ADJUSTMENT WITH ADHESIVE SHIMMING

• GLASS TABS TAPERED

• CLAMPING LENGTH 16mm

• GLASS TABS TAPERED

• END LOAD INTRODUCTION

• CLAMPING LENGTH 16mm

• TEST RATE 1 mm/min

• MACHINED SURFACE

• CARBON ±45 TABS CO-CURED, 1mm

• CLAMPING LENGTH 12.7mm

• TEST RATE 1 mm/min

AS RAE

• GLASS FABRIC TABS

• NOTTAPERED

• CLAMPING LENGTH 12.7mm

TEST METHOD

—

r- ADHESIVE SHIMMING

[• 50 -|

MODIFIED CELANESE
CONICAL WEDGES

CELANESE
CONICAL WEDGES

T
#60

1

i 1 U 127

XXXX\XX\Nll NXXXXXXXX

:-

MODIFI
RECTA

ED CELANESE
NGULAR WEDGES;

---I r~~,
;-'' -i| (« 810.2--,

\ '00mizfy-_tymxfia& \ — SPEC IM EN

"" ~ - j u-"'

STANDARD CELANESE

MODIFIED CELANESE
AS DA

SPECIMENS PROVIDED WITH  2  STRAIN  GAUGES L =FREE LENGTH

W =  SPECIMEN WID  TH

Fig .  1  Tes t  method s an d use d specime n typ e (u.d .  material )
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3 COMPRESSION TEST METHODS

3. 1 U.D .  Laminate s
Each partne r  i n th e compressio n tes t  programm e use d
hi s ow n compressio n tes t  metho d an d specime n type .
These tes t  method s ar e frequentl y th e resul t  o f  a n
evaluatio n o f  many year s fo r  obtainin g th e bes t
tes t  method .  Thi s ha s unfortunatel y no t  resulte d i n
an unambiguousl y accepte d tes t  method .

I n figur e 1  detaile d informatio n i s give n o n th e
used tes t  method s an d specime n types .  I t  i s  see n
tha t  th e Celanes e tes t  fixtur e (standar d o r
modified )  i s use d mos t  frequently :  b y RAE,  DA,  DLR,
Fokke r  an d WHL.  A t  ONERA th e compressio n specimen s
ar e fixe d i n stee l  clampin g block s usin g adhesiv e
shimming .  Th e NL R use d a  simplifie d IITR I  base d
tes t  fixtur e wit h loa d introductio n throug h th e
specime n ends .

The compressio n tes t  specimen s involve d wer e quit e
differen t  concernin g fre e gaug e length ,  lengt h
betwee n clamping ,  an d specime n width .  Furthermor e
differen t  ta b materials ,  chamfere d o r  not ,  wer e
applied .  Th e fre e gaug e lengt h o f  th e D A specimen s
i s achieve d b y machinin g o f  th e bonde d tab s int o
th e bas e material ,  se e figur e 2 .  Thi s resulte d i n a
specime n thicknes s tha t  wa s abou t  2 0 X  belo w th e
moulde d laminat e thickness ,  se e specime n thicknes s
i n tabl e 2 .

3. 2 Multidirectiona l  Laminate s
For  multidirectiona l  laminate s th e RAE an d WHL use d
th e CRAG tes t  metho d (Ref .  3) .  A n anti-bucklin g
guid e a s show n i n figur e 3  wa s use d t o suppor t  th e
250 mm long ,  2 0 mm wid e stri p specimens .  Th e NL R
use d th e sam e specime n typ e an d testin g devic e a s
use d fo r  th e u.d .  laminates .

0°  PLIE S

±45°  TAB S

V
8 ±0.1 mm - H

CLAMPING LENGTH 12.7 mm

SPECIMEN-

BODY PLATE

END PLATE SPACER

SPECIMEN THICKNESS-
SPACER

PTFE-

STEEL SHIM
(=COMPRESSEDPTFE
THICKNESS)

Fig. 2 Detail of DA compression specimen

Fig. 3 Anti-buckling guide for mult idirect ional
laminates (CRAG ref. 3)

4 TEST RESULTS

4. 1 Unidirectiona l  laminate s
An overvie w o f  compressiv e strengt h an d standar d
deviatio n i s give n i n tabl e 3 .  Th e strengt h value s
ar e base d o n actua l  an d nomina l  thickness .  Th e
larg e scatte r  i n mea n compressiv e strengt h betwee n
th e participant s i s striking .  T o visualiz e th e
effec t  o f  differen t  tes t  method s an d tes t
procedure s includin g huma n factor s o n composit e
strengt h a  compariso n wa s mad e fo r  th e mea n
strengt h o f  th e teste d materials ,  se e figur e 4 .
Materia l  T800/637 6 wa s exclude d sinc e thi s materia l
was no t  teste d b y al l  participants .  Figur e 4  show s
tha t  th e highes t  strengt h value s ar e obtaine d b y D A
wit h thei r  tes t  metho d an d specime n type .
Relativel y lo w value s wer e obtaine d b y ONERA,  RAE
and Fokker .

Despit e th e larg e difference s i n strength ,
dependin g o n tes t  method ,  th e materia l  rankin g fo r
th e teste d material s wa s generall y similar .  Thi s i s
illustrate d i n figur e 5a, b fo r  T80 0 composite s an d
resi n syste m Narmc o 524 5 wit h tw o fibr e types .

TABLE 2
Specimen thickness: mean values and standard deviation

materia l
member  u.d .

ONERA

RAE

Fokke r  (AS )

NLR
**

DA

HHL

DLR

T800/524 5

1.9 8 (0.03 )

1.9 5 (0.01 )

1.9 2 (0.02 )

1.6 2 (0.05 )

1.8 6 (0.08 )

1.9 0 (0.02 )

T800/92 4

2.1 7 (0.11 )

2.2 2 (0.02 )

2.1 3 (0.11 )

2.2 2 (0.03 )

1.5 0 (0.08 )

2.1 2 (0.07 )

2.1 4 (0.01 )

2.1 7 (0.04 )

1800/637 6

2.1 6 (0.02 )

2.0 2 (0.11 )

2.0 9 (0.01 )

2.0 0 (0.01 )

2.0 7 (0.07 )

T400/637 6

1.8 9 (0.01 )

1.8 8 (0.04 )

1.8 1 (0.01 )

1.8 7 (0.04 )

1.5 9 (0.04 )

1.8 5 (0.04 )

1.8 4 (0.02 )

1.8 6 (0.03 )

HTA7/637 6

2.1 9 (0.03 )

2.3 5 (0.11 )

2.0 3 (0.02 )

2.0 9 (0.03 )

1.9 1 (0.03 )

2.2 8 (0.02 )

2.0 6 (0.02 )

2.1 7 (0.13 )

HTA7/98 2

1.9 8 (0.02 )

2.0 2 (0.05 )

2.0 4 (0.02 )

1.9 7 (0.04 )

1.8 1 (0.04 )

1.9 1 (0.04 )

2.0 2 (0.02 )

1.9 9 (0.05 )

IM400/524 5

2.2 4 (0.02 )

2.3 7 (0.05 )

2.2 4 (0.05 )

1.4 3 (0.07 )

2.2 3 (0.03 )

2.1 9 (0.01 )

2.2 5 (0.07 )

number  o f
specimen s

5

10

10

6

6

6

6

*  withou t  D A
* *  specimen s wer e machine d t o a  specifi c  thicknes s
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Elasti c modul i  determine d fo r  th e strai n rang e €  -
0. 1 t o 0. 5 X  ar e give n i n tabl e 4 .  Fo r  th e
differen t  testin g technique s use d b y ONERA,  NL R an d
DLR equa l  modul i  wer e obtaine d wit h a  lo w standar d
deviation .  Th e relativel y lo w strai n t o failur e fo r
material s teste d b y ONERA ca n b e associate d wit h
th e lo w compressiv e strengt h value s give n i n
tabl e 3 .

4. 2 Multidirectiona l  laminate s
The compressiv e strengt h fo r  tw o quasi-isotropi c
(QI )  an d on e highl y anisotropi c laminat e i s give n
i n tabl e 5 .  Ther e i s a  larg e differenc e betwee n th e
RAE an d WHL results .  Thi s i s  strikin g sinc e th e
same CRAG tes t  metho d wa s used .  Fo r  th e anisotropi c

£UUU

_^

S.
E

en
Q.
QC
U.
U

o
LJJ
1-
</}
UJ

t 1000
O
I
K
CD
z
UJ
tr

te
z
<
UJ
E

1764

_

1469

-

1226

1168

_

-

1003

1637
1587

-

_

_

-

ONERA RAE F.OKKER NLR DA

al Fibres T800 and IM400 in Narmco 5245

1800 •

1600

1400-

_ 1200
£

WHL DLR

ONERA RA E FOKKER NL R DA WHL DLR

ONERA RAE FOKKER NLR DA

b) Fibre T800 in various resin systems

WHL DLR

Fig .  4  Compressio n tes t  performanc e o f  participa -
tin g institute s an d industrie s base d o n
testin g th e sam e packag e o f  u.d .  material s

Fig .  5  Compressiv e strengt h o f  variou s fibre /
matri x system s showin g th e sam e materia l
rankin g

Overvie w o f  compressiv e
TABLE 3

strengt h (MPa )  an d standar d deviatio n fo r  u.d . laminates

materia l
member

ONERA

RAE

Fokker(AS )

NLR

*
DA

HHL

DLR

mean val. *

1800/524 5

1081 (115) !

1132 (120 )

927 <118> :

937 (130 )

1204 (70 )

1228 (71 )

1422 (60 )

1479 (52 )

1745

1816 (163 )

1651 (84 )

1780 (107 )

1558 (102 )

1640 (107 )

1370

T800/92 4

1166 (122) :

1074 (113 )

1105 (103 )

994 (91 )

1288 (129) :

1241 (61 )

1627 (45 )

1465 (46 )

1736

1600 (129 )

1603 (135 )

1510 (75 )

1554 (116 )

1469 (96 )

1440

1800/637 6

1278 (96) :

1184 (92 )

1303 (45) :

1293 (43 )

1669 (78) :

1594 (73 )

1619 (70 )

1619 (70 )

1467

T400/637 6

1156 (43 )

1222 (39 )

970 (57 )

1031 (61 )

1030 (19 )

1135 (17 )

1248 (64 )

1334 (74 )

1470

1581 (107 )

1613 (90 )

1750 (87 )

1504 (122 )

1634 (77 )

1284:

HTA7/637 6

1270 (55 )

1255 (61 )

1206 (118 )

1026 (85 )

1169 (82 )

1165 (84 )

1457 (59 )

1392 (64 )

2008

1851 (93 )

1941 (42 )

1700 (42 )

1674 (82 )

1627 (77 )

1532

BTA7/98 2

1172 (89 )

1181 (81 )

882 (106 )

873 (98 )

1189 (53 )

1161 (84 )

1358 (54 )

1381 (53 )

1827

1836 (134 )

1477 (123 )

1550 (124 )

1544 (107 )

1528 (112 )

1350

IM400/524 5

1163 (44 )

1038 (39 )

931 (100) :

785 (77 )

L478 (62 )  :

1298 (56 )

1703 (73 )

1518 (78 )

1799

:.59 9 (111 )

1751 (250) :

1.57 0 (220 )

1689 (56 )

1555 (39 )

1502

number  o f
specimen s

S

10

5

6

6

6

6

44

strength based on nominal thickness
strength based on actual thickness

* for DA specimens the mean actual strength
was transferred to nominal strength using
the mean laminate thickness from table 1
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TABLE 4
Compressiv e modul i  (GPa ,  averag e value s an d standar d deviation )  an d

failur e strain s (X )  fo r  unidirectiona l  laminate s

materia l
member

ONERA

NLR

DLR

t

T800/524 5

139 (2.0 )

145 (2.0 )

0.8 4

142 (1.5) :

148 (2.8 )

1.1 2

145 (4.0) :

152 (4.4 )

1.1 5

T800/92 4

149 (3.8 )

138 (3.8 )

0.8 3

;15 2 (3.9) :

137 (3.4 )

1.1 6

149 (5.5 )

139 (2.5 )

1.1 4

T800/637 6

150 (4.3): :

143 (4.3 )

1.2 5

155 (1.0) ;;

155 (1.2 )

1.1 3

T400/637 6

120 (1.1 )

127 (1.1 )

1.0 6

121 (1.4 )

129 (2.4 )

1. 2

121 (1.3 )

132 (1.9 )

1.4 0

HTA7/637 6

119 (6.3 )

117 (7.3 )

1.0 7

125 (3.9 )

119 (4.7 )

1.3 0

125 (2.7 )

121 (2.4 )

1.4 9

HTA7/98 2

:12 2 (2.7 )

123 (2.6 )

1.0 9

122 (1.6 )

124 (1.8 )

1.2 1

121 (1.6 )

120 (1.3 )

1.4 1

IM400/524 5

160 (1.8 )

143 (1.5 )

0.9 1

160 (2.6 )

142 (3 )

1.2 2

161 (1.8 )

147 (1.5 )

1.1 5

t :  mean o f  2  strai n gauge s extrapollate d t o maximu m loa d

modulu s base d o n nomina l  thicknes s
modulu s base d o n actua l  thicknes s

TABLE 5
Compressiv e strengt h fo r  multidirectiona l  laminate s (standar d deviatio n betwee n brackets )

materia l  lay-u p
member

RAE

WHL

NLR

£(X )

E GPa

NLR

<u.d.<* >

HTA7/98 2
(0 ,  90 ,  ±  45) S2

:54 2 (28 )  :

534 (35 )

380 (66 )

342 (58 )

631 (17 )

578 (18 )

1.4 6

43. 5

1.2 1

T800/92 4
( ± 45 ,  0 ,  90) 3S

645 (46) ;

621 (43 )

564 (83); :

538 (75 )

786 (27) ;

755 (37 )

1.7 7

50. 5

1.1 6

T400/637 6
(45 ,  0, ,  -45 ,  0 3,  -45 ,  0^ ,  45 )

957 (72 )

982 (71 )

481 (157) :  :

531 (170 )

963 (36 )

1011 (38 )

1.3 2

89. 3

1.2 0

number  o f
test s

12

6

6

strengt h base d o n nomina l  thicknes s
strengt h base d o n actua l  thicknes s

laminat e th e NL R an d RAE result s wer e simila r  bu t
fo r  th e QI  laminate s th e NL R test s showe d somewha t
highe r  compressiv e strengths .

Compariso n o f  strai n t o failur e unde r  compressiv e
loadin g fo r  multidirectiona l  an d u.d .  laminate s
showed highe r  value s fo r  th e multidirectiona l
laminate s (NL R results) .  Thi s effec t  wa s mos t
pronounce d fo r  th e T800/92 4 material .

5_ DISCUSSION

The mai n goa l  o f  th e presen t  investigatio n wa s t o
examin e whethe r  th e compressio n tes t  method s i n us e
ar e suitabl e fo r  experimenta l  verification s i n
modellin g compressio n failure .  I n thi s respec t  th e

result s o f  comparativ e testin g o f  differen t
materia l  system s wit h differen t  compressiv e
performanc e ar e valuabl e by-products .

The difference s i n strengt h value s obtaine d fo r  th e
same materia l  syste m o n specimen s mad e fro m th e
same laminat e mus t  b e attributabl e t o difference s
i n specime n typ e an d size ,  th e clampin g an d loadin g
techniqu e an d t o huma n factor s involve d i n
preparin g an d performin g th e tests .  Th e latte r
aspec t  canno t  b e trace d bu t  th e forme r  tw o effect s
wil l  b e discusse d i n som e detail .

As show n i n figur e 1 ,  th e fre e gaug e lengt h o f  th e
DA an d DL R specimen s wa s onl y 8  mm.  Thi s resulte d
i n hig h strengt h values .  Th e specime n lengt h
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TABLE 6
Mean strengt h value s (MPa )  fo r  differen t  fibre/matri x combination s

Resi n
Fibr e

T800

T400

HTA7

IM400

5245

1370

1502

924

1440

6376

1467

1284

1532

982

1350

betwee n th e grip s wa s 12. 7 mm fo r  bot h specime n
type s bu t  sinc e th e D A specimen s wer e machine d t o a
thicknes s abou t  2 0 X  belo w th e moulde d laminat e
thickness ,  th e tab s wer e somewha t  mor e effectiv e i n
supportin g th e fre e gaug e lengt h tha n th e tab s fo r
th e DL R specimen .  Thi s coul d explai n th e somewha t
highe r  strengt h value s fo r  D A specimens .  Fokke r  an d
th e NL R use d chamfere d glas s tab s an d th e lengt h
betwee n th e grip s wa s 1 6 mm.  A s compare d t o th e
previou s specimens ,  a  lowe r  compressiv e strengt h i s
not  unexpected .  Th e lo w value s obtaine d b y ONERA
and th e RAE canno t  b e explaine d properly .  However ,
bot h institute s appl y adhesiv e shimmin g fo r
specime n adjustmen t  an d thi s migh t  effec t  th e
stiffnes s o f  th e grippin g resultin g i n prematur e
specime n failure .  A  mor e thoroug h evaluatio n o f  th e
effec t  o f  tes t  condition s o n failur e strengt h i s
not  possibl e du e t o lac k o f  informatio n o n th e
failur e mode s experience d i n th e tests .

The compressio n tes t  result s fo r  multidirectiona l
laminate s wer e rathe r  confusing .  N o prope r
explanatio n coul d b e give n fo r  th e lo w strengt h
value s o f  WHL a s compare d t o th e RAE an d NL R
results .  Strai n measurement s performe d b y th e NL R
showed highe r  failur e strain s fo r  multidirectiona l
laminate s tha n fo r  th e u.d .  laminates ,  tabl e 5 .
Especiall y fo r  th e T800/92 4 materia l  th e differenc e
was significant .  Thi s indicate s tha t  a  unifor m
distributio n o f  loa d bearin g 0 *  layer s betwee n
layer s wit h a  differen t  orientatio n ha s a  positiv e
effec t  o n th e compressiv e strengt h (strai n t o
failure) .  Further ,  i t  shoul d b e note d tha t  th e
standar d deviatio n fo r  th e test s o n
multidirectiona l  laminate s i s significantl y smalle r
tha n tha t  fo r  th e test s o n unidirectiona l
specimens .

PRACTICAL SIGNIFICANC E OF THE RESULTS FOR
FURTHER INVESTIGATIO N

The result s o f  th e Round-Robi n tes t  programm e hav e
shown th e compressiv e strengt h t o b e strongl y
dependen t  o n th e specime n typ e an d tes t  method .
However ,  th e rankin g i n materia l  strengt h a s
obtaine d b y eac h participan t  wa s i n genera l
similar .  Thi s mean s tha t  th e effect s o f  constituen t
propertie s o n compressiv e strengt h essentiall y
coul d b e investigate d b y eac h member  usin g hi s ow n
tes t  method .  On th e othe r  hand ,  fo r  investigatio n
of  th e mos t  significan t  parameter s i n modellin g
compressio n failur e a  lo w scatte r  i n tes t  result s
i s desirable .  I t  wa s show n tha t  fo r
multidirectiona l  laminate s highe r  compressiv e
failur e strain s wer e obtaine d tha n fo r  u.d .
laminate s wit h a  smalle r  standar d deviatio n fo r  th e
strength .  Therefore ,  us e o f  multidirectiona l
laminate s shoul d b e considere d fo r  experimenta l
verificatio n i n modellin g compressio n failure .

By testin g differen t  fibre/matri x combination s i n

th e presen t  programme ,  informatio n wa s obtaine d o n
th e compressiv e strengt h performanc e o f  th e teste d
materials .  I n tabl e 6  th e mean strengt h o f  th e
teste d material s (fro m Tab .  2 )  i s  give n i n a  forma t
tha t  enable s direc t  evaluatio n o f  th e bes t
fibre/matri x combinations .  Th e effec t  o f  matri x o n
th e compressiv e strengt h o f  composite s containin g
th e sam e fibr e i s show n fo r  T80 0 an d HTA7
composites .  Althoug h th e difference s ar e no t
significant ,  th e 637 6 syste m seem s t o resul t  i n
maximum strengt h value s fo r  th e mentione d fibres .
I f  differen t  fibr e type s are .  combine d wit h 6376 ,
th e bes t  compressio n strengt h performanc e i s
obtaine d fo r  th e HTA7/637 6 system .

7 CONCLUSIONS

I n th e framewor k o f  GARTEUR cooperatio n o n
compressio n behaviou r  o f  CFRP a  Round-Robi n
testsprogramm e wa s performe d involvin g differen t
tes t  method s an d seve n moder n unidirectiona l
laminates .  I n addition ,  limite d test s o n
multidirectiona l  laminate s wer e carrie d out .  Th e
mai n conclusion s tha t  ca n b e draw n fro m thi s
investigatio n are :
1 Th e compressiv e strength s o f  u.d .  laminate s

varie d significantl y dependen t  o n specime n
type s an d tes t  methods .

2.  Th e materia l  rankin g obtaine d b y th e
participant s wa s mor e o r  les s similar .

3_ Testin g o f  quasi-isotropi c laminate s resulte d
i n a n highe r  strai n t o failur e tha n tha t
obtaine d fo r  u.d .  laminates ,  wit h a n smalle r
standar d deviatio n fo r  th « compressiv e

4 Th e compressio n strengt h o f  HTA7/637 6 wa s th e
most  promisin g amon g th e teste d fibre/resi n
combinations .

5 I t  appear s tha t  despit e conclusio n 1 ,  mos t  o f
th e compressio n tes t  method s describe d i n thi s
pape r  ca n b e use d fo r  experimenta l
verificatio n o f  compressio n failur e model s
tha t  incorporat e change s i n constituen t
properties .  On th e othe r  hand ,  a  lo w scatte r
of  result s i s desirabl e fo r  investigatio n o f
th e mos t  significan t  parameter s i n th e
modellin g o f  compressio n failure .
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TO IMPROVE COMPOSITES COMPRESSIVE STRENGTH

L.  ANQUEZ &  P .  VAUTEY

DASSAULT -  AVIATIO N
78 Qua l  Marce l  Dassaul t

9221 4 SAINT-CLOU D
FRANCE

1 -  INTRODUCTION

W h i l e th e recen t  deve lopment s o f  Interme -
d i a t e M o d u l u s carbo n f iber s le d t o ver y
h i g h spec i f i c  t e n s i l e strengt h ove r  th e
f irs t  generat io n o f  H i g h Strengt h f ibers ,
th e composite s compress iv e propert ie s d i d
no t  improv e a t  a l l .

Becaus e mos t  o f  th e ae ronau t i ca l  struc -
ture s ar e subjec t  t o a l te rna t e tens io n an d
compress ion ,  i t  i s  no t  p o s s i b l e t o tak e
f u l l  advan tag e o f  carbo n f iber s compo -
s i tes ,  a s th e compress iv e l o a d i n g become s
th e d e s i g n 1  i m i t a t i o n .

Afte r  a  focu s o n th e ma t r i x d o m i n a t i n g
ro l e i n composi t e compress io n b e h a v i o r ,
t h i s pape r  w i l l  c lea r  ou t  w h i c h mat r i x
c h a r a c t e r i s t i c ,  st i f fnes s o r  s t rength ,
p i l o t e s t h e u n i d i r e c t i o n a l  compress i v e
fa i 1u re .

2 -  PROBLEM STATEMENT

Th i s wor k m a i n l y d e a l s w i t h o r g a n i c m a t r i x
compos i t e re inforce d w i t h c o n t i n u o u s PA N
base d g r a p h i t e f i be rs ,  becaus e a i rc ra f t
s t ructura l  compos i t e m a t e r i a l s ar e cons i -
dered .  Th e u n d e r s t a n d i n g o f  th e l o n g i t u -
d i n a l  compress iv e f a i l u r e an d th e imp rove -
ment  o f  compress iv e st rengt h ar e th e ai m
of  t h i s paper .

2. 1 -  A  matr i x dominate d behavio r

F igu r e 1 .  present s som e compress io n expe r i -
men ta l  resu l t s o n a  m u l t i  layer s l a m i n a t e
w i t h a  ho le .  I t  i l l u s t r a t e s tha t  a l l  th e
teste d m a t e r i a l s e x h i b i t  s i m i l a r  compres -
s i v e s t rengt h whateve r  th e carbo n f iber s
ar e (T300 ,  AS4 ,  IM6 ,  T650-42 ,  T800 )  .  Th e
t e n s i l e strengt h o f  th e sam e m a t e r i a l s ha s
t o b e cons idered ,  t o p o i n t  ou t  th e f ibe r
i  n f1uenc e .

On th e othe r  h a n d ,  th e di f feren t  r es i n
system s use d i n thes e c o m m e r c i a l l y
a v a i l a b l e compos i te s a r e a lmos t  e q u i v a l e n t
i n term s o f  st i f fnes s an d st rengt h (se e
a p p e n d i x A) .  Th i s ca n b e a  f i rs t  sugges -
t i o n o f  th e d o m i n a n t  ro l e o f  th e m a t r i x
fo r  composi t e compress i v e s t rength .

COMPRESSION &  TENSIO N STRENGTH
on a 28 plies laminates: (0,45,-45,0,90,0,45,-45,0.90,0,45,-45,0)s

Bolte d hol e opened hole
compressio n tensio n

FAILURE STRESS (MPa)

T300/9U AS4/PEEK T650/AIX IM6/5245 T800/5245

Experimental conditions: room temperature, no aging

DASSAUL T AVIATIO N dat a

F i g u r e 1  :  C o m p r e s s i v e an d t e n s i l e
st rengt h o f  d i f fe ren t
c o m m e r c i a l  compos i te s

A secon d expe r imen ta l  v e r i f i c a t i o n ha s
bee n performed ,  t a k i n g i n t o accoun t  th e
fac t  tha t  f iber s p rope r t i e s ar e no t
affecte d b y hot/we t  e n v i r o n m e n t a l  expo -
sure s fro m -  55° C t o 120°C ,  w h i l e r e s i n
p r o p e r t i e s are .

F i g u r e s 2  an d 3  sho w p l o t s o f  th e compo -
s i t e u n i d i r e c t i o n n a l  compress i v e s t rengt h
of  som e system s versu s th e r e s p e c t i v e
res i n e v a l u a t i o n i n th e sam e hot/we t
c o n d i t i o n s (data s fro m M .  Ga'dk e t i l ,  Rose n
C 2] ,  Tsa i  C  33 ,  Dassau l t .  ..) .

I n bot h cases ,  a  ver y stron g dependenc e
ha s bee n e s t a b l i s h e d betwee n e i t he r  Griy,,
th e shea r  m o d u l u s ,  orCsMSth e shor t  bea m
shea r  s t reng th ,  w h i c h ar e t ru l y matri x
dom ina te d c h a r a c t e r i s t i c s ,  an d *£ „  ,  th e
l o n g i t u d i n a l  c o m p r e s s i v e s t rength .

Th i s conf i rm s tha t  compos i t e c o m p r e s s i v e
f a i l u r e i s m a t r i x - g o v e r n e d .
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(MPo)

- 500

1000-

- 1500

5000 10.000 G12 (MPa)

F i g u r e 2  -  C o r r e l a t i o n betwee n th e l o n g i -
t u d i n a l  c o m p r e s s i v e s t r e n g t h
an d th e shea r  m o d u l u s .  Severa l
f i b e r / m a t r i x c o u p l e s a t  d i f fe -
ren t  hygro therma l  a g e i n g hav e
bee n ga thered .

0 COMPRESSION FAILURE STRESS (MPa)

2000

1500

1000

500

; :  •;'̂**; 4 +

0 20 40 60 80 100 120 140 160
SHORT BEA M SHEAR FAILUR E STRESS (MPa )

IM7 + T300 * M40-M50 X T400

for epoxy and BMI systems

A AS4

^(compressiv e stress )  :̂ G (shea r  m o d u l u s ]

I n ou r  case ,  th e m a i n r e s u l t  i s  tha t  th e
i n s t a b i l i t y occur s whe n t h e a p p l i e d
compress i v e stres s o n a  perfec t  u n i d i -
r e c t i o n n a l  l a m i n a t e ( s t r a i g h t  f i be rs ,
s t r i c t l y  p a r a l l e l  i n a  r e g u l a r  arran -
gement )  reache s th e compos i t e shea r
m o d u l u s .  f i

^.u  i  -  &12.

Now,  c o n s i d e r i n g th e ra t i o *&tt  /*£j\t  fo r
d i f fe ren t  f i be r /ma t r i x c o u p l e s ,  f i gu r e 4
e m p h a s i z e s tha t  th e e x p e r i m e n t a l  ra t i o i s
neve r  e q u a l  t o 1  .

Composi  t e
f  am i  l y

BFRP

CFRP

GFRP

Rei  n f  orcemen t
typ e

Boro n

Carbo n

Gl  as s

.£«/-* »

2. 2

4 -  5. 5

6. 8

F i g u r e 4  — of  d i f fe ren t  epox y
base d compos i te s (TSA I  da tas )

I n th e cas e o f  ca rbon / res in ,  J—» i s  abou t
4 t ime s lowe r  tha n th e t h e o r i t i c a l  ^MZ.
v a l u e .  F i b e r s m i s a l i g n m e n t  i s t h e p r o b a b l e
e x p l a n a t i o n suggeste d b y man y authors .
Mrs e an d P i g g o t t  [4 ]  reporte d a n e x p e r i -
m e n t a l  c o n f i r m a t i o n o f  t h e f i be r s i n i t i a l
mi  s a l i g n m e n e t  d i s t r i b u t i o n i n f l u e n c e o n
th e l o n g i t u d i n a l  compres ;s i v e s t reng t h o f
u n i d i r e c t i o n n a l  l a m i n a t e s .

Up t o now ,  a n a l y t i c a l  approache s 12 3 t5 )
t6 1 d i d no t  g i v e c o n c l u s i o n s abou t  th e
c o n s t i t u e n t s r e q u i r e m e n t s t o i m p r o v e
c o m p o s i t e compress ion ,  b e c a u s e the y wer e
d e a l i n g w i t h s i m p l e a n d n o n r e p r e s e n t a t i v e
f i be r s a r r a n g e m e n t s .

T h e f o l l o w i n g n u m e r i c a l  s i m u l a t i o n w i l l
a l l o w u s t o perfor m pa rame t r i c s t ud i e s b y
c h a n g i n g c o n s t i t u e n t s ( f iber s a n d m a t r i x )
p rope r t i e s an d t o a n a l y z e t h e i r  effec t  o n
c o m p r e s s i v e s t rengt h o f  r e a l i s t i c compo -
s i t e r ep resen ta t i ons .

F i g u r e 3  -  C o r r e l a t i o n betwee n l o n g i t u d i -
n a l  c o m p r e s s i v e f a i l u r e stres s
an d th e shor t  bea m shea r
s t reng t h a t  v a r i o u s hygro -
t h e r m a l  tes t  c o n d i t i o n s .

2. 2 -  Lo w l o n g i t u d i n a l  compressiv e
strengt h exp lana t io n :  in i t ia l
f ibre s m i s a l i g n m e n t

F i r s t  o f  a l l ,  i t  i s  i n t e r e s t i n g t o h a v e i n
m i n d a n i m p o r t a n t  gene ra l  r e s u l t  o f  m e c h a -
n i c s :

A p p e n d i x B  d e t a i l s  th e m e c h a n i c s d e m o n s -
t r a t i o n ,  w h i c h i s  v a l i d f o r  t h e f o l l o w i n g
h y p o t h e s i s :

-  Linea r  e last i c behav io r
-  Homogeneou s mater ia l

.  I so t rop i c ,  o r tho t rop ic . .
(me ta l s ,  c e r a m i c s ,  compos i tes . . . ) .

3 -  N U M E R I C AL SIMULATIO N

3. 1 -  Fiber s i n i t i a l  m i s a l i g n m e n t
representat io n

M e sh c o n s t r u c t i o n r u l e s :

-  2 D m o d e l .

-  2 0 f i be r s embedde d i n a  m a t r i x .

-  G l o b a l  f i b e r  v o l u m i c f rac t i o n :  0.5 8

-  F i b e r s d i a m e t e r  :  5. 8 m i c r o n s .

-  N o f ibe r s i n t e r p e n e t r a t i o n .

-  A  f i b e r  m i s a l i g n m e n t  ha s t o f i t  i n a  1 0
m i c r o n s w i  d e b a n d .
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-  Loca l  f ibe r  m i s a l i g n m e n t  g i v e n b y a
def ine d d i s t r i b u t i o n o f  l o ca l  f ibe r
o r i e n t a t i o n w i t h respec t  t o th e 0 °
u n i d i r e c t i o n a l  bas i s .

A p p e n d i x C  present s th e 3  case s o f  d i s t r i
bu t i o n an d th e r e s u l t i n g f i n i t e e lemen t s
meshes .

Thes e d i s t r i b u t i o n s hav e bee n rough l y
i d e n t i f i e d o n compos i te s m ic rog raphs .

3. 2 -  Constituent s behavio r  hypothesi s

Carbo n f iber s :

-  Homogeneou s an d i so t rop i c ( + paramet r i c
s tud ie s o f  d i f feren t  f i l amen t s degree s
of  orthotropy )  .

-  L i n e a r  e l a s t i c b e h a v i o r .  (Ef=23000 0 MPa )

Mat r i x :

-  Homogeneou s an d i so t rop i c .

-  E las t o p l a s t i c b e h a v i o r  (se e f i gu r e 5) .

CT

-  Larg e d i s p l a c e m e n t s .

-  Mes h d e t a i l s

Er

2000 node s
3822 t r i a n g u l a r  f i n i t e
e lement s
4000 degree s o f  freedom .

-  Boundar y c o n d i t i o n s (se e f igur e 6 )  :

.  N o d i s p l a c e m e n t  a l l o w e d i n th e x
d i r ec t i o n fo r  th e lef t  s ide .

.  N o d i s p l a c e m e n t  a l l o w e d i n th e y
d i r e c t i o n fo r  th e botto m s ide .

.  Equa l  d i s p l a c e m e n t  impose d i n th e y
d i r e c t i o n fo r  al l  th e node s o f  th e
uppe r  s ide .

F i g u r e 6  -  Mes h represen ta t ion .

Er  =  res i n m o d u l u s
TTy =  y i e l d stres s
**f  -  f a i l  ur e stres s
By =  y i e l d s t r a i n
f.f  =  f a i l u r e s t ra i n

F igu r e 5  -  M a t r i x e las t o p l a s t i c b e h a v i o r .

Afte r  a  fe w pa rame t r i c s tud ie s o f  r es i n
m o d u l u s effec t  (fro m 250 0 t o 500 0 MPa) ,
and "Ty.̂ Tf ,  £-  y  an d & f  c o m b i n a t i o n s ,  th e
m a t r i x b e h a v i o r  ha s bee n app rox ima te d t o
a n e l a s t i c q u a s i  p l a s t i c b e h a v i o r  fo r  th e
referenc e s i m u l a t i o n s ( a s l i g h t  s t rengt h
h a r d e n i n g ha s bee n i n t r o d u c e d t o reac h a
fas t  c a l c u l u s convergence) .  Th e m a t r i x i s
therefor e f u l l y charac te r i ze d b y i t s
m o d u l u s E r  an d y i e l d stres s ̂ Ty .

A p p e n d i x D  show s tha t  i n a  shea r  mode ,
w h i c h i s bette r  t o charac ter iz e th e no n
l i n e a r  res i n b e h a v i o r  u p t o f a i l u r e ,
expe r imen ta l  stres s s t ra i n curve s ar e
c los e t o t h i s t h e o r e t i c a l  e l a s t o - p l a s t i c
form .

3. 3 -  Ca lcu la t i on s hypothesi s

-  No n l i n e a r  c a l c u l a t i o n s b y i nc remen ta l
increase s o f  th e a p p l i e d l o n g i t u d i n a l
d i  sp lacement .

4 -  RESULTS AN D DISCUSSIO N

4. 1 -  Referenc e s imu la t io n

F i g u r e 7  present s th e c a l c u l a t i o n s resu l t s
i n th e referenc e cas e :

-  M i  s a l i  gnmen t  cas e 1  .
-  E l a s t o - p l a s t i c m a t r i x (E r  =  380 0 MPa !

Eac h do t  mark s th e u n i d i r e c t i o n a l  l a m i n a t e
g l o b a l  b u c k l i n g stres s fo r  a  g i v e n res i n
y i e l d stress .  I t  i s  i n t e r e s t i n g t o not e
tha t  i t  g i v e s nea r  th e o r i g i n a  q u a s i
p a r a b o l i c form ,  an d fo r  h i g h v a l u e s o f  >T y
an asymptot e w i t h a  v a l u e o f  Gr\2.,
s t a n d i n g f o r  t h e t h e o r i t i c a l  l i m i t
,̂ t  =  -  6-» Z ( l i n e a r  b u c k l i n g ) .  No t i c e

tha t  th e v a l u e o f  &H  i n 2 0 s i m u l a t i o n
i s foun d quas i  equa l  t o th e v a l u e propose d
by Rose n (  &«./(<(-V+ )  -  360 0 MPa) ,  w h i c h i s
les s tha n wha t  ca n b e compute d i n 3 D :
5000 MPa .

I t  show s tha t  fo r  ver y h i g h v a l u e s o f
res i n y i e l d stres s  ^Ty,  n o prematur e f ibe r
m i c r o b u c k l i n g occur s i n s p i t e o f  th e
i n i t i a l  m i s a l i g n m e n t .  L i k e fo r  th e perfec t
0°  l a m i n a t e ,  w i t h s t r a i gh t  f i be r s i n a
r e g u l a r  a r rangement ,  th e compress i v e
stres s t o f a i l u r e i s  reache d whe n th e
g l o b a l  shea r  i n s t a b i l i t y  ( S =  -G )  i s
sprea d th roughou t  th e composi te .



11-4

# Unidirectional laminate compressive stress value of the global
buckling instability for a given resin yield stress

cases ,  w h i c h converg e t o th e l i n e a r
b u c k l i n g l i m i t  G ,  ~ .

4000

0

C

Longitudinal compressive failure stress (MPa)

linear buckling limit (G12 in 2D)

* *

*
**

*

*
f *

1 1 « i . . .
200 400 600 8<

Oy Resin yield stress (MPa)

6000

4000
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0

0
c

buckling instability tor a given resin yield stress square root

case 1 case 2
reference less misalignment

w A
-ongitudinal compressive failure stress (MPa)

x /

/\ -''h A

x a S JA "

-•'V* '
- /^ A

->

5 1° '5 20 25 30 3

F i g u r e 7  -  Compress i v e f a i l u r e stres s
versu s res i n y i e l d stres s
(referenc e s i m u l a t i o n ) .

4. 2 - re la t io n proposa l

I n th e f i rs t  par t  o f  th e -̂ M =  f  (  TJ y )
r e l a t i o n s h i p (se e f i gu r e 8) ,  i t  seem s tha t
a f u n c t i o n o f  («̂ y  *  d e s c r i b e s th e b e h a v i o r
i n a  f i rs t  a p p r o x i m a t i o n .  I t  w i l l  a l s o
f a c i l i t a t e t h e f o l l o w i n g p a r a m e t r i c
s t u d i e s a n a l y s i s ,  becaus e w e ar e g o i n g t o
dea l  w i t h a  l i n e a r  f unc t i o n

* Unidirectional laminate compressive stress value of the global
buckling instability for a given resin yield stress square root

Longitudinal compressive failure stress (MPa)

•theoritica l elastic limit: Gi2 in 2D

-X*

\/(J y (MPa )

F i g u r e 9  -  S lop e A  dependenc e o f  th e
f iber s m i s a l i g n m e n t
d i s t r i b u t i o n .

4. 4 -  Res i n m o d u l u s in f luenc e

A p a r a m e t r i c stud y ha s bee n performe d
t a k i n g th e referenc e cas e N °  1  o f  m i s a -
l i g n m e n t  an d 3  e l a s t o - p l a s t i c m a t r i c e s
w i t h th e f o l l o w i n g Y o u n g m o d u l u s :

Er '  =  260 0 MPa
Er  =  380 0 MPa (referenc e case )
Er "  =  500 0 MPa

As expected ,  t h e l i n e a r  b u c k l i n g l i m i t  i s
i n c r e a s i n g w i t h th e res i n m o d u l u s ,  a s 6, -
i s m a t r i x d o m i n a t e d .  ^

But  fo r  lowe r  v a l u e s o f  m a t r i x y i e l d
stress ,  f i gu r e 1 0 suggest s tha t  th e res i n
m o d u l u s ha s a  ver y s m a l l  effec t  o n th e
s l o p e "A "  o f  th e re l  at i  onsh i  p  j£< j  ,

Unidirectional laminate compressive stress value of the global
buckling instability for a given resin yield stress square root

RESIN MODULUS (MPa): Er'=2600 Er=3800

(MPa)

reference misalignment case 1 (see appendix C) Er=3800 MPa

Longitudinal compressive failure stress (MPa)

Er'=5000
X

Fi 8 -  ̂, ,  „  A

4. 3 -  M i sa l i gnmen t  in f luenc e

Th e s i m u l a t i o n resu l t s reporte d i n
f i g u r e 9  c o n f i r m th e i n i t i a l  f i be r s m i s a -
l i g n m e n t  effec t  o n u n i d i r e c t i o n a l  c o m p r e s -
s i v e f a i l u r e .  I n th e Jtn  « ,  AY^F? "  formu -
l a t i o n ,  th e s l op e "A "  decrease s a s th e
m i s a l i g n m e n t  i nc reases .

On th e othe r  h a n d ,  whe n th e g l o b a l  shea r
r u i n e mod e become s d o m i n a n t ,  fo r  h i g h
v a l u e s o f  ̂ r  ,  w e on l y n o t i c e a  s l i g h t
d i f ferenc e o f  th e tw o f i be r s a r rangemen t

..! *

" G«/ 4

10 ' 5 2 0 2 5 3 0 3 5

F i g u r e 1 0 -  R e s i n m o d u l u s i n f l u e n c e .



11- 5

4. 5 -  Matr i x propertie s requirement s
ind icat ion s

The ana l ys i s o f  th e p r e v i o u s s i m u l a t i o n s
lead s t o th e f o l l o w i n g comment s i n th e
perspec t i v e t o g i v e ma t r i x m e c h a n i c a l
requ i rement s t o i m p r o v e compos i t e compres -
s i v e strengt h :

-  P r e l i m i n a r y :  th e f i be r s m i s a l i g n m e n t
ha s a n impor tan t  ro le ,  bu t  w e w i l l
cons ide r  i t  a s a n impose d parameter .  I t
wou l d b e ver y d i f f i c u l t  a t  t h i s po in t  t o
cont ro l  t h e f iber s p l a c e m e n t  t h roug h a l l
th e m a n u f a c t u r i n g opera t ions .

-  I f  w e cons ide r  tha t  curren t  carbo n
composi te s e x h i b i t  a  _  tSnt/£ £ ra t i o i n
th e rang e o f  4 ,  th e g o v e r n i n g f a i l u r e
mode i s  de f i ne te l y descr ibe d b y ̂ 0  /\ /
A iRi /  '  be i n9 i n d e p e n d e n t  o f  th e res i n

m o d u l u s (se e f i gu r e 10) .

-  So ,  a n increas e o f  mat r i x y i e l d stres s
w i l l  i nc reas e t h e u n i d i r e c t i o n a l  l a m i -
nate s 0 °  compress i v e strength .

for epoxy and BMI systems

0° COMPRESSION FAILURE STRESS (MPa)
2500

2000

1500 -

1000 -

500 •

- 25

IM7 + T300

(MPa)

• M40-M50 X T400 ^ \MS

5 -  COMPARISON WIT H COMPOSITE MATERIAL S
DATAS

I n orde r  t o gathe^ r  a  grea t  numbe r  o f
c o m b i n a t i o n s o f  «^ n an d squar e roo t  o f

T̂y ,  w e a g a i n m ixe d severa l  m a t e r i a l s i n
d i f fe ren t  hyg ro the rma l  states .  Acco rd in g
t o th e sam e source s a s f i gu r e 3 ,  an d
becaus e th e l i t t e r a t u r e i s ver y poo r  i n
res i n y i e l d stres s v a l u e s a t  d i f feren t
a g e i n g s ,  w e p lo t te d th e shor t  bea m shea r
strengt h "SaaS5 "  ins tea d o f  t5 y (withtT y
s Vv/V5 ^  ) .  Th i s i n t e r l a m i n a r  f a i l u r e i s
mat r i x dom ina te d an d a p p e n d i x E  suggest s a
stron g c o r r e l a t i o n betwee n ToT y an d 2>»U3 3 :

t9B9?  ~  tit.  +  &&  (W W •  *5SSS S i s

a goo a m e c h a n i c a l  l i m i t  v a l u e fo r  ou r
purpose ,  becaus e w i t h i n th e compos i t e i t
cover s a t  th e sam e t ime ,  res i n an d
f ib re /ma t r i x i n t e r f a c i a l  f a i l u r e s .

spi t e o f  th e po i  nt s d i  spers i  o n o n
seems tha t  t h e e x p e r i m e n t a l

I n o \ j  i  i. c u
f i  gur e 1 1 ,  i t
dat a fi t  a
t i  onsh i  p .

Remarks :  Th e scatte r  i n th e compos i t e
compress i v e f a i l u r e v a l u e s ca n b e a t t r i -
bute d t o :

.  Th e lo w r e l i a b i l i t y o f  data ,  accord in g
t o th e d i f f i c u l t  c o m p r e s s i v e tes t
procedure s t7 1 an d th e " laborator y
effect "  [8 1 .

.  No t  measure d an d p robab l y d i f feren t
i n i t i a l  f iber s m i s a l i g n m e n t s .

F i g u r e 1 1 -  L i t t e ra tu r e e x p e r i m e n t a l
repor t  o f  ̂. ,  an d \)GsB » -Z 5
v a l u e o f  v a r i o u s carbon/r e s  i  n
system s i n d i f feren t  hot/we t
cond i  t i  onn i  ngs .

6 -  CONCLUSION

N u m e r i c a l  s i m u l a t i o n s gav e a  p o w e r f u l l
u n d e r s t a n d i n g o f  compos i t e c o m p r e s s i v e
f a i l u r e .
As l on g a s th e ra t i o -  <£-rt/£n  w i l l  b e
ver y super io r  t o 1 ,  (facto r  o f  4  t o 5  fo r
carbon / res i n m a t e r i a l s ) ,  t h e res i n y i e l d
stres s w i l l  hav e t o b e s i g n i f i c a n t l y
inc rease d t o i m p r o v e compos i t e c o m p r e s s i v e
strength .  I t  i s  no t  necessar y fo r  carbo n
re in fo rce d system s t o wor k o n th e res i n
m o d u l u s .

I n orde r  t o addres s r e s i n m e c h a n i c a l
requ i remen t s t o a  m a t e r i a l  s u p p l i e r ,  i t  i s
bette r  t o cons ide r  th e shor t  bea m shea r
s t reng t h i n f o r m a t i o n ,  w h i c h i n c l u d e s r e s i n
an d f i b re /mat r i x in ter fac e p roper t i es .

The c h a l l e n g e i s g o i n g t o b e ver y impor -
tan t ,  becaus e c o n s i d e r i n g a  squar e roo t
a p p r o x i m a t e d dependenc e o f  th e i n t e r l a -
m i n a r  y i e l d shea r  stress ,  r es i n e l a b o r a -
tor s  w i l l  hav e t o d o u b l e th e shor t  bea m
shea r  s t reng t h t o ge t  s i g n i f i c a n t  0 °
compos i t e c o m p r e s s i v e s t rengt h imp ro -
vement  .

7 -  PERSPECTIVES

P i l o t res ins ,  w i t h i n d e p e n d e n t  ra t io s o f
,  w i l l  b e e l abo ra te d b y SNP E

(France) ,  t o tr y t o ge t  a n expe r imen ta l
v e r i f i c a t i o n o f  th e «• £ M ̂ ^ A V*T y
r e l a t i o n s h i p fo r  carbo n re in force d
compos i  te s .
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A P P E N D IX A

M e c h a n i c a l  cha rac te r i s t i c s i n t e r v a l s o f
t yp ica l  res in s use d i n commerc ia l  compo -
s i te s fo r  s t ruc tu ra l  a p p l i c a t i o n s (n o
ag in g an d roo m temperature) .

Isotrop i  c  mater i  a l  s

T e n s i l e m o d u l u s

Poi  sso n '  s  rat i  o

T e n s i l e f a i l u r e stres s

Compress i  v e f  a i  1  ur e
stress e

Shea r  st rengt h

3600

0. 3

70

-17 0

70

Al

t o

t o

t o

t o

t o

1

4000

0.3 5

90

-14 0

90

MPa

MPa

MPa

MPa

A P P E N D IX B

Shea r  i n s t a b i l i t y d e m o n s t r a t i o n o f  a  bod y
subjecte d t o u n i a x i a l  c o m p r e s s i v e l o a d i n g .

The fre e energ y o f  a  l i n e a r  e l a s t i c
i s o t r o p i c m a t e r i a l  ca n b e wr i t t e n a s :

f( <
prestres s tenso r

Lame coe f f i c i en t s

i e £x x

Where £» r  ar e th e tru e s t r a i n s .

A s s u m p t i o n s :

*  P l a n e s t r a i n u(x,z )  ;  v  = 0  ;  w(x,z )
^.»

*  Prestres s :  V z z f x . z )  =  constan t

*  w(x,z )  n e g l i g i b l e compar e t o u(x,z )

The n :

4

,

So,  u p t o th e secon d orde- r

E q u i l i b r i u m c o T i d i t i o n :

I n t e g r a t i n g b y par t s :

*ZT.  " °  + •

So,  a t  eac h p o i n t  i n th e v o l u m e ,  w e h a v e :

Los s o f  e l l i p t i c i t y l ead s t o i n s t a b i l i t y :
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A P P E N D IX C

F i n i t e e lement s meshe s w i t h 3  d i f feren t  i n i t i a l  f i be r s m i s a l i g n m e n t  d i s t r i b u t i o n s .

Case 1  (reference )  :

0.6 4

0.3 3

0.0 3

0 2 4 6
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APPENDIX C

C a s e 2 :

0.64

0.33

0.03

0 1 2 3 e

C a s e 3 :

I
0.64

0.33

0.03

0



A P P E N D IX D

E x p e r i m e n t a l  shea r  s t ress-s t ra i n b e h a v i o r  o f  i n d u s t r i a l i z e d compos i t e res ins .

11- 9

N A R M CO 520 8 : N A R M CO 524 5 :

O.2 0. 4 0. 6 0. 8

Shea r  s t ra i n

' 0 0. 2 0. 4 0. 6 0. 8

Shea r  s t r a i n

CIB A GEIG Y 91 4 :

(0
QL

in
in
o>

m 4 0

20

0 0. 2 0. 4 0. 6 0. 8

Shea r  s t ra i n

Data s fro m :  D r  Fav re ,  O N E RA (F )
Dr  G ' S e l l ,  E c o l e de s M i n e s d e Nanc y (F )
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A P P E N D IX E

R e l a t i o n s h i p betwee n th e shea r  y i e l d i n g o f  pur e res i n
i n t e r l a m i n a r  shea r  s t rengt h (r ~

and the c o m p o s i t e
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CFRP STIFFENE D PANELS UNDER COMPRESSION

A.  Bucc i
U.  Mercuri c

Engr .  Dept .  fo r  Advance d Composit e Structure s
ALENIA

Zona ASI  Incoronat a
71100 Foggi a -  ITAL Y

SUMMARY

The purpos e wa s t o experimentall y
demonstrat e th e validit y o f  th e
conceptua l  desig n o f  a  CFRP stiffene d
pane l  suitabl e fo r  applicatio n i n th e
unpressurise d afte r  fuselag e o f  a  middl e
siz e aircraft .  Bot h th e theoretica l  an d
experimenta l  behaviou r  ha s bee n analyse d
takin g int o accoun t  th e effec t  of :

-  Differen t  Material s
-  Curvatur e
-  Barel y Visibl e Impac t  Damage
-  Stati c an d Fatigu e Load s

Composit e material s wit h stif f  fiber s o f
las t  generatio n couple d wit h toughene d
thermosettin g resi n syste m wer e used .

1.  INTRODUCTION

The topic s discusse d i n thi s pape r  ar e
par t  o f  th e wor k performe d a t  ALENI A
Company a s par t  o f  th e Cooperativ e
Technolog y Developmen t  Progra m o n
Advance d Composite s betwee n Dougla s
Aircraf t  Company an d ALENIA .  One o f
mai n objective s o f  thi s Cooperatio n
Progra m wa s t o develo p ne w manufacturin g
technologie s an d t o stud y structura l
solution s adequat e fo r  th e unpressurize d
AFT Fuselag e o f  a  mediu m size d transpor t
aircraft .

The pape r  wil l  dea l  wit h th e behaviou r
unde r  compressio n load s o f  stiffene d
pane l  selecte d lik e typica l  on e fo r
AFT Fuselage .
Afte r  a n investigatio n betwee n severa l
type s o f  stiffener s t o b e use d fo r  th e
typica l  panel ,  comparin g manufacturin g
costs ,  weigh t  -  saving s an d
structura l  risk s characteristic s
th e bea d stiffene r  wa s chose n
producin g th e bette r  compromise .

I n thi s cas e a  desig n n o buckle d a t
ultimat e loa d wa s preferre d becaus e th e
method s t o predic t  delamination s afte r
pane l  bucklin g ar e u p t o no w littl e
reliable .
Finall y th e configuratio n show n i n
Fig .  1  wa s defined ;  i t  consist s o f  a
cocure d bea d stiffene d pane l  designe d
no bucklin g u p t o ultimat e load .
At  thi s poin t  th e principa l  targe t  wa s
t o investigat e it s bucklin g behaviou r
unde r  compressio n load s an d a t  th e sam e
tim e t o verif y th e theoretica l  bucklin g

predictio n obtaine d b y a  specifi c  cod e
calle d "BEADBUCK"  develope d i n Douglas .
Thi s wa s realize d throug h a  test s
progra m o n fla t  an d curve d panel s
subjecte d t o bot h stati c an d fatigu e
loading.Som e panel s wer e
damaged b y impact s i n suc h wa y
t o hav e barel y visibl e damage s i n
orde r  t o verif y thei r  influenc e o n
bucklin g threshold ,  i n accordanc e wit h
th e certificatio n requirement s whic h
want  a  composit e structur e t o withstan d
ultimat e load s i n presenc e o f  no t  -
visibl e impac t  damages .

2.  TEST ARTICL E DESCRIPTION

Two pane l  configuration s wer e tested ,
the y hav e th e sam e characteristic s
excep t  tha t  on e i s fla t  an d th e othe r
i s curved .  I n Fig .  2  ar e show n som e
sketche s o f  panels.The y ar e constitute d
by skin ,  5  bead s cocure d wit h ski n i n
th e sam e cur e cycl e an d tw o frame s
section s shape d Z  connecte d t o ski n b y
shea r  ties .  Th e junctio n frame/shea r  ti e
and shea r  tie/ski n i s obtaine d b y h y
locks .
The tw o frame s section s ar e provide d t o
generat e a  stabilizin g effec t  o n
longeron s a s muc h a s i s realisticall y
possible .  I n orde r  t o allo w a  realisti c
compariso n betwee n theoretica l  an d
experimenta l  results ,  th e tes t  article s
heigh t  wa s define d t o hav e instabilit y
at  th e sam e loa d calculate d i n th e
analysi s o f  fuselag e compressio n panel s
usin g a n en d fixit y coefficien t  equa l
2.0 .  Th e compressio n loa d wa s applie d
by potte d en d surface s t o avoi d
incomin g effects .  Alluminu m fram e
(606 1 Alloy )  surrounde d th e pottin g
block .

3.  MATERIALS

Two CFRP materials ,  i n for m bot h tap e
and fabri c belongin g t o th e las t
generatio n o f  composit e
material s wer e used.Bot h material s
wer e characterize d b y
stif f  fiber s an d toughene d
thermosettin g resi n system .
The Tab .  1  show s i n detai l  th e
type s o f  material .

4.  TESTS

The Tab .  2  show s th e test s performe d
takin g int o accoun t  tha t  fo r  eac h typ e

.0
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of  tes t  1  pane l  wa s proved .

STATIC TESTS

The purpos e o f  th e stati c tes t  pla n
was t o demonstrate :

1)  Th e pane l  i s abl e t o withstan d th e
require d desig n ultimad e load .

2)  Th e curvatur e effec t  respec t  t o
fla t  panels .

3)  Th e reliabilit y o f  th e theoretica l
analysis .

4)  Th e pane l  withstand s th e stati c
ultimat e loa d i n presenc e o f  barel y
visibl e impac t  damag e (BVID) .

5)  th e pane l  withstand s th e desig n
limi t  loa d i n presenc e o f  visibl e
impac t  damag e (VID) .

At  thi s purpos e th e principa l  targe t  wa s
t o determin e th e bucklin g loa d o f  th e
panel s unde r  compressio n loads .
The loa d wa s determine d analysin g th e
straingag e plot s (se e fig .  3-4-5-6-7-8 )
obtaine d b y measure s performe d i n
th e location s give n i n Fig .  9 .

DAMAGES

The damag e toleranc e feature s o f  th e
bead stiffene d panel s wer e als o
investigate d b y compressio n stati c
and fatigu e test s o n damage d panel s
by impact .

Bot h th e barel y visibl e impac t  damag e
(BVID )  an d th e visibl e on e (VID )  wer e
considered,assumin g tha t  th e BVI D wer e
corresponden t  t o damag e wit h a n
indentatio n betwee n 0. 3 an d 0. 5 mm
whil e VI D i s highe r  tha n 0. 5 mm.

Stres s analysi s consideration s hav e
single d ou t  lik e critica l  locatio n
fo r  th e damag e (i n term s o f  strengt h
afte r  impact )  th e oute r  ski n are a
corresponden t  t o bea d flange/ski n
bondin g (se e Fig .  9) .

At  thi s purpos e a  preliminar y
investigation ,  o n alread y faile d panels ,
was performe d t o defin e th e
opportun e impac t  energy .
The impac t  energie s foun d ar e show n b y
Tab.  3 .  Thes e energie s wer e use d
t o impac t  th e panel s t o tes t  i n presenc e
of  damages .
The impacto r  hea d ha d 12. 7 mm diamete r
hemispherica l  stee l  tip .

FATIGUE TEST

The purpos e o f  compressio n fatigu e
tes t  wa s t o demonstrat e th e fatigu e
damage toleranc e o f  thi s specifi c
desig n i n presenc e o f  BVID .

The spectru m applie d i s give n i n Fig.10 .
I t  represent s abou t  2  lifetimes .  Eac h
10 loa d block s th e pane l  wa s
loade d u p t o stati c  limi t  loa d t o rea d
th e strain s i n orde r  t o contro l  possibl e
variation s o f  pane l  globa l  stiffnes .
Thus th e fatigu e tes t  wa s ver y heav y
becaus e 4  stati c  limi t  load s
wer e applie d i n additio n
t o th e fatigu e cycle s durin g
test .
At  th e en d o f  fatigu e tes t  th e pane l

was teste d i n stati c wa y t o evaluat e
th e residua l  stati c strength .

5.  RESULTS

-  COMPRESSION STATI C TESTS

The result s ar e give n i n Tab .  4 .  The y
ar e thre e differen t  type s o f  results :

Compressio n Initia l  Bucklin g Load s -
Theoretica l  Results :

They hav e bee n obtaine d usin g th e
"beadbuck "  code .  Thi s progra m calculate s
th e genera l  an d loca l  critica l  bucklin g
load s o f  a  non-anisotropd c fla t  "bead "
stiffene d pane l  wit h fou r  side s
simply-supported .  Th e effect s o f  th e
bead stiffene r  ar e include d i n thi s
analysis .
The geometr y o f  th e pane l  use d a s inpu t
t o th e progra m i s give n i n Fig.11 .

Compressio n Initia l  Bucklin g Load s -
Experimenta l  Results :

They hav e bee n evaluate d b y straingag e
plots .  Th e bucklin g loa d wa s
alway s recognize d a t  tha t  loa d wher e
firs t  a  straingag e lose s th e linea r
behaviou r  (initia l  bucklin g load) .
Thi s analysi s wa s bee n als o supporte d
by visio n o f  th e tests .

Compressio n Ultimat e Failur e Load :

They ar e th e load s a t  whic h th e panel s
obtaine d catastrophi c failure .

-  COMPRESSION FATIGU E TES T

The result s give n i n Tab .  5  ar e th e
strai n measure s performe d eac h 1 0 loa d
block s applin g th e desig n limi t  loa d
i n stati c way .
The Fig.1 2 show s th e result s o f  residua l
stati c strengh t  tes t  performe d a t  th e
end o f  fatigu e test .

6.  DISCUSSIO N

STATIC TESTS

-  Bucklin g loa d

The definitio n o f  th e bucklin g loa d
fo r  al l  panel s wa s characterize d fro m
th e sam e straingages,thos e locate d o n
th e portio n o f  outsid e ski n unde r
beads (N.2-5- 6 fo r  B-C-D-E- F panel s
and 7-6-1 0 fo r  A  panel) .
I n thi s wa y i t  seem s tha t  th e bucklin g
loa d o f  thi s pane l  typ e coincide s wit h
th e bucklin g loa d o f  th e ski n strip s
unde r  th e beads .  Th e behaviou r  wa s
confirme d fro m evidenc e o f  th e
test s becaus e bump s o n th e ski n
unde r  bead s wer e see n durin g
th e test .
I n an y cas e bot h CIB A curve d panel s
intac t  (A )  an d damage d (D )
exceede d th e require d ultimat e loa d
Fig.13 .  Considerin g tha t  th e HERCULES
materia l  i s  stiffe r  tha n CIB A on e
the n w e ca n sa y tha t  th e bea d
stiffene d cocure d pane l  i s  t o b e abl e
t o withstan d compressio n ultimat e
load s als o i n BVI D condition .
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-  Damage effec t

Durin g th e test s o f  damage d (BVID )
panel s n o creakin g ha s bee n hear d
and th e result s hav e demonstrate d
tha t  BVI D doesn' t  influenc e th e
bucklin g load .  O n th e contrar y
durin g th e tes t  o f  th e visibl e damage d
(VID )  pane l  hav e bee n hear d a  lo t  o f
creakin g tha t  witnesse d increas e o f
th e delaminatio n areas .
The CIB A fla t  damage d pane l  (C) ,
as i t  ca n b e see n b y Fig.13 ,
exceede d th e require d limi t  load ,  s o
we ca n say,sinc e th e pane l  wa s flat ,
tha t  a  curve d pane l  i n presenc e o f
VI D damag e withstand s th e compressio n
limi t  load .

-  Theoretica l  analysi s

Anothe r  purpos e o f  thi s tes t  pla n
was t o chec k th e theoretica l  progra m
use d t o evaluat e th e bucklin g loa d
of  composit e fla t  bea d stiffene d
pane l  (beadbuck) .
The result s obtaine d ar e ver y clos e
t o th e experimenta l  values .
The output s o f  cod e give n i n Tab .  6- 7
sho w tha t  th e "skin "  (ski n betwee n beads )
bucklin g loa d i s clos e bu t  lowe r
tha n "base "  (ski n unde r  beads )
bucklin g load .  Th e experimenta l
evidenc e ha s confirme d thes e results ;
infac t  th e straingage s o n th e ski n
unde r  bead s an d thos e locate d bac k
t o bac k skin/bea d flang e signale d
bucklin g fo r  load s almos t  coincident .
However  th e cod e ha s demonstrate d t o
be reliabl e t o calculat e th e bucklin g
loa d fo r  thi s pane l  type .

-  Curvatur e effec t

Sinc e th e test s demonstrate d tha t
th e BVI D damag e doesn' t  influenc e th e
bucklin g load ,  the n comparin g th e
bucklin g load s o f  th e tw o CIB A curve d
panel s ( A an d D )  wit h th e CIB A
fla t  intac t  panel(B) ,  th e curvatur e
effec t  ca n b e estimate d equa l  t o

+10%.

-  Differen t  material s

The result s give n i n Tab .  4  sho w
clearl y th e Hercule s materia l  i s  mor e
stif f  tha n CIB A one.Th e reaso n
i s i n th e differen t  thicknes s (tow s wit h
highe r  numbe r  o f  filaments )  o f  fabri c
plie s used .  Infac t  fo r  th e theoretica l
analysi s th e sam e elasti c propertie s
fo r  th e tw o material s hav e bee n use d
but  differen t  thicknes s fo r  fabri c
plie s an d th e result s hav e bee n clos e
t o th e experimenta l  one .

FATIGUE TEST

The globa l  stiffnes s o f  th e pane l  di d
not  chang e afte r  th e fatigu e tes t  lik e
th e straingag e reading s i n Tab .  5
witness .
The pane l  showe d goo d damag e toleranc e
feature s compare d t o BVID .
The delaminatio n width s stoppe d
afte r  a n initia l  growth ,  thu s th e pane l
showed th e expecte d desig n feature s
afte r  fatigu e test :  t o b e n o bucklin g
at  ultimat e load .

7.  CONCLUSIONS

Differen t  Composit e panel s fla t  an d
curve d hav e bee n teste d i n compressio n
t o chec k a  ne w configuratio n (bea d
stiffene d cocure d panel )  fo r  a  typica l
pane l  t o us e i n a n af t  fuselag e o f  a
mediu m size d transpor t  aircraft .
The conclusio n ar e summarize d i n th e
following :

The curvatur e effec t  increase s th e
bucklin g loa d o f  th e fla t  pane l
approximatel y +10%.

The result s obtaine d demonstrat e th e
reliabilit y  o f  th e theoretica l  bucklin g
analysi s (beadbuc k code )  fo r  th e bea d
stiffene d panels .

The damage d panel s test s hav e show n n o
effec t  o f  th e (BVID )  barel y visibl e
impac t  damag e o n th e ultimat e bucklin g
loa d an d tha t  th e (VID )  visibl e impac t
damage decrease s th e bucklin g
loa d o f  pane l  bu t  thi s i s stil l  abl e
t o withstan d th e limi t  load .

Ther e i s no t  fatigu e damag e als o i n
presenc e o f  BVID.Afte r  fatigu e tes t
( 2 lifetimes )  th e bea d stiffene d pane l
keep s th e initia l  globa l  stiffnes s
and th e stati c strengt h capability .
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Fig. l  BEAD STIFFENE D COCURED PANEL

SUPPLIER

CIBA

HERCULES

FIBER

T800H

IM7

MATRIX

FIBREDUX
6376 C

8551- 7

NOMINAL CURED
PLY THICKNESS

(mm)

0.14 7

I I

TAPE

SUPPLIER

CIBA

HERCULES

FIBER

T800H
6K-5 H

IM7G
12K-5 H

MATRIX

FIBREDUX
6376C-
E2743

MAGNAMITE
XSW370-

SH/X8551- 7
!

NOMINAL CURED
PLY THICKNESS

(mm)

0.31 5

0.35 6

FABRIC

TAB.l  COMPOSITE MATERIALS
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LL

1.4

IT

' > — FRAME
/ SECTION

\-SHEAR TIE

5<

[

107
1— Z5.4

I I . l

c-c
IFLAT A CURVED PANEL)

4.5
(TYP)

LX

-R 15241.12.7

A-A
(FLAT PANEL)

-989.6-
A - A

(CURVED PANEL)

ALUMINUM
FRAME

901.7

D-D
IFLAT PANELI

-POTTING
COMPOUND

-ALUMINUM, POTTING
FRAME / COMPOUND

D-D
(CURVED PANELI

BEAD 1(0/901. (1451,10/9011

SKIN (90/45/-45/-45/45/01

ST"\ ST~\ J ST~\ ST\

B-B
(FLAT PANELI

-BE AD 110/90),11451.10/901)

- SK INI90/45/- 45/- 45/45/01,

B-B
(CURVED PANELI

FIG. 2 TEST ARTICLES DESCRIPTION
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PANELS
CODE

A

B

C

D

E

F

G

MATERIAL

CIBA

CIBA

CIBA

CIBA

HERCULES

HERCULES

CIBA

GEOMETRY

FLAT

X

A

x

X

CURVED

X

X

X

COMPR.  LOADS

STATIC

X

X

X

X

A

X

FATIGUE

X

DAMAGE

BVID

X

X

X

VI D

X

INTACT

X

X

X

Tab.2 PANELS TESTED UNDER COMPRESSION LOAD

CIBO CURVED INTRCT STRTIC PRNEL-A

o.oo

CD

Q
o:
o
_i

or
a
o
u

-1 .00

-2.OO

-3.00

-4-.OO

5.OO -4.OO -3.OO -2.OO - 1 .OO O.OO

MICRO STRRIN * 1 O

Fig.3
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CIBR PLOT INTRC T STRTI C PRNEL- B

CD
y

O
CT
O
_J

ffa
.2.
O
u

CD

D
d
O

cr
Q.

o
u

0.00

-1

-2.OO

-3.OO

— 4-.OO i—i—i 1—i—r—i 1—r~i—i 1—i—i—i

— 1.OO —O.75 —O.5O —O.25 O.OO O.25

MICRO STRHIN *

Fig. 4

CIBR FLR T DRMRGED STRTI C PRNEL- C

-3.O O

— 4-.O O i  i  i  i  i  i  l  i  i  i  i  l  i  i  i  i  I  i  i  i  i  I  i  i  i  i  I  i

— 1  .OO—O.75—O.5O—O.25 O.O O O.2 5 O.5 O

MICRO STRRI N

Fig. 5

1 O
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CZBR CURVED DRMRGED STRTI C PRNEL- D

•*
I
o

*

CD

Q
d
O
_J

CL
Q.

O
U

CD

Q
d
O

Q:
g.
6
u

O OO

1 no '

-
-

-2 OO

-~*> OO

-4.OO-

S oo

•• • GHGc t'iC. 0

H GRGE NO. 1

» GRGE NO. 2

3 GHL-E MO. 5

j GHGE '•':''-',  4

0 GRGE NO. 5

• GHGE MG. e
+ Rpr-F Mr 7

i i i i i i i i

;

-.X l̂ia'

i i i i

/
ii

|̂
+*

|

\
-, V

11 T — r

— 2.OO -1.5O -1.OO — O.5O

i i

O.O(

MICRO STRRIN * 1O'

Fig.6

HERC. FLRT INTRCT STRTIC PRNEL - E

O.OO

-1 .00

—2.OO

URGE MO. 0
B GPGE MO. 1

GRGE NO. 2
GRGE NO. 3

0 GRGE NO. 4

MICRO STRRIN

Fig . 7

10'
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HERC.  FLR T DRMRGED STRTI C PRNEI_ —

CDy.

D
cr
o

cc
Q.

o
u

O.OO

—1.00

0/I2-

I/I I

MICRO STRRIN

Fig. 8

1 cr

I/ I I 1—2/8

ID

-7/8 0/I2-

—i—r
488.2 x

I
361.2

H234.2 m
_OZ

\ V

10

-4/10

FLAT AND DAMAGED CURVED PANELS CURVED UNDAMAGED PANEL

-4/5

-3/9

SINGLE STRAIN GAUGE
[APPLIED ON EXTERNAL
SKIN SURFACE ONLY)

I TWO STRAIN GAUGES
(APPLIED BACK TO BACK
ON BOTH THE SKIN SURFACE)

0 IMPACT POINT LOCATIONS
ON EXTERNAL SKIN SURFACES

FIG.9 STRAINGAUGES AND IMPACTS LOCATION
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PANEL TYPE

CURVED CIBA

FLAT CIBA

FLAT HERCULES

MATERIAL

T800/6376C

T800/6376C

IM7/8551-7

DAMAGE TYPE

BVID

VID

BVID

IMPACT ENERGY
(JOULE)

19

24

24

Tab. 3 IMPAC T ENERGY USED ON PANELS

LOAD (Kg. )

0. 0

19.4 0

ELAPSED CYCLES (*10~ 3)

-3000 0

The abov e sequenc e wa s repeate d 4 0 time s t o cove r  tw o lifetimes.approximately .

The tes t  wa s performe d with :  R  =  0.0 5

Test  Frequenc y =  2. 5 Hz .

DLL =  Desig n Limi t  Loa d

Fig.1 0 LOAD SPECTRUM FOR FATIGU E TEST
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TYPE
OF

PANEL

CURVED
CIBA

FLAT
CIB A

FLAT
HERCUL .

COMPRESSION INITIA L BUCKLIN G LOAD

INTACT PANEL

THEORE .
LOAD

(B )
2835 0

(E )
30850

EXPERI.
LOAD

(A )
30000

(B )
2800 0

(E)
33000

DAMAGED PANEL

BVI D
EXPERI  .
LOAD

(D)
3105 0

(F )
32000

VI D
EXPERI  .
LOAD

(C)
22000

COMPRESSION ULT .  FAILUR E LOAD

INTACT
PANEL

EXPERI  .
LOAD

(A )
3670 0

(B )
3560 0

(E )
4300 0

DAMAGED PANEL

BVI D
EXPERI  .
LOAD

(D)
41000

(F )
43000

VI D
EXPERI.
LOAD

(C)
31800

Note: the ( ) are the panel codes (see T a b . 2 ).

Tab. 4 COMPRESSION STATIC TEST RESULTS

X

HERCULES

TAPE I ... = n i

,

CIBA

.

ply

C.L. BEAD 157.5

26.7

\^Ji
^29. R 36.3 V

s 0.356 mm
J

\

"  0.147 mm

= 0.315 mm
J

N

fin/qn i ( .4=, i in

5(58

Y

/qnf l

[90/45/-45/-45/45/0]

Fig. 11 INPUT GEOMETRY TO BEADBUCK CODE
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STHAXRGAGR
B°

0

1

2

3

5

e

7

B

9

10

11

12

Befor e o f  tes t
(-1996 0 Kg )

-  197 0

-  200 7

-  195 7

-  199 3

-  196 8

-  208 6

-  201 7

-  196 3

-  193 9

-  205 3

-  207 4

-  192 7

-  STRAI N MEASrjR ]

Afte r  1 0 block s
( -  2000 0 Kg )

-  196 9

-  201 S

-  197 5

-  201 1

-  198 6

-  209 9

-  203 6

-  195 2

-  194 0

-  204 7

-  206 6

-  192 5

EMENTS (MICROSTRA

Afte r  2 0 block s
( -  2000 0 Kg )

-  198 9

-  201 0

-  197 3

-  202 1

-  196 5

-  209 2

-  202 4

-  193 9

-  195 7

-  204 8

-  207 9

-  194 9

IN )  -

Afte r  3 0 block s
( -  1995 0 Kg )

-  196 7

-  198 6

-  194 1

-  200 6

-  194 2

-  210 6

-  204 3

-  196 4

-  194 7

-  203 2

-  214 0

-  193 0

Afte r  4 0 block s
( -  2000 0 Kg )

-  184 8

-  202 7

-  198 0

-  202 5

-  199 6

-  210 3

-  202 6

-  194 1

-  196 4

-  207 6

-  209 6

-  190 3

Tab. 5 STRAI N MEASUREMENTS DURIN G FATIGU E TEST

(POISSON' S EXPANSION ALLOWED)

LOCAL AND GENERAL BUCKLIN G
NORMALIZED T O COLUMN LOAD

SHEAR BUCKLIN G
NORMALIZED T O COLUMN LOAD

BASE
SKIN
BEAD
GENERAL

NX =
NX =
NX =
NX =

39
37
95
54

-9 b
.2 5
.3 4
.8 0

Kg/mm
Kg/mm
Kg/nu n
Kg/nu n

BASE
SKI N
GENERAL

Nxy  =
Nxy  =
Nxy  =

49
35

149

.4 8

.0 9

.9 5

Kg/mm
Kg/nu n
Kg/mm

STRAIN =  2880 .  MICR O mm/mm A T N X =  37.2 5 Kg/m m

Tab. 6 CIB A PANEL BEADBUCK CODE OUTPUT

(POISSON' S EXPANSION ALLOWED)

LOCAL AND GENERAL BUCKLIN G
NORMALIZED T O COLUMN LOAD

BASE N X =
SKI N N X =
BEAD N X =
GENERAL N X =

41.7 4 Kg/m m
40.0 2 Kg/m m

113.3 4 Kg/m m
60.4 5 Kg/m m

SHKAR BUCKLIN G
NORMALIZED T O COLUMN LOAD

BASE Nx y =
SKI N Nx y =
GENERAL Nx y =

50.8 5 Kg/m m
35.9 8 Kg/m m

168.9 8 Kg/m m

STRAIN =  2952 .  MICR O mm/mm A T N X =  40.0 2 Kg/nu n

Tab. 7 HERCULES PANEL -  BEADBUCK CODE OUTPUT
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COMPRESSION
LOAD (Kg. )  A

BUCKLING LOADS COMPARISON

30000

20000

10000

Desig n Limi t  Loa d

Desig n Ultimftt e Loe c

CURVED DAMAGED PANEL -  COMPRESSION STATI C TEST AFTER FATIGU E

CURVED INTAC T PANEL -  COMPRESSION STATI C TEST

CURVED DAKAGED PANEL -  COMPRESSION STATI C TEST

Fig.1 2 RESIDUAL STRENGTH AFTE R FATIGU E TES T
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Oi

72

63

54

45

36

27

LEGEND

TTST ULT

TIST CRIT

RUL

Rll

PANEL CODE

Note :  RUL =  Require d Ultimat e loa d
RLL =  Require d Limi t  Loa d

Fig.1 3 COMPARISON BETWEEN DESIG N REQUIREMENTS AND TESTS RESULTS
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AN OVERVIEW OF CONCERNS RELATING TO FLUID EFFECTS ON COMPOSITES

GEOFFREY A WRIGHT

Material s and Developmen t Departmen t

BRITISH AEROSPACE

Warton , Preston , Lancashire , UK

SUMMARY

The effect of the interaction of fluids and the
environment on composite fibre/resin systems plays
an important role in determining the suitability and the
design values used for these materials. This paper
provides a brief overview of the questions posed by
the designer and the materials engineer and looks at
the test methodologies employed to determine
answers to these questions. The advantages for
standardisation of these fluid/environment exposure
regimes, together with agreement on the range and
extent of the follow-up test methods, is examined.

1. INTRODUCTION

Material and Structural Engineers are concerned with
the interaction of fluids and the environment with
aerospace materials as a necessary part of their
optimisation and selection process. The increasing
use of organic materials for primary structural
applications has accelerated the necessity for
evaluation and understanding of these effects.

The interaction between fluids and polymeric
materials is extremely complex and has been the
subject of many thousands of scientific papers with
many theories put forward to explain the mechanisms
at work.

From the aerospace material engineering and design
view the answers to a number of questions are
sought These relate to:-

o What effects do each of the fluids have on the
polymer?

o What effect do they play on the thermal stability of
the polymer?

o What are the long term effects of fluid
contaminants?

o What effect do thermal spikes and stress have on
the fluid/polymer properties?

o Are the fluid effects reversible?

o How, if possible, can we alleviate these effects?

Following on from these, further questions relating to
the means of assessing these effects need to be
answered and the need for agreement and
standardisation of test procedures requires to be

achieved. In particular the following points need to be
addressed:-

o Specimen configuration.

o Fluid selections.

o Exposure conditions.

o Duration of exposure.

o Test measurement/assessment criteria.

At the end of the day, we must be in a position to
translate the above results into Design data and have
the ability to predict the implications of supplementary
protective treatments.

2. MATERIAL EFFECTS

Aside from dimensional changes which occur when
the fluid is absorbed, other effects can also be
observed. Typical of these are:-

2.1 Plasticisation

This has been demonstrated to result in a reduction in
the Glass Transition value (Tg) of a composite by as
much as 50°C compared to the Tg of the dry
composite. Other composite properties which can be
affected are yield stress and modulus, ductility and
dielectric properties.

2.2 Microcracking

Repeated absorption of fluids followed by drying can
result in microcracking and other types of mechanical
degradation.

2.3 Fibre/Resin Interface Effects

Absorption of fluids can attack the fibre/resin interface
which in some cases can be irreversibly weakened.
The interface can also offer a primary route for the
penetration of fluids into continuous fibre composite
materials.

2.4 Polymer Degradation

The interaction of some fluids can cause hydrolysis of,
or chemical reaction with, the polymer. This will result
in the degradation of the composite properties. An
example of this is the effect of alkaline fluids on imide
and BMI systems where the resin system is
irreversibly degraded.
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3. AEROSPACE FLUIDS

Having looked at some of the effects that fluids can
impart to composite materials, the designer and the
materials specialist must establish the integrity of a
selected material with the various fluids with which it
will come into contact during its service life. This is not
so clear cut a procedure as the problem may seem.
Examination of a typical aircraft design, Eurofighter,
indicates that the composite material can come into
contact with some 40 plus fluid types which include;
fuel, oils, greases, heat transfer fluids, hydraulic fluids
and cleaning fluids, not including naturally occurring
fluids eg rain, salt spray and biological fluids, and, in
the case of military aircraft, warfare fluids, eg gun
gases, warfare agents etc.

Further analysis of the types of fluid involved indicate
that the majority of these are related to specifications
based on the performance of the fluid and not on the
chemical constituents of the fluid. To demonstrate the
problems that this can engender, I quote an extract
from British Standard G100 (Ref 1) which is also
being considered for an equivalent AECMA
specification.

"Standard test fluids

Test results obtained from a number of sources over
a considerable period of time have shown clearfy that,
in many cases, wtfefy varying results can be obtained
when using fluids which are used in service. The
practice of specifying fluids based on performance
criteria rather than their constituents can mean
variations in test results between batches of ff)e fluid
obtained from different manufacturers, or even from
the same manufacturer.

For this reason ffiis British Standard recommends the
use, wherever possible, of 'standard test fluids which
are specified by the/r constituents and contain the
chemicals which may be found in commonfy used
fluids. The chemical constituents of the lest fluid are
considered to be those which are most likefy to affect
the performance of the test specimen and can be
considered as "worst case' examples for each
particular test fluid group category."

A similar statement also appears in ISO 1817 (Ref 3)
thus the problem is well recognised. If we can tie in
these standard fluids to represent the actual
aerospace fluids used then the airworthiness
clearance route can be assured. The grouping of fluid
types represented by a test fluid simulating the worst
case condition will also result in a reduction in the
number of fluids required to be tested.

The drive towards the use of standard test fluids is
therefore progressing both within ISO and within

AECMA, an European standards organisation (Ref 2).

However, this in itself may not be sufficient to cover
all aspects of the Material Engineers and the
Designer concerns. Questions still need to be
resolved relating to temperature of exposure, duration
and the effect of realistic service contaminants of
normal fluids eg fuel/water mixtures.

Fig 1 shows the effect of temperature on in-plane
shear modulus (a matrix dominated property) of a
thermoplastic before and after exposure to JP4 fuel.
The large reduction in modulus above 80°C of the
fuel soaked specimens is indicative of fluid interaction
effects that play an important part in determining the
suitability or the design value of a composite material.

On top of all this, the effectiveness of supplementary
composite protection schemes, eg paint coatings and
sealants need, to be assessed.

The disruptive effect of water on fibre/resin system
properties is well documented, thus, one of the
principal environments used for evaluation is that of
moisture conditioning. To achieve moisture uptake
within the composite a wide variety of accelerated
conditions have been employed by different workers.

Figure 2 indicates the response rate for moisture
uptake versus time for two different exposure
conditions. Obviously temperature can influence the
uptake rate for moisture, Ciba 914 resin is increased
by a factor of 5 simply by raising the temperature from
20°C to 60°C, however a limiting factor on this is the
need to adopt regimes which maintain the absorption
mechanism (Fickian behaviour) to ensure that
unrepresentative degradation mechanisms do not
occur (Ref 4 and 5). Fig3 indicates the moisture
uptake response rate for various composite laminate
lay-up configurations and Fig 4 shows the different
uptake rates for different composite systems. These
two figures go to show that exposure regimes based
upon fixed time durations, without pre-knowledge of
the moisture uptake behaviour of the system under
test, can lead to misleading results if the exposure
duration is too conservative. A methodology has
therefore been developed whereby environmental
testing within practical timescales can be performed
(Ref6). Although this is primarily directed towards
structural testing the procedure is equally valid for
materials testing performance. The subject of thermal
spiking, both to elevated and sub-ambient
temperatures, is also addressed at Ref 6.

Following the fluid exposure, the selection of the
range and types of follow-up tests, to demonstrate the
fluid effect, needs consideration. Generally these
have centred around interlaminar shear strength,
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tensile strength compressive strength and impact
tests. With the development of more sensitive thermal
analysis instrumentation coupled with computer based
data analysis methods an additional range of tools is
available to aid the engineer in the evaluation of fluid
effects. As an example, a test method based upon
Thermo Gravimetric Analysis (TGA) coupled with
Evolved Gas Analysis using Mass Spectrometry has
been used to study moisture effects on a BMI/Epoxy
resin composite (Ref 7).

Examination of the environmental exposure regimes
used by a wide range of aerospace and composite
manufactures, and the subsequent range and type of
tests employed to assess the fluid effects indicate that
there is still a need for some standardisation of these
regimes if we are to achieve comparability of
techniques.

4. J.M.Whitney, C.E.Browning, Some Anomalies
associated with Moisture Diffusion in Epoxy Matrix
Composite Materials ASTM STP 658.

5. T.A.Collings, S.M.Copley, On the accelerated
ageing of CFRP. Composites Vol. 14 No. 3 July 1983.

6. Environmental Structural Testing RAE Report
88063 September 1988.

7. S.Lane Unpublished work.

4. CONCLUSION

There are compelling reasons for the materials
engineer to evaluate fluid interactions with composite
materials. Examination of design reduction factors for
a typical intermediate modulus, toughened resin
system (Fig 5) indicates the importance of
environmental effects, especially on compressive
strength aspects.

Agreement on the selection and standardisation of
appropriate test methodologies to evaluate the
environmental effects by aerospace manufactures will
be beneficial both to the aerospace companies and
the composite manufacturer. The result of such an
agreement would be to:-

(i) Reduce costs of testing with differing regimes,

(ii) Reduce the range of fluids to evaluate.

(iii) Allow better comparability of test results
emanating from differing sources, and

(iv) Allow better comparability of data arising from
different resin systems.
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Laminate Thickness Number of
type Lay-up (mm) p ( j e s
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Figure 3
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Water Content (wt. % of Resin) versus Time
(Conditioned at 80% R.H. / 80deg C)
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EFFECTS OF FUEL ON HERCULES AS-4/855 2 COMPOSITE MATERIAL

A.T .  Rodrigue z
A.  Lavl a

I .  FernSnde z
E.  Redond o

Researc h an d Development ,  Technolog y an d Material s Dept .  (I+D.T.M. )
Projec t  Divis io n

CONSTRUCCIONES AERONAUTICAS,  S.A .  (CASA )
28906 GETAFE (Mad-id )

SPAI N

SUMMARY

The behaviou r  o f  a n advance d toughene d epox y resin /
carbo n fibe r  composit e material ,  Hercule s AS-4/8552 ,
i n contac t  wit h fue l  ha s bee n studied .

Interlamina r  shea r  strengt h an d compressio n strengt h
test s wer e performe d o n unidirectiona l  specimen s
afte r  bein g expose d a t  70° C t o severa l  conditions ,
inc lud in g a  combine d exposur e t o JP 8 an d water .  A
correlatio n betwee n th e f lu i d conten t  (eithe r  fuel ,
wate r  o r  a  mixtur e o f  both )  an d th e dro p i n th e
mechanica l  propertie s wa s found .  However ,  test s
performe d o n mult id i rect iona l  specimen s immerse d
i n severa l  JP8/additive s mixture s an d subjecte d t o
therma l  cycle s showe d n o variatio n i n th e inter -
lamina r  shea r  strengt h values .

The exposur e t o fue l  o r  t o fuel/additive s mixture s
of  impacte d sample s wa s foun d no t  t o produc e an y
effec t  i n th e damag e siz e o r  detectability .  Fue l
leakag e test s wer e conducte d o n impacte d panel s
subjecte d t o pressur e an d result s ar e presented .

Fina l ly ,  th e growt h o f  microorganism s i n fuel/wate r
solution s seeme d no t  t o affec t  th e materia l  pro -
perties ,  a s deduce d fro m som e mechanica l  an d
microscop y studie s carrie d ou t  o n sample s expose d
t o suc h mixture .

1.  INTRODUCTION

The desig n o f  som e carbo n fiber/epox y composit e
element s o f  c i v i l  an d mi l i tar y aircraft s require s
fue l  t o b e i n direc t  contac t  wit h structura l  la -
minates .  Ther e is ,  therefore ,  a  nee d t o ascertai n
i f  thi s  f lu i d damage s th e composite .  Some investi -
gation s conducte d o n severa l  resin/fibe r  system s
hav e show n l i t t l e o r  n o influenc e i n th e materia l
propertie s du e t o contac t  wit h fue l  [1-4].However ,
a recen t  stud y [5 ]  ha s reporte d tha t  0°an d 90 °
flexura l  strengt h value s o f  thre e thermose t  matri x
composite s decreas e a s a  consecuenc e o f  th e expor e
t o fuel .  I t  seem s tha t  th e effect s o f  f lu id s o n
thes e material s depen d largel y o n th e exposur e tim e
and conditions ,  a s wel l  a s o n th e chemica l  resis -
tanc e o f  th e matri x an d th e matrix-fibe r  interface .
Further ,  a  realist i c approac h t o fue l  effect s ha s
t o tak e int o accoun t  th e ris k o f  combine d exposur e
t o fue l  an d water ,  du e t o fue l  tan k sum p water ,  a s
wel l  a s th e presenc e o f  addit ives ,  suc h a s anti -
icin g o r  anti-static ,  i n fue l  mixtures .  Th e growt h
of  microorganism s i n fue l  tank s ha s bee n ils o
reporte d [6,7 ]  bein g necessar y t o investigat e thei r
effect s i n th e composit e properties .

I n thi s pape r  th e behaviou r  o f  a n advance d toughene d
epoxy/carbo n fibe r  composit e materia l  (Hercule s
AS-4/8552 )  i n contac t  wit h fue l  i s reported .

A firs t  serie s o f  evaluat ion s wa s performe d t o
determin e i f  som e mechanica l  propertie s suc h a s
interlamina r  shea r  strengt h (ILSS )  an d compressio n
strengt h coul d b e affecte d b y stati c immersio n i n
JP8 an d i n JP8/wate r  a t  70°C .  Addit iona l  ILS S
test s wer e carrie d ou t  o n specimen s immerse d i n
severa l  JP8 /  addit ive s mixture s an d subjecte d t o
therma l  cycle s an d o n sample s expose d t o fue l
contaminate d b y microorganisms .  I n thes e sample s
electro n microscop y studie s wer e als o performe d t o
analyz e i f  som e surfac e degradatio n b y
microorganism s take s place .

The exposur e o f  composit e material s t o fue l  and/o r
wate r  ma y caus e effec t  no t  onl y o n th e matrix -
dominan t  mechanica l  properties ,  bu t  als o i n othe r
properties ,  suc h a s impac t  relate d performances .
Therefore ,  test s wer e conducte d o n impacte d sample s
of  Hercule s AS-4/855 2 t o determin e i f  damag e growt h
or  penetratio n o f  f lu id s i n th e damag e are a occu r
as a  consecuenc e o f  th e exposur e t o fue l  an d therma l
cycles .  Further ,  impac t  damag e ma y b e a  potentia l
sourc e o f  fue l  leakage .  I t  ha s bee n reporte d [8 ]
tha t  impacte d sample s o f  som e epox y resin/carbo n
fibe r  composite s showe d fue l  leakag e afte r  a  ver y
shor t  tim e o f  bein g subjecte d t o lo w fue l  pressures .
Thus,impacte d panel s o f  Hercule s AS-4/855 2 wer e
subjecte d t o pressur e an d th e existenc e o f  fue l
leakag e wa s investigated .

2.  EXPERIMENTAL PROCEDURES

2. 1 Specimen s preparatio n

The composit e materia l  selecte d fo r  thi s stud y wa s
Hercule s AS-4/855 2 unidirectiona l  tape .  Specimen s
fo r  th e differen t  test s wer e cu t  fro m autoclav e
cure d panel s whic h wer e fabricate d usin g standar d
lay-u p an d vacuu m baggin g procedures .

2. 2 Exposur e condition s

Specimen s fo r  mechanica l  test s wer e immerse d i n
th e f lu id s an d f l u i d mixture s indicate d i n
Table-1 .

When required ,  th e temperatur e o f  th e f lu id s wa s
kep t  constan t  b y placin g th e f l u i d container s i n
an oven .  Th e weigh t  o f  travelle r  specimen s wa s
controlle d b y weighin g the m periodical l y o n a n
analytica l  balance .

Therma l  cycle s wer e performe d i n a n automaticall y
controlle d therma l  shoc k chamber .  Th e cyclin g con -
dit ion s wer e thos e indicate d i n Figure-1 .

A cultur e o f  th e fol lowin g microorganism s wa s mad e
gro w i n a  JP8/wate r  mixture :
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Table-1 :  Exposur e condition s

EXPOSURE CONDITIO N

Flui d

A:  JP 8

B:  JP 8 +  Wate r

C:  Wate r

D:  A  +  C

E:  B  +  C

F:  Wate r

G:  JP 8 +  Wate r

H:  JP 8 +  An t i - i c in g

I :  JP 8 +  Anti-oxidan t

J :  JP 8 +  Anti-stati c

K:  JP 8 +  Anti-fung i

Temperatur e

70° C

70° C

70° C

70° C

70° C

Therma l
cycle s

Therma l
cycle s

Therma l
cycle s

Therma l
cycle s

Therma l
cycle s

Therma l
cycle s

MIXTURE CONCENTRATION (1 )

0.25 8 ml  o f  wate r  i n 100 0 ml  o f  d iso lu t io n

0.25 8 ml  o f  wate r  i n 100 0 ml  o f  d isolut io n

0.15 % (i n volume )  o f  an t i - i c in g B P

23. 9 mg o f  anti-oxidan t  HITE C 473 3 i n
1000 ml  o f  d i so lu t io n

1.0 7 mg o f  anti-stati c ASA- 3 i n
1000 ml  o f  d iso lu t io n

50. 3 mg o f  anti-fung i  BIOBO R i n
1000 ml  o f  d iso lut io n

(1 )  A S PE R ASTM-D-165 5 an d DERD 249 4

-  Claudosporiu m resina e
-  Fusariu m s.p .
-  P e n i c i l l i u m s.p .
-  Micrococcu s s.p .
-  Pseudomona s s.p .
-  Alcal igene s s.p .
-  H- 4 yeas t
-  H- 5 yeas t

The exposur e o f  specimen s t o thi s solutio n wa s
carrie d ou t  i n container s place d i n a n environmenta l
chamber  regulate d a t  28° C an d 35 % o f  re lat iv e
humidity .

2. 3 Mechanica l  test s

ILS S measurement s wer e performe d o n tw o differen t
type s o f  specimens :

A c ™ s Pecimen s  A l lowin g th e standard s
ASTM D234 4 an d P r  E N 256 3 (AECMA) .

-  Mu l t i d i rec t iona l  specimen s mad e wit h 2 0 p l ie s
and a  quasi- isotropi c lay-u p ([+45/-45/0/-45 /
+45/0/-45/0/0/] s) .  Th e nomina l  dimension s wer e
32 mm x  2 5 mm x  3. 6 mm.

Compressio n test s wer e performe d o n unid i rect iona l
specimen s fol lowin g th e AST M D69 5 standard .

The tes t  machin e use d t o measur e thes e propertie s
was a n Instro n 1185 .

Test s wer e performe d a t  70°C .  Al l  th e condit ione d
specimen s wer e teste d afte r  bein g wipe d an d allowe d
t o s tab i l i z e a t  thi s temperatur e fo r  5± 1 minute s

Impac t  test s wer e carrie d ou t  o n 2 4 p l ie s quasi -
isotropi c specimen s wi t h a  lay-u p sequenc e o f
[(-45/90/+45/0)3] s.  Th e nomina l  dimension s wer e
152 mm x  10 2 mm x  4  mm.  Impac t  energie s rangin g
fro m 1  J/m m t o 12. 5 J/m m wer e use d an d th e impac t
devic e wa s a  vertica l  droppin g weigh t  machin e wit h
a semispherica l  impacto r  ti p o f  15. 9 ±  1. 0 mm
diamete r  an d 4. 5 k g weight .

Once impacted ,  th e sample s wer e inspecte d usin g a n
automati c scannin g equipmen t  Versisca n wit h C-Sca n
records .

The fue l  leakag e test s o n impacte d sample s wer e
performe d a t  0.3 4 N/mm2 ( 5 p.s.i. )  usin g th e
pressurizin g devic e describe d i n Figure-2 .

Figure-1 :  Therma l  cycl e use d fo r  th e exposur e o f
mu l t i d i rec t i ona l  ILS S specimens .
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IMPACTE D
S A M P L E

SEALIN G JOIN T

FUEL E N T R Y
UIBE FOR
PRESSURIZING

Table-2: Equilibrium fluid contents of Hercules
AS-4/8552 travel lers under severa-1 expo-
sure conditions.

4 0 m m

5m m

Figure-2 :  Pressurizin g fixtur e fo r  fue l  leakag e
tests .

2. 4 Microscop y studie s

Sample s wer e metalize d b y sputterin g wit h Au-P d
fo r  3 0 second s an d subsequentl y observe d i n a
Hitach i  S-57 0 scannin g electro n microscop e (SEM) .
When required ,  th e sample s surface s wer e cleane d
by immersio n i n aceton e fo r  3  minute s i n a n
ultrasoni c bath .

3.  RESULTS AND DISCUSSIO N

To determin e th e effec t  o f  th e exposur e t o fue l
and t o fuel/wate r  o n th e mechanica l  propertie s o f
th e material ,  unidirect iona l  ILS S an d compressio n
strengt h specimen s wer e immerse d i n th e condition s
A t o E  show n i n Table-1 .  Thes e condition s wer e
chose n i n orde r  t o tak e int o accoun t  th e ris k o f
combine d exposur e t o fue l  an d wate r  an d th e fac t
tha t  fue l  ca n carr y a  smal l  amoun t  o f  dissolve d
water .

The weigh t  gai n o n th e traveller s wa s determine d
as a  functio n o f  tim e an d test s wer e performe d
when th e traveller s reache d th e equ i l i b r iu m f l u i d
contents ,  whic h ar e show n i n Table-2 .  Bot h ILS S
an d compressio n traveller s reache d s imi la r  f l u i d
content s unde r  condition s A  an d B  (JP 8 an d JP 8 +
water) .  Thes e f l u i d content s wer e foun d t o b e
lowe r  tha n th e e q u i l i b r i u m wate r  conten t  absorbe d
by th e traveller s whe n expose d t o wate r  a t  70° C
(conditio n C) .

Simi la r  result s hav e bee n previousl y obtaine d [9 ]
fo r  severa l  epox y resin/carbo n fibe r  composite s
wher e wate r  an d aviat io n f lu id s uptake s wer e com -
parativel y studied .  Thes e result s see m t o indicat e
tha t  th e affinit y o f  resin s fo r  fue l  i s lowe r  tha n
th e affinit y fo r  water .  I n fact ,  whe n specimen s
previousl y saturate d wit h fue l  a t  70° C ar e place d
i n wate r  a t  70° C (condition s D  an d E  o f  Table-1 )
the y increas e thei r  weigh t  gai n u p t o a  ne w equi -
l i b r i u m leve l  (Table-2) .  Thi s e q u i l i b r i u m level ,
whic h i s  s imi la r  fo r  bot h ILS S an d compressio n
specimens ,  i s lowe r  tha n th e su m o f  th e i n d i v i d u a l
A +  C  o r  B  + C  conditions .

The result s o f  th e mechanica l  tests ,  carrie d ou t
at  70°C ,  o n conditione d an d referenc e specimen s
ar e summarize d i n Table-3 .

EXPOSURE
CONDITIONS

A:  JP 8 (70°C )

B:  JP 8 +  wate r
(70°C )

C:  Wate r  (70°C )

D:  A  +  C  (70°C )

E:  B  +  C  (70°C )

Reference :
withou t
condi t ion in g

FLUI D CONTENT (%)

UNIDIRECTIONAL
ILS S TRAVELLERS

0.4 8

0.5 5

1.3 6

1.4 0

1.4 0

COMPRESSION
TRAVELLERS

0.6 1

0.5 5

1.4 1

1.4 7

1.4 7

MOISTURE CONTENT (% )

0.2 0 0.4 5

Thes e result s sho w a  decreas e i n th e ILS S value s
obtaine d fo r  th e specimen s kep t  unde r  condition s A
t o E  whe n compare d t o referenc e specimens .  Thi s
dro p i s les s pronounce d fo r  th e specimen s condi -
tione d i n JP 8 an d i n JP 8 +  wate r  tha n fo r  th e res t
of  th e specimens .  Th e ILS S value s obtaine d fo r  th e
sample s unde r  thes e condit ion s ar e ver y s imi lar ,
whic h indicate s tha t  th e presenc e o f  a  smal l
amount  o f  wate r  i n th e fue l  doe s no t  see m t o hav e
any influence .  Ident ical ly ,  th e exposur e t o fue l
previou s t o th e immersio n i n wate r  ha s no t  influenc e
as i t  i s  show n b y th e ILS S value s obtaine d fo r  th e
specimen s unde r  condit ion s C ,  D  an d E .

The compressio n strengt h value s decreas e i n th e
sample s expose d t o wate r  (conditio n C )  o r  t o fue l
and wate r  (condition s D  an d E) .  When th e sample s
hav e bee n expose d onl y t o fue l  (condition s A  an d B )
ther e i s onl y a  l i t t l e effec t  o n th e compressio n
strengt h va lue ,  compare d t o th e referenc e one .  I t
has t o b e remarke d tha t  th e f lu i d content s o f  th e
compressio n specimen s afte r  bein g expose d t o con -
dit ion s A  an d B  ar e onl y a  bi t  highe r  tha n th e
moistur e conten t  o f  th e referenc e specimen s
(Table-2) .

Table-3 :  ILS S an d compressio n strengt h value s
obtaine d a t  70° C o f  Hercule s AS-4/855 2
afte r  bein g expose d t o condition s A  t o E .
Referenc e value s ar e included .

EXPOSURE CONDITIONS

Reference :
withou t  cond i t ion in g

A:  JP 8 (70°C )

B:  JP 8 +  water(70°C )

C:  Wate r  (70°C )

D:  A  +  C  (70°C )

E:  B  +  C  (70°C )

UNIDIRECTIONAL
ILS S (N/mm2 )

96. 0

89. 4

88. 9

68. 5

70. 6

69. 3

COMPRESSION
STRENGTH

(N/mt|2 )

1476. 6

1404. 8

1451. 9

1268. 8

1333. 3

1314. 2
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The ILS S an d compressio n strengt h values ,  obtaine d
at  70°C ,  hav e bee n represente d versu s th e f l u i d
conten t  of  the  specimen s (eithe r  fuel ,  wate r  or
th e mixtur e o f  both )  (Figure-3) .  I t  ca n b e observe d
tha t  bot h mechanica l  propertie s decreas e a s a
functio n o f  th e f l u i d conten t  o f  th e material .  Th e
interaction s fuel-resi n an d water-resi n see m t o
produc e a  plast ic izat io n o f  th e materia l  whic h
affect s th e mechanica l  propertie s i n th e sam e
amount ,  provide d tha t  th e f l u i d content s (eithe r
fue l  o r  water )  o f  th e specimen s ar e th e same .  A
recen t  stud y [5 ]  carrie d ou t  o n thre e type s o f
epox y resin/carbo n fibe r  composite s ha s show n a
decreas e i n th e flexura l  strengt h o f  specimen s
immerse d i n fue l  a t  82°C ,  bu t  th i s ha s bee n attri -
bute d t o a  degradatio n o f  th e matrix-fibe r  inter -
fac e instea d o f  a  matri x  plast ic izat ion .

A secon d serie s o f  evaluat ion s wa s performe d t o
ascertai n th e effec t  o f  th e exposur e t o differen t
JP8/additiv e mixture s (condition s G  t o K  o f  Table-1 )
on th e ILS S values .

I n orde r  t o reproduc e a s clos e a s possibl e th e
materia l  i n servic e condit ions ,  ILS S test s wer e
carrie d ou t  o n coupon s wit h a  quasi- isotropi c
configuratio n (se e Experimenta l  Procedures )  s im i l a r
t o th e on e use d i n th e fue l  tan k skin .  Further ,
th e sample s wer e immerse d i n som e JP8/additiv e
mixture s an d subjecte d t o therma l  cycles ,  fo l lowin g
th e schem e show n i n Figure-1 .

Table- 4 show s th e ILS S value s a t  70° C obtaine d
afte r  20 0 an d 50 0 cycles .  N o change s i n thes e
value s ca n b e observed ,  whe n compare d t o th e
referenc e ones .

Fro m thes e experiment s i t  ca n b e conclude d tha t
th e ILS S i s affecte d main l y b y th e stati c immersio n
or  direc t  contac t  wit h fue l  and/o r  wate r  a t  7U°C ,
w h i l e th e exposur e t o fue l  an d therma l  cycle s doe s
not  produc e a n appreciabl e variatio n i n th e ILS S

Table-4 :  ILS S value s obtaine d a t  70° C o f  Hercule s
AS-4/855 2 afte r  bein g immerse d i n JP8 /
addi t iv e mixture s an d subjecte d t o therma l
cycles .  Referenc e va.lue s ar e included .

EXPOSURE CONDITIONS

Reference :
withou t  condi t ionin g

G:  JP 8 +  Wate r

H:  JP 8 +  Ant i - i c in g

I :  JP 8 +  Ant i-oxidan t

J :  JP 8 +  Anti-stati c

K:  JP 8 +  Anti-fung i

NUMBER
OF

THERMAL
CYCLES

—
200
500
200
500
200
500
200
500
200
500

MULTIDIRECTIONAL
ILS S (N/mm2 )

80. 0

86. 0
85. 0
82. 8
86. 4
78. 5
82. 6
82. 4
83. 8
82. 1
82. 0

values .  A s i t  i s show n i n "able-2 ,  th e moistur e
conten t  o f  referenc e specimen s ar e onl y s l i gh t l y
lowe r  tha n th e fue l  conten t  o f  specimen s conditione d
i n fue l  o r  i n fue l  +  wate r  (condition s A  an d B) .
Therefore ,  th e fue l  conten t  o f  specimen s unde r
therma l  cycles ,  instea d o f  conditione d a t  70°C ,
coul d b e expecte d t o b e s imi la r  t o th e moistur e
conten t  o f  th e referenc e specimens .  Thi s fac t  coul d
explai n th e n o variatio n o f  th e obtaine d ILS S
values .

The evolut io n o f  th e damag e are a i n impacte d panel s
immerse d i n wate r  an d i n fuel/addit ive s mixture s
and subjecte d t o therma l  cycle s wa s subsequentl y
investigated .  Fo r  that ,  sample s wer e impacte d a t
an energ y o f  12. 5 J/m m an d inspecte d v i s u a l l y an d
ultrasonicall y t o evaluat e th e exten t  o f  damage .
Then ,  the y wer e immerse d i n f lu id s F  t o K  (Table-1 )

100.0 i
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•̂N 90.0 \

C 85.0 \

\ i
5. 80-° i

c/j 75-°)
70.0 •!

65.0 \

60.0
0.6 6 ''' '  b.4 6 i'.66 '  i'.s 6
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Figure-3: Var iat ion of ILSS and compression strength values of
Hercules AS-4/8552 as a function of the f luid content
of the specimens.
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Figure- 4 SE M photograp h o f  th e surfac e o f  a n Hercule s AS-4/855 2
specime n (a )  expose d t o a  cultur e o f  microorganism s i n
JP8/wate r  an d (b )  afte r  h a v i n g bee n wipe d wit h acetone .

and subjecte d t o therma l  cycles ,  a s th e on e repre -
sente d i n Figure-1 .  F i n a l l y ,  afte r  50 0 cycles ,  th e
sample s wer e inspecte d again .

The compariso n o f  th e ul t rasoni c C-Sca n records ,
befor e an d afte r  th e exposure ,  showe d n o va r i a t i o n
i n th e damag e area ,  excep t  fo r  th e sample s immerse d
i n water .  Fo r  thes e specimen s a n apparen t  decreas e
of  th e damag e are a coul d b e observe d probabl y du e
t o trappe d water ,  wnic n act s a s a  transmitte r  o f
th e ultrasoni c wave .  I n fact ,  whe n thes e sample s
wer e subsequentl y  dr ie d i n a n ove n a t  70° C th e
damage are a recovere d it s  o r i g i n a l  size .

A d d i t i o n a l  test s t o evaluat e th e presenc e o f  fue l
leakag e throug h th e damag e are a wer e conducte d
usin g th e fixtur e describe d i n Figure-2 ,  unde r  a
nomina l  pressur e o f  0.3 4 N/mm2 ( 5 p.s.i.) .  Sample s
impacte d a t  severa l  energ y l e v e l  s ,  rangin g fro m
1 J/m m t o 1 0 J/mm ,  wer e analyzed .  Fue l  leakag e
throug h th e damag e are a i s no t  observe d i n panel s
impacte d a t  3. 3 J/mm .  However ,  a t  a n energ y leve l
of  6. 6 J/m m a  fue l  permeabi l i t y wa s detected .  T o
properl y evaluat e thes e results ,  othe r  composit e
mater ia l s w i t h resin s o f  severa l  categories ,
i n c l u d i n g no t  toughened ,  toughene d an d b ismale imid e
resins ,  wer e tested .  A l l  y ielde d comparabl e
results ,  w i t h th e appareanc e o f  fue l  leakag e a +.  a n
impac t  energ y o f  6. 6 J/mm .  I t  ha s bee n reporte d
[10 ]  tha t  a l u m i n i u m panel s sho w a  s i m i l a r  behaviou r

As th e f ina l  ste p o n th e stud y o f  th e behaviou r  o f
Hercule s AS-4/855 2 i n contac t  w i t h f u e l ,  m u l t i -
directiona l  ILS S an d impacte d specimens ,  a s wel 1
as som e sample s fo r  microscop y studies ,  wer e
immerse d fo r  25 0 day s i n a  cul tur e o f  microorga -
nisms ,  whic h compositio n ha s bee n describe d i n
Experimenta l  Procedures ,  an d kep t  a t  28° C an d
35% RH.  ILS S test s a t  70° C wer e performe d afte r
th i s perio d an d a n averag e va l  u e o f  76. 4 N/mm^
was obtained ,  wh ic h i s ver y clos e t o th e v a l u e ob -
taine d fo r  th e referenc e specimen s (se e Table-4) .

On th e othe r  hand ,  a  decreas e i n th e damag e are a
of  tn e impacte d specimen s wa s observe d afte r  th e
exposur e t o th e culture ,  whic h coul d b e attribute d
t o trappe d wate r  i n th e impacte d area .  A s i t  ha s
been previousl y described ,  afte r  dryin g tn e sam -
ple s i n a n ove n a t  70° C fo r  1 5 days ,  th e or ig ina l
damage are a wa s recovered .

F i n a l l y ,  som e sample s immerse d i n th e cul tur e o f
microorganism s wer e observe d b y scannin g electro n
microscopy .  Tn e surfac e o f  th e specimen s appeare d
covere d b y microorganism s (Figure-4a) ,  bu t  afte r
w i p i n g th e surfac e wit h acetone ,  n o damag e o r  al -
teratio n o f  th e mate r ia l  coul d b e observe d
(Figure-4b) ,

4.  CONCLUSIONS

The effec t  o f  th e exposur e t o fue l  o n th e mechan i
ca l  propertie s o f  Hercule s AS-4/855 2 ha s bee n foun d
t o depen d o n th e exposur e cond i t i ons .  Thus ,  stati c
immersio n o n JP 8 a t  70° C produce s a  decreas e o n
th e I'.S S an d compressio n strengt n va lue s o f  tn i s
mater ia l ,  w h i l e specimen s immerse d i n JP8 /
addi t ive s mixture s a t  th e ind ica te d concentration s
and subjecte d t o therma l  cycles ,  kee p pract ica l l y
invar iab l e thei r  ILS S value .  Th e mechanis m o f  pro -
pertie s degradatio n b y th e exposur e t o fue l  ap -
pear s t o b e a  p l a s t i c i z a t i o n o f  th e m a t r i x ,
d i rect l y related ,  therefore ,  t o th e f l u i d conten t
of  th e specimens .

However ,  th e dro p i n th e mechan ica l  propertie s du e
t o th e contac t  wit h fue l  ha s bee n foun d t o b e les s
pronounce d tha n th e on e produce d b y th e exposur e
t o water .  Thi s ca n b e at t r ibute d t o th e highe r  af -
f init y o f  th e resi n fo r  th e wate r  tna n fo r  th e
fue l  o r  fue l  mixtures .

Othe r  properties ,  suc h a s th e damag e growt h an d
detectabi1 i t y i n impacte d samples ,  ar e no t  affect -
ed b y th e exposur e o f  th e materia l  t o
JP8/additive s mixture s an d therma l  cycles .  Fue l
leakag e wa s foun d no t  t o tak e plac e i n panel s im -
pacte d a t  3. 3 J/mm .  A t  a n energ y leve l  o f  6. 6 J/m m
a fue l  permeabi l i t y  wa s detected .  Thi s behaviou r
i s s i m i l a r  t o th e on e observe d i n otne r  composit e
material s an d a l u m i n i u m alloys .

The exposur e t o a  JP8/wate r  solut io n wher e a  cult -
ur e o f  microorganism s wa s mad e gro w neithe r  cau s
es an y effec t  i n th e materia l  properties .

The inves t iga t io n reporte d here ,  coverin g severa l
aspect s o f  th e mater ia l  performanc e unde r  diffe -
ren t  exposur e condit ions ,  ha s show n th e su i ta -
b i l i t y o f  Hercule s AS-4/855 2 fo r  th e manufacturin g
of  structura l  element s i n direc t  contac t  wit h fue l
an d fue l /add i t i ve s mixtures .
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ENVIRONMENTAL DEGRADATION O F HIG H TEMPERATURE COMPOSITES

R.  C .  Cochra n T .  M.  Donnella n R .  E .  Trabocc o
Nava l  Ai r  Developmen t  Cente r
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Summary

A stud y wa s performe d t o asses s th e
effec t  o f  galvani c corrosio n phenomen a o n
th e strengt h o f  graphl te/b lsmalelmide(BMI )
composites .  Th e result s Indicat e tha t
degradatio n ocurre d I n BMI  composi te s
galvanlcall y  couple d t o a luminu m alloys .
The mechanis m responsibl e fo r  th e
degradat io n Involve s hydroxy l  io n
generatio n I n th e cathodi c reaction .
Optica l  an d electro n microscop y o f  th e
surfac e o f  couple d specimen s showe d a  grea t
dea l  o f  crackin g an d deter iorat io n o f  th e
resin .  Thi s phenomeno n i s though t  t o b e
associate d wi t h stresse s i n th e resi n
impose d b y therma l  o r  chemica l  processes .
Thes e crack s ma y b e a n Indicatio n tha t  th e
mechanis m o f  degradat io n i s no t  simpl y th e
hydrox l  attac k o n th e resi n bu t  a
combinatio n o f  chemica l  an d mechanica l
attack .  Composi te-aluminu m materia l
couple s wer e expose d t o sal t  water/fue l
solution s an d t o sal t  spra y environmen t  an d
the n composi t e propert ie s wer e determined .
Conventiona l  protect io n scheme s wer e
evaluated .  Th e result s Indicate d tha t  th e
performanc e retent io n wa s tes t  specifi c an d
tha t  bearin g test s wer e mos t  sensit iv e t o
th e galvanicall y induce d degradat ion .
Significan t  bearin g strengt h los s wa s foun d
when th e protectio n scheme s failed .  I n
addi t ion ,  a  systemati c stud y o f  th e
electrochemica l  condit ion s whic h wer e mos t
importan t  i n contro l  o f  th e degradat io n
rate s wa s performed .

Introduct io n

Hig h tempera tur e composi te s offe r
signif ican t  weigh t  saving s ove r
conventiona l  mater ial s suc h a s stee l  an d
ti tanium .  Imid e base d composi te s ar e th e
onl y organi c matri x material s tha t  hav e
bee n demonstrate d fo r  appl icat ion s i n th e
149° C (300°F )  t o 28 8 C  (55 0 F )  region .  Th e
chemica l  st ructur e o f  th e resi n determine s
th e materia l  operat in g temperature .
Polymer s base d o n bismaleimide(BMI )  an d
condensatio n poly imid e chemistr ie s (figur e
1)  hav e bee n develope d fo r  engin e an d
alrfram e components .  I n man y case s th e
imld e base d composi t e i s i n d i rec t  contac t
wit h stee l  o r  aluminum .  I n a  recen t
laborator y tes t  program ,
graphl te /b ismale imid e composi te s immerse d
i n sal t  wate r  whil e I n contac t  wi t h a  meta l
wer e observe d t o degrade .  Thi s degradat io n

resulte d I n remova l  o f  resi n an d
delaminat io n o f  th e compos i t e w i th i n
severa l  days .

Becaus e o f  th e importanc e o f  po ly imid e
composi te s fo r  Nav y app l ica t ion s a  progra m
was in i t ia te d a t  NADC t o examin e th e
degradat io n phenomena .  Th e Navy' s ef for t s
hav e focusse d o n evaluat io n o f  th e severit y
of  th e degradat io n i n existin g an d emergin g
aircraft ,  deve lopmen t  o f  a  methodolog y t o
m i t i ga t e th e phenomeno n an d o n
ident i f icat io n o f  th e degradat io n
mechanisms .  Th e p rogra m wa s per forme d i n
thre e tasks ,  speci f ical l y sal t  fo g
exposure ,  cleanin g flui d exposur e an d
electrochemistry .  Sal t  fo g an d sal t  wate r
exposure s wer e use d t o evaluat e th e
severi t y o f  th e proble m an d t o evaluat e
current l y use d protect io n schemes .  Thes e
exper iment s use d specime n design s i n whic h
compos i te s wer e electr ical l y couple d t o
metal .  E lect rochemist r y exper iment s wer e
use d t o asses s th e importanc e o f  specif i c
exposur e var iab le s I n th e degradat io n
proce s s  .

Backgroun d

The effec t  o f  wate r  o n polyme r  matr i x
g raph i t e composi te s i n th e flee t  i s  a
reduct io n o f  th e therma l  s tab i l i t y  o f  th e
mater ia l .  Thi s effec t  i s  a  wel l
characterize d revers ib l e p last ic izat io n
process .  Mo is tu r e i s als o know n t o caus e
corrosio n i n meta l  a i rcraf t  components .
The Nav y spend s considerabl e t im e an d
effor t  o n corrosio n maintenanc e o f  th e
meta l  a i rcraf t  I n th e shipboar d
environment .  On e for m o f  corrosio n i s
cause d b y th e electr ica l  couplin g o f  tw o
diss imi la r  metals .  Galvani c corrosio n
occur s whe n ther e i s a  di f ferenc e I n th e
electrica l  potent ial s o f  tw o conduct in g
mater ia l s expose d i n a  corrosiv e solution .
I n th e couple ,  th e mor e corrosio n res is tan t
mater ia l  become s th e cathod e wher e
reduct io n react ion s occu r  whi l e th e othe r
mor e act iv e mater ia l  become s th e anod e
wher e ox idat io n react ion s tak e place .  Th e
cathodi c reactio n tha t  occur s depend s o n
th e solutio n condit ions .  I n neutra l  o r
basi c solut ions ,  th e reactio n i s th e
reduct io n o f  wate r  an d oxyge n t o produc e
hydroxy l  ions .  Graph i t e i s cathodi c t o
aluminu m an d stee l  an d composi te s ut i l iz in g
thi s typ e o f  re inforcemen t  wil l  caus e
corrosio n o f  thes e meta l s whe n the y ar e
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connecte d electrically .  Thi s electr ica l
coupl in g i n st ructura l  component s I s
usuall y accompl ishe d eithe r  throug h th e
fastener s use d t o a t tac h compos i t e skin s
t o meta l  subst ructur e o r  throug h adhesiv e
bon d s  .

Graphi t e composi t e dr ive n corrosio n
of  a i rcraf t  s t ructura l  alloy s ha s bee n
studie d prev ious ly .  Fische r  an d
DeLuccia(l )  measure d a  larg e 1  vo l t
potent ia l  d i f ferenc e betwee n
graphi te/epox y composi te s an d 707 5
aluminu m alloys .  Thi s potent ia l  prov ide d
th e dr iv in g forc e fo r  extensiv e corrosio n
of  th e alloy .  Mechanica l  testin g o f  th e
couple s Indicate d tha t  th e corrosio n wa s
responsibl e fo r  signif ican t  st rengt h los s
i n th e a luminu m components .  Add i t iona l
ef for t s hav e examine d th e ef fect ivenes s
of  va r iou s protect io n scheme s fo r  th e
prevent io n o f  galvani c corrosion .
Thompson ,  Whi t e an d Snide(2 )  repor te d
tha t  protect io n scheme s whic h consiste d
of  coat ing s o n th e compos i t e an d th e
metal ,  sealan t  o n th e fayin g surfac e an d
aroun d th e fastener ,  an d a  f iberglas s
barrie r  pl y dramat ica l l y reduce d th e
corrosio n foun d I n unprotecte d couples .
Thes e author s cautione d tha t  th e
protect io n scheme s wer e onl y ef fect iv e i f
al l  surface s wer e coate d an d i f  th e
sealan t  layer s wer e no t  porous .
Similarly ,  DeLucci a an d Brown(3 )  foun d
tha t  isolatio n coat ing s s igni f icant l y
reduce d th e galvani c corrosio n induce d
fat igu e strengt h los s i n a luminu m alloys .
I n al l  o f  th e wor k descr ibe d i n th e
l i te ra tur e ther e wa s n o Indicat io n o f
degradat io n o f  th e epox y resin s use d i n
th e composi te .

The degradat io n o f  imid e polymer s
throug h hydro lys i s b y mois tur e o r  base s
ha s bee n s tud ie d b y a  numbe r  o f  workers .
Stron g base s at tac k th e Imid e grou p i n
th e polyme r  s t ruc tu r e an d produc e aml c
aci d salt s an d amine s f igur e 2 .  Th e mos t
wide l y studie d mater ia l  ha s bee n Kapto n
wir e insulation .  Environmenta l  factor s
suc h a s temperature ,  stress ,  mois tur e
concentrat io n an d bas ic i t y hav e al l  bee n
foun d t o affec t  degradat io n rates .  Th e
actua l  mechanis m responsibl e fo r  th e
degradat io n observe d ha s als o bee n
addressed .  Askins(4 )  modelle d th e
degradat io n phenomen a wi t h a n arhenniu s
re la t ionsh i p an d furthe r  foun d tha t  th e
strengt h los s i n th e mater ia l  followe d a n
exponentia l  decay ,  f i rs t  orde r  reactio n
typ e response .  Wol f  an d Soloman(S )
showe d tha t  unde r  speci f i c  exposur e
condi t ions ,  hydrolysi s rate s coul d b e
signi f icant l y reduce d throug h annealin g
of  th e polyme r  pr io r  t o exposure .  Thes e
author s speculate d tha t  th e degradat io n
coul d b e a  mechanochemica l  process .

Discussio n o f  Exper imenta l  Resul t s

Evaluat io n o f  Galvani c Degradat io n
Processe s

Exposur e Specime n Study .  Th e
ini t ia l  ef for t  i n t h e p r o g r a m wa s th e
ver i f i ca t io n o f  th e result s repor te d
regardin g th e degrada t io n phenomena .  A
se t  o f  specimen s wa s fabr icate d w i t h U .

S.  Polymeri c AS-4/V-378 A coupon s
connecte d t o 202 4 T- 6 a l um inu m coupon s o f
th e sam e dimensions .  Th e specime n siz e
use d wa s 7. 5 c m x  1.2 5 c m x  . 2 c m ( 8 pl y
quas i  Isotropi c laminate) .  Th e compos i t e
an d A l  wer e t ie d togethe r  wi t h a  nylo n
str ing .  Thre e sample s wer e place d I n
glas s jar s containin g var iou s
combinat ion s o f  JP- 5 (je t  fuel )  an d 3.5 %
NaCl  solut ion .  Th e combinat ion s Include d
a 50/5 0 mi x o f  JP- 5 an d neutra l  sal t
water ,  a  50/5 0 mi x o f  JP- 5 an d p H 2  sal t
wate r  an d a  ja r  hal f  fil le d wi t h neutra l
sal t  water .  A  fort h ja r  wit h a  50/5 0 mi x
of  sal t  wate r  an d JP- 5 wa s mad e u p w i t h
onl y th e compos i t e sampl e i n it .  Thes e
jars Qwer e place d i n a n ove n a t  82° C
(18 0 F) .  Th e jar s wer e remove d a t  2 4
hou r  Interval s an d th e sample s wer e
observed .  Th e tota l  exposur e perio d wa s
fou r  days .

The firs t  observat io n regardin g
thes e expose d sample s wa s tha t  ther e wa s
degrada t io n o f  th e compos i t e i n a  shor t
perio d o f  t ime .  Th e t yp e o f  attac k
var ie d dependin g o n th e natur e o f  th e
solution .  Specimen s i n water/ fue l
solut ion s showe d a n effec t  whic h wa s
concentrate d i n th e interfac e betwee n th e
fluids .  Ove r  a  perio d o f  t ime ,  th e
affecte d zon e gre w u p th e edg e an d i n
toward s th e cente r  o f  th e specimen .
Specimen s hal f  Immerse d I n wate r  showe d a
mor e genera l  attac k ove r  th e por t io n o f
th e spec ime n abov e th e wate r  surface .
Al l  o f  th e degradat io n occurre d o n th e
surfac e oppos i t e th e matin g surfac e o f
th e specimens .  Th e degradat io n wa s
evidence d f i rs t  b y a  l ightenin g o f  th e
surfac e an d the n exposur e o f  bar e f ibers .

The sampl e expose d t o th e p H 2
so lu t io n showe d simi la r  degradat io n t o
th e p H 7  expose d sample .  Thes e p H 2
specimen s wer e no t  expecte d t o degrad e i n
th e sam e manne r  a s thos e expose d t o
neutra l  wate r  sinc e th e natur e o f  th e
reduct io n reaction s i n aci d an d neutra l
so lut ion s ar e d i f fe ren t  an d als o becaus e
th e lo w p H solut io n wa s expecte d t o reac t
w i t h an y hydrox l  ions .  A  measuremen t  o f
th e p H o f  thi s sal t  solutio n showe d tha t
i t  ha d increase d t o 4. 8 dur in g th e
exposur e t ime .  Th e p H increase d du e t o
th e p roduc t io n o f  a luminu m hydroxide .
Thes e observat ion s indicat e tha t  hydroxy l
attac k i s no t  th e onl y Importan t  featur e
of  th e degrada t io n phenomena .  I t  als o
shows th e Impor tanc e o f  th e loca l
solut io n chemis t r y I.e. ;  th e chemis t r y o f
th e environmen t  wher e deg rada t i o n occurs .
I n th e sample s expose d t c onl y sal t
wa te r ,  th e degradat io n d i d no t  appea r  t o
be a s severe ,  howeve r  I t  covere d a  muc h
large r  are a tha n th e fue l  wate r  samples .
The degradat io n wa s no t  v i s i b l e unt i l  4 8
hour s o f  exposure .

The secon d o b s e r v a t i o n mad e wa s tha t
th e a luminu m attache d t o th e degrade d
c o m p o s i t e specimen s ha d considerabl e
surfac e corrosion .  Th e corrosio n
appeare d t o b e qua l i t a t i ve l y s imi la r  t o
tha t  repor te d b y Fische r  an d D e
Luccia (  1 )  .
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Af te r  4  day s o f  exposur e th e sample s
wer e remove d fro m th e solution s an d
inspecte d wi t h opt ica l  an d scannin g
electro n microscopy(SEM) .  Examinat io n o f
th e water/ fue l  expose d specimen s showe d
tha t  th e resi n ha d bee n completel y
remove d fro m th e f iber s o n th e surfac e I n
th e are a jus t  abov e th e interface .  Th e
resi n highe r  u p th e specimen s i n th e fue l
phas e bu t  stil l  i n th e affecte d zon e wa s
cracke d an d f iber s wer e v i s i b l e belo w th e
surface .  SE M micrograph s fro m thre e
area s ar e show n i n f igur e 3 .  Th e
specimen s expose d t o onl y wate r  ha d muc h
les s expose d f iber ,  howeve r  th e crack s
an d chippe d resi n wer e mor e v is ib l e ove r
th e surface .  Th e resi n ha d bee n thinne d
down a  grea t  dea l  o n thes e specimens .
SEMs o f  th e surfac e o f  th e wate r  fue l
sample s showe d tha t  th e resi n wa s heavil y
cracke d abov e th e degrade d area ,  f igur e
3A.  Movin g dow n th e specime n a  larg e
number  o f  roug h ch ip s wer e observe d o n
th e surfac e o f  th e specimen ,  f igure s 3B .
Finall y i n th e are a o f  g rea tes t
degradat io n ther e wer e f iber s wit h a  thi n
resi n coat ing ,  bar e f iber s an d chip s o f
resi n v is ib le ,  f igur e 3C .

The informat io n obtaine d fro m thes e
exposur e test s doe s no t  allo w
quan t i t a t i v e analysi s o f  th e degradat io n
mechanis m t o b e p rov ided .  Ther e ar e som e
insight s int o th e mechanis m tha t  ca n b e
state d base d o n th e observat ions .  Th e
degradat io n o f  th e couple d specimen s wa s
affecte d b y th e format io n o f  hydroxy l
ion s a t  th e cathod e I n th e galvani c cell .
I n th e specimen s expose d t o onl y sal t
wate r  th e thi n laye r  o f  wate r  tha t
condense d o n th e surfac e o f  th e specime n
abov e th e wate r  leve l  wa s th e
electrolyte .  Thi s thi n laye r  o f  wate r
prov ide d a n are a fo r  th e react io n t o
procee d an d allowe d th e hydroxid e ion s t o
concentrat e o n th e surface .  I n th e are a
belo w th e wate r  th e hydrox id e ion s wer e
abl e t o d i f f us e awa y fro m th e surfac e an d
no degradat io n wa s observed .  Th e sample s
expose d t o Je t  fuel/sal t  wate r  m ix tu re s
showe d a  concentrate d degradat ion .  Thi s
effec t  wa s du e t o a  concentrat io n o f
hydroxy l  ion s an d oxyge n i n th e meniscu s
betwee n th e wate r  an d fuel .  Th e hydroxy l
ion s ar e nearl y insolubl e I n th e fue l  an d
when forme d d i f fus e dow n t o th e
interface .  Th e fac t  tha t  th e aci d wate r
solut io n cause d simila r  degradat io n t o
th e neutra l  solut io n Indicate s tha t  th e
degradat io n proces s i s dr ive n b y loca l
chemica l  environments .

Evaluatio n o f  Protect io n Schemes .
The nex t  se t  o f  exper iment s per forme d
wer e designe d t o evaluat e th e
effectivenes s o f  currentl y use d
protect io n method s fo r  g raph i te /epoxy -
raeta l  couple s fo r  th e prevent io n o f  BMI
composi t e degradat ion .  Th e procedur e i s
outl ine d i n MIL-F-7179 .  Th e pro tec t io n
scheme s propose d fo r  th e graph i te /BM I
composi te s consis t  o f  a  laye r  o f
f iberg lass/BM I  cocure d o n th e surfac e o f
th e compos i t e an d epox y pr ime r  o n th e
mat in g surfac e o f  th e laminate .  A
sealan t  i s app l ie d t o th e matin g surfac e
and aroun d an y fastener s i n th e
st ruc ture .  Th e aluminu m i n contac t  wi t h

g raph i t e reinforce d compos i te s I s
anodize d an d pr ime d wit h epox y pr imer .
Ther e wer e thre e screenin g s tud ie s
performe d whic h examine d th e effec t  o f
specif i c  pro tec t io n scheme s o n compos i t e
strength .

The f irs t  se t  o f  specimen s
fabr icate d wer e use d t o scree n paint s an d
sealant s fo r  thei r  abi l i t y  t o pro tec t  th e
compos i t e unde r  aggressiv e exposur e
condit ions .  Fou r  pr imers ,  a  topcoa t  an d
a on e coa t  p r imer / topcoa t  wer e evaluated .
The coat ing s evaluate d included ;  MIL-P -
2337 7 solven t  base d epox y p r imer ,  MIL-P -
8558 2 wate r  base d epox y pr imer ,  Korofle x
flexibl e epox y p r imer ,  a  hig h tempera tur e
urethan e prime r  Desot o 825-009 ,  MIL-C -
8528 5 urethan e topcoa t  an d Unicoat ,  a
sel f  pr imin g to p coa t  recentl y develope d
at  NADC.  Th e composi t e specimen s wer e 1 4
pl y (+,-,0,0,+,-,90) s IM7/5250-4 .  Th e
aluminu m wa s chromat e conversio n coate d
2024-T6 .  Compos i t e an d A l  specimen s
coate d wi t h thes e mater ia l s wer e cure d
fo r  on e wee k a t  roo m tempera tu re .  Th e
compos i t e an d A l  wer e attache d usin g
t i tan iu m 6, 4 fastener s wit h A28 6 nuts .
Each coatin g wa s evaluate d wi t h n o
sealant ,  a n inhibi te d sealan t  an d a n
uninhibite d sealant .  Th e couple d
specimen s wer e Immerse d t o hal f  heigh t  i n
neutra l  sal t  wate r  (̂ .5 % NaCl )  an d
expose d a t  82° C (18 0 F) .  Th e specimen s
wer e remove d fro m th e ove n an d v isua l l y
Inspecte d onc e a  da y fo r  7  days .  Af te r  7
day s th e specimen s wer e remove d fo r
test ing .  Th e e f fec t s o f  thi s exposur e o n
th e specime n surfac e condit io n ar e show n
i n f igur e 4 .  Th e unprotecte d couple d
specimen s use d a s control s completel y
de laminate d af te r  7  days .  Th e othe r
pain t  scheme s showe d var iou s amount s o f
degradat io n fro m non e fo r  th e urethan e
pr ime r  t o sever e fo r  th e wate r  base d
pr ime r  an d koroflex .  Th e us e o f  to p
coat s improve d th e surfac e appearanc e
compare d t o th e pr ime r  alone .  Th e
Unicoa t  prov ide d a  hig h leve l  o f
p ro tec t ion .  On e surpr is in g findin g wa s
tha t  th e sealant s di d no t  af fec t  th e
amount  o f  bl ister in g observed .  Th e
p r i m e r s b l is tere d t o th e sam e degre e wi t h
inhibi te d an d uninhibite d sealant .  Th e
compos i t e specimen s wer e teste d i n 4
poin t  flexur e AST M D79 0 a t  roo m
temperature .  Th e result s ar e g ive n i n
tabl e 1 .  Thes e result s sho w tha t  th e
flexur e st rengt h correlate d wi t h th e
amount  o f  degradat io n observe d o n th e
surface .  However ,  th e flexur e strengt h
of  th e specimen s whic h ha d inhibi te d
sealan t  wa s highe r  tha n thos e whic h ha d
uninhibite d sealant .  A n observat io n o f
th e mos t  severel y degrade d sample s showe d
tha t  th e pr ime r  ha d f iber s embedde d I n
it ,  thi s wa s evidenc e tha t  th e pr ime r
bonde d t o th e surfac e however ,  du e t o
degradat io n o f  th e resin ,  f iber s an d
pr ime r  wer e l i f te d fro m th e surface .

The nex t  se t  o f  specimen s wer e
fabr icate d t o evaluat e th e effect s o f
f iberglas s surfac e plies ,  sealan t  an d
hig h temperatur e agin g o f  th e paint .  Th e
sample s use d fo r  th i s stud y wer e 2 4 pl y
(0,90 )  IM-7/5250-4 .  Th e aluminu m wa s .3 2
cm (.125in. )  2024-T 6 sheet .  Th e
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composi t e an d aluminu m specimen s wer e 2. 5
cm X  1 0 cm .  ( 1 X 4 in.) .  A  MIL-S-8543 0
polysul f ld e sealan t  wa s appl ie d t o th e
fayin g surfac e an d th e fastener s wer e
coate d wi t h uninhib i te d po lysu l f id e
sealan t  befor e instal lat ion .  Tw o .46 8 c m
(3/1 6 inch )  hole s wer e dr i l le d on e hal f
inc h fro m th e edge s o f  th e specimens .
The sample s wer e connecte d usin g t i t an iu m
6, 4 allo y bol t s w i t h a n A28 6 allo y nut .
The assemble d specime n I s show n i n f igur e
5.  Th e tes t  matr i x use d i n thi s
evaluat io n i s show n i n tabl e 2 .  Th e
var iab le s examine d include d th e
f iberglas s ply ,  th e sealant ,  th e typ e o f
pr imer ,  an d th e condit io n o f  th e pr imer .
Speci f ical ly ,  bar e an d glas s covere d
sample s w i t h an d w i thou t  polysul f id e
sealan t  w i t h e i the r  a  solven t  base d (MIL -
P-23377 )  o r  a  wate r  base d pr ime r  (MIL-P -
85582 )  wer e evaluated .  Some o f  th e
coate d compos i t e sample s wer e hea t  age d
at  14 9 C  (30 0 F )  fo r  10 0 hour s befor e
the y wer e assembled .  A f te r  th e sealan t
ha d full y cured( l  week )  th e sample s wer e
expose d i n a  sal t  spra y chamber .  Mos t  o f
th e specimen s wer e expose d fo r  3 0 days .
I n addi t ion ,  anothe r  se t  o f  specimen s
whic h wer e fabr icate d wi t h MIL-P-2337 7
pr imer ,  MIL-C-8258 2 an d 825-00 9 hig h
tempera tu r e urathen e pr ime r  wer e expose d
fo r  9 0 days .  Th e exposur e cond i t ion s fo r
al l  o f  th e sal t  fo g specimen s confor m t o
th e AST M G-8 4 specif icat ion .

Afte r  3 0 days ,  th e specimen s wer e
remove d fro m th e sal t  spra y env i ronmen t
an d visual l y inspected .  Eac h se t  o f
sample s wa s photographe d an d the n
disassembled .  A f te r  d isassembl y th e
compos i t e sample s wer e sectione d i n half .
The sample s wer e place d i n a  bearin g
f ix tur e an d teste d i n compression .  Thi s
specime n wa s chose n i n orde r  t o tes t  th e
are a aroun d th e hole .  I t  wa s expecte d
tha t  thi s woul d b e th e mos t  vulnerabl e
are a du e t o th e bar e composi t e an d
expose d fiber s i n th e hole .

Afte r  3 0 day s o f  exposur e som e o f
th e specimen s wer e severel y b l is tered .
Sample s wi t h wate r  base d pr ime r  an d n o
sealan t  ha d th e mos t  sever e b l is ter ing .
Example s o f  specimen s wi t h an d w i thou t
glas s an d wi t h an d w i thou t  sealan t  ar e
shown i n figur e 6 .  Bl is ter s wer e v is ib l e
on al l  surfaces .  Th e glas s scri m pl y o n
th e surfac e ha d n o effec t  o n th e numbe r
of  bl isters .  Th e us e o f  a  fayin g surfac e
sealan t  w i t h wate r  base d pr ime r  ha d
l i t t l e effec t  o n th e amoun t  o f
b l is ter ing .  I n som e case s th e pr ime r
flake d of f  th e specimen s dur in g exposur e
an d test ing .  Th e are a unde r  th e pr ime r
was observe d t o b e slightl y degraded .
The p H o f  th e flui d i n th e b l is ter s wa s
measure d t o b e I n th e 1 2 t o 1 4 range .  A s
was note d above ,  th i s basi c solut io n wil l
caus e damag e t o th e BMI  resin .  Th e
solven t  base d p r ime r  provide d bet te r
protect ion ,  howeve r  b l is ter s occurre d
nea r  th e edg e o n severa l  specimens .  Th e
us e o f  a  sealan t  o n th e fayin g surfac e
an d glas s scri m reduce d th e numbe r  o f
b l is ter s o n th e wate r  base d pr ime r
specimens .  Th e edg e bl is ter s i n th e
solven t  pr ime r  sample s ar e probabl y du e
t o edg e thinnin g o f  th e pr ime r  a s i t

stretche d acros s th e corne r  o f  th e
specimen .  Th e sample s tha t  wer e hea t
age d fo r  10 0 hour s a t  149° C (300°F )
showe d n o bl is ter s fo r  e i the r  th e solven t
or  wate r  base d pr imers .  I n orde r  t o
evaluat e th e amoun t  o f  degradat io n i n th e
hol e severa l  specimen s wer e sectione d an d
microscopical l y eva luated .  Th e sample s
expose d i n sal t  spra y al l  sho w mino r
amount s o f  degrada t io n i n th e hol e area .
Ther e wa s a  qua l i t a t i v e correlat io n
betwee n th e hol e qua l i t y an d th e bearin g
strengt h o f  th e samples .

Bearin g tes t  resul t s ar e g ive n i n
tabl e 2 .  Th e dat a sho w a  decreas e fro m
th e contro l  specime n strength .  Th e
averag e fo r  th e contro l  wa s 55 0 MPa (8 0
KSI )  whil e th e couple d sample s range d
fro m 40 6 MPa (58. 9 KSI )  fo r  wate r  base d
pr imer ,  n o glas s an d sealan t  t o 51 7 MPa
(75. 0 KSI )  fo r  solven t  p r imer ,
tempera tur e aged ,  glas s surfac e pl y
samples .  Th e result s sho w tha t  th e glas s
pl y ha d l i t t l e ef fec t  o n th e bearin g
strengt h o f  th e laminate .  I n al l  case s
excep t  glas s w i t h sealan t  th e solven t
born e pr ime r  specimen s exh ib i te d highe r
strength .  Sample s w i t h sealan t  i n th e
fayin g surfac e showe d lowe r  p roper t ie s
tha n th e sample s w i thou t  sealan t  i n ever y
case .  Thi s resul t  wa s no t  expecte d sinc e
th e sealan t  i s  a n adde d laye r  o f
protect io n betwee n th e compos i t e an d
aluminum .  I t  i s  possib l e tha t  th e
sealan t  acte d t o concentrat e an y cathodi c
reactio n o n a  l im i te d are a o f  th e
compo site .

Specimen s tha t  wer e remove d afte r  9 0
day s showe d som e b l i s te r in g an d wrinklin g
of  th e pr imer .  Th e glass ,  pr imer ,
sealan t  combinat ion s ar e show n i n tabl e
3.  Th e amoun t  o f  degradat io n o n th e
surfac e wa s no t  s igni f icant l y d i f feren t
tha n th e 3 0 da y exposur e samples .
Bearin g st rengt h resul t s wer e foun d t o
besl ight l y lowe r  fo r  th e 9 0 da y exposur e
specimens .  Th e mos t  interest in g
dif ferenc e foun d wa s tha t  th e hig h
temperatur e pr ime d specimen s w i t h sealan t
ha d bearin g strength s s igni f icant l y lowe r
tha n thos e o f  unseale d specimen s (68. 0
KSI  v s 91. 0 KSI) .  Th e contro l  fo r  th i s
se t  o f  laminate s wa s 86. 0 KSI .  Thi s dat a
suppor t s th e hypothes i s tha t  th e sealan t
act s t o concentrat e th e degradat io n
proces s a t  th e hole .

The th i r d se t  o f  specimen s prepare d
fo r  exposur e wer e ope n hol e compressio n
specimens .  Thes e sample s consiste d o f  2 4
pl y (+45 ,  0 ,  -45 ,  90) .  IM-7/5250- 4
connecte d t o 202 4 T 6 a luminu m sampl e o f
th e sam e siz e wi t h a  t i tan iu m fastene r  i n
th e cente r  o f  th e specimen .  Th e coat ing s
an d isolatio n scheme s use d ar e show n i n
tabl e 4 .  Severa l  o f  th e sample s wer e
scratche d t o s imulat e a  fla w tha t  ma y
occu r  i n th e pro tec t io n schem e durin g
service .  Thes e specimen s wer e als o
expose d i n a  sal t  spra y environmen t  fo r
30 days .  Afte r  exposure ,  th e specimen s
wer e d isassemble d an d wer e teste d a t  roo m
tempera tu r e i n a n MTS tes t  machin e a t  a
rat e o f  .12 5 cm/mi n (.0 5 in/min) .
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Thes e specimen s showe d som e
blisterin g o f  th e primer .  Scratche d
sample s di d no t  sho w an y increase d
blisterin g ove r  unscratche d samples .
Area s unde r  b l is ter s an d nea r  th e
fastener s showe d som e sig n o f  resi n
damage howeve r  i t  wa s l imite d t o th e
resi n o n th e surfac e o f  th e composi te .
Tes t  result s ar e show n i n tabl e 4 .  Th e
dat a indicate d tha t  ther e wa s n o
significan t  chang e i n th e strengt h o f  th e
materia l  afte r  exposure .  No n couple d
contro l  sample s whic h wer e expose d fo r
th e sam e t im e ha d a n averag e strengt h o f
410 MPa (59. 7 KSI )  whil e th e prime d
specimen s whic h di d no t  hav e a  f iberglas s
barrie r  pl y ha d a  strengt h o f  40 0 MPa
(57. 9 KSI) .  Th e us e o f  topcoa t  an d
sealan t  provide d a  sligh t  improvemen t  i n
th e strength .

The result s o f  thi s testin g indicat e
tha t  th e amoun t  o f  composi t e tha t  I s
effecte d b y th e degradat io n i s smal l  fo r
thi s typ e o f  exposure .  Specime n design s
whic h tes t  th e mechanica l  integrit y o f
th e expose d surface s ar e mos t  sensit iv e
t o th e degradatio n phenomena .  Th e
bearin g strengt h i s dependen t  o n th e
qualit y o f  th e materia l  I n th e hol e wher e
th e degradatio n proces s i s concentrated .
The compressio n strengt h wa s no t  affecte d
becaus e th e smal l  amoun t  o f  degradat io n
was insignifican t  i n th e tes t  geometry .

Electrochemistr y

I n a n effor t  t o determin e whic h
variable s i n th e proces s mos t  strongl y
effec t  th e rat e an d severi t y o f
degradation ,  a  factoria l  tes t  matri x wa s
developed .  A n electrochemica l  cel l  wa s
use d t o expos e th e BMI  composit e t o
variou s environments .  Th e var iable s
evaluate d include d sal t  concentration ,
oxyge n concentration ,  pH ,  time ,  curren t
densit y an d temperature .  Tw o level s o f
eac h var iabl e wer e evaluated .  Th e level s
of  eac h variabl e wer e a s follow s :  Sal t
concentratio n . 1 an d 3.5% ,  aerate d an d
dearate d water ,  p H 7  an d H, ol  and Q4 da y
expo'sure ,  temperature s o f  2 5 C  (7 5 F )  an d
83 C  (180°F )  an d curren t  densit ie s o f  4 0
and 16 0 micr o amp s pe r  squar e centimeter .
The specime n consiste d o f  a  2 4 pl y 5250- 4
composite .  Electrica l  connectio n wa s
made t o th e composi t e b y drillin g a  hole ,
sandin g bot h surface s t o expos e f ibers ,
coatin g th e hol e an d are a aroun d i t  wit h
silve r  fille d pain t  an d installin g a
stee l  nu t  an d bol t  wit h th e wir e lead .
The tes t  are a wa s the n maske d of f  an d th e
specimen s prime d wit h epox y pr ime r  an d
topcoate d wit h urethan e paint .  Thre e
sample s wer e expose d a t  eac h condit io n
liste d i n tabl e 6 .  Th e tes t  cel l  wi t h
th e specime n i s show n i n figur e 7 .  Th e
composit e specime n wa s th e cathod e an d
th e platinu m mes h electrod e th e anode .
Thi s cel l  allowe d th e dupl icat io n o f  th e
reaction s i n th e freel y corrodin g cell .
Each tes t  wa s replicate d thre e t ime s t o
eliminat e extraneou s results .

Durin g exposur e bubble s forme d o n
th e surfac e o f  th e composi t e an d i n som e
specimen s crack s an d bl ister s forme d a s
shown i n (figur e 8) .  Simila r  bl ister s

wer e observe d b y Tucke r  an d Brow n (6 )  i n
graph i te /v iny l  este r  laminate s couple d t o
steel .  Afte r  remova l  fro m th e cel l  som e
of  th e specimen s wit h l i t t l e o r  n o
bl ister s wer e observe d t o hav e turne d
l ighte r  I n color .  Afte r  exposur e th e
specimen s wer e teste d i n flexure .  Th e
resul t s ar e give n i n tabl e 5 .  Th e
result s showe d tha t  hig h current ,  h ig h
temperatur e an d lon g t ime s ha d th e
greates t  effec t  o n th e specime n
appearanc e an d flexur e strength .  Man y
bl ister s an d lo w flexur e strength s wer e
observe d fo r  specimen s expose d unde r
thes e conditions .  Reduct io n o f  th e dat a
an d determinat io n o f  significan t  factor s
was performe d o n th e flexur e results .
Thi s screenin g showe d tha t  th e var iable s
wer e ranke d i n th e followin g order ;
curren t  density ,  t ime ,  temperature ,
oxyge n concentration ,  pH ,  sal t
concentration .  Th e mos t  signif ican t
factor s wer e curren t  densi ty ,  tim e an d
temperature .  Thes e var iable s ha d greate r
tha n .9 5 significanc e level .  Ther e wa s
ver y l i t t l e interactio n betwee n an y o f
th e var iables .  Th e lac k o f  significanc e
of  th e oxyge n concentratio n i s a n
importan t  facto r  sinc e oxyge n i s require d
fo r  th e reaction .  Furthe r  stud y o f  th i s
facto r  wil l  b e carrie d ou t  i n futur e
stu d ie s .

Conclusio n

The mechanica l  propert y testin g
performe d indicate d tha t  bearin g strengt h
of  BMI  composite s wa s mos t  sensit iv e t o
th e degradatio n cause d b y galvani c
corrosion .  Observat io n o f  th e specimen s
showe d tha t  th e damag e t o th e insid e o f
th e hol e wa s slight ,  howeve r  th e effec t
on th e composit e bearin g strengt h ca n b e
significant .  Th e degradat io n whic h
result s fro m th e 3 0 da y sal t  spra y
exposur e appear s t o onl y effec t  th e
expose d surfac e o f  th e composite .
Therefore ,  th e bearin g strengt h decrease d
bu t  th e ope n hol e compressio n strengt h
was no t  affected .  Similarly ,  flexur e
test s o n specimen s expose d i n th e
electrochemica l  cel l  showe d larg e
decrease s i n strengt h whe n th e surfac e
pl y wa s bl istered .  Howeve r  whe n th e
surfac e wa s onl y discolore d ther e wa s
onl y a  minima l  los s o f  strength .

The electrochemica l  test s poin t  ou t
tha t  temperature ,  tim e an d curren t
densit y ar e importan t  factor s I n th e
degradatio n process .  Th e rat e an d
severit y o f  degradat io n ar e greatl y
effecte d b y thes e factor s whil e oxyge n
and sal t  concentratio n ha d l i tt l e effect .

The Nav y ha s deal t  wi t h corrosio n
and degradat io n i n th e past .  Method s o f
preventin g corrosio n o f  metal s an d
inspectin g fo r  corrosio n ar e par t  o f  al l
aircraf t  productio n processe s an d
maintenanc e manuals .  Degradatio n o f
imid e base d composite s i s potential l y
rapi d an d severe .  Stric t  attentio n mus t
be pai d t o materia l  selection ,
appl icat io n an d flee t  inspection .
Potentia l  primar y o r  critica l  applicatio n
of  imid e composite s mus t  conside r  th e
associate d ris k o f  galvani c degradat io n
v s alternat e materials .  Th e ris k
analysi s mus t  als o conside r  th e us e o f
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corrosio n resistan t  material s i n
structura l  component s wher e th e potentia l
exist s fo r  a  galvani c coupl e wi t h imid e
base d composites .  Th e degradat io n o f
imid e composite s structure s shoul d b e
addresse d throug h prope r  materia l
selection ,  complet e galvani c isolatio n
durin g assembly ,  an d inspectio n an d
maintenanc e i n th e fleet .  However ,  th e
inspectio n rate s an d th e repai r  processe s
require d fo r  suppor t  o f  thes e structure s
ar e unknow n a t  thi s t ime .
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Table 1 Coating/sealant flexure test results

Coating/Sealant
23377
85582
Koroflex
Urethane

Flexure Strength MPa
1585
1144
1523
1781

23377/83430
85582/83430
Koroflex/83430
Urethane/83438

1635
1583
1648
1987

23377/81733
85582/81733
Koroflex/81733
Urethane/81733

1741
1971
1866
1756

23377/85285
85582/85285
Koroflex/85285
Urethane/85285
Unicoat
Control

2035
2041
1575
1924
1894
1753
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Table 2: Bearing Results

PROTECTION SCHEME STRENGTH (MPa)
AVG S

Water based primer, sealant

Solvent based primer, sealant

Water based primer

Solvent based primer

Water based primer, sealant, glass

Solvent based primer, sealant, glass

Water based primer, temperature aged

Solvent based primer, temperature aged

Control

406

438

454

477

436

442

498

517

550

39.4

30.0

31.7

40.5

38.6

25.0

36.1

31.4

32.1

Table 3 Three month bearing test results.

PROTECTION SCHEME STRENGTH

High temperature urethane

High temperature urethane, sealant, glass

Solvent based primer, sealant glass

Control

MPa

627

469

403

593

S

27

10

21

24

Table 4: Open Hole Compression Test Results

Protection Scheme

Jare / Primer / Sealant

Glass / Primer / Sealant

3are / Primer / Topcoat

Jare / Primer / Topcoat / Sealant

Glass / Primer / Topcoat

Glass / Primer / Topcoat / Sealant

Slass / Primer / Topcoat / Sealant / Scratched

Control

Strength
AVG

399

408

407

422

398

420

432

427

(MPa)
S

16.5

3.3

12.6

15.1

14.5

13.2

15.1

18.6
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Table 5 Electrochemical test results

RUN#

1
2
3
4
5
6
7
8
9

10
11
12
13
14
15
16

SALT

%

. 1

. 1
3. 5
. 1
3. 5
3. 5
. 1
3. 5
. 1
3. 5
. 1
3. 5
3. 5
. 1
. 1
3. 5

OXYGEN

YES
NO
NO
NO
YES
YES
NO
NO
YES
NO
YES
YES
NO
YES
NO
YES

PH

7
7

1 1
1 1
11
7

11
7

11
7

11
11
11
7
7
7

TIME

DAYS

1
4
4
4
4
4
1
4
4
1
1
1
1
4
1
1

TEMP

°C

83
83
25
25
83
25
83
83
83
25
25
25
83
25
25
83

CURRENT
DENSITY
mA/cm2

40
160
160
40

160
40

160
40
40

160
160
40
40

160
40

160

FLEXURE
STRENGTH

MPa

1489
593
855
938
676

1241
710
986

1365
1248
115 2
1420
1055
972
1475
882

4.4 Bismalelmidodipheylmethan e

OUOl X0)-K0

PMR-15

Figur e 1 Chemica l structur e of bismaleimid e and polyimide .

O

Cs

N-R + 2OH

Figure 2 Imide degradation by base.
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A Above degradation

-"*- • - "*T3' i i ~~r~\\ I ———s L-
.' :;\^.

^' .

$ J--',t ' .TI. - :' - 'I*  i *^:_

B In the degrade d area

C In the degraae a area

Figur e 3 Electron micrographs of degrade d surfac e
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A Uncoated B Primer

C Primer and Uninhibited sealant D Prime r and inhibited sealan t

Figure 4 Coating evaluation specimens
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sealant

Ti bolts

A286 nut s

Figur e 5 Salt spray exposure specimen

A No glass or sealant B Glass and sealant

Figure 6 Bearing specimens after 1000 hr salt spray
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NaCI SOLUTION

Figure 7 Electrochemical cell

Figure 8 Surface of sample exposed in the electrochemical
cell
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PRISE EN COMPTE DES EFFETS DE L'ENVIRONNEMEN T SUR LE COMPORTEMEN T EN
SERVICE DES STRUCTURES PRIMAIRE S D'AVION S EN MATERIA U COMPOSITE

HISTORIQU E ET SITUATIO N ACTUELL E

Jean Rouchon
Delegation G6n6rale pour 1'Armement

Centre d'essais a£ronautique de Toulouse (CEAT)
31056 Toulouse cedex

France

RESUME

Lorsque furent envisag6es les premieres applications de
materiaux composites a ma trice organique dans les structures
travaillantes d'avions, la preoccupation majeure des
concepteurs et services officiels fut leur tenue au
vieillissement. Quelques quinze ann£es apres, 1'experience
acquise en service associee a de nombreux resultats de
laboratoire a fortement dissip6 ces craintes, tout au moins
pour les structures ne faisant pas appel & un usage extensif des
technologies de collage. Cela ne signifie pas que le
vieillissement des composites n'existe pas, mais ses
consequences sont maintenant conside're'es d'une ported
limitee et pr6visibles, c'est I dire susceptibles d'etre prises en
compte au niveau de la conception, de la certification et du
suivi en service des structures.
Cette publication retrace brievement les principales Stapes
ayant conduit a la situation actuelle, puis analyse les
differentes methodes actuellement utilise'es pour prendre en
compte ces phenomenes de vieillissement, en particulier la
determination de la concentration d'eau absorbed en service
par le composite. Cette analyse repose en grande partie sur la
base des resultats d'un programme d'exposition naturelle aux
intempeiies sous charges cyc!6es en cours au CEAT.

1. INTRODUCTIO N

phenomenes g6om6triquement definis et repute's detectables
par inspection non-destructive.
Seules les liaisons collees prdsentent une sensibilit6
particuliere au vieillissement. Les liaisons m6caniques pour
lesquelles les phenomenes de corrosion galvanique etaient
tres redoutds au depart s'averent jusqu'a maintenant, grace a
des systemes de protection relativement simples, d'une
durability satisfaisante. De meme que pour le composite
proprement dit, 1'alte'ration de la liaison collde sera
susceptible de revetir deux formes : le dommage ou plus
exactement le de'collement, et la degradation.
Le phenomene de degradation est propre aux systemes
organiques, et releve de 1'action combinee de I'humidite' et de
la temperature. Avec les composites, la degradation ne
concernera que les proprietes gouvernees par la matrice done
essentiellement la compression et le cisaillement
interlaminaire. L'experience acquise avec les epoxydes,
puisqu'il s'agit de 1'unique famille de materiau actuellement
utilisee dans les structures primaires d'avions, montre
qu'admettre une relation de type univoque entre la
concentration d'eau dans le composite et sa degradation par le
vieillissement, est une approximation consideree comme
satisfaisante au niveau du dimensionnement des structures, ou
des justifications par essais necessaires a la certification ou
homologation. Le probleme se ramene done a 1'anticipation
de la valeur maximale de cette concentration d'eau jusqu'au
retrait de service des appareils concernes, la temperature
extreme de la structure etant par ailleurs un parametre
beaucoup facile a determiner.

Le vieillissement est defini ici comme etant 1'alte'ration
progressive, en cours d'exploitation de 1'avion, des
performances structurales. Avec les materiaux metalliques, la
fatigue mecanique a i\&  consideree pendant longtemps comme
etant la cause principale de ce vieillissement, mais
1'experience recente a montre que 1'importance de la corrosion
avail 6te comparativement tres sous-estimee. Fatigue
mecanique et corrosion ne constituent pas k ce jour des
probiematiques particulieres avec les structures en composite,
mais par ailleurs, temperature et humidite se sont averees
capables d'influencer sensiblement leurs performances.
L'alt oration des structures en composite par les dommages
accidentels ne fait pas 1'objet de cet article, cet aspect est
largement developpe dans les references [1] et [2].
Le vieillissement d'une structure en composite doit etre
apprehende sous deux aspects : I'alteration des proprietes
mecaniques du composite proprement dit d'une part, et
I'alteration des fonctions d'assemblage propres aux principes
constructifs utilises (liaisons collees et/ou boulonnees)
d'autre part.
L'alteration des proprietes mecaniques du composite est
susceptible de revetir deux formes : la creation de dommages
structuraux tels qu'une fissuration interlaminaire par exemple,
et la degradation, c'est a dire la modification des proprietes
intrinseques de la matiere. A 1'inverse de la degradation qui est
un phenomene diffus, les dommages structuraux sont des

2. EXPERIENCE ACQUISE DANS LE DOMAIN E
DU VIEILLISSEMEN T DES STRUCTURES
PRIMAIRE S EN CARBONE

2.1 Experience en service

Le tableau 1 resume 1'experience acquise en service debut
1990 sur les principaux exemples d'application structurale
des composites. Pour les elements presentant une architecture
conventionnelle du type structure monolithique avec
fixations mecaniques, aucun probleme lie k un eventuel effet
du vieillissement et ndcessitant des reparations structurales
n'a ete rapporte. Quelques problemes ont ete releves avec les
structures sandwiches, ils ont ete le plus souvent le reveiateur
d'un probleme d'assurance qualite" ou d'un choix de materiau
non approprie.
Un programme specifiquement devolu a 1'etude des effets du
vieillissement en service a ete lance par le STPA et
1'Aerospatiale en 1980. Ce programme a consist̂  & monter 22
aerofreins en carbone sur certains avions du type A300B de la
compagnie AIR FRANCE, a les suivre par un programme
d'inspection non-destructive specifique, puis k les preiever i
des e'che'ances predeterminees pour mesurer leurs
caractdristiques statiques rdsiduelles. Le tableau 2 issu de la
reference [3] rdcapitule les resultats de ces essais,
actuellement disponibles sur trois aerofreins. Pas plus ces
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resultats que ceux du programme d'inspection non-destructive
ne montrent devolution sensible de ces structures due au
vieillissement. Ce programme qui doit se terminer en 1992,
s'apparente k une etude lancee par la NASA en 1973 sur 108
aerofreins de B737 et dont les resultats ont 6t6 largement
publies [4].

Element

Derive Airbus

Gouverne de
direction Airbus

VoilureVIOF

Ailerons Falcon
50 ou 900

Derive et sur-
faces mobile

M2000

Nombre

>200

>300

1

280x2

>150av.
livres

1° element
en service

depuis

1985

1983

1985

1977

1982

Nombre d'h. de
vols accumule

9000

20000

3300

565000

120000

Tableau 1

Duree de service
effective sur avion

Nombre d'atterrissages
realises

Resistance statique
residuelle

Resultat essai d'un
aerofrein neuf

Type 1
nappe carbone

60 mois

5483

3,5 CL

51 mois

5645

3,3 CL

3CL

Type 2
tissu

carbone

47 mois

4519

3,5 CL

3,6 CL

Tableau 2

Un programme equivalent de suivi en service d'eiements en
composite d'avions d'arme (ailerons Fl, derive M2000) a ete
lance par le STPA et Dassault Aviation. Ce programme arrive
maintenant aux premieres echeances de prilevement de
pieces.

2.2 Experience en essais accele>es

On se limitera dans ce domaine aux seuls essais ou il a ete
tente de simuler aussi fidelement que possible les conditions
reelles rencontrees en service, c'est a dire la combinaison de
la fatigue mecanique et du cyclage thermohygrometrique.
Debut des annees 80, le CEAT s'etait equipe de quatre
installations capables de la realisation de tels programmes :
-deux installations specialement devolues aux essais
structuraux
-deux installations adaptdes aux essais de materiau et
eprouvettes technologiques.
Plusieurs programmes ont ete realises grace a ces
installations, ceux concemant des elements de structure sont
recapitules tableau n°3.

Elements de structure ayant subi un essai
de fatigue combine a un cyclage thermo-

hygrometrique au CEAT

-Aerofrein A3008

-Aileron F50

-Aileron Mirage F:1

-Caisson de flexion/torsion V1 OF

Tableau 3

Au niveau materiaux et eprouvettes technologiques, les
principales etudes ont 6te realisees dans le cadre de
1'operation VI OF et d'un programme specifique a 1'etude de
1'influence d'un cyclage thermohygrometrique representatif
d'une mission d'avion de combat [5]. Le principe general de
ces differentes etudes 6tait de superposer un cyclage
thermohygrometrique a des solicitations de fatigue d'un
niveau representatif des solicitations effectivement
rencontrees en service (pour fixer un ordre de grandeur,
environ 30% de la resistance statique). Des exemples des
cycles realises sont represent6s figures 1 et 2 . On remarquera
que le cycle de la figure 2, representatif d'une mission d'avion
de combat, se differencie de ceilui de la figure 1, notamment
par une incursion a haute temperature simulant une croisiere a
vitesse supersonique. Les effets du vieillissement etaient
mesures au travers de 1'evolution des performances statiques
des eprouvettes entre 1'etat repute neuf et 1'etat vieilli , le tout
assorti d'un programme d'inspection non-destructive. Les
conclusions qui ont pu etre tirees de ces differentes etudes ont
ete que la chute de resistance statique observee apres ces
vieillissements reputes representatifs, n'etait pas
significativement superieure a celle qui pouvait se ddduire de
la connaissance de la concentration en eau du materiau, et
n'apparaissait pas influenc6e pair 1'histoire (effets de cyclage)
ayant conduit k cette concentration. Des etudes rdalisdes par
d'autres laboratoires europeens ou les cyclages thermo-
hygrometriques etaient superposes a des essais classiques de
fatigue a rupture (trace d'une courbe de Wohler) ont pu aboutir
a des conclusions differentes.
De tels essais n'ont pas ete reconduits dans les plus Scents
programmes de certification de structures primaires en
composite (A320 et ATR 72).

HR forte, 90 a 95%

4h (t)

-30°C-

Profil thermohygrometrique type "avion
de transport civil "(tire c!u programme V10F)

Figure 1
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Temp.

100°C -

20°C-

-35°C-

HR forte, 90 a

i

A,1A/— ' 1
1 1

2h 4h

Profil thermohygrometrique

95%

l
i

1

\,

¥ /
i 1 II

6h\ Sh (t)

' '

type "avion de
combat"(tire de I'essai aileron Mirage F1 )

Figure 2

2.3 Les essais sous exposition naturelle aux
in tempdr ie s

Conscient que ces essais acceldrds en laboratoire ne prenaient
pas en compte 1'effet de durde d'exposition et certains autres
parametres lies k 1'exposition naturelle (rayonnement,
facteurs biologiques), le CEAT a lance en 1983 un programme
d'etude du comportement des composites en exposition
naturelle (sur le site de Toulouse) combine, ce qui fait
I'originalitd de ce programme, k des solicitations de fatigue.
Les materiaux etudi6s sont le T300/N5208 et le T300/914.
Les eprouvettes sont representatives de details de dessin de
structure reputes critiques (voir figure 3) : une 6prouvette
monolithique perc6e avec trou habit6 sollicitde en
compression, et une enture k deux rangees de fixations
sollicitde en traction. Ce programme a ete lance sur dix ans,
et les resultats sont deja disponibles apres les preievements a
deux ans et demi et cinq ans. Ces resultats sont rapportds dans
les references [6] et [7]. La figure 4 issue de ces references
montre qu'il n'a pas 6t6 observe, jusqu'a ce jour, de variation
significative des performances statiques apres vieillissement.
Ceci confirme les conclusions provisoires de 1'experience en
service, exposdes § 2-1.

Eprouvette monolithique percee, trou

-f
165

; \ "•• .

habite

in
eg

Enture simple cisaillement
f ff

•.  "
^ * % * ,''; '-.-•

•tf  ««vj\

i \

7 \

1

')

210

(Drapage: 8 plis a 0°,

o
in

12a+/-45°,2a90°)

L'ensemble de ces resultats est encourageant, et explique
1'actuelle "baisse de pression" relative k ces problemes de
vieillissement en service des composites. II est toutefois
important de noter que les premieres pieces montees sur
avions en service en Europe n'ont pas encore accumuie 10
anndes d'exploitation, alors que les problemes importants
recemment rencontres (problemes dits des "vieux avions")
sont apparus k des dchdances ultdrieures. En consequence,
eiuder definitivement le probleme serait premature, prudence
et humilitd demeurent encore ndcessaires.

3. DETERMINATIO N DE LA CONCENTRATIO N
D'EA U ABSORBEE A LONG TERM E PAR LES
COMPOSITES

La sensibilitd au vieillissement humide d'un composite, en
terme de concentration en eau absorbde dans un
environnement donnd, est une caractdristique intrinseque du
materiau. S'il est admis que la connaissance de cette
concentration constitue une approximation suffisante pour
quantifier la degradation, due aux effets de 1'environnement
rencontre en service, d'un materiau composite k matrice
epoxyde, celle-ci m6rite d'etre ddterminde de fa£on rigoureuse.
Lorsque la modeiisation est utilisee k cet effet, les modeles
doivent etre validds par des rdsultats experimentaux aussi
representatifs que possible des durees effectives d'exposition.
Alois que les avions sont actuellement census pour des durees
d'exploitation de 20 a 25 ans, les modeles utilises pour
determiner 1'absorption d'eau (Pick, Langmuir) ont et6 au
mieux validds sur quelques cycles thermohygrometriques
realises en laboratoire. II existe done un grand besoin
d'accumuler des resultats dans ce domaine, en particulier en
faisant "voler" des eprouvettes suiveuses sur des avions, ou
en effectuant des mesures par dessiccation sur des
echantillons preieves dans des pieces retirees de service
(exemple dans le cadre des programmes specifiques relates en
fi n de § 2-1).

3.1 Les resultats experimentaux disponibles

La figure 5 montre revolution de la masse d'6chantillons non
peints exposes en ambiance naturelle a Toulouse pendant 5
ans. Une augmentation de la masse est observee en debut
d'exposition, puis ensuite les phenomenes d'erosion
superficielle ddpassent en importance 1'accroissement de
1'humidite absorbee. Cette methode de mesure n'est done pas
valable, et peindre les echantillons ne fait que reporter le
probleme k 1'echeance ulterieure de la degradation de la
protection. En consequence, la methode la plus fiable est la
mesure gravimetrique par dessiccation des echantillons apres
preievement, tout en essayant de prendre en compte les
phenomenes de rdmanence par pidgeage de 1'eau susceptibles
d'exister. Des resultats obtenus au CEAT suivant cette
methode seront exposes k la fin de ce paragraphic.

Figure 3
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ENTURES T300/N 5208

30_ Contrainte brute a rupture (MPa) 300

ENTURES T300/914

Contrainte brute a rupture (MPa)

neuf vieilli 2 ans 1/2 vieilli 5 ans neuf vieilli 2 ans 1/2 vieilli 5 ans

MONOLITHIQUES T300/N 5208 MONOLITHIQUES T300/914

-500
Contrainte brute a rupture (MPa)

Les premiers resultats disponibles relatifs k des mesures
d'absorption d'eau pendant des durees significatives (au moins
cinq ans) sont dus k des programmes soutenus par la NASA,
dont une synthese est presentee dans la reference [8] . C'est
sur le materiau T300/N 5209, d6nominateur commun a
plusieurs de ces programmes, que le plus de resultats sont
disponibles. Des experiences realisees par MBB-UT en RFA
ont montre que la concentration maximale en eau mesuree
pour ce meme materiau (soit 0,8%) dans les conditions
climatiques les plus severes correspondait environ a celle
absorbee a 1'equilibre dans une exposition a 70°C/70% HR.
Un programme d'eprouvettes suiveuses en T300/913C,
attenantes a des spoilers monies sur A300 B4 exploites par
Thai Airways (localisation geographique reputee severe vis a
vis de 1'humidite) a donne une concentration k 1'equilibre
d'environ 1,1% laquelle correspond egalement a un
conditionnement en atmosphere constante k 70°C/70% HR.
Cette derniere experience etait egalement pilotee par MBB-
UT. C'est a partir de ces observations sur deux materiaux que
cette regie d'equivalence a ete extrapoiee a tous les materiaux
composites utilises dans TA320, dans le cadre des
justifications structurales associees a la certification de cet
avion.
D'autres resultats d'essai obtenus depuis remettent en cause
cette regie d'equivalence. Ces resultats sont toujours extraits
de 1'etude CEAT [6] [7] et concement deux materiaux : le
T300/N5208 repute comme un des moins sensibles a
1'humidite dans la cat6gorie des matrices epoxydes, et le
T300/914 repute un des plus sensibles (du moins k 1'interieur
des resines durcissant k 180°C). Les mesures ont ete effectuees
par dessiccation a 70°C jusqu'a equilibre d'echantillons de 50

Contrainte brute a rupture (MPa)

Figure 4

x 30 mm pr61eves dans les surlongueurs des eprouvettes
d'enture dont les resultats ont &\&  donnds § 2-3.
Les resultats de ces mesures, jusqu'k cinq ans, sont recapituies
tableau 4. II est interessant d'observer que pour ces materiaux
consideres au depart comme tres differents au niveau de leur
caractere hydrophile, simultanement exposes k quelques cm
1'un de 1'autre, les resultats obtenus sont quasiment
equivalents.

— Moyenn e 91 4

~ Moyenn e 520 8

400 800 1200

Nbce jours

1600 2000

Figure 5
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M

T
E

R
IA

U

T300
N5208

T300
Ciba914

Masse restrtuee par les
echantillons apres dessiccation

Apres 2 ans 1/2

0,68%

0,71%

Apres 5 ans

0,90%

0,88%

Tableau 4

3.2 La modeiisation

L'absorption de I'humidit6 par les composites est un
processus de diffusion controie qui a ete moddlisd k partir de la
theorie de la diffusion de Pick. De nombreuses publications
existent sur le sujet, avec pour point de depart les travaux de
Shen et Springer [9] . Les limites de ce modele, en particulier
pour ce qui concerne certaines matrices et les temperatures
eiev6es, ont ete rapidement mises en evidence [10].
Un modele plus eVolue (Langmuir) prenant en compte une
certaine non-reversibilite du phenomene (effet de piegeage de
1'eau par fixation sur un nombre limitd de sites) a 6t6
egalement d6veloppe. II a fait 1'objet de certains travaux en
France [11] mais est ndanmoins peu repandu.
Ces modeles devraient permettre, k partir des caracteristiques
du materiau et de ses conditions d'exposition en termes de
profils de temperature et d'humidite, de connaitre k tout
moment 1'humidite contenue dans le composite. Relativement
depensiers en temps de calcul, ces modeles ne tolerent pas une
discretisation tres fine des conditions d'environnement. Pour
les echantillons du tableau 4, exposes pendant cinq ans k
TOULOUSE, un calcul a 6te effectue avec 60 segments
representant les valeurs moyennes mensuelles d'humidite
relative et de temperature sur le site. Les resultats sont
representes figure 6.
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Q?
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500 1000 1500
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2000

Figure 6

La simplification maximale de cette discretisation consiste k
ne considerer qu'un seul segment representant 1'humidite
relative moyenne du site pendant les cinq anndes d'exposition
(soit HR 79,7% dans ce cas precis). En lui associant la valeur

de la temperature moyenne il est possible, k partii du meme
modele, de demontrer que les echantillons prdcitds ont attaint
un 6tat d'equilibre avant cinq ans. Cet 6tat correspond k une
humidite absorbee de 1,34% pour le T300/914 et 0,82% pour
le T300/N5208 (voir figure 7 les conditions du calcul). Ces
valeurs sont tres proches de celles obtenues avec la
discretisation en 60 segments de la figure 6, respectivement
1,37% pour le T300/914 et 0,83% pour le T300/N5208.

c
79,7%

T300/N5208

0,82%

T300/914

1,34%

Conditions de calcul' , ~ 1 "Jlfi fMR9fMN
Q s

f
\ D ,. •) 548 (914)

I

100 / Cmafcsaturation
(pour HR 100%)

C= concentration a
I'equilibre, pour une = 1 ,1%(N5208)

HR constante donnee = 1 .9%(91 4)

Figure 7

Cette methode de discretisation en couples de segments
associds representant respectivement la temperature et
1'humidite relative moyennes enregistr6es pendant 1 jour, une
semaine, un mois etc... est remise en cause par une etude du
Royal Aircraft Establishment [12]. II est propose une
ponderation de ces valeurs pour tenir compte des correlations
naturelles existant, dans un climat donne, entre la temperature
et 1'humidite relative ambiante durant la joumee.

3.3 La correlation theorie/expe>ience

Dans le cas du T300/N5208, la concentration reelle en eau
mesuree au bout de cinq ans est un peu plus eievee que celle
predite par 1'analyse (0,90% au h'eu de 0,83%) alors que pour
le T300/914 elle est, par contre, tres inferieure k la prediction
(0,88% au lieu de 1,37%). Un ecart aussi sensible merite une
recherche des causes possibles.
La premiere explication a considerer serait 1'existence d'une
fraction remanente d'eau, pieg6e par le materiau. La figure 8
illustre les resultats d'un essai de saturation (k 70°C dans de
1'eau distillde) realise sur les echantillons qui avaient ete
utilises pour mesurer, par deshydratation, la concentration en
eau au bout de cinq ans. La partie droite de cette meme figure
illustre les resultats d'essais de saturation et de deshydratation
(toujours k 70°C) realises simultan6ment sur des echantillons
identiques preleves au bout de cinq ans de vieillissement. Les
valeurs montrent que la "capacite" du materiau k absorber de
1'eau (1,8 - 1,9%) n'a pas ete modifiee par rapport aux
hypotheses de calcul, ce qui ecarte done 1'hypothese de
1'existence d'une forte proportion d'eau pidgde par le
T300/914. La meme experience a ete realisee sur le
T300/N5208 et les resultats obtenus, illustres figure 9,
montrent que pour ce materiau egalement, il n'y a pas lieu de
considerer une part importante d'eau pi6gee par le materiau.
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Figure 8

La figure 10 illustre des resultats d'essais de cisaillement
interlaminaire realises a 100°C sur des echantillons preieves
dans des coupons identiques ayant subi : cinq ans de
vieillissement naturel, cinq ans de vieillissement naturel plus
une deshydratation, cinq ans de vieillissement naturel plus
une saturation en eau k 70°C. Ces resultats sont normalises
par rapport a la valeur obtenue la plus forte (echantillons
sees). La chute de caractdristiques apres vieillissement seul
etant identique pour les deux materiaux (*  10%), ceci
confirmerait, comme les mesures de concentration en eau, que
le T300/914 est moins sensible au vieillissement humide, s'il
est expose en ambiance naturelle realiste, que ce que
laissaient supposer les valeurs mesur6es apres les
traditionnels conditionnements a 70°C. Une conclusion
inverse, mais k un bien moindre degre, semblerait se dessiner
avec le T300/N5208.
Cette constatation conduit tout naturellement k remettre en
cause la mesure des parametres necessaires a 1'application de
la loi de Pick (en particulier le taux de saturation) par des
conditionnements a des temperatures Crop dlevees ou plus
exactement trop differentes de celles existant en service.
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-I 4
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Figure 9
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Figure 10

4. PRISE EN COMPTE DU VIEILLISSEMEN T
DANS LES ESSAIS DE JUSTIFICATIO N
STRUCTURAL E

Sachant que la concentration en eau d'un composite soumis k
un environnement donn6 est dependante de sa nature plus ou
moins hydrophile, la solution la mieux appropriee consiste a
defmir un environnement constant, forfaitaire en terme
d'humidite relative ambiante, dams lequel I'etat d'equilibre du
materiau correspondrait effectivement a la concentration
maximale d'eau susceptible d'etre atteinte en service. Des
resultats presentes dans cette publication ont montre que la
valeur de 70% HR qui avait 6te demontree et utilisde dans le
cadre des justifications structurales associees a la certification
de TA320 ne pouvait pas etre elendue sans precaution k tous
les autres materiaux composites;. La valeur de 85% HR dejk
acceptee en Europe dans le domaine des avions de combat
devrait dorenavant servir egalement de reference dans le
domaine des avions civils, a moins que des resultats d'essai en
exposition representative pend;int des durees significatives
ne justifient des valeurs moins conservatives.
Cette condition d'environnement, generalement associee k la
temperature de 70°C pour les epoxy des durcissant a 180°C,
sera utilisce pour determiner In concentration maximale en
eau absorbee k prendre en compte pour chaque materiau
composite. Cette valeur cons til ucra par la suite 1'objectif a
atteindre, controle par des eprouvettes suiveuses d'epaisseurs
et drapages representatifs, dans les essais structuraux destines
k mettre en evidence 1'influence du vieillissement. II est une
pratique courante de realiser ces conditionnements k une
valeur plus eievee de 1'humidite relative afin de raccourcir leur
duree. Augmenter, aux memes fins, la temperature du
conditionnement n'est pas une pratique recommandee, car il
est necessaire de rester dans un domaine ou les lois de
comportement du materiau, relativement a 1'absorption
d'humidite, sont reputees ne pas etre modifiees.
L'application des reglements de navigabilite relatifs k la
certification des structures, n'exige pas des essais d'ensemble
systematiques avec simulation du vieillissement. Celui-ci
peut etre pris en compte par 1'utilisation de coefficients
majorateurs sur les charges ou par 1'analyse k partir de
resultats d'essai obtenus sur des echantillons representatifs
des caractdristiques du materiau et des principes constructifs
utilises. Une telle pratique parait relativement peu
recommandee a 1'auteur dans le cas de solutions
technologiques faisant largement appel au collage, ou 1'essai
de vieillissement humide est susceptible d'etre le reveiateur
des principaux problemes Ii6s il ce type de solution : choix
inadequat des materiaux, assurance qualitd, etc...
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5. CONCLUSION

L'exp6rience maintenant accumuiee en service depuis
1'introduction des composites dans les structures travaillantes
d'aeronefs a considerablement temper6 les premieres craintes
quant k la susceptibilite a I'environnement de tels materiaux.
II est maintenant demontr6 que leur "vieillissement", exprime
en terme de degradation des proprietes mecaniques
intrinseques de la matiere, est d'une portee limitee et peut etre
pris en compte par 1'analyse.
Admettre que ce vieillissement est 1'unique effet de 1'humidite
absorbee par le materiau et qu'il existe une relation univoque
entre la concentration d'eau dans le composite et ses
performances structurales r6siduelles constituent, k ce jour,
une approximation suffisante pour apprehender le
phenomene. A partir de Ik, les evaluations par essai de type
cyclage thermohygrometrique (ou climatique) sur des
ensembles structuraux ont perdu leur raison d'etre et ont ete
progressivement remplaces au milieu des annees 80, par des
conditionnements k parametres constants permettant
d'aboutir au meme resultat en terme de concentration d'eau
finale dans le materiau. II serait neanmoins imprudent
d'extrapoler une telle approche demontree avec les epoxydes,
a toutes les nouvelles matrices organiques, rdputdes k tdnacitd
ameiioree, apparaissant maintenant sur le marche, sans
1'avoir redemontr6e au travers d'essais sur coupons et
eprouvettes technologiques eiementaires.
L'utilisation de methodes analytiques pour determiner cette
concentration en eau, k partir des profi ls
thermohygrometriques rencontres par 1'aeronef au sol et en
vol, a montre rapidement ses limites. Ceci non seulement en
raison de la nature mathematique des modeles, mais tres
certainement de par la dependance des caracteristiques
"materiau" qui sont necessaires k leur application, k des
parametres tels que la geom6trie, le drapage, les effets de
bord, la temperature, le vieillissement physique, etc...
Continuer k ameiiorer ces modeles pour les rendre plus precis,
pourrait conduire k une complexite de mise en oeuvre sans
aucune mesure avec I'ampleur du probleme qui est a resoudre.
La definition d'un environnement constant, forfaitaire en
terme d'humidite relative ambiante, dans lequel 1'etat
d'equilibre du matdriau correspondrait effectivement k la
concentration maximale d'eau susceptible d'etre atteinte en
service est une solution" preferable. Un consensus se dessine
actuellement en Europe sur une telle approche avec une valeur
forfaitaire de 1'humidite relative egale k 85%. Ces conditions
seront en effet appliqudes k la certification des structures en
composite du nouvel Airbus A330/340, ainsi que pour les
avions d'arme franfais [13] en particulier 1'ACT/ACM Rafale,
dont la cellule comprend environ 28% de materiau composite.
Si I'alteration par le vieillissement des performances
structurales des materiaux composites proprement dits
apparait aujourd'hui comme un phenomene bien maitrise, on
ne peut consid6rer qu'il en est de meme pour les solutions
d'assemblage de type liaison coliee souvent utilisees avec ces
materiaux. De tels principes constructifs, toujours tres
performants du point de vue du devis de masse, continuent k
ndcessiter une attention particuliere au niveau de la selection
des materiaux, de 1'assurance qualitd, des essais de
justification structurale, et du suivi en service.

[2] "Justification en fatigue/tolerance aux dommages des
structures en composite pour avions civils" Note technique
CEAT n° l/M/88, revision 1 du 30/11/88.
[3] Radondy, R. "Experimentation des aerofreins en carbone
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165826, February 1982.
[5] "Comportement des materiaux composites soumis k un
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1. SUMMAR Y
The sensitivity of several advanced aerospace composite
materials to military jet fuel, JP-4, was investigated in
this study. The following fiber/matrix prepreg materials
were used in this investigation: AS-4/3501-6; IM7/8551-
7A; IM7/977-2 (1377-2T); IM7/5250-4; IM8/HTA; and
AS-4/PEEK(APC-2). The materials were chosen as
representative state-of-the-art materials in their classes of
standard epoxy, toughened epoxy, toughened BMI, and
thermoplastic matrix composites respectively. The
materials were processed into [±45]2S. [01l2T. and
[90]i2T laminates using the manufacturer's recommended
process cycle and standard quality assurance checks were
performed on the panels. Standard geometry coupons were
fabricated from the panels and divided into a control set
and test set. The test coupons were immersed in JP-4 in a
sealed pressure vessel at 180°F. The weight gain was
recorded as a function of the square root of time and the
jet fuel was exchanged each time the coupon weight was
recorded. In general, the thermoset matrix composites did
not pick-up significant levels of fuel in any lay-up
examined; while the thermoplastics did absorb JP-4. The
amount of JP-4 absorbed by the thermoplastic matrix
composites was dependent on the lay-up. After 1680
hours of total exposure time the mechanical properties of
the coupons were evaluated. G\2 was determined from the
[±45]2S coupons and Eflex and aflex were determined for
the [0]i2T and [90]i2T coupons. In addition, the creep
compliance, Si2(0, was determined for APC-2 with
various thermal processing cycles and after exposure to
JP-4. Gi2 for the thermoplastic matrix composites was
markedly lower at elevated temperatures in the fuel
exposed specimens than in the control specimens, due to
plasticization of the matrix. The 0° and 90° thermoset
matrix composites flexure specimens exposed to JP-4 had
lower strengths than did the control specimens. The lower
strength is attributed to degradation of the interface
between the fiber and matrix. Scanning electron
microscopy was used to examine the failure surfaces. The
flexure modulus in the 90° flexure specimens was not
affected by exposure to JP-4 while the 0° flex modulus
was lower in the fuel exposed coupons than in the control
coupons. The creep rate for quenched APC-2 control
specimens was always greater than the standard slow
cooled APC-2. After exposure to JP-4, however, the slow
cooled specimens had greater creep rate than the quenched
specimens exposed to JP-4. This is most likely due to
greater plasticization of the matrix in the slow cooled

coupons, since they absorbed a great deal more JP-4 than
the quenched specimens.

2. INTRODUCTIO N
The issue of the interaction between organic matrix
composite materials and fluids which they may be exposed
to during their lifetime has been controversial. It is well
understood that advanced composites util izing
thermosetting resins absorb moisture when exposed to
high humidity environments. The absorption of moisture
causes plasticization of the resin with concurrent swelling
and lowering of the resin's glass transition temperature
(Tg). This results in a reduced service temperature of the
composite. This phenomena has been studied and well
characterized (1,2). Composite materials are typically
tested after exposure to temperature and humidity to
determine the reduction in mechanical properties.

The effects of other aircraft fluids which are in contact
with these materials over their lifetime has not been as
well characterized. There are no current industry standards
to assess possible effects. A typical exposure test may
involve submersion of the materials in the fluid at room
temperature for seven days. The material is then
mechanically tested at room temperature. Typically no
reduction in properties occurs from this type of exposure.
Therefore, it is concluded that the fluids tested have no
significant effect on the mechanical properties and that a
"hot/wet" exposure represents the worst case
environmental conditions.

Recent investigations of thermoplastic matrix composites
have determined that these materials absorb some aircraft
fluids (3,4). An attempt was made to correlate this data
with other fluid studies. However, because there are no
current industry standards for testing fluid exposure, it was
impossible to compare or correlate any existing data.

An Air Force sponsored study was conducted (5) in an
attempt to assess current industry practice for testing
composites in fluids. The procedures employed by
companies surveyed were so varied that it was extremely
difficul t to correlate data from one participant to another.
These variations ranged from the number of plies and
orientation to the choice of fluid, exposure time, and
exposure conditions.
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Aircraft composites may be exposed to relatively
aggressive fluids, such as jet fuel at elevated temperatures,
on a daily basis for as long as 20 or 30 years. Because of
this it is important to gain a fundamental understanding of
the effects of aircraft fluids on composite materials.
Several issues have been raised relative to the sensitivity
of advanced composites to aircraft fluids. These include:
a) realistic temperatures and time, b) the definition of
typical in-service mechanical state during exposure, c) the
development or selection of a mechanical test to measure
the effects of fluid exposure on composites, and d)
understanding the mechanisms of interaction between the
fluid and the composite.

In this study we have adopted the approach of trying to
gain a better understanding of the fundamental
mechanisms of interaction of the aircraft fluid with the
composite. Our view is that if the fundamental
mechanisms of interaction are understood then this
information can be used to understand the effect of fluid
interaction on the macroscopic properties of more
complex composite materials. This approach includes
exposure of the composite at an elevated temperature until
saturation (or apparent saturation) is achieved, weight gain
versus time and coupon configuration, determination of
diffusion mechanisms, effects of weight gain on physical
and mechanical properties, and absorption/desorption
studies.

There are several aircraft fluids of concern. Hydraulic fluid,
paint strippers, cleaners, and jet fuel are among those of
most concern. In this study we have chosen to evaluate
only the effect of jet fuel since very littl e is known about
this and also because it is very difficul t to protect the
composite from this fluid.

3. EXPERIMENTA L PROCEDURES

3.1 Sample Preparation
The materials used in this study, the supplier of the
material, and the cure or consolidation cycle used are
given in table 1. The cure or consolidation cycles are
those recommended by the supplier and in all cases were
found to give quality laminates. The thermoset materials
were all autoclave cured using a standard net resin bagging
technique; the thermoplastic materials were all press
consolidated. After processing, the panels were C-scanned
to verify that they were free of porosity.
Photomicrograph specimens were also made from several
different sections in the laminates to verify uniform fiber
distribution. Acid digestion of specimens taken from
various sections of the laminates was used to obtain the
fiber volume of each laminate. Differential Scanning
Calorimetry, Thermogravimetric Analysis, and
Thermomechanical Analysis were also used to verify that
the laminates were of expected quality. Test specimens
were cut from laminates using a water-cooled diamond
impregnated saw and the edges were finished using a fine

grit paper. All specimens were then dried in a vacuum
oven and weighed and measured. The control specimens
were stored in a desiccator until testing, and the exposure
specimens were immediately placed in the exposure
vessels.

For the APC-2 creep compliance studies at different
processing cycles, quenched +/-450 specimens were
prepared by cold press transfer consolidation. X-ray
scattering was used to determine that the quenched
specimens were amorphous.

3.2 Jet Fuel Exposure
Military jet fuel, type JP-4, was used in this study as the
exposure fluid. JP-4 is an extensively used jet fuel and is
a more aggressive solvent than another widely used jet
fuel, JP-8. JP-8 has lower levels of low molecular weight
aromatic hydrocarbons and is also less volatile than JP-4.
Therefore, JP-4 was chosen as a "worst case" fluid.

Composites may be exposed to jet fuel at temperatures
greater than ambient because of several factors such as
aerodynamic heating of the structures and radiant heating.
Fuel may even be used as a cooling medium for aircraft
systems and is heated in the process. We chose 82°C as a
representative temperature for exposure of the composites
to fuel. Specially made vessels were used to contain the
jet fuel and coupons at temperature. The vessels were
constructed of stainless steel aircraft hydraulic tubing and
had flare fittings with copper gjiskets to assure a leakproof
seal. The vessels were filled with JP-4 and the composite
coupons, leaving only a minimal head space for thermal
expansion. This was done to prevent differences in liquid
and vapor phase compositions of the JP-4. The low
molecular weight aromatic components of the jet fuel are
likely to absorb into the composites to the greatest extent;
therefore an effort was made to ensure that these
components were of the highest possible concentration in
the liquid phase. The specimens were sealed in the vessel
and then the vessels were placed into a convection oven at
temperature. Periodically the vessels were cooled down
and the specimens were wiped off and weighed. At each
weighing the fuel was exchanged with fresh fuel from the
same batch. The exchange was done in an attempt to
maintain the same composition in the exposure vessel.
The coupons were exposed to jet fuel for a total of 1680
hrs.

3.3 Thermal Analysis
Differential Scanning Calorimetry (DSC),
Thermogravimetr ic Analys is (TGA), and
Thermomechanical Analysis (TMA) were performed on
each laminate produced and on specimens after exposure to
JP-4. DSC was performed with a DuPont Model 910
DSC, TGA was performed with a DuPont Model 951
TGA, and TMA was performed with a DuPont Model 943
TMA. The DuPont equipment was controlled with an
Omnitherm Atvantage II IBM PS/2-60 data station.
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Sample size ranged from 5 mg to 15 mg for the DSC and
TGA while the TMA used 6 mm X 6 mm X laminate
thickness for samples. TMA and TGA were performed
under an inert atmosphere. All tests were performed at a
standard heating rate of 10°C/min. In addition to standard
quality assurance, TGA isothermal aging was performed
on laminates after exposure to JP-4 to determine if weight
change during mechanical testing at elevated temperatures
would be a problem. The specimens were aged at their
maximum test temperature up to 45 min. and showed no
measurable weight loss due to fuel desorption.

3.4 Dynamic Mechanical Analysis
Dynamic Mechanical Analysis (DMA) was performed on
both the control and fuel exposed specimens. The [0°]i2T
coupons were used in a forced torsion geometry on a
Rheometrics RDS-II dynamic mechanical spectrometer.
The shear storage and loss moduli were determined as a
function of temperature at IHz (G'(T)(o=lHz and
G"(T)<B=lHz)- The heating rate used was 10°C/min.
These data were used to determine the Tg of the coupons,
for a quality control check and also to determine if there is
a detectable Tg depression due to the fuel absorption.

3.5 Mechanical Testing
The mechanical test matrix used to evaluate the effect of
the jet fuel exposure is given in Table 2. The tests (with
the exception of 90° flex and 0° four point shear) were
conducted at room temperature, 82°C, and an elevated
temperature indicated in Table 2. These temperatures were
chosen low enough to be in the elevated temperature dry
service range of the composites, but high enough to see
the effect of the JP-4 on the properties. The span-to-depth
ratio was 32:1 for the 0° and 90° four point flex tests and
16:1 for the 0° four-point shear.

3.5.1 Four Point Flexure Testing
The four-point flex testing was performed in accordance
with ASTM standard D790-81 on an Instron test frame.
The crosshead speed in all flex and the 0° four-point shear
was 0.127cm/min. Crosshead displacement was used to
calculate mechanical properties for the 0° flex and 0° shear,
while the 90° flex specimens were strain gauged on their
tensile surface.

3.5.2 +/- 45 ° Tension Testing
The +/- 45° tension testing was performed in accordance
with ASTM standard D3518-76(82) on an MTS test
frame. The samples were all strain gauged and the loading
rate was 44.5N/sec. The specimens were only tested to
approximately 0.3% axial strain so end-tabbing was not
necessary.

Creep tests were also performed on the +/-450 strain
gauged specimens. The deformations used were
determined to be linear and recoverable. The MTS test
frame was used to apply loads to the specimen in

approximately 0.2 seconds (without overshoot or
oscillation).

3.6 Scanning Electron Microscopy
The 90° flex failure surfaces and the "3-direction" surface
of the 90° flex control and fuel exposed coupons were
examined using a JEOL 840 scanning electron
microscope. The samples were coated with Palladium-
Gold and examined using lOkV. The "3-direction" surface
was examined for crazing due to fuel exposure, and the
failure surfaces were examined for fiber/matrix adhesion
and any other characteristics of the 90° flex failure.

3.7 Desorption Analysis
A specially designed apparatus was used to extract and trap
the components of jet fuel that were absorbed into the
composite specimens. This apparatus is shown
schematically in Figure 1. The fuel exposed coupons are
loaded into the sample chamber and the entire apparatus is
repeatedly purged with nitrogen to remove all air then
evacuated under continuous vacuum. The chamber is
heated to approximately 316°C and held for 1 hr. Any
volatiles from the laminates are collected in the cold trap.
The desorption process is quantitative, as the weight of
the laminates after desorption is identical to their weight
before exposure to JP-4. The condensate is diluted with
spec grade n-pentane and collected. The samples are then
analyzed using GC-MS. This technique allows for
separation of the components in the mixture (GC) and
their identification (MS). This technique can also be used
to qualitatively determine the relative amount of each
component in the mixture.

4. RESULTS AND DISCUSSION

4.1 Jet Fuel Exposure Results
The weight gain plotted versus the square root of time is
shown for the thermoplastic [+/-45°]2S coupons in
Figures 2 and 3 and for the [0°]i2T in Figure 4. Figure 2
is the weight gain characteristics for the conventionally
processed APC-2 and HTA thermoplastic matrix
composites. Figure 3 shows the weight gain curves for
APC-2 as a function of the processing cycles investigated.
The fuel absorption of the thermoset matrix [+/-450]
coupons was identical to the thermoset matrix
unidirectional coupons so it is omitted here. The weight
gain trends of the [90°]i2T coupons were identical for all
materials to the [0°]i2T specimens so that data is not
presented.

The [+/-45°]2S thermoplastic laminates, APC-2 and the
IM8/HTA, both picked up approximately 0.85 weight
percent (wt%) jet fuel and reached an apparent saturation
value. However, in the 0° and 90° unidirectional coupons
the APC-2 did not pick up a significant amount of jet fuel
and the IM8/HTA absorbed only approximately 0.35wt%.
This difference may be attributed to several factors such as
residual stress, crystallinity and crystal morphology (in
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APC-2), fiber wicking, or microcracks. If fiber wicking
were responsible for the observed difference there should
be a difference between the 0° and 90° unidirectional
coupons. However, these configurations have virtually
identical weight gain characteristics. Thus, fiber wicking
has been ruled out as a mechanism for absorption in this
case. Photomicrographs of the +/-450, 0°, and 90°
coupons show no microcracking so this has been ruled out
as a cause of the difference. The crystal morphology of
the APC-2 may be different in the angle ply laminates and
the unidirectional laminates, but this was not investigated
in this study. The state of stress in a polymer has been
directly related to the diffusion of solvents (6) in polymers
and this is the most likely reason for the difference in
absorption characteristics between the different laminate
configurations.

The thermoset matrix laminates, with the exception of
IM7/8551-7A, absorbed less than O.lwt% in all laminate
configurations. There was also large scatter in the
measurements because of the low level of fuel absorbed
and the small number of coupons exposed. The
IM7/8551-7A system had a very pronounced weight gain
between 48 hrs and 168 hrs, after which the weight gain
remained constant within the scatter. The 8551-7A is a
very complex heterogeneous resin system. The unusual
absorption characteristics are attributed to the complex
phase structure of the resin.

Other than demonstrating that the absorption of jet fuel
into the composites is non-fickian, no attempt has been
made to model the diffusion behavior of the composites
from this data. Much more testing wil l be required to
make any conclusions about the nature of the diffusion
process.

4.2 Thermal Analysis Results
The thermal analysis performed on the control specimens
was used primarily for quality assurance, verifying that the
Tg, crystallization temperature (Tc), and endotherm peaks
were all characteristic of the materials evaluated. Thermal
analysis on the fuel exposed specimens was performed to
detect changes in Tg and phase transitions. The thermoset
matrix composites did not absorb any appreciable jet fuel,
and there are no significant changes in their DSC, TMA,
or TGA scans. The APC-2 DSC scan did have a larger
heat of crystallization for the +/-45 laminate configuration
exposed to jet fuel than for the +/-4S control coupon.
TGA-MS results have indicated that there is a large
volatile evolution that occurs with the crystallization
transition. This could contribute to the larger heat of
crystallization. The TMA scan of the APC-2 +/-45
exposed to JP 4̂ indicated a Tg of 106°C. This is an
approximately 40°C decrease in the Tg for the fuel soaked
coupons. The TMA of the IM8/HTA specimen did not
yield a distinct glass transition. The thermal analysis data
are presented in their entirety in a separate report (7).

4.3 Dynamic Mechanical: Results
The results of the DMA are summarized in Table 3.
There was very littl e effect of the jet fuel on AS-4/3501-6
and IM7/977-2, but all of the other materials experienced
drop in their Tg, as measured by the storage and loss
modulus respectively. The Tg from the storage modulus
transition for APC-2 is 137°C as opposed to 106°C from
the TMA measurement This is; due to the large difference
in absorbed JP-4 content between the [+/-45°]2S
(0.85wt% JP-4) coupon used for the TMA and the [0°]i2T
(0.05wt% JP-4) coupon used for the DMA
measurements.

4.4 Mechanical Testing Results
The results of the test matrix (Table 2) are given in Table
4. No measurements of error or standard deviation are
given because of the low number of specimens tested.

4.4.1 0° Four-Point Flexure Results
At room temperature all of the materials exposed to JP-4
had lower flex strength and moduli than the controls. The
same trend was observed in the: specimens tested at 82°C.
With the exception of IM7/5250-4, the specimens tested
at their respective elevated temperatures (See Table 2 for
temperatures) exhibited no measurable difference in
strength and modulus between the control specimens and
those exposed to JP-4.

The decrease in room temperature properties could be
attributed to several factors such as: a) decrease in matrix
modulus due to plasticization, b) degradation of the
fiber/matrix interface from the solvent absorption, or c)
surface microcracks or crazing from thermal cycling or JP-
4 absorption. With the exception of IM8/HTA the 0°
laminates did not absorb an amount of fuel sufficient to
plasticize the materials to the degree observed. In
addition, crazing is usually observed in polymers exposed
to very good solvents. JP-4 is not a good solvent for the
matrix polymers evaluated. Degradation of the
fiber/matrix interface could be a possible explanation for
the observed decrease in four jx)int flex properties. This
phenomenon will be discussed further in the next section.

The elevated temperature results support the hypothesis
that degradation of the interface could be occurring. The
effect of temperature on the composite properties is
overwhelming the effect of temj)erature.

4.4.2 90° Four-Point Flexure Results
The [90°]i2T coupons were only tested at room
temperature. There is no measurable difference in the
moduli; however the strengths are dramatically lower in
the coupons exposed to JP-4 than are the control coupons.
The 90° flex is very sensitive to interfacial adhesion, thus
this data supports the hypothesis that there is degradation
of the fiber/matrix interface. The SEM photographs in
Section 3.4.3 give some supporting evidence that the
interface has degraded. The 90° flex is also very sensitive
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to surface flaws, such as crazing. However, SEM
evaluation of the surfaces showed no evidence of crazing.

4.4.3 0° Four-Point Shear Results
The 0° four point shear strengths of the coupons exposed
to fuel were only slightly lower than the control coupons.
More testing wil l be required to determine if the 0° four-
point shear test is sensitive to the effects of fluid exposure
on composites.

4.4.4 +/- 45° Tension Results
The +/-450 tension test is used to determine the In Plane
Shear (IPS) Modulus, Gi2- GI2 is very sensitive to the
composite matrix, and is a good measure of plasticization
due to solvent absorption. The angle-ply laminates also
absorb much more solvent than do the unidirectional
coupons. Thus, the IPS evaluation is viewed as a litmus
test for fluid exposure testing.

Table 4 shows a measurable effect of the jet fuel exposure
on Gi2 for most of the materials. The largest differences
between the control specimens and those exposed to JP-4
were observed in the thermoplastics. The APC-2 was
tested at an elevated temperature of 121°C which is above
its fuel soaked Tg of approximately 106°C. Based on this
we would expect a dramatic drop in the modulus at 121°C.
The APC-2 retains only 42% of the 121°C control Gi2-
The IM8/HTA also exhibits a significant drop in elevated
temperature properties due to plasticization from the jet
fuel. The IM8/HTA retains 84% of the 177°C control
Gl2-

Figures 5 and 6 are plots of the creep compliance, Si2(1),
at room temperature and 100°C comparing the creep after
exposure to JP-4 (Figure 3.) of APC-2 that has been slow
cooled from the melt state to APC-2 that has been
quenched from the melt state. In both cases, contrary to
our intuitive expectations, the relatively amorphous APC-
2 absorbed less JP-4 than the slow cooled APC-2, and
consequently had a lower creep rate.

4.5 Scanning Electron Microscopy Results
We choose IM7/8551-7a as representative of the property
degradation exhibited by the thermosets. The 90° flex
strength of the fuel soaked specimen was only 52% of the
control specimen; while the modulus of the fuel soaked
specimen was 96% that of the control. Similar results
were observed for all of the thermoset matrix composites
evaluated. Our hypothesis is that the mixture of
hydrocarbons must degrade the interfacial adhesion
between the fiber and matrix. SEM analysis supports this
belief. There appear to be many more "clean" fibers in the
fracture surface of the coupons exposed to JP-4.

4.6 Desorption Results
The jet fuel extracted from the APC-2 IPS sample was
analyzed using GC-MS and the results are presented in

Table 5. For purposes of comparison the GC-MS
analysis of JP-4 used for exposure is also presented. The
extracted fuel is nearly entirely composed of aliphatic
substituted benzene components, while the JP-4 sample
is predominantly low molecular weight paraffin and olefin
hydrocarbon components. To estimate some relative
measure of concentration, all component peaks were
normalized to the octane peak. Only one component, 1,2-
dimethylbenzene, is common to both samples, but the
desorbed sample has a concentration nearly 18X greater
than in the JP-4 sample. Thus, it appears that the
aromatic components of JP-4 are selectively absorbed and
concentrated in the APC-2 specimen. A complete
analysis of the GC-MS data is presented in a separate
report (7).

5. CONCLUSIONS
A technique was developed to expose composite materials
to volatile and inflammable fluids at elevated
temperatures. Exposure to JP-4 at elevated temperatures
has been demonstrated to have a significant effect on the
performance of advanced thermoplastic and thermoset
matrix composite materials. The mechanism of property
degradation on the thermoplastic matrix composites
evaluated appears to be a plasticization of the matrix
polymer. The mechanism in the thermoset matrix
composites evaluated appears to be degradation of the
fiber/matrix interface. Further work in this area will focus
on the following topics: a) effect of the state of stress in
the matrix on absorption of JP-4; b) investigation of the
degradation of the fiber/matrix interface; and c) use of high
pressure dilatometry to measure the glass transition
temperature of exposed specimens.
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Figure 1. Schematic diagram of apparatus used to
desorb JP-4 from thermoplastic matrix composite
coupons.

-^

1

C
'55

S

'o>
5

0.8-

0.6-
1

0.4-
•

0.2-
•

nn -i

• I B

> I

H

•

.•

• APC-2
• o IM-8/HTA

0 10 20 30 40 50

time (hrsA0.5)
Figure 2. JP-4 weight gain characteristics for
standard process (see Table 1.) APC-2 and IM8/HTA
±45° coupons.

1.0

I

0.8-

0.6-

0.4-

0.2-

0.0

• • ••

10 20 30 40

time (hrsA0.5)

Figure 3. JP-4 weight gain for APC-2 ±45° coupons
for various processing cycles. The circles are slow
cooled (see Table 1.), the triangles are quenched,
and the squares are quenched/annealed at 160°C.

-̂,

i
1
E

I

0.4-

0.3-

0.2-

0.1 -

0.0 ^

.n 1 -

D [0°]12T
n

D

D D

D

n • . • * g .

. ' I I * * *
• ° A A A |

A A

10 20 30 40

time (hrsA0.5)

50

Figure 4. JP-4 weight gain for 0° laminates for
materials given in Table 1. Symbol meanings are as
follows: open square, IM8/HTA; diamond, IM7/8551-
7A; solid circle, APC-2; open circle, AS4/3501-6;
cross, IM7/977-2; and triangle, IM7/5250-4.



17-7

1.6

~ 1.5-5T

X 1-4 H
I

I 1.3-I

c\f
w 1-2H

1.1 , o00°

2 -

D D 0

°

0

Q °

-1 0 1 2 3 4
log t (sec)

Figure 5. Creep Compliance for APC-2 ±45 after
exposure JP-4, at room temperature.

Table 1. Materials and Process Conditions Used.

Material Supplier
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Figure 6. Creep Compliance for APC-2 ±45 after
exposure JP-4, at 100°C.

Cure Cvcle
AS-4/3501-6

IM7/8551-7A
IM7/977-2(1377-2T)

IM7/5250-4

AS^/PEEK(APC-2)
IM8/APC(HTA)

Hercules

Hercules
ICI/Fiberite

BASF/Narmco

ICI/Fiberite
ICI/Fiberite

Heat to 116°C, 60 min. @ 586 KPa.
Heat to 177°C, 6 hrs. @ 655 KPa.
Heat to 180°C, 250 min. @ 620 KPa.
Heat to 99°C, 60 min. @ 690 KPa.
Heat to 177°C, 3 hrs. @ 690 KPa.
Heat to 149°C, 45 min. @ 586 KPa.
Heat to 191°C, 6 hrs. @ 586 KPa.
Post-cure @ 227°C for 6 hrs.
Heat to 382°C, 30 min. @ 1379 KPa.
Heat to 357°C, 30 min. @ 1379 KPa.

Table 2. Mechanical Test Matrix for JP-4 Exposure Study

0° 90° 0° ±45°
MATERIAL CONDITION 4-PT Flex*  4-PTFlex 4-PT Shear*  Tension**

RT 82 °C ET1***  RT RT RT 82 °C ET1
AS-4/3501-6

IM-7/ 5250-4

IM-7/8551-7A

IM-7/ 977-2

AS-4/ PEEK (APC-2)

IM-8/APC(HTA)

***AS-4 / 3501-6
IM-7/8551-7A
IM-7/ 5250-4
IM-7/ 977-2
AS-4/PEEK (APC-2)
IM-8/APC (HTA)

CONTROL
JP-4

CONTROL
JP-4

CONTROL
JP-4

CONTROL
JP-4

CONTROL
JP-4

CONTROL
JP-4

ET1=149°C
121 °C
177 °C
149 °C
121 °C
177 °C
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Table 3. Dynamic Mechanical Analysis Results.

Material Control. G' JP-4. G' Control. G" JP-4.G"
AS-4/3501-6
IM7/8551-7A
IM7/5250-4
FM7/977-2 (1377-2)
AS^/PEEK (APC-2)
IM8/HTA

181
195
243 (272)
174
150
262

182
181
258
178
137
253

205
219
266(313)
194
167
273

200
206
276
193
157
264

"Temperature in °C, Heating Rate =10°C/min, Numbers in Parenthesis are Rescan

Table 4. Mechanical Test Results

MATERIAL

AS4/3501-6

IM7/5250-4

IM7/8551-7a

IM7/977-2

AS4/PEEK
(APC-2)

IM8/HTA

COND.

CNTRL
JP-4

CNTRL
JP-4

CNTRL
JP-4

CNTRL
JP-4

CNTRL
JP-4

CNTRL
JP-4

RT

MOD/STR
(GPa/MPa)

118.5/1841.0
86.0/1493.0

153.8/1772.0
111.1/1399.0

151.3/1671.0
115.1/1259.0

138.5/1678.0
107.1/1299.0

141.0/1875.0
100.8/1515.0

169.9/1472.0
122.3/1182.0

0° Flex*
82 °C

MOD/STR
(GPa/MPa)

131.3/1698.0
87.9/1346.0

170.8/1756.0
113.5/1330.0

157.7/1468.0
105.3/1120.0

147.9/1402.0
97.8/1116.0

150.2/1619.0
102.7/1347.0

186.6/1277.0
125.2/1084.0

ET1***

MOD/STR
(GPa/MPa)

100.7/1161.0
101.3/1162.0

128.4/1131.0
113.3/1029.0

138.9/1229.0
134.4/1216.0

125.6/1048.0
122.4/1004.0

125.7/1211.0
126.0/1234.0

152.8/865.0
153.0/949.0

90° 4-pt
Flex*
RT

MOD/STR
(GPa/MPa)

10.5/85.3
9.3/39.8

10.4/83.4
10.5/46.2

9.6/92.8
9.3/47.9

10.2/107.6
10.0/68.0

11.4/136.5
11.2/135.8

8.8/99.2
9.0/82.6

0°4-pt
Shear*

RT

STR
(MPa)

100.6
93.7

100.4
92.0

91.2
74.6

96.8
88.0

107.11
99.2

85.0
89.5

±45
Tension**

RT 82 °C ET1***

MOD
(GPa)

5.8
6.2

7.0
6.9

6.4
6.5

5.7
6.3

6.7
5.9

4.9
4.7

MOD
(GPa)

5.3
5.8

6.8
6.1

5.6
5.4

5.7
5.6

6.0
5.4

4.8
4.1

MOD
(GPa)

4.3
3.5

5.9
5.4

5.1
5.4

4.5
3.4

5.4
2.3

4.0
3.4

Table 5. GC-MS Results (Octane is used as reference).

Ma, Desorbed A/Ao JP-4 A/Ao
1 octane 1.0
2 1,2-dimethlybenzene 8.9
3 l-ethyl-3-methylbenzene 31.8
4 l-ethyl-2-methylbenzene 9.4
5 1,2,3-trimethylbenzene 34.4
6 1,2,4-trimethylbenzene 17.9
7 l-methyl-3-propylbenzene 8.8
8 1,4-diethylbenzene 32.2
9 2-ethyl-l,4-dimethylbenzene 21.8
10 1,2,4,5-tetramethylbenzene 31.8

2,3-dimethylpentane
heptane
methylcyclohexane
octane
2,6-dimethylheptane
ethylcyclohexane
2-methyloctane
1,2-dimethylbenzene
nonane
3,4,4-trimethyl-2-hexene

2.3
1.9
1.4
1.0
0.1
0.5
0.4
0.5
1.0
0.1
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JET FUEL ABSORPTION AND DYNAMI C MECHANICA L ANALYSI S OF
CARBON FIBRE COMPOSITES

by
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Abstract
Fluid absorption of carbon fibre composites, both thermosetting and thermoplastic, immersed in jet fuel under controlled
conditions of time and temperature, was determined and, in the sequence, DMA studies were performed. Storage modulus,
loss factor and glass transition temperature were the parameters utilized for the evaluation of the dynamic behaviour of said
materials.

1. INTRODUCTIO N
Structural composites applied in vehicles driven by various kinds of thermal engines are subject to the influence of chemical
reagents associated with the presence of a large number of fluids, among which fuels, hydraulic oils, lubricants etc. are only
a few, besides humidity, salt water etc. normally existing in the environment
The effect of water absorption on the various properties of polymeric composites has been studied extensively, see for example
[1, 2], and it is well known how sensitive thermosetting matrices are, absorbing up to 5% b.w. water, as opposed to
thermoplastics, by which water absorption does not exceed 2%. Very few studies exist for other important fluids, as the ones
already mentioned, most of which contain substantial amounts of organic solvents.
A considerable number of the latter, even mild ones, may have a detrimental effect on polymers. For example, acetone may
cause a stressed resin to craze, with a simultaneous decrease by more than 16% for both static and dynamic strength, while
alcohol, ether, chlorophorm and carbon tetrachloride may have similar effects, especially with highly plasticized resins [3,
41-
In the present an attempt is made to investigate jet fuel interaction with two typical carbon fibre laminates, with a thermosetting
and a thermoplastic matrix respectively.

2. EXPERIMENTA L
2.1 Materials
The following materials were tested:
(a) A OV90° non crimp fabric/polyetherimide thermoplastic composite (C/PEI) made of Courtauld's Apollo 43-750 12K
untreated, A-size C-fibres at about 50% volume fraction manufactured by Brochier, France. Hot forming took place at 10 bar
pressure and 380° C temperature. The FIT consists of fibre ravings which are spread out and impregnated with unmelted
polymeric powder. Then they are put into a polymer sheath, the polymer used being the same as that of the original powder
resin. The product has the advantage to remain flexible and, when woven, gives a fabric preimpregnated to the core.
Specimen dimensions were 40x10x2.4 mm.
(b) A unidirectional thermosetting 8-layer laminate, at about 55% volume fraction manufactured from a prepreg type SIGRI
UD tape CE 1007/150/36 with Toho fibres HTA7.
The curing temperature was 125° C and the curing process was a controlled heating/cooling 2-hour cycle, leading to a
practically stress-free laminate at ambient temperature. Specimen dimensions were 40x12x1.2 mm.
The main properties of both types of laminates appear in Table 1.

TABLE 1.

"^"'--^Properties

Materials "̂"\
SIGRI CE 1007

C/PEI

Ei
GPa

145
60.5

(warp)

£2
GPa

8.5
58.5

(weft)

G,2
GPa

4.8
--

Vl2

0.335
0.07

Cti
xlo-«oc-i

-0.55
15

a2

xio^-cr1

30
15

Tg
°C

147
215

Specimens were immersed for several hours in JP-8 jet fuel [5] at two different temperatures, namely 25° C and 75° C.

2.2 DMA tests
After immersion specimens were tested on a DuPont Dynamic Mechanical Analyzer (DMA) at both fixed and resonant
frequency modes, to determine complex moduli as well as glass transition temperatures over a temperature range from -70 to
200° C.
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Figure 3. Storage modulus of virgin and 48 hr - immersed C/PEI specimens, at three different temperatures:, against frequency.

3. RESULTS AND DISCUSSION
3.1 Fuel absorption
Fuel absorption against time for both laminates (a) and (b) is presented in Figures 1 and 2 respectively. On both occasions
absorption is low as compared with water absorption. However, with the thermoplastic laminate (Fig. 1), by which a state of
saturation is reached in 48 hours, temperature seems to be important, since a difference in saturation values of over 30%
appears. With the thermosetting laminate (Fig. 2), the temperature is less important, the latter value is less than 13%, and
absorption is substantially lower. As expected, a difference appears with fibre orientations, which, however, does not exceed

3.2 Dynamic measurements
The complex E-modulus was determined by means of the storage modulus Ef and the loss factor tan.
With the fixed frequency mode both parameters were measured at three different temperatures, namely, -65,25 and 70° C, as
functions of frequency in the range from 0 to 10 Hz both for virgin and for 48-hour immersed si>ecimens.
The results for the thermoplastic laminate appear in Figs. 3 and 4: The detrimental effect of fuel immersion is of the order of
6% for the storage modulus, while the loss factor increases by around 25%. The effect of frequency is much more pronounced
for the loss factor.
The results for the thermosetting laminate for fibre orientations 0° and 90° appear in Figs. 5 and 6 and 7 and 8 respectively:
Values for the storage modulus are reduced by 11-12% on both occasions, while for the loss factor they seem to increase by
45%.
With the resonant frequency mode, storage modulus and loss factor were plotted as functions of temperature in the range from
-100 to 200° C, out of which values for storage modulus, loss factor and glass transition temperature against immersion time
at a given temperature and at the respective resonant frequency can be determined.
With the thermoplastic laminate the storage modulus drops, as expected, by nearly 6% within 48 hours of immersion (Fig.
9), while the loss factor first drops by 6.5%, assumes a minimum value at 6 hours of immersion and then increases rapidly
(Fig. 10). This effect appears to be the same as with moisture absorption, by which the water diffused is at first fillin g the
voids and acts as a lubricant, while in the sequence it causes plasticization of the polymeric matrix.
In Fig. 11 both the first and the second transition temperatures are presented. In the first case the variation was of the order
of 10%, while in the second it did not exceed 4%.
With the thermosetting laminate the results appear in Figs. 12,13 and 14 and analogous phenomena appear. A remarkable
difference lies in the variation of glass transition temperature, which for both fibre orientations is of the order of 12.5%.
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Figure 15. Surface photomicrograph (x200) of a C/PEI specimen immersed for 24 days in jet fuel.
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3.3 Microscopic observations
A number of specimens were subjected to microscopic examination, and interesting effects in the form of rather deep pits
appeared with thermoplastic laminate immersed in jet fuel for over 24 days (Fig. 15), a fact which, if confirmed, indicates
action of organic solvents within an otherwise inert fluid.

4. CONCLUSIONS
With both types of laminates fuel absorption is low in comparison to moisture absorption, although thermoplastic specimens
absorb higher amounts - a tendency quite opposite than with moisture absorption. Despite that, the effect on the properties
investigated is much more pronounced with thermosetting laminates. Fuel temperature during immersion, although important
for the amount of fuel absorbed, has no statistically significant effect on the respective properties - probably due to the fact
that, when the specimen is heated up during measurements, the fuel is partially rejected and the material resumes its previous
state. This fact, together with the variation of loss factor with immersion time, as illustrated in Figs. 10 and 13, indicates that
fuel absorption is based on more or less the same mechanisms as moisture absorption, despite the differences in quantitative
results, due to the individual proprties of the respective materials. At this point, it is interesting tx> stress the importance of
loss factor in the determination of the variation of properties, as a parameter far more sensitive to changes than glass transition
temperature.
The additional action of organic solvents, especially with thermoplastic matrices, must be further examined, not only from
the point of view of improving the operating conditions of materials working in adverse environments, but also as a problem
of environmental protection, associated with disposal and perhaps recycling of such materials, now produced in vast
quantities..
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SUMMAR Y

This paper presents the results of an investigation into the
effect of environmental exposure on the compressive fracture
surface characteristics of carbon/epoxy composite material
( Hercules AS4/3501-6 ). The effects of temperature and
absorbed moisture on laminates are explored. Specimens were
preconditioned in either ambient laboratory humidity or in
water at 64 °C for 4 or 7 weeks. The fractures were produced
at room temperature and 93 °C. The observed fracture
features ( Scanning Electron Microscope ) of the specimens
with different preconditioning and test environments are
presented. These results illustrated differences in the amount
of fibre/ matrix separation, fibre fracture and resin fracture
with increasing temperature and absorbed moisture. The
reduction in compressive strength of laminates due to
hygrothermal effects is also discussed.

1 INTRODUCTIO N

The use of composite materials in military aircraft structures
is common, and in service they are exposed to a wide range of
environmental conditions. It is well recognized that epoxy
resins utilized in high-performance structural composites
absorb moisture in humid environments (Ref 1). The
absorption of moisture causes a slight swelling and lowers the
resin's glass transition temperature. Composite properties
which are matrix dominated such as compression strength, can
also be adversely affected by moisture uptake and this can
reduce the maximum permissible service temperature.

2 EXPERIMEN T

2.1 Development of a New Test Fixtur e

For the evaluation of combined moisture-temperature effects
on the matrix performance of composites, American Cyanamid
Corporation's " hot-wet compression test" (Ref 2) which
utilized the test fixture of ASTM Test Method D 695 (Ref 3)
had been used in a recent material characterization of newly
developed toughened resin composites at IAR (Ref 4). During
the testing, there were occasional occurrences of specimen
end-brooming in the ASTM D 695 test fixture. The end-
brooming occurred in the specimen portion which extended 2
mm beyond the jig, see Figure 1 . This end-brooming led to a
partial load transfer through the test fixture of an unknown
magnitude. The end-brooming problem was particularly serious
for the specimens which were affected by high moisture uptake
and high temperature test conditions. The specimen end-
brooming and frictional load uncertainties are inherent
shortcomings of continuous rigid support jigs. As part of the
current study, an improved compression fixture has been
developed to overcome the problem of end-brooming of the

specimen (Ref 5), as well as to eliminate frictional load
transfer to the fixture during compression loading. This new
fixture is capable of maintaining alignment and resisting lateral
motion. The test specimen is secured in the fixture with
clamping plates which also contribute to load transfer to the
specimen through shear forces and to prevent end crushing, see

Figure 2.

Figure 1. Brooming of Specimen Outside the ASTM D 695
Support Jig

2.2 Specimen

The material used in this study was Hercules AS4/3501-6
carbon/epoxy unidirectional preimpregnated tape supplied in
300 mm-wide rolls and stored at temperatures below -18 °C.
The prepreg was cut and laid up with the use of templates to
assure proper fibre angles from ply to ply. The material was
cured in an autoclave in accordance with the prepreg
manufacturer's instructions. After cure, the panels were
examined in the IAR ultrasonic inspection facility using a
pulse echo technique and they were found to be free of
detectable defects.

The stacking sequence of the 16 ply symmetric laminate and
the specimen configuration are presented in Figure 3.
Individual specimens were cut from the panels using a
diamond impregnated saw. Each specimen was then ground on
the edges and the ends to a tolerance of +/- 0.05 mm.
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Figure 2. New Test Fixtur e
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2 - A. C

In order to investigate the effects of different environmental
and test parameters on the fracture surfaces and the
compression strength of the laminate, the specimens were
conditioned at two moisture contents for different durations
and tested at two temperatures to provide 7 combinations. The
details and codes are listed in the following:

1. DR, "dry" ( conditioned in room air ) and tested at
room temperature. These specimens would provide a
baseline for determining the heat and moisture effects
on the compression strength.

2. M4R, "moist" conditioned: 4 weeks in 64 °C water and
tested at room temperature to reveal the moisture effect
on the compression strength.

3. M7R, "moist" conditioned: 7 weeks in 64 °C water and
tested at room temperature to reveal the effect of any
additional moisture adsorption on the compression
strength.

4. DH, "dry" as in (1) but tested "hot" at 93 °C to reveal
the effect of heat on the compression strength.

5. DWH, "dry" as in (1) but clamped into a warm jig,
brought to the test temperature in 93 °C water and
tested " hot" at 93 °C.

6. MH, " moist" conditioned 4 weeks in 64 °C water and
tested "hot" at 93 °C ( hot-wet compression).

7. MRR, " moist" conditioned 4 weeks in 64 °C water,
exposed to 93 °C for 15 minutes, subsequently dried
for 2 days at 80 °C in a vacuum oven and tested at
room temperature.

The moisture contents of the conditioned specimens were
determined by weight gain measurements. The weight gains
and test temperatures for the seven conditions of specimens are
presented in Table 1. As shown in ihe table, the moisture gain
between 4 and 7 weeks of water immersion at 64 °C is very
small, and this suggests an equilibrium of moisture content of
1.7 % at 64 °C for the Hercules AS4/3501-6 material.

Table 1. Effects of heat and moisture on
compressive strength of AS4/3501-6 laminate

Condition
Cod'

Conditioning
state

In wate r al 6-1"  (or

MRU M i l L S l . I l l l l l l i l C

Test Results

•C.V . = rocf lk- lc i i l ofvarlaliDii

2.4 Test Procedures

Compression tests were conducted in an environmental
chamber in the load frame of the Imtron 1 ] 25 testing machine,
see Figure 4. The loading rate was 0.5 mm/min. and the chart
recorder speed was 20 mm/min..

The mounting of the specimen in the jig required proper
clamping as described in (Ref 5). The DWH and MH
specimens were clamped in the support jig and pre-heated in
a water bath that was maintained at 93 °C, whereas the
clamped DH specimens were pre-heated in the chamber. The
test temperature was monitored with a thermocouple.

2.5 Strength Test Results

The average compression strengths of the various conditioned
laminates are given in Table 1. Each value is the mean of 14
tests. The coefficients of variation are generally low and do
not exceed 6 %. For comparison purposes, the strength values
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Figure 4. A Typical Set-Up for Hot-Wet Compression Test

expressed as a percentage of the average value of the dry room
temperature specimens ( DR) are also presented in Table 1. It
is apparent that the application of combined heat and moisture
produced a large decrease ( 39 %) in the compression strength
of the laminate. For the dry conditioned specimens, the
application of heat alone, such as DH and DWH, had moderate
effects, which reduced the compression strength of the
laminate up to 16 %, while moisture conditioned specimens,
such as M4R and M7R, had littl e reduction in strength
(approximately 6 %) at room temperature. The relatively small
amount of moisture increase of 0.2 % between 4 and 7 weeks
of immersion had no significant effect on strength. The
strength of MRR specimens was only slighdy reduced and
this indicated that specimens immersed in 64 °C water for 4
weeks did not suffer any significant damage.

3 MACROGRAPHI C OBSERVATION S

Macroscopically, the fractures produced under compression
loading exhibited gross buckling, extensive delamination,
cracks and over-running of the delamination planes. Since
there was a significant difference in the compressive strength
between the DR and the MH specimens , macrographic
observations were conducted mainly on these specimens.

Preliminary visual examination of the failed specimens
revealed significant differences in the overall appearance of the
fractures of the DR and MH specimens, shown as edge views
in Figure 5a and 5b respectively. Compression failure modes
in MH specimens are predominately shear crippling as defined
in ( Ref 6) accompanied by delamination. In general, cracks
in outer plies are oriented at an angle of approximately 45° to
the longitudinal axis of the specimen, whereas in the central
ply regions, the cracks are generally oriented at an acute angle
of approximately 10° to the longitudinal axis of the specimen.
For the DR specimens, compression failures are characterized
by extensive delamination and many cracks propagated through
the thickness of the laminate at an angle of approximately 45
degree to the longitudinal axis.

Compression micro-buckling appears to be the primary failure
mechanism for these specimens; it involves local buckling of

(a)

Figure 5. Edge Views of Failed Specimens (a) DR (b) MH

(x25)

individual fibres at a point where a localized instability exists.
When the fibres are supported by a rigid matrix , failure
usually occurs at high stress with considerable delamination.
The DR specimens exhibited this failure pattern, see Figure 5a.
Low modulus resins offer less support to the fibres, hence the
fibres may kink and lead to shear crippling and thus failure
may occur at a lower load. The MH specimens failed in this
fashion, see Figure 5b.

Closer examination of the failure surface ( exposed by
carefully pull ing the laminates apart in the laboratory) reveals
significant differences in the fracture features of DR and MH
specimens as shown in Figure 6. The fracture of DR
specimens are predominately oriented 45° to the loading
direction and the fracture surfaces exhibit a mix of intra-,
inter- and trans-laminar failures. The fracture surfaces are very
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irregular since the dominating feature of trans-laminar fracture
is broken fibre bundles. Overall, the test of the DR specimen
produced a large failure surface area which was a result of
failure at high stress.

Figure 6. Failure Surfaces of DR and MH Specimens

The MH specimens exhibit fractures that are normal to the
loading direction. The fracture surfaces in the X-Y planes are
mainly ±45° degree plies which are terminated in the
transverse direction. The ±45° degree plies in the laminate
appear to be predominately in the 45 degree fracture mode
while the 0° and 90° plies are in the transverse fracture mode.
Since the dominant failure mode for the MH specimens is
shear crippling within the laminate, the fractures through the
0°, 90°,0°, 90° degree ply groups in the laminate are confined

to small multiple steps at the ends of the fracture surface. The
relatively planar fracture surfaces of the MH specimens are
dominated with inter-laminar fracture surfaces which are
significantly smaller than those of the DR specimens.

3.1 Process of Failur e in Laminates

DR specimens:

In an analysis of this failure process, it was known that the
specimen had been subjected to a compressive load with
monotonic increasing applied strain at any given cross section.
Based on the ultimate strains reported in (Ref 7) for ±45°, 90°
and 0° degree orientations, it appears that during compressive
loading of the specimen, when the applied strain value reached
a critical value for the 0° degree plies, failure would initiate in
a region leading to a gradual loss of stiffness. As the applied
compressive strain was further increased to the critical value
for ±45° plies, these plies started yielding. When the applied
compressive strain approached the ultimate failure strain value
for the 90° plies, the laminate failed by buckling and
delaminating.

MH specimens:

Grimes (Ref 8) reported that both shear and transverse strains

could be affected significantly by elevated temperature testing
of high moisture content material and their ultimate strains
could be reduced up to 50% of th; room temperature value.
Again, based on the reported ultimate strain values (Ref 7) for
±45° , 90° , 0° orientations, as soon as the applied
compressive strain was close to Ihe ultimate failure strain
values, the ±45° and 90° plies lost stiffness and caused the
remaining 0° plies to buckle. At this point, possibly a small
elastic buckle occurred because of softening of the matrix due
to the elevated temperature. As a consequence, the matrix was
no longer capable of supporting the fibres, resulting in shear
crippling prior to fracture across th; entire cross section.

In general, the inter-laminar fractures of the ±45° plies in the
MH specimens are very prominent .md this is probably due to
the low shear strain of the matrix which has been degraded by
a combined effect of the elevated temperature and high
moisture.

O N F R A C T O G R A P H I C4 D I S C U S S I ON
OBSERVATION S

Scanning electron microscopic (SEM) examinations were
carried out on the failed specimens to (a) characterize and
compare the fracture surface topography of the differently
conditioned specimens and (b) to establish whether specific
morphology could be correlated to the ultimate compressive
strengths of specimens subjected to hot/wet conditioning. SEM
is a very useful technique for the detailed examination of the
fracture surfaces.

±45° Ply Fractures: Figures 7a and 7b show delamination
between and within the ±45° pliss for the DR and MH
specimens, respectively. Typical fractures generated in the DR
specimens exhibit combined features of cohesive matrix failure
and limited fibre pull-out. The fibre surfaces appear to be
coated with a layer of matrix maierial. This implies that a
satisfactory interfacial fibre/matrix 3ond existed. The fracture
surfaces of the MH specimens typically exhibit a rougher
topography with large areas of fibre/matrix separation and de-
bonded fibres. In general, these observations are in agreement
with published literature (Ref 8,9,10) and they indicate a
degradation in the "fibre-to-matrix" interfacial region that tends
to occur under elevated tempera ture and high absorbed
moisture conditions.

0" and 90° Cross-Ply Fractures: The fracture topography of
delamination produced between cross plies is illustrated in
Figure 8a and 8b for the DR and MH specimens respectively.
Matrix fracture appears to be the dominant fracture feature for
the DR specimens. The coherent fracture surface reveals good
interfacial bonding as evidenced by resin matrix adherence to
the fibre surface, and numerous hackles (H) are also exhibited.
On the MH fracture surface matrix fracture, fibre/matrix
separation and fibre breakage can be observed in Figure 8b.
Again, this indicates that the interfacial strength has been
degraded due to the elevated temperature and high moisture
content in the materials. There is an increased amount of
fibre/matrix separation for the MH specimens as compared to
the DR specimens and the fracture planes tended to occur
within or adjacent to closely packed fibres within the ply,
resulting in fibre fracture, fibre imprints and local regions of
resin fractures.

As shown in Figure 9, an examinmion of the fracture surface
of the DH specimen reveals littl e fibre and matrix
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fragmentation. Most of the fibres appear to be coated with
matrix. In contrast to the DR specimens, the DH interfacial
fracture surfaces show significant reduction in the size of the
hackles. The reduced fracture surface area may relate to the
moderate strength loss of the DH specimens.

Figure 7. Fracture Surfaces Between and Within ±45° Plies of
Specimens (a) DR (b) MH

90° Ply Fractures: As shown in Figure lOa, the fracture
surfaces of the 90 degree ply of the DR specimen exhibit
many hackles of various sizes. The small hackles appear to be
more of an integral part of the matrix than the deeply cleaved
large ones. The fracture surfaces of the MR specimen show
coarse hackles and other hackles appear to have separated
leaving a scalloped appearance, see Figure lOb. In Figure lOc,
die DH specimen exhibits intra-laminar ( within the ply)
fracture surfaces with small hackles and broken fibres. A crack
(C) can be observed that appears to be approximately normal
to the fracture surface. It is difficul t to assess the degree of
debonding on this surface. The fracture surface of the 90" ply
of the MH specimen, see Figure lOd, shows extensive matrix
disintegration and fibre breakage.

Figure 8. Fracture Surfaces Between 0° and 90° Cross-ply of
Specimens (a) DR (b) MH

Figure 9. Fracture Surfaces of DH Specimen Between 0° and
90° Cross-ply
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Figure 10. Fracture Surfaces in 90° Ply of Specimens (a) DR
(b)MR

The hackle markings were usually formed on the fracture
surface with fibres at 90° to the load and the hackles were
between the fibres. Grove and Smith (9) suggested that hackle
formation initiates between the fibres provided that the
interfacial strength is reasonably high. For the DR and MR
specimens, see Figure lOa and lOb respectively, examination
of the fibres appears to reveal good interfacial bonding as
evidenced by resin matrix adherence to the fibre surfaces.
Hence, the hackle marking is a predominant feature on the
fracture surfaces of both specimens. The fracture surface of the
DH specimen exhibits a few shallow hackles, see Figure lOc,
and this suggests that the softening of matrix due to the
elevated temperature may reduce the size and number of
hackles. The relatively clean fibre surfaces of the MH
specimen, see Figure lOd, suggests a weaker fibre/ matrix
interfacial region which may prevent the formation of hackles
in the matrix between fibres as there is no evidence of hackles
in the MH specimen.

0° Ply Fractures: In Figure 11 a, the fracture surface of the
DR specimen does not exhibit any micro-buckling. The
integrity of the matrix appears to be intact below the fracture
surface. The fracture features consist mainly of hackles.

Figure 10. Fracture Surfaces in 90° Ply of Specimens
(c) DH (d) MH

In contrast with the DR specimen, the DH, MR, and MH
fracture surfaces in Figure 11 (b, c and d) indicate micro-
buckling (short fibre lengths) and breakup of the composite.
Figure l i e and d show an increase in matrix/fibre separation.
For the MH specimen, the fibre surface is almost devoid of
adhering matrix while on the DH and MR specimens some
matrix remained as ridges on the fibre fragments.

5 CONCLUSIONS

Hercules AS4/3501-6 laminate specimens conditioned to a
moisture content of about 1.5 % and tested in compression at
93 °C showed a strength reduction of 39.2 % as compared to
a dry laminate with a moisture content of 0.3 % tested at room
temperature.

Macrographic observations indicated that specimens that had
sustained high failure loads appeared to exhibit larger fracture
areas than lower strength specimens. The general trend for
the fracture areas of the different conditioned specimens are in
decreasing order DR, MR, DH and MH and this trend agrees
very well with their respective strengths.
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Figure 11. Fracture Surfaces in 0° Ply of Specimens (a) DR
(b)MR

(d)

Figure 11. Fracture Surfaces in 0° Ply of Specimens
(c) DH (d) MH

The predominant failure mode for laminates under compression REFERENCES
loading was micro-buckling of the fibres. It appeared that
micro-buckling was very sensitive to matrix support. The
combination of a weak fibre/matrix interfacial region and a 1.
lower modulus matrix is expected to promote fibre micro-
buckling and hence poor compression performance.

The specimens that were moisture conditioned and tested at
93° C appear to have failed in the fibre-matrix interface region.
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SUMMARY

This paper examines the effect of certain heat
treatments on the properties of PEEK and carbon fibre
reinforced PEEK. Differential scanning Calorimetry,
wide angle X-ray diffraction, dynamic mechanical
testing, flexture testing and microscopy were done to
study the changes in the amount of crystallinity and to
observe the effect this crystallinity change on the other
properties.

DSC thermograms showed that although there is
no considerable change in crystalline melting point of
the composite specimens depending on the heat
treatment applied there is a change in PEEK. It was
confirmed by both DSC and WAXD data that it is
possible to control crystallinity of PEEK and APC-2
easily by applying simple heat treatments. The glass
transition temperatures of as-received PEEK and APC-2
obtained from dynamic mechanical spectrum are 165.9°
and 160.9° C respectively. More higher glass transition
temperatures were also observed for high % crystalline
composite specimens. In the literature 143° C is stated
as Tg of these materials. The frequency effect on
dynamic mechanical spectrum was also determined. It is
concluded that as the frequency decreases the dynamic
mechanical spectrum shifts to lower temperatures and
loss tangent (tan 5) increases in value.

Flexture testing results shows that the flexture
properties are independent of crystallinity. Fracture
surface examination was confirmed the debonding in
quenched APC-2 samples. It was also observed strong
adhesion for crystallized samples. This research clarifies
the use and applicability of heat treatment for
commercial processing.

1. INTRODUCTION

Thermoplastic matrix composites have become an
important material for the aerospace industry. The recent
developments in thermoplastics made possible the
production of high strength and enviromental resistant
composites. As mentioned by Heym et al [1] and
Clemans and Hartness [2] various thermoplastic
polymers with high glass transition and crystalline
melting temperatures are commercially available in the
market.

The tougness and enviromental resistance are
primarily important porperties of PEEK/carbon fibre
composites. High glass transition (Tg) and melting
temperature (Tm) are also quite attractive where high
temperature applications are necessary. APC-2 has also
superiority against traditional thermosetting composites
from production point of view since the materials
chemistry is determined before the impregration stage
and no need for prolonged curing stages. It has also low
moisture absorption [3] and improved repairability.

Undoubtedly, the fibre-matrix interface and the
crystallinity have the main role in determining most of
the composites' mechanical properties. In APC-2 fibre-
polymer interface acts as nucleating sites for spherulites.
So the heat treatment applied to APC-2 may change
fibre-matrix interface characteristics and spherulite
morphology which in turn affect the mechanical
response of the material. Blundell et al [4] enlightened
the nucleation behavior of spherulites in APC-2 and
determined how spherulitic morphology changes with
the preparation conditions of the composite. Talbott et al
[5] determined that both fracture toughness and fracture
energies depend mainly on the amount of crystallinity
for APC-2 and both of these decrease with increasing
the amount of crystallinity.

The purpose of this research is to find out the
effect of certain heat treatments on the amount of
crystallinity which also affects dynamic mechanical
behavior, flexural properties and fibre-matrix interface
characteristics. This research provides an understanding
of the physical properties of APC-2 which also
determines the mechanical characteristics. Additionally
the possibility of heat treatment with PEEK and APC-2
clarifies since the heat treatment has an importance in
commercial processing.

2. EXPERIMENTAL DETAILS

2.1 Materials and Heat Treatments

For this research, PEET (450 G grade) supplied
by ICI (UK) and carbon fibre reinforced PEEK (APC-
2) supplied by MBB (Germany) were used. The
composite was unidirectionally reinforced and was
composed of 32 weight % PEEK and 68 weight % IM-
6 carbon fibres.

Four different heat treatments were done to PEEK
and the composite. The temperature of 330° C were
chosen to increase the amount of crystallinity of the
specimens since this temperature is below the crystalline
melting point of the materials. The temperatures 335° C,
which is around the Tm of the materials, and 345° C
which is above the Tm of the materials were chosen to
decrease the crystallinity of the materials by quenching
from these temperatures. These heat treatments were as
follows:

i) The specimens were heat treated at 330° C for
10 minutes and furnace-cooled.

ii ) The specimens were heat treated at 330° C for
10 minutes then taken and put in a furnace at 240° C
and slow-cooled.

iii ) The specimens were quenced in liquid nitrogen
after heat treating an hour in a furnace at 335° C.
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iv) The specimens were quenched in liquid
nitrogen after heat treating an hour in a furnace at
345°C.

Furnace cooled samples are denoted by FC and
quenched samples are denoted by Q. For example,
APC-2 specimens heat treated at 330° C and furnace
cooled wil l be shown by APC2-FQ330), and PEEK
specimens quenched from 345° C wil l be shown by
PEEK-Q(345). Additionally, as received specimens wil l
be called APC2 and PEEK, respectively for the
composite and the polymer.

2.2. Differential Scanning Calorimetry (DSC)

In order to obtain DSC thermograms by which
crystallinity, and crystal melting point (Tm) were found,
Perkin Elmer DSC-2 were used, 10-15 mg samples
were cut from both APC2 and PEEK samples and
sealed in alumimum pans. The heating rate of 20.0
deg/min and the cooling rate of 320 deg/min were
applied.

The heat of fusions (AHf) of the materials were
found from the area of the melting peaks. By accepting
the heat of fusion of fully crystalline sample as 130 J/g
[6,7] the crystallinities of the PEEK samples were
calculated. For APC2 samples similar calculations were
done by correcting the AHf data for pure PEEK since
the composite contains 68 weight % carbon fibers.

Undamped three point bending test at a frequency of
62.8 rad/sec was done. In order to determine the
frequency effect on the glass transition temperature and
tan 8 additional tests were also done at different
frequencies.

2.5. Flexture Testing

Flexural three point bending tests were done by
using an Instron 4206 materials testing machine. The
specimen dimensions were (lmmxl6mmx6Omm) and
(3.25mmxl6mmx60mm) for APC2 and PEEK
specimens, respectively. The span was 40mm. The
crosshead speed of 2.667 mm/min and 1.6mm/min
were applied for APC2 and PEEK samples,
respectively.

The flexture modulus, E, was calculated using the
equation:

E=
4bh3

(3)

where b is the beam width and in is the value of the
applied load divided by the crosshead movement of the
testing machine. L is the span.

2.3. Wide Angle X-Ray Differaction (WAXD)

Cu Ka radiation was used. Diffraction profiles

were recorded by scanning at a rate of 0.02° 26 /sec
over an angular range 8°<2 <38°. For PEEK samples,
the crystallinity calculation was done by using the
following equation [8]

Crystallinity=.
Area of Crystalline Fraction

-d)

Area of Crystalline Area of Amorphorous
Fraction + Fraction

The flexural strength, o, was calculated using the
equation:

3PL

2bh2
(4)

where P is the maximum load applied. The load applied
was perpendicular to fibre direction.

The fracture surfaces of toe tested specimens
were examined under scanning electron microscope.
Primarily, the fracture surfaces were mounted on stubs
and coated with Au-Pd.

The shape of non-crystalline background was
estimated by referring to the data by Blundell [6].
Figure 1 shows the typical diffraction profile for PEEK
samples.

The crystalline determination for the composite
specimens was done by referring the calibration curve
drawn by Blundell et al [9]. More precisely, h\ io/hc
ratios were found and corresponding crystallinities were
datermined from the mentioned calibration curve.

2.4. Dynamic Mechanical Evaluation

The Rheometrics RSA2 Solids Analyzer was
used to determine tan 5 vs temperature, E' (storage
modulus) vs temperature, and E" (loss modulus) vs
temperature curves. E' is the real part of the complex
modulus. E*, and E" is the imaginary part of E*. E*  is
defined as

E* = E' + iE" (2)

3. RESULTS AND DISCUSSION

3.1. DSC Results and Crystal Melting Points

For as-received PEEK and APC2 the melting
points were determined as 338.5° and 341.9° C
respectively. Additionally the glass transition
temperatures were determined as 168° and 163.7° C for
PEEK and APC2, respectively. The melting points are
in agreement with the tabulated data but Tg values are
20-25° C higher than the usually reported values for
these materials in the literature. The DSC results for the
heat treated samples show slight change in melting
points for the composite specimens. However, the
samples which were crystallized at 240° C shows
approximately 10° C increase in the melting point of the
composite specimen. This is attributed to the change in
spherulic crystal structure, both in terms of spherulite
diameter and lamellae thickness. On the other hand
PEEK specimens show approximately 10° C increase in
melting points after each heat treatment except the one
which was quenched in liquid nitrogen from 335° C.
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The melting point increase in PEEK samples may be
due to lack of reinforcements which means the
spherulite shape can change more easily without any
impingement by carbon fibres and without any
nucleation effect due to carbon fibres. Tables 1 and 2
show the melting points of PEEK and APC2 samples
respectively.

3.2. Dynamic Mechanical Spectrums and Glass
Transition Temperatures

The Tg of PEEK and APC2 from the DSC data
and from the dynamics spectrums are in close
agreement. The dynamic spectrum gave 165.9° and
160.9° C as Tg of PEEK and APC2, respectively. The
Tg of the composite samples show changes depending
on the heat treatment done. While the Tg of APC2 and
APC2-Q(345) are almost same there is 10° C increase in
Tg for APC2-FC(330), 15° C for APC2-FC(240), and
approximately 5° C increased for APC2-Q(335).
Therefore a question arises if the glass transition
temperatures are not only dependent on the amorphous
phase but on crystalline phase as well. This means
degree and perfection of crystallinity. It is imposible to
answer this question at this moment without further
investigation. Attributing these changes to the changing
molecular weight of the sample is diffucult because it is
known that even though the molecular weights of three
commercial grade polyethoretherketone polymers,
namely 150P, 380P and 450P grades, are different they
have the same glass transition temperatures. If the
change in glass transition temperatures does not depend
on crystallinity in addition to amorphous phase it may
be thought that the entanglement of the polymer chains
somehow changes so that they loose their mobility. The
chain mobility also decreases by the presence of carbon
fibres. On the other hand glass transition temperatures
of PEEK samples are more or less same. There is no
distinct change in Tg of these samples. Tables 3 and 4
show the Tg values of PEEK and APC2 samples
respectively.

Figures 2 and 3 show the dynamic mechanical
specturms of PEEK and APC2, respectively, in the
temperature range 100° -240° C.

It was further determined if there is frequency
effect on the dynamic mechanical spectrums. For this
purpose 1 rad/sec and 0.1 rad/sec frequencies were
applied. It was concluded that there is a considerable
frequency effect on the spectrums especially at low
frequency value of 0.1 rad/sec. The results of these
experiments were shown in terms of Tg and tan 8 in
Tables 5 and 6.

Even when the frequency was decreased to 0.1
rad/sec the Tg obtained was greater than the usually
reported value of 143° C. Partridge et al (10) have also
reported Tg of PEEK as 160° C. The results show that
Tg of PEEK in literature is also lower than the Tg of
APC2 tested which is also an indication for the
difference of the matrix of APC2 than of usual matrix
material PEEK.

It was also seen that tan 8 value measured at Tg
for less crystalline composite material is the largest.
This may be an indication of debonding the fibre and the
matrix. As the debonding increases it becomes possible
for the material to dissipate more of
the input energies due to inter-fibre friction. The
decrease in adhesion in quenched samples was also
cofirmed by fracture surface analysis which is discussed
below.

3.3. Crystallinity of the Specimens

As mentioned above, the crystallinity of the
specimens was determined by using two methods.
First, it was determined by using the heat of fusion
values obtained from DSC thermograms. Second, wide
angle X-ray diffraction was used to calculate the
crystallinities. Table 7 shows the heat of fusion values
and corresponding crystallinities for PEEK samples.
Table 8 shows the heat of fusion values for APC2
specimens, corrected heat of fusions for the matrix and
corresponding crystallinities of APC2 samples. The
crystallinities determined by using WAXD are shown in
Tables 9 and 10.

It is seen that both DSC data and WAXD data
gave more or less same figures. The difference,
especially for the APC2 samples between the
crystallinities of the samples obtained by two different
methods is undoubtedly due to the method difference
and neither the DSC crystallinities nor WAXD
crystallinities are the absolute crystallinities of the
materials. The only exeption which is contradictory is
data obtained for PEEK-Q(345). All the crystallinities of
PEEK samples were estimated by drawing an
hypothetical background reflection due to amorphous
phase. This high crystallinity of PEEK-Q(345) is
probably a wrong estimation. Nevertheless, it is
concluded that the percent crystallinity can be changed
to a certain extent by heat treatment which may facilitate
a change in mechanical properties if it is desired. It is
obvious from the results that both slow cooling from
330° C and first heating to 330° C followed by slow
cooling from 240° C increases the crystallinity as
expected. Although the difference in crystallinities
obtained as a result of these two heat treatments is not
significant for the composite samples, 10% difference is
seen in the case of PEEK specimens. Quenching in
liquid nitrogen from 335° C changes crystallinity but
since already existing crystals could not melt at this
temperature for PEEK-Q(335) this heat treatment only
increased crystallinity for this specimen as if it was
annealed and final quenching changed nothing.
However same heat treatment for APC2-Q(335) shows
a considerable decrease in crystallinity. This means that
the former crystallites of APC2-Q(335) melted to a
certain extent and further crystallization was suppressed
by quenching. The reason why the melting of
spherulites occur below 341.9° C, which is the
determined crystal melting point, is that some
spherulites may have different morphology which in
turn means that they may have somewhat lower crystal
melting point. Some of the DSC thermograms show
double peaks as crystal melting occurs (Figure 4). This
is probably due to recrystallization which occured as a
result of the heat treatment applied.

When both PEEK and APC2 were quenched in
liquid nitrogen from 345° C they showed a considerable
decrease in crystallinity.

It is also worth mentioning that although the
obtained diffraction patterns for APC2 specimens are in
agreement with the patterns appeared in the literature
there is a difference between the diffraction pattern
obtained and that in the literature for PEEK. The
obtained peaks appear at 18.7°, 20.7°, 22.5° and 28.7°
which are in agreement with the reported figures but the
peak at 18.7° is not the strongest intensity peak in the
results but it is the strongest peak in the literature on
PEEK [5,9]. The strongest intensity peak appears at
22.5° (Figure 1). Additionally there is no preferred
orientation in the PEEK tested is it was expected.
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3.4. Flexure Testing Results and Fracture Surfaces

Flexture tests were done to determine the effect of
the heat treatment on flexural properties. The results of
flexure tests are shown in Tables 11 and 12.

As mentioned above the load applied was
perpendicular to the fibre direction. As far as the results
are concerned there is no direct relationship between
flexure modulus or strength and crystallinity. Therefore
it seems that flexural properties develop independent of
crystallinity at least in the crystallinity range tested
which is 21.45-41.13% for PEEK samples and 18.61-
34.42% for APC2 samples according to DSC data. For
the case the load parallel to fibre direction the behaviour
of the composite may be different.

Finally fractographic examination was done under
scanning electron microscope. In these micrographs it is
clearly seen that apart from tension and compression
failures buckling and delamination also occured.
Figures 5 and 6 show the whole thickness of the
fracture surfaces of APC2-FC(330) and APC2-Q(335).
If the crystallized APC2-FC(330) is compared with the
quenched APC2-Q(335) it wil l be clearly seen that the
fibre-matrix adhesion in the quenched sample is lower
than the crystallized one. The fibre surfaces in the
quenched sample is more clean. Fibre pull-out from the
matrix in the tension area is quite obvious. Figure 7
shows the fibre-matrix interfaces in tension area of
APC2-FC(330). This micrograph also shows good
fibre-matrix adhesion in a crystallized sample. Figure 8
shows the compressive fibre failure and ductile tensile
failure of matrix of APC2-FC(330). Figure 9 shows
fibre-matrix interfaces in tension area and fibre tips in
compression area of APC2-FC(330). Good fibre-matrix
adhesion can also be seen for the crystallized sample in
these figures. However, fracture surface from
compression area of APC2-Q(345) shows fibre-matrix
debonding as a results of quenching as shown in Figure
10. Figure 11 shows compression and tension surfaces
on a single fibre tip and fibre-matrix debonding of the
specimen APC2-Q(345).

Tsblel. The melting poinu of PEEK specimens.

rmrc)
PEEK

338.5

PEEK-FCO30)

350.2

PEEK-FC(240)

346.2

PEEK-QO35)

337.6

PEEK-Q(345)

345.2

Table 6. The frequency effect on Un in dynamic ipectrurn

FREQUENCY

tan(stTB)[APC21

andtTjHPEEKl

62.8 rad/sec

6.0x10-3

1.69x10-1

Irsd/fex:

7.0Sxl(>-3

2.72x10-1

0.1 rad/sec

1.36x10-2

2.26x10-1

Table 7. The heat of fusion data and corresponding crysUllinitk *  Tor PEEK specimen*.

AHm PEEK (MO

% Crysullinitv

PEEK

38.%

29.97

PEEK-FC(330)

53.4V

41.13

PEEK-PCB40)

40.93

31.48

PEEK-QO35)

4333

33.33

Table 8. Heat of fusion data and corresponding crystallinities for  APC2 specimens.

AHm composite (JA

AHm mstrix (J/g)

ftCrvsullinity

APC2

10.81

33.78

25.99

APC2-FCO30)

13.13
41.0!)

31.61

APC2-FC(240)

12.02

37.56

28.89

APC2-Q(335)

7.74

24.19

18.61

Tibl c 9. CrysulUnilies of PEEK qerimens from WAXD dill .

«Crysu!linitv

PEEK

28.61

PEEK-FCO30)

36.08

PEEK-QO35)

36.03

PEEK-OO45)

311

Table 10. The crysullinities of APC2 specimens from WAXD dati.

% Crvsullinitv

APC2

18.33

APC2-FCO30)

24.72

APC2-OO35)

18.33

APC2-OO45)

17.7

Table 11. Flexture testing results of PEEK specimens.

Table 12. Flexure testing results of APC2 specimens.

(MP.)

B(MP«)

PEEK

191.75

2976.77

PEEK-FCO30)

184.67

3421.53

PEEK-FC(240)

174.48

3418.51.

PEEK-OO35)

173.46

3201.89

PEEMX345)

173.72

3234.58

(MP.)

E(MP.)

APC2

1789.13

152224

APC2-FCO30)

1887.13

151204

APC2-FCCMO)

1799.91

147497

APC2-O(335)

1788.16

151466

APC2-OO4S)

1835.7

156796

Table 2. The melting points of APC2 specimens.

rmCQ

APC2

341.9

APC2-FCO30)

344.8

APC2-FCB40)

349.6

APC2-QO35)

342.11

APC2-O(345)

34Z5

Table 3. The glass transition temperatures of PEEK specimens.

PEEK

T«(°C) 165.9

PEEK-FC(330)

170.8

PEEK-FC(240)

170.8

PEEK-0035)

164.9

PEEK-Q(345)

170.1

Table 4. The frequency effect on Tg in dynamic mechanical spectrum.

TuCC)

APC2

160.9

APC2-FCO30)

171

APC2-FCI240)

176

APC2-QO35)

165.2

APC2-CK345)

160.3

Table S. The frequency effect on Tg in dynamic mechanical spectrum.

FREQUENCY

T, <°C) [APC2]

T« CO [PEEK]

62.8ndAec

160.9

165.9

InoVkec

159.6

159.7

0.1 rad/sec

154.7

154.8

10 12 14 16 16 20 22 24 26 28 30 32 34 36

26 Oegrein

Figure 1. A typical X-ray diffractio n scan of PEEK specimens.
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Figure 2. The dynamic mechanical spectrum of PEEK.

Figures. The dynamic mechanical spectrum of APC2.
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Figure 4. DSClhermogramorAPC2-FC(240).

Figure 5. Flexural failure of APC2-FC(330) where
whole specimen thickness is shown.

Figure 6. Flexural failure of APC2-Q(335) where whole
specimen thickness is shown.

Figure 7. Fibre-matrix interfaces in tension area of
APC2-FC(330).
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Figure 8. Compressive fibre failure and ductile tensile
failure of the matrix of APC2-FC(330).

Figure 11. Compression and tension surfaces on a
single fibre tip and fibre-matrix debonding (APC2-
0(345)).

Figure 9. Fibre-matrix interfaces in tension area and
fibre tips in compression area (APC2-FC(330)).

4. CONCLUSIONS

The conclusions of this resarch are:

1. It is possible to control crystallinity of PEEK
and APC2 by a suitable heat treatment. Quenching the
materials around their crystal melting points can
decrease the crystallinity to a certain extent. Annealing
below the glass transition temperature and slow cooling
increases crystallinity.

2. Both PEEK and APC2 have glass transition
temperatures higher than usually reported 143"C.
Moreover the diffraction pattern of PEEK is slightly
different than the reported one.

3. There is no relationship between the flexural
properties of both materials and the heat treatments
applied. This in turn means that flexural properties of
the composite does not depend on the crystallinity for
the case the load perpendicular to the fibre direction.

4. Fracture surface studies show that the
quenched APC2 looses its fibre-matrix adhesion to
certain extent.
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Figure 10. Fracture surface from compression area of
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Environmenta l  Resistanc e o f  Amorphou s Bonde d Thermoplasti c Joint s

C.  Vot o
M.  lannon e
Aleni a S.p.A .
Zona AS I  Incoronat a
71100 Foggia ,  Ital y

1.  SUMMARY

Amorphou s bondin g appear s t o b e a  promisin g
metho d o f  joinin g thermoplasti c matri x
advance d composites .

The temperatur e t o bond ,  lowe r  tha n fo r
fusio n bonding ,  an d th e limite d dimensio n
of  th e melte d zone ,  allo w significan t  cos t
reductio n an d guarante e goo d mechanica l
characteristics .

On th e othe r  hand  a  potentia l  proble m
exists ,  du e t o lowe r  resistanc e t o aero -
nautica l  solvent s an d servic e fluids ,  be -
caus e o f  th e amorphous  natur e o f  th e bon -
din g layers .

The basi c resistanc e t o environmenta l  de -
gradatio n o f  th e resin s use d fo r  bonding ,
and th e chemica l  stabilit y  o f  thei r  blend s
wit h th e semicrystallin e matrice s o f  th e
adherends ,  hav e bee n investigated .

2.  INTRODUCTION

Thermoplasti c  resin s sho w severa l  characte -
ristic s ver y interestin g fo r  thei r  us e
as composit e matri x i n aeronautica l  appli -
cations .  I n fact ,  thei r  molecula r  structu -
r e make s the m toughe r  tha n thermosettings ,
becaus e o f  thei r  highe r  plasticity ;  thi s
propert y give s the m als o a  highe r  impac t
resistance .  When heate d abov e th e glas s
transitio n temperatur e (Tg )  or ,  fo r  semi -
crystallin e thermoplastics ,  abov e th e mel -
tin g temperatur e (Tm) ,  th e thermoplasti c
composite s ca n b e molded .  The y ca n b e in -
definitel y store d a t  roo m temperatur e an d
can b e potentiall y  reprocessed .  Severa l  o f
th e thermoplasti c resin s use d a s composit e
matri x sho w hig h servic e temperatur e an d
good resistanc e t o th e environmen t  an d th e
aeronautica l  fluids .  Finally ,  weldin g i s a
joinin g techniqu e applicabl e t o thermopla -
stics ,  wit h hig h potentialit y fo r  cos t  re -
duction .

On th e othe r  hand ,  th e majo r  drawback s
affectin g thermoplasti c applicatio n fo r
aeronautic s ar e th e hig h cos t  o f  ra w mate -
rial s an d th e incomplet e availabilit y  o f
processin g technique s an d facilities .

Two o f  th e thermoplasti c resin s mor e widel y
investigate d ar e PEEK (Poly-Ether-Ether -
Ketone )  an d PP S (Poly-Phenilen-Sulfide) .
They ar e semicrystalline ,  i.e .  i n thei r
molecula r  structur e a n amorphou s phas e i s

merge d wit h a  crystallin e one .  Thi s latte r
phas e give s highe r  resistanc e t o th e envi -
ronment .  Furthermore ,  bein g th e meltin g
temperatur e o f  th e crystallin e phas e alway s
highe r  tha n th e glas s transitio n temperatu -
r e o f  th e amorphou s on e (a n approximat e
rati o o f  3/ 2 o f  th e tw o temperatur e expres -
se d a s Kelvi n Degree s doe s usuall y exist) ,
th e hig h temperatur e propertie s o f  th e
materia l  ar e strongl y increase d whe n a
crystallin e phas e i s included .

One o f  th e mos t  interestin g composit e wit h
a semicrystallin e thermoplasti c  matri x i s
APC-2,  tradenam e o f  a  composit e develope d
and supplie d b y IC I  Fiberite ,  wit h PEEK
matri x an d Hercule s AS- 4 carbo n fibe r  rein -
forcement .  Poly-Ether-Ether-Keton e (PEEK) ,
as reporte d before ,  i s  a  semicrystallin e
polymer ,  wit h a  meltin g temperatur e o f
343° C an d glas s transitio n temperatur e o f
143° C (1-2) .

Relativ e amoun t  an d morpholog y o f  th e cry -
stallin e phas e depen d o n processing ;  a  ver y
importan t  processin g paramete r  i s coolin g
rat e fro m melt .  I n fact ,  i t  ha s bee n foun d
tha t  a  ver y hig h crystallinit y leve l  (abou t
40%)  i s obtaine d b y coolin g th e mel t  a t
ver y lo w coolin g rate s (l°C/min) .  A t  coo -
lin g rate s rangin g fro m 1 0 t o 80° C th e fi -
nal  crystallinit y reache d b y th e polyme r
i s nearl y constant ,  showin g a  valu e o f
abou t  30%.  Quenchin g th e mel t  polyme r  a t
highe r  coolin g rate s a  lowe r  crystallinit y
conten t  i s  obtained ,  unti l  a  complet e quen -
ching ,  givin g full y amorphou s material ,
i s  observe d a t  coolin g rate s highe r  tha n
1000°C/min .

The mechanica l  an d physica l  propertie s o f
th e PEEK resin ,  a s wel l  a s thos e o f  PEEK
base d composite ,  hav e bee n foun d nearl y
constan t  i n th e coolin g rat e rang e fro m 1 0
t o 80"C/min ,  i n spit e o f  th e differen t
size s o f  th e forme d spherulite s correspon -
den t  t o th e differen t  coolin g rates .  Tha t
means tha t  th e abov e mentione d rang e ca n b e
considere d a s a  processin g windo w givin g
propertie s nearl y constant ;  furthermor e
thi s "intermediat e crystallinity "  conditio n
i s th e best  compromis e betwee n th e condi -
tio n wit h highe r  crystallinity ,  whic h im -
prove s th e environmenta l  propertie s decrea -
sin g th e toughness ,  an d th e on e wit h lowe r
crystallinit y wit h highe r  toughnes s an d
poore r  environmenta l  strength .

I n practica l  application s th e coolin g rat e
of  th e processe d part s obviousl y depend s o n
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th e fabricatio n technique .  When PEEK,  o r
PEEK base d composite ,  i s processe d i n
thicknesse s abov e 0. 5 mm,  i t  ha s bee n pro -
ved that ,  als o fo r  ver y fas t  coolin g o f  th e
externa l  surfac e o f  th e processe d part ,
coolin g rat e o f  mos t  o f  th e part s fall s  i n
th e "optimu m processin g window "  describe d
above .  So ,  fo r  th e technique s i n whic h
PEEK i s processe d a s laminate ,  amorphi -
zatio n ca n affec t  onl y th e surfac e zone .
Some problem s ca n arise ,  fo r  thi s wa y o f
processing ,  onl y b y to o slo w coolin g rates .
Thi s i s a  potentia l  proble m fo r  technique s
lik e autoclaving ,  wher e a  coolin g rat e no t
lowe r  tha n 10°C/mi n mus t  b e obtaine d t o
preven t  a  to o hig h crystallinit y content .
When th e materia l  i s processe d i n thi n
plies ,  a s i n th e cas e o f  automate d techni -
ques lik e automate d tap e lay-u p o r  fila -
ment  winding ,  th e proble m o f  amorphizatio n
by quic k coolin g exists .

Processin g o f  th e PEEK i n th e amorphou s
stat e ha s bee n investigate d (3) .  Th e inte -
res t  o n thi s issu e arise s mainl y b y th e
possibilit y t o proces s i t  abov e Tg ,  instea d
tha n abov e Tm,  wit h a  stron g proces s sim -
plification ;  tha t  i s  infac t  potentiall y
possibl e because ,  whe n th e crystallin e
phas e i s absent ,  th e materia l  ca n flo w
abov e Tg ,  an d ca n b e potentiall y  molded .
The analysi s carrie d ou t  i n th e referenc e
pape r  b y DMA couple d wit h Therma l  Analysi s
confirme d tha t  thi s wa y o f  processin g i s
potentiall y possible ,  bu t  a t  th e sam e tim e
pointe d ou t  tha t  crystallizatio n fro m amor -
phou s phas e i s to o fas t  t o allo w a  practi -
ca l  applicatio n o f  thi s technique .

Anothe r  investigate d issu e wa s th e natur e
of  th e crystallin e phas e obtaine d b y amor -
phou s stat e (col d crystallization) .  I t
was foun d tha t  crystallinit y generate d fro m
amorphou s stat e ca n reach ,  annealin g fo r
sufficien t  time s a t  adequat e temperatures ,
a satisfactor y quantitativ e level ,  bu t
morpholog y i s quit e differen t  fro m th e
spheruliti c  on e generate d fro m melt ,  an d
thi s structur e ha s bee n foun d t o b e mor e
brittle .  Thi s consideratio n i s the n di -
scouragin g abou t  thi s wa y o f  processin g
PEEK,  an d suggest s t o control ,  a s carefull y
as possible ,  coolin g rat e fro m melt .

3.  GENERAL ASPECTS OF THERMOPLASTIC WELDING

The knowledg e o f  crystallizatio n an d amor -
phizatio n mechanism s i s ver y importan t
fo r  welding ,  whic h i s a  joinin g techniqu e
peculiar ,  amon g th e polymers ,  o f  thermo -
plastics .  Fusio n weldin g consist s o f  mel -
tin g (thi s ter m i s appropriat e fo r  semi -
crystallin e thermoplastics ,  les s fo r  th e
amorphou s ones ,  wher e T g i s no t  a  melting ,
but  a  transitio n point )  th e facin g zone s
(an d eventua l  inserts )  an d joinin g th e
part s b y coolin g unde r  pressure .

Differen t  fusio n weldin g technique s exist ,
dependin g o n th e hea t  generatio n source :
vibratio n welding ,  wher e th e hea t  i s gene -
rate d b y frictio n o f  th e contactin g parts ;
ultrasoni c welding ,  wher e hea t  i s generate d
by ultrasounds ;  ho t  plat e welding ,  wher e
meltin g o f  th e facin g surface s i s obtaine d
by contac t  wit h a  heate d plate ;  inductio n
welding ,  wher e heatin g i s obtaine d b y th e
Foucauld' s current s generate d b y a  variabl e
electromagneti c field ;  resistanc e welding ,

wher e heatin g i s obtaine d b y Joul e effect .

Among th e liste d technique s resistanc e wel -
din g appear s t o b e potentiall y  suitabl e fo r
industria l  applications ,  namel y whe n i t  i s
performe d usin g a n insert .

The set-u p fo r  resistance :  weldin g o f  APC- 2
performe d wit h a  prepre g inser t  i s  show n i n
fig.l .  Heatin g i s obtaine d b y Joul e effect ,
by applyin g electri c powe r  t o a  prepreg ,
fro m th e end s o f  whic h th e resi n ha s bee n
remove d t o improv e th e contact .  Additiona l
layer s o f  nea t  PEEK resir i  ar e provide d t o
preven t  th e curren t  t o pas s throug h th e
APC-2 parts .

The curren t  intensit y mus t  b e optimize d a s
functio n o f  tim e i n orde r  to :

a.  reac h a  temperatur e hig h enoug h t o mel t
th e overal l  zon e o f  th e inser t  an d th e
surfac e zon e o f  th e part s t o b e melted ,  bu t
at  th e sam e tim e no t  s o hig h t o induc e
polyme r  degradation ;

b.  obtai n a  coolin g histor y whic h give s a
righ t  crystallinit y conten t  an d morpholog y
i n th e melte d part .  I n fact ,  bein g th e
conductiv e hea t  flo w ver y hig h an d th e hea -
te d zon e ver y small ,  amorphizatio n b y quen -
chin g o f  th e welde d area s ca n easily  hap -
pen,  unles s th e powe r  i s no t  adequatel y
applie d durin g th e time .

A theoretica l  mode l  ha s bee n use d fo r  th e
optimizatio n o f  thes e parameter s (4) .
Amorphizatio n o f  th e weldin g zone s i s no t  a
proble m fo r  th e "shor t  term "  mechanica l
propertie s o f  th e joints ;  i n fact ,  th e
shea r  strengt h o f  th e joint s wit h amorphou s
weldin g zon e i s no t  lowe r  tha n tha t  o f  th e
joint s wher e semicrystallin e morpholog y ha s
been kep t  throug h appropriat e cooling ;
majo r  concern s aris e fro m environmenta l
stabilit y o f  amorphou s PEEK.  I n fact ,  a s
previousl y mentioned ,  amorphou s PEEK i s
les s resistan t  t o temperatur e an d solvent s
tha n th e semicrystallin e one .  Furthermore ,
i t  quickl y crystallize s abov e Tg ,  givin g
imperfec t  crystallin e structures ,  whic h ar e
unwante d b y a  toughnes s poin t  o f  view .
Thi s col d crystallizatio n coul d happe n
also ,  fo r  longe r  times ,  a t  temperature s
belo w Tg ;  th e crystalliscatio n kinetic s
increas e whe n plasticizatio n effect s ar e
induce d b y solvents .

4.  AMORPHOUS WELDING

One o f  th e majo r  technologica l  difficultie s
fo r  thermoplasti c welding ,  a s wel l  a s fo r
othe r  processin g techniques ,  i s th e nee d t o
reac h a  ver y hig h temperciture .  A s pre -
viousl y describe d th e possibilit y t o wor k
th e composit e i n th e amorphou s stat e i n
orde r  t o reduc e tha t  temperatur e is ,  fo r
APC-2,  rathe r  theoretica l  tha n practical .
Anothe r  metho d t o reduc e processin g tempe -
ratur e fo r  semycristallin e thermoplastic s
i s base d o n additio n o f  c i  differen t  amor -
phou s polymer ,  havin g a  T g lowe r  tha n th e
Tm o f  th e semicrystallin e one .  Furthe r  tha n
decreasin g th e weldin g temperature ,  th e us e
of  a n amorphou s laye r  give s th e additiona l
advantag e t o operat e wit h a  weldin g zon e
"lowe r  melting "  tha n th e res t  o f  composite ;
consequently ,  i t  i s  possibl e t o wel d th e
part s minimizin g disturbanc e o f  th e zone s
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not  involve d i n th e welding .  Thus ,  th e us e
of  th e amorphou s laye r  allow s t o perfor m
more easily ,  an d wit h lowe r  disturbanc e o f
th e joinin g parts ,  al l  th e fusio n weldin g
technique s previousl y mentioned .

Furthermore ,  i t  i s  possibl e t o us e som e
technique s lik e autoclaving ,  operatin g wit h
not  to o complicat e tools .  Amorphou s wel -
din g b y autoclav e i s similar ,  b y toolin g
poin t  o f  view ,  t o thermose t  secondar y bon -
ding ,  becaus e th e part s kee p thei r  shap e
durin g bonding ,  lik e th e precure d parts .
A meaningfu l  differenc e is  give n by  proces -
sin g time ,  whic h fo r  amorphou s bondin g i s
much lower ,  becaus e th e resi n i s alread y
polymerize d an d doe s no t  nee d an y cure .

To b e successfull y applie d t o APC- 2 amor -
phou s bonding ,  whic h ha s bee n patente d b y
ICI-Fiberit e wit h th e nam e o f  "Thermabond" ,
an amorphou s polyme r  (presentl y Poly -
Ether-Immid e PE I  Ulte m ha s bee n foun d t o b e
th e mos t  suitable )  need s t o b e consolidate d
on th e surfac e o f  th e part s t o b e joined .
PEI  an d PEEK hav e bee n foun d t o for m a
blend ,  an d th e adhesio n o f  th e part s de -
pend o n compenetratio n b y molecula r  diffu -
sio n o f  th e tw o phases .

The natur e o f  th e PEEK-PE I  blend s ha s bee n
investigate d b y therma l  analysi s (5) .  Fo r
blend s PEEK-PE I  wit h differen t  PE I  conten t
a singl e glas s transitio n temperatur e ha s
been observed ,  an d it s valu e ca n b e
satisfactoril y  evaluate d b y a  theoretica l
equation .  Th e effec t  o f  th e amorphou s PE I
on th e PEEK crystallinit y i s o f  simpl e di -
lution ;  th e hea t  o f  fusio n o f  th e blends ,
i n fact ,  i s  proportiona l  t o th e PEEK
content .

The evaluatio n o f  crystallinit y o f  PEEK-PE I
blend s coole d a t  differen t  coolin g rate s
showed a  processabilit y  windo w narrowe r
tha n th e on e observe d fo r  nea t  PEEK.  I n
fac t  amorphizatio n o f  th e blen d b y quen -
chin g i s observe d fo r  coolin g rate s (abov e
100°C/min )  lowe r  tha n th e one s neede d t o
amorphiz e nea t  PEEK.

5.  EVALUATION OF AMORPHOUS BONDED JOINT S

A progra m aime d t o evaluat e mechanica l
strengt h o f  amorphous  joint s expose d t o
aeronautica l  fluid s ha s bee n performed .

The joint s hav e bee n fabricate d b y overla p
of  tw o panel s obtaine d layin g u p 1 6 plie s
of  APC- 2 wit h a  quas i  isotropi c configura -
tion ;  o n th e surfac e PE I  plie s hav e bee n
adde d durin g consolidatio n o f  th e composit e
panel .  Th e overla p geometr y i s showe d i n
fig.2 .

Differen t  proces s parameter s hav e bee n eva -
luate d t o foun d th e optimu m conditions ,  bot h
fo r  pane l  consolidatio n an d join t  bonding .
The evaluate d consolidatio n variable s are :
consolidatio n apparatu s (pres s o r  auto -
clave) ,  pressure ,  therma l  histor y (tempera -
tur e vs .  time) ,  thicknes s o f  th e additiona l
PEI  layer ;  th e evaluate d joinin g variable s
hav e been :  metho d t o giv e pressur e an d
temperatur e (b y pres s o r  b y autoclave) ,
pressure ,  therma l  histor y (temperatur e vs .
time) ,  thicknes s o f  PE I  insert .

Optimu m parameter s hav e bee n establishe d o n

th e basi s o f  shea r  strengt h tests ,  perfor -
med o n singl e la p join t  shea r  specimen s

^obtaine d fro m th e joint s showe d i n fig .  2
and teste d pe r  AST M D1002 .  Thi s experimen -
ta l  analysi s allowe d th e detectio n o f  th e
bes t  processin g condition s an d indicate d
tha t  ther e i s a  wid e processabilit y  windo w
in'whic h th e shea r  strengt h o f  th e join t  i s
satisfactory .

Severa l  la p joint s wer e the n fabricate d
wit h th e processin g condition s foun d t o b e
optimum .  Fro m eac h join t  fiv e singl e la p
shea r  specimen s wer e obtaine d an d wer e
expose d t o differen t  environments ,  t o
evaluat e th e effec t  o f  aging .  A t  th e en d
of  th e exposur e perio d shea r  strengt h o f
th e specimen s wa s tested ,  an d th e value s
wer e compare d wit h th e strengt h o f  th e
unexpose d specimens .

The expositio n condition s wer e th e follo -
wing :

30 day s i n Aviatio n Fue l  Je t  A  a t  R.T .

30 day s i n Skydro l  a t  R.T .

30 day s i n Methilen e Clorid e a t  R.T .

30 day s i n ambien t  a t  R.H .  95%,  T=70° C
(test s bot h a t  R.T .  an d 93°C )

30 day s i n Methil-Ethil-Keto n (MEK )  a t  R.T .

The individua l  an d averag e shea r  strength s
ar e reporte d i n tabl e 1 ,  compare d wit h th e
strengt h o f  specimen s teste d i n "dry "  con -
ditions .

The result s agre e wit h th e availabl e dat a
on th e environmenta l  resistanc e o f  PEEK an d
PEI .  I n fact ,  PEEK demonstrate s a  ver y
good strengt h t o al l  th e evaluate d aggres -
siv e environments ,  bu t  PE I  dissolve s com -
pletel y i n Methilen e Chlorid e an d i s wea -
kene d b y skydrol .

As liste d before ,  al l  th e test s hav e bee n
performe d afte r  on e mont h o f  exposition ;
so ,  b y th e servic e performanc e poin t  o f
view ,  th e sensitivit y t o methilen e cloride ,
whic h i s use d onl y fo r  pain t  stripping ,
shoul d b e evaluate d i n les s sever e condi -
tion s .

Sensitivit y t o skydro l  mus t  b e mor e deepl y
evaluated ,  bu t  als o i n thi s cas e on e mont h
of  immersio n ca n b e considere d a  ver y
sever e condition .

The anomal y o f  th e ho t  we t  propertie s bet -
te r  tha n th e roo m temperatur e dr y one s ca n
be explaine d i n term s o f  toughenin g b y
sligt h plasticization .

6.  CONCLUSIONS

The environmenta l  strengt h o f  APC- 2 panel s
amorphou s bonde d b y PE I  ha s bee n evaluated .
The behaviou r  ha s bee n foun d generall y
good ,  excep t  fo r  resistanc e t o methilene -
chlorid e an d skydrol.  Some additiona l  in -
vestigation s ar e require d o n th e followin g
points :

-  Effec t  o f  shor t  ter m exposur e i n solvent s
(les s tha n on e mont h o f  immersion) .
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Long ter m crystallizatio n o f  PEEK-PE I
blends .

Reciproca l  molecula r  diffusio n o f
PEI-PEEK .

Possibilit y  t o us e differen t  amorphou s
laye r  materia l  (e.g .  PAS,  PES,  etc. )  t o
bond PEEK matri x composite .
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Tabl e 1

Lap Shea r  Strengt h o f  amorphou s bonde d joint s
expose d t o differen t  environment s

I
N
D
I
V
I
D
I I
A
L

M
E
A
N

Exposur e Conditio n

DRY

27. 2

28. 6

28. 3

27. 6

28. 2

28. 0

WET

24. 3

25. 3

25. 9

26. 9

27. 2

25. 9

HOT
WET (1 )

36. 1

38. 5

35. 8

36. 1

33. 9

36. 1

JET
FUEL

25. 0

24. 8

24. 3

25. 9

25. 8

25. 2

SKYDROL

9. 6

9. 0

7. 9

8. 5

7. 6

8. 5

MEK

29. 9

31. 9

30. 7

32. 5

31. 3

31. 3

METHILEN
CHLORIDE

(2 )

(2 )

(2 )

(2 )

(2 )

(2 )

(1 )  Expose d 3 0 day s  95 % R.H. ,  T = 70°C ,  teste d a t  93°C .

(2 )  Joint s dissolve d durin g exposition .
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SUMMAR Y

NASA Langley and the U.S. Army have jointly sponsored pro-
grams to assess the effects of realistic flight environments and
ground-based exposure on advanced composite materials and
structures. Composite secondary structural components were
initially installed on commercial transport aircraft in 1973;
secondary and primary structural components were installed
on commercial helicopters in 1979; and primary structural
components were installed on commercial aircraft in the mid-
to-late 1980's. Over 5.3 million total component flight hours
have been accumulated on 350 composite components since
1973. Service performance, maintenance characteristics, and
residual strength of numerous composite components are re-
ported. In addition to data on flight components; 10-year
ground-based exposure test results on material coupons are
reported. Comparisons between flight and ground-based en-
vironmental effects for several composite material systems are
also presented. Test results indicate excellent in-service per-
formance with the composite components during the 15 year
evaluation period. Good correlation between ground-based
material performance and operational structural performance
has been achieved.

INTRODUCTIO N

The influence of operational and ground-based environments
on the long-term durability of advanced composite materials
and aircraft components fabricated from them is an ongoing
concern of aircraft manufacturers and airline operators. Some
of the uncertainties include the effects of moisture absorption,
temperature cycling, ultraviolet radiation, lightning strikes,
and long-term sustained stress. As a result of these concerns,
NASA Langley and the U.S. Army initiated flight and ground-
based environmental effects programs to assess the perfor-
mance of composite materials and structures when subjected
to normal operational environments. Secondary and primary
structural composite components have been in service on
transport aircraft and helicopters since the early 1970's. Ser-
vice performance has been documented and residual strength
tests were performed to assess the effects of flight environ-
ments on structural performance. Since most aircraft spend
a considerable portion of their service life on the ground, a
series of coupon tests were performed to assess the effects
of ground-based environments on several composite material
systems. Residual strength, stiffness, and moisture absorp-
tion as a function of exposure time were determined and the
results are compared with tests on composite structural com-
ponents removed from service. The purpose of this paper is to
summarize the results of 10 years of environmental exposure
of composite materials and to discuss results for 15 years of
flight service of composite components on transport aircraft
and helicopters.

FLIGH T SERVICE EVALUATIO N OF COMPOSITE
COMPONENTS

In 1973 the NASA Langley Research Center initiated a series
of programs to evaluate the effects of realistic flight envi-
ronments on composite components. The objective was to
establish confidence in the long-term durability of advanced
composites through flight service of numerous composite
components on transport aircraft. Emphasis was on commer-
cial aircraft because of their high utilization rates, exposure to
worldwide environmental conditions, and systematic mainte-
nance. The experimental composite components allowed the
airlines to develop inspection and repair procedures prior to
making production commitments. In 1979 NASA Langley
and the U.S. Army initiated joint programs to evaluate com-
posite components on commercial and military helicopters.
Although helicopters accumulate fewer flight hours than trans-
port aircraft, in many instances the environments and fatigue
loading are more severe for the helicopter components. Pri-
mary emphasis for the helicopter components is to establish
the effects of realistic operating service environments on the
strength of primary and secondary composite components.
These environmental factors can then be applied with more
confidence and less conservatism in the future design of com-
posite components.

Component Description

The transport aircraft that are flying composite components
in the NASA Langley service evaluation program are shown
in figure 1. Eighteen Kevlar-49/epoxy fairings have been in
service on Lockheed L-1011 aircraft since 1973. In 1982,
eight graphite/epoxy ailerons were installed on four L-1011
aircraft for service evaluation. One hundred and eight B737
graphite/epoxy spoilers have been in service on seven dif-
ferent commercial airlines in worldwide service since 1973.
Ten B737 graphite/epoxy horizontal stabilizers have been
installed on five aircraft for commercial service. Fifteen
graphite/epoxy DC-10 upper aft rudders have been in ser-
vice on twelve commercial airlines and three boron/aluminum
aft pylon skin panels were installed on DC-10 aircraft in
1975. One graphite/epoxy vertical stabilizer was installed
on a DC-10 aircraft in 1987. Ten graphite/epoxy elevators
have been in service on B727 aircraft since 1980. In ad-
dition to the commercial aircraft components indicated in
figure 1, two boron/epoxy reinforced aluminum center-wing
boxes have been in service on U.S. Air Force C-130 transport
aircraft since 1974. Details of the structural design concept
and manufacturing procedures used for each component can
be found in reference 1. The transport airlines/operators par-
ticipating in the NASA Langley flight service program are
listed in figure 2. The airlines were selected to represent di-
verse climatic conditions and route structures.



23-2

The helicopters that are flying composite components in the
NASA Langley/U.S. Army service evaluation program are
shown in figure 3. Forty shipsets of Kevlar-49/epoxy doors
and fairings and graphite/epoxy vertical fins have been in-
stalled on Bell 206L commercial helicopters for 10 years of
service evaluation. The helicopters are operating in diverse
environments in Alaska, Canada, U.S. Gulf Coast, Northeast
U.S., and Southwest U.S. Selected components are periodi-
cally removed from service for residual strength testing. De-
tails on the design, fabrication, and test of the Bell 206L
composite components can be found in reference 2.

Ten graphite/epoxy tail rotors and four hybrid Kevlar-49-
graphite/epoxy horizontal stabilizers were removed periodi-
cally from Sikorsky S-76 production helicopters to determine
the effects of realistic operational service environments. Static
and fatigue tests were conducted on the components removed
from service, and the results were compared with baseline
certification test results. Details on the design, fabrication,
and test of the S-76 composite components are reported in
reference 3.

A Kevlar-49/epoxy cargo ramp skin is installed on a U.S.
Marine Corps CH-53D helicopter for service evaluation. De-
tails of the design, fabrication, and installation of the cargo
ramp skin are reported in reference 4. The helicopter air-
lines/operators participating in the NASA Langley/U.S. Army
flight service program are listed in figure 4.

As indicated in figure 5, the NASA Langley flight service
program that was initiated in 1973 included a total of 350
composite components. As of June 1991, 139 components
were still in service; more than 5.3 million component flight
hours had been accumulated, with the high-time aircraft
having more than 58,000 flight hours. Some components were
removed from service for residual-strength testing, and others
were retired due to damage or other service-related problems
that are discussed herein.

MAINTENANCE , REPAIR, AND STRUCTURAL
PERFORMANCE

Transport Components

For the first several years of the flight service evaluation pro-
gram, the composite components were tracked and inspected
by aircraft manufacturer engineering personnel. Later in the
program, maintenance and repair data were obtained from
the airline maintenance personnel. Overall, the composite
components have performed better than conventional metallic
structures because of reduced corrosion and fatigue problems.
However, some operational maintenance concerns surfaced
with the composite components during the 15 year service
evaluation. Some of the concerns were considered to be mi-
nor, whereas some of the components may require design
changes before the aircraft manufacturers are ready to com-
mit to production of composite components. One area that
needs more attention in future designs is improved lightning
protection schemes.

L-1011 Kevlar-49/Epoxy Fairings

The photographs shown in figure 6 indicate various types of
damage incurred by the L-1011 Kevlar-49/epoxy fairings in
service. Minor impact damage from equipment and foreign
objects has been noted on several fairings, primarily the hon-
eycomb sandwich wing-to-body fairings. Surface cracks and
indentations have been repaired with filler epoxy and, in gen-
eral, the cracks have not propagated with continued service.
Paint adherence has been a minor problem, particularly for
parts that have been in contact with hydraulic fluid. Frayed
fastener holes have been noted in several fairings, primar-
ily due to nonoptimum drilling procedures and improper fit.
Elongated holes have been noted, primarily due to improper
fi t and nonuniform fastener load distribution. There have been

no moisture intrusion problems with the Kevlar-49/epoxy fair-
ings, and they have performed similar to production fiber-
glass/epoxy fairings. The fairings are still in service, and the
three participating airlines are monitoring their performance
during normal maintenance inspections. Additional details on
the design, fabrication, and service evaluation of the Kevlar-
49/epoxy fairings are presented in references 5 and 6.

B737 Graphite/Epoxy Spoilers

The B737 spoiler skins were fabricated with three differ-
ent graphite/epoxy systems: T300/5209, T300/2544, and
AS/3501. Aluminum honeycomb substructure and aluminum
fittings were similar to those used in production aluminum
spoilers. During the 15 year service evaluation period, several
types of in-service damage were encountered. Over 75 percent
of the damage incidents were related to design details. The
most prevalent damage was caused by actuator rod interfer-
ence with the graphite/epoxy skin. This problem was resolved
by redesigning the actuator rod ends. The second most fre-
quent damage was caused by moisture intrusion and corrosion
at the splice between the center liinge fitting and spar. This
damage could be prevented by redesigning the splice to pre-
vent disbonds between the skin and spar cap. Miscellaneous
cuts and dents related to airline usage were also encountered.
Damage due to hailstone, bird strike, and ground handling
equipment was noted on several spoilers. Minor repairs were
performed by the airlines after proper instruction by Boeing
repair personnel. Because of the expense involved, spoilers
with major damage were removed from service.

A typical corrosion damage scenario for a splice between the
center hinge fitting and spar is shown in figure 7. The corro-
sion damage can be characterized by three phases of develop-
ment. Phase 1 involves corrosion initiation at an aluminum
fitting or at the aluminum spar splice. The corrosion initiates
due to moisture intrusion through cracked paint and sealant
material. If the corrosion products are not removed and new
sealant applied, the damage progresses to phase 2 where mois-
ture penetrates under the graphite/epoxy skin along the alu-
minum C-channel front spar. Normal service loads combined
with moisture contribute to crack growth and subsequent cor-
rosion. If the phase 2 corrosion is not repaired, the damage
progresses to phase 3 where extensive skin-to-spar separa-
tion takes place. Phase 3 corrosion can result in significant
strength and stiffness loss. It takes about 2 years for the corro-
sion to progress from phase 1 to phase 3. Design changes and
improved sealing methods could prevent corrosion damage in
composite-metal interfaces.

Residual strength tests were conducted on 37 graphite/
epoxy spoilers to establish the effects of service environments.
The spoilers were tested with compression load pads on the
upper surface to simulate airloads. Trailing edge tip deflection
was measured as a function of applied load for each spoiler
tested. The test results are compared with the strength of 16
new spoilers in figure 8. The strength for each spoiler through
6 years of service generally falls within the strength scatter
band for the baseline spoilers. However, spoilers with signif-
icant corrosion damage which were tested after 7 and 8 years
of service, respectively, indicated a 35 percent strength re-
duction. An additional T300/2544 spoiler with no corrosion
damage was tested after 7-1/2 years of service, which veri-
fied that the 7 year strength reduction was related to corrosion
damage. Three spoilers tested after 9 years of service with
littl e or no corrosion damage exhibited strengths equal to the
strength of the baseline spoilers. An AS/3501 spoiler with
10 years of service and known corrosion damage failed at
78 percent of the average strength of the baseline spoilers.
Two other spoilers with 10 years of service with no corro-
sion damage failed within the baseline strength scatter band.
Spoilers tested after 12 years of service failed at or above
the average strength of the baseline spoilers. One spoiler that
had known corrosion damage after 15 years of service failed
at about 75 percent of the strength of baseline spoilers.
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Load-deflection response of spoilers with 10 years and
15 years of service time are compared with the response
of baseline spoilers in figure 9. The 10 year spoiler with
known corrosion damage failed at about 78 percent of the
baseline strength. However, the 15 year spoiler with almost
38,000 flight hours failed at about 8 percent above the base-
line strength. Additional details of service experience with
the spoilers can be found in reference 7.

DC-10 Boron/Aluminum Aft Pylon Skins

One of the three boron/aluminum skin panels on the DC-10
aircraft was removed from service after 7 years because
of corrosion damage. The photograph shown in figure 10
indicates that the outer layer of boron filaments on the inside
of the panel was almost completely exposed. The panel
contained a light residue of ester oil similar to engine oil;
however the specific corrodent was not identified. A second
panel also had some corrosion damage and a small crack, but
the panel is still in service and is being monitored closely
to check for crack growth and further corrosion damage.
The crack in the panel was probably caused by exterior
mechanical damage during removal and reinstallation of the
panel during inspection. It has been concluded that the method
of corrosion protection used was inadequate. In general, the
boron/aluminum panels have not performed as well as similar
production titanium panels. Additional details on the DC-10
boron/aluminum skin panels are presented in reference 8.

DC-10 Graphite/Epoxy Rudders

There have been several incidents which required rudder
repairs. The damage sustained by the rudders included
minor disbonds, rib damage due to ground handling, and skin
damage due to lightning strike. Figure 11 shows minor in-
service lightning strike damage to the trailing edge of a rudder
and rib damage that occurred while a rudder was off the
aircraft for other maintenance. The lightning strike damage
was limited to the outer four layers of graphite/epoxy and a
room temperature repair was performed in accordance with
procedures established at the time the rudders were certified
by the FAA. The rib damage was more extensive and a portion
of a rib was removed and rebuilt. A detailed discussion of
the repair procedure is given in reference 9.

More extensive lightning damage was sustained on another
graphite/epoxy rudder as shown in figure 12. Upon inspection
of the rudder, it was discovered that the lightning protection
strap was inadvertently left off after the previous maintenance
check. The skin in the damaged area is eight plies thick
over an 8-ply spar cap. Fiber damage and resin vaporization
extended through the skin forward of the spar, and the skin
and spar cap aft of the rear spar were completely destroyed.
Details of the repair procedures are given in reference 10.

A graphite/epoxy rudder was removed from service for resid-
ual strength testing after 5.7 years and 22,265 flight hours
on Air New Zealand. The load-deflection response shown in
figure 13 indicates that the 5.7-year rudder had an initial stiff-
ness higher than the baseline rudder, but the overall response
is similar for the two rudders. The baseline and the 5.7-year
tests were stopped at approximately 400 percent limit load be-
cause of an instability of the loading apparatus. Although the
rudders are designed by stiffness considerations and only one
residual strength test has been conducted, the overall response
of the rudder indicates that no degradation has occurred as a
result of over 22,000 flight hours.

B727 Graphite/Epoxy Elevators

Since initiation of flight service of 10 elevators in 1980, there
have been four B727 graphite/epoxy elevators damaged by
minor lightning strikes and two elevators damaged during
ground handling. Damage from lightning strikes ranged in
severity from scorched paint to skin delamination. Figure 14

shows typical lightning damage to the trailing edge of an
elevator and trailing edge fracture of another elevator caused
by impact from a deicing apparatus. The most severe damage
to an elevator occurred when the static discharge probe of
one B727 penetrated the elevator of another B727 during
ground handling. Skin panels were punctured, four holes in
the lower surface and one hole in the upper surface, and the
lower horizontal flange at the front spar was cut inboard of
the outboard hinge. All the elevator repairs were performed
by airline maintenance personnel.

The lightning damage was repaired with epoxy filler and
milled glass fibers. The skin punctures were repaired with
T300/5208 prepreg fabric and Nomex honeycomb core plugs.
The front spar was repaired with a machined titanium doubler,
which was mechanically fastened to the lower skin flange of
the spar chord. The repaired graphite/epoxy elevators are in
storage and can be reinstalled for continued service. Details
of the design and fabrication of the graphite/epoxy elevators
are given in reference 11.

L-1011 Graphite/Epoxy Ailerons

During the 9 year service evaluation period there have been
no damage incidents or major maintenance actions required.
Minor paint touch-up has been performed periodically and
loose fibers around one fastener hole on the Lockheed com-
pany aircraft were rebonded with epoxy. Details of the flight
service evaluation program are reported in reference 12.

B737 Graphite/Epoxy Horizontal Stabilizers

There have been three reported damage incidents on the B737
horizontal stabilizers. De-icer impact damage was induced
on the upper surface panel of both stabilizers on one aircraft.
These impacts were minor and damage was limited to the
skin, not affecting the stiffener elements. The third stabilizer
was damaged when a broken fan blade penetrated the lower
surface of the stabilizer. The penetration missed the stiffener
elements and damage was limited to a small area of the skin
panel. All three of the stabilizers were repaired on the aircraft
using wet lay-up cure techniques per specifications developed
by Boeing. Figure 15 shows details of the in-service repair
process.

One of the B737 aircraft with composite stabilizers crashed
in Alaska in June 1990. The graphite/epoxy stabilizers were
returned to Boeing for inspection, teardown, and testing. Fig-
ure 16 shows a photograph of one of the stabilizers. No
"non-crash" induced delaminations were found and there was
no corrosion of metal-composite interfaces. These results in-
dicate the effectiveness of the fiberglass isolation system that
was used to prevent galvanic corrosion between graphite and
metal parts. Boeing plans to conduct residual strength tests
on material coupons machined from skin panels and com-
pare results with baseline tests. Details on the development
of the graphite/epoxy horizontal stabilizers are reported in
reference 13.

DC-10 Graphite/Epoxy Vertical Stabilizer

One graphite/epoxy vertical stabilizer has been in service
on a DC-10 aircraft since January 1987. Three inspections
have been performed by Douglas engineering personnel and
no defects have been found. The graphite/epoxy Nomex
honeycomb skin panels have been x-rayed and no moisture
has been found in the core. Ultrasonic inspections of solid
laminates have been conducted annually and no disbonds or
other defects have been indicated.

C-130 Boron/Epoxy Reinforced Wing Box

Two boron/epoxy reinforced wing boxes have been in service
on U.S. Air Force C-130 aircraft since 1974. The wing boxes
have been inspected regularly by U.S. Air Force personnel
and no damage or defects have been found. These wing boxes
provide significant improvement in fatigue lif e compared to
conventional aluminum boxes.
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Helicopter  Components

The helicopter components involved in the NASA/U.S.
Army flight service evaluation program have been installed
on Sikorsky S-76 and Bell 206L commercial helicopters.
The S-76 graphite/epoxy tail rotor spars and the hybrid
graphite-Kevlar/epoxy horizontal stabilizers are production
parts. These parts are subjected to normal maintenance in-
spection for damage every 100 flight hours and an inspec-
tion for structural damage annually or after 1000 flight hours.
The Bell 206L Kevlar/epoxy fairings and doors and the
graphite/epoxy vertical fins are inspected annually or after
1200 hours of service for evidence of damage, repair, exces-
sive wear, or weathering. Except for Kevlar/epoxy baggage
doors on the 206L, the composite components have demon-
strated good service performance. Because of poor bonding
between facesheets and honeycomb core, the 206L baggage
doors were removed from the service evaluation program.

Sikorsky S-76 Composite Components

Four horizontal stabilizers and 11 tail rotor spars have been
removed from aircraft and tested over a 9 year evaluation
period. The components were inspected prior to residual
strength testing and no significant service-induced defects
or damage were found. Figure 17 shows predicted and
measured moisture absorption data and strength retention of
AS 1/6350 tail rotor spars. All the spars were removed from
helicopters operating in the Louisiana Gulf Coast region.
Weather data from Lake Charles, LA were used in predicting
the moisture absorption profile. Measured moisture absorption
values shown in figure 17 are below the prediction by 0.05 to
0.15 percent for service times up to 40 months and are
above the predicted values by 0.1 to 0.30 percent for service
times beyond 70 months. During the development of design
allowables and FAA certification testing, Sikorsky conducted
accelerated conditioning at 87 percent relative humidity and
88°C on material coupons. The predicted moisture saturation
level for AS 1/6350 graphite/epoxy was 1.1 percent. After
9 years of service, the moisture level in the AS 1/6350 tail
rotor spars was slightly below 1.0 percent. Cyclic shear stress
as a function of cycles to failure for the flight service tail
rotor spars is shown in figure 17, along with data for baseline
dry spars tested at room temperature for FAA certification.
The shape of the curves was based on interlaminar shear
fatigue tests. The results in figure 17 indicate a 95 percent
strength retention for the service exposed spars compared to
the baseline strength data used for certification.

Structural response of the S-76 composite horizontal stabiliz-
ers is shown in figure 18. Proof load deflection data for the
four stabilizers returned from service indicate deflections be-
low the maximum allowable deflection of 0.41 cm, indicating
no significant stiffness loss. The maximum moisture content
for the stabilizers, 0.49 percent, occurred after 91 months of
service and 5846 flight hours. Full moisture saturation has
not yet been reached. Vibratory roll moment as a function of
cycles to failure is plotted in figure 18. The three stabilizers
with 56, 66, and 91 months of service were fatigue tested at
applied loads exceeding loads used for FAA certification. The
average vibratory roll moment at failure for the service ex-
posed stabilizers was approximately 2 percent higher than the
corresponding roll moment for the baseline stabilizers used
for certification. The shape of the curves was established by
evaluating graphite/epoxy and Kevlar/epoxy coupons in the
laboratory. The same shape was assumed to apply to full
scale components. Additional details on the S-76 flight ser-
vice program can be found in reference 14.

Bell 206L Composite Components

A total of 78 composite components have been removed from
service for structural testing. The exposure times range from
12 to 84 months and flight times range from 386 to 6750
hours. Moisture absorption and strength retention data for

T300/E-788 vertical fins are shown in figure 19. The mois-
ture content was determined by drying plugs removed from
the fins. The plugs included painted graphite/epoxy skins, ad-
hesive, and honeycomb core material. The average moisture
content measured for the fins is approximatley 1.1 percent by
weight. The fins operating in the humid Gulf of Mexico had
moisture contents slightly higher than those for fins operating
in other exposure locations. The residual strengths for 15 fins
removed from service exceeded the design ultimate strength
requirement. Failure loads for 12 of the fins fall within the
baseline scatter band for five fins selected at random. One
of the fins operating in the northeast USA and Canada was
struck by lightning. This fin was damaged at the top but no
apparent damage was inflicted on the structural box. This
damaged fin failed below the baseline scatter band, but well
above the design ultimate requirement.

Moisture absorption and strength retention data for Kevlar-
49/F-185 litter doors are shown in figure 20. Average moisture
content for the litter doors is approximately 2.0 percent. This
high moisture content was expected since laboratory tests
and other outdoor exposure tests indicated that Kevlar/epoxy
composites absorb about twice the moisture of graphite/epoxy
composites. There is considerable scatter in the strength data
for the 15 litter doors that were removed from service and
tested. All the litter doors exceeded the design ultimate
strength requirement. Seven litter doors failed above the
baseline scatter band and five litter doors failed below the
baseline scatter band. The large scatter is expected since some
of the failures were a result of metal hinge failures and latch
pins slipping from the test fixture.

Since the baggage doors had manufacturing defects and were
removed from service, test results are not discussed herein.
The forward fairings were designed by stiffness requirements
and are considered to be secondary load-carrying components.
Al l the fairings failed at loads at least a factor of nine above
the design ultimate strength requirement. Additional details
on the Bell 206L flight service evaluation program can be
found in reference 15.

CH-53D KevlarlEpoxy Cargo Ramp Skin

A Kevlar/epoxy composite skin was installed on the aft end
of a CH-53D Cargo ramp for U.S. Marine Corps service
evaluation in 1981. The panel has been inspected annually
since installation and no damage or service related problems
have been reported by the U.S. Marine Corps.

FLIGH T AND GROUND-BASED ENVIRONMENTA L
EXPOSURE EFFECTS ON COMPOSITE COUPONS

In conjunction with the flight service evaluation program,
NASA Langley and the U.S. Army initiated four flight and
ground-based environmental exposure programs. The objec-
tives of these programs were to supplement component data
with less expensive coupon data, correlate ground exposure
data with flight exposure data, and to assess the requirement
for future flight service programs. The four programs are
outlined in Figure 21. The firsi: program, 10 year world-
wide ground exposure, was structured to supplement flight
data obtained through service evaluation of B737 spoilers,
DC-10 rudders and L-1011 fairings. Since the largest num-
ber of components were installed on B737 aircraft, ground-
based exposure locations were selected where B-737 aircraft
with graphite/epoxy spoilers would be operating. The follow-
ing exposure locations were selected: Hampton, VA; San
Diego, CA; Honolulu, HI; Frankfurt, F.R.G.; Wellington,
New Zealand; and Sao Paulo, Brazil. The materials selected
for exposure were the B737 spoiler materials: T300/5209,
T300/2544, AS/3501; the DC-10 rudder material: T300/5208;
and the L-1011 fairing materials: Kevlar-49/F155 and Kevlar-
49/F161. Compression and short beam shear test coupons
were selected to represent matrix dominant failure modes;
whereas flexure coupons were selected to represent a fiber
dominant failure mode.
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The second program, 10 year ground and flight exposure, was
structured to compare ground and flight exposure data, com-
pare the effects of solar versus nonsolar (partially shielded) ex-
posure, compare the effects of aircraft interior and exterior ex-
posure, and to assess the effects of long-term sustained stress.
The exposure sites chosen were: Edwards AFB, CA; Dallas,
TX; Honolulu, HI; and Wellington, New Zealand. These sites
offered diverse climates with significant variations in tempera-
ture and humidity conditions. In addition to ground exposure,
composite coupons were installed on top and bottom surfaces
of B737 flap-track fairing tail cones and in the nonpressur-
ized interior of the aircraft behind the aft pressure bulkhead.
The objectives of these exposure locations were to compare
the effects of direct solar and nonsolar exposure and to com-
pare the effects of interior and exterior aircraft exposure. One
additional material, T300/934, and an additional matrix dom-
inate test: (+45/-45)2» tension coupon were added to the list
of materials and test coupons discussed previously.

The third program, 10 year Bell 206L ground exposure, was
structured to support the Bell 206L helicopter flight service
program. The composite materials used to fabricate the
flight service components were used in the ground exposure
program and are listed in figure 21. The ground exposure
coupons were installed on racks in Hampton, VA; Cameron,
LA; on a U.S. Gulf oil platform; Toronto, Canada; and
Fort Greely, AK. The test coupons were configured for
compression, short beam shear, and tension testing.

The fourth program, 9 year Sikorsky S-76 ground exposure,
was structured to compare ground and flight data for two com-
posite materials that were in production on S-76 commercial
helicopters. The exposure locations selected were Stratford,
CT and West Palm Beach, FL. The two exposure materi-
als discussed previously for the flight components included
AS 1/6350 and Kevlar/5143. Compression, short beam shear,
flexure, and tension coupons were exposed for moisture ab-
sorption determination and residual strength.

Geographic location of all the ground-based exposure racks
is shown in figure 22. Coupons were removed from exposure
racks at specified intervals ranging from 1-10 years of expo-
sure. Selected coupons were dried and weighed to determine
moisture content and the remainder of the coupons were sub-
jected to residual strength testing. Most coupons were tested
at room temperature, however some tests were conducted at
82°C.

10 Year Worldwide Ground Exposure

Triplicate unpainted coupons were mounted in exposure racks
and placed on rooftops to receive maximum exposure to
the environment. The average residual properties (moisture
content, strength, and modulus of elasticity) were compared
to average baseline properties. Test coupons were removed
from the racks for evaluation after 1, 3, 5, 7, and 10 years
of exposure. The objectives of the test in this exposure
program were to establish the effects of various realtime
outdoor environments on the moisture absorption and strength
of composite materials and to compare the results with results
obtained from flight service components.

The amount of moisture that composite materials absorb is
a function of matrix and fiber type, temperature, relative hu-
midity, and exposure conditions. Average moisture absorp-
tion (as a fraction of composite coupon weight) is plotted
as a function of exposure time in figure 23 for the fol-
lowing exposure locations: Hampton, VA; San Diego, CA;
Honolulu, HI; Frankfurt, F.R.G.; Wellington, New Zealand;
and Sao Paulo, Brazil. The T300/5208 and T300/5209
graphite epoxy materials absorbed the least amount of mois-
ture after the 10 year exposure period, about 0.7 percent. The
AS/3501 graphite/epoxy absorbed slightly over 1.0 percent
moisture during the 10 year exposure period. The T300/2544
graphite/epoxy suffered significant surface degradation due to
ultraviolet radiation and absorbed about 2.0 percent moisture

during the 10 years of exposure. The two Kevlar-49/epoxy
materials absorbed approximately 2.5 percent moisture during
the 10 year exposure period. These results are expected since
the Kevlar fibers also absorb moisture. The Brazil and New
Zealand exposures resulted in the highest moisture absorption
for all the materials. These results are expected since the av-
erage annual humidity in Sao Paulo, Brazil and Wellington,
New Zealand is about 75 to 80 percent. Specific moisture
data for each exposure site can be found in reference 1.

Moisture absorption for material coupons is compared with
moisture absorption data for plugs removed from B737
graphite/epoxy spoilers in figure 24. The coupon data are
for three unpainted graphite/epoxy materials exposed at San
Diego, CA and Sao Paulo, Brazil for 10 years. The spoiler
data are for painted honeycomb sandwich plugs removed from
spoilers that had flown for 10 years on Frontier and VASP air-
lines. The results indicate that the unpainted ground exposed
coupons absorbed significantly more moisture than the painted
flight spoilers. Although the spoilers spend a significant por-
tion of time on the ground, it is expected that the flight profile
would tend to dry out the outer surface of the material.

The average room temperature residual strengths (flexure,
short beam shear, and compression) of six composite ma-
terials for 10 years of outdoor exposure at the six expo-
sure sites discussed previously are plotted in figure 25. The
graphite/epoxy coupons were fabricated with 0-degree tape
and the Kevlar/epoxy coupons were fabricated with (0/90)
fabric. Three-point flexure tests were conducted to assess
the effects of outdoor environments on surface fiber strength.
The coupons were tested with the exposed surface in com-
pression; in general, however, failure occurred in tension at
mid-span of the coupons. After 10 years of exposure, the
Kevlar-49/F155 material indicated the largest flexural strength
loss, about 20 percent. The T300/2544 material, which had
significant surface degradation in the resin, failed at about
13 percent below the average baseline strength. The matrix
dominant compression coupons indicated a similar strength
loss, 15 to 20 percent, during the 10 year exposure.

The maximum strength loss for the matrix dominant short
beam shear coupons was about 23 percent. Strengths of the
Kevlar-49/F155 and T300/2544 materials were consistently
below the baseline scatter band between 3 and 10 years of
exposure. The two Kevlar/epoxy materials also indicated a
loss in modulus ranging from 20 to 28 percent during the
10 year exposure. These results, along with detailed data
plots for each exposure site, are reported in reference 1.

Ten year compression strength data for material coupons are
compared with B737 graphite/epoxy spoiler strength data in
figure 26. The strength data are for coupons and spoilers with
the same exposure conditions that were discussed for the
moisture comparison of figure 24. Except for one spoiler
with known corrosion damage, the spoilers exhibited residual
strengths that were slightly higher than the coupon residual
strengths. As discussed previously, the spoiler corrosion
damage is a design related problem and could be prevented
through design changes. These results indicate excellent
strength correlation between ground exposed coupons and
flight exposed spoilers.

10 Year Ground and Flight Exposure

Coupon exposure locations for the flight portion of this pro-
gram are shown in figure 27. Short beam shear, flexure, and
tension coupons were mounted on the upper (solar) and lower
(nonsolar) surface of B737 flap-track fairing tailcones to rep-
resent exterior aircraft exposure. Short beam shear, flexure,
compression, stressed tension, and unstressed tension coupons
were mounted inside the unpressurized tailcone area of the air-
craft. The sustained stress tension coupons were stressed at
20 percent of baseline failure loads with the aid of a calibrated
torqued bolt/Bellville spring washer load system. The ground
exposure coupons are shown in figure 28. One side of the
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exposure rack has coupons mounted for direct solar radiation
and one side is shielded to prevent direct solar radiation. A
phenolic honeycomb core was mounted above the coupons to
prevent direct ultraviolet radiation impingement, however, the
core allowed adequate air circulation and allowed precipita-
tion to drain down the individual cells and onto the coupons.

The effect of ground exposure on compression strength of
T300/5208, T300/5209, and T300/934 graphite/epoxy materi-
als is shown in figure 29. The results are for coupons exposed
on the shielded nonsolar side of the exposure rack at Dallas,
TX. Tests were conducted at room temperature and at 82°C.
However results are shown for the room temperature tests only
since extensive grip failures were evident at 82°C. Results in-
dicate that most coupons failed at or above the baseline fail-
ure strengths. The maximum compression strength loss was
about 15 percent for the T300/934 material after 10 years of
exposure.

The effects of flight and ground exposure on short beam
shear strength of three graphite/epoxy materials is shown
in figure 30. The results are for coupons exposed on the
upper (solar) surface of B737 flap-track fairing tailcones on
Aloha Airlines and for solar exposed material coupons at
Honolulu, HI. The coupons were tested at 82°C and are
compared to baseline coupons that were also tested at 82°C.
An unexplained trend is evident; a significant strength loss
after 2 to 3 years of exposure with an increase in strength
thereafter. A maximum short beam shear strength loss of
40 percent was evident for the T300/5209 material after
2 years of exposure on Aloha Airlines. However, after
10 years of exposure, strength losses of only 13 to 25 percent
occurred. The T300/934 material cures at 177°C, compared
to 121°C for the T300/5209 material, however the T300/934
material performed only slightly better in the 82°C test. The
coupons exposed at Honolulu, HI performed the same or
slightly better than the coupons exposed on the Aloha Airlines
aircraft. The results of these tests indicate that the less
expensive ground-based tests could be used to assess material
performance for future evaluations.

A comparison between interior and exterior aircraft exposure
effects on flexure strength of three graphite/epoxy materials
is shown in figure 31. The results are for coupons exposed
on the upper (solar) surface and lower (nonsolar) surface
of B737 flap-track fairing tailcones and in the interior of
Southwest Airlines aircraft. The coupons were tested at
82°C and compared to baseline coupons tested at 82°C. A
maximum strength reduction of 20 percent occurred for the
T300/5209 material exposed on the upper surface of the flap-
track fairing tail cone. Considering test data scatter, there is
no discernible difference between the effects of solar exterior,
nonsolar exterior or aircraft interior exposure.

The effects of sustained stress on tensile strength of three
graphite/epoxy materials exposed outdoors at the NASA Dry-
den Research Center in Edwards Air Force Base, CA, are
shown in figure 32. The unstressed coupons are compared
with coupons that were continuously stressed at 20 percent of
the baseline failure stress. The tensile coupons were tested
at 82°C. The test results indicate no discernible difference be-
tween the stressed and unstressed coupon data. Small varia-
tions above and below baseline values are indicated during the
10 year evaluation period. Additional details on the ground
and flight exposure program are reported in reference 16.

10 Year Bell 206L Ground Exposure

Moisture absorption data for three Kevlar/epoxy fabrics and
one graphite/epoxy tape material are shown in figure 33. The
painted T300/E-788 graphite/epoxy material absorbed about
0.7 percent moisture, whereas the painted Kevlar/epoxy ma-
terials absorbed about 2.5 percent moisture, as expected. The
average residual strengths for four Bell 206L composite ma-
terials after outdoor exposure at five exposure sites discussed
previously are shown in figure 34. In the summer of 1985

the exposure racks located at Cameron, LA and on the off-
shore oil platform were destroyed by hurricanes. Therefore,
the data for 5, 7, and 10 years o:f exposure are from racks
located in Hampton, VA, Toronto, Canada, and Fort Greely,
AK. Six replicates for each exposure site were tested for each
exposure period. The residual compression strength varies be-
tween 88 and 101 percent of the baseline strength. The short
beam shear strength varies between 89 and 104 percent of the
baseline strength. The Kevlar-49/LRF-277 material exhibited
the largest compression and shear istrength reductions and the
T300/E-788 exhibited no strength reduction. The residual ten-
sion strengths for all four materials were within the baseline
scatter band for all exposure periods up to 10 years.

Figure 35 compares strength retention and moisture absorption
data for T300/E-788 composite coupons with corresponding
data from Bell 206L vertical fins after 5 years of flight service.
The vertical fins absorbed about 1.1 percent moisture, whereas
the 5 year ground exposed coupons absorbed about 0.7 percent
moisture. The fin moisture content includes moisture absorbed
by paint, sealer, primer, graphite/epoxy skins, and honeycomb
core. Strength retention for compression coupons and vertical
fins was near 100 percent. These results indicate that ground-
based coupon strength data are representative of strength
retention results expected from flight service components.
Additional details on the test program and test results are
reported in reference 15.

Nine Year Sikorsky S-76 Ground Exposure

As discussed previously, Sikorsky conducted accelerated lab-
oratory conditioning tests to develop environmental factors
that account for anticipated strength reduction as a function
of absorbed moisture. These tests were conducted at 87 per-
cent relative humidity and 88°C. To establish a correlation
between realtime outdoor exposure and accelerated labora-
tory exposure, composite panels were exposed for 9 years in
outdoor racks located at Stratford, CT and West Palm Beach,
FL. Results for 6-ply AS 1/6350 short beam shear and flexure
coupons machined from the panels are shown in figure 36.
Residual strength is plotted as a inunction of absorbed mois-
ture and the results indicate that the matrix dependent short
beam shear strength is affected more than the fiber dependent
flexure strength. The accelerated laboratory conditioning tests
indicated moisture saturation for the 6-ply laminates at about
1.1 percent. The panels exposed at Stratford, CT absorbed
a maximum of 1.13 percent moisture, however, the panels
exposed at West Palm Beach, FL absorbed a maximum of
1.40 percent moisture. The results are inconsistent in that the
5 year panels absorbed the most moisture, whereas the 9 year
panels absorbed the least amount of moisture. These results
are probably affected by local weather conditions at the time
of panel removal.

Strength retention trends parallel the accelerated laboratory
test data. The residual flexure strengths for exposed lam-
inates exceed 95 percent of the baseline room temperature
dry strength and also meet or exceed the strength of the ac-
celerated conditioned specimens. Residual short beam shear
strengths for exposed laminates vary between 70 and 90 per-
cent of the baseline strength and are within 1 percent of the
strength of the accelerated conditioned specimens. Additional
details of the ground exposure test program can be found in
reference 14.

CONCLUDING REMARKS

The influence of ground-based and aircraft operational en-
vironments on the long-term durability of several advanced
composite materials and structural components has been stud-
ied. Results of 10 years of outdoor exposure indicate that
Kevlar/epoxy material systems were more affected by the var-
ious environments than were grapliite/epoxy material systems.
Residual strength tests were conducted to establish the effects
of various environments on composite materials. Differences
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in the effects of solar versus nonsolar exposure, aircraft inte-
rior exposure versus aircraft exterior exposure, and sustained
stress versus unstressed exposure were not discernible. Some
of the differences that might be expected were masked by data
scatter.

Numerous aircraft and helicopter composite components have
been in service for more than 15 years and excellent op-
erational performance has been achieved. Normal mainte-
nance and in-service related damage such as ground handling
damage, foreign object damage, and lightning strikes have
occurred. Design related corrosion damage was experienced
on aluminum fittings and splices on some graphite/epoxy rein-
forced spoilers. Excellent service and residual strengths have
been achieved with composite horizontal and vertical stabiliz-
ers and tail rotor spars during 9 years of helicopter service.

Good performance correlations between ground exposed ma-
terial coupons and flight service components indicate that
ground-based exposure data should be sufficient to predict
long-term behavior of composite aircraft structures. It is im-
portant to note that at the coupon level, nothing was learned
from exposing materials on the aircraft that could not be
learned from ground-based exposure. A significant cost sav-
ing during aircraft design development would be a major
benefit.

Lessons learned in the NASA Langley/U.S. Army program
indicate that additional research is needed to select better
material test methods that result in less data scatter. The
environmental exposure programs described in this report
would have benefited if more baseline and post exposure
replicates had been planned. Future exposure programs should
consider exposing larger panels that are more representative of
aircraft structure. The logistics of tracking materials would be
lessened and more flexibilit y in selecting test coupons would
be available.

The results of this program indicate that composite materials
can be applied to the next generation of aircraft with a high
degree of confidence. With proper design on the part of
the aircraft manufacturer, the airlines and operators of future
aircraft should expect reduced corrosion and fatigue concerns
compared to conventional metallic structures.
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Bell 206L Composite Components
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Sikorsky S-76 Composite Components
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B-727

Figure 4. Airlines and operators participating in compos-
ites flight service program for helicopters.

Figure 1. Flight service composite components on trans-
port aircraft.
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Aircratt Component

L-1011 Fairing panels
737 Spoiler
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727 Elevator
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DC-1D Vertical stabilizer

S-76 Tail rotors and
horizontal stabilizer
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CH-53 Cargo ramp skin

Grand total
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107,840
519.430
336,610
249.480
189,800
17,580

53,150

440.000
5.000

5,:i77.650

()Slill in service June 1991

Figure 5. NASA composite structures flight service sum-
mary.

Figure 2. Airlines and operators participating in composite
flight service program for transport aircraft.

Figure 6. Typical in-service conditions of L-1011 Kevlar/
epoxy fairings.

Figure 3. Flight service composite components on heli-
copters.
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Figure 7. Corrosion of B737 graphite/epoxy spoilers.

Scatter band lor
16 new spoilers
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Figure 8. Residual strength of B737 graphite/epoxy
spoilers.
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Figure 9. Load-deflection response of AS/3501 graphite/
epoxy spoilers for B737 aircraft.

Figure 10. Corrosion damage to DC-10 boron/aluminum aft
pylon skin panel.

Figure 11. DC-10 graphite/epoxy rudder damage.

Exposed graphite fibers

Figure 12. Lightning strike damage to DC-10 graphite/epoxy
rudder trailing edge.
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Figure 13. Load-deflection response of T300/5208 graphite/
epoxy rudders for DC-10 aircraft.

Figure 16. B737 graphite/epoxy horizontal stabilizer recov-
ered from Markair crash.

Figure 14. B727 graphite/epoxy elevator  damage.
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Figure 15. In-service repair of B737 graphite/epoxy hori-
zontal stabilizer.
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Figure 17. Moisture absorption and strength retention of
AS1/6350 Sikorsky S-76 tail rotor spars.
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Figure 18. Structural response of Sikorsky S-76 composite
horizontal stabilizers
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Figure 19. Moisture absorption and strength retention of
T300/E-788 Bell 206L vertical fins.
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Figure 20. Moisture absorption and strength retention of
Kevlar^9/F-185 Bell 206L litter doors.

Figure 22. Geographic location of ground-based exposure
racks.
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Figure 23. Moisture absorption of unpainted composite ma-
terials after worldwide outdoor exposure.
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Figure 24. Moisture absorption comparison of graphite/epoxy
materials after 10 years of ground and flight ex-
posure.

Figure 21. Environmental exposure of composite coupons.
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Figure 25. Residual strength of unpainted composite mate-
rials after worldwide outdoor exposure.

Figure 28. Boeing outdoor environmental exposure rack.
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Figure 26. Strength comparison of graphite/epoxy materials
after 10 years of ground and flight exposure.
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Figure 29. Effect of ground-based exposure on compression
strength of painted graphite/epoxy materials.

Figure 27. Boeing 737 flight environmental exposure.
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Figure 30. Effect of flight and ground-based exposure on
short beam shear strength of painted graphite/epoxy
materials.
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Figure 32. Effect of sustained stress on tensile strength of
painted graphite/epoxy materials after outdoor
exposure.
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Figure 33. Moisture absorption of Bell 206L painted com-
posite materials after outdoor exposure.
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Figure 35. Strength retention and moisture absorption of
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Figure 36. Effect of moisture on the residual strength of
Sikorsky S-76 graphite/epoxy laminates.
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failure modes produced by the various test methods along
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with a better fundamental understanding of compression failure were key issues in the
development of compression test methods. In the area of fluid effects, a lack of a
comprehensive data base hampers identification of key mechanisms leading to fluid
degradation. This is further complicated by the fact that interactions depend on the fluid
and the composite under consideration.

It is hoped that the Workshop, bringing together the various experiences of industry,
government, and universities, has served in achieving the goal of identifying key issues
related to compression loading and flui d effects in composite materials.

This Workshop was sponsored by the Structures and Materials Panel of AGARD.
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