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Foreword

Engineering work in preliminary design ofnew projects isbased, to a large degree, on basic fundamental
experimental tests, empirical procedures, and low level (fast, inexpensive, and easy-to-handle) computer
codes restricted to potential flow with simple correction terms for viscous effects. There is a need for
training young engineers joining industry to work with these simple engineering tools. Without skillful
use of these tools, the art of cost-effectivepreliminary design of new aircraft will be jeopardized.

The objective of this special course isto present proven engineering methods used during conceptual and
preliminary design and development of new aircraft concepts. The course will focus on simple
computational procedures for conceptual and preliminary design, low-level analysis computer codes,
and experimental techniques for aircraft performance predictions.

PW.Sacher
Special Course Director

Avant-Propos

Les travaux d’ingéniérie entrepris au niveau des etudes préliminaires d'un nouveau projet sont bases, en
grande partie, sur des essais expirimentaux fondamentaux, des procédures empiriques, et des codes
machine du premier echelon (rapides, peu colteux et conviviaux) limités aux ecoulements potentiels,
avec des simples facteurs de correction pour les effets visqueux

Les jeunes ingénieurs qui débutent dans I'industrie doivent étre formes & I'emploi de ces outils simples
d'aide alaconception.Sinon, I’étude priliminaire des nouveaux avions dans des conditionsderentabilité
acceptables sera fortement compromise,

L'objet de ce cours spécial est de presenter des méthodes d’ingéniérie qui ont fait leurs preuves lors
d’études préliminaires et conceptuelles entreprises en vue de divelopper des nouveaux concepts
d'aeronefs. Le cours mettra l'accent sur des procedures de calcul simples pour P’étude préliminaire et
conceptuelle, des codes machine d’analyse intiale et des techniques expérimentales pour laprevision des
performances des aéronefs,

PW, Sacher
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INTRODOCTION

by
P.W.Sacher
Deutsche Aerospace
Meserschmitt-Bolkow-Blohm-GmbH
Military Aircraft Division
Advanced Design Dept.
P.0.Box 801160
D-8000 Munich 80
Germany

1. Rationale for the special course

In 1986 the AGARD Fluid Dynamics Panel organized a special course on the subject of
"Fundamentals of Fighter Aircraft Design" at the V.K.l. Brussels, the AF Academy
Athens and at the METU Ankara. More than 200 young engineers attended this course. It
seems to be timely to repeat a similar approach within the AGARD technical programme
and with respect to the scope of the previous course three major modifications were
approved :

(@) Aerodynamic analysis tools used in conceptual and preliminary aircraft design
should be included

Extension to civil aircraft should be allowed and

Addressing mostly conceptual and preliminary design, the scope of the course
should be restricted to fast, inexpensive and easy-to-handle design and analysis
tools.

()
(c)

First the terminus "Engineering Methods" should be defined more in detail. It is un-
derstood that this methods shall represent proven engineering procedures most com-

monly used in industry during the conceptual and preliminary design and development
of any new aircraft concept.

noy 4y

A \

PHASE | PHASE O PHASE I
COMGEPTLLL DESIGN / PRELIMINARY DESIGN DETAIL DESIGN
<rr==s,
@b\
Vs,
vs.
30
50
— 5
# BASIC MISSION REQMTS. | ® AEROELASTIC REQMTS. e LOCAL STRENGTH
g ® RANGE ®ALTITUDE #SPEED | @ FATIGUE REQUIREMENTS REQUIREMENTS
Z | ¢ BASICMATERIAL PROPERTIE! | ® FLUTTER REQUIREMENTS * PRODUCIBILITY
olp E/p $/L8 * OVERALL STRENGTH REOMTS | ® FUNCTIONAL REQMTS
¢ BASIC INTERNAL ARRGMT, e DETAIL DESIGN
» GEOMETRY 033'53'76,\'}'53 ® COMPLETE EXTERNAL CONF(( *MECHANISMS
— | SAIRFOIL TYPE * JOINTS,FITTING, &
| "R © DRAG LEVEL .CAMBER. TWIST DISTRIBUTIONS
@ +LOCAL FLOW PROBLEMS SOLVE! ATTACHMENTS
W *t/c * WEIGHT GOALS
" +COSTGOALS | ® MAJOR LOADS, STRESSES, |  DESIGNREFINEMENTS AS
"A DEFLECTIONS RESULTS OF TEST & OPE

Fig.-

Ref.:

Fundamentals of Aircraft Design {L.M.Nicolai)

1 Major design phases in aircraft development
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In this sense engineering methods are characterized by

e basically fundamental orientation

e they have to be fast, Inexpensive, easy to operate, flexiblz and validated in the
limits of its applicability and mostly for the last rason

e their efficiency is strongly dependent on skill and experience of trained person-

nel.

In consequence young engineers, starting their professional carreer in industry have
to get acquainted to work with this "Workhorses™ of the aircraft design business.
This course shall contribute to this "Training Process".

It is left to describe the state of "Conceptual Design” and "Preliminary Design” of a
new aircraft project. As Fig. 1 outlines schematically, conceptual design is phase |
in the overall desigr process. Based on desired mission requirements, the first im-
pression of the new vehicle is achieved by using iterative design-sizing programmes
starting from existing similar "Baseline” designs with known performance. In the fol-
lowing phase 11, an optimization process follows resulting in the complete definition
of the external configuration and the database for geometry, major laods, stresses
and performance. This geometric shape will be "frozen" for the detailed design (phase
111y and more sophisticated design tools, e.g. complex viscous CFD, will be applied.

According to the restriction to conceptual and preliminary design, contributions to
the special course have been selected. In addition to preliminary design (Chap. 2)
and configuration finding (Chap. 3), surveys on basic potential TFTlow codes and
experimental verification techniques follow in Chap. 4 and 5. Due to progress in
using more and more the extended nonlinear range of angle of attack, Chap. 6 was
included, taking also account for high speed aircraft designs, having large leading
edge sweep and vortical type leading edge flow separation. The aircraft drag analysis
methods conclude this selection of fundamental surveys on engineering methods for the
daily work of the aeronautical engineer during conceptual and preliminary design in

Chap.1.
2. Levels of aerodynamic flow simulation

The classical way to get confidence on a new aircraft design is the experiment using
windtunnels. This "experimental flow simulation™ has led to :he development of the
aircraft of today. But in recent years the extension of the flight envelope of new
projects has reached flow regimes where the flow simulation in ground test facilities
has become questionable. Too small Reynoldsnumbers, achieved in windtunnels have al-
ways been a problem, but now, in addition, the flow simulation for high speed concer-
ning temperature, "real-gas®™" chemistry and hot model test techniques play an impor-
tant role. So more and more numerical flow simulaticon contributes to the ex-
trapolation from windtunnel to real flight data.

It has to be understood clearly, that CFD will never replace windtunnel experimental
work, but CFD will give a strong support to analyze windtunnel data in a complemen-
tary way. The result is more confidence in a new design before first flight. There is
a long list of attractive features provided by CFD when ipplied parallel to experi-
mental work

(11 Increase of design broadness. An increased number of configurations will be
investigated by using CFD in addition to baseline experiments.

(2) The guarantee of compatibility of derived similar vehicles.

(3) Quality assurance of data obtained will be independent of personal skill.

(4) Reproducability, transparency and standardization of the overall design process
will be achieved.

(5) Last not least the complementary use of CFD will result in a considerable reduc-
tion of the design risk
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Fig. 2 shows some major characteristics of experimental and numerical flow simula-

tion.

Computational flow simulation Experimental flow simulation

+ real geometry - scaled geometry

+ no limits for variation of parameters - model flexibility limited

+ known boundary conditions - not always deflned

+ real Re-number - Re-number too low

+ short response - long term (time consuming)

+ cost decreasing with time - cost increasing

- errors not known t accuracy of measuring technique known
- systematical errors {equation) ? sometimes hidden

- good reproducability /objectivity ? questionable (experimental “skill”)

- flow representation by model approximation + real flow (flow quallty?)
- computer speed and memory limited

Fig. 2 Compilation of major characteristic features in computational (cFD) and expe-
rimental (EFD) flow simulation

Experimental investigations during an early design phase require modular models with
a high degree of flexibility to get all effects of major geometric parameters. As
Fig. 3 demonstrates, such a modular model requires an extensive test campaign

Fig. 3 Complexity of modular models during experimental configuration optimization

Therefor a number of good arguments speak for the increasing importance of computa-
tional flow simulation but the big "unknown"™ today is the demand for “code-valida-
tion" or the question of confidence in predicted data.

Aerodynamic computational codes used in aircraft industry for analysis and design can
be grouped into three major categories. Fig. 4 shows a somewhat arbitrary, but ne-
vertheless representative collection of codes used in the MBB advanced design depart-
ment.
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SIMPLE/CHEAP/FAST | [ ADVANCED | [ HIGHES

DATCOM HYP3 EUFLEX

-handbook method - modiied newtonian theory -numerical flow simulation
SCHEMENSKY HISSS -Inudeeld

~handbook method tor
empircal based induced drag
PS105
-sub-,super-,hypersonic
panel method
derivatives and loads
LAMAR

-vortex iattice method
ind.drag minimization
vortex lift

HARRIS

- wave drag analysis
optimization

.higher order sub- and
supersonic panelmethod

HIDES

- design option of HISSS
potential flow theory

HIVISC
- extension lo boundary layer

- vortical type flow

- coupling to bound.Layer
INFLEX

- unsteady flow

- EULER equations

NSFLIEX

-NAVIER-STOKES

- vigcous vortlcal type flow
- laminar, turbulent

- separated flow

- viseld/inviscid Interactions
- shotk viscous Interactions
- zonal version

Fig. 4 Aerodynamic computational tools for analysis and design

Some general comments on Fig. 4

{1y Empirical methods have to be simple, cheap, fast and easy-to-handle. These are
handbook methods but also simple linear 1. order singularity methods like linear
1. order panel and vortex lattice methods. In many “casesthis simple codes are
based on engineering experience and "rules", (e.g. "area rule", "leading edge-
suction analogy'). Viscous flow corrections, slender body approximations and pro-
pulsion system induced effects may often be pre-estimated within this category.

(2) "Advanced" higher order (still linearized) potential flow codes take account for
vortical separated flow, nonlinear wake interactions and corrections for boundary
layer development.

(2) On the "Highest level", full potential flow codes, Euler :solvers and Navier Sto-
kes codes belong to the third category, often understood as the real domain of
CFD. This last category of codes may not be used during conceptual and prelimi-
nary design because of the need of timeconsuming input requirements and computa-
tional cost. Supercritical wing design, high angle of attack aerodynamics and
flows with strong viscous/inviscid interactions can only be simulated using such

complex CFD codes.

Following the terms of reference of this special course the content will be restric-
ted to procedures of the first group, the simple, cheap and fast methods (1) .

3. Level of confidence in EFD and CFD

Using computer codes a general remark has to made on the status of computational
tools. We distinguish :

(1) Research codes
They produce test results which have to be validated by test or flight data. In
general this codes could be used only by the originators.

(2) Pilot codes
Are ready for in-house applications by several engireers having the possibility
to discuss questionable results with the originator of the code.

{3y Production codes
Ready for transfer to other places. They have already been validated and detailed

documentation is available for external applications.

our empirical methods in most cases belong to the third category. But the validation
of the codes has been often replaced by "calibration”. Sofar some remarks on the pro-
blem of code *Validation™ have to be made. It is understood that code validation is
to insure that the mathematical and numerical schemes employed in the code
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accurately model the critical physics of the flow field. This may not be necessarily
the case for empirical methods where the mathematical model representing the flow
physics is poor. Effects of mesh resolutions mathematical algorithms turbulene models
and gas models are often negligible. Fig. 5 identifies some of the major sources of
errors in computational procedures.

DESCRIPTION of Flow
by Equatlons

1 — Error due to “Stmulation of Flow*

~N.S. !
— Euler
- EEE Numerical Algorithm —sError of Discretization -  Flvate
- —Mesh G
~LAPLACE —control int
ini i — Representation of
— Finite Dill. 1)
-Finite Elements Geometry
- Finite Volumes ratly
— "Panels” g%%érgn%fg 1?%2%5% B _, -Residual"-Error
—-€.t.C. g 7
Hg;ng %{ﬁ;gmg tConvergence?)
- SI0R 4
— ADI
— MultiGrid Representatton of Data Round off errol
-e.t.c. in Computers

Fig- 5 Sources of errors in computational flow simulation codes

In consequence many attempts have been undertaken to validate computer codes using
carefully selected '"test-cases'". The prediction of drag has been proven to be still
the most critical problem. Fig. 6 shows a compilation of data obtained in an early
attempt (GAMM 1981) to validate computer codes for a simple NACA 0012 airfoil at
transonic speed. Even for the prediction of pressure-drag results obtained from va-
rious classes of solutions (non-conservative, full conservative full potential flow
and Euler equation solvers) differ significantly, but even in tie same category solu-
tions of different codes predict values for drag within 100% deviation.

)
0.10
B= acpor
EULER
3 ferov
® c.w.Lucesn (FC)
0.03
¢ = ’ , . T .
definition M 072 0.63 0.80 0.80 0.85 0.85 £.95
of parameters | s®* 0 2 0 1.25 0 1 0

Fig. 6 Test-cases for code validation (NACA 0012)
Prediction of drag using CFD codes

Since that time the situation has improved but even using Navier-Stokes flow solvers,
the prdiction of drag remains the toughest challenge for crp

On the other hand experimental work has also been done to "validate" experimental
data obtained in different windtunnels. The situation is not so different from theo-
retical work. As Fig. 7 shows, pressures and coefficients differ significantly for
the same simple 2-D profile section.
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Fig. 7 Experimental agproach - uncertainty and sensitivity for identical models in

different windtunnels (GARTEUR AG02)

The list of activities concerning code validation during the past ten years is very
impressive and AGARD has played an active role

. 1579 AGARD AR-138/FDP WG04
Experimental data base for computer program assessment
e 1981 GAMM workshop on zp test-cases
Full potential and Euler flow codes
. 1982 AGARD AR-702(1984 addendum No. 1)
Compendium of unsteady aerodynamic measurements
. 1984 NASA NTF delta wing model
Database for computer code development
(AlAA 84-2150)
. 1585 AGARD aAr-211/rDE WGO7
Testcases for inviscid flow field methods
. 1986 AGARD Ar-226/FDP WG 08
Aerodynamics of aircraft afterbody
. 1586 International vortex flow experiment on Euler code validation
FFA Stockholm
. 1988 AGARD CP-437
CFD validation
. 1591 AGARD aRrR-270/FDE WG 13

Air intakes for high speed vehicles

L

In this ""environment™ of CFD and experiment the engineering methods during conceptual
and preliminary project work will be outlined in the following chapters. Major empha-
sis will concentrate on the applications. Regarding detailed theoretical basic
assumptions underlying engineering methods, the references will be given. It is the
intention of this special course to initiate interest in the cverall design procedure
of a new aircraft and to give young engineers and students the opportunity to gat ac-
quainted with the "workhorses" of daily routine in aeronautical engineering.
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8. Conclusion

This Special Course on "Engineering methods in aerodynamic analysis and design of
aircraft has been organized at
- The Middle East Technical University (METU) of Ankara from 6.-10.May 1991
(36 Attendants)
- The Von Karman Institute (VKI} in Brussels from 13.-17.May 1991 (38 Attendants)
- Politechnical University of Madrid from 20.-24,May 1991 (60 Attendants).

In addition to the technical presentations a Round Table Discussion with the lec-
turers was scheduled at the end of the course. Some preliminary technical evaluation
of the course was given by the course director as follows.

Six major presentation have been given during the Special Course :

- Preliminary design

- Configuration development

- Experimental techniques

- Potential flow codes

- High angle of attack aerodynamics
- Drag analysis methods

The first question at the end of the course is concerning the completeness of the
content. According to the comments from the audience during the final discussions no
recommendations for additional topics came up. The second question addresses the aim
of the course. Did we attract a sufFicient number of attendees and did we reach the
"young engineer' who is about to start his profensional carreer in aeronautical engi-
neering? Due to the number of attendees and the contributions to the Round Table
Discussion alsc the second question may be answered in a positive sense for all three
Places. The recommendation came from the floor that a similar course should be repea-
ted each second or third year.

Some major Findings from the presentations may be highlighted for better recollec-
tion.

Computational procedures for preliminary design

Pierre Perrier introduced the audience to the different definitions of design levels
in the environment of the ""magic triangle"” of Real Flight - Experiment - and CFD. In
this sense EFD stands for the simulation of the "Real World™ in contrary to CFD simu-
lation of the ""Soft World'". He described the "rRendez-vous" procedure in terme of le-
vels of quality versus time for development. According to this philosophy the State
of conceptual design using simplified engineering empirical tools develops to the
stage of feasibility using much more sophisticated experimental and computational
tools before approaching the state of manufacturing the new aircraft.

Configuration development

Daniel Raper stressed first of all the necessity of design trades. Basic design
trades e.g. canard- versus aft-tail configuration or wing planform trades have to be
repeated for any new project design. A second group of basic trades deals with
"Requirement' trade-offs, e.g. max. speed versus maneuverability or maneuverability
versus detectability. It is obvious that these timeconsuming trades could only be
performed using automated design programmes. A major role during the application of
design programmes is the definition of a socalled "Baseline-Design®" configuration
with known performance. To save computing time these "aircraft sizing” programmes
rely to a large degree on simple empirical engineering procedures. Reference to these
methods applied in design programmes have been given in detail. The result of the ap
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plication of this design programmes will be the evaluation and transparency of
"design-sensibilities" depending on systematic parameter variation concerning Gross-
Take-Off-Weight (GTOwW) .

Experimental techniques for performance prediction

Barry Haines reviewed the present state-of-the-art in experimental testing as a means
of prediction of aircraft performance. Standards of accuracy are defined. The first
part of the presentation deals with all aspects of data acquisition systems and
discusses all effects contributing to uncertainty of measured data, (flow quality in
windtunnels, windtunnel-wall interference, modelsupport interference and scale ef-
fects). In his second part the lecture discusses the types of models and test rigs
used in determining the propulsion interference effects on both transport (turbofan
and turboprop) and combat aircraft. Especially for recent designs the engineering
problem of optimum engine- airframe-integration plays a dominant role both for civil
(due to economic reasons) and for military (due to drag-performance) projects. Even
airbreathing space transportation systems emerging in the near future rely to a large
degree on the interdisciplinary "integrated design' of the engine components like in-
take and afterbody-nozzle.

Panel methods for aerodynamic analysis and design

Harry Hoeijmakers presented an extensive and complete overview on aspects of panel
methods used in aerodynamic analysis and design of aircraft. This solutions of the
linearized potential flow equations are today the most important "Workhorses™ in the
"Tool-Box" of an aeronautical engineer. They have now reached the level of personal
computers for practical application. Being more complex as the methods generally
understood as "empirical', the use of panel methods requires a great deal of enginee-
ring experience and personal skill. Limits of applicability have to be understood
(and explored) by each individual user. The lecture starts with the detailed outline
of the theoretical approach for the approximations made for the flow field and the
discretisation used to deal with complex vehicle geometry. 1t reflects all major is-
sues of existing panel methods and shows examples for applications both for simple
and for complex geometry. Propulsion integration, viscous correction procedures and
nonliner vortical separation is referenced.

High-angle-of-attack aerodynamics

John Lamar discusses the different regimes of the CL-o¢ plane. Four d-segments have
been identified :

low - attached flow dominates
moderate- combination of attached and separated or vortical flow
high- separated or vortical flow dominates

post-stall - vortex break-down or massive Stall

Depending on the wing planform and Machnumber this segments extend to different size.
The paper deals first with engineering methods for the prediction of vortical separa-
ted flow (e.g. Sychev similarity, Vortex Lattice Method-Suction Analogy, Digital Dat-
com and Free Vortex Filaments). Second the high angle of attack range is stressed for
stability and control. The effects of different wing planforms and the effectiveness
of control devices (including "vortex flaps') is discussed. Finally the subject of
Post-Stall-Flight is addressed, including aerodynamic control devices, thrust vecto-
ring and dynamic stall.
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Aircraft drag analysis methods

Charles Boppe structured his lecture into two major parts
(1) Evaluation of drag and

(2) Reduction of drag
First the sources of different drag contributions are discussed. Handbook methsds are

indispensable for prediction of drag contributions. The engineering methods are con-
sidered to be the bridge between empirism and windtunnel testing. Considerable time-
savings are achievable by careful analysis and understanding the drag mechanism.

For the second subject engineering methods are applied to achieve higher performance.
Insight into the complex drag mechanisms is required for the desired goal. Reduction
of windtunnel test time and flight tests is achieved through the use of empirical en-
gineering drag prediction tools.

Summary

Three major statements characterize the major findings of this special course :

(1) Engineering work in aeronautical analysis and design is traditionally performed

(2)

e & ®

(4)

in two ways

Experimental approch,

characterized by limitted simulation of flow physics (e.g. Re-Number, Machnumber,
Real-Gas ...) .

Numerical analysis,

characterized by trend to higher level codes,

high cost for viscous 3D codes,

production of high quantity of flow field data,

lack of code validation.

Interdisciplinary approach is mandatory in conceptual and preliminary design

work :

Experiment will not be replaced by CFD,

in addition to traditional configuration testing the experiment has to provide
data for CFD-code validation.

The role of CFD is a complimentary one with respect to the experiment,

extensive use of CFD leads to quicker and more reliable selection of the most
promising configuration.

Engineering methods are indispensable because

"High-level"CFD analysis is excluded in conceptual/preliminary design
Experimental work is not (or limitted) available for configurational conception
Empirical (e.g."Handbook"), low-level (potential-) flow code analysis on rCc's and
Workstations and extrapdlation Ffrom engineering experience obtained during
previous design work is the logical consequence

There is an obvious need for training young engineers to get acquainted
with simple engineering methods.
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Computational procedures for preliminary design
P. PERRIER

Chef du Département d’Aérodynamique Théorique

OASSAULT AVIATION -
CEDEX 300 - 92552 SAINT-CLOUD -~ FRANCE

0. -~ INTRODUCTION

Preliminary design of aircraft has evolved
largely on the past ten years. The main origin of

from rationalization and
the
development of a new project.
the

capability to

evolution came

broadening  of preliminary phasis  of
Has to be evaluated
interest of the
fulfill the
has to be proposed the strategy for

with

sooner project in its
requirements of a
program ;

making its development : with what funding,

what national or international collaboration,
with what long term calendar. Moreover the level
of technology involved is to be evaluated not

only as the state of the art available but also
as requiring an ad-hoc effort to be included in
the total cost or time schedule.
Rationalization of national or international
led to

succession of well-defined levels of freezing of

large programs has definitions of a
the design

following succession of four

; of common use is for example the

definitions

Definition 0 is the first complete tentative
definition for which the drawings include all the
the
: volume for equipments,

main ingredients necessary for

architecture in details

freezing

correct geometry of
(undercarriage
ceide

of gravity be at a reasonable position relative

main parts fixed or
; removable parts,

moving
external

stores It is highly hoped that the center

to aerodynamic center of pressure in the flight
envelope ; in° the same effort of having a
reasonable first design, main requirements are to
be fulfilled on flying qualities, performances
(volume of tanks) weapon system (antenna
locations), payload (volume, center of gravity,

accommodation of passengers R N Such
definition can therefore be the firm basis for a
complete study it includes trade-off for the

aircraft as a system and an evaluation of

critical aerodynamic problems to be studied,

Definition 1 is the product of an improved
design ;
the definition 0 after first wind tunnel testing

it results of the complete analysis of

and first analysis of the critical points. It
can be the basis for the first feasibility study
aircraft ;
support to the

uncertainties.

on the nominal it can give valuable
evaluation of main
it is the first
the
probable performances and of efforts needed for

having them, plus

first
It is clear that
definition where a realistic evaluation of

risks associated, can be

given. Performances may be determinated not as
the art preliminary estimation but a

comprehensive set of data coming both from CMPD

state of
and from experiments. Research and Development.
Efforts needed are related to criticality of the
problems compared to the the
program and on available technology for solving
Risks the
difficulty of the
and on the

objectives of

based on
the problems with

them. assessment are
solving
funding and the time scale allowed,
existence of alternate solutions.
Definition 2 can be frozen when iteration
with detailed

maintainabil ity,

requirements ( including

economic trade-offs,

fabrication requirements...) clear the way to

first detailed design of

parts of the aircraft.

major or long-cycle
Progressive freezing of
definition 2 can allow some extra time for
aerodynamic work,

phenomena

mainly on the more complex
; but geometrical shapes need to be

stable now for avoiding costly charges. Final
geometrical data can be a definition 3 near the

definition 2.
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Here we will cover mainly the preliminary
design work needed for the production of
definition 0. However a part of the trade-off
studies and of the continuing work of refinement
of definition 1 and 2 can be done with the same
critical

tools. Analysis  of

definition 1 can lead to a reassessment of some

problems  on

alternate design ; again such variants 1.1,
1.2 ... have to be built quickly, so with the same
tools.

One main philosophy that has emerged from
repeted experience of such preliminary cycles of
design is the concept of "same level of quality
of design
difficulty
data obtained on

comparison”. There is a clear
to extract valuable comparisons of
different designs with

different tools and different levels of
convergence ; it leads to mixing of evaluation of
different designs with the evaluation of quality
of the output of different design tools. A
conservative design may seem poorer than a
promising but not yet compromised new design. It
is particularly gree , but in the

direction for direct experimental comparisons of

opposite

designs that are not at the same level of
improvement by CFD :
has been optimized, a large variation of main

If design for example a wing

parameter (sweep angle, location of nacelle...}
can be selected without new optimization ; but
the derivative will be probably poorer when the
derivative are issued from preliminary design
tools or when design is sensitive to quality of
design {(e.g. transonic, laminar...). Anyway the
computational procedures are central in the
evaluation of a design not only before but also

for analysis after WT. testing.

1 - GENERAL DESIGN COMPUTATIONAL PROCEDURES

1.10 -
computational procedures for the first iteration
of design before the selection of definition O,

W will cover successively the

as referred before, and in the preliminary the
freezing after definition 0. Of main importance
are evaluation of center of gravity position and
of  thrust-minus-drag, and L/D for general
performances, So these items will be covered

first.

1.1 - Center of pressure evaluation

It is the first main

aerodynamic

characteristic that is needed from the
beginning. Without it the work of the design
office cannot be realistic. Some trends are
needed for balancing the general architecture of
the aircraft. The size of the wing can be
deduced from rough estimates of the realistic
wing loadings and the size  of the
fuselage is generally coming from volume
constraints, but the balance of the mass require
quotation from the start of the

definition. So a progressive approach by three

project

procedures (each being more complex and more
accurate that the preceding one seem necessary
and have to be used successively.

The first is an old but efficient rule of
determination of approximate subsonic center of
pressure on the drawing table. It relies on the
assumption that the repartition of the lift on
the different
elliptic or slightly distorted from elliptic

elements of the aircraft is
distribution as given by figure 1 versus the
aspect ratio, sweep angle and taper ratio. And
we  can assure that wing t fuselage
characteristics are obtained from wing alone
plus interaction.

factor of wing lift increment when fuselage-body

Conventionally KW is the
is present, Kb is the percentage of lift
transferred to the body. Figure 2 gives an
estimation of Km and Kb (coming from low aspect
ratio or slender body estimation) versus ratio

of equivalent cylinder to wing span.

The aerodynamic center can be built by
assuming that its local position for a slice in
span is on a 25 % position on current chord and
is distorted to 25% % \{’ /2 ™ by the symmetry
conditions. So the curve upon which can be put
the load given by figure 1 and 2 can be easily
approximated.
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IF there is
useful but a reduction of efficiency coming from

is a tail, the same approach

deflection is needed and Fig. 3 gives typical

figures vs separation distance between tail and

wing. The absolute value of tail or wing alone

lift is usually not far form Diederich formula

Such of center
estimation is also used for quick evaluation of
during the

The hand procedure here described can

first level aerodynamic

trade-offs first interaction on
design.
appear in a code for a PC such code is useful for
avoiding errors but with it engineers may loose
understanding of the complexity of interaction
and of their approximation ; moreover inputs may

be complex due to their numbers and may be source

of errors.
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The second level of estimation of the

position of is based on

the use of small computers. A good way of doing

the aerodynamic center
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such job is to retain on a P.C, with extended

core memory and arithmetic coprocessor two

in subsonic, make use of
the

linearised supersonic planform evaluation.

simplified codes
vortex-lattice

: one,
method, is
Both
require a limited time of computation but also
precise rules for input of geometry the
the Oh the vortex-lattice

method it is absolutely required to well

second one

for
quality of results.
known
rule

the following :a one quarter singularity

plus three quarter control point is mandatory
for each cell retain in the discretisation
process. On the supersonic linearised method, an
efficient way is to wuse the quadrilateral

meshing along the characteristics lines ; if the
the
can be inversed a priori

mesh is regular matrix of influence

coefficients and such

furnish a very cost-effective computation
procedure ; however such regular predetermined
grid (with an affinity factor for span
adjustementl implies difficulty with irregular
planforms ; that can be improved by local
refinement.  Another advantage of such

linearised procedure is to give an approximation
of the Cp distribution in chord and span and of
lift and pitching moment ; such data are useful

for first determination of some «critical

problems ; it supposes a first definition of a
deflection needed for balance
So it is the first
making evaluation of camber

become more complex with an

camber or control
at a given angle of attack.
way of twist.

Inputs

or
important
that can be the source of

number of celles 3

{often complex to analyse) errors in data.
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The third level of estimation of position of
the aerodynamic center is to go to 3D computation

without linearisation on the planform. Such
procedure is soon required for any aircraft
difficult to balance, In the past, the cost of

such approach was excessive ; now it is no more
true and we are able to notice that the typical
3D-code that can be retained is defined by the
capacity of in-house workstation. Current
practice will now be to devote such workstation
to the design group for such specific task as the
aerodynamic and stress analysis at the level of
the preliminary design. Probably the complete
transsonic design will be excluded of such
preliminary work ; however the main limitation
comes from the interface with geometrical
definition and the time for having a good mesh
for computations. It is clear that singularity on
panel method is well adapted to such work ; this
is because such panel method requires only the
discretisation of the surface of the aircraft.
Subsonic and supersonic panel methods are the
basic tools, but more complex 3D computations may
be more useful.

In the third level of codes to be used in
preliminary design is the level of 3D complete
viscous codes ; their use is questionable. In
fact, their effective cost is directly associated
with the cost of preparation of the computation
mesh definition on geometrical data, subdomains
definition, checking of the quality and correct
mesh refinement as locally required. So finite
element method, taking into account the total
complexity of the geometry, seems well adapted to
fast answer except if mesh is too costly or long
to obtain.

Intermediate codes, for that point of view, are
the 30 codes 'involving no direct meshing.
Typically the mesh is a regular rectangular mesh;
the solver generally takes advantage of such
regularity-it can be linear finite difference or
spectral ; local application of boundary
conditions can be done directly or with local
regular refinement. At the other extremity of
boundary conditions are the codes devoted to the
complex non structured mesh around any irregular
body ; that will ask for finite element solver on
any complex geometry, as needed on final
computations, on final aircrafts shapes. W will
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below, but we can
three levels in the

review the tools against
summarize from now the
following table

Table |I.

Levels of Complexity ai preliminary design tools

Hand-books - Hand estimation - P.C. codes for first

EVEL 1 )
estimation

{assumption : lifting lines + slenderbody + inter-
action linearized).

EVEL 2 Llinearized coder - Use on workstation
{assumption : iiftin? surfaces + linearization of
boundary conditions

A 8 C

finite difference space marchin

vortex method

Complete codes with fast meshing procedure on advan-
ced workstation or mini-super computers
Iinviscid flows + simplified mesh generation)

EVEL 3

A B C

ynstructured grid
with simplified
mesh generation

30 reguiar grid
no mesh genera-
tion associated
to BC projection
on neigbouring
reqular point

/

2D mesh generation
vrestricted to the
surface

singularity methods Subsonic Supersonic
potential Euler
.ubsonic Supersonic subsonic
! / spectral
1
L
Transsoric Subsonic Supersonic

with transs. space

flowfield relaxation marching

cerrection

1.2 - Lift evaluat-ion

In the same manner, the codes used in the
1.1 can deliver elements for lift. However, we
have to distinguish between 3 different
aerodynamic  data linear lift angle of
attackrediction, lift mainly obtained with
high-lift-devices and high angle of attack lift.
The three are of main importance for different
parts of the flight envelope. W will cover the
three successively.

incidence prediction is
of codes described

Good linear lift vs,
achieved by the three level
before. It is clear that such prediction is
useful for high  dynamic  pressure that
corresponds to low values of angle of attack.
Some concern may appear in such flight regimes
with aeroelasticity effects for such aeroelastic
effects a simplified procedure use the long beam
approximation : flexion and torsion of wing and
estimated by projection of
on neutral line of the
iterative procedure

fuselage can be
efforts and moments
equivalent beams. A Newton
will help to converge towards final deflection.
Main contributors are coming from twist-induced
by flexion of neutral lines of box of wings with
sweep fig. 5.




T -

TECHNICAL LIBRARY

without or with

High lift characteristics,

high-lift devices, mainly rely on dissipation of
main wakes and mixing of viscous wakes and of
boundary layers with or without separation. So it
cannot be predict by inviscid flow computations.
However a first assessment can be done in the
approximation of lifting line. So if we return to
the preceding procedure of lifting line wing t
interaction + fuselage we can use the following

iterative computation

- compute the 2 D lifting correction due to
viscosity t stall estimation

- compute the 3D
distribution.

lifting line lift
It is obtain by iterative non
induced downwash

Linear spanwise

computations until convergence towards

eauilibrium.

So a three step procedure can be used : st
estimation of inviscid contribution to high lift

by the previously defined codes . e.q.
singularities, with non linear boundary
conditions.
Cy [
=
, Je——
./ &
/
/ { [ e "N
/ ;
1
i
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On figure 6, we have put the non-linear
inviscid value of 2D lift and the experimental
values for increasing camber of wing section. W
have put also the angle of incidence related to
maximum lift and the equivalent angle of attack
having the same maximum lift as the section but
inviscid curve. A lot of

on the empirical

criteria for determination of these two data

have been proposed. W will retain the two

following procedures

- If no viscous computations are available,

use of experimental results on similar

wing section will help to define the
"state of the art" loss of lift and angle

of attack achieved for stall.

If can be fulfilled the computation of
boundary layer on upper surface of the
wing section we can make the

assumption

following
on one element section the
maximum lift is obtained when separation
occurs at 85% of the chord with inviscid
pressure distribution. is a
at the

Such figure
mean value but can be very useful

preliminary design level.
On multi-elements airfoil, same figure can
be retained for the main section
separation at the last element. Revaluable
data are obtained with a value of 50% on
camber

its own chord. But when the

increases, the Cp distribution does not
change any more with angle of attack near
the trailing edge

total separation on

stall

the slot is the best criteria for
prediction.
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Better way of design is to use a complete
iterated code taking
the
boundary layer and wakes downstream of each shot.
Ifthe work is done in 2,50 (that is to say with

account for sweep angle and local tapering of the

into account the shape of

separated wake and interaction between

wing) a complete set of lift (and moment) versus
Adding a

lifting line computation of induced velocity will

local angle of attack is available.
allow to be simplified 30 code to give a very
high
aspect ratio is not too low and sweep angle not
too high (say ARY3, { (45°). n fig. 8 is given

such a rebuilding of a typical

precise predictor of lift devices when

subsonic aircraft

by a genuine Oassault code.

[
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For very high sweep angle another approach

is to use the Polhamus approximation where the

succion is assumed lost and transform in a
vortex lift. Best procedure for succion
predictions can be done by a vortex lattice
method making the succion effective ; however

maximum lift related ¥o vortex bursting is only

empirically chosen.

In transsonic, fast answer can be obtained

with wing alone or wing t simplified body finite

volume computation. The time of computation is

not so large and a complete set of data can be
obtained by survey of maximum local Mach number

normal to the shock.-wave. A simplified rule

assuming shock-wavelboundary layer separation

when Mach number is. Targer than 1,4 gives a good

approximation OF the buffet angle of attack

(fig. 9). If the complexity of the aircraft does

not allow reasonable answer by wing alone

computation {and in order to fix the CL aircraft

versus CL  wing) some complete aircraft

for

needed,

computations are example by panel

method.

ag evaluation

Drag evaluation and
difficult

preliminary design.

is the more complex

task of any engineer in charge of
Some probable evaluation can
be done for friction and induced drag, but more
complex components as those drags related to
engine airframe integration and at the drag of
at the

miscellaneous, ¢an be highly empirical

preliminary stage of definition of an aircraft.
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Friction and form drag is obtained with good
accuracy from the data books ; such curves are
well established (see for example the friction
drag of Van Driest data book). But some
corrections are needed ; they are directly
related to square of thickness ratio for taking
in account true local velocities larger than
infinite value. Some concern are to be given to
the roughness drag, particularly for low altitude
mission prediction. A drag breakdown taking in
account local chord and their Reynolds number
effect is important in the selection of

configuration with large variation of chords.

Preliminary estimations of friction drag only
based on wetted area is dangerous except at the
very preliminary stage of study.

Wave drag can be obtained at low cost in the
approximation of linearized flow for wings and of
axisymmetric flow for equivalent area
distribution on the body. But an interaction
process is needed for area ruling effect related
to transonic and supersonic interaction. Fig. 10
gives such rebuilding process obtained by a
Dassault genuine code used in preliminary design.
It is to be noticed that correction for highly
non linear effect is needed for canopy, pylons...
I1¥such correction is to be added, however such
procedure gives a much better answer particularly
in transonic range than the transonic or
supersonic area rule formula based on
trans-supersonic area rule distribution 5 it was
shown that such formula is only applicable with
success to very slender configuration (variable
geometry aircraft with high sweep angle

configuration) without troubles coming from

trailing edge contributions.

CALGUL TRANSSONIQUE |
PAR DIFFERENCES FINIES

~FALCON BO-

Wach 0,84
ncldencs 18
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We will discuss the evaluation of drag related
to engine installation in the next chapters.

2 ~ DETAILED DESIGN ENGINEERING PROCEDURES

20 - Evaluation of first preliminary design
quality can no more be done actually without a
quick survey of separated area of design. W
will cover successively the evaluation of local
separated area, frontiers between non-separated
and separated regions. Such evaluation includes
the necessary first survey of air-intake
integration and of afterbody integration. Many
times it is at the level of induced separations
that one has to predict the interaction with non
aerodynamic requirements as those coming from

RCS signature reduction.

2.1 - Separated areas evaluation

It is of main importance to survey for some
critical points of design the boundaries of
separated areas of the wetted total area 5 all
the skin cannot be examined versus all angles of
interest for

attack and mach number of

separation of boundary layers.

Preliminary design has to lead directly to
selection of aircraft configuration : deviously
one main element of choice of configuration is
generally the cleanliness of design or the
boundary of such cleanliness from an aerodynamic
point of view. The best preliminary design tool
is the survey of one streamline after the other
with a 3D boundary layer code ; fig. 11 gives
an example of a flow survey at the wall for a
Falcon oriented towards rear fuselage separation
estimation by streamline analysis. Such code can
be operated on a workstation using an inviscid
pressure distribution coming from panel methods
in subsonic or finite element in transonic. Of
main importance are the ability of the code to
give indication of the local determination of
boundary layer by shape parameter f‘t and 3D
shear angle versus the local convergence and
curvature parameters of the streamlines. Easy
surveys of the origine of streamline that

separates is needed.




2.

THIB DOCUMENT PROVIC

FALCON 50

CALEULS DES CECOLLEMENTS
Incisence 330, (hasoge Al

IOHE DECOLLEE LiGRES OF COURKNT

transonic
more

On supersonic or design, the
problem is generally much i-elated to
existence of high intensity shock wave and on
corresponding  upstream  shock-boundary  layer
interactions. Checking of validity of criteria of
design by direct Navier-Stokes solution with
simple turbulence modelling is out of the budget
of preliminary design and has to be replaced by
empirical evaluations.

2.2 - Air-intake integration

Large difficulty in design comes from
engine-inlet integration ; soon in the design is
the necessity to define preliminary stage at
least roughly for the boundary layer diverter.
The necessity to evaluate the volume and position
to be reserved to the air-intake is much
mandatory for internal architecture of any
project. A simple one dimensional analysis code
is needed for evaluation of the area distribution
of the duct and of the throat area required in
different flight regimes. Another code has to
help prediction of supersonic recovery factor
taking account of Tosses in the external or
internal shock waves and boundary layers. A
simple 20 axisymmetric code is needed that uses
the correct area distribution of the duct for
preliminary  design  of possible internal
divergence, and out of design external spillage
drag. Fig. 12 shows a typical result of such
axisymmetric code that helps a lot in the
preliminary design phasis when intake area,

external and internal devices are to be selected.
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Particular insistance has to be put on accuracy
of such finite difference code for evaluation of
the drag because the too-rough evaluation of
"succion" directly extracted of 1D
momentum equation, as so-called "additive drag",
is dangerous. It is better to rely on
integration of p'ressure of such code which take
correctly in internal-external
"recovery” on the lips. ram drag,
as put in the definition of the thrust delivered
by engine manufacturer generally given in its
brochures, is to be compared to true pressure
integrals. Equivalent axisymmetric air intake
can furnish better data if careful duplication
of local slope and duct area distribution are
done.

recovery

account the
Conventional

MACH INFINI = 281 HACH COMPAESSEUR = (.25

SECTION CRITIQUE = 18 8m’

[23.-71]

Complementary work has to be performed from
the beginning of the clesign related to incoming
flowfield. Some external recompressions of the
flow many times are coming from the shape of the
aircraft. Effort are to be devoted, from the
beginning of the design, to clarify what is the
interaction has ihe forward fuselage or wing on
the flowfield at the entrance of the air intake.
Selection of front fuselage shape cannot be done
without such preliminary study. It can be
fulfilled by simple finite difference code as
described in 13.
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AVANT QPTIMISATION

Air intake flowfield
(Mirage 2000) optimisation

APRES QPTIMISATION

2.3 - Afterbody integration

Symmetric work on afterbody has to be
fullfilled. However it is clear that axisymmetric
or monodimensional codes are not convenient for
such study for twin engine integrated afterbody.
For the delimitation of
areas are to be done

procedure of 2.1. For

such study separated
systematically with the
more complex shapes the
analysis is out of the scope of simplified
inviscid or incoupled viscous-inviscid flows.
Some codes exist that can take advantage of
simple correlation based on reattachment criteria
or on mixing-layer development, but there are
generally of limited values. Progress are to be
done, but they will come from simplification of
much more complete Navier-Stokes solutions. Such
results are to be validated in wind-tunnel and in
Flight ; work are in progress.

2.4 - Interaction with

non aerodynamic

requirements

More are to be done in future design for
integration of RCS or IR reduction in the
aerodynamic design. It is to be assumed that

equivalent simplified Maxwell solvers are at the
disposal of designers and that interaction can
take place between aerodynamicists and Maxwell
specialists. Integration in the same team is
mandatory. As an example this is probably more
important than in the past when efforts had been
push forward for integration of the aeroelastic

2-9

with the
analysis department. However the selection of
position, shape, volume to be devoted to
antennas are a part of the same effort towards
complete Maxwell
design phasis.

effects or for interaction stress

integration at the preliminary
Internal and external weapons or
tanks are also part of such general effort for
integration but specific tools are not needed
except for preliminary evaluation of separation
problems.

3 - CONCLUSION

& can summarize all the engineering tools
used in the preliminary design in the following

table

Engine
AC/CP Lift Drag Inlet-
exhaust
fore and
after-body
S.G.C
Level 1§ S.G.C $.6.C + E.R
E.R
P and AXT 2D
Level 2} L.M FDM L+ INVISED
2.5P and|| NLC CODE
FDM
Level 343DP and 3 DP 3 DPM 30P Ff
FEM and and
FEM FEM 30 S and S
C Simplified graphic data-sheet and
computing; ER Expences's rules ; L.M
Linearized method ; P.M. : Panel Method ; FM
Finite difference method ; FEM : Finite element
method ; L + NLC : Linearized t non linear
corrections ; AM : Approximate methods ; Ff
Flow field ; S and s Streamline and
separation.

It is clear that recent reduction of cost of
computation by the minisuper computer and
advanced  workstation has shift the CFO
computation from detailed analysis work to the
preliminary design phase. Numerous tools are now

used in such phase, it will improve greatly the
quality of the 0.0 definition of any new
project.
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CONFIGURATION DEVELOPMENT
Daniel P. raymer
P.O. BOX 923156
Sylmar, CA, USA 91392-3156
NOTE:
The following material, presented as part of the AGARD FDP
SPECIAL COURSE ON ENGINEERING METHODS IN AERODYNAMIC ANALYSIS AND
DESIGN, 1is excerpted and summarized from the author®s textbook,
"AIRCRAFT DESIGN: A Conceptual Approach™ (Copyright C 1989,
published by the American Institute of Aeronautics and
Astronautics, 370 L'Enfant Promenade, Washington, D.C., U.S.A_,
20024). The lecture charts are part of the five day Short course
on Aircraft Conceptual Design which is regularly presented by the
author. The author retains full copyright protection of this
material, and further publication or reproduction beyond this
AGARD short course is strictly forbidden without prieor written
approval .
INTRODUCTION 6 SUMMARY
Aircraft conceptual design is a Ui,
complex, multidisciplinary process l WeLL 3T woms 2
involving science, history, art, and cancERTUAL MaAT DOER IT Lomc Lie 7
magic, In sometimes equal proportions. In DEsIOan AT RECUIRETENTS DRIVE THE DESION 7
this AGARD special course, we are focused AT TRAJE-OPFS GXLG BE CONRIOERED T
upon the aerodynamic aspects of aircraft PHAT SHOLLD [T WEIM fp codT 2
design, but the overall configuration of
the aircraft must both provide good [ FreEze e cowroumarion
aerodynamics and reflect a wide variety of et xe cevELOm LoFT Mg
other  considerations. In this lecture Frany R
number three, we will discuss pEaran sEBioN ~I0R 17Ema
configuration development and its key role DEVELOP ACTUAL CORT ESTIMATE  (* YOU-BET-YOUR-COMPAHY
in aerodynamic design.
CONFIGURATION DEVELOPMENT PROCESS FEINN (€ ACTAL PIECER O BE TUILT
DETAIL DESION THE TOOLIMG AND FABRLCATION PROCESS
Aircraft design can be broken into pESIGN TEGT MAJOR 1TERE - STRCTURE, LANDING DERR: -
three major phases depicted in figure one. { FINALLIE MELOT fD PERFORTIANGE E2TIRATER
Conceptual design is the phase where the FapRICAT 10N i
basic guestions of configuration Fig. 1 Three phases of aircraft design.
arrangement, size and weight, and
performance are answered. )

affordable aircraft be built which meets
the requirements?" If the answer seems to

be n"nen, the customer may wish to change
the requirements. This is not too unusual,
for the customer sets the requirements as
a compromise between what experience says
is feasible and what the end-users of the
new airplane would like to get.
conceptual design is a very fluid
process. New ideas and problems emerge as
a design is investigated in ever-
increasing detail. Each time the latest
design is analyzed and sized, it must be
redrawn to reflect the new gross weight,

fuel weight, wing size, engine size, and
other changes. Early wind tunnel tests
often reveal problems requiring some

changes to the configuration.

Preliminary design can be said to begin
when the major changes are over. The big
questions such as whether to use a canard
or an aft tail have been resolved. The
configuration arrangement can be expected
to remain about as shown on _ current
drawings, although minor revisions may
occur. At some point late in preliminary
design, even minor changes are stopped
when a decision is made to freeze the
configuration.

specialists in areas such as structures,
landing gear, and control systems will
design and analyze their portion of the

aircraft. Testing is initiated in areas
such as aerodynamics, propulsion,
structures, and stability and control. A

mockup may be constructed at this point.

Assuming a favorable decision for
entering full-scale development, the
detail design phase begins. Here, the
actual pieces to be fabricated are
designed. For example, during conceptual

and preliminary design, the wing box is
designed and analyzed as a whole. During
detail design, that whole is broken down
into individual ribs, spars, and skins,
each of which must be separately designed
and analyzed.

Detail design ends with fabrication of
the aircraft. Frequently the fabrication
begins on part of the aircraft before the
entire detail design effort is completed.
Hopefully, changes to already-fabricated
pieces can be avoided.

The actual design effort usually begins
with a conceptual sketch (Figure 2). This

Copyright C 1991 by DANIEL P. RAYMER

ALL RIGHTS RESERVED

At
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WING PLANFORM SELECTION

Before the design layout can be
started, the wing geometry must be
selected, including parameters such as
aspect ratio, sweep, taper ratio,
dihedral, and thickness. Whille all these
parameters will he numerically optimized
at some later date, that optimization will
- proceed from a baseline aircraft
arrangement and that baseline must include
some Initial guess as to these parameters.
Thus, designers have evolved a number of
"first-order" methods which are provided
below.

The "reference', or 'trapezoidal™ wing
is the basic wing geometry used to begin
the layout. Figures 4 and 5 show the key

SUPERCRUISE LIONT WE!OHMT FIOHTER

Fig. 2 Initial sketch geometric parameters of the reference
_ _ _ wing. Note that the reference wing is
is the "back of a napkin” drawing of ficticious, and extends through ~ the
aerospace  legend, and gives a rough  fuselage to the aircraft centerline.
indication of what the design may look There are two key sweep angles, as
like. The sketch is used to make a Tfirst shown in figure 5. The leading edge sweep
estimate of the required total weight and is the angle.of concern in supersonic
fuel weight to perform the design mission, flight. To reduce drag it is common to
by a process called "'sizing". . sweep the 1leading edge behind the mach
_ The "first-order” sizing provides the cone. The sweep of the quarter chord line
information needed to develop an initial is the sweep most: related to subsonic
design layout (Ffigure 3). This IS a scaled flight.
three-view drawing complete with the more Airfoil citching moment data in
important internal arrangement details, subsonic flow is generally provided about
including typically the landing gear, the quarter-chord point. That is the point
payload or passenger compartment, engines  about which the airfoil pitching moment is
and inlet ducts, fuel tanks, cockpit, essentially constant with changing angle
major avionics, and any other internal of attack (ie, the "aerodynamic center’).
components which are Jlarge enough to In _a similar fashion, such a point_ is

affect the overall shaping o the defined for the complete trapezoidal wing.
aircraft. Enough cross-sections are shown This is based on the concent of the "mean

to verify that everything Fits. aerodynamic chord™.

This initial layout is analyzed to The mean aerodynamic chord, shown _in
determine if it really will perform the figure 6, is the chord "c¢" of an airfoil,
mission as indicated by the first-order located at some distance ®“y% from the
sizing. Actual aerodynamics, weights, and centerline. Figure 6 illustrates a
installed propulsion characteristics are graphical method for finding the mean
analyzed and subsequently used to do a  aerodynamic chord of a trapezoidal wing
detailed sizing calculation. Furthermore, planform.
the performance capabilities of the design The entire wing has its mean

are _ calculated and compared to the aerodynamic center at approximately the
requirements mentioned above. Optimization same = percent location of the ~ mean
techniques are used to find the _lightest aerodynamic chord as that of the airfoil

or lowest-cost aircraft that will both alone. In subsonic: flow, this is at the
perform the design mission and meet all quarter chord point on the mean
performance requirements. aerodynamic chord. In supersonic flow, the
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ACTUAL WING

REFERENCE WING
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=REFERENCE WING AREA
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Fig. 4  Wing geometry.
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Fig. 6

aerodynamic center moves back to about 40
percent of the mean aerodynamic chord. The
mean aerodynamic chord and the resulting
aerodynamic center point 1S used to
properly locate the wing.

The shape of the reference wing is
determined by 1its aspect ratio, taper
ratio, and sweep. These will be determined
now, along with the desired dihedral.

Mean aerodynamic chord

The first to investigate aspect ratio
in detail were the Wright brothers, usin
a wind tunnel they constructed. They foun
that a Ilong, skinny wing (high aspect
ratio) has less drag for a given lift than
a short, fat wing (lowaspect ratio). This
is due to the three-dimensional effects.

When a wing is generating lift, it has
a reduced pressure on the upper surface
and an increased pressure on the lower

surface. The air would like to "escape"
from the bottom of the wing, moving to the
top. This is not possible in  two
dimensional flow. However, for a real,
three-dimensional wing, the air can escape
around the wing tip.

When air escapes around the wing tip,
the pressure difference between the upper
surface and the Jlower surface is
decreased. This reduces lift. Also, the
air flowing around the tip flows in a
circular path when seen from the front,
and in effect, pushes down on the wing
near the tip, which reduces the effective
angle of attack of the airfoils near the

tip. This circular, or "vortex Tlow
pattern continues downstream behind the
wing.

A wing with a high aspect ratio has the
wing tips further apart than an equal area
wing with a Jlow aspect ratio, so the
amount of the wing affected by the tip
vortex is less than for a low aspect ratio
wing, and the strength of the tip vortex
is reduced. Thus, the high aspect ratio
wing suffers less loss of lift and
increase of drag due to tip effects than
the low aspect ratio wing of equal area.

As most early wings were rectangular in
shape, the aspect ratio was initially
defined as simply the span divided by the
chord. For a tapered wing, the aspect
ratio 1is defined as the span squared
divided by the area (which defaults to the
earlier definition for a wing with no
taper).

The maximum subsonic Iift to drag ratio
of an aircraft increases approximately by
the square root of an increase in aspect
ratio. On the other hand, the wing weight
also increases with increasing aspect
ratio, by about the same factor.

Later in the design process, the aspect
ratio will be determined by a trade study
in which the aerodynamic advantages of a
higher aspect ratio are balanced against
the increased weight. For _initial wing
layout, the values and equations provided
in table one can be used. These were
determined through statistical analysis of
a number of aircraft, using data from
Jane®s All The World"s Aircraft.

Wing sweep is used primarily to reduce
the adverse effects of transonic and

Table 1 Asnect ratio

Sailplanc equivalent® aspect ratio = 4,464 {best L/D)
Propeller aircraft Equivalent aspect ratio

Homebuilt 6.0

General aviation—single engine 7.6

General aviation—twin engine 1.8

Agricultural air¢raft 7.5

Twin turboprop 9.2

Flying boat 8.0

Equivalent aspect Ratio = AMS,

Jet aircraft A C
Jet trainer 4.737 -0.979
Jet fighter (dogfighter) 5416 -0.622
Jet fighter (other) 4.110 -0.622
Military cargo/bomber 5570 -1.075
Jet transport 7.50 [

*Equivalent aspect ratio = wing span squared/(wing and canard areas)
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Fig. 8 Wing sweep historical trend,
supersonic  flow. Theoretically, shock
formation on a swept wing is determined

not by the actual velocity OoF the air
passing over the wing, but by the air
velocity in a direction perpenaicular to
the leading edge of the wing. This allows
an increase in critical mach number by the
use of sweep.

At supersonic speeds the loss of lift
associated with_ supersonic flow can be
reduced by sweeping the wing leading edge
aft of the mach.cone angle (arcsin(l/mach
noj).

Figure s shows a historical trend line
for W|n% leading edge sweep versus mach
number. The historical trend differs from

this theoretical result for two reasons.
In the high speed range, It becomes
structurally impractical to sweep the wing
past the mach cone. In the transonic speed
regime [roughly mach .9 to 1.2), the
desire for subsonic airflow velocity over
the airfoil (when measured perpendicular
to the leading edge) is more important
than the mach cone effect, which would
indicate zero sweep for mach one.

The wing sweep and aspect ratio
together have a strong effect on the wing-
alone ﬁitchup characteristics. "pitchup!
is the highly undesirable tendency of some
aircraft, upon reaching an angle of attack
near stall, to suddenly and uncontrollably
increase the angle of attack. The aircraft
continues pitching up until it stalls and
departs totally out of control.

Figure 9 provides boundaries for
pitchup avoidance for combinations of wing
quarter-chord sweep angle and aspect
ratio. Pitchup avoidance should be
considered for military fighters,
aerobatic aircraft, general aviation
aircraft, and trainers.

Wing taper ratio is the ratio_between
the tip chord and the centerline root
chord. Most wings of low sweep have a
taper ratio of about 0.4 to 0.5, while
most swept wings have a taper ratio of
about 0.2 to 0.3.

Taper affects the distribution of [lift
along the span of the wing. As proven by
the Prandtl wing theory early in this
century, minimum drag due to lift, or
"induced" drag, occurs when the lift is
distributed in an elliptical fashion. For

an untwisted and unswept wing, this occurs
when the wing planform is shaped as an
ellipse. This result was the basis of the
graceful wing of the Supermarine Spitfire.

SPAN LOCATION LIFT

MEAN LIFT
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Fig. 9 Tail-off pitchup boundaries.
_An  elliptical. wing planform is
difficult and expensive to build. The

easiest wing to build is the untapered
rectangular wing. However, the untapered
wing has constant: chord length along the
span, and so has excessive chord towards
the tip when compared to the ideal
elliptical wing. This "loads up!" the tip,
causing the wing to generate more of its
lift towards the tip than is 1ideal. The
end result is that an untwisted
rectangular wing has about seven percent
more drag due to lift than an elliptical
wing of the same aspect ratio.

When a rectangular wing is tapered, the
tip chords become shorter, alleviating the
undesired effects of the constant-chord
rectangular wing. In fact, a taper ratio
of 0.5 almost completely eliminates those
effects for an unswept wing, and produces
lift distribution very close to the

a

elliptical ideal (figgre 10). This results
in a drag due to lift which is less than
one percent higher than the ideal,

elliptical wing.

A wing swept aft tends to divert the
air outboard, towards the tips. This loads
up the tips, creaking more lift outboard

than Tfor an equivalent unswept wing. To
return the [Iift. distribution to the
desired =elliptical lift distribution, it

is necessary to increase the amount of
taper (is, reduce the taper ratio).

ELLIPTIC LOADING

TAPER RATIO
A=10

A=.5

10

A -4
SPAN LOCATION TiP

Effect of taper on lift distribution,
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Figure 11 illustrates the results of
NACA wind tunnel tests to determine the
taper ratio required to approximate the
elliptical lift distribution for a swept,
untwisted wing. However, it should be
noted that taper ratios much lower than
0.2 should be avoided for all but delta
wings, as a very low taper ratio tends to
promote tip stall.

Wing dihedral is the angle of the wing
with respect to the horizontal when seen
from the front. Dihedral tends to roll the
aircraft level whenever it is banked. This
is frequently, and incorrectly, explained
as the result of a greater projected area
for the wing which 1s lowered.

actually, the rolling moment is caused

RAYME‘R Ll NACA 92t
1.0 ‘\
0.8 \
UNTWISTED WING PLANFORMS
b~ WITH APPROXIMATELY ELLIPTICAL
5 LIFT DISTRIBUTION
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Fig. 11 Effect of sweep on desired (aper ratio.

by a sideslip introduced by the bank
angle. The aircraft "slides" towards the
lowered wing, which increases the angle of
attack of the lowered wing. The resulting
rolling moment Ls approximately
proportional to the dihedral angle.

wing sweep also produces a
moment due to sideslip, caused by the
change in relative sweep of the le and
right wings. This creates an effective
dihedral which 1is added to any actual
geometric dihedral.. Roughly speaking, ten
degrees of sweep provides about one degree
of effective dihedral.

In addition, the position of the wing
on the fusslage has an positive influence
on the effective dihedral, with the
greatest effect provided by a high wing.
Table % provides initial estimates of
dihedral.

Wing airfoil thickness ratio has a
direct effect on drag, maximum lift, stall
characteristics, and structural weight.
The subsonic drag increases with
increasing thickness due to increased
separation, and the critical Mach number
reduces with increased thickness. The
thickness ratio affects the maximum lift
and stall characteristics primarily by its
effect on the nose shape. For a wing of
fairly high aspect ratio and moderate
sweep, a larger nose radius provides a
higher stall angle and a greater maximum
lift coefficient.

rolling

Tabic 2 Didedou guideliaes

SCUMENT PROVIOED BY THE ABBOTT A

Dc [: A
TECHNICAL LIBRARY

THICKNESS RATIO (1/¢}
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The reverse is true for low aspect
ratio, swept wings, such as a delta wing.
Here, a sharper leading edge provides
greater maximum lift due to the formation
of vortices, which delay stalling.

Thickness also affects the structural
weight of the wing. Statistical equations
for wing weight show that the wing
structural weight varies approximately
inversely with the square root of the
thickness ratio.

For initial selection of the thickness

ratio, the historical trend shown in
figure 12 can be used.
- >
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Fig. 12 Thickness ratio historical trend.
WING LOADING AND THRUST-TO-WEIGHT RATIO
The thrust-to-weight ratio (T/¥) and

the wing loading (w/s) are the two most
important parameters affecting aircraft
performance.

The thrust-to-weight ratio directly
affects the performance of the aircraft.
an aircraft with a higher thryst-to-weight
ratio will accelerate more quickly, climb
more rapidly, reach a higher maximum
speed, and sustain higher turn rates. on
the other hand, the Iarﬁer engines will
consume more fuel throughout the mission,
which will drive up the aircraft®s takeoff

gross weight to perform the design
mission. i i i
Thrust-to-weight ratio is closely

related to maximum speed. Table three
provides curve fit equations based upon
maximum mach number or velocity for
different classes of aircraft which can be
used as a first estimate for thrust-to-
weight ratio.

For an aircraft which _is designed
primarily for efficiency during cruise, a
better initial estimate of the required
thrust-to-weight ratio can be obtained by
""thrust matcning®, This refers to the
comparison of the selected engine®s thrust
available during cruise to the estimated
aircraft drag.

In level unaccelerating flight, the
thrust must equal the drag. Likewise, the
weight must equal the lift_ (assuming that
the thrust 1is aligned with the Tflight
path). Thus, the thrust-to-weight ratio
must equal the inverse of the lift-to-drag
ratio. An estimate of LD obtained
through one of several methods is thus
used to determine minimum T/W for cruise.
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Table 3 T/W, vs M,
T/Wy=A MS,, A C
Jet trainer 0.488 0.728
Jei fighter (dogfighter) 0.648 0894
Jet fighter {other)} 0.514 0.141
Military cargo/bomber 0.244 0.141
Jet transport 0.267 0.361

There are many other criteria which can
set the thrust-to-weight ratio, such as
climb rate, takeoff distance, and turning
performance. These other criteria also
involve the wing loading and are described
later.

The wing loading is the weight of the
aircraft divided by the area of the
reference (not exposed) wing. As with the
thrust-to-weight ratio, the term "wing
loading™ normally refers to the takeoff
wing loading, but can also refer to combat
and other conditions.

Wing loading affects stall speed, climb
rate, takeoff and landing distance, and
turn performance. The wing loading
determines the design lift coefficient,

and impacts drag through its effect upon
wetted area and wing span.

Wing loading has a strong effect upon
sized aircraft takeoff gross weight. |IFf
the wing loading is reduced, the wing is
larger. This may improve performance, but
the additional drag and empty weight due
to the larger wing will increase takeoff
gross weight to perform the mission.

To maximize range during cruise, the
wing loading should, if possible, be
selected to provide a high /D at the
cruise conditions. L/D is a function of

dynamic pressure. The wing loading Tfor
best L/D increases directly with
increasing dynamic pressure.

A propeller aircraft, which loses
thrust efficiency as speed goes uE, gets
the maximum range when flying at the speed
for best L/D, while a Jjet aircraft

maximizes range at a somewhat higher speed
where the L/D is slightly reduced. The
speed for best L/D is that speed at which
the parasite drag exactly equals the
induced drag. Therefore, to maximize range
a propeller aircraft should fly such that
equation one is satisfied.
2

Ci
QSCDO = qs ;.-4—8

During cruise, the lift equals the
weight, so the lift coefficient equals the
wing loading divided by the dynamic
pressure. Substitution into equation one
allows solution for the required wing
loading to maximize L/D for a given flight
condition. This result (equation 2) is the
wing loading for maximum range for a
propeller aircraft,

Maximum Prop Range: W/S =gVxAeCp,

As the aircraft cruises, its weight
reduces due to the fuel burned, so the
wing _loading reduces during _cruise. To
optimize the cruise when the wing loading
is steadily reducing requires reducing the
dynamic préssure by the same percent. This
can be done by reducing velocity, which is
undesirable, or by climbing to reduce the
air _density. This range optimizing
technique is” known as a "cruise-climb".

A jet aircraft flying a cruise-climb at
a constant thrust setting will maximize
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range by flying at a wing loading such
that the parasite drag Is exactly twice
the induced drag. This yields equation 3
for wing loading selection for constant-
thrust range optimization.

Maximum Jet Range: W/S =gqVxAeCpy/3

An aircraft designed for air-to-air
dogfighting wnust be capable of high turn
rates. When air-to-air missiles are in
use, the rirst aircraft to turn towards
the other aircraft enough to launch a
missile will propably win. In a guns-only
dogfight, the aircraftwith the higher
turn rate will be able to maneuver behind
the other. A "tum rate superiority of two
degrees per second is considered
significant.

There are "two important turn rates. The
"sustained" turn rate for some flight
condition is the turn rate at which the
thrust of the aircraft is just sufficient
to maintain velocity in the turn.

IT the aircraft turns at a greater
rate, the drag becomes greater than the
available thrust so the aircraft begins to
slow down. The "instantaneous" turn rate
is the highest turn rate possible,
ignoring the fact that the aircraft will
slow down.

The "load Tfactor'™, or teg-loading”,
during a turn is the acceleration due to
lift expressed as a multiple of the
standard acceleration due to gravity (32.2

ft/ssc squared). Load factor (‘“n'} is
equal to the lift divided by the
aircraft®s weight. The required wing

loading to attain a required turn load

factor can be solved as follows:

W _qCpy
S n

The sustained turn rate is also
important for success in combat. Sustained
turn rate is usually expressed in terms of
the maximum load factor at some flight
condition that the aircraft can sustain
without slowing. For example, the
capability for sustaining five '"g's" at
0.9 Mach number at thirty thousand feet
may be specified.

The wing loading to exactly attain, a
required sustained load factor "n" using
all of the available thrust can be
determined by equating the thrust and
drag, and using “the fact that the lift
coefficient during maneuver equals the
wing _loading times "n'', divided by the
dynamic pressure. "Thisyields equation 5.

W (T/W) = (T/W)E — (dniCp/xAe)
S 2n z/q xAe

The stall speed of an aircraft may also
define the required wing loading, and is
directly determined by the wing loadin
and the maximum lift coefficient. Stal
speed is a major contributor to Tflyin
safety, with a substantial number of fata
accidents each year due to "failure to
maintain Fflying speed”._ _ _

Civil and military design
specifications establish maximum allowable
stall speeds for various classes of
aircraft. In some cases, the stall speed
is explicitely stated.
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Equation 6 states that lift equals
weight in level flight, and that at stall
speed, the aircra iIs at maximum lift
coefficient. Equation 7 solves for the
required wing loading to attain a given
stall speed with a certain maximum lift
coefficient. The air density, 3%gr, 1is
typically the sea level standard value
(.00238 slugs/cubic foot) or sometimes the
5000 foot altitude, hot day value (.00189)
to ensure that the airplane can be flown
into Denver during summer.

The remaining unknown is the maximum
lift coefficient. This can be very
difficult to estimate. Values range from
about 1.2 to 1.5 for a plain wing with no
flaps to as much as 5.0 for a wing with
large flaps immersed in the propwash or
jetwash.

Maximum lift coefficient depends upon
the wing geometry, airfoil shape, flap
geometry and span, leading edge slot or
slat geometry, Reynolds number, surface
texture, and interference from other parts
of the aircraft such as the _fuselage,

nacelles, or pylons. The trim force
provided by the horizontal tail will
increase or reduce the maximum life,

depending upon the direction of the trim
force. IT the propwash or jetwash impinges
upon the wing or the flaps, it will also
have a major influence upon maximum lift
during power-on conditions.

For an initial estimate of maximum
lifg, it is usuallz necessary to resort to
test results and historical data. Figure
13 provides maximum lift trends versus
sweep angle for several classes of
aircraft. Note that the maximum lift using
the takeoff flap setting will typically be
about 80 percent of these landing maximum
values.

Frequently the takeoff distance will
determine the required wing loading.
Figure 14 permits estimation of the
takeoff ground roll, takeoff distance to
clear a 50 foot obstacle, and FAR balanced
field length over a thirty-five foot
obstacle.
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Fig. 13 Maximum lift coellicient.
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Fig. 14 Takeoff dish"" estimation,

Landing distance can also sometimes
determine the required wing loading. win
loading affects the approach speed, whic
determines the touchdown speed, which in
turn defines the kinetic energy which must
be dissipated to bring the ailrcraft to a
halt. The kinetic energy, and hence the
stopping distance, varies as the square of
the touchdown speed.

In fact. a reasonable Tirst-auess of

the total landing distance 1in feet,
including obstacle clearance, is
approximately 0.3 times the square of the

approach  speed in Kknots.
Equation 8 provides a better
landing distance

aﬁproximation of the |1 g
which can be used to estimate the maximum
landing wing loading. The Tfirst term
represents the ground roll to absorb the
kinetic energy at touchdown speed. The
constant term, Sa, represents the obstacle
¢learance distance.

W
Standing = 30(3—) (aC,ul ) + 35,

1000 (airliner-type. 3-deg glideslope}
600 (general aviation-type power-off approach)
450 (STOL .7-deg gliderlope)

where

S,

LI T

OTHER AERODYNAMIC CONSIDERATIONS

The overall arrangement and smoothness
of the fuselage can have a major effect
upon aerodynamic efficiency. A poorly
designed aircraft can have excessive flow
separation, transonic drag rise, and
supersonic wave drag. Also, a poor wing-
fuselage arrangement can result in lift
losses or disruption of the desired
elliptical lift distribution.

The major  requirement for
aerodynamic design during fuselage layout
is the maintenance of smooth longitudinal
contours. These can be provided by the use
of smooth longitudinal control lines.
Generally, longrtudinal breaks in contour
should Tfollow a radius at least equal to
the fuselage diameter at that point.

good
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Fig. 15 Longitudinal conlour guldelines

To prevent separation of the airflow,
the aft-fuselage deviation from the
freestream direction should not exceed 10
to 12 degrees (Ffigure 15). However, the
air inflow induced by a pusher-propeller
will prevent separation despite contour
angles of up to 30 degrees or more.

A lower-surface upsweep of about 25
degrees can be tolerated for a rear-
loading transport aircraft provided that
the fuselage lower corners are fairly

sharp. This causes a vortex flaw pattern
which reduces the drag penalty. In
general, aft-fuselage upsweep should be

minimized as much as possible, especially
for high-speed aircraft.

For improved aerodynamic efficiency,
the wing-fuselage connection_ of most
aircraft i1s smoothly blended using a "'wing
fillet” (figure 16). A wing Fillet is
generally defined by a circular arc of
varying radius, tangent to both the wing
and fuselage. Typically a wing fillet has
a radius of about 10 percent of the root

chord length.

LEADING EDGE
FILLET RADIUS

FILLET ARC RADLUS

AR AUXTLIARY FILLET COKIAROL LIME

RAD IS

{

Low wing, high-speed aircraft will
frequently have a modified wing root
airfoil to further minimize  fuselage
interference and  shock-induced drag
increases. This modification takes the
form of an uncambered or even negatively-
cambered airfoil set at a high positive
angle of incidence.

For supersonic aircraft, the greatest
aerodynamic impact upon the configuration
layout results from the desire to minimize
supersonic wave drag. Wave drag 1is a
pressure drag due to the formation of
shocks, and is analytically related to the

J
=t

Fig. 16 Wing fillet layout.
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FUSELAGE STATIONS

Fig. 18 Sears-Hazck volume distridution

longitudinal change in the aircraft's
total cross-sectional area. In fact, wave
drag IS proporkional to the second
derivative (e, curvature) of the volume
distribution plot.

Thus, a "'good" volume distribution from
a wave drag viewpoint is one in which the
required total internal _ volume is
distributed longitudinally in a Tfashion
which minimizes curvature in the volume
distribution plot.. Several mathematical
solutions to this problem have been found
for simple bodies-,of-revolutionwith the
"gears-Haack! body (Figure 18) having the
lowest wave drag.

IT an aircraft could be designed with a
volume plot shaped like the Sears-Haack
volume distribution it would have the
minimum wave drag at mach one for a given
length and total internal volume.
However, it is usually impossible to
exactly or even approximately match the
Sears-Haack shape for a real aircraft.
Fortunately, major drag reductions can be
obtained simply by smoothing the volume
distribution shape.

As shown in TFfigure 19, the main
contributors to the cross-sectional area
are the wing and the fuselage. A typical
fuselage with a trapezoidal wing will have
an irregularly-shaped volume distribution
with the maximum cross-sectional area
located near the center of the wing. By
nsgueezingt the fuselage at that point,
the volume ,distribution shape can be
smoothed and the maximum cross-section
area reduced.

This design technique is referred to as
"area-ruling™ or "coke-bottling" and can
reduce the wave drag by as much as Tfifty

percent. Note that the volume removed at
the center of the fuselage must be
provided elsevhere, either by lengthening

the fuselage or by increasing its cross-
section area in other places.

—

BOMOHER AREA FROSKESE 0N
LOMER WAZ {8 CROBS-DECTION

Fig. 19 Design for jow wave drag.
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Fig 20 Longitudinal moments.

STABILITY AND CONTROL CONSIDERATIONS

The basic concept of stability is
simply that a stable aircraft, when
disturbed, tends to return by itself to
its original state (pitch, yaw, roll,
velocity, etc.). "Static stabllity" 1is
present if the forces created by the
disturbed state (such as a pitching moment
due to an increased angle of attack) push
in the correct direction to return the
aircraft to its original state.

Most aircraft are symmetrical about the
centerline, so that moderate changes in
angle of attack will have little or no
influence upon the yaw or roll of the
aircraft. This permits the stability and
control analysis to be divided into
longitudinal (pitch only) and lateral-
directional (roll and yawg analysis.

Figure 20 shows the major contributors
to aircraft pitching moment about the
center of gravity, including the wing,
tail, fuselage, and engine contributions.
The wing 1tching moment contribution
includes the lift through the wing mean
aerodynamic chord (WAC™), and the wing
moment about the MAC. Another wing moment
term is the change in pitching moment due
to flap deflection.

The long moment arm of the tail times
its lift produces a very large moment
which is wused to trim and control the
aircraft. While this figure shows tail
lift upwards, under many conditions the
tail lift will be downwards to counteract
the wing pitching moment.

The  fuselage and nacelles produce
pitching moments which are difficult to
estimate without wind tunnel data. These
moments are influenced by the upwash and
downwash produced by the wing.

The engine produces three contributions
to pitching moment. The obvious term is
the thrust times its vertical distance
from the center of gravity. Less obvious
is the vertical force ("Fp") produced at
the propeller disk or inlet front face due
to the turning of the freestream airflow.
Finally, the propwash or jet-induced
flowfield will influence the effective
angle of attack of the tail and possibly
the win%z

Equation 9 expresses the sum of these
moments about the CG. The effect of
elevator deflection is included in the
tail lift term. Equation 10 expresses the
moments in coefficient form by dividing
all terms by (q sw c) and expressing the
tail lift in coefficient form.

Moy = L(Xog = Xuo) + Mo + Moy by + Miyy — Ly(Xoen — X o)

+ Tz + FplXyg ~ X,)

+¢;g—_i . FE();%; Xp)
T = Gu’q
Sy

Cngg = Cul¥q = Kel) + Cos + Cony By + G = 5 €, Ko — Xop)

T =, Fp —
+QS_~Z' +q—st(Xc|_Xp)

To simplify the equations, all lengths
can be expressed as a fraction of the wing
mean chord (¢). These fractional lengths
are denoted by a bar. This leads to
equation 11.

For a static 'trim" condition, the
pitching moment must equal zero. The main
flight conditions of concern are the
takeoff and landing with flaps and landing
gear down and the maximum speed. Usually
the most-forward CG position is critical
for trim while the aft-CG position is most
critical for stability as discussed below.

For static stability, any change in
angle of attack must generate moments
which oppose the change. In other words,
the derivative of pitching moment with
respect to angle of attack (eq 12) must be
negative. Note that the wing pitching
moment and thrust terms have dropped out
as they are essentially constant with
respect to angle of attack.

-G (X - 3 X - %
Cra = CrolXig — Xocs) + Gy =M :é Ci,, '—aa%" (Xacn — Xog)

F, da -
Zea O0p -
s e B XX,

Due to downwash effects the tail angle
of attack does not vary directly with
aircraft angle of attack, so a derivative
term 1is included which accounts for the
effects of wing and propeller downwash, as
described later. A similar derivative is
provided for the propeller or inlet normal
force term (Fp) .

The magnitude of the pitching moment
derivative changes with CG location. For
any aircraft there is a CG location which
provides no change in pitching moment as
angle of attack is varied. This ™airplane
aerodynamic center', or ‘'neutral point
(¥np)} " represents neutral stability and is
the most-aft CG location before the
aircraft _becomes unstable.

Equation 13 solves for the neutral
point. Equation 14 then expresses the
pitching moment derivative in terms of the
distance in percent MAC from the neutral
point to the center of gravity. This
percent distance 1is called the "static
margin®, and is the term in parenthesis in
equation 14.

day — Fo, dor, —
punt a3y
ay Do Koon + qS. R

= 5
C,g Xar» - Cm . + TJAS_".CJ

- o “

Sp, Ba,. ‘Fﬁ
C’J + ’Jhsl C"-sh ﬁ + qS.

Cm, = = Ci (Knp ~ X
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Tabte 4 Tall volume coefficient

16 9 ® B-T47 Typical values
: o B-727 . .
14 Horizontal ¢,y Vertival ¢, 4
S12 5 e 1RAXPORE Sailplane 0.50 0.02
. /‘Tm Homebuilt 0.50 0.01
-10 4 . General aviation —single engine 0.70 0.01
[ BLSINESS AND Lo :
e . General aviation—twin engine 0.80 0.07
1 JENERAL_AVIATION !
R ) - GENERAL_AVIA Agrioultara P 0.7
_e LEARJET Twin turboprop 0.90 0.08
Flying boar 0.10 0.06
-4 9 Jet trainer 0.10 0.06
FIGHTER.STABLE Tet fighter 0.40 0.07
-1 oFd o Muilitary cargo/bomber 1.00 0.08
[ + * * r + g Jet transport 1.00 0.09
[} K} 1.0 1.8 K] 18 30
MACH SNUMBER
b——— L g Lht |
Fig. 21 Typical pitching moment derivative values —I !
| <]
If the CG is_ahead of the neutral point TN IEAN
the pitching

(positive static margin),
moment derivative IS negative so the
aircraft is stable. At the most-aft CG
position, a typical transport aircraft has
a positive static margin of 5 to 10
percent.

While current fighters typically have
positive static margins of about 5

ercent, new fighters such as the F-16 are
eing _designed with ‘'relaxed static
stability (Rss)v in which a negative
static margin (zero to -15 percent) is
coupled with a com?uterized flight control
svstem which deflects the elevator to
provide artificial stability. This reduces
trim drag substantially.

Figure 21 illustrates pitching moment
derivative values for several classes of
aircraft. These may be used as targets for
conceptual design. Dynamic analysis during
later stages of design may revise these
targets.

Lateral-directional analysis proceeds
in a fashion similar to the above. and is
discussed in my textbook.

For the initial layout, a historical
approach 1is used for the estimation of
tail size. The effectiveness of a tail in
generating a moment about the center of
gravity is proportional to the force (ie,
lift) produced by the tail, and to the
tail moment arm.

The force due to tail lift is
proportional to the tail area. Thus, the
tail effectiveness is proportional to the
tail area times the tail moment arm. This
product has units of volume, which leads
to the "tail volume coefficient” method
for initial estimation of tail size. The
"vertical tail volume coefficient” Iis
defined by equation 15. The "horizontal
tail volume coefficient” is shown by
equation 16.

Svr = Cv-rwawaw

Sut = curCwSw/Lut

The definition of tail moment arm is
shown iIn figure 22, along with the
definitions of tail area. Observe that the
horizontal tail area is commonly measured
to the aircraft centerline, while a
canard"s area is commonly considered to
include only the exposed area. If twin
vertical tails are used, the vertical tail
area is the sum of the two.

Table 4 provides typical values for
volume coefficients for different classes
of aircraft. These values are conservative
averages, and are used in equation 81 or
82 to calculate tail area.

XA
Bw = WING AREA

bw = WING BPAN

Cw = WING MEAN CHORD

-

Fig. 22 Initial tail skzing.
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One of the most important aspects of
handling qualities s the behavior of the
aircraft at nigh angles of attack. As the
angle of attack increases, a ''good"
airplane experiences mild buffetting to
warn the pilot, retains control about all
axis, and stalls straight ahead with
immediate recovery and no tendency to
enter a spin. If a spin is forced, the
""good'" airplane can be immediately
recovered.

A 'pad!" airplane loses control in one
or more axis as angle of attack increases.
A typical bad characteristic is the loss
of aileron roll control and an increase in
aileron adverse yaw. When the aircraft is
near the stall angle of attack, any minor
yaw may slow down the inboard wing enough
to stall it. with only one Win? generating
lift, tne ‘'radr airplane will suddenly
departs into a spin or other uncontrolled
flight mode from which recovery 1s
impossible.

There have been many criteria proposed
for good departure characteristics, based
upon various aerodynamic derivatives. One
useful one 1is the ‘'Lateral Control
Departure Parameter (LCDP)!, sometimes
called the "lateral control spin
pacvameterh or the ‘aileron alone
divergence parameter" (equation 17). The
LCDP focuses upon the relationship between
adverse yaw and directional stability.

C,
LCDP = C"S - Cra ‘C_;

C

I ,
n8ymamic = C.g cosax — 7= Cyy sino

T
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Equation 18 shows another departure
parameter, "C-n-beta-dynamic”, which
includes the effects of the mass moments
of inertia. Both of these parameters
should be positive for good departure
resistance.

Figure 23 shows a crossplot of the LCDP
and ‘C-n-~psta-dynamic’ as angle of attack
is increased, showing the boundaries for
acceptable departure resistance as
determined from high-g simulator tests
using experienced pilots. The earlier
Weissman criteria is also shown.

cne

N
NO DEPARTURES
006
a
ﬁ E F.5
H /
004 %3 GO
=a - NSV
=N QEN
& L Wt
S5 —
o0 T WU HiMAT
- Fd
w
0 b: * Ninyn
§ T T TETRUNTR 0T T 4T TYwnwm v vy
- .002 MILD POOR ROLL CONTROL
» DEPARTURES {WEINSMAN CRITERIA)
LOW SPIN
N SUSCEPTIBILITY
~.004 N : .

-.002 L] 002 004 006 .08 .010 o1z 014

Fig. 23 Departure susceptibility.

Once an aircraft has departed into a
Sﬁin, recovery becomes a high priority!
The vertical tail plays a key role in spin
recovery. Figure 24 illustrates the effect
of tail arrangement upon rudder control at
high angles of attack. At high angles of
attack the horizontal tail is stalled,
producing a turbulent wake extending
upward at approximately a  forty-five
degree angle which can blanket the rudder.
It 1is considered desirable that at least
one-third of the rudder be un-blanketed.
An empirical method for estimating if an
aircraft will in fact recover from a spin
is provided in my textbook.

PORTLON L
/ -~
P
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’
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WATCH OUT FOR PLTCHUP ! [—— ]

VENTRAL Fln

Fig. 24  Tall geometry for spia recovery.

STRUCTURAL CONSIDERATIONS

The primary concern in the development
of a good structural arrangement is the
provision of efficient "load paths", A
load path is the structural .elements by
which opposing forces are connected. The
primary forces to be resolved are the lift
of the wing and the opposing weight of the
major parts of the aircraft, such as the
engines and payload. The size and weight
of the structural members is minimized by
locating these opposing forces near to
each other.

Carried to the extreme, this leads to
the Flying Wing concept. In a flying wing
the lift and weight forces can be located
at virtually the same place. In the ideal
case, the weight of the aircraft would be
distributed along the span of the wing
exactly as the lift is distributed (Ffigure
25). This is referred to as "spanloading'.

While ideal spanloading 1is rarely
possible, the spanloading concept can be
applied to more-conventional aircraft by
spreading some of the heavy weight items

LIFT DISTRIBUTION

IDEALLY
SPANLOADED
WING WING (REAR VIEW) J

WEIGHT DISTRIBUTION
|
CENTER
LINE
|

LIFT DISTRIBUTION

1 WEIGHT DISTRIBUTION
WNG
WING TP

STORT

WING
REALISTIC

FUSE-
LAGE

AND v
FUSELAGE

Fig. 25 Spantoading for weight reduction

such as engines out along the wing. This
will vyield noticable weight savings, but
must be balanced against the possible drag
increase.

IT the opposing lift and weight forces
cannot be located at the same place, then
some structural path will be required to
carry the load. The weight of those
structural members can be reduced by
providing the shortest, straightest load
path possible.

Figure 26 illustrates a structural
arrangement for a small fighter. The major
fuselage loads are carried to the wing by
"longerons", which are typically ‘1 or
"If'-shaped extrusions running fore and aft
and attached to the skin. Longerons are
heavy, and their weight should be
minimized by designin% the aircraft so
that they are as straight as possible.

For aircraft such as transports which
have fewer cutouts and concentrated loads
than a fighter, the fuselage will be
constructed with a large number of
longerons, or ‘stringers", which are
approximately evenly distributed around
the circumference of the fuselage. Weight
is minimized when the stringers are all
straight and uninterrupted.
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KEY CONCEPT : “LOAD PATHE™
FORWARD Bu.nﬁan\ WING CARRYTHROUDH ENGINE HOUNTS
€
TAIL GPINDLE
WING BOX MAIN BEAR ATTACH POINT
HWING ATTACHMENT FITTINGS TAIL ATTACHMENT
FITTINDE
EI—- ENGINE MOUNTS
NOSE GEAR -
ATTACH PDINT O \
ARRESTING HOOK ATTACH POINT
DRAB BRACE ATTACH POINT
Fig. 26 Structural arrangement.
PISTON BURNER
o ()MPRL\S()R T RBI\I- BU H\ER
(()MI’REHN()R 'Il RBINE
WING BOX CARRYTHROUGH RING FRAMES
1'|. q
PISTON-PROP CENTEIFUGAL TURB(NET AXIAL-FLOW TURB(JET
GEARBOX BYPASS AIR
— FLEL SPRAY FLAMEHOLDER:
BENDING BEAM TURBIET (
i STRUT-BRACED 4 “,Rgg“\f GF—Tr
Flp. 27 Wing carrythrough structure, —— <
The lift force on the wing produces a TURBO-PROP TURBOFAN AFTERBURNER
tremendous bending moment where the wing
attaches to the fuselage. The means by Fig. 28 Propulsion system options.

which this bending moment 1is carried
across the fuselage is a key parameter in
the structural arrangement, and will
greatly influence both the structural
weight and the aerodynamic drag of the

aircraft.  Figure 27 i1llustrates the four
major types of wing carrythrough
structure.

PROPULSION CONSIDERATIONS

Figure 28 illustrates the major options
for aircraft propulsion. All aircraft
engines operate by compressing outside
air, mixing it with fuel, burning the
mixture, and extracting energy from the
resultlng high pressure hot gases. In a
piston-prop, these steps are done
intermittently in the cylinders via the
reciprocating pistons. In a _ turbine
engine, these steps are done continuously,
but in three distinct parts of the engine.

The selection of the type of propulsion
systenm, ie, piston-prop, turboprop,
turbofan, tuerjet ramjet, or other is
usually obvious from the design
requirements. Aircraft maximum speed
usually limits the choices as shown in
figure 29

INCREASING 5FC

[ (TYPICAL APPLICATEONS}

> ROCKET
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P RAMJET

AFTERBURNING TURBOJET

— AFTERBURNING LOW-BYPASS-RATIO TURBOFAN

7 DRY LOW.DYPASS-HATIO TURBOFAN

| 7 HIGH.BYPASS-RATIO TURBOFAN

:::7 PROPFAN
[ 7 TURBOPROP
:7 PEISTON-PROP
>
T v T T v T >
[ 1 b 3 4 3 [
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Fig. 29  Propulsion system speed limits.
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Turbojet and turbofan engines are
incapable of efficient operation unless
the air entering them is slowed to a speed
of about mach 0.4 to 0.5. This is to keep
the tip speed of the compressor blades
below sonic speed relative to the incoming
air. slowing down the incoming air is the
primary purpose of an inlet system.

The 1installed performance of a_ jet
engine greatly depends upon the air inlet

system. Roughly speaking, a one percent
reduction 1n inlet pressure recovery
(total pressure delivered to the engine

divided by freestream total pressure) will
reduce thrust by about 1.3 percent.

There are four basic types of inlets,
shown in Ffigure 30. The NACA flush inlet
was used by several early jet aircraft but
is rarely seen today for aircraft
propulsion systems due to its poor
pressure recovery (ie, large losses).

The pitot inlet is simply a forward
facing hole. It works very well
subsonically and fairly well at low
supersonic speeds. This inlet is also
called a "normal shock inlet" when used
for supersonic flight ('normal™ meaning
perpendicular in this case). The pitot
inlet is seen on most subsonic jet
aircraft.

The remaining inlet types are for
supersonic ailrcraft, and offer
improvements over the performance of the

normal shock inlet at higher supersonic
speeds. The conical inlet (alsocalled a
spike, round, or axisymmetric inlet) is
based upon the shock patterns created by

supersonic flow over a cone. Similarly,
the two-dimensional ramp inlet (also
called a "p-inlet"} is based upon the flow
over a wedge.

External compression inlet tﬁpes are
shown in Ffigure 31. The greater the number
of oblique shocks employed, the better the
pressure recovery.

Figure 32 illustrates a typical
shock external compression

three-
inlet. Note
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L2°P RAMF INLET
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‘/////ﬂf%
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Fig. 31 Supersonic inlets—externgl shocks.
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Fig. 30 Inlet types.

that the second ramp has a variable angle,
and can collapse to open a larger duct
opening for subsonic flight.

Figure 33 summarizes the selection
criteria for different inlets, based upon
design mach number. Note that these are
approximate criteria, and be overruled by
special considerations.
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e
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Flg. 33 Inlet applicability.

The inlet location can have almost as
great of an effect on engine performance
as the inlet geometry. If the inlet is
located where 1t can ingest a vortex off
the fuselage or a separated wake from a
wing, the resulting inlet flow distortion
can stall the engine. The Fr-111 had
tremendous problems with its inlets, which
were tucked ¥p under the intersection of
the wing and fuselage. The A-10 required a
fixed slot on the inboard wing leading
edge to cure a wake ingestion problem.
Figures 34 and 35 illustrate the various
options for inlet location.

To design the inlet for a particular
application, capture area must be known.

Figure 36 provides a quick method of
estimating the required _inlet capture
area. This method _is statistical and is

based upon the design mach number and the
engine mass flow in pounds per second. A
more detailed discussion of inlet location
options and capture area estimation :is
available in my textbook.

The aircrafts forebody builds up a
thick boundary layer. If this low-energy,
turbulent  air 1is allowed to enter the
engine, it can reduce engine Performance
subsonically and prevent proper inlet
operation supersonically. Unless the
aircraft"s inlets are very near the nose
(2-4 diameters), some form of boundary
layer removal should be used just in front
of the inlet.
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Flg. 36 Preliminary capture area sizing.

The four major varieties of boundary
layer diverter are shown in figure 37. The
step diverter is suitable only for
subsonic aircraft, and relies upon the

boundary layer itself for operation. The
boundary Hlayer bypass duct 1s simply a
separate inlet duct which admits the

boundary layer air and ducts it to an aft-
facing hole. The suction form of boundary
layer diverter is similar. The boundary
layer air is removed by suction through
holes or slots just forward of the inlet

ABBOTT A
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BOUNDARY
LAYER BYPASS
pucT

STEP
DIVERTER
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BOUNDARY LAYER DIYERTER

BOUNDBARY
LAYER SUCTION

Fig. 37 Boundary layer removal.

and ducted to an aft-facing hole.

The channel diverter is the most common
boundary layer diverter for supersonic
aircraft. It provides the best performance
and the least weight iIn most cases.

OBSERVABLES CONSIDERATIONS

(Not : » following material on
cbservabl g ha§ been approved for re
by the u. s. Air Force.)

Ever since the dawn of military
aviation attempts have been made to reduce
the detectability of aircraft. During wwI,
the only 'sensor™ in use was the human
eyeball. Camouflage paint in mottled
patterns was used on both sides to reduce
the chance of detection.

Radar is the primary sensor _ used
against aircraft today. '"Radar" 1S an
acronym for radio Detection And Ranging.
Radar consists of a transmitter antenna
which broadaasts a directed beam of
electromagnetic radio waves, and a
receiver antenna which picks up the faint
radio waves which bounce off objects
"illuminated" by the radio beam. To avoid
detection, the aircraft must return such a
low amount ot the transmitted radio beam
that the receiver antenna cannot
distinguish between it and the background
radio static.

The extent to which an object returns
electromagnetic energy is the object’s
“Radar cross Section (RrRcs)", RCS is
usually measured in square meters or in
decibel square meters, with 'zero dpBsm"
equal to ten to the zero power, or one
square meter. “Twenty dB3sm" equals ten to
the second power, or 100 square meters.

There are many electromagnetic
phenomena which contribute to the RCS of
an aircraft.. These require different

design approaches for RCS reduction, and
can _ produce  conflicting design
requirements. Figure 38 illustrates the

major RCS contributors Tor a typical,
untreated fighter aircraft.
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IRREGULARITIES

RADOME

Fig. 38 Majur RCS contributors.
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Fig. 39  Fiat side RCS reduction.

One of the largest contributions to
airframe RCS occurs any time a relatively
flat surface of ‘the aircraft is
perpendicular to the incoming radar beam.
Imagine shining a flashlight at a shiny
aircraft in a dark hanger. Any spots where
the beam is reflected directly back at you
will have an enormous RCS contribution.

Typically this "‘specular return' occurs
on the flat sides of the aircraft
fuselage, and along an upright vertical
tail (when the radar is abeam the
aircraft). To prevent these RCS ‘''spikes",
the designer may slope the fuselage sides,
angle the vertical tails, and so on, so
that there are no flat surfaces presented
towards the radar (figure 39).

Another contributor to airframe RCS
occurs due to the electromagnetic currents
which build up on the skin when
illuminated by a radar. These currents
flow across the skin until they hit a
discontinuity such as at a sharp ~trailing
edge, a wingtip, a control surface, or a
crack around a removable panel or door. At
a discontinuity, the currents 'scatter",
or radiate electromagnetic energy, some of
which is transmitted back to the radar
(Figure 40).

EDGE
SCATTERING

Fig. 40  Surface current scatterings.

This effect is much lower in intensit
than the specular return, but is stil
sufficient for detection. The effect is
strongest when the discontinuity is
straight and perpendicular to the radar
beam. Thus, the discontinuities such as at
the wing and tail trailina edaes can be
swept to minimize the detectability from
the front.

In addition to reshaping the aircraft,
detectability can be reduced through the
use of skin materials which absorb radar
energy. Such materials, called ‘'radar
absorbing materials” (RAM), are typically
composites such as  fiberglass or
graphite/epoxy embedded with carbon or
ferrite particles.

Infrared detectability is also of
concern to the aircraft designer. Many
short-range air-to-air and ground-to-air
missiles rely upon IR seekers. Modern IR
sensors are sensitive enough to detect not
only the radiation emitted by the engine
exhaust and engine hot parts, but also
that emitted by the whole aircraft skin
due to aerodynamic heating at transonic
and supersonic speeds. Also, sensors can
detect the solar IR radiation which
reflects off the skin and cockpit
transparencies (windows).

There are several approaches for
reduction of IR detectability. The most
potent is the reduction of engine exhaust
temperatures through use of a high-bypass
engine. This reduces both exhaust and hot-
part temperatures. However, depending upon
the application this may result in
selection of an engine which is less than
optimal for aircraft sizing, which
increases aircraft weight and cost.

Emissions from the exposed engine hot-
parts (primarily the inside of the nozzle)
can be reduced by cooling them with air
bled off the engine compressor. This will
also increase fuel consumption slightly.
Another approach is to hide the nozzles
from the expected location of the threat
IR sensor. For example, the H-tails of the
A-10 hide the nozzles from some angles.

Plume emissions are reduced by quickly
mixing the exhaust with the outside air.
As mentioned, a hi%h—bypass engine Is the
best way of accomplishing this. Mixing can
also be enhanced by the use of a wide,
thin nozzle rather than a circular one.
Another technique is to angle the exhaust
upwards or downwards relative to the

reestream. This will have an obvious
thrust penalty, however.

CONFIGURATION LAYOUT METHODS

The process of aircraft conceptual
design includes numerous statistical
estimations, analytical predictions, and
numerical optimizations. However, the
product of aircraft design is a drawin%-
While the analytical tasks are vitally
important, one must remember that their
only purpose is to influence the drawing,
for it is the drawing alone which 1s
ultimately used to fabricate the aircraft.

The design layout process generally
begins with a number of conceptual
sketches. Figure 41 illustrates an actual,
unretouched sketch from a Rockwell fighter
conceptual design study. As can be seen,
these sketches are crude and quickly done,
but depict the major ideas which the
designer intends to incorporate into the
actual design layout.

A good sketch will show the overall
aerodynamic concept and indicate the
locations of the major internal
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Fig.41  Design skelch.

components. These should include the
landing gear, crew station, payload or
passenger compartment, propulsion system,
fuel tanks, and any unique internal
components such as a large radar.

The actual design layout is developed
using the techniques to be discussed

below. Such a design layout is shown as
figure 42, courtesy of Rockwel I
International®s North American Aircraft

Operations. This drawing is typical of the
initial design layouts developed by the
major airframe companies during design
studies.

"Lofting" @S the process of defining
the external geometry of the aircraft. For
an initial layout the overall lofting of
the fuselage, wing, tails, and nacelles
must be defined sufficiently to shown that
these will properly enclose the reouired
internal components while providing a
smooth aerodynamic contour.

The traditional form of lofting 1is
based upon a mathematical cuwe known as
the 'conic". A conic is a second-degree
cuwe whose family includes the circle,
ellipse, parabola, and hyperbola. The
conic is best visualized as a slanted cut
through a right circular cone (Ffigure 43).
The great advantage of the conic 1is the
wide variety of curves which can be
represented, and the ease with which the
conic can be constructed on the drafting
table.

A conic curve is constructed from the
desired start and end points ("A" and
"g1y, and the desired tangent angles at
those points. These tangent angles
intersect at point "¢, The shape of the
conic between the points A and B 1is
defined by some shoulder point "s". Figure
44 illustrates the rapid graphical layout
of a conic curve.

To create a smoothly-lofted fuselage
using conics it is necessary only to
ensure that the points A, B, C, and s 1in
each of the various cross-sections can be
connected longitudinally b% a smooth line.
Figure 45 shows the upper half of a simple
In which thea, B, C, and s
points in three cross sections are
connected by smooth Ilongitudinal lines,
These are called "longitudinal control
lines" because they control the shapes of

fuselage,

Fig. 43 Conic geometry definition.

QIVEH A , B8, C, 8

4 I8 ANY SHOULDER PUINT s

Fig. 44  Conic layoul.
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Fig. 45 Lungitedinal conteol lines.

the conic cross-sections. Figure 46 shows
the side and top views of these
Ion?itudinal control lines.

n figure 46, the longitudinal control

lines are used to create a new Cross-
section, in between the second and third
cross sections previously defined. This
new cross-section Is created by measuring,
from the longitudinal control lines, the
positions of the A, B, C, and 8 points at
the desired Ilocation of the new cross-
section.
Figure 47 illustrates a common
application of conic lofting to define a
ighter fuselage for an inttial layout.
Five control stations are required for
this example.

s ——E:—\ \ :'-I ae

ey \\ ' P
— s

Fig.46  Cross section development from longitudinal control lines,

00

Fig. 47 Typlcal fuselage lofling
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This traditional lofting technique is
described in far greater detail in
textbook, and is very useful for obtaining

an understanding of the mental process
required to create smooth external
contours. However, most lofting today is
done on a computer-aided design (CAD)
system. Such  CAD systems offer

substantial savings in time and cost, and

also 1improve accuracy and save rework
cost. Table 5 illustrates the time
savings. Note that the biggest savings

come when a design layout must be revised.

To illustrate the use of a CAD system
for aircraft conceptual layout, the
Rockwel l Configuration Development Module
(CDM-previously known as CDS) is presented

in the eight figures below. Shown are
capabilities for wing and fuselage
creation, smoothing, cross-section
reshaping, cockpit layout, landing gear

kinematics, vision plotting, and display
of _a completed aircraft configuration
design. This material 1is described in
depth in the Notebook provided to
participants in my Aircraft Conceptual
Design short course.

CONFIGURATION DEVELOPMENT SYSTEM
(CDS)

AT
P rem YA

Figure 48
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Figure 52
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Typical trade studies

Design trades

Requirements trades

Growth sensitivities

T/W and W/S

A A

t/c, \, airfoil
High-lilt devices
BPR. OPR. TIT, etc.

Range/payload/passengers
Loiter time

S

Turn-rate. Py, Rgax
Runway length

variable sweep

number and type of engine

maintainability features

observables

passenger arrangement
Advanced technologies

Materials Time-to-climb
Configuration Design-to-cost
tail type

Dead weight
Cp, and K

Dwsve

Lmu
Installed thrust and SFC
Fuel price

TRADE STUDIES

Trade studies produce the answers to
design questions beginning with "what
if,.." proper selection and execution of
the trade studies is as iImportant 1in
aircraft design as a_ good configuration
layout or a correct sizing analysis. It is
only through the trade studies that the
true optimum aircraft is determined.

Table 6 shows a number of the trade
studies commonly conducted in aircraft
design. These are loosely organized into
design trades, requirements trades, and
growth sensitivities. Design trades are
those which are conducted to reduce the
weight and cost of the aircraft to meet a
given set of mission and performance
requirements.

Requirements trades are conducted to
determine the sensitivity of the aircraft
to changes in the design requirements. If
it is found that one requirement is
resulting 1in a large increase in weight,
the customer may relax it.

Growth sensitivity trade studies
determine how much the aircraft weight
will be impacted if various parameters
should increase between conceptual desi?n
and production. These are typically
presented in a single graph with percent
change in the paramaters on the horizontal
axis, and percent change in takeoff weight
on the vertical axis.

It has been assumed in the above
discussion that the measure of merit for
trade studies is always takeoff gross
weight, even though cost is the fTinal
selection measure in a design competition.
Using minimum weight as the measure of
merit is usually a good approximation to
minimum cost because the acquisition cost
is so strongly driven by the weight.
However, life cycle cost is driven_ largely
by fuel costs, which may not be minimized
by the minimum weight airplane. In such
cases, trade studies with life cycle cost
as the measure of merit can be conducted.
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SURVEY OF EXPERIMENTALTECHNIQUESFOR PERFORMANCE PREDICTION

by

A.B.Haines
Consultant Aerodynamicist
Aircraft Research Association Ltd
Bedford
United Kingdom

SUMMARY

This lecture reviews the present state-of-the-art in experimental testing in
large wind tunnels as a means of predicting aircraft performance. Desirable
and attainable standards of accuracy are defined and the lecture lists and
discusses in depth the factors that contribute to this accuracy. Many
references are quoted to enable the reader to obtain more detailed
information.

The lecture discusses

(1) the balances and pressure scanners used for measuring the forces
and pressures,

(iiy the significant issues in the quality of the tunnel flow that can
affect the accuracy of the test data,

(iii) the methods used for correcting the test data for the effects of
tunnel wall interference at subsonic and transonic speeds up to
near M=1.0,

{iv) the methods used establishing the corrections for model support

interference in both low and high speed tunnels,

(v) a methodology for simulating as far as possible in the model tests,
the viscous flow behaviour over the full-scale aircraft and then,
for extrapolating the test data to full-scale Reynolds numbers,

(vi) the types of models and test rigs used in determining the
propulsion interference effects on both transport (turbofan and
turboprop) and combat aircraft. Particular attention is paid to
the use of powered simulators and to the difficulties in obtaining
reliable afterbody drag data.

@ British Crown Copyright 1991 /M0OD
Published with the permission of the Controller of Her Britannic Majesty"s Stationery Office
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1 INTRODUCT ION

It is generally accepted that the most reliable
method of predicting aircraft performance ahead of
the first flight of a new aircraft is on the basis
of the results of model tests in a reputable large
wind tunnel. This does not mean that all wind
tunnel test data are reliable. To obtain reliable
results, one needs to exercise great care in both
the actual testing and in the interpretation of the
results. The present lecture addresses the issues
that have to be borne in mind and contains a
description of current testing practice in both
high and low speed tunnels. Much of the material
is to be found in the published literature
including earlier AGARD reports; the material has
been updated where necessary, and finally, the text
is supported by a substantial number of references
which can be studied for further details. The
experimental techniques as described are broadly
those in use in UK tunnels such as the RAE 8 ft x 8
rft and 5 metre tunnels and the ARA 9 Ct x 8 ft
transonic tunnel, but it is hoped that the general
testing philosophy and indeed, much of the detail,
is a fair reflection of testing practice in other
countries such as the US and France.

With most new aircraft, it is standard practice to
test representative complete models in both high
and low speed tunnels: this probably implies two

different models a2t a different scale. The test
results are reduced to non-dimensional form and,
assuming it has been possible to test at

appropriate Mach numbers, incidences and angles of
sideslip, they can then be used to predict the
aircraft perlormance. This may suggest that all
that is required is to develop and use
instrumentation that will measure the forces and
moments on the model to the necessary standards of
accuracy bur this would be an over-simplified
picture: there is much more to the story. The
model will have been tested in an airflow that is
constrained by the tunnel walis; the flow over the
model wiil have been affected by the presence of
the supporting rear sting (high speed tunnel) or
under-mode! struts (low speed tunnel) and finally,
in most cases, the model test Reynolds number will
be far below the value for the full scale aircraft.
Rescarch has shown how all these three problems can
be eliminated or at [least greatly alleviated:
adaptive walls (Refs 1-4) to reduce wall
interference, magnetic suspension (Refs 35,6) to
eliminate support interference and pressurised,
cryogenic tunnels (Ref 7) to achieve or approach
ful I-scale Reynolds numbers. These concepts are
however not yet available for routine testing and
so, corrections have to be applied for wall and
support interference and methodologies (Ref 8) have
to be devised to control the boundary layer
development over the model in order to simulate. as

fur as possible, the full-scale flow. These issues
are discussed in detail in this lecture.
Propulsion effects are another problem area. In

general, the complete models are tested merely with
free-flow nacelles although tests with turbine
powered simulators are Sometimes undertaken in
large low speed tunnels such as the DNW tunnel. At
high speeds, the normal practice with a subsonic
transport aircraft with pylon-mounted underwing
nacelles is to use a large half-model and to test
with a powered or blown nacelle (Refs 9,10) as well
as With a free flow nacelle as on the complete
model. The differences between the results for
these two cases provide corrections Tor the jet
interference that is not represented in the
complete model test. In theory, the same approach
can be used for a subsonic transport aircraft with
the nacelles mounted on the rear fuselage although
this raises more questions about the use of the
half-model technique. 1in passing, it may be noted
that there is a growing trend to use a large half-
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model for the basic tests to develop advanced wing
designs for new subsonic transports for the sake of
the higher test !Reynolds number (Ref 11). The
particular problems of half-model testing are
discussed in detail in §11.

Propulsion effects lead tc even greater complexity
in the case of combat aircraft. For many years, it
has been standard practice (Ref 12) to test a suite
of at least three models: the normal complete model
with the full-scale aircraft lines distorted as
little as possible:; a special intake model tested
either in isolation or preferably with a partial
representation of the forward fuselage and part of
the wing and finally. an afterbody model to study
the jet effects and the effects of the inevitable
distortion of the rear fuselage on the complete
model. The results from the tests on these three
models have then to be combined to predict the
aircraft performance. Combat aircraft have however
become much more c¢iosely coupled and now, in many
cases, it is no longer valid to assume that one can
treat the intake, wing and jet effects as
independent. One really needs a powered simulator
(Ref 13) as for a transport aircraft but this is
more difficult because of the geometrical
constraints. The development of appropriate
techniques to cope with this most difficult problem
is still being addressed in research
establishments.

The above discussion has introduced most of the
topics 0 be covered in the lecture but it is
appropriate to start by considering the likely aims
of the wind tunnel tests, the accuracies required
from the tests, and the instrumentation in use for
making the measurements.

2 TYPICAL TEST AIMS

Clearly the most important test aim for the
prediction of aircraft performance is to measure
drag or strictly L/p to the required standard of
accuracy. This is not however the only test aim:
the limits of the flight envelope are usually Set
by considerations other than drag. To define the
likely test aims in more detail:

For a transport alrerafc

1  To measure the absolute drag and the drag
increments between different configurations in
the specified cruise conditions and in the
second segment climb,

D

To define the buffer-onset boundary and, in
particular, the margins to buffet in terms of
Ci, at the cruise Mach number or Mach number at
the cruise ¢,

3 To measure the pressure distributions over the
Wing partly for comparison With theoretical
predictions and. more  particularly, to
understand the Tflow in 1important operating

Conditions and when appropriate, to suggest
how the flow and performance should be
improved,

4 To obtain the siope of the Hift versus
incidence curve to help in forecasting the

response to gusts ir cruising flight,

5 To establish the usable C[,.,, with and without

the high-lift devices deployed at speeds
appropriate to take-off and landing.

For a combat aircraft

1 To measure the drag, in long range and loiter

conditions,
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2 To measure the drag in sustained manoeuvre and
high speed dash conditions,

3 To assess the likely usable lift boundary which
will be determined not by buffet-onset as for
the civil aircraft, but probably by stability
and control considerations such as pitch-up,
wing drop, nose slice, loss of directional
stability, and to suggest ways of postponing
these effects,

4 To determine the past-stall behaviour,
particularly at low and moderate Mach numbers,

5 To determine the effects of external stores on
overall drag and to assess the store release
behaviour,

6 To measure the pressure distributions over the
wing for the same reasons as Tfor the civil
aircraft (and, of course, to obtain the loads
in critical stressing conditions).

7 To determine the low speed
characteristics including the drag and
stability and control characteristics as a
means of forecasting the usable Cyy,., with and
without the hlnh-lift devices deployed.

There will, of course, be other test aims but the
above lists give some idea of what is required in
the interests of predicting performance. It will
be seen that drag is the most important measurement
but stability and control and also unsteady effects
are all relevant.

stalling

3 ACCURACY STANDARDS

The most stringent accuracy requirements as regards
performance prediction are set by civil transport
aircraft. One drag count, ie 0.0001 in Cp, can be
regarded as having a significant impact on the
competitive prospects for a new aircraft and on the
range and fuel economy of the aircraft. The most
authoritative statement on the accuracy required
from wind tunnel tests is that prepared by the Wind
Tunnel Testing Techniques (TES) Subcommittee oOF the
AGARD Fluid Dynamics Panel and issued (Ref 14) in
1982. This stated that the accuracy requirements
for lift, drag and pitching moment, as suggested by
various research and industry sources, are:

Lift coefficient :4c, = 0.01
Drag coefficient 1 ACp = 0.0001
Pitching moment coefficient : ac, = 0.001

In general discussions about attainable accuracy,
apparently conflicting views are often expressed.
On the one hand, some wind tunnel test engineers
claim that they can measure drag to an accuracy of
0.00005 in ¢p, ide half a drag count, while others
ridicule any claim to measure to better than 10
drag counts. This confusion arises from
misunderstandings as to what is meant by the word
"accuracy”. Orne can and should distinguish between
three meanings:

(a) Accuracy as regards ability to obtain drag
increments, ¢g differences in drag between two
different but similar configurations. Clearly,
this is, to the first order, equivalent to a
definition of repeatability although, as noted
below, knowledge of, for example, wall
interference and support interference effects
may stili be highly relevant.

(b) Accuracy in obtaining the absolute drag of the
model as tested in the tunnel, having corrected
for support and wall interference. This is
clearly more difficult than (a): it depends on
knowing all the corrections precisely; bias
errors as well as repeatability standards are
relevant.
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(c) Accuracy in the sense of forecasting the drag
of the full scale aircraft. This is everd more
difficult because it Introduces the
uncertainties of predicting the scale effect
between model and full scale and allowing for
the aeroelastic distortions of the model and
full scale aircraft. Also, one has to allow
for the drag of the excrescences present on the
aircraft but not represented on the model.

Realistic claims about the attainable standards of

accuracy in respect of (a,b,¢) can be expressed as

follows:

(@ Drag differences can be discriminated in the
best tunnels to an accuracy of :0,0001 or
better in Cp,

(b) The absolute drag of the model configuration as
tested in the tunnel can be obtained to an
accuracy of :0.0005 in Cp,

(c¢) The drag of the full scale aircraft can be
forecast to an accuracy of :0,0010 in Cp.

(@ implies that one must be able to measure drag
ot 0.00005 1Un ¢ or better. To achieve this hlgh
standard, techniques have to be developed to remove
any effects of variability or unsteadiness in the
tunnel flow. It is not simply that axial force or
drag has to be measured to this standard: other
guantities have to be measured to similar high
standards, eg

Tunnel Total and Static Pressures,
Hand p : 0.1%

Mach number, M : +0,0001

This 1is unlikely to be achieved in the taking of

the data but the computer program should include a
routine for correcting the data to this accuracy.

Lift coefficient, ¢ : 0.001

It should be noted that this is an order better
than the figure in the AGARD report (Ref 14) quoted
earlier. There are two reasons for demanding this
higher standard. First, when considering the drag
in cruising conditions, the wave drag is likely to
be sensitive to small changes in ¢ and second, in
general, drag is obtained by resolving normal and
axial force into lift and drag. Despite the fact
that aircraft now tend to cruise at near-zero
incidence, the term < sinx may still be
significant in the cruise because of a difference
in angle between the balance and wind axes.
Incidence, a : t0.03" or if possible, 0.01'.

This is very important. For a typical example of a
civil transport cruising at ¢ = 0.5, .03 is
equivalent to 0.00003 in ¢y (again as a result of
the ¢ sin a term).

Base pressure, Cpp, @ $0.002.
This value 1is based on a fuselage base area of
0.015 x wing area and should be scaled for

different area ratios.

Formulae for the dependence of <j; on these and
other parameters are derived in detail in Ref 14.
Evidence that the claims in (a) can be achieved ls
provided by Figs 1, 2, Fig 1 shows the Current
standard of repeatability in measuring a drag polar
in a given test run N the ARA transonic tunnel.
Fig 2 shows the current standard of inter-test
repeatability; the three polars compared are taken
from the three different test series spanning
almost a year with the model derigged and
reassembled between the three series. The
conclusions from Fig 1 and other examples that

A
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could have been presented are that. in this ARA
tunnel, it is possible, in a given test series, to
repeat the polar shape to an accuracy of 0.00002

and to repeat the polar level to *0.00003 in Cp.
The claim that one can, with care, discriminate
drag differences between configurations to 0.0001

or better therefore appears entirely reasonable.

It is Important to note that accuracy In
determining even differences in drag can depend on
knowing what corrections to apply for tunnel wall
and support interference. It 1is unwise to assume
that these corrections remain the same for two
similar configurations. This may be true in the
case of wall interference (although even here it is
important to associate the drag increments with the
correct Mach number) but support interference can
undoubtedly change significantly between two
configurations of the same model. This will be
discussed in detail in 89 but, even at this early
stage. it may be helpful to give an example. The
interference of a rear sting can seriously affect
the drag of the engine nacelles if they are mounted
on the rear fuselage. Sting corrections for the
aircraft model shown in Fig 3a, with and without
the nacelles, are presented in Fig 3b. It will be
seen that the difference between the curves, i{e the
error, If the sting corrections are not applied, in
the drag increment due to the nacelles amounts tO

0.0004, 1ie 4 drag counts, at the cruise Mach number
0.76; also, the error varies with both Mach number
and ¢_. The primary reason why the nacelle drag

increment is reduced by the presence of the sting
is that the taper of the sting reduces the velocity
and local Mach number over the nacelles. For a
4-engined aircraft such as the VCIO, Fig 3¢, the
effect can be even greater: typically acp due to
the nacelles for a 4-engined aircraft could be
reduced by 0.0010 or say, 30% leading to a serious
underestimate of the drag of the aircraft if the
sting corrections are not applied.

even at the
list the main
in obtaining

It may be helpful at this point.
expense of some repetition, to

factors that contribute to success
high accuracy from wind tunnel tests:

1 Resolution of basic instrumentation,

2 Sensitivity of balances for forces and moments
and of pressure transducers for pressures,

3 Capability in calibrating balances and in
allowing for drifts,

4 Standards of pressure scanning equipment,

5 Ability to measure model attitude,

6 Ability to cope with any variability of
unsteadiness in tunnel flow,

7 Geometric fidelity of model as a representation

of the full scale aircraft,

8 Knowledge of how to correct for tunnel wall
interference,

9 Knowledge of how to correct accurately for
support interference,

10 Ability to correct for nacelle internal drag,

11 Knowledge of how to fix transition and of how
to determine the transition position,

12 Skill in simulating the full scale boundary
layer behaviour and in extrapolating the
results to full scale Reynolds numbers,

13 Knowledge of the aeroelastic distortion of the
model ,

14 Ability to cope with other special issues in
half model testing,

15 Finally - and most important the skilf,
experience, care and dedication of the test
engineers.

The special problems of propulsion testing will be
addressed in §§12,13.
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4 BALANCE DESICGN, SENSITIVITY AND CALIBRATION

As a general rule, balance discrimination needs to
be an order greater than the required accuracy. in
particular, this; means that the resolution
capability for drag and lift coefficients should be
0.00001 and 0.0001 respectively. This is achieved
in both the ARA transonic and RAE 8 ft x 8 Tt
tunnels for a typical ¢$ (ie product of dynamic
pressure and model reference area) of 8000 Newtons.
The basic data acquisition system does not often
pose a limitation. A broad account of th: system
in use in the ARA tunnel up tc 1989 is contained in
Ref 15, This has since been replaced by a more
modern system. The main improvements with the new
system are that it is generally more robust with
greater amplifier stability and with facilities for
regular, automatic calibration of the amplifiers.
On paper, the tigures for discrimination given in
Ref 15 still apply to the new system but the
important point is that the theoretical figures
should now be obtained consistently in practice.
improvements of this nature are probably typical of
what #s currently happening in other tunnels when
and if their systems are updated.

General practice in many tunnels is to use internal
Strain gauge balances manufactured by the Task
Corporation but in the UK, RAE and ARA have, for
many years, used balances manufactured in-house to
a design originally developed at RAE. Fig 4, taken
from Ref 16, shows,one of these balances. It is in
regular use in the RAL 8 ft x 8 ft tunnel for
accurate drag mesurements in  tests at total
pressures up to 2 bar at high subsonic speeds. in
the ARA tunnel, where tests are only possible at
total pressures near 1 bar, a similar but smaller
balance design is used; this has a diameter of
57.15 mm or 2.25" and a normal force capacity of
7120 Newtons. These balances ars machined,
generally in maraging steel, from a solid block
with no internal joints. The positions of the
strain gauges are shown in Fig 4; the axial force

is determined from the strains in the Centre
flexures; the other 5 components are obtained from
the strain gauge bridges on the front and rear
cages ahead of and behind the axial force unit.
The demand over the years for ever greater accuracy
has led recently to a reassessment of the basic
design with the aid of tinite= element methods. The
weakest feature of the existing design is that it
{s often difficult to achieve a perfect slop-free

fit in the taper Joints where the balance is
attached to the sting and to the model wing
mounting block (seze Fig 5). In one recent

refinement of the design the forward taper joint
has been replaced by a flange joint; in another,
the balance has been made integral with the sting.
Also, efforts are being made to increase the length
between the measuring element and the end
fixations.

important that these balances are
calibrated regularly: ideally, before and after
each test programme. The full balance matrix as
generally determined in the past includes 6 direct
factors, 30 first order and 126 second order terms
although some of these can be taken as zero. The
full calibration should be undertaken every few
months and in the RAE 8 ft x 8 ft tunnel, a check
of the direct factors and the most significant
interactions is made at the end of each test with
the balance still installed in the model. Figs
6a,b give two example:; of results from balance
recalibrations at ARA: Fig 6a is considered to be a
satisfactory result but the hysteresis evident in
Fig 6b was not accepted and the balance was
regauged. The aim is to achieve an accuracy of
f0.33 Newtons; this corresponds to :0.05% x full
scale; at the wvery least, one should aim . for
+0.15%,

it {s most
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The advent of cryogenic tunnels implies that
balance calibration becomes an even more Onerous
requirement: one has to determine the dependence of
the matrix on temperature. This is leading to the
development of automatic calibration machines. In
the machine described in Ref 18, calibration loads
are applied to the non-metric (sting) end of the
balances and these loads are measured by a machine
which 1is similar in design to an external balance
such as those commonly used in low speed tunnels.
This machine has been designed as an item in the
Technology Programme in support of the ETW but,
although cryogenic tunnels provided the spur to
this development, the machines when manufactured
and available will, no doubt, be used in support of
testing in conventional tunnels. The different
principles of the new automatic and traditional
calibration equipment are illustrated in Figs 7a,b
taken from Ref 18. In the conventional rig, the
balance is enclosed in a sleeve to which the loads
are applied; at each loading, a reatignment of the
rig is needed in order to ensure that the loads are
applied in the correct directions relative to the
balance axes: a laborious procedure. In the new
scheme, the model end of the balance is mounted to
the "external balance® which is positioned to have

its reference centre at the same position as the
reference centre of the balance being calibrated.
The "external balance®™ is a very stiff device: it
measures loads applied through a system of seven
load generators which are sufficient to permit the
application of any single load or load combination.
Interferences due to any misalignment are also
measured by the “external balance”. With the
conventional rig, the first and second order
interaction factors are evaluated but there are
cases Where this does not appear to be sufficient
to represent the non-linearity in the calibration.
With the new scheme, an algorithm developed at the
Technical University of Darmstadt extracts a third
order calibration matrix. For a six-component
calibration, this matrix needs a data set of 1500
to 2000 different loading conditions. A special
computer program has to be used in the tunnel since
one cannot invert a third order matrix. To
summarise, the primary aims of this development of
are to provide

(@ a total accuracy of about 0.02%,

() a repeatability at least twice as good as the
required accuracy,

(© resolution at Ileast five times better than
accuracy,

(d) a rig that does not need any realignment during
a calibration.

Perhaps the most crucial issue in balance design
and operating practice lies in how to avoid or at
least, how to allow for drifts in the signals due
to temperature effects during a test run. In the
ARA tunnel, the drift in the axial force balance
zero can be equivalent to a drift in Cp = £0.0003
based on a g = 25000 Newtons/m2, Balance drift is
important in ail tunnels but particularly in
pressurised tunnels where  there is often
appreciable delay between taking the initial zeros
and taking the first data point. It 1is standard
practice to thermally match the balance bridges.
This eliminates any change in sensitivity due to a
uniform change in temperature but it does not
compensate for changes in Young®"s modulus or for
the really important point that the balance zeros
are always sensitive, to a greater or lesser
extent, to temperature gradients across the
balance. Measurements of the local temperatures at

points on an internal balance have shown that the
changes in  these local temperatures lag
considerably behind the changes in tunnel total
temperature. There is therefore no virtue in
ralating the balance drifts to the tunnel
temperature. In any case, it is a temperature
gradient that matters but it is not immediately
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obvious what gradient controls the variation in
zero. This difficulty is successfully bypassed in
the ArRA transonic and RAE 8 ft x 8 ft tunnels, but
not necessarily in all tunnels, by relating all the
data to results obtained in a special traverse
through the test Mach number range at a given
incidence or . This special traverse is
undertaken as the last traverss in the test when
temperatures have tended to stabilise, these data
peints being computed with respect to the zeros
measured at the end of the test (although there may
be occasions where this appears to be the wrong
approach: no general recommendation on this point
can be as good as the experience of the skilled
operator who knows his own equipment). In
nopressurised tunnels, repeat traverses are often
carried out in a special additional run and if
necessary, these are repeated until satisfactory
repeatability (as defined earlier) is achieved.

Drifts in the zeros are particularly troublesome
with half-model balances. These balances are
invariably situated outside the tunnel working
section and can therefore be affected by
temperature gradients between the model and tunnel
structure. in the ARA tunnel, the half-model
balance is submerged in a temperature-controlled
oil bath but perhaps the only really satisfactory
approach is to insulate the balance and to ensure
that the balance chamber is free of draughts. This
may be viewed as idealised advice: it is not easy
to Ffollow. In the RAE 8 ft x 8 ft tunnel a new
haif-model balance recently installed has improved
the situation but it is still standard practice to
apply corrections during the computing of the test
data, for the effects of a temperature gradient
between the metric and non-metric parts of the
balance.

The problems of balance drift have not yet been
fully solved in large low speed tunnels where the
balances are, of course, much larger. This is why
models in these tunnels are still often supported
on under-model struts despite the consequent
aerodynamic interferences (sse §9).

Finally, one should note that humidity may be a
significant source of error if suitable measures to

combat it are not taken. Precautions that have
been found to minimise these effects include:
controlling the humidity in the tunnel,

waterproofing the gauges, providing power to the
balance at all times when the model is in the
working section, and finally, storing the balance,
when not in use, 1in dry conditions and with the
power on. Even when these precautions are taken.
traditional thinking and experience suggests that
one should start a test on a new model with a
shake-down or warm-up run. Recent evidence has
indicated however that such a run may, in fact, be
an excellent method of taking the initial zero for
the main test at a moment when the gradients are at
their most severe! Even so, the practice could
still be justified on the grounds that the
shake-down run is a means of exercising the balance
and the joints over the range of test loads. It
will however, be realised that there will be
occasions when it fails because of the possibly
adverse effects on the initial zero for the main
run.

5 EQUIPMENT FOR PRESSURE MEASUREMENTS

5.1 Pressure Transducers

For many years, pressures have been measured by
various types of pressure transducer. These
convert pressure into the position of a needle on a
mechanical pressure gauge or into an electrical
output such as voltage or current. In wind tunnel
testing, the voltage output type of sensor is used
almost exclusively. The sensing element in high



quality pressure transducers is a silicon diaphragm

that forms a normal Wheatstone circuit.
Unfortunately, the electrical characteristics of
silicon are highly dependent on temperature,

resulting in both the sensitivity and offset
voltage varying with time if the temperature is
changing. Various methods have been used to
overcome  these temperature problems. The
transducers can be calibrated in situ during a
test: a number of accurately known calibration
pressures are applied to the transducer and at
teast, a 2-point calibration performed to establish
the sensitivity and offset on-line. Alternatively.
for differential type transducers, the two pressure
sensing ports «c<an be pneumatically connected
together to make a measurement of the actual offset
voltage, making the assumption that the sensitivity
has not changed. A third method that is not so
often used is to calibrate the transducer against
temperature and to measure the temperature at the
moment of making the measurement. At 1990 prices,
E typical qualify pressure transducer costs about
350,

particular care has to be taken about the choice of
instruments to measure the tunnel reference
pressures. In the RAE 8 ft x 8 ft tunnel and the
ARA transonic tunnel, they are not measured by the
same type of transducers as those used for pressure
measurements on the actual models. In the RAE
tunnel, the reference pressures are measured by
selF-balancing capsule manometers. The instrument
measuring stagnation (total) pressure has a
resolution OF 0.34 mbar or 0.017%o0f the stagnation
pressure at two atmospheres pressure and those
recording static pressures have a resolution of
0.17 mbar. In the ArRa tunnel, the reference
pressures are measured by Ruska type DDR60CO
pressure gauges (O - 2.5 bar) which have a
specified accuracy of = 0.04 mb. The reading of
these gauges is matched in the data reduction
process to the output from a Druck DP1140 precision
barometer at the start of every run. This
barometer has a specified accuracy of :0.15 mbar.
Thus. the maximum errors in dynamic pressure and
Mach number arising from the use of these gauges
are £0.02% and f0.0001 respectively.

It is also necessary in every test to measure base
pressures to high accuracy. These are measured in
the ARA tunnel with 345 mbar Druck type PDCRZZ
differential transducers. These have a specified
accuracy of 0.06% full scale which, when converted
to cp with a typical value of base area to wing
reference area of 0.015, gives a possible error in
Cp of only 0.00001.

5.2 Scanivalves

In general, there is not enough space to mount many
individual transducers in a wind tunnel model. It
is not entirely satisfactory to mount them external
to the model because the length of pressure tubing
between the pressure tappings where the measurement
is required and the transducer itself leads to
significant lags. To avoid these problems;
Mechanically Scanned Pressure Scanners (MSPs) were
developed by the Scanivalve Corporation in San
Di=go although there are others on the market.

A Scanivalve provides a means of connecting a
number (typically 48) of pressure ports to a single
transducer. A motor drive rotates a shaft to which
is connected a rotor into which is cut a channel
which pneumatically connects the centrally mounted
transducer to the various input connections. In

many cases, a single motor drive unit can operate
several rotor units. The fact that there is only a
single transducer brings several attendant
advantages. First, it reduces the cost; second, it

greatly reduces the space needed in the model and
finally, if known calibration pressures are applied
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input ports, a calibration of the
pressure transducer is performed with every scan.
Various establishments therefore invested heavily
in Scanivalves. Pressures at more than 600
tappings on the wing have been measured at ARA in
tests on complete aircraft models using 16
Scanivalves installed in the fuselage. The D- and
S-type Scanivalves - the types most frequently used
in wind tunnels - have diameters of 3.18 and 2.30
cm respectively.

to two OrF more

One has to admit, however, that the physical nature
of an MSP sensor such as a Scanivalve leads to some
problems. The rate of taking the data is not as
fast as one would like. This is partly because of
its mechanical design and partly because of the
need to allow the pressure to settle every time the
valve is stepped. The internal volume in the rotor
and transducer cavity is the main reason for the
pneumatic settling time. when the rotor moves from
one port to the next, a trapped volume of air is
retained resulting in an error at the instant of
connection to the second port and the scanner
itself provides a reservoir whose pressure requires
finite time to settle to the value of the external
pressure to be measured. The usual method for
checking whether rhe scanning speed is acceptable
or not is to repeat a given pressure measurement on
two successive ports on the valve and arrange for
the previous port to be connected te a very
different pressure. As an obvious example, let us
imagine that two reference pressures - tunnel total
pressure and free-stream static pressure - are
connected to successive ports with the static
pressure repeated on the following port. If the
two values OF the static pressure disagree, this
will indicate that the scanning speed is too fast
to be able to rely on successive ports coping with
pressure differences as great as that between total
and free-stream static pressure. The experienced
engineer may still feel that the scanning speed is
acceptable for all other pressure differences
encountered in the test and the only action that is

necessary is to ignore the first measurement of
tunnel static pressure, ie the one immediately
following the total pressure. The acceptable

scanning speed is likely to vary from one facility
to another because of the different tube lengths.
In some facilities and with some models, for
example, the Scanivalves are mounted outside the
tunnel. In the ara tunnel, experience has shown
that generally, it 1is acceptable to scan at 10
ports per second, thus giving about 5 seconds for
the complete scan at more than 5 ports per second.
Even a time skew of 5 seconds can degrade the
consistency and hence, azccuracy of the data. This
is the dominant motive behind the growing trend in
the world in general to abandon MSPs in favour of
Electronically Scanned Pressure Sensors (ESPs).

5.3 Electronically Scannsd Pressure Sensors (ESPs)

ESPs are fundamentally different from MSPs. 1t is
not simply that the scanning is carried out
electronically rather than mechanically: each
pressure port has its cwn separate transducer and,
with an ESP, it is the output from these
transducers that is scanned electronically either
sequentially or randomly and then amplified to
minimise electrical noise problems.

ESP sensors were First developed in the mid-1970s
by several transducer manufacturers and research
agencies. These included the Scanivalve
Corporation, Kuilite, NASA Langley Research Center
and NASA Ames Research Center. The aims were to
produce compact units capable of giving good
accuracy and high scanning rates. Two of the above
organisations - the Scanivalve Corporation and NASA
Langley - produced viable products which are now
available on the commercial market, the NASA
Langley design having been developed and marketed




by Pressure Systems Incorporated. Early detailed
descriptions of the NASA Langley design are
contained in Refs 19-22. The approximate
dimensions of the space required in a model for a
single 48-way unit are 4.6cm < 6.8 cm x 2.9 cm.
It is possible to convert such a unit into a 96-way
unit although these have only been used on rare
occasions. Using these dual units, wind tunnel
tests have been made on one relatively small model
equipped with almost 800 pressure tappings and it
is realistic to imagine that tests with 1000 or
more tappings are now possible.

The output from the separate transducers is scanned
by a digitally addressed analogue multiplexer.
Since the transducers are being electronically
scanned, data rates in excess of 20,000
measurements per second are possible. Data skew is
therefore effectively eliminated. Since every
pressure to be measured is permanently connected to
a transducer, there is no pneumatic settling time
other than that imposed by the volume of connecting
piping and so, there are no “carry-over® problems.
Temperature drifts have still to be addressed but
the units contain a built-in calibration facility.

A pneumatically actuated calibration valve is
included 1in each unit. This valve has two
positions: normal and calibration. Wen in the

calibration mode, a known calibration pressure
(known by reference to a Ruska gauge or barometer)
can be applied to all the transducers; by applying
a series of say, 5 such pressures, the zero offset,
sensitivity and ""on-linearity of each transducer is
determined. It is good practice to connect at
least one calibration pressure to at least one of
the transducers throughout the test to monitor
whether a recalibration is required. Limited UK
experience suggests that a recalibration is always
necessary at the end of every polar in a typical
complete model test. The issue is crucial from the
point of view of accuracy: without the repeated
recalibrations. errors of the order of 2-3 mbar or
more would be commonplace as compared with a target
accuracy of 0.2 - 0.3 mbar. The time taken for an
in-situ calibration depends on the volume of the
tubing between the calibration pressure source and
the ESP sensor and can therefore vary between
seconds in a closely coupled situation to several
minutes in a realistic wind tunnel environment. In
the case of the ARA tunnel, the required time is
about 2.5 - 3 minutes. These recalibrations,
therefore, slightly =rode the basic advantage of
ESP sensors for speeding up the rate of data
taking. Another very significant point in favour
of ESP sensors is that the only moving part in them
is the valve for changing to the calibration mode;
this holds out the hope that they will need far
less maintenance than MSPs.

The author is conscious that his personal knowledge
of experience with ESP sensors is much less than
that of many tunnel engineers in other countries.
It seems Tair to conclude however that the claims
for speeding up the rate of data taking are fully
Justified with the qualification noted above. The
only word of caution is that clearly, great care
and technique discipline will have to be practised
if we are going to use them and maintain the
standards of accuracy to which we have become
accustomed.

5.4 Measurement Of Unsteady Pressures

Although this lecture concerns experimental methods
for performance, it is still relevant to include a
few words about the measurement of unsteady
pressures: buffet onset Tfor civil aircraft and
buffet penetration Tfor military aircraft ar-
important consi{derat IONS when determining usahle
lift boundaries.

A
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Two research establishments - NLR in the
Netherlands and RAE Bedford in England - have been

particularly involved in developing techniques for
the measurement of unsteady pressures. In the
original approach at NLR, a Jlarge number of
pressure tubes were connected to a small number of
scanning valves (Ref 23) and each valve was
connected to a group of tubes in sequence. This
approach was relatively cheap but the information
obtained was somewhat limited: it was not possible
to measure transient pressurss or to perform
cross-correlations when only one scanning valve was
used. The RAE approach was more expensive but
provided much more information; in this approach, a
large number of transducers (typically Kulite XCQL
0937254 transducers) are mounted in the actual
model surface; each transducer has its own
amplifier and simultaneous measurements are made of
the mean pressure, the unsteady component coherent
with the model motion and the random component of
pressure at every point. This approach can provide
transient and cross-correlation data. Details of
the technique are to be found in Ref 24 where it is
noted that a method had to be devised to compensate
for the fact that the output from the transducers
depended slightly but significantly on temperature
both as regards zero and sensitivity. The RAE
technique allows one to abandon the somewhat bulky
compensation resistaor supplied with the transducers
and so to take full advantage of the very small
size of the actual transducer. The data i#s then
acquired and processed on-line into coefficient
form by the Presto system described in Ref 25.
Some typical results obtained by this approach are
presented in Ref 26.

NLR later introduced (Ref 27) a combined system
which enables comparisons to be made between
results obtained with the two approaches.

The above discussion should not be taken to imply
that unsteady pressures have to be measured to
obtain a prediction of a buffet-onset boundary.
Other methods that are more likely to be used in
routine testing include

(@ measurements of the unsteady wing root bending
moment by means of strain gauges mounted in
pockets in the wing surface,

(b) measurements of the steady pressures near the
wing trailing edge,

(c) noting the departures in the lift versus
incidence curves from a basically linear trend,
and

force versus

(d) noting the breaks in the axial

incidence curves.

A1l these methods require considerable skill and
experience in interpretation. ‘Kinkology*' applied
to the Ilift curves is particularly prone to
misinterpretation because flow separation giving a
loss in lift (and possibly buffet) on one part of
the wing may be masked in the overall results by
some other change in flow on another part of the
wing, giving an increase in local lift. The best
advice is to realise that no one method will be
successful in every situation: therefore, apply all

possible methods; compare the results; interpret
any discrepancies in terms of the flow behaviour
over the wing and, in crucial and difficult cases,
measure unsteady  pressures In appropriate
locations.
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6 JETERMINATION OF MODEL ATTITUDE

It was noted in §3 that it is vital to be able to
measure angle of attack to a high degree of
accuracy. Simple examination of the equation
Cp = Cy Sina + ¢4 cosu

shows that a has to be known to an accuracy of
£0.03" in order to achieve 20.0001 in ¢, at a
typical cruise ¢ of 0.5. This is therefore the
minimum requirement for a desirable accuracy in
model attitude measurement: ideally, one wants an
even better resolution than #0.01°,

ARA have, for many years, used a Sunstrand QA900
accelerometer as an "incidence meter® (Ref 15).
Experience has shown that, with standard filtering
techniques, these incidence meters can still be
used successfully in conditions near buffet-onset.
Some refinements in the technique have however been
introduced since Ref 15 was published. For
example, the accelerometer is now mounted integral
with the balance to give added rigidity:
temperatures are sensed on the instrument its=lf
and a systematic pitch calibration from O to 90
is carried out before and after each test.
corrections for the change in zero and sensitivity
of the instrument based on the measured
temperatures are applied in the computing of the

test data. The change in zero 1is the more
significant effect: typically, this can amount to
0.00061° per degree C and a typical change in

instrument temperature during a run can be about
15°¢. With these refinements, the resulting
accuracy in and near the cruise condition now meets
the target as set out in §3.

In the RAE 8 ft x 8 ft tunnel, on the other hand,
model attitude is measured by the more traditional
method of measuring the quadrant attitude and
applying corrections for the deflections of the
sting under load. The quadrant attitude is
measured by an absolute encoder with a resolution
+0,001° and calibrations have shown that the drive
is sensibly linear with no measurable hysteresis.
The total deflection of the model-sting assembly
can be of the order of 17 at a stagnation pressure
of 2 bar and at high subsonic speeds. Typically in
a calibration, there are small shifts between
angles for increasing and decreasing loads owing to
hysteresis effects in the joints. The mean
calibration is used to determine  angular
misalignments between the balance and roll axes, on
the orme hand, and the roll axis and the fuselage
datum on the other in both cases at zero-gravity
conditions.

One should not dismiss the different approaches in
the two tunnels as implying a difference of opinion
between two groups of tunnel engineers. It is in
fact a logical consequence OF the different
engineering characteristics of the two model
support rigs. The quadrant in the RAE tunnel is
very sciff and specifically much stiffer than the
model cart in the ARA tunnel. On the other hand,
model bounce as one approaches and enters buffet is
much more noticeable in the RAE tunnel. Both these
characteristics favour the use of the traditional
method in the RAE tunnel and of an incidence meter
in the ARA funnel. The general message is that the
best method of determining model attitude can vary
from tunnel to tunnel and should be chosen in the
light of experience in each particular facility.

Ability to measure model attitude to high accuracy
is, of course, only part of the story; one also
needs to know the tunnel flow angle to the same
order of accuracy. This will be discussed in §7
below; the normal approach in a complete model test
is to test with the model both erect and inverted.

7 WIND TUNNEL FLOW ENVIRONMENT

1t is self-svident :that the accuracy of the
performance data obtained from wind tunnel tests
depends on the reliability and applicability of the
calibration of the flow in the empty tunnel and on
whether sound techniques have been developed for
coping with any variability or unsteadiness in the
flow. The discussion below is not intended to be
comprehensive; it merely highlights some issues
that have been found to be> particularly important
in the context of model testing to obtain
performance data.

7.1 Empty Tunnel Flow Calibration

In the empty tunnel flow calibration, the flow in
the working section is related to two reference
pressures which usually approximate to the free
stream static and stagnation pressures. In a
tunnel with solid walls, the reference Static
pressure is usually measured on the tunnel wall at
a hole which is sufficiently far upstream of the
model station for the pressure not to be affected
by the presence of the model when it is present.
In a ventilated tunnel, ie a tunnel with slotted or
perforated walls, tho pressure in the plenum
chamber surrounding the working section is usually
taken as the reference static pressure. The
reference stagnation pressure is usually sensed at
a hole in the wall of the settling length upstream
of the contraction ahead of the working section.
The static pressure and hence, Mach-number
distribution along the length of the working
section is obtained most accurately by measuring
the pressures along the side of a long tube of
circular cross-section mounted in the tunnel with
the rear end in the normal model support and with
the forward end extending far forward ahead of the
contraction (Ref 28). In this way, the presence of
the tube does not modify the flow through the
working section. Typical targets for this
distribution are #0.002 in Mach number at subsonic
speeds and 0.005 at transonic speeds. In
addition, the calibration normally includes
measurements of the distributions of static
pressure and flow angle over the working section
cross-section at various stations along the length
likely to be occupied by a model.

This description of a tunnel calibration may appear
to be simple textbook material but several
important points should be noted:

(i) Many tunnel calibrations were made a long
time ago when standards were possibly not
as stringent as they are today. For
example, Ref 28 (written by the present
author!) in discussing the original
calibration of the ARA transonic tunnel,
suggests that the Mach number based on
plenum chamber static pressure can be used
as a reliable indication of the free-
stream Mach number at the model provided
that the convergence of the working
section walls does not exceed 12 minutes;
however, a graph in Ref 28 shows that at
12 minutes convergence, there is a
discrepancy OF approaching 0.003 in Mach
number . This specific point is
unimportant because the ARA tunnel, in
routine testing, iIs never operated with
the wall:; converged but it is quoted to
illustrate how standards have become more
strict over the years; today, corrections
would certainly be included for
differences of 0.001 or even 0.0005 in
Mach number. Also, it is now recognised
that tunnels should be recalibrated on a
regular basis and that customsrs need to
check that the calibration is sufficiently
comprehensive to satisfy their particular
requirements.
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(i)

(iii)

The development of the boundary layer
along the walls of the tunnel controls not

only the velocity gradient through the
tunnel (and hence the empty tunnel
buoyancy corrections) but also the

relationship between the free-stream Mach
number at the model and the value based on
the reference pressures. It follows that
in a variable density tunnel, this
relationship should be determined at all
stagnation pressures likely to be used for
testing. This point has not always been
appreciated but it is now often quoted as
a leading example of what has become known
as a pseudo-Reynolds effect (Ref 29).
This point 1is particularly important when
the aim of the test is to determine the
forces on merely part of the model
Installed in the tunnel. For example.

when testing an afterbody model, the
accuracy of the afterbody drag is
critically dependent on whether the
pressure on the front face of the

afterbody has been related to the correct
free-stream static pressure. It can be
shown that an error of ons drag count 1in
afterbody drag will result from the very
small errors, AM, in free-stream Mach
number as given by the curve plotted in
Fig 3a. Extreme accuracy in the tunnel
calibration is therefore required for this
type of testing. Ignoring the possible
variation in the tunnel calibration with
stagnation pressure in a variable density
tunnel can result in completely wrong
conclusions being drawn about the
variation of afterbody drag with Reynolds
number. This i#s shown by the example in
Fig 8b taken from Ref 30. It will be seen
that ignoring the change in the
calibration with stagnation pressure is
sufficient to change the sign of the
variation of afterbody drag with Reynolds
number . The surprising trend in the
incorrect results puzzled researchers for
many years before the error was
discovered. The best discussion of the
possible effects of not calibrating a
variable density tunnel at all test
Reynolds numbers is given in Ref 31. One
should of course not go to the other
extreme of dismissing all changes with

Reynolds number as pseudo-Reynolds
effects. Those discussed later in §10 are
genuine!

The emphasis in many calibrations in

transonic tunnels was originally placed
merely on the standard of the longitudinal
distribution of Mach number and arguably,
there was not enough emphasis on the
uniformity of the flow, particularly as
regards flow angle, over the cross-section

of the working section. The trend,
already mentioned to assess the
performance of new civil aircraft by

testing relatively large half-models, has
strengthened the need to look at this
uniformity, or lack of it, with a critical
eye. It has been realised that, in many
but not all high speed tunnels, the
distribution of flow angle is far from
perfect. A good example of this potential
problem is to be found in Ref 11. Results
are presented for the NASA Ames 11 x 11
Unitary Wind Tunnel; Fig 9 shows the
variation of cross-flow angle with height
above the tunnel floor; a variation, of UP

to :0.03", 1is indicated. The NASA Ames
tunnel is certainly not unique in this
respect. The existence of two vortices in

the flow above the floor and below the
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ceiling has been detected in other
tunnels. The explanation for the presence

of these vortices may vary from tunnel to
tunnel but it is of interest to note that,
in the ara tunnel, this feature in the
tunnel flow has been completely eliminated
by the Introduction of a honeycomb in the
settling chamber downstream of the 4th
corner. A flow angle distribution such as
that shown in Fig 9 modifies the twist of
a wing of a half-model mounted on a
balance below the tunnel floor. Tests
were made in the NASA Ames 11 ft x 11 ft
runnel on a symmetrical wing half-model
with the results shown in Fig 10. The
mean derived tunnel flow angle over the
wing was appreciably different according
to whether one used the lift-incidence or
drag polars to derive the figure and
hence, one cannot remove the effects of
the empty tunnel flow angle by a simple
change in incidence datum.

General experience shows that this
flow-angle problem is less serious when
testing complete models: the discrete
vortices are generally not present near
the centre of the tunnel stream and, to
the first order, one can remove the
effects of small variations in flow angle
across the span of the model wing by
testing the model erect and Inverted. in
effect, one uses the model wing as a pitch
meter to determine the mean flow angle
over the model. Again, it is of interest
to note that the insertion of the
honeycomb in the ARA tunnel appears to
have had the effect of producing mean flow
angles that, at a given Mach number, are
virtually independent of the wing
planform: this was not the case before the
honeycomb was introduced. This suggests
that even near the tunnel centre-plane,
the introduction of the honeycomb has
improved the flow-angle distribution.

iabili . : LEl

As noted earlier in 55.3, the aim should be to
maintain the test Mach number in a test polar to an
accuracy of #0.0001 and, if this cannot be
achieved, to correct the data to this standard in
the post-processing routines. Fig 11 presents
evidence to support this statement. At high ¢,
when wave drag (or possibly, flow separation) is
beginning to appear, the sensitivity of the drag to
small changes in Mach number increases rapidly; the
cruise condition 1is likely to be near or just
beyond the break in this ¢y - ¢ curve.

Regarding the effects of flow unsteadiness,
fluctuations at high frequency are generally
filtered out electrically. This leaves the effects
of fluctuations at low frequency. Taking the ARA
tunnel as an example, Fig 12 shows that the flow
oscillates at low frequency, notably at 0.25 Hz and
at 0.5 Hz. Particularly at the higher lift
coefficient, the model incidence and the forces
respond to this flow oscillation. To meet this
situation, it is standard 4R4 practice to record 48
data point samples over a period of 4.8 - 6
seconds. The variation of ¢y within these samples
can be quite substantial (see Ref 15) but even so,
long experience has indicated that a simple average
of such samples generally gives a repeatability of
better than :0.00001 in Cp. Figs 1, 2 provide the
ultimate evidence that the procedure is successful,
at least up to and beyond the likely cruise
conditions.
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7.3 Stream Turbulence and Acoustic Spesctrum

The flow in any tunnel always contains a small
amount of unsteadiness in the form of both velocity
and pressure fluctuations. Low speed tunnels are
generally assessed in terms of their velocity
fluctuations, 1ie their turbulence, but it has
generally been assumed in many papers that, at
transonic speeds, the acoustic noise spectrum is
the controlling variable.

The most obvious effect of the stream turbulence
and noise spectrum is on the position of boundary
layer transition on a model under  test.
Comparative tests have therefore been made in all
the major transonic tunnels in the Western worid to
determine the position of transition on a 10" cone
(Refs 33, 34). The observed transition Reynolds
numbers from these tests are shown plotted against
pressure fluctuation level in Fig 13. This picture
reproduced from Ref 33 appears to establish an
approximate correlation with the pressure
fluctuation level but it will be noted that there
is a :20% scatter about a mean line and probably,
this should not be dismissed as scatter. Indeed, a
later re-analysis of some of the data in Ref 35 has
cast doubt on the original conclusion. In Fig 14,
taken from Ref 35, the results for 4 leading NASA
tunnels are plotted against both velocity and
pressure fluctuation. This Tfigure may appear
difficult to understand =t first sight, but the
authors of Ref 35 argue that it shows that when the
results are plotted against the pressure
fluctuation, they show considerable Scatter
whereas, when they are plotted against the velocity

fluctuation. they correlate much better. The
authors suggest a relationship of the form:

Rip = f(pu)~™ rms%
where (pu) is the momentum fluctuationand n = 1/4

for the beginning and n = 1/6 for the end of the
transition vegion, Further research appears to be
needed to ctarify the subject: for example, the
correlation in Fig 14 is propesed for the full
ach-number angg from 0.1 to 1.2 whereas, if the
ata are analyséd in terms of the tunnel noise, one
often finds that R,,. tends to decrease with Mach
number up to y = 0% and then tp increase rapidly
through the transonic speed range, as might have
been expected since, in many tunnels, the pressure
flucutations are found to reach a maximum near M -
0.8 and then to decrease

For most existing transonic tunnels, the transition
Reynolds number for the 10 cone at M = 0.8 lies in
the range 3 x 108 - 5 x 10%. Factors that can
affect the precise value include

(i) the noise and turbulence being propagated
from upstream, ¢z from the valves In a
blowdown tunnel and whether or not there
has been any treatment in the settling
chamber aimed at damping these
disturbances,

the nature of the tunnel walls, ¢g whether
they are solid, slotted or perforated and
whether there has been any attempt to
alleviate their noise-generation
properties,

(i)

(iii) whether the tunnel design contains any
feature such as a second throat to prevent
the upstream propagation of noise from the

downstream diffuser.

With the increased interest in laminar flow
aircraft design, all these issues are now receiving
close attention both in modifications to existing
tunnels, ez the honeycomb in the ARa tunnel (Ref
32) and in the design of new tunnels, e¢g the T1500

tunnel at FFA, Sweden (Ref 36). The latter is a
particularly interesting recent example of the
detail that has to be addressed. Ref 36 shows that
it is not sufficient to have a second throat at the
start of the diffuser: this leaves the possibility
that appreciable noise generated in the model
support region can stili propagate forward into the
working section. Close attention has therefore to
be paid to the "longitudinal distribution of the
tunnel cross-sectional area opposite the model
support to avoid as TFfar as possible severe
decelerations in the flow that might induce a flow
separation.

Differences in turbulence and/or noise in different
tunnels are liable to lead to differences in
natural transition position on the model under test
(Ref 37). However, the recommended standard
practice in transonic tunnels is to test with
transition fixed artificially and this removes the
risk that results from different tunnels will
appear to be inconsistent because of differences in
transition position. It does not Tfollow that

differences in  turbulence and noise are
unimportant. As will be discussed in detail in
§10, a technique in common use for simulating the

behaviour of the full-scale boundary layer is to
test with a transition position on the model that
is further aft than that expected on the full-scale
aircraft. It is desirable that the Stream
turbulence does not place any limitation on the use
of this technique. The ability to maintain an
extensive length of laminar flow will be even more
important when testing, models of laminar flow
aircraft.

Stream turbulence also has an effect the
development of a turbulent boundary layer. This
has been studied by Green (Ref 38) who suggested
that it was possible to transform turbulence 10%°
an effective Reynolds number. This led to tne
suggestion in some quarters that increasing the
turbulence of the stream could be one method of
increasing the effective test Reynolds number. The
difficulty with this suggestion however is that
increasing turbulence only increases the effective
Reynolds number in respect of the boundary layer
F e T G g PR R o

d hence, drag, i d the effective Reynolds
ﬁﬁ‘mbg,’f'f"e’rhu?%s niStrated by the results )‘n Fig

15 reproduced from Ref 39

on

In most transonic tunnels, the turbulence level is
far less than 1% and so, the effects shown in Fig
15 can be dismissed as trivial. It has however
been recognised (Ref 40) for many years that
accepting too high a level of tunnel stream noise
can degrade the accuracy of buffet data. Mabey
suggested that, to obtain data uncontaminated by
any interactionwith the tunnel noise, the value of
(nF(n))*$ should not be greater than 0.002 where n
is the non-dimensional frequency for say. the model
wing fundamental bending mode and where F(n) is

related to the non-dimensional pressure
fluctuations by the equation:
p'? = a7 {7 F(n) dn (1

where p* = acoustic pressure signal

Fig 16 presents an example of how the unsteady
wing-root strain can be influenced by reducing the

unsteadiness of the rtunnzl stream. In this
example, the stream unsteadiness was reduced by a
change of slotted working section wall from one

having a hard surface to one with a laminate: as a
consequence, buffet onset became more clearly
defined and the buffeting measurements showed much
less scatter,
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8  TUNNEL WALL INTERFERENCE

8.1 The Classical Approach

8.1.1 Closed tunnels at subsonic speeds

The presence of the tunnel walls modifies the
effective angle of incidence and the effective
speed of flow over the model. These effects are
known respectively as tunnel constraint and
blockage and the measured data from tests in a
conventional tunnel must be corrected accordingly.
In the classical approach to a prediction method,
the model 1is replaced by singularities and the
walls by a doubly-infinite set of images. These
methods are developed in detail in Agardograph 10%

(Ref 42) which is the major reference on the
subject. A full set of formulae and graphs are
given In this reference for closed, open and

ventilated tunnels. Different standards of
approximation will be needed for different types of
testing in various tunnels bur in the author"s
experience, the formulae discussed below summarise
a reasonable set of corrections staying within the
limitations of this classical approach which, it
will be realised, is based on the assumption that
the flow is uniformly of the small-perturbation

type.

These formulae can be listed as follows:

(a) Tunnel constraint

In the simplest approach, the basic equation for
the interference upwash angle is

0=l o)

Values of the factors s, and s{ are presented in
Ref 42 for square and rectangular working sections
with alternatively 4 closed, 4 open and 2 =lossd/2
open walls. For a square section, 3, = 0.13 and 41
= 0.25 if the walls are closed. This simple
formulation should not be used if the model wing
span is greater than about 0.5 x tunnel width.
From the author®s experience, one should then use
the relations in Ref 42 in terms of a parameter
(350, IT the span/tunnet width ratio is 0.8, the
value of s, for a square section with closed walls
then becomes 0,162, ie an increase of 25% relative
to the value for a small model.

(2)

(b) Solid and wake blockase

The presence of the tunnel walls modifies the flow
around the model even at zero lift: in a closed
tunnel, the flow around the model 1is speeded up and
vice-versa in an open tunnel. This interference is
due to the volume of the model and its wake; in
general. it is acceptable to treat solid and wake
blockage as independent of each other: this is not
necessarily true at high lift (see (c) below).

For the calculation of blockage by the classical
methods, the model 1is replaced by an appropriate
distribution of sources and sinks. Simple formulae
are listed iIn Agardograph 109 but, in the UK, the
standard method that has been used for many years
is that produced by Evans in 1949 (Ref 44). This
method was based on earlier work by Thom and
Thompson (Refs 45, 46). A few points about the
method are worth noting:

(i) Empirical terms are included to allow for the
effects of wing thickness/chord ratio and body
fineness ratio.

(if) Evans showed that most wings can be represented
by a uniform non-tapered wing, having the same
volume, mean sweep and thickness ratio as the
original wing but with a span equal to 2(3)3%k,
where %, is the radius of gyration of the
original wing about the x axis.

(iii) The value of g in the denominator of the above
expression should be based on the corrected
Mach number. This may Seem to be a trivial
point but early experience In the 1940s showed
that if g was based on the uncorrected Mach
number (the more straightforward procedure),
the blockage corrections could be s=sriously
underestimated. This is an important point
which was not always remembered in later years.

Having determined the interference velocity, 4U ~
¢U, corrections to the stream quantities and force
and moment coefficients follow as set out {n both
Refs 42 and 44.

(©) _nterference at hieh lift

The corrections for tunnel interference described
above can be applied to the results of tests when
the flow past the model is attached. When the flow
is partially separated, however, a less rigorous
approach has to be adopted. The general practice
in the Uk and elsewhere has been to adopt the
method put forward by Maskell and described in
Agardograph 109 (Ref 42). it Is not possible to
represent the wake as a plane sheet of streamwise
trailing vortices. Maskell based his approach on a
study of the flow past a bluff body. Experimental
measurements described In Ref 47 confirmed that,
for wings of moderate to small aspect ratio, the
localised regions of separated flow that develop as
such wings begin to stall, resemble axisymmetric
bluff-body wakes and Maskell concluded that the
tendency to axial symmetry in the separated flow
region could be assumed to be universal, applying
to most wings of practical interest. The formulae
derived from Maskeli's model of bluff body flow are
applied to the separated-flow part, Cpg:s of the
total drag, ultimately giving a blockage correction
in the form:

i 1§ +%%<CD_CD\]-CDO) (3)
where € is given by an extrapolation of the drag-
due-to-1ift in the attached flow range (see Fig 17)
and q, 1i#s the corrected value of the dynamic
pressure, q. The example in Fig 18 taken from Ref
42 shows that, for this case at least, the formula
is very successful.

8.1.2 Tunnel with ventilated walls
at subsonic speseds

Ventilated tunnel walls were introduced in the
early 1950s. In general, the walls have either
longitudinal slots or perforations; the primary aim
is to allow air to pass between the working section

and the surrounding plenum chamber and so, to
relieve the choking of the flow that would
otherwise occur before reaching M = 1.0. A

supplementary aim
eliminate the wall

is to reduce and. if possible,
interference at subsonic speeds.

Early studies showed however that it was very
unlikely that complete elimination of this
interference would be possible with =ither slotted
or perforated walls.
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in this early work for slotted tunnels, it was
assumed that the real wail could be replaced by an
equivalent homogeneous boundary having a similar
influence on the flow near the model as that of the
real wall. The linearised boundary condition for
this equivalent wall can be expressed by the
following equation:

§‘£ Q_’_v_. — 4
ax T K dxon 0 S
where ¢ is the perturbation potential, x 1is
measured in the stream direction and n along the

outward normal to the surface. The boundary
condition relates to inviscid flow past a slotted
wall; on this assumption, there is no pressure drop
across the wall and this is in direct contrast to
the porous or perforated walls where there is a
pressure drop through the wall giving a boundary
condition of the form:

p 13

ax *P 3n 0 5
where P is a porosity parameter defined by

oU o
% =% 3n (6

several different types of wall can be identified:

Closed wall Ksw, P- 0

Open jet 1K =0, P

ldeal slotted wall Psw

Real slotted wail : both K and P terms present
Perforated wail K = 0, P dependent on wall

geometry and wall boundary
layer thickness

For a perforated wall with normal holes, P varies
with the pressure-differential through the wall;
early tests at AELK showed that, with normal holes,
the value of P was very dependent on whether there
was Inflow or outflow through the wall: to obtain a
sensibly linear characteristic for the wall
porosity, one needs a wall with the holes inclined
at 60" in the direction of the flow; this reduces
the resistance to outflow.

Agardograph 109 (Ref 42) Contains many figures
showing how tunnel blockage and [lift constraint
vary with K and £ in different types of slotted and
perforated-wail tunnel. 1t will be realised that
these estimates were made by the methods available
ahead of 1966 and, numerically, could be improved
today. Nevertheless, the figures stil]l serve to
illustrate some important conclusions. For
example, for an ideal Slotted wall, the open-area
ratio for zero blockage is very different from that
needed for zero lift constraint, =z in a working
section with 2 ventilated and 2 solid wails, the
open-area ratio giving zero blockage is still
calculated to give a lift constraint factor of 70%
of that for an open wall. However, allowing for
the viscous Tlow in the slots in the real slotted
wail, increases the chances of finding an open-area
ratio that will give completely interference-free
flow (Ref 49). However, the viscous flow in the
slots is also predicted to give a longitudinal
gradient through the working section and hence, a
buoyancy correction.

Turning to a perforated tunnel. Fig 19 shows the
longitudinal distribution of the blockage effect.
This is a most important graph: it will be seen
that the longitudinal distribution for £/P = 1.28,
which gives zero blockage at the model mid-point,
is strongly asymmetric. This can lead to a
sizeable buoyancy effect. Calculations for a
typical subsonic transport model might show that
this buoyancy effect would increase the drag
coefficient at high subsonic speeds by as much as
4Cp = 0.0010 - 0.0020. This is one of the main

Anee
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reasons shy Ref 49 concluded that slotted wails
were preferable to perforated walls for tests at
subsonic speeds. As noted above, this is however
not a clear-cut issue because the viscous effects
with a real slotted wall might produce similar (but
probably smaller) effects. The results in Fig 19
are Ffor a rectangular working section with two
perforated walls; subsequently, ARA calculated
values for a circular tunnel using the formulae in

Ref 48; numerically. the values are slightly
different but in principle and indeed, in general
magnitude, the results are very similar. Finally,

Fig 20 shows the variation of the constraint
factors 6, and &1 with g/p for perforated walls.
Compared with the ideal slotted wail, this picture
at first sight looks encouraging in that 6, passes
through zero at a value of 3/P similar to the value
that gives zero blockage. As noted below, however,
this does not mean that one can ignore constraint
effects in existing perforated-wall tunnels.

Despite the fact that all this material had been
published by 1966, many operators of tunnels with
ventilated wails continued for many years not to
apply any corrections to their results. They hoped
that if the models were kept small (ie blockage
area ratio iess than 0.5%), the corrections would
be trivial except close to M = 1.0. They felt that
they could not apply the corrections as outlined
above because they did not know the porosity
factors, K and P for the wails of their particular
tunnel. Determining these Tactors directly by
measuring the pressure differential and flow
through the wails would indeed be a difficult task.
However, to ignore the existence of the corrections
simply because there may be some doubt over the
precise values always seemed to the present author
to be the wrong attitude. ARA almost from the
outset applied lift constraint corrections,
blockage and blockage buoyancy corrections. These
corrections were derived as follows:

porosity factors for the walls of the ARA
tunnel were obtained by interpolation of
the AEDC data contained in Ref 50 for the
characteristics of various perforated
plates with different plate thickness,
hole diamster and open-area ratio,

(M)

these values of P were then used to obtain
lift constraint factors and also, the
blockage at the mid-point of the model.
The derived values showed that the tunnel
was too open to give zero interference.
As regards lift constraint, the factors
were about 70% of those that would apply
in an open ‘tunnel. The blockage
corrections were predicted to be about
-0.25 x those that would be calculated for

(11)

the corresponding closed-wall tunnel. For
a typical subsonic transport model with
about 0.7% blockage area ratio, this
implies that M| - -0.005 at M = 0.85,

(iii) finally, blockage buoyancy corrections
were derived on the basis of Fig 21. To

understand this Tfigure, one has to be
aware Of the open-area distribution along
the walis of the ArRAa tunnel: opposite the
forward part of the model, the open-area
is still climbing up to its final value of
22% which is then held constant opposite
the rear of the model. The suggestion in
Fig 21 that the buoyancy effect is not
felt by the nose of the model was
confirmed in a pressure-plotting test on a
civil transport model, comparing the
pressures measured in two tests with the
holes in the walls respectively open and
sealed. In effect, this means that the
buoyancy correction is only half what it
would have beer if the open-area ratio had
been 22% along the full length of the




model; even so, the correction is still
highly significant; if it were not
applied, a spurious drag-creep, amounting
to more than 0.0005 in <¢p would be
present: a seriously misleading result.

In the same comparative test with the holes in the
tunnel walls alternatively open and sealed, the
wing trailing-edge pressures were measured. These
results suggested that, for a model of a reasonable
size, eg 0.5 - 0.7% blockage, one could assume that
the blockage correction (note: not the blockage
buoyancy) was zero up to M = 0,83, This
contradicted the earlier belief that at M = 0.85,
AM = -0.005. The new evidence appeared at the time
to be unchallengeable and it became standard
practice at ARA not to apply blockage corrections
for this size of model up to M = 0.85 and to
subtract 0.005 from the values that would be
calculated by the previous method for Mach numbers
above M = 0.85. It was felt that it was better to
accept the direct evidence from the comparative
test than to rely on the earlier method which was
based on the unproven assumption that data from the
AEDC experiments on perforated plates could be used
to forecast the porosity characteristics of the ARA
tunnel walls. The weakness in the original method
was that it rested on the unproven assumption that
the boundary layer thickness on the walls of the
ARA tunnel was comparable with the thickness on the
AEDC plates of similar geometry; if this was true,
it would be somewhat of a coincidence. The
practice of taking the blockage to be zero up to M
= 0.85has been retained since 1968 for the sake of
maintaining data-bank consistency although there
has always been some unease as to whether this was
the correct approach. For example, the comparison
between wing pressure distributions measured on a
model of the Super vCc10 had shown good agreement,
as reported in Ref 52, with those measured in
flight even though blockage corrections derived by
the original method had been applied; to have
assumed that AM = 0 up to M = 0.85 would have
reduced the standard of agreement. Recently, (¢t
has however been realised that the results of the
perforated versus solid wall comparative test can,
in fact, be challenged on the grounds that by M =
0.85, the results in the solid-wall tunnel are not
correctable, to use modern terminology, by simple
Aa and AM corrections. There should also be a
wall-induced camber effect which, for a given
corrected o,M would increase the suctions near
mid-chord and hence, the adverse pressure gradient
back to the trailing edge. This camber effect
could modify the boundary layer development over
the rear of the upper surface of the wing and
hence, it may be wrong to expect the trailing-edge
pressure to be the same in the solid and
perforated-wall tunnels. Calculations suggest that
this could account for the discrepancy discussed

above. 1t should be stressed that for the majority
of tests on civil transport models, where the
cruise Mach number is near M = 0.80, this

uncertainty is of trivial importance but it has
been described at some length here to illustrate
the difficulties that can arise in applying the
classical methods. This increases the importance
of adopting a more modern approach and taking full
advantage of the developments in CFD methods.
These methods are discussed later in §3.3.

8.2 Wall Interference at Spseds
Near and Above M = 1.0

8.2.1 Blockagze corrections

Clearly, the classical approach to the calculation
of blockage corrections by which, for a ventilated-
wall tunnel, Av = a factor x {(AM).1,:aq has to be
abandoned before reachingM = 1.0. To obtain some
guidance as to the interference close to and above
M = 1.0, a major cooperative programme was launched
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in the UK in the late 1950s in which several models
to the same design but at tlifferent scales were
tested in two slotted tunnels at KAE and in the ARA
transonic tunnel. The results of these tests are
reported in Ref 353. "The modet was a wing-body
combination with a 6% thick symmetrical wing having
an aspect ratio of 2.83, a taper ratio of 0.33 and
4" sweep on the 0.5¢ line. The values of blockage
near M = 1.0 revealed by these tests are, of
course, a function of the open-area ratios of the
walls of the tunnels being compared. It is
therefore of more general interest to compare the
values derived by the analysis of the experimental
data with any theoretical predictions that may be
available. The only theoretical method available
in 1959 was that produced by Page of NACA Ames (Ref

54). The Tformulae proposed by Page for the
blockage correction, AM, at M = 1.0 are given
below:

AM = -0.9g {T*/h)s/7 (r'k/x*)Q/?

for rectangular slotted tunnel, and
(N
AM, = -0.82 (r*/R)s/7 (r¥/x*)2/7?

for circular perforated tunnels

where g depends on the open-area ratio,
r*, x* are the coordinates of the sonic¢ point
on the nose of the equivalent body of
revolution to the model under test,
h is the tunnel semi-height
and R the radius of the circular tunnel.
Values are compared in the table below.

RAE slotted ARA perforated
wall tunnel wall tunnel

Predicted AM, for

0.05% blockage model: (1) -0.007 -0.020
Predicted Av, for

0.5% blockage model: (@) -0.016 -0.049

Difference between
(2) and (1)

Difference as derived
from experimental data 0.010 0.020
The estimates in the above table were obtained
using the numerical values suggested by Page: g ~
0.35 for the slotted tunnel and a numerical
constant of 0.82 for the perforated tunnel. The
comparisons suggest that the value for the slotted
tunnel is reasonable but that a smaller value than
that proposed should be used for the perforated
tunnel. On this and other evidence obtained later,
ARA have used 0.6 as the numerical constant in an
expression rewritten in terms of tunnel semi-height
rather than radius.

It will be seen from the above formulae that
blockage area ratio is no longer a relevant
parameter at M = 1.0. The variation of AV with

model size {s much more in sympathy with the linear

dimensions of the model and the distance of the
model from the tunnel walls. It follows that the
tunnel interference is still significant for very

small models, eg even for a pitot tube while, on
the other hand, increases in model size can be
tolerated without as much penalty as one might
intuitively have expected. Another important point
about the interference at speeds close to M = 1.0
is that the interference can be greater for a
slender model than for a model of low fineness
ratio and of the same size. This was pointed out
by Berndt in Ref 55; the reason is that the lateral
decay of the flow field is less and hence, the
potential interference at the wall greater with the
slender model .
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Strictly, it is not possible to obtain meaningful
results at literally M = 1.0. The results of the
comparative tests discussed above also showed that
the aft movement of the terminal shock which should
reach the base of the model just above M = 1.0 was
considerably delayed on the 0.05% blockage models.
This means that, in a test zt an uncorrected Mach
number of say. M = 1.05, the flow over the front
part of the model genuinely resembles what would be
expected in free-air at M = 1.05 but the flow over
the rear part of the model is more representative
of what might be expected at M = 1.0. Such data
are completely unrepresentative of the free-air
results and they cannot be corrected. It cannot be
amphasissd too strongly that one should not test at
Mach numbers very near to and just above M - 1.0.
All test programmes should omit the range between
say, M = 0.98and M = 1.05 dependent on the size of
the model. This situation would be improved if it
were possible to reduce the wall open-area ratio to
a very low value when testing near M = 1.0.

At higher Mach numbers, tunnel interference takes
the form of wave reflections from the tunnel walls.
Clearly, in a solid-wall tunnel, one is not in the
clear until the reflection of the bow shock has
passed behind the base of the model. The situation
is much the same in a slotted-wall tunnel but
perforated walls provide some alleviation. The 22%
open-area ratio, normal holes of the 4ra tunnel are
successful in largely cancelling the reflections of
incident shock waves at M = 1.15 and above (see Fig
22) but, with normal holes, expansion flow fislds
reflect as discrete shock waves. It follows that
the data in the ArRA tunnel do not become
effectively interference-free until the reflections
of the forebody expansion flow field have passed
behind the base; inclined holes would improve this
situation, for :he reasons explained earlier. In
any new perforated-wall tunnel, one would choose
walls with inclined holes of variable open-area
ratio.

8.3 The Modern Approach

It was noted in §8,) that the classical approach to
the calculation of tunnel Interference at subsonic
speeds suffered from several important weaknesses.
To list these briefly:

the methods rely on a small-perturbation
representation of the model,

for tunnels with slotted walls, the homogeneous
wall boundary condition is known (Ref 56) to be
unrepresentative,

(a)

(b)

for tunnels with perforated walls, the porosity
characteristics are uncertain,

(c)

the methods do not take proper account of the
fact that the wall interference can be very
dependent on the boundary layer development
along the walls, and

(d)

(e) as one approaches M = 1.0, it is no longer
valid to assume that the interference is
correctable in terms of simple corrections to M
and a.

Since 1978, there has been a major effort at many
research establishments to develop new, improved
methods of estimating wall interference. Most of
these involve the measurement of pressures on or
near the tunnel walls; most involve the use of the
powerful c¢¥p tools that have now become available.
Broadly, the methods can be divided into two types:
(i) the first type can be described as "model
representation methods”. These require
only a relatively limited number of wall
pressure  measurements but need a
reasonably accurate calculation of the
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flow field around the actual model. At
high subsonic speeds near M = 1,0, recent
US work (Ref 57) has suggested that one

has to undertake Navier-Stokes
calculations: the vresults of inviscid
Euler calculations can be completely

mi s tending,

the second type, known as two-component
methods, do not require a calculation of
the local flos field around the model but
involve the aeasurement ofF a relatively
large number of streamwise and normal
velocities near the walls. Methods of the
second type are therefore easier to apply
in the case of solid-wall tunnels where
one can make the assumption that the flow
near the wall is parallel to the wall
(strictly, parallel to the boundary layer
on the wall) and hence, one still only
needs to measure one flow component.

(ii?

Methods of the first type were developed by Smith
of NLR (Ref 58) arid Capzlier, Chevalier and Bouniol
at ONERA (Ref 59). In the US, the initiative came
from Kemp at NASA Langley (Ref 60) followed by
Murman (Ref 61) and recent US work is described in
Refs 62, 57 and 63. The second type of method was
developed by Ashill and Weeks at RAE Bedford (Refs
64,65) and currently, serious use of this technique
is being explored in the RAE 5 metre tunnel (Ref

66). Historically, it can be argued that the idea
of using wail pressure measurements as a guide to
model blockage correations was introduced by

Goethert as long ago as 1940 (Ref 67).

A relatively simple method of the first type is
being used to correct data from the RAE 8 ft x 8 ft
tunnel (Ref 17). Measurements of Static pressure
are made at four ,pointson the tunnel walls two
in the roof close to the model centre of volume,
and a corresponding pair in the floor. The model
is simulated by a distribution of point sources and
sinks and calculation!; are made of both the
increment in streamwise sSpeed at the position of
the wall holes due to both these singularities and
their images, and of the blockage increment in
velocity at the model. This provides the ratio of
the blockage increment to the arithmetic mean of
the calculated increments in speed at these four
holes. It is then assumed that this ratio applies
in the real tunnel flow and hence, one obtains the
blockage from the wall pressure measurements.
Results from applying this approach have been found
(Ref 64) to be 1in good agreement with results
obtained by a potentially more accurate two-
component method and it 1is believed that the
technique is accurate up to Mach numbers
approaching the choking value.

An obvious application for a method of the second
type is to the correction of data obtained at high
model lift in a low speed tunnel. The flow around
the model being partly separated is difficult to
simulate mathematically with any accuracy but this
is not needed for a method of the second type. The
method developed by Ashill and Weeks (Ref 64) has
therefore been applied to the results of tests on a
very large half-model in a landing configuration in
the 5 metre tunnel (Ref 66). Measurements of
pressures were made at about 15 tappings on each of
10 streamwise rows and upwash, sidewash and
streamwash corrections have been derived. Typical
results are shown in Fig 23. Results obtained by
using the standard correction technique are also
shown for comparison. Reasonable agreement is
shown for the incidence correction in Fig 23a but =
significant discrepancy is evident in the
streamwash correction in Fig 23b. It appears that
the standard technique leads to an appreciable
overprediction and these results constitute a
warning that #askell's approach may not be
satisfactory for some realistic cases of partially
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separated flow. It seems likely that, despite the
need for a large number of pressure measurements
extending far upstream and downstream of the model,
two-component  methods  will find increasing
application in the future, particularly for models
with complex flows, =g models with bluff shapes,
ASTOVL models, helicopters with rotor simulation
and models at high lift.

Ref 64 contains an example of blockage corrections
calculated by methods of both types compared with
the value obtained by the classical method
discussed earlier. This comparison is shown in Fig
24; the application relates to a two-dimensional
aerofoil test in the 8 ft x 8 ft tunnel at RAE
Bedford. Good agreement 1is shown between the
results for the model representation and the two-
component methods but all these results predict
notably greater blockage than the classical method.
particularly for ¢, when the flow over the aerofoil
is supercritical.

The recent experience at AEDC in applying these
modern methods to perforated-wall interference at
high subsonic Mach numbers near M = 1.0 is
described in Ref 57. Two types of technique are
discussed:

(a) A pretest predictive technique in which the
wall boundary condition s not based on a
global approach as in classical methods but
allows for local variations in the porosity
characteristics. This means that the slope of
the characteristic is no longer a constant but
is a function of the boundary layer thickness
on the walls as shown in Fig 25 taken from Ref
62. This graph refers to the 60 inclined
holes of the AEDC perforated walls but similar
graphs could be created for other tunnels if
the necessary experiments  were made.
Increasing the lift on the model will increase
the pressure variation induced on the wall at
high subsonic speeds and, as a result. the
boundary layer thickness on the top wall. This
IS the major reason for the increase of AM with

lift referred to above. In the pretest
predictive method, the tunnel flow-field
calculation 1is made with the AEDC boundary

condition specified on the tunnel wall.

The US WIAC approach for correcting the
measured results in which the flow around the
model s calculated with the pressures measured
on a boundary close to the tunnel walls
defining the boundary condition.

®

Initially, the calculations were made by an Euier
code which was expected to be more than adequate
for an application in which the model was a
sing-body combination with 30° swept wings with
NACA 0010.4 symmetrical sections. However, these
calculations failed in that the derived corrections
seriously overcorrected the results for the large
blockage model in the small tunnel when compared
against those obtained with the same model in a
larger tunnel. Use of a Navier-Stokes code,
however, goes a long way towards bringing the
corrected results from the two tests into
agreement. These comparisons are presented in Figs
26a,b; 7 in this Tfigure is the wall open-area
ratio. The authors of Ref 57 draw the conclusion
that it is necessary to allow for viscous effects
in the model flow-field calculation. This may well
be true but the present author believes that the
Euler code comparison could have been significantly
improved if the free-air and model calculations
had been made for different Mach numbers, the
difference in Mach number corresponding to a
first-order AM correction. In case the procedure
of these WIAC calculations #s not clear, it is
worth noting that the values of ¢ are obtained by
integration of pressure distributions in which each
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individual pressure has been corrected by
interference terms which vary along the chord. In

other words, the AM, A« approach has been abandoned
and there is now some hope that correction methods,
both pre- and post-test have been developed that
will remain valid up to very close to M = 1.0.
However, research and development will have to
continue for some time to come before one could
claim that a correction method is available for
routine use. Ref 63 notes that the WIAC procedure
was apparently not completely successful in
correcting some experimental data from the NASA 0.3
metre Cryogenic Tunnel, but it is possible that the
lack of full agreement between the corrected
experimental and theoretical results may be due to
inadequacies in the turbulence modelling in the
Navier-Stokes calculations, rather than any
fundamental flaw in the correction method.

8.4 Adaptive Walls

None of the major transonic tunnels used for
performance testing are fitted with adaptive walls
and so a discussion about the development of
adaptive walls is really outside the scope of this
lecture. Nevertheless, for the sake of
completeness, it should be noted that, in many
research establishments, there has been
considerable progress with adaptive walls since
1975. Achievements are described in detail in the
final report of AGARD FDP Working Group 12 (Ref 4)
which contains many references on the subject, and
a summary of some of the main achievements is
available in Ref 1.

The basic concept of an adaptive-wall wind tunnel
is to match two independent flow-disturbance
quantities measured at an interface in the tunnel
experiment to the same quantities computed for an
interference-free outer flow beyond the interface.
Application of the concept has been greatly helped
by advances in wind tunnel instrumentation, wall-
control mechanisms, control technology, computer
hardware and, more particularly. CFD algorithms and
codes. In two-dimensional flow, many
establishments have shown that it is possible to
reduce the residual interference after shaping the
walls to a very low level. The residual
interference can be calculated by the methods
discussed earlier using the information already
available for shaping the walls. The concept has
been successfully applied to Group 2 Flows
(supercritical flow extending to and beyond the
test-section walls). In the context of the present
lecture, the most significant development has been
the evidence suggesting that two-dimensional
adaptive walls can be used successfully to minimise

the interference iIn tests on three-dimensional
models. This evidence is presented in detail in
Chapter 4 in Ref 4; the aspect ratio of the tunnel
working section is an important parameter.
Experience at supersonic speeds 1is limited at
present,

O MODEL SUPPORT INTERFERENCE

9.1 Rear 3:lns Interference

In high speed and transonic tunnels, the models are
usually supported on a sting from the rear of the
model: protruding either from the centre of the
rear fuselage or as a blade from underneath or
occasionally from the top of the fin. As already
noted in §3, the consequent interference effects
can be significant. They arise for two main
reasons. First the presence of the sting Itself
and particularly, of any taper on the sting can
have a forward influence on the flow over the rear
fuselage: in general, the flow velocity is reduced
and the drag reduced. Panel methods can be used to
estimate these effects. Secondly, the rear
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fuselage has to be truncated and distorted to admit
the sting; in this respect, calculations are less
effective because viscous effects are paramount.

The technique in regular use in the UX to obtain
these sting corrections experimentally is to mount
the model on twin stings from the wings and then to
measure the farces an the rear fuselage with and
without a simulation of the rear sting. Fig 27a is
a diagrammaiiec picture of the rear model layout for
such a test. The balance measures the forces on
the rear fuselage with the dummy central sting in
position as shown and with the sting removed, the
bore filled and the rear fuselage restored to the
correct aircraft shape. The difference between the
two sets of balance readings gives the sting
corrections. This may sound simple but much
development testing had to be undertaken before the
technique gave satisfactory, repeatable results.
Allowance has to be made for the pressure force
acting on the internal fuselage surfaces aft of the
split and, when the dummy sting is present, for the
pressure force acting on the seazl plate. Accurate
determination of these terms 1is vital; iIn an
example quoted in Ref 15, the forces acting in the
drag direction were:

M

force on external wetted surface:

Cp ~ 0.0022,
(i) force on internal fuselage surface:

Cp ~ 0.0015,
(iii) force on seal plate:

Cp = -0.0016.
Thus, the unwanted pressure forces are each of

similar magnitude to the actual rear fuselage drag.
These corrections are obtained by measuring about
50 pressures inside the fuselage and about 10
pressures on the seal plate. Various precautions
have to be taken: the gap between the forward and
rear parts of the model has to be kept small; the
model has to be designed to inhibit flow in and out
of this gap and to give near-uniformity in pressure
over the cross-section at the gap; the response
characteristics on both sides of the pressure
diaphragm in the transducers have to be carefully
matched and finally, one has to be able to move the
forward part of the dummy sting by means of a small
integral actuator to locate it correctly in the
bore.

The succzss of this twin-sting tschnique depends on
a number of basic assumptions:

{a) one can ignore the possible effects of the rear
sting on the flow over the forward part of the

model ,

(b) one can ignore the ©possible interference
effects of the twin stings on the flow over, the
wing. = %t feast” ' e Oextent  that “these
effects might affect the difference between the
two tests,

(¢) one can calculate, =z by a panel method, the

ossible  interference effects of the yoke
Romlng the twin stings at 1?he rear. y

On a closely coupled configuration such as that
shown in Fig 27, assumptions (a) and (b) are open
to question. The technique as practised in the
past is only viable if there is a fair length of
uniform flow upstredm and downstream of the split
and one cannot meet this requirement with a
configuration such as Fig 27b. ARA are therefore
developing a modified form of the technique as
illustrated in Fig 28. The model is still mounted
on twin stings but now, Forces are to be measured
on the complete model with balances fitted in the
forward end «f the pair of stings. The balances
will be calibrated individually and with the model
installed in the rig. Finite element analysis was

employed in the design of the new rig: the stings
are very slender and have reduced torsional
stiffness; the model 1is mounted further forward
relative to the yoke. As with the previous rig,

the sting correations will be determined as the
difference between the results for two
configurations with alternatively the true

afterbody and the distorted afterbody and dummy
sting.

Some typical sting corrections were discussed
earlier in §3, on the basis of the results in Figs
3a,b. It should be noted that these results relate
to stings designed For tests at a stagnation
pressure of 1 bar. For tests in a pressurised
tunnel, it is likely that the degree of distortion
of the rear-end would be greater. A recent paper
(Ref 69) from NASA Langley has quoted experience
which indicates that sting corrections can amount
to 9-10% of total aircraft drag and can vary in a
non-linear TFashion with Mach number. It is
therefore likely to remain as a major problem in a
pressurised tunnel.

9.2 Strut Interference in LOW Spsed Tunnels

For most of the testing in large low speed tunnels
such as the RAE 5 metre tunnel, the FI tunnel at Le
Fauga and the DNW tunnel, the models are mounted on
struts from below and the forces are measured on an
underfloor balance (Ref 70). Two different types
of mounting are commonly used: either a 3-strut
mounting with two underwing and one tail Strut or a
single central strut. The interference is
determined experimentally in a similar fashion to
that described above for sting interference. In
other words, the model is mounted in a different
way, Ie either on a rear sting or on a strut from
above, and comparative tests are made with and
without dummy yeplicas of the standard strut
supports. Possible layouts far such tests are
shown in Fig 29a for the 3-strut arrangement and in
Fig 29b for the central strut scheme. Such tests
to determine the interference can be laborious and
time-consuming and so, there is a great incentive
to find whether these interference corrections Can
be predicted by a« theoretical method. This has led
to much activity in recent years and it is worth
including a brief summary of what has been learnt
from these studies. Further details are to be
found in Refs 70-73.

A typical test programme TOr the 3-strut case would
e

{a) tests with the mocel supported on a rear sting
but with no representation of the guards or
struts,

tests with the model supported on a rear sting
in the presence of all three dummy guards
mounted on the Floor, but without any struts

(Fig 29a),

®

tests on the model, together with dummy front
struts supported on the sting in the presence
of all three dummy guards mounted «n the floor.
For these tests. the struts would be
represented by replicas of the upper part of

(e)

the real struts; these would be hung from the
wing and would terminate just inside the
guards,

tests on the exposed struts mounted on the
underfloor btailance with the guards mounted on
the floor but with no model present, this test
serving to establish the basic strut tares.

@

Such a test programme 1is clearly extensive and
added complexity arises from the fact that whenever
the 1incidence 1is changed, it 1is necessary to
readjust a fitting in each dummy strut and possibly
alter the fore-and-aft positions on the dummy




guards to avoid any contact between the dummy
struts and guards; hence, a multiplicity of short
runs are required.

A test programme as set out above recognises the
need to separate the effects of the struts and of
the guards. The near-field interference of the
struts largely depends on viscous effects and is
not readily amenable to theoretical calculations.
However, the far-field effects of the guards, which
are generally the more important  effects
numerically can be calculated by panel methods.

This is not easy: a typical calculation for a
3-guard/model configuration could need approaching
4000 panels. However, as shown 1in Fig 30,
relatively good agreement with experiment can be
obtained up to near the value of ¢ at which the
wing stalls; this applies to the interference on
both ¢ and <p. A full panel calculation can
therefore be successful but there is still a need
to Find whether any simpler method will give
comparable results. Ref 71 presents such a method.

Ref 71 is illuminating in that it contains a
detailed description of the physical nature of the

interference. Four significant effects are
identified:

(i) an upwash due to the stirut guard
displacement effect giving a term of the
form, 4¢; = constant,

(i) a sStreamwash, again due t:to the guard

displacement, giving a term of the form,
4c proportional to ¢,

an upwash induced by the effects of the
trailing vortex wake from the strut
guards. This wake is associated with the
side force induced on the guards by the
lift on the model. The Ac; from this term
is proportional to the lift coefficient,
CLg» on the guards,

(ifi)

(iv) and Tfinally, a sidewash and streamwise
effect again due to the guard side force.
In this case, ACy is proportional to the
product of ¢, x ¢ ..

interference is of

It follows that the total lift

the form:
ACL = ¥ T ¥y T K3gp?

where ¥ and the upwash dependent contribution to
Ky are proportional to the wing lift-curve slope
and the sign of K3 depends on the wing sweep being
negative for a sweptback wing and positive for a
sweptforward wing. Fig 30 shows that the new
features in this analysis, viz the introduction of
term (iv) and the empirical use of the measured
lift-curve slope including its non-linearity at
high ¢ produces reasonable agreement with
experiment even at and beyond the stall. This
success, ta quote Ffrom Ref 71, "holds sur the
prospect of predicting at least some aspects of the
model support system lift interference on wings
through the use of fairly simple panel method
calculations™. One has to admit, however, that
this simplified method cannot provide a
sufficiently accurate prediction of the drag
interference due to the guards. This is thought to
be due to the vrelatively large changes in
interference over the area of the wing: these
effects cannot be averaged accurately in a simple
fashion. Also. there is significant viscous drag
interference due to the struts that has to be
determined experimentally.

Turning to the central single strut mounting
arrangement. in general, there will be no side
force on the support but, on the other hand, the
blockage interference effects of the strut/guard
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will be more serious than with the 3-strut
arrangement. If the strut is circular, part of the

underside of the model will be exposed to an
interference flow field which, in principle, could
be sensitive to changes in Reynolds number
according to whether the flow around the strut
contains a laminar or turbulent separation. Such
an effect, greatly increasing the  strut
interference at low Reynolds number, has been found
in the test range of the RAE 5 metre tunnel.
Experience suggests that the interference depends
strongly on the local geometry and is greatest for
configurations where the underfussliage is notably
non-cireular (Ref 73). There can be a significant
interference with the aerodynamic lateral
characteristics; this can be minimised by reducing
the strut diameter, ideally to 0.2 x Tfuselage
diameter or less.

10 BOUNDARY LAYER SIMULATION AND SCALE EFFECT

10.1 The Need to Fix Transition

The standard practice in most transonic and low
speed tunnels operating at Reynolds numbers in the
range up to R = 15 x 10% is to test with boundary
layer transition fixed artificially near the wing
leading edge and body nose. The case for adopting
this approach has been established for many years.
There are two main reasons:

(i) allowing transition to occur naturally
would mean that the transition position
could vary with both ¢, and Mach number.
Extrapolation of the data to full scale
would be difficult unless the transition
positions at all test conditions were
determined accurately. To date, this
would have been very laborious although
there is now some hope that this may be
possible in the future with the use of
liquid crystals,

(ii) it is important to ensure that. as on the
full-scale aircraft, it is a turbulent
boundary layer that interacts with the
shock. The need to avoid a laminar or
transitional boundary layer interaction
was established as long ago as 1957 (Ref
74). A separated laminar boundary layer
can reattach =s a turbulent layer, thus
giving spuriously optimistic results
relative to those with a turbulent
boundary layer ahead of the shock.

Examples of misleading results obtained with
natural transition are shown in Fig 31. The bucket
in the ¢y - M curve is not a genuine bucket; it is
due to transition moving aft on the wing upper
surface as the local supersonic region extends aft
between M = 0.72 and 0.75. The retention of a high
lift-curve slope up to beyond a = 2° with natural
transition is related to the ability of a laminar
separation to remain as a closed bubble and for the
boundary layer to reattach as a turbulent layer.
There is a danger that these results could have
been seriously misinterpreted. For some aerofoils,
buckets in the ¢y - M curve have been found in
transition fixed results; these would have been
genuine features of the aerofoil design but a
bucket due to transition movements in transition
free results has to be dismissed as having no
relevance to the  full scale performance.
Similarly, without = clear understanding of what
can happen with a laminar boundary layes¢/shock
interaction one might have been tempted to treat
the differences in the lift curves as an example of
genuine scale effect. In fact, it is likely that
the 1irt-curve slope in the transition-free results
near ¢ = 2’ s higher than the value that would be
obtained with transition near the leading edge at
any Reynolds number.
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The general advice, therefore, is to test with
fined transition. There are however some cases
where this advice does not necessarily apply:

(i) as noted later in §i0.4, transition-free
tests can be included in test programmes
for diagnostic purposes,

(i) transition-free tests may be the

appropriate choice if it 1is known that,
for reasons of either relatively high test
Reynolds number (say, R 15 x 108y,
relatively high tunnel turbulence or
simply adverse pressure gradients in the
pressure distribution, transition will
occur naturally near the leading edge,

cases Wwhere the test objective is to
measure the hinge moments on a trailing-
edge control; for these, it may be
important to obtain the thinnest possible
boundary layer over the control,

(iii)

tests on models of aircraft designed to
achieve extensive laminar flow in flight.
For these, new model test techniques will
have to be developed as discussed 1N
§10.7.

(iv)

10.2 Methods for Fixingz Transition

The basic requirements are to fix transition with
the minimum disturbance to the flow and in a
consistent, repeatable manner. In the Ux, the
favoured method is to apply a band of glass balls
known as ballotini. These are preferred to
carborundum because they offer better control of
roughness height. The ballotini balls are sieved
and stuck to the model surface by blowing them

lightly on to a tacky cement such as Araldite
103/951. in the search for consistency,
alternatives to ballotini are favoured in certain

quarters, eg

(i)

have used transfer characters
to

B4e 8Brough
devised for graphic work (Letraset)
produce regular transition Strips,

RAE have developed a technique in which a
row of holes 1is drilled iIn a tape at
regular intervals and the minute mounds so
formed provide a consistent distribution
of roughess,

Boeings have devised a somewhat similar
method whereby a tape with a row of holes
drilled at regular intervals is stuck to
the wing surface and then an epoxy-based
filler such as Isopon is spread over the
tape; the surplus filler is removed and
the tape is lifted from the wing leaving a
row OF excrescences.

(iii)

various criteria are available to determine the
required roughness height. Of these, the best
known are those due to Braslow and Knox (Ref 75),
van Driest and Blumer (Ref 76), Evans (Ref 77) and
Potter and Whitfield (Ref 78). The Braslow and
Knox criterion states that

Ry = 600

where g,' is the Reynolds number based on the
roughness height, k, and the flow conditions at the
top of the roughness. All the criteria forecast
that the required roughness height increases with
Mach number - by about 15-20% at M = 1.0, 33%at M
1.5 and 80% at M - 2 for the Braslow and Knox
criterion (with the values somewhat dependent on
Reynolds number).  This is an important point not
merely for testing at supersonic speeds; it is also
the explanation why general experience has shown
that one needs a greater roughness height to TFix

A
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buffet-onset than in the cruise in
tests at subsonic speeds. Roughness height is not
the only significant parameter; the width of the
roughness band and the density of particles in the
band are also important. The width of the bands is
usually either 2.5 mm or 1.25 mm. The required
roughness height to fix transition depends on the
interpretation the wind tunnel engineer places on
the phrase 'a sparse roughness band". Even a
change in density from 4% to 16% can be
significant: the 4% band has to have a greater
height to fix transition on a given wing at a given
Reynolds number. The desire to use a very sparse
band (to avoid a substantial drag penalty) appear
to lead, in general, to a need to use a roughness
height greater than suggested by the Braslow and
Knox criterion.

transition at

Traditionally, the roughness drag penalty has been
predicted by a relation such as

ACp = 2 m Ag/c

where m is a magnification factor that can be
estimated by Ref 79, ¢ is the local wing chord and
AB is the increment in momentum thickness at the
trip and induced by the trip. However, recent
trends in aerofoil and wing design are such that
the effects of the trip should not be thought of
simply as an increase of drag. The increase in
boundary layer thickness can also give a
significant reduction in rear loading and hence,
often, an increase of wave drag for a given total
lift. An approximate relation for the increase in
momentum thickness at the trip is

AB'%NArtr:DR

the number of excrescences per unit
is the frontal area of individual
excrescences and 1 is the streamwise width of the
transition trip. <c¢pp Is the drag coefficient of
each excrescence based on its frontal area. There
is little available evidence for an accurate
estimate of Cpp but clearly, Cpg = 1.0 is an upper
bound. On the assumption that Cpy 1is unlikely to
vary rapidly with Mach rumber, the values in Ref 80
can be used. The effects of the trip can then be
estimated by means of a CFD calculation including
A¢ as an input parameter.

where N
area, A

is

The choice of a suitable chordwise position for the
transition trip will bo discussed later in 510.4
but, for the present, one can note that, to obtain
a turbulent boundary layer/shock  Interaction
without any undesirable interactions between the
flow over the trip and the shock strength and
position, the trip should always be at least 0.10¢
and preferably 0.15¢ ahead of the shock.

Another technique that has been used successfully
(Ref 81) in research experiments is to inject air
into the boundary layer in order to fix transition.
This 1is a much more elegant technique. In a
two-dimensional test with on-line monitoring of the
data, it will always be possible to see whether one
is being successful in fixing transition. One does
not have to be very precise as to how much air one
uses; In contrast with tests with distributed
roughness, the penalties of using more than the
minimum required amount of air are trivial.

10.3 Methods for Determining Transition Position

The standard method in most tunnels of determining
the transition position and of checking whether a
roughness band has been effective in fixing
transition is by means of a sublimation test with
say, a.10% solution of acznaphthane 1IN Inhibisol.
Closed circuit television is used to judge when the
sublimate has evaporated in areas where the
boundary layer is turbulent and photographs are
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taken at regular intervals. There is Some
difference of view as to whether one should spray
the entire wing surface or merely the areas
downstream of the roughness band. Some believe
that to spray ahead of the band and in the band
reduces the effectiveness of the band. This
implies that if the wing has been sprayed ahead of
the band, one should accept some turbulent wedges
downstream of the band; otherwise, the roughness
size that is accepted will be larger than that
needed to fix transition on a clean wing. If the
wing is merely sprayed downstream of the band, a
"good trip" in a condition where drag Is important
is probably one that gives some very small wedges
but in a buffet-onset condition, it may be
preferable to choose a band that leaves no wedges.
One should always choose the smallest possible
roughness height that meets the criterion as agreed
between the wind tunnel engineer and the customer
for the tests and one should be consistent in what
one accepts.

It may be difficult to apply a sublimation
technique in a pressurised tunnel because of the
time needed to pressurise the tunnel. A plot of Cp
versus Reynolds number and a comparison of this
plot with theoretical predictions will be useful in
identifying ranges in which the transition fixing
has not been fully effective but cannot be regarded
as a complete answer to the problem. A decrease
with Reynolds number in the excess profile drag on
one part of a three-dimensional wing could, for
example, mask a failure to fix transition on
another part of the wing. A visual aid for use in
pressurised and cryogenic tunnels 1is therefore
needed: hence, the interest in liquid crystals.
Other novel techniques are being explored. For
example, Gartenberg at Old Dominion University (Ref

82) is using an infra-red imaging system. Use of
such a system becomes difficult at Tlow
temperatures, partly because the difference in

recovery temperature in laminar and turbulent
regions decreases at low temperature and partly
because the sensitivity also decreases. However,
there seems to be some hope that these difficulties
can be overcome by monitoring the reaction to a
transient heat flux: this should be more rapid in
the turbulent areas.

10.4 Simulation Methodolozy: Test Programme

Complete simulation of the full-scale boundary
layer behaviour in a tunnel test at reduced
Reynolds number is obviously never possible. All
that one can hope to do is to devise a methodology
that will place the testing and the extrapolation
to full scale on a sound scientific basis. AGARU
recognised this need and in 1984 set up a Working
Group to review the subject and propose an
appropriate methodology. This Group reported in
1988 (Ref 9). It is hoped that, in the future,
increasing use Wwill be made of the AGARD
methodology. It is based on the best of currsut
practice and it represents an attempt to use tie
wind tunnel and CFD as partners in an integrated
approach. The description below and in §§10.5 and
10.6 summarisss the main Tfeatures; for Tfurther
details and a background study of the subject, the
reader should consult the comprehensive treatment
in Ref 8.

There is much more to a viscous simulation
methodology than making decisions about whether,
how and where to fix transition. The methodology
as proposed requires action before, during and
after the tests. It contains six steps:

1: Collection of relevant information

For example,

What are the aims of the test?

What are the important design and operating
conditions?

What transition Reynolds number can be
achieved in the tunnel?

2: Preliminarvy theoretical calculations

Calculate by the most advanced theoretical method
conveniently available the wing pressure
distributions, boundary layer development and, if
possible, the wave drag and viscous drag at the
important operating conditions. The general aim of
these calculations is to give the test engineer an
early idea of whether and where the flow over the
model is likely to be subject to scale-sensitive
viscous effects, =g

is there likely to be a rear separation in the
model tests?

is there likely to be a laminar separation near
the Leading edge ahead of any possible
transition trip position?

These calculations will also provide a guide to
where to locate a forward trip, g it should not be
placed at or immediately behind the peak suction
position, and to the range of positions where a
trip would still meet the requirement mentioned
earlier of being 0.10- 0.15c¢ ahead of the shock.

3: _Initial datum tests with forward fixed
and with free transition

The aims of the test with a forward trip are:

(a) to establish the absolute drag levels free from
any uncertainty due to an unknown length of
laminar flow.

(b) to compare with the results of the theoretical
calculations undertaken in step 2: any
disagreement should be explored as it may

indicate the existence of a strong viscous-
inviscid interaction,
(¢) to find how the shock position varies with ¢
and Mach number and sc¢ to define what will be

possible in later tests with different
transition positions,

(d) to study the nature of the pressure
distributions aft of the shock to establish

whether any separation when present extends
rearward from the shock (class A flow) or
spreads forward from the trailing edge (class B
flow), the distinction originally introduced by
Pearcey (Ref 83). Particularly if it is a
class B flow, strong scale effects are to be
expected and it is only recently that
theoretical methods have been developed that
are capable of dealing with these (Ref &)).

The test with free transition is included largely
for diagnostic purposes. For example, it will show
whether a laminar boundary layer can be
maintained back to the shock,

(1)

whether any rear separation observed in

(i)

the transition fixed test is still
present; if so, it will not be possible to
avoid this at the model test Reynolds
number,
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the furthest aft shock position that can
be achieved at the test incidence and Mach
number, the boundary layer thickness being
less In a transition-free test than in any
test with a trip.

(iii)

4: In-depth study of viscous effects

Steps 1-3 have in a sense all been preliminaries to
step 4. The data taken in Step 4 will be the
definitive data that wili form the basis for the
prediction of the full-scale aircraft performance.
in practice. steps 3 and 4 may frequently be
combined in a single test programme in the tunnel.
Step 4 sill be described below.

5: Interpretation OF the data after the tests

This step sill be discussed in §10.5

6: Extrapolation of the data to predict
the full-scale performance

This step wili be discussed in §10.6

Returning to step 4, there are two approaches to an
in-depth study of the viscous effects: one can
either, if possible, conduct Reynolds number sweeps
with transition position held constant at the
position forecast for flight at the Tfull-scale
Reynolds number or second, one can conduct a sweep
through a range of transition positions at a given
test Reynolds number. it will be realised that, in
both cases, the tests are really a sweep through a
range of boundary layer thicknesses. Whenever
possible, both types of sweep should be included in
the programme,

There are limitations on the wuse of both
approaches. Reynolds number sweeps can only be
accomplished satisfactorily in a variable density
(or variable temperature) tunnel. Admittedly, two
models at different scale, =g a complete and a
half-model can be tested but, since it is unlikely
that one could obtain precise agreement between
complete and half-model data at the same Reynolds
number, one still needs to be able to vary
stagnation pressure (or temperature). ie one uses
the half-model to extend a trend as indicated in
Fig 35. The range of transition positions that can
be covered in a transition sweep is limited by the
need

to ensure a turbulent boundary layar/shock
interaction,

(i)

to avoid any local interaction between the
trip and the flow near the shock,

to minimise, as far as possible, any
serious disturbance to the supercritical
flow development over the forward part of
the wing surface,

to ensure that one can claim that there is
laminar flow upstream of the trip in all
test conditions; otherwise, interpretation
of the results sill be laborious.

(iv)

These limitations imply that with any one
transition trip, one can obtain valid data in a
corridor (Fig 32a) between two boundaries, aa and
BB, corresponding to the Mach number (aAA) at which
the shock wave moves 0.10- 0.15¢ downstream of the
trip as Mach number Is increased and second, the
Mach number at which the shock wave has moved
forward to 0.15¢ behind the trip under the
influence of a shock-induced separation. If the
wing is being pressure plotted, these boundaries
can be determined easily but, even if only overall
forces and moments are being measured, they can be
detected with fair certainty. 24 lies just beyond
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a spurious hump in the drag polars as illustrated
in Fig 32b. The excess drag in these humps arises
because of a local interaction between the trip and
the development of the supercritical flow as the
shock passes over the trip as it moves downstream
with increasing Mach number. As shown in the upper
picture in Fig 32b, the flow accelerates over the
trip and a second shock is formed downstream of the
trip; with a small further increase in Mach number,
the two supersonic regions combine t> give a final
shock wave that 1is stronger and lies further
downstream than if there was no interference from
the trip: hence, the extra spurious wave drag.
Similarly, on the approach to the boundary BB, the
forward movement of the shock is arrested and the
shock hesitates downstream of the trip and this
hesitation can be recognised by a slight increase
in lift-curve slope and, generally, a nose-down
blip in pitching moment.

Ideally, one needs 3 or, if possible, 4 points on a
transition sweep to establish a trend. This is
only possible in a relatively small part of the ¢
- M plane as shown in Fig 32c but fortunately, for
a subsonic transport, this includes the cruise
conditions and most of the buffet-onset boundary.
The shock pattern over a three-dimensional swept
wing is likely to create further limitations near
the wing tip and root but on a transport wing, this
is unlikely ¢t¢ be too troublesome because
separation-onset gen2raliy occurs just outboard of
the intersection of the 3-shock pattern near mid-
semi-span. The three-dimensional nature of the
shock pattern will pose more serious problems on a
combat aircraft ring of moderate aspect ratio but
the technique has still been practised
successfully. The above description has been
somewhat simplified, =g as noted earlier, trips of
different height may have to be used in the cruise
and near buffet-onset. Using a trip that is
effective (but only just effective) in the cruise,
will be excellent for drag but it liable to give a
spuriously optimistic estimate of buffet-onset,
while using a trip that is adequate for buffet-
onset will give a pessimistic idea of the drag.
Other qualifications are to be found in Ref 8.

10.5 Simulation Methodology: Interpretation
of Test Data

Fig 33 presents results from some two-dimensional
aerofoil tests (Ref 8%) where it was possible to
undertake both Reynolds number and transition
sweeps. The results were obtained before the AGARD
Group was set up but they illustrate the way in
which results should be interpreted in step 5 of
the methodology. “A" is a Reynolds-number sweep
with transition near the leading edge: fixed
artificially at R = 2.3 x 108 but occurring
naturally near tfie leading edge at higher Reynolds
numbers. 'B' IS a transition sweep at R = 2.3 x
10%; it appears that, by testing at R = 2.3 x 10%
with transition at 0.30c, it is possible to obtain
results comparable with those that would be
obtained with forward transition at about R = 8 x
108, This example suggests that all test results
from both Reynolds number and transition sweeps
should be plotted as in Fig 34 against either
Reynolds number or an effective Reynolds number
having found how to Convert transition position
into an effective! Reynolds number. One would not
necessarily choose ¢y as the "simulation criterion”
because the drazg will include a strong skin
friction contribution and there is no iIntrinsic
reason why Cp should vary with R in the same manner
as the wave drag and other scale-sensitive
parameters. Looking at the past literature, one
might be tempted to choose say, shock position, but
recent research suggests that shock strength or
some function of the boundary layer over generally
the wing upper surface may be a better choice.
Before discussing the major issue as to how to
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convert transition position to Rggp, the aim in
plotting graphs such as that illustrated
diagrammatlically in Fig 34 must be discussed.

Graphs such as Fig 34 are plotted as a prelude to
the extrapolation to full scale Reynolds numbers in

step 6. The primary aim is te compare the measured
trends with the computed trends from the
preliminary calculations 1in step These
calculations were made by "the most convenient

method readily available®. At the time the AGARD
methodology was published, it was assumed that this
phrase implied that the calculations would not be
able to allow for any form of strong viscous-
inviscid interaction. Methods (Ref 84) have
however now become available that are capable of
allowing for a limited separation near the trailing
edge. This does not invalidate the main deduction
from Fig 34 that below R..i,., where there is a
major divergence between the measured and computed
trends, it 1is probable that a strong viscous-
inviscid interaction is present in the experiment.
Extrapolation of the results to full scale has
therefore to be based on the measured trends up to
Rerit but can be based on computed trends above
Rerit Ref 8 identifies 5 simulation scenartos
according to the relative values OF Rgjiohe: Reorit»
and the maximum R or Rgpg in the tests. In
practice, one is most likely to encounter scenarios
3 and 4 which are defined by the relations:

Scenario 3: R,pq; < Maximum R or Rgge in tests

< Rflight
Scenario 4: Maximum R or Rggp N tests < Rupiy
< Rflight-
Clearly, extrapolation is easier In scenario 3

because R..i¢ ¥s within the test range. Indeed,
one could describe the aim of the aft-fixing
technique as being an attempt to bring test data
which would otherwise be in scenario 4 into the
orbit of scenario 3. The greater certainty in the
scenario 3 situation relative to scenario 4 can be
appreciated from a study of Figs 35a,b.

Returning to the 1issue of how to convert a
transition position into an effective Reynolds
number, one must consider the nature of the scale
effects that may exist. Elsenaar introduced the
concept of direct and indirect scale effects:

(i) direct Reynolds number (or viscous)
effects arise as a result of changes in
the boundary layer (and wake) development
for a fixed or ‘'frozen" pressure
distribution. Examples include the
variation of skin friction with Reynolds
number and changes in the length of a
shock-induced separation bubble for a
given pressure-rise through the shock, and

(or viscous)
changes in

indirect Reynolds number
effects associated with
pressure distribution resulting from
changes with Reynolds number in the
boundary layer and wake development.

(i)

The indirect effects are surprisingly important in
the context of scale effects on aircraft wings. In

subcritical, attached flow, the only significant
scale effects (leaving aside the changes in skin
friction) are due’ to the changes in pressure
distribution that follow from the changes in
boundary layer displacement thickness. In
supercritical flow, these changes become more

significant: an increase in Reynolds number

decreases the boundary layer displacement thickness
and this leads to an increase in rear loading, a
reduction in the lift contribution that #s needed
from the forward upper surface to achieve a given
total lift and hence, in many cases, to a reduction
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in wave drag. The fundamental importance of these
indirect effects suggests that an appropriate
parameter on which to base the equivalence of a
transition position and an effective Reynolds
number would be the boundary layer displacement
thickness at (or near) the trailing edge on the
upper surface. This has been confirmed in research
undertaken since the publication of the AGARD
methodology (Ref 86).

Results from this research are presented in Figs
36a,b,c. Tests had been made in the RAE (Bedford)
8 ft « 8 ft tunnel on a 14% thick aerofoil (RAE
5229) with appreciable rear camber. Tests were
made at Reynolds numbers of R - 6 x 108, 10 x 10§
and 20 x 106 with transition at 0,05 and the range
of data was then extended by calculations for other
Reynolds numbers and transition positions. The
first picture, Fig 36a shows

(1) good agreement between measured and
calculated results at R = 6.05 x 108 with
xrp = 0.05at M = 0.735, ¢ = 0.65, the

design condition for the aerofoil,

appreciable indirect scale effect between
R = 6.5 x 10¢ and R = 30 x 108 with
transition at 0.03¢,

(i)

a reasonable but not perfect correlation
between the computed results for R = 6.05
x 108, xpg ~ 0.40c and R = 30 x 10°%, g =
0.05¢. The significance of this result is
that this correlation of xtp = 0.40c is
what would have been predicted using the
zero-level simulation criterion proposed
in Ref 8. This criterion, the boundary
layer momentum thickness on the equivalent
flat plate, is often remarkably successful
and, in this case, as IN many others, it
gives a good match as regards shock
position. However, bearing in mind that
the criterion is not related to the
boundary layer development over the real
wing, this must be somewhat coincidental.
It will be seen that it does not produce
close agreement in the rear loading.

(iii)

Turning to the more soundly based criterion
suggested above, ie the boundary layer displacement
thickness on the wupper surface of the real
aerofoil, comparisons based on this criterion are

presented in Figs 34b,c. This criterion yields
Rgpr = 20 x 108 and 30 x 106 for x7p = 0.28¢c and
0.33¢  respectively. Fig 36b shows that in

subcritical, attached flow, this criterion gives
perfect agreement in the pressure distributions and
this 1is maintained at the design condition, ¢ ~
0.65, except in the supercritical region on the
upper surface. Analysis has confirmed that the
different supercritical flow development can be
explained in terms of the different boundary layer
development in this region. The shock wave Iis
further forward and weaker in the aft transition,
lov Reynolds number result than in the forward
transition, high Reynolds number distribution. Fig
36d shows that no other choice of xp would have
helped in giving agreement in wave drag. This
complicates the interpretation of aft transition
results: by Jjust converting to an effective
Reynolds number, one cannot equate with higher
Reynolds number answers; one has to include a
correction to the measured wave drag. It is
however possible to calculate this correction
theoretically and there is no doubt that this is
the correct physical approach. In other words, the
procedure has to account for two distinct effects:
a change in the viscous development at the rear,
which is allowed for by the choice of xpp and a
change in supercritical flow development which is
allowed for by a correction to Cp wavE DRAG-
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At higher ¢, when the shock is strong enough to
induce a separation, the instinctive approach is to
convert a transition position to an effective
Reynolds number on the basis of obtaining a
separation bubble of the same length. The bubble
length is a function of the boundary layer momentum
(or displacement) thickness at the foot of the
shock (Ref 87). There is no iIntrinsic reason why
use OF the bubble length as a correlating parameter
should give the same relationship between
transition and effective Reynolds number as would
be obtained with the boundary layer displacement
thickness at the trailing edge. However, in the
example discussed in Ref 86, perhaps
coincidentally, this proved to be true.

In the example quoted above, it was assumed that
when the transition position was moved aft at low
Reynolds number, it was moved aft on both surfaces.

Bearing in mind that the main effects are
associated with changes in rear loading, the
general conclusion is that if transition is not

moved aft on the lower surface (a practice adopted
in some test programmes), the change in transition
position on the upper surface has to be
correspondingly greater. Details of a modified
criterion to allow for this point are given in Ref
86.

10.6 Simulation Methodolozy: Extrapolation

Procedure
The general principle in the extrapolation
procedure is that one should follow the measured

trends up to R.,;; and then the computed trends
from R..iy to Re[jghr. As noted in §10.35 above,
this iS'much easier® 1n scenario 3 than in scenario
4. To take ¢p as an example, in scenario 3, the
full-scale value 1is obtained from a simple relation
of the form:

Cp,riight = (1) + (2) - (3) + (4)

where

(1) =
(2) -
(3) =

(4) -

(a) : excrescences on the aircraft but not
represented on the model,

(b) : propulsion effects not represented in a
normal complete model test,

(c) : trimming effects in flight,

(d) : differences in asiroelastic effects on the
aircraft and the model.

measured value for transition position that
converts 10 Rgpqy,

computed value for flight R and transition
position,

computed value for test conditions as in (1},
the summation of a series of corrections for

In addition, allowance has to be made for the
increase in drag and loss in rear loading due to
the presence of the roughness band. This can be
done by either allowing for it in (3) or as a
correction to (1).

It should be noted that the conversion from Xpg to
Q}E?F plays no part in the final prediction of the
ull

-scale value; it has merely been used in the
procedure to identify that the results are in
scenario 3. There is just another way of pointing

out the advantages of using aft fining to bring the
results into scenario 3. If, nevertheless, the
results are stiil 1In scenario 4, the extrapolation
is necessarily more uncertain. The measured trends
have to be corrected for the fact that, with
forward transition at K = Rgpe, the supercritical
flow development and hence, the wave drag would be
different and then, the trends are extrapolated to

Ropi¢ and this means that the conversion to Rppp IS
involved in the calculation to produce the
full-scale value: 1t contrels the slope of the
measured trend. There are also problems in

determining R..;;. It should not be taken as the
Reynolds number at which the extrapolated measured
trend would intersect the computed trend. This
would imply blind faith in the absolute values from
the computed results which obviously would not be
Justified. Rather, one should extrapolate curves
of, for example, skin friction near the trailing
edge against Rgpp to TFind the value of Rgppy at
which ¢; = 0. In practice, the relation set out
above should probably be reshaped if the results
are in scenario 4 so that terms (1) and (3) are
determined not for R,.;, but For the Furthest af:
transition position in the model test programme and
a further correction has to be included in term
(4). This extra correction term highlights shy the
extrapolation 1is uncertain in scenario 4. The
correction is, in fact, an estimate of the amount
by which the results at the furthest aft transition
position in the model tests are affected because
this value of Rgpp llas below Rgpqy In a very
approximate fashion, this can be estimated by
observing the difference between the slopes of the
measured and computed trends and allowing for the
effect of this differsnce as it would affect the
extrapolation up to Rgpjq-

The computed tr2nds in Cp with Reynolds number have
to allow for changes in both viscous and wave drag.
Refs 88-91 should be helpful.

10.7 Simulation Methodology: Laminar Flow Aircraft

There is only one paper (Ref 92) 1in the open
literature addressing the particular problems of
obtaining wind tunnel data for aircraft designed to
maintain extensive laminar flow. There are two
types of problem: first, extensive laminar flow has
to be achieved in the tunnel tests and second, one
has to be able to forecast and simulate the full-
scale transition movements with ¢; and Mach number
in off-design condition:;.

The ability to maintain extensive laminar flow in

the model tests on =z suitably designed shape
depends on:
(i) the tunnet flow having a low turbulence

level. say, less than 0.15%,

the tunnel being a quiet tunnel with the
value of ¢ ideally 0.5% or less and
certainly no more than 1.0%. This depends
on more than just the design of the
tunnel; there is evidence (Refs 36, 92)
that it can be adversely affected by the
presence of the model support,

(i1)

the success in keeping the model clear of
contamination From the impact of particles
in the filow. The allowable roughness
height is based on a roughness Reynolds
number defined. by the height of the
roughness and the flow conditions at the
top of the roughness. Critical values of
about 600 for three-dimensional or 100 for
two~-dimensional disturbances are usually
quoted but experience suggests that
somewhat larger values can be tolerated
near the leading edge, presumably because
of favourable pressure gradients. To
achieve these standards, it may bo
necessary to filter the flow,

(iii)

in inserting pressure holes in
that do not trigger transition

the success
the model
(Ref 93).

(iv)

Ref 92 by Elsenaar contains a detailed discussion
of how natural transition is likely to vary with ¢
and M at both flight and model test Reynolds
numbers, assuming that the points in the preceding
paragraph have been negotiated successfully.
Forecasting the natural transition position is




generally undertaken using the <M method but there
is still great uncertainty over what value of N to
choose. IT the aims of the preceding paragraph
have been met, natural transition is likely to be
further aft in the tunnel than in flight both at
the design condition and at strongly off-design

conditions, thus allowing one possibly to use
normal tripping techniques. In the intermediate
range of ¢;, however, the forward movement of

transition with ¢, is likely to be delayed and to
occur more abruptly on the model than in flight.
IT these comparative movements can be predicted,
aft tripping may have a part to play in giving good
simulation.

One major issue not discussed in Ref 92 arises from
the fact that in flight with a laminar flow
aircraft, transition is likely to be triggered by a
laminar boundary/shock interaction. Little
research has been undertaken to determine the
scaling laws for such interactions.

11 HALF-MODEL TESTING: SPECIAL PROBLEMS

There have been several references 1in earlier
paragraphs to the growing practice of testing large
half-models of subsonic transport aircraft as a
means of obtaining a higher test Reynolds number
(Ref 11). This practice accentuates problems that
have to be considered in all testing:

(i) the large model mounted asymmetrically in
the working section is likely to have more
effect on the steadiness of the airstrean,

the wall interference corrections will be
more difficult to predict, particularly
for tunnels with ventilated walls because,
for half-model testing, one wall will have
to be solid to act as a reflection plane,

(if)

buoyancy effects both empty tunnel
buoyancy and in perforated-wall tunnels,
blockage buoyancy effects will be larger
and more difficult to predict without
extensive pressure plotting in the actual
tests,

(iii)

in many tunnels, the standard of flow
angle uniformity is not as good near the
walls as iIn the centre of the stream (see

§7.1).

(iv)

There are also problems directly associated with
the mode of testing (Ref 94). There was
considerable activity in the 1960s to solve the
leakage problems at the root by ssaling schemes but
these were often unsuccessful. The normal approach
is to mount the model with the aircraft centre-line
not at the tunnel wall but displaced away from the
wall by a distance equal to about the wall boundary
layer displacement thickness. Opinions differ as
to whether one should measure the forces on the
extra piece of fuselage inserted to create this
displacement. Whatever one does in this respect,
it it unlikely that the measured lift-curve slope
will agree with what would be measured Ffor the
corresponding complete model. There are too many
reasons for small differences: =g the tunnel wall
may not act as a fully effective reflection plane,
there will be a reduction in the dynamic pressure
close to the wall and, in some cases, there may be
some leakage between the model and the wall. Most
tunnel operators adjust the lift-curve slope to
agree with that measured with the complete model
and have developed semi-empirical methods for
modifying these corrections for the next model
having a different geometry. Clearly, this is not
a Fully satisfactory approach: it normally leaves a
residual error in pitching moment amounting to 0.01
- 0.02¢c in aerodynamic centre position.
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Half-models have frequently been used for tests
with powered nacelles where one is merely seeking
the drag increment due to the nacelle installation.
Experience has shown that such tests, even on wing-
mounted nacelles, should be made with a metric
half-fuselage. This contradicts Some early reports
on the subject.

Despite the problems discussed above, it seems

likely that half-models will continue to be used
for

®

)

tests for determining differences in drag
between two configurations,

high speed tests with powered nacelles,
tests aimed at achieving the highest
possible test Reynolds number and, in
particular, extending the range of a
Reynolds number sweep.

12 PROPULSION INSTALLATION TEST TECHNIOUES:
SUBSONIC TRANSPORTS

12.1  Jet Turbine Engines

Tvpes

The discussion in this para is taken from Ref 10.
Different types of simulator are shown
diagrammatically in Fig 31.

Most complete models are fitted with through-flow
nacelles (TFN) - see top picture in Fig 37. This
is the simplest form of simulator. They can
provide the correct inlet geometry and the correct
mass flow ratio 1if the exhaust geometry is
enlarged. Alternatively, if it is felt important
to retain the correct exit geometry, one has te
accept a reduced inlet mass flow and it may then be
necessary to modify the inlet geometry to avoid
spillage drag that would not be present. full
scale. With an underwing nacelle, it is probably
important not to modify the exit geometry for the
sake of obtaining the correct interference with the
flow over the wing.

The weakness of a TFN is that the exhaust flow is
unrepresentative in both total pressure and
temperature and consequently in exhaust plume shape
and stream shears. Attempts to include a hard
shaped extension t the nacelle to represent the
correct plume shape have not generally been
successful. Whenever possible, the THN should
retain the geometry of the separate fan and core

stream exits.

The general practice in high speed testing is to
correct for the lack of jet effects with a TFN by
undertaking comparative tests on a corresponding
half-model with both a TFN and one of the powered
simulators described below.

A blown nacelle has both practical advantages and
practical disadvantages. On the one hand, since
all the air that exhausts from the exits has been
fed into the model, the instrumentation
requirements are simplified but, on the other hand.
the air requirements can be very great, =g perhaps
three times those for a turbine powered simulator
(PS). Also, problems arise from the fact that the
exhaust total pressure of both primary and fan are
very low in comparison with the supply pressure (by
perhaps 1:15). Complex pressure-dropping systems
can lead tO non-uniform pressure and temperature
distributions. The apparent advantage of a blown
nacelle to permit over-blowing for calibration
purposes, ie to provide the correct flight pressure
ratios at the nozzles in a static calibration, may
also prove to be an illusion. It is dangerous to
assume that the flow distribution In the nozzle
remains the same in these overblown conditions and
also, this approach requires that the dependence of
nozzle thrust and discharge coefficient on internal
Reynolds number can be quantified.
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There are also practical aerodynamic difficulties
in the use of blown nacelles. A shape has to be
designed for the fairing over the front of the
nacelle and the flow over this shape has to be
representative over a reasonable range of ¢ and
Mach number. The displaced intake streamtube
enters the guily between the wing (or fuselage) and
nacelle and the effects of this are difficult to

quantify.

The great advantage of an ejector nacelle over a
direct blown nacelle is that it requires much less
high pressure air. Assuming that one can achieve
an ejector mass ratio of about 1.5, the inlet flow
with an ejector nacelle should be about 60 to 65%
of the design operating value. The real challenge
with an ejector nacelle is to obtain a consistent,
repeatable flaw at the nozzle instrumentation
reference plane. This reference plane is always
likely to be nearer the ejector plane than the
rules of the complete mixing would allow.
Proponents of the ejector nacelle would claim that
this distance is nevertheless acceptable but others
believe that it is too close to guarantee
repeatability. The accuracy of an ejector
simulator is dependent on the repeatability of the
flow from a multitude of minute condi ejector
nozzles and their mixing with a distorted flow
field.

Finally, turbine powered simulators (TPS), these
have been used extensively. Some establishments,
notably ARA, DNW and ONERA have acquired a large
amount of expertise in their use. Initially, in
some quarters, there were some doubts about their
use in view of the large number of rotating parts
but in practice the units, designed and built by
Tech Development Inc, have proved to be very
robust. Most TPS units are associated with a
particular full-scale engine and appropriate
cladding is manufactured in the testing
establishment or by the customer to Suit a
particular installation. Technically, TPS units
have several distinct advantages. eg

(i) both inlet and exhaust effects can be
adequately represented in the same test.
A typical Tfigure for the intake flow is
80 of full scale,

a linked accounting system can be used to
estimate the ram drag and the gross
thrust. This minimises the potential for
large errors to be present as a result of

(i)

having to subtract two relatively large
terms in obtaining the external drag.
Great care has nevertheless to be taken in the

calibration of the units with much diagnostic
instrumentation to seek out faults. These
procedures are discussed in the next para.

One detailed feature worth noting is that use of an
epoxy based fibre or glass cloth laminate material
(Tufnol) has provided an acceptable solution to the
problems of 1ice formations due to the very low
turbine exhaust temperatures.

12.1.2 Calibration techniques

Ail simulators with their cladding have to be
calibrated in tanks that resemble the altitude test
chambers that are used for the full-scale engine.
Boeings were the first to develop such a
calibration tank but they now exist at many sites,
2g DNW, ONERA, MBB (Bremen), NASA Ames and AKA.
The discussion below is based on a description of
the facilities at ARA, (Kef 10).

The Mach Simulation Tanks (MST) at 4RA are shown
diagrammatically in Fig 38. It will be seen that
the units are mounted partly in and partly out Of

the tank, thus enabling the upstream nacelle
stagnation pressure and the nozzle static pressure
of the tunnel tests to be reproduced in the
calibration whilst maintaining quiescent conditions
in the flows arcund the inlet and downstream of the
nozzles. The aim is to calibrate the gross thrust
and inlet mass flow in terms of the same reference
pressures and temperatures as will be used in the
tunnel tests and to use the internal
instrumentation to calculate the net thrust and ram
drag.

The original MST! was designed for high flow rates
and relatively large models; it incorporates
critical venturi monitoring of mass flow rates and
two six-component balances. MSTZ was developed to
meet a need for greatsr precision for the smaller

models; {t wuses single axial component force
balances. The aims of this MSTZ design were to
obtain

(i) force measurements of t0.1 1bf

repeatability, and

enhanced mixing of the TPS exhaust flow
ahead of the tank mass flow
instrunentatlon.

(i)

To produce enhanced mixing, the flow for MSTZ is
first extracted from the tank into an annular
mixer/plenum prior to flowing along a high velocity
feed duct and into a further mixer at entry to the
"mass flow®" plenum, as shown in Fig 38. The model
axis is vertical and three single component Bofors
"shear force®" high precision load cells are used
for the measurements. A special layout of metric
and non-metric components featuring annular cells
was devised to compensate for the pressure area
term arising on the model mounting zen¢ due to the
basic tank external to internal differential
pressure. The tank top is equipped with a novel
arrangement of rolling diaphragm seals specially
manufactured by the patent holders, Bellofram Inc.
Fiat diaphragm seals tried initially did not give
the required accuracy. The overall uncompensated
load on the basic metric area at 6 psid is
approximately 1200 1bf but the arrangement of
compensating cells reduces the net metric load to
less than 15 Ibf at 6 psid. The KDS give an
essentially linear response with no hysteresis and
good repeatability. Calibrations with external
loads up to 150 Ibf and with 6 psid differential
have produced t:ss than :0.05 Ibf forces data
spread.

Repeated use of MSTZ has shown that it is possible
to achieve :0.15% accuracy in both thrust and mass
flow calibrations. This is a notable achievement
but, bearing in nind that typically, ram drag, fan
gross thrust and core gross thrust are respectively
300, 500 and 250 counts compared with a nacelle
external drag increment of say, 20 counts, this
standard of accuracy and repeatability is necessary

if external drag differences are to be
discriminated to the accuracy discussed in §3.
Detailed monitoring techniques have had to be

developed to ensure the safety of the TPS units
during the tests and to be able to diagnose the
sources of any apparent inconsistency iIn the data.
One particular feature of the reduction of the data
is that they are “power corrected”. Kef 10
contains an example where the measurements. when
sampled at a finite s«t of duct locations, led to
nozzle coefficients which showed apparent
Variations with rpm at fixed values of the fan
nozzle pressure ratio. The “power corrections”
approach is based on the assumption that these
apparent rpm effects on the nozzle coefficients are
due to sampling variations as opposed to real

effects. Kef 10 describes a method for correcting
for these apparent power effects and, in the
example discussed, the spread of the nozzle
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coefficients at different rpm at a given fan nozzle
pressure ratio was reduced from about O.7% to less
than 0.3%. This was a case where a large number of
duct pressure and temperature samples were taken.
The published literature (Refs 55,96) contains
examples with fewer samples where the apparent
power effects before correction were as great as
3%.

Mach Simulation Tanks can, of course, be used and

are used for the calibration for all forms of
simulator including TFNs. The calibrations of TFNs
are undertaken to determine the internal drag
corrections.

12.1.3 #ccounting techniques

Fig 39 shows schematically the essentials of the
MST and in-tunnel bookkeeping process. The
calibration phase yields a set of nozzle
coefficients which represent the characteristics of
the nozzle and instrumentation combination. It is
important to r=cognis= that the nozzle coefficients
will change if the instrumentation is changed. It
is essential, therefore, that the instrumentation
remains the same in the tunnel as in the
calibration. The ram drag and the fan gross thrust
are computed using an identical mass flow term.
Multiple methods are used to estimate the fan
nozzle mass flow; comparison of the results builds
up confidence in the results and helps in
faul t-Finding.

It is important that the thrust/drag bookkeeping
scheme is defined clearly and agreed. This applies
even in the simplest case of tests with a through-
flow nacelle. Several different definitions for
the internal drag of such nacelles are iIn use
according to whether one interprets it in terms of
the change of momentum from upstream to downstream
infinity or merely to the duct exit. Any
definition can be used provided that other terms in
the full theust/deag scheme are adjusted to suit.

Statistical analysis techniques are applied to the
results. These techniques are discussed in detail
in Ref 10.

12.1.4 Propulsion inteeration: hieh speed
test programme

A number of different models and rigs have to be
used in a typical test programme to study and
optimise the propulsion installation on a subsonic
transport. The description below is again based on
the facilities at ARA but similar approaches would
be followed elsewhere.

The range of possible rigs and models is
illustrated in Fig 40. The pictures on the left
show twe special rigs for isolated component
testing on respectively the external cowl shape and
second, the nozzle and afterbody. The three
pictures on the right show a nacsila/pyion model
being tested in isolation at the top of a long
swept strut, on a half-madel and on a complete
model. In the last three pictures the nacelle can,
in principle, be any of the simulator types
described above.

The cowl models tested on the isolated rig shown in
the left top picture arz= appreciably larger than
those used for the installed tests. This enables
the tests to be made at a higher Reynolds number
and also, the models can be a more faithful
representation of the full-scale nacelle including
asymmetries such as intake droop and any external
bulges to house accessories on the full-scale
engine. The external drag 1is obtained from
pressures measured on a rotating rake aft of the
nacelle and the mass flow 1is determined from
pressures measured on rakes rotating in the ducts.
Tests can be made on a complete cowl with a
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truncated afterbody but primarily, it IS a rig for
refining the shape of the forecowl and for checking
that no avoidable spillage or wave drag is present
in the important operating conditions. It can also
be used for designing the modified shapes of
cladding to use with powered simulators with
limitations on the maximum available mass flow. It
is not suitable for studies on afterbody shape
because of the effect of the downstream support
mounting.

The second picture shows a rig that can be used for
checking the performance of the aftecbody/nozzie
design. It IS a two-stream strut-mounted rig. The
rig has been used extensively for tests on
axisymmetric nozzles, the effects of a non-metric
wing panel on nozzle performance and full
nacelle/pylon configurations. Some typical test
results are prsented in Ref 10.

The main test sequence is that illustrated in the
three pictures on the right. The general practice
is to create a test programme including tests on:

(a) TRN/pylons mounted on a long strut. These
tests, taken in conjunction with evidence from
the isolated forecowl rig, will reveai whether
there is any nacelie/pylon interference. Care
has to be taken to avoid or at least, allow for
any buoyancy effects with respect to the
non-metric part of the strut,

(b) TPS powered nacelles/pylon combinations again

on the long strut. Results from these tests

will form a datum for the later test data from
the installed tests but also, comparison of
results from (a) and (b) will be of interest as
an indication of jet effects in a free-stream
environment. The comparison also serves to
confirm whether the design of the forecowl for

the TPS unit is satisfactory. Finally,
carrying out these tests first will mean that
one arrives at the start of the installed

programme with added confidence,
(c) a half-model fitted with alternatively TFNs and
TPS units and on a corresponding complete model
with TFNs. The data from these tests can be
used in several ways:

() comparison of results for different
builds of the TPS nacelles on the
half-model will indicate how to
optimise the complete installation
bearing in mind that all effects are
represented in these tests,

subtraction of the results with the
TFN and TPS nacelles on the half-
model will yield corrections that can
be applied to the data from the
complete model tests to allow for the
jet effects not present with the

i)

TENs,
(iii) subtraction of the results with the
TPS units on the half-model and those

obtained in (b) will provide an idea
of the aerodynamic interference
present in the total installation and
hence of the improvements that may,
in theory, be possible. in this
connection, it should be noted that
zero interference is not necessarily
the best that can be achieved:
favourable iInterference 1is a real
possibility. Fig 41 is an example
taken from Ref 9. The aim should be
to design a propulsion installation
and wing that together give optimum
performance; it is almost axiomatic
that this implies that this
performance is better than the sum of
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nacelle
when

the clean wing and
installation performances
determined separately. This is
obvious in the case of aft-mounted
nacelles where the presence of the
nacelles downstream of the wing can
have a major influence on the
position of the shock waves on the
wing but it is also true of underwing
nacelle isntallations. Ref 97
identifies 8 different sources of
interference for such installations
at high speed and Ref 10 adds a
further 4 sources important at low
speeds.

Even with half-models, the high pressure air feed
to a TPS simulator has to be taken through the
balance outside the tunnel wall but the associated
problems are not as serious as they would be if the
TPS units had been installed in a complete model.
Such tests are however feasible as was shown in a
research experiment on a 2-engined Lockhesd 1011
model without its rear engine. An air transfer
bellows system was designed successfully and the
comparative test data for two configurations showed
reasonable agreement with flight data (Ref 10). At
low speeds, it is however more important to use
complete models and, by now, DN® have acquired
considerable experience in this field (Refs
98-101) .

The pw complete model
two types of large TPS unit,
manufactured by TDI and one by MBE.
the tests have been:

tests have been made with
one designed and
The aims of

(i) to establish the jet interference effects
on the drag in the second segment climb;
the drag is needed to an accuracy oOf 21%
aircraft drag or about *10 drag counts,

to determine the jet effects on the
stability and control characteristics in
ground effect during take-off,

(ii)

(iii) to investigate the thrust reverser
characteristics including braking
capacity, handling qualities and

reingestion boundaries, and

to study the nature of the interference by
means of surface pressures and flow field
measurements.

@iv)

The crucial engineering problem in the complete
model testing with TPS units is how to bring the
high pressure air across the balance in the
fuselage. The air pipe must be TFlexible to
minimise interactions with the balance measurements
but stiff enough to maintain its position in the
model and to withstand the high pressure of about
40 bar. The DNW design is shown in Ref 98; there
are two air bridges, one on each side of the
balance, in the models to allow for independent
control Of two engines.

12.2 Propellzsrs

There has been considerable investment in recent
years in new Tacilities and techniques for the
testing of model propellers and of aircraft models
fitted with propellers in both low and high speed
tunnels. Many of the issues discussed above in
connection with aircraft with jet engines still
apply but there are some additional problems.
First, model tests are needed on the propeller
itself o determine its performance and
aeroacoust ic characteristics and, second, in the
tests on aircraft models, the propeller thrust has
to be measured directly in the wind tunnel rather
than indirectly by means of reference pressures and
temperatures allied with a calibration in a test
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cell as with the Jet engine. This introduces
engineering problems in the design of rotating
balances and, with modern propelter/spinner

designs, there arez difficulties in separating drag
and thrust and, as vregards propeller efficiency,
there are difficulties in comparing experiment and
theory because it 1is often not practicable to
measure what one can calculate. These additional
issues are considered in some detail below.

In the UK, Industry aid Government cooperated in
the development of new facilities (Refs 102-105)
for model testing with propellers: a special Test
House was built at ara for proving trials on the
model propellers ahead of the tunnel tests, three
compact and powerful electric motors for testing
relatively large model propellers (up to 3 ft in
diameter for single rotating propellers) were
acquired and have been used in tests in both the
ARA and pNw tunnels; air motors were obtained for
tests on aircraft models with both single and
contra-rotating propellers and finally, a liner was
designed to create an 8 ft x 7 ft acoustically
treated working section for the ARA transonic
tunnel. For convenience, the author will use the
ARA experience to comment on the problems mentioned
above but it is, of coutse, recognised that various
other establishments have tested model propellers
either in isolation or on aircraft models, eg the
de Havilland (Canada) 30 ft x 30 ft low speed
tunnel (Ref 106), the onera S1 tunnel (Ref 107),
the NAsA Lewis facilities (Ref 108), the facilities
at United Technologies ( Ref 107), NASA Ames and
McDonnell Douglas (Ref 1.09) and finally, one should
mention Boeings, who were the first to develop an
acoustic working section for a transonic tunnel
(Ref 110) .

Propeller tests at ARA can be made at two different
model scales. The engineering and aerodynamic
problems can be illustrated by a brief discussion
of the hardware and typical test programmes for
tests on contra-rotating propellers at the smaller
scale

Fig 42a shows; the rig that has been
developed to obtain the basic propeller
thrust in the presence of the real spinner
shape but followed by an unrepresentative
nacelle, being merely the minimum body
required to house the TD1700 air motor.
This combination #s mounted on a metric
strut housed in a ""on-metric shield. The
aims of the design were to provide
sufficient rigidity coupled with
aerodynamic cleanliness and as small a
tare drag as possible on the underfloor
balance readings. The achievement of a
satisfactory compromise between these
conflicting requirements was a far from
easy task. Tho propellers are cleared for
tunnel testing by monitoring the output of
blade mounted strain gauges which provide
a means of assessing rotor dynamic
disturbances, critical points and flutter.
Also, the rig itself is fitted with
accelarometers, The compressed air for
the air motor enters the metric model in a
direction perpendicular :o the thrust axis

(i)

but it is still necessary to insert the
nacelle/nozzle  System in the Mach
Simulation Tank discussed earlier to

determine the nozzle thrust and discharge
coefficients in a quiescent environment,

Fig 42b shows the hub design scheme; the
attachments to both the shafts and the
component propellers were designed to

produce a symmetric low-stress torque and
thrust path to the balance flexures. The

balance electrical signals were
transmitted by slipring for the front
rotor and by telemetry for the rear rotor,

(iiy




(iii)
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the shaft strain gauged balance design,

Fig 42¢, comprises a set of flexures in a

basically symmetrical
gauges placed so as

repeatability of #i% was
static calibration,

(iv) the development of the

layout with strain
to provide symmetry
and duplication of the key elements.
achieved

A

in a

telemetry

installation provided tc be a challenging

task: the high CF
specially configured
composite retention rings.

loads dictated
housing
After various

a

with

structural and electrical refinements, a
+4% standard of signal processing was
obtained,

(v) the test programme and methodology may
appear complicated but, in fact, the
bookkeeping procedure as set out at the

bottom has been somewhat simplified for

this presentation.

For the aircraft model
definition of propeller thrust is
provided one
accounting in Fig 42d but,

tests, the

precise

unimportant
retains consistency through the
in tests on

the

propeller in isolation (phase A in Fig 424), aimed
at determining the propeller thrust and efficiency

and comparing with theoretical
definitions become crucial. As we

prediction,
have seen,

the
in

the experiments, measurements are made with both a

shaft and an underfloor balance.

The difference

between the blades-on and blades-off shaft thrust

measurements yields an apparent thrust.

thrust can be obtained In two ways:
differencing the blades-on and
underfloor balance thrusts or

The net
either by
blades-off
by correcting the

apparent thrust for the difference, blades-on and

blades-off, in the
obtained by
this nacelle.

rear nacelle

Assuming that this

axial

force
integrating the pressures measured on
integration can

be performed to the required accuracy and that
allowance is made for the skin friction drag of the

nacelle,
thrust should give the same result.

these two methods of obtaining the net

An essential element in the design of an efficient

propeller installation for
subsonic speeds

operation
is the slowing down of the flow

at

high

over the thick root sections of the propeller by a
waisting OF the spinner surface opposite and ahead

of the propeller (see Fig 42b).
any theoretical

At the very least,
estimate of the propeller thrust

and efficiency should atlow for this effect but

this 1is not enough to produce a

theoretical

estimate that can be compared directly with either

the apparent or net thrusts from experiment.

Any

calculations by strip theory still need refinement
by allowing for the effects of the pressures on the

inner surfaces of the blades adjacent
induced

spinner and for the pressures
spinner by the presence of the blades.
obviously part

to the
on the
These are

of the apparent thrust from the

measured results and calculations suggest that they
can account for 5-10% of the final answer
these complications suggest that a Tfield method
should be used for a comparison with experiment.
The results of such a comparison using the Denton

field method are shown

All

in Fig 43 taken from Ref

111, Various comments can be made about this
comparison:
(i) the apparent overprediction of the thrust

and power coefficients at a given blade
angle may not be the most important issue.
It should perhaps be thought of as being
due to a discrepancy in blade angle either

because of an undetected blade twist

in

the experiments or because viscous effects

have been ignored in the calculations.
interest in the

more direct

of

present
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context are the differences between the
various curves,

Cii) the substantial difference between the
blade and net thrusts in the theoretical
results confirms the importance of the
blade effects on the pressures on the
spinner,

(iii) the differences between the apparent and
net thrusts is significant in the
experiment but relatively minor in the
calculation. The most obvious explanation
of this inconsistency is that the
calculations do not include the skin
friction element in the effects on the
nacelle but it may also be due to detailed
differences, blades-on versus blades-off
in the flow through the spinner gap. More
prosaically, it may merely reflect that
the theory has its limitations. These
comparisons have been discussed iIn some
detail merely to emphasise that, at the
present time, one is in some difficulty
trying o use theory to settle
uncertainties in whether the experimental
data have been handled correctly. The
propeller designer may wish to know the
efficiency of his design to 1% or better
but at present this is difficult either by
experiment or theory: it is another
example where comparative accuracy is
better than absolute accuracy but even
comparative accuracy 1is likely to be
sensitive to the interference issues
between propeller and spinner discussed
above. More research is needed.

The model tests discussed above related to an
aircraft with wing-mounted engines. Similar
activity has been undertaken by McDonnell Douglas
in connection with a design with aft-mounted
engines (Ref 109). Tests on powered complete
models at both low and high speeds were made. For

the high speed model, the high pressure air was
routed forward along a sting located below the
model and then up a blade support into the forward
fuselage and then back through the fuselage to the
powered nacelle at the rear. A contra-rotating
pusher arrangement was simulated. Power-induced
effects on tail power and overall stability were
measured and also, a nacelle-based rotating total
pressure sake rake was used to explore the
slipstream.

The final picture, Fig 44, concerned with propeller
testing, shows the large scale UK rig with a
contra-rotating propeller installation installed in
the acoustic working section of the ArRA tunnel.
Points to note include

(@ the propellers are driven by two AC induction
electric motors mounted in tandem. These
motors are designed and manufactured by the
Able Corporation of the US and are each capable
of generating 660 SHP at 7000 rpm; they are
very compact: each can be contained in a volume
25" long by 14" diameter,

(b) a co-axial system of three shafts connects the
rotors and, in this case, stationary nose
bullet to the Able motors,

(c) the primary instrumentation of the rig was a
pair of shaft-mounted thrust and torque
balances and a set of surface pressures to
enable the rotor performance to be evaluated,
coupled with extensive rig and rotor “health®
instrumentation including strain gauges on the
blades,
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(d) the larger size of this rig carries many
advantages: a more acceptable Reynolds number
on the blades and the ability to attempt a
wider range of tests, eg dynamic and steady
pressure measurements with transducers Tflush
mounted on the blades and a laser system to
monitor the twist and camber of the blades
under load,

despite the relatively large blockage of the
model and the microphone traversing rig in the
tunnel with the acoustic liner, tests were
possible up to M = 0.§. In passing, it is
worth mentioning that Ref 112 1is a useful
reference on the effect of propeller thrust on
tunnel wall interference.

(e}

In the performance tests with this large rig,
supplementary tests were made with both laser
anemometry and laser holography. For the laser
anemometry, the flow was seeded by plumes of 0.5 um
particles of mineral oil injected from a special
Strut erected in the tunnel settling chamber. Two
pairs of focussed beams were used; the orientation
and meeting points of these beams could be rotated
and translated to enable wvelocities to be
determined in different regions of the flow field,
eg the tip vortex region, the in-rotor (ie between

blades) region, the between-rotors region and
upstream and downstream of the rotors. In the
holographic tests, features that were observed

included the tip vortex path, the chopping of the
front vortex by the rear rotor, the shear layer in
the wake region and supercritical flow features
such as the expelled blade leading edge bow shock.
The measurements and tests are decribed in detail
in Refs 105 and 113. This was a major exercise run
on a cooperative basis with Rolls-Royce as the
major partner. The brief description has been
included here since this programme 1is a good
example of what is going to be possible on a more
regular basis in the future.

13 PROPULSION INSTALLATION: TEST TECHNIOUES:
COMBAT AIRCRAFT

For many years, the AGARD Fluid Dynamics Panel has
devoted much attention to engine-airframe
interference and, in particular. to the test
techniques that are required in this field. An ad
hoc committee reported (Ref 114) in 1971 on the
results OF a detailed study of the testing methods
in us= at that time and this was followed by a
lecture series on the same subject in 1973 (Ref
115). In 1974, the FDP held a 4-day symposium on
airframe/propulsion iInterference (Ref 116): as
regards wind- tunnel testing, this symposium almost

exclusively considered problems in afterbody
testing, eg strut interference, temperature
effects. More recently, two Working Groups have

considered different facets of the subject: Working
Group 08, which reported (Refs 12,13) 1in 1986,
dealt with the aerodynamics of aircraft afterbodies
and Working Group 13, which 1is reporting in 1991,
is concerned with intakes for high speed vehicles
and specifically includes a chapter in its report
devoted to testing methods and techniques (Ref
117). This part of the present lecture draws
extensively on this recent material.

Compared with the subsonic transports discussed
above, combat aircraft introduce 4 major
complications:

(1) a greater speed range up to supersonic
speeds,

a greater range of angle of attack at high
subsonic and transonic speeds,

a more complicated and closely coupled

geometry,
a lack of proven engine simulators that can

be used in routine testing: largely due to
severe geometrical constraints.

(i)
(iii)
(iv)
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The standard approach is to test a suite of at

least three models:

(a) a normal complete model of the aircraft with
the best possible representation of the Intake
through-flow and the least possible distortion
of the rear fuselage,

a partial modz1 of the intake to a larger scale
and including a faithful representation of the
intake ducts back to the engine face. and

(b)

a partial model of the true afterbody shape of
the real aircraft including the facility :o
blow the exit nozzles at reprasentative jet
presure ratios. The distorted afterbody shape
of model (a) is also tested on this afterbody
model and the differences between the results
for the two shapes provide corrections that can
be applied to test data from @)-

(e)

Clearly, az configurations have become more closely
coupled, doubts arise about the validity of this
three-pronged approach. As a small move to meet
this point, both intake and afterbody models now
often include relevant parts of the rest of the
aircraft to whatever extent is permitted by model
blockage considerations. However, with a closely
coupled layout it may be wrong to assume that
intake and jet effects can be studied separately.

The techniques will be discussed under two
headings: intake testing, afterbody testing
including a very brief description of the prospects
for full simulation of the propulsion effects.

13.1 Tests on Intake Models

13.1.1 $Scupe of intake tests

To quote from Leynaert in Ref 117, the purpose of
intake testing is to qualify the flow they deliver
to the engine, and to determine the effect they
have (in terms of drag, lift and moment) on the

external aerodynamics of the aircraft. Most
testing is carried out without any engine being
present: in other words, the conclusion of Ref 118

that the engine has little effect on the intake
pressure recovery, the level of turbulence, and the
maximum instantaneous distortion IS accepted.
However, at a relatively late stage in the
development of a new aireraft-sngine combination,
tests are sometimes made on the real intake-engine
in the very large facilities at ONERA Modane (the
ST tunnel) or AEDC Tullahoma (the 16 ft PwTy (Ref
119).

Specific aims of intake testing include:

to obtain the pressure recovery/mass Tlow
characteristics,

(1

(i) to obtain the spillage drag as a function

of mass-flow, Mach number and incidence,

(iii) to refine the details of the intake
design, =g to optimise the boundary layer
bleeds and/or diverter,

to study the unsteady characteristics. in
this respect. one should distinguish
between unsteady distortion and the
surging of the intake. Distortion is
related to instabilities in the intake

itself and so, there is little dependence
on how the internal flow vatving system is
arranged downstream but when surging Iis
being studied, or any other relatively
low-frequency characteristics involving
wave propagation times between the zngins
and the intake, a valve system must be
provided at +«he position of the fFfirst
compressor stages in order to reproduce

(iv)
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the phenomena exactly, particularly as
regards reduced frequency (which should be
inversely proportional to the model
scale).

Internal Performance: Pressure Rsuowsty
Swirl. Dynamic Distortion

13.1.2

For many combat aircraft, the primary design
condition for the intake will be at supersonic
speeds. In two respects, this simplifies the
testing: at supersonic speeds, the flow into the
intake can only be influenced by the shape of the
aircraft upstream of the intake plane and hence,
the rest of the aircraft need not be represented on
the model and second, the ratio between the
stagnation pressure of the internal flow and the
external static pressure IS such that it is
relatively easy to capture the natural flow with
the intake. Figs 45a,b show two test set-ups for,
respectively, an isolated and installed intake
test. In both cases, the aim is to obtain the
highest possible test Reynolds number. The limit
on model size in the installed intake test is set
by the need to keep the intake plane behind any

reflected shocks from the tunnel walls. In the
example illustrated, the internal flow ducts
contain

(1) instrumentation at the engine face station
(1},

(i) a station (2) at which the flow through
the duct can be controlled either by an
adjustable sonic throat as shown or by a
non-sonic variable pressure drop such as a
butterfly valve, and finally

(iii) a station (3) at which the mass flow is

measured by, for example, a flowmeter with
a sonic throat.

In other cases, it may not be possible to use two
throats in series at (1,2) either because the space
is not available or because the internal pressure
drops have to be limited to achieve the desired
flow; in such cases, the mass flow is measured at
station @).

Fig 46 shows three examples of the engine face
instrumentation that was adopted by Biae and MBB in
one of their test programmes. It is generally
believed that about 40 stagnation pressures are
sufficient to obtain a reasonable mean pressure
recovery and similarly. 40 pressure transducers can
be used to obtain the maximum instantaneous
distortions. Various methods have been proposed
for estimating the unsteady distortion from a
smaltzar number of measurements and, indeed, Ref 120
quotes a “rule of thumb®" to use in cases where no
unsteady pressure measurements have been made: this
rule correlates the unsteady distortion with the
mean internal stagnation pressure drop through the
duct starting at the diffuser. This approach
conflicts, however, with the general trend which is
to take more measurements than iIn the past. In
particular, it is often considered mandatory that
the test instrumentation includes measurements of
swirl, ¢g in the case shown in Fig 46, sixteen
five/hole probes were used. A parameter for
guantifying the rotational deviation has been
proposed in Ref 121, This 1is defined in an
analogous manner to the DC60 definition: the swirl
DS60 index is the maximum averaged value in a 60°
Sector of the circumferential component of the
velocity, divided by the axial velocity As long
ago as 1972. Carriere (122) recommended that the
differences in relative incidence of the engine
face fluid stream with respect to the rotating
blades - ie the differences that give rise to the
distoriton effect should be considered from a
global point of view, by combining the flow
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deviation measurements with the local deviation
measurements found by measuring the total pressure
fluctuations and converting to axial velocity
fluctuations but this elaborate approach has not
yet been adopted.

When a flowmeter can be used as in Figs 43a,b, the
mass flow can be measured directly and precisely.
It is assumed that the static pressure in the
settling chamber of the flowmeter is uniform and is
as measured at a hole in the side of the chamber
and calculations are made as described in Ref 117,
to determine the sonic throat area. when the test
Mach number is not high enough for the flowmeter
throat to be choked, or when the pressure loss
accompanying a sharp reduction in mass flow leads
t an unchoking OF the throat, the same set-up can
still be used, treating the flowmeter as a venturi.
In this case, the static pressure at the throat has
to be measured although ideally, a calibration
should be made against a reference flowmeter.

If it is unacceptable to include both Stations (2)
and (3) as separate sections, the mass flow has to
be measured at the station at which it is
controlled. If the throat at this Station is not
choked, the static pressure in the internal duct
upstream has to be measured and combined with the
area of the throat cross-sectional area to
determine the mass flow. Ref 123 should be
consulted for diagrams of sonic plugs that can be
adjusted by translational movement to vary the mass
flow. A unit incorporating one of these plugs is
shown in Fig 47. There 1is no settling region
upstream of the throat in this case and the
aerodynamic definition of the throat 1is less
precise. The flow measurement may therefore not be
as accurate as when there is a separate section
(3). when no downstream throat can be choked and
the flow profile is not uniform, one can use the
measurements at the engine face station (1) to
compute the mass fow. The accuracy then depends on
the detail in which the flow at this station has
been explored. In one example where a detailed
exploration was made by a rotating rake supported
by a flow matching hypothesis for the wall boundary
layers, Ref 124 claimed an accuracy of 1%.

In contrast to supersonic speeds, the intake flow
at subsonic and transonic speeds is influenced by
the entire aircraft. Strictly, therefore, one
should test complete models but by comparing full-
model and partial-model tests, Mach number and
incidence conditions can be defined for the
partial-model tests that will bring their test
results close to those of the complete model.
Tests at these speeds have to be extended up to
very high incidences. This is normally
accomplished by transferring models designed for
testing in moderate size tunnels to larger tunnels
for the high incidence testing. For example, a
partial model of the Rafale without wings and with
truncated canards that has been tested in the ONERA
s2 tunnel (cross-sectional area 3 m?) was converted
into a complete model of the aircraft for tests at
high incidence in the si tunnel (cross-sectional
area 40 m2),

13.1.3 External drag

In addition to the normal tests on a complete model
of the aircraft, tests are made on the air intake
alone or on the forward part of the aircraft
including the intake. The purpose of these tests
is to establish the effects of detailed changes in
intake design and of intake mass flow on the
external drag: the partial model allows a useful
increase in Reynolds number and a more faithful
representation of the detail of the intake of the
full-scale aircraft. The major technique problem
in such a test lies in knowing how to determine the
downstream momentum accurately. Fig 48a shows one
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possible experimental set-up Tfor which another
problem !ies in obtaining adequate stiffness at the
joint between the live and earthed parts of the
model. In this case, the internal momentum at this
joint 1is calculated from the measurements of the
flow at the engine face. On the assumption that
the flow s being mesured more accurately
elsewhere. :the probe measurements at the engine
face can be corrected to give better agreement with
this more accurate value and a corresponding
correction can then be applied to the momentum.
Fig 48b illustrates another arrangement (Ref 123)
in which an earthed plug is placed at the outlet of
the intake duct and the momentum is evaluated a
little upstream of the plug by measuring the static
and total pressures in a cylindrical part of the
duct and the only correction that is needed is for
the drag of the cylindrical part of the tube
between the measuring section and the outlet
section: a small friction term. The mass flow is
obtained in a separate calibration.

Acquisition and analysis of distortion
measurements

13.1.4

The distortion indices come from the forty unsteady
transducers of the engine face rakes. The highest
frequency that has to be considered is of the order
of 1000 Hz full scale and this has to be divided by
the scale of the model. One way of obtaining a
particular distortion index is to build an analogue
computer which delivers a signal proportional to
the desired distortion index. These are widely
used: they provide a result in real time but their
usefulness is limited to the one distortion index
for which they were designed. Hence, as a
complement. the transducer signals are recorded on
magnetic tape for off-line computer analysis.
Better performance can be obtained with a PCM
(Pulse-Code Modulation) record. The distortion
indices can also be computed digitally using
analogue-digital conversion with a suitable array
processor computer.

The aircraft designer will want to know the maximum
values of the various distortion indices as
recorded during a given length of time of order 1
minute, full scale, for the flight conditions at
which serious distortion is present. The recorded
distortion can be analysed statistically to define
these maximum wvalues according to a given
probability (Ref 125). A detailed map of the
instantaneous flow may also be of interest but the
important issue is knowing how to select from the
vast amount of data that is typically taken.
Systems for doing this have been developed at
various establishments and in industry, ¢z at AEDC
(Refs 126,127).

If no analogue computers or high speed data
acquisition systems are available, a first estimate
of the various distortion indices can be made,
based on the RMs values of each individual total
pressure probe in the rake. The statistical
analysis techniques employed are described in Ref
117.

13.1.5 Intake flow dynamic study

To design a control system for a variable-geometry
intake, the dynamic characteristics of the internal
flow have to be studied. it #s also important to
identify the level of the wall pressure rise. in
transient flow, for the design of the intake
Structure. To perform such a study, high speed
rotating vanes can be installed at the compressor
face station to produce a periodic variation of the
reduced mass flow. The intake is equipped with
unsteady transducers which measure the amplitude
and the phase tag of the pressure waves. One such
device is described in Ref 115; in this example, a
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negative mass f[low was periodically injected by
compressed air supplied through the vane.
Comparison with flight evidence showed that a good
simulation of the engine surge phenomenon and its
effect on the intake was obtained in this way.
Another similar device is presented in Ref 128.

13.1.6 Concluding Remalks

A major comparative test programme of intake
measurements has been organised by AGARD and the
results are currently being analyssd. Models to a
common design have been manufactured to slightly
different scales and tested in wind tunnels at RAE
(Bedford), ONERA znd DLR. Both steady and unsteady
measurements have been made over a wide range of
incidence at M = 0.8 and at low incidence, Over a
wide range of Mach number up to M = 1.8. The
models represent a simple subsonic-type pitot
intake with a circular cross-section and blunt tip.
Details of the instrumentation used in the various
tunnels and examples of the results are given in
Ref 117. The First impression from this exercise
is that the results show an impressive standard of
consistzney; even wWhen differences in the absolute
values of the distortion indices are observed, the
trends with mass flow are broadly similar. The
final conclusions from this work will be presented
at an AGARD symposium in September 1991; it is
likely that a similar cooperative exercise will be
proposed on a more complex intake design.

13.2 Tests on aAfterbody Models

Wind tunnel testing to determine the true
aerodynamic characteristics over the afterbody of a
full-scale combat aircraft 1is perhaps the most
difficult task in ail the problem areas discussed
in this lecture. The normal complete model test
with the model supported on a solid sting from the
rear is deficient in two respects: TFTirst, the jet
effects are being ignored (since it is only in rare
cases that the sting itsz1f provides an acceptable
representation of the jet plume) and second, the
shape of the afterbody has probably been distorted
appreciably to admit the sting. For example, if
the aircraft afterbody has two nozzles with their
exits at the body rear end, the gully between these
two nozzles may well have been partly filled in to
admit the sting: this could have a dramatic effect
on the viscous flow development affecting not
merely the extsrnal drag but also the effectiveness
of any tail surface iIn the vicinity. Early flight-
tunnel comparisons far aircraft such as the
Lightning revealed serious differences in the
directional stability characteristics which were
subsequently traced to the unrepresentative shape
of the model afterbody. Supplementary model tests
must therefore be made but many questions then
arise, =g should one test a partial model or should
one test the complete model with the true afterbody
but mounted in a different manner and how should
either of these models be supported? Also, what
should one measure, eg should one test a partial
model or should one test the complete model with
the true afterbody but mounted in a different
manner and what should one measure, eg total thrust
minus drag or separate balances for thrust and drag
or drag by means of a pressure integration?
Further, how should the jets be simulated, =g by
high pressure air ducted to the nozzles and direct
blow or by use of a turbine or ejector simulator?
There is no simple or unique answer to any of these
guestions. it all depends an the aircraft shape
and on the test requirements. A study of the
literature suggests that every conceivable answer
has already been tried but it is still difficult o
arrive at any general conclusions. The chapters
(Refs 12,13) by Bowers and Carter in the AGARD
Working Group G938 vreport are the most recent




attempts to review the scene and the following text
is broadly in line with their conclusions. The
leading questions outlined above are discussed in
turn but it sill soon be realised that they are
very interrelated, ie the answer to one question is
likely to depend on what answer has been given to
one of the other questions.

13.2.1 complets or partial models?

One cannot give a general answer to this question
except to comment that, as combat aircraft have
become more closely coupled, the case for testing a
complete model or at least a closer approximation
to a complete model has strengthened. Jaarsma in
Ref 129 gave a good review of the relative
advantages and disadvantages of testing partial and
complete models. In favour of partial models, one
can quote larger scale, better potential accuracy,
ability to incorporate more instrumentation, a more
faithful representation of the primary and, when
necessary, secondary and even tertiary jet streams
and probably cheaper testing for parametric
investigations. On the other hand, the common
practice of using a cylindrical forebody may mean
that the afterbody 1is being tested in a very
unrealistic environment. In favour of testing a
complete model, the principal advantages are better
external simulation and duplication of nozzle
environment, better accounting of mutual
interferences and forebody influence, more accurate
simulation of aircraft aerodynamics and plume
interference. On the other hand, the models are
smaller, the instrumentationmore limited and it is
difficult to include secondary and tertiary air.
It is tempting to say that it is not a question of
elther/or but rather of deciding that one needs
both: the complete model for overall effects and a
partial model for the development of the rozzle/aft
end

It is arguable that the past literature on this
subject does not place enough emphasis on the need
for a representative approach boundary layer ahead
of the afterbody. The flow over the afterbody is
strongly viscous and it is just as important as on
an advanced wing to have a good simulation of the
full scale boundary layer. The advances in CFD
methods may make it possible to do this much more
scientifically than in the past. This concern
about the boundary Jlayer does not necessarily
favour use of a partial model despite its larger
size and the probability that one can more easily
modify the approach boundary layer. The pressure
gradients imposed by the flow field of the rest of
the aircraft may be more important factors in
determining the boundary layer development.
Increasingly, the trend is toward a compromise

between a partial and a complete model. This is
shown by Fig 49 which is a picture of a new rig
being developed for RAE (Pyestock) by ARA.

Strictly, this is a strut-supported partial
afterbody model but if can include a correctly
scaled representation of the aircraft forebody,
forward lifting surfaces and the inner wing which,
on the underside, forms the upper part of the
support strut.

13.2.2 Methods of model suppeort

Many different types of model support have been
proposed and explored, including such 1ideas as
mounting the complete model from the nose at the
tail-end of a long interference-free tube
stretching from the tunnel settling chamber. In
general, however, one can characterise all rigs in
common use as being of one of three possihble types,
viz sting-mounted on an annular sting(s), wing-tip
mounted and strut mounted (Figs  sQa-c).
Considering each of these in turn:
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(1)

(i)

(iii)
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mounting the model on an annular or a pair
of annular stings is perhaps the obvious
method of testing a complete powered
model. It certainly is the best approach
for minmising support interference and.
for this reason, may be the only way of
obtaining data close toM - 1.0. However,
there 1is one Important interference
consideration as to whether the free jet
plume is represented correctly in the
presence of the sting. This question has
been studied at AELX (Ref 130) where
annular stings have been used to support
large models of aircraft such as the F-16.
In a research exercise at AELX, it was
found that the sting flare should be at
least 3 body diameters downstieam of the
nozzle base with a 10  boattail and 5
diameters downstream of a cylindrical
boattail. The sting interference could be
determined experimentally by mounting the
model, with alternatively the true
rear-end and with the modified rear-end
and dummy sting, on a swept support Strut.
The decisive final point as to whether one
can use an annular sting support is the
extent to which the afterbody has to be
distorted to admit the sting. It is
likely that to avoid serious distortion,
this method of mounting can only be used
for tests at low incidence,

Ref 12 concludes that wing-tip mounting is
a viable alternative especially for
incremental aftsrbody/nozzlz testing but
only if the Mach number range between M =
0.8 and M = 1.1 can be avoided. In one
unpublished case, however, the subsonic
range was extended successfully up to M ~
0.92 by the use of specially designed
bodies at the wing tip. The wing planform
geometry has to be modified near the tip
for structural reasons. The rig
interference has to be judged on the basis
of comparative tests with and without
dummy wing tip support hardware with the

model mounted on a slender sting.
Hopefully, this interference would not
change significantly between

configurations while testing a series of
different but similar afterbodies/rozzles.

Clearly, a strut mounting is the best
scheme from the point of view of support
strength, rigidity and duct space for
instrumentation and high pressure air but
the overriding issue 1is whether the
aerodynamic interference is acceptable.
Also, obviously, the technique cannot be
used for testing under sideslip conditions
and also, there may be difficulties at
high incidence. Close to M =~ 1.0, very
large interference drag values have been
reported, ¢z 20 or even 80 drag counts,
but the magnitude of this interference and
the Mach number range over which it is
unacceptable will depend on the geometry
of the strut support and on how much of
the installation is metric. A wide range
of different strut geometries were
compared in Ref 131. Ref 12 concluded
that despite all the problems, the strut
support would continue to be used but all
new arrangements should be based on
empirical guidelines, past experience and
increasingly, theoretical cFb tools should
be used in the design. It will be noted
that, in the most recent design shown in
Fig 49, the strut is Swept forward rather
than swept aft as in many past
arrangements. Also, forces are being
measured on the entire modei/rig by means
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of an accurate underfloor balance. It is

hoped that the relatively large size of
this rig will enable studies to be made of
not merely the afterbody drag but also of
the unsteady flow over the afterbody.

13.2.3 Tvype of measurements

To illustrate the potential variety, Fig Sla-f
shows  six different  strut-supported model
configurations with afterbody forces being measured
with one or more force balances. The total metric
model thrust-minus-drag arrangement ()] is
considerably different from the three afterbody-
only thrust-minus-drag configurations (B,C,D) and
the afterbody drag balance models (E,F). Ref 12
comments that there is no convention or standard
for afterbody/nozzle force balance arrangements.

Multiple force balances are often used to determine
separately the forces on different parts of the
model. A typical system could consist of a main
balance to determine lift and thrust-minus-drag of
the afterbody together with a thrust balance to
measure nozzle normal and axial forces; the
weakness of this approach 1is that drag Iis
determined as the difference between two large
guantities. Another possible way to determine the
drag is to pressure plot the afterbody; this may be
a sensible idea when testing relatively simple, eg
cylindrical afterbodies but, in general, it may be
difficult to include enough holes on a complex
shape to obtain an accurate integration.

The force balances used in arrangements such as
some OF those illustrated in Fig 51 are often
complicated and their output requires corrections
to provide data with acceptable repeatability. In
addition to the balance interactions determined in
a calibration of the bare balance, corrections are
needed For pressure area tare forces including
cavity, metric seal and base pressures and flow
momentum tares. Any bellows sytem also has to be
calibrated. These corrections may =easily be
greater than the Tfinal corrected drag. IT the
model includes both metric and non-metric parts,
the position of the break between these has to be
chosen carefully, thinking of both aerodynamic and
structural considerations: it should be in a region
of relatively uniform pressure and at a position
where any flexing of the model under load does not
introduce a step at the break.

Ref 12 concludes that new model configurations and
balances should be designed and built to suit the

test objectives, the test facility and the
configuration itself and in the light of past
experience.

13.2.4 Jet simulation

The above discussion has concentrated on models
with direct blow exhaust simulation but with the
close coupled nature of many modern aircraft and
even more when one looks forward to ASTOVL designs,
it IS no longer strictly admissible to ignore
possible interactions between intake and exhaust
flows. The need to test inlet and exhaust flows in
combination was recongnised more than 10 years ago
in the US and this led to tae development of the
model  engine unit known as CMAPS (Compact
Multimission Alrcraft Propulsion Simulator). This
is shown in Fig 52 and descriptions are to be found
in Refs 132 and 133 and various other references
quoted in Ref 13. This unit has a 4-stage axial
compressor driven by the power generated by a
single stage turbine. The turbine is driven by the
high pressure Inlet air which 1is then mixed with
compressor ailr through a mixer/ejector module to
provide the exhaust nozzle total pressure air
supply. Performance details are summarised in Ref
13. Carter in 1986 noted that the application of
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CMAPS technology in test programmes was still in
its infancy and, apart from an early programme of
operating tests at AEDC, the only recorded
application of CMAPS is that described in Ref 132.
Fig 53 shows the installation of CMAPS in the model
for this application: it will be seen that a single

support sting brings the drive air into the model
and takes the turbine air out of the model. The
sting entry 1is From 'below the Tfuselage at the
centre of gravity up into a manifold system which
distributes the high pressure air ducts out to the
two earthed simulators in the wings. The 1live
model shell is mounted on the live rear end of the
balance. Considerable effort has been put into the
development of ciéAPSs and appropriate calibration
facilities at NASA Ames but the vital feature which
inhibits its application to models of VSTOL combat
aircraft is 1its geometry: an inlet to nozzle
separation length of 9.5 engine diameters which is
much too long to allow installation in a close-
coupled configuration. Design studies for the
design of a powered simulator oF more relevant
geometry are being made in the UK and one can
express guarded cptimism that, in the long term,
these efforts wili be successful.

The other possibility is to develop an ejector
powered simulator. carter in 1986 concluded (Ref
14) that these were capable of providing an
adequate simulation of the flow requirements of
current engines but that the iength/dtameter ratios
of these simulators were likely to be even higher
than for CMAPS. Hence, at the present time, for
routine tests on model:; of combat aircraft, there

is no practical alternative to the direct blow
approach.
Finally, it should be noted that nene of these

simulators provides simulation of the full-scale
jet temperature. Modern turbo-jet and turbo-fan

effluxes operate in the region 1500' to 3500 R
while the majority of model afterbedy testing Iis
conducted with a cold jet near 500 R. There are

two ways iIn which the jet affects the afterbody
drag: first the draz is reduced by the jet plume
forward pressure interference and second, the drag
is increased by the jet entrainment. Experimental
work reported in Ref 134 studied how the jet plume
shape and entrainment depended on the physical
properties of the exhaust. Carter in Ref 13
concludes that the effects of jet temperature are
likely to be most significant in the transonic flow
range where large areas of base or separated
afterbody flows occur, The effects are greater for
large afterbody angles and can be as large as 35%
of the jet-off afterbody drag for high jet pressure
ratios. 20% is psrhaps a more typical figure; the
cold jet results will give pessimistic afterbody
drag predictions. The effects of temperature are
therefore significant and configuration-dependent
but it is unlikely that any serious attempt will be
made to develop methods Tor heating the jets in
routine model testing. The effects should however
not be ignored.

14 FINAL COWENT!;

has reviewed the
in aind tunnel model tests for
performance prediotion. The review is inevitably
tinged with personal bias but it 1is hoped that the
subjects covered in detail and the large number of
references sill be of continued benefit. Looking
to the future, we are clearly at the threshold of a
large expansion in the use Of non-intrusive optical
techniques: laser holography, laser anemometry and
particle image velocimeiry to study and measure the
flow field. These developments are vital for the
validation of new CFD methods and so, one can claim
that experimental techniques and their further
refinement are the key to future progress in
aerodynamics in general.

This lecture experimental

techniques in use
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FIG 3a AIRCRAFT MODEL WITH 2 AFT-MOUNTED NACELLES
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FIG 3¢ AIRCRAFT MODEL WITH 4 AFT-MOUNTED NACELLES
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PANEL METHODS FOR AERODYNAMIC ANALYSIS AND DESIGN

H.W_M. Hoeijmakers
National Aerospace Laboratory LR
Anthony Fokkerweg 2, 1059 CM Amsterdam, The Netherlands

SUMMARY

An overview is presented of several aspects
of panel methods used in the aerodynamic analysis
and design of aircraft o aircraft components.
Panel methods can provide the flow about complex
configurations and are routinely used in the anal-
ysis of the aerodynamics of realistic aircraft
shapes. However, panel methods are based on a
mathematical model in which much of the fluid phy-
sics Is ignored. The report discusses the capabil-
ities and limitations of panel methods, the basic
concepts of panel methods, choices that can be
made in the implementation of the basic concepts,
as well as possible types of boundary conditions
that can be utilized to creatively model subsonic
and supersonic flow. The discussion also includes
aspects of the accuracy of the approximations
involved, consistent formulations, aspects of low-
order and higher-order panel methods, etc. Also
discussed are the computational aspects of panel
methods and possible extensions to nonlinear
compressible flows, coupling with viscous flow
methods and application to other flow problems.

1.0 INTRODUCTION

The computation of the aerodynamic charac-
teristics of aircraft configurations has been
carried out by panel methods since the mid 1960's,
following the pioneering work of Hess & Smith
(Ref. 1) and Rubbert & Saaris (Ref. 2). But even
before the availability of large-scale digital
computers work was done on surface singularity
methods, notably in Germany by Prager (Ref. 3) and
Martensen (Ref. 4). Panel methods are presently
the only computational aerodynamic tools that have
been developed to an extent that they are routine-
ly used in the aerospace industry for the analysis
of the subsonic and supersonic flow about real-
life, complex aircraft configurations. Panel meth-
ods have also been used for the analysis of the
flow about propellers. automobiles, trains, sub-
marines, shiphulls, sails, etc. Panel methods have
been used sc heavily because of their ability to
provide for complex configurations linear potenti-
al flow solutions of engineering accuracy at rea-
sonable expense. The latter applies to the com-
puter resources required for running the computer
code as well as to the manhour cost involved in
preparing the input.

The relatively easy input requirement of
panel methods, very important from a user’s point
of view, is directly related to the circumstance
that a discretization is required for the surface
of the 3D configuration only. This is considered
to be an order of magnitude simpler than the vol-
ume discretization of the space around the config-
uration generally needed for finite-difference,
finite-volume and finite-element methods.

It may be noted that in aircraft development
projects the application of panel methods is gra-
dually shifting from the final design phase to-
wards the preliminary design phase and even con-
ceptual design phase, primarily due to:

- increased demands on the accuracy of predicted
aerodynamic characteristics in the earlier
phases of the design process,

- the increase in computer capability (speed and
memory), decrease of its costs and improvement
of turn-around times,

- modern data handling techniques,

- availability of graphic displays and work
stations for visualizing geometry and flow solu-
tions.

Several panel methods, <.z, Ref. 5, 6 and 7,
have been developed and are in use in the aero-
space industry that are variations on the approach
described in Refs. 1 and 2. Other investigators
extended the panel method to linearized supersonic
flow, e.g. Refs. 8 and 9. Because most of these
"first-generation"” panel methods do have some re-
strictions concerning their geometric and aerody-
namic modeling capabilities and require improve-
ment of their computational efficiency several ef-
forts have been undertaken to develop "second-
generation” panel method. e.g. Refs. 10-18,

M>M crit

ONSET
BOUNDARY - LAYER
SEPARATION

FLIGHT ENVELOPE

CRUISE

-
MACH NUMBER

SUBSONIC TRANSPORT
CONFIGURATION

Fig. 2.1 Domain of applicability of panel method
(adapted from Ref. 33)

The major drawback of the present panel
methods is that their range of applicability is
restricted to linear potential flow, i.e. non-
linear compressibility effects are not accounted
for and the important case of local regions of
super-critical flow and shock waves cannot be
treated. The latter occur in the high speed region
in a large portion of the flow field and possibly
at low speeds (at the larger incidences used in
start and landing) in smaller portions of the flow
field. To account for such regions of super-criti-
cal flow would require the use of a transonic
finite-difference or finite-volume code (full-po-
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tential or Euler) on a spatial grid covering the
entire space around the configuration. However, up
to the present time the spatial grid generation
problem has not been solved satisfactorily for
complex configurations as configurations with ex-
tended slats and flaps. In addition, the computer
resources required for present-day finite differ-
ence and finite-volume codes are quite substanti-
al. For the purpose of preliminary design, where a
large number of configurations and flow conditions
are to be considered, full-potential or Euler
methods require far too much effort in terms of
computer resources as well as in terms of man-
hours.

A second drawback of Current panel methods
is that the compuﬁac1onal effgrt and cost, is
proportional to N°, or even N°, where N is related
to the number of panels. This implies that the
method becomes rapidly impractical, i.e. for cur-
rent mainframes for N of the order of 2000-5000,
which typically are panel numbers required for the
resolution required for the coupling of panel
methods with boundary-layer methods. The latter is
relevant for application of the method during de-
tail design. For conceptual and for preliminary
design studies. where considerably less detail is
required the number of panels is typically of the
order of a few hundreds. However, it is also an
experience of the practise of applying panel meth-
ods that this number of panels is often quite
easily "consumed", so that compromises have to he
sought regarding resolution and accuracy. The
latter requires insight into the flow solution,
i.e. aerodynamics, but also a good perception of
the numerics involved in panel methods.

In the present lecture an overview is given
of several aspects related to the formulation and
use of panel methods and the possibilities for ex-
tending the domain of applicability and improving
the computational efficiency. The discussion deals
primarily with methods for the steady flow about
three-dimensional configurations in subsonic or
supersonic flow. It is based on the literature on
the subject and on past and current NLR research.
The latter is aimed at the development of a
higher-order panel method (AEROPAN) and of a panel
method (PDAERO) to be used in preliminary design
studies. The first pertains to "the NLR panel
method", the panel method workhorse used in the-
oretical subsonic aerodynamic analysis during the
last two decades and the NLRAERO panel method for
sub- and supersonic Flow.

2.0  MATHEMATICAL MODEL

2.1 Background
In the aerodynamics of aircraft configura-

tions the Reynolds-averaged Navier-Stokes equa-
tions model essentially all flow details. However,
turbulence and transition need to be modeled in a
manner appropriate to the flow considered. The
computer resources required for numerically
solving the equations on a mesh that sufficiently
resolves the boundary layers, free shear layers
(wakes), vortex cores, etc., are still and for
some time to come will continue to be quite ex-
cessive.

For most high-Reynolds-number flow of inter-
est in aircraft aerodynamics viscous effects are
confined to thin boundary layers, thin wakes and
centers of vortex cores, i.e. the global flow fea-
tures depend only weakly on Reynolds number. This

implies that a model based on Euler®s equations,
which allow the occurrence of shock waves as well
as the convection and stretching of rotational
flow, provides an appealing alternative. On a lo-
cal scale, some kind of model for viscous-flow do-
minated features will be required. This specifi-
cally at points where the flow leaves the surface
(separates) and Vorticity is generated and subse-
quently convected into the flow field (“Kutta con-
ditions"). Although the computer requirements of
Euler codes can be met by the current generation
of supercomputers, routine practical application
of these codes (to relatively simple configura-
tions) starts to emerge now.

If the shocks are not too strong and if the
rotational flow is confined to compact regions,
the flow may be modeled as potential flow with em-
bedded free vortex sheets and vortex filaments.
Now the rotational flow regions are "fitted" ex-
plicitly into the solution, rather than "captured
implicitly as part of the solution as is the case
for above flow models. Flow separation at trailing
edges and at other locations has to be modelled
through Kutta conditions, just like for any other
inviscid flow model. Although one has to decide a
priori on the presence of vortex sheets and cores
and generally the topology of the vortex system
must be well-defined, "fitting" still requires
that both the position and strength of the vortex
sheets and cores have to be determined as part of
the potential-flow solution.

The treatment of vortex sheets and vortex fila-
ments, freely floating in a fixed spatial grid.
poses considerable problems for finite-differ-
ence/valume methods solving the nonlinear full-
potential equation for compressible flow. The com-
puter requirements of full-potential codes are
relatively modest, but application to general air-
craft configurations is hampered by the grid-gene-
ration problem

A special class of methods for compressible poten-
tial flow is formed by the so-called transonic
perturbation (TSP) methods. These methods are
based on an approximation of the full-potential
equation with secme of the nonlinear terms retained
and, with to the same order of approximation, the
boundary condition applied on a planar reference
surface rather than on the true surface. This
eliminates the necessity of curvi-lineae body-
conforming grids: and a much simpler Cartesian grid
can be used, e.g. Boppe (Ref. 19).

In case shockwaves are absent altogether and
the perturbation on the free-stream due t the
presence of the configuration is small. the poten-
tial-flow model is further simplified by lineari-
zation to the linsav-potencial Flow model, govern-
ed by the Prandtl-Glauert equation. Note that for
incompressible flow the small-perturbation assump-
tion is not required, the irrotationality condi-
tion directly reduces Euler®s equations to
Laplace®s equation. In the linear-potential-flow
model the flow and the position of the vortex
sheets and filaments can be solved far by employ-
ing a boundary-integral type of formulation. In
this approach singularity distributions on the
surface of the configuration and on the vortex
sheets are employed to simulate the flow. The for-
mulation requires the discretization of just the
bounding surfaces, i.e. a spatial grid is not re-
quired and in that sense possesses a “"dimension-
lowering"” property. The linear-potential flow mo-
del is the model underlying the classical panel
method. It is emphasized at this point that though
the governing equation in linear, the problem is
still nonlinear because the position of the vortex
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sheets appears nonlinearly in the boundary condi-
tion on the solid surface as well as in the bound-
ary conditions on the vortex sheet itself. It can
be argued that for most configurations in cruise
condition the wakes remain fairly simple, {.«. do
not roll up within one wing span down-stream of
the wing trailing edge. This leads to the conven-
tional attached flow model in which the vortex
sheet is chosen as some appropriate, user-speci-
fied rigid surface, rendering the boundary condi-
tions and therewith the resulting problem fully
linear.

As far as forces and moments is concerned
only Navier-Stokes methods are capable to predict
the total drag, the other methods will predict the
induced (vortex) and the wave component of the
drag.

2.2 Domain of applicability of panel methods
The preceding discussion will have made
clear that a number of substantial assumptions had

to he made to finally arrive at the framework in
which the panel method may be applied soundly. The
assumptions are summarized here as:
- high-Reynolds-number, essentially inviscid flow
. no flow separation other than at the trailing
edges
compact regions with vorticity, i,=. thin wakes
- incompressible flow; or small-perturbation com-
pressible flow without shocks.

The restriction to small-perturbation compressible
flow implies that the linearized potential flow
panel method applies tc configurations with slen-
der bodies and thin wings at low angles of attack
and sideslip. The parmissable non-slenderness,
wing thickness, maximum angle of attack and side
slip depend on the free-stream Mach number .. No
restriction for | - 0, severe restrictions at
high free-stream Mach numbers.

In general it can he stated that the panel
method provides detailed but "simplified aerody-
namics” for complex configurations. This is illus-
trated further in Fig. 2.1, which shows, for a
subsonic transport configuration, the }_-« plane.
Curves indicate the first occurrence of flow fea-
tures such as shock waves and the onset of bound-
ary-layer separation. The shaded area indicates
the domain of applicability of the conventional
panel method, possibly coupled with a boundary-
layer method. The method is restricted to sub-
critical attached flow. The shaded region indi-
cates where the method will give reasonable re-
sults, while even for the indicated design cruise
condition trends in the aerodynamic characteris-
tics will be predicted correctly to some degree.
It will be clear that extension of the panel meth-
od approach into regions with transonic flow,
without sacrificing its ability to treat arbitrary
configurations, would greatly enhance its value
for the aircraft designer.

Another area where there is still a gain to
be realized is to improve upon the treatment of
the wakes. For configurations with extended flaps
or for combat aircraft that operate at higher in-
cidences the rigid-wake approach adopted in most
"first-generation" panel methods is rather inade-
guate and ways have to be found to account for the
effects of non-planar wakes interacting with the
flow about the configuration.
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Fig. 2.2 Attached conical flow on a circular cone
at zero incidence

The nonlinear flow effects can be sub-di-
vided into effects due to large disturbances and
ones due to non-isentropic flow (s.g. bow shock,
strong normal or oblique shocks). As far as the
nonlinear effects in attached supersonic flow is
concerned a guideline can be given by considering
the supersonic flow over a circular cone at zero
incidence. Fig. 2.2 shows a comparison of the
pressure coefficient, which for this case is con-
stant on the cone, computed by linear theory,
full-potential theory and from a conical solution
of Euler®s equations as can be found in shock
tables. It indicates the boundaries of applicabil-
ity of the flow models. It shows that linear theo-
ry is valid in at least some part of the attached
flow regime.

This has been expressed by Steger (Ref. 20)
in an interesting way. Here this is re-expressed
as follows. An aerodynamic characteristic F of a
configuration can be expressed in an asymptotic
fashion as:

F = &, (geometry, M, o) _+_
Fy(nonlinear compressibility,
viscous effects,...) + ...

where ¥ is the leading, 0(1), term and F; the
first-order, 0(4), correction term. The 0{1) term
is provided by the panel-method solution, which
can he obtained relatively easily for complex ge-
ometries since it requires the discretization of
the surface of the object only. The 0(a) term is
provided by the finite-difference, finite-volume
or finite-element method solution, which can not
be obtained so easily for arbitrary configurations
hecause of the necessity to discretize not only
the surface of the object but also the entire
space surrounding the object. OF course one should
realize that 7, the first-order effect, might do-
minate F. This is for instance the case for the
separated flow about a sphere, the transonic flow
with strong shocks, hypersonic flow with real-gas
effects. ete,
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2.3 Governing equations

_The full potential equation is with U - Ve,
with 1 the total velocity vector and ¢ the total
velocity potential, written as

B_(,0%y + 8¢ 8% 3 (8% y -
(g + 3§(pg§ ) e(eg2) = 0 (2.1a)
where
o= o 1+ BLEA - Fe /O (2.1b)

is the density, v the ratio of the specific heats
(= 1.4 for air), while U_ and o, are the magnitude
of the free-stream velocity and density, respecti-
vely. The pressure coefficient C follows from the
isentropic formula:

c . PP
P q
- ‘%5[(1 3 1ﬁluic;“°37/(7‘1) -1] (2.1¢)
T o
. —+ 2
ith ¢ -1 - el 2.14
w - v ( )

©

where a, p U and p and p are the local static
pressurs ang the free-stream static pressure, ves-
pectively, C."denotes the pressure coefficient in
incompressxb?e flow.

In the case of incompressible Flowp * p,. M, = 0
and Eq. (2.1a) reduces to Laplace’s equation, i.e.
with

a - ﬁm + Yo (2.2a)
where ¢ is the perturbation velocity potential,
one finds:

2% , A% % . g
ax:  ayr  9z? (2.2b)

while the pressure coefficient follows from

Bernoulli"s equation, or equivalently from K

(2.1c) for the limit of ¥_ ~ O:

2

o

15+ Yl (2.2¢)

In the case of compressible Flow Eq. ¢{2.1a) is
linearized under the assumptlon that Vo is 0(:)
In case the free stream is directed along the
x-axis Eq. (2.1a) reduces to the Prandtl-Glauert
equation:

32 32 4% 2
«)5:% + —42 4—;;? + 0(e?y =0 (2.3a)
Note that this equation is elliptic for subsonic
free-stream Mach numbers (4, < 1) and hyperbolic
for supersonic free-stream Mach numbers (M, > 1).
Within the scope of the linearization it may be
assumed that for small angles of incidence and
sideslip the compressibility axis remains the
same, i.e. the x-axis rather than the direction of
the free stream U /|Uw| For incompressible flow
the Prandtl-Glauert equation reduces t Laplace"s
equation. Further note that expandlng Egs. sz la-
¢) iIn the Raylexgh -Janzen expansion Tor small Mach
number, i.e.”M = 0(¢) also results in Laplace®s
equation.

To the same order of approximation as used for Eq.
(2.3a), Eg. (2.1b) reduces with Eq. (2.2a) to

p o= il - MEA Ty vl v o(e?) (2.3b)

while the pressure Coefficient follows from the
linearization of Eq. (2.1lc) as

1i

c, B o 2@ o) w2+ 0(e?) (2.3¢)

Sometimes also a quadratic approximation is used,
i,e.

: =z 2

agua _ Clln . Vgl . 1M2{Clln}2+ O(e Y (2.3d)

P P Uy 4w
When in practise the perturbations to the free
stream are not small, Egs. (2.3c and d) may attain
nonphysical values, i.=. lower than the vacuum or
exceeding the stagnation values. In most methods,
using Bqs. (2.3¢ and d) the computed value is lim-
ited to vacuum .and stagnation values:

ca s 2. o
{C } - z-
P vacu TMm
and

2 .
o 21 2,7/ -1
(G} 1ﬁozo[ll + AL M) -1

pstag (2.3£)

A natural way to extend the capability of
linear potential flow methods is the apply Egs.
(2.3a-d) everywhere in the flow field where the
perturbation velocity is small and the full-poten-
tial flow formulation, Egs. (2.1a-¢), in the re-
maining small isolated regions, coupled to each
other through the appropriate boundary conditions
on the common boundary.

. Boundary cenditions
(i) On the syrface S, of the configuration (Fig.
2.3) the condition is imposed that the nor-
mal component of the velocity either vanish-
es (solid body) and is a stream surface or
is prescribed. The latter is amongst others
reqU|red to:
simulate the flow through an inlet fan
face;
simulate propeller slipstream effects;
- simulate jet entrainment;
- incorporate a design option;
- account for the effect of the boundary.
layer through the transpiration
concept, ete., i.e.

U

Fig. 2.3 Airplane configuration

w

- - -+ o
W, + Ve).n Yo (2.4a)

where 7 is the normal to the surface and v
the given normal velocity.
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(ii) On the wake vortex sheet s, two conditions
apply, the stream surface condition EQ.
(2.4a) with v_ = O and the condition that
the static préssure is continuous across the
vortex sheet, i.e.

AC_~C(s5)y -C(s)=-0 2.4b
P P( o) p( ) { )
which as follows from Eg. (2.1lc) can be
expressed as

in, + in, .-
Cp (Sw) - Cp (Sw) =0 {2.4c)
and with Eq. (2.1d)
@t + Ty (et - Vo) ~ 0 (2.4d)
which leads to
+ + *
ua.V(¢ -®)=0 (2.4e)

- + -
with R the average velocity across the wake
vortex sheet S,

(iii) At the trailing edges of 5, the Kutta condi-
tion is applied that the f‘(fow leaves the
surface "smoothly".

(ivy At infinity upstream the perturbation
vanishes. The free-stream velocity vector

ﬁw may consist of (constant) components due
to incidence and sideslip, hut also ones due
to (small) steady rates of pitch, yaw and
roll (p,q,r). Sometimes a user-specified on-
set flow (and total-pressure increment) is
added to model for instance propeller slip-
stream effects. Also other incremental ve-
locity components can be used to model the
flow about configurations which parts move
with respect to each other (=.g. store sepa-

ration).
So we have:
- +
ﬁm(ﬁ) lez cosacosg - %Ysinﬂ + ezsinacosﬂ}
-+ B -

- P XX

+ usﬂs(x)

- AU(x) + (2.4£)

where « is the angls of attack, g the angle
of side slip,p ~pe, *+qs * re_ is the
rotation of the conf?gurat{on, afout the
axis of the reference coordinate systenm,
U_,q(x) is the onset flow due to the slip-
stream of a propeller, to be applied within
the slipstreams, aU(x) Is the onset velocity
due to the relative motion of a part of the
configuration with respect to the global co-
ordinate system.

(v) No upstream influence in supersonic flow.

Above boundary-value problem is a problem in whict
the governing equation is linear but the boundary
conditions Egs. 2.4a and b are nonlinear.

The resulting boundary value problem will be
linear only in case of the approximation in which
the wake 3, is assumed to be a Ffixed surface in
space (the rigzid wake assumption) valid for high-
aspect-ratio, lightly-loaded wings, the wake vor-
tex sheet not interacting strongly with other com-
ponents of the configuration or with other vortex
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sheets. In case of "relaxed wakes" boundary condi-
tion Egs. 2.4a and b are linear and mildly non-
linear in terms of ¢, respectively, but both con-
ditions are highly nonlinear in terms of the, also
to be solved for, position of the vortex wakes.

2.5 Integral representation of the solution

The solution of the potential flow problem
may be represented, through Green®s third identi-
ty, in terms of singularity distributions (source
g and doublet x, see Fig. 2.4 for the definition
of x) over the surface 8, of the configuration and
the vortex sheets 3 in the form (see Ref. 21 for
incompressible and Eor. 22 for subsonic compress-
ible flow) :

Fig. 2.4 Definition of doublet distribution

) = o (X)) + 9, (x) (2.5a)
where
-1 [fq(hdsGa (2.5b)

e (x) =L [f £

1.+

0, = - B Linc 18 Bes i

are the velocity potential induced by the source
and the doublet distribution, respectively.

InEq. (2.5) K = [B](x -X), n is the normal di-
rected into the flow tield and the compressibility
matrix [B] is defined as

1 0 0
[B] = 0 B O (2.5d)
0 0 B
where B = (1 - Mi)l/z, and
1 1 0 0
[B""] = 0 1/8 0 (2.5e)
0 o 1/B

The velocity potential as defined in Eq. (2.5) sa-
tisfies the Prandtl-Glauert equation Eq. (2.3a)
exactly. They also satisfy the far-field boundary
condition. The integrals in Eq. (2.5) have a sin-
gular integrand, which results, for regular 4 and
g, @n a situation where the potential is regular
everywhere, except that it has a jump across s,
1.2,
- i‘ - P.= -1 -+
w(xoes b © (xoeS) + iy(xo) (2.5£)

where the superscript P denotes the so-called
Principal-Value of the integral.
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The velocity field induced by the singulari-
ty distributions follows from Eq. (2.5) through
differentiation, as:

B(x) = Vel ) - ﬁqci'o) * 3,;&0) (2.6a)
where
q(x)-E—ds (%)
3“(§0) - 37(;0) " Gv(io) (2.6¢)
with
(2.6d)

u (&)= fBLIf((B]Y) x Bras(x)
7 s %]
btw
and
u k) = - FBL fuG-Bo x ([B)a ) (2.6e)
R

b+w

P{ST)-0(S7} =

un
G,(87)-U,(87)
SOURCE DISTRIBUTION

(8*)-u,(87) = a/BE(.Mm

where i = {B e by, the so-called go-normal,
The vector m is parallel to the normal & in case
of incompressible flow and in case n is normal to
or along the x-axis (-. "compressibility axis").

Considering above expressions we note that the
Jjump in the velocity potential is solely due to
the doublet distribution, the velocity potential
due to a source distribution is continuous across
the distribution. The velocity due to the source
distribution has a jump in normal direction across
the distribution. The velocity induced by the dou-
blet distribution has ajump in tangentlal and |n
normal direction.. since ~1><m - (n rn)V[.L + (. V,u)n
In the case of incompressible flow the velocity
across the doublet distribution experiences a jump
in the tangential component only. This feature has
as consequence that modeling vortex sheets (which
have a jump in the tangential velocity only) in
compressible flew requires a composite singularity
distribution consisting of a doublet distribution
of strgngth & and a source distribution of strength
g=-8"(m.Vu).

DOUBLET DISTRIBUTION

Fig. 2.5 Jump conditions across source and doublet distributions

Here we used the equivalence between the velocity
induced by a doublet distribution g with that in-
duced by a surface vorticity distribution 7 of
strength ¥ = - nx¥s plus that induced by a concen-
trated vortex of strengthT = g along the boundary
of s. Both the vorticity vector v and the gradient
of the doublet disrribution ¥s are tangential to
the surface carrying the doublet distribution.

Note that in using the equivalence property it is
assumed that g is continuous everywhere on Sy, and
S. except possibly at its boundary 3s, . . The main
advantage OF using the doublet distrlgutlon P
rather than the surface vorticity distribution 7
is that Kelvin's vortex laws (e.z. that vortex
lines only begin or end on the solid surface and
are closed otherwise) are satisfied automatically.
Across the surface the velocity is discontinuous,
see Fig. 2.5, L.e

3G es™) - W es) + Flath YE, + Pxm/ )

(2.6£)

2.6 Mass-flux boundarvy condition

In the literature sometimes reference is
made to the so-called (linearized)_mass-flux vec-
tor. The mass-flux is defined as

W o+ W) (2.7a)
2
- - -
-, ¥ - RO AU 0(e?) (2.76)

8

The (linearized) perturbation mass-flux vector is
then defined as the difference between the total
mass 5 flux vector and icts free stream value,

W= - U, which like v = Vgo has order of mag-
nitude «.” I the derivation of Eq. (2.7b) we used
Eq. (2.3b) to order «. Employing the jump relation
given in Eq. (2.6f) it turns out that

;<;0¢si> - WPEes) t Lo tar/@m - Te) (2.70)

showing that the doublet distribution has associ;
ated with it a jump in the tangential component w
only, while the source distribution causes a jump

in the direction of the co-normal, i.e. in general
in both the normal and the tangential direction.
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2.7 Correspondence between uq_and u

q

Next we point out some relations that can be util-
ized to reduce the computational burden. The first
one is the corresvondence between the velocity
field u_(x_;q) induced by a source distribution q
and the%velocity u (x ) induced by a vorticity
distribution. Inspéctfon of the components of Egs.
(2.6b) and (2.6d) learns that one can write:

3
Gy - [Blkgj_ékx{[B'lléqtio;q={slw.ek)) (2.8)

where e , k= 1,2and 3 denotes the unit vector in
X,y anh z direction, respectively.

2.8 Symmetry

In cases WIth port-gide/starboard side
symretry In both geometry and the flow computing
time can he saved by realizing that the singulari-
ty distribution on the port side will be identical
to the one on the starboard side. If-then the po-
tential and_the velocity induced at x by the |
starboard-side distribution are denot®d by yS(x
and 2%¢x 3y, respectively, one finds that the pof-
ential and velocity induced at x by the complete
configuration are

e = o°G ) + PSR (2.9a)

and

WEY = W) + [S]GS([S'l]QO) (2.9b)

respectively, where [$} is the so-called star
board/port-side symmetry matrix defined as

1 0 0
[s] = jo -1 o
o ¢ 1

with [s™}) = [5]

(2.%¢)

This implies that only the starboard side of the
configuration needs to be discretized and subject-
ed to the boundary conditions.

A final point is that in case the geometry is sym-
metric, but the flow is not symmetric because of
the boundary conditions (e.g. side-slipping con-
figuration) the problem can he reduced by almost a
factor of 2 by formulating the problem in terms of
the average and the difference of the singularity
distributions on port and starboard side.

In this case one can write for the velocity in-
duced by for instance the source distribution on
the complete configuration:

UG = B s + (SIS gy
FEE ey - 190as T hE e (2.10a)
with

qa, = @°+ d®)/2 and q, = (g5 qp)/2 (2.108)

where qsand quenote the source distribution on
the starboard and the port side, respectively. In
case of flow symmetry q, = 0 and Eq. (2.10a) re-
duces to Eq. (2.9b). For the mirror-imaged point,
located at [S]x one then gets:

BISIE 0 - SIESE ey + 1518°(s THE e

(s18%¢1s™ M5 g 1)
(2.10c¢)

- @Gy -
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By also considering the average and the difference
of the boundary conditigns on the starboard and
the port side (n® = [3)n°) the integral equations
for the average and the difference singularity
distributions, resulting from imposing the bound-
ary conditions, decouple and can be solved for
sepatately.

In both the fully-symmetric case and the geomet-
ric-symmetric case the surfaces that lie exactly
in the plane of symmetry (y = 0) require special
treatment.

More general cases of geometric and not necessari-
ly aerodynamic symmetry can be formulated, like
upper/lower In combination with starboard/port-
side symmetry, N-lobe axi-symmetry, etc

DOMAIN OF
DEPENDENCEOFFOll:;wr}!\HD DOMAIN OF
INFLUENCE Of
U -~ MACH CONE
o0 '\ *
=X NN S,

MACH CONE ~\ n.~

MACH CONE:
(%=X)2+(1-M2)(¥,-y)* +(2,-2)%} =0

Fig. 2.6 Definitions in supersonic flow

2.9 supersonic flow

In supersonic flow the solution of the
Prandtl-Glauert equation can also be written in
terms of a source and a doublet distribution on
the surface of the configuration, see Ref. 22.
However, here the hyperbolic character of the
equation is to be accounted for by restricting the
surface of integration in Egs. (2.5a), (2.5b),
(2.6b), (2.6d) and (2.6e) to the area within the
forward Mach cone from the point Xoo dee. the
velocity potential induced by a source distribu-
tion becomes

(2.11a)

IR|

9, (%) = 55 giq(Q)éﬁéﬂl
b

where s denotes that part of s, falling within
the forward Mach cone from x (%he domain of de-
pendence of « ) (see Fig. 2.8). In Eq. (2.1la) a
factor of 1/2% is used rather than the factor 1/4n
occurring in Eq. (2.5b). This is commensurate with
the circumstance that all the mass produced by a
supersonic source has to flow aft through the aft
Mach cone (i.e. domain of influence) rather than
through both the forward and the aft Mach cone. In
performing the integration in Eq. (2.1la) care
should he taken to extract the proper "finite
part” in the sense of Hadamard. The latter is con-
nected with the circumstance that

IR}

| [B] (%, -%) |

1/2

3

(e, -0% + B2y, 2+ -2 2o
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which with B = i- M being negative means that the
integrand in Eq. (2. T11a) is singular for all points
@n the Mach cone, i.e. even though in Fig. 2.3

X is ngt on 8, the integrand is singular for all
points ¥ thaf lhe on 8S$(x) In subsonic flow the
_{integrand became singular_only in case the point

x was on the surface Sb(x).

In the same fashion one can write for the poten-
tial induced by the doublet distribution, see H.
(2.5¢)

wp(xo) -

2 - -1+ = o
%; jjy(x)lﬁ_T§?§BGS<x) (2.1te)
SEew R

The expression for the velocity induced by the
source and doublet distribution are found in a
similar way from Eq. (2.6b}, (2.6d) and (2.6e),

i.e.

. _iB "’ﬁ —+ |

uq(xo) %Eigiq(x)ngde(x] (2.11d)

_.-’aB -+ ﬁ -+

u (%) %;l{f([ﬁ]v) X TEngS(x) (2.11e)
-+

a(x ) - - %—lag*p(x)—g—g % ([B]dE(x)) (2.11f)

Note that in above expressions B, which has an
|3aglmry value for t_ > 1, only occurs as
=1 M which is negative.

It can be derived that the jumps in the velocity
potential and the velocity across the source and
the doublet distribution are identical to the ones
given in Egs. (2.5f) and (2.6f).

In supersonic flow one distinguishes so-
called subsonic and supersonic leading and trail-
ing edges. For a subsonic edge the component of
the free-stream Mach number normal to the edge is
smaller than 1.0, for a supersonic edge this com-
ponent exceeds the sonic value of 1.0,i.=. for a
subsonic leading/trailing edge the edge is swept
beyond the Mach cone, for a supersonic edge the
edge is swept forward of the Mach cone. As illus-
trated in Fig. 2.7 the behaviour of the flow near
a subsonic edge is completely different from the
one nzar a supersonic edge.

SUPERSONIC FLOW

UPPER-LOWER SIDE
COMMUNICATION

MACH CONE

S
~—
_—
—
—

-Cp

/’mx

LEADING EDGE

Fig. 2.7a Subsonic leading edge

SUPERSONIC FLOW

3

LEADING EDGE 'Cp i

o

X

NO UPPER-LOWER SIDE
COMMUNICATION

MACH CONE

Fig. 2.7b Supersanic leading edge

For a subsonic leading edge the flow corners
around the edge resulting Into a singularity in
the velocity field at the edge. The latter leads
to the leading-edge suction force which counter-
acts the drag force. This also implies that there
IS communication between the upper and the lower
wing surface, which means amongst others that at a
subsonic trailing edge a Kutta condition is re-
quired to rule out expansion of the flow around
the edge and force the flow to separate at the
edge.

At a supersonic leading edge there is no
communication possible between upper and lower
side, the pressure is finite, though discontinu-
ous, at the edge while consequently the leading-
edge suction force is lost. At a supersonic trail-
ing edge also a discontinuity in the pressure may
exist because upstream influence is not possible.
This implies that at a supersonic trailing edge a
finite jump in the pressure is possible and also
that a Kutta condition is not to be applied at
such a trailing edge.

2.10 gothert transformation

In section 2.5 the solution of the Prandtl-
Glauert equation, Eq. (2.3a), was given directly
in terms of elementary solutions of the Prandtl-
Glauert equation. The solution can also be formu-
lated differently by first transforming the
Prandtl-Glauert equation o the Laplace equations.
The transformation & -~ (B ]x, i.e.

E=-x,n-28y, ¢ =8Bz (2.12a)
transforms Eq. (2.3a) with ¢ ~ WBZ into:

EE% + §;¢ g?% -0 (2.12a)

so that

3

dx

!J:Hr—-
2

de
ay
e
8z

(2.12¢)

W W
2k SR

This implies that one has to solve Laplace"s equa-
tion for the so-called. "analogous configuration®*
in the (£,n,{) space. The "analogous configura-
tion" is thinner, has a smaller span and a higher
sweep, than the true configuration in the (x,y,2)
space.

Denoting the configuration in physical space by
F(x,y,z)=0, it follows that the normal vector can
be expressed as:
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N 8F 8F gF T aF 2 3F 2 [ﬂ]Z}lﬂ
n- [Bx’ 3y’ az] /{[6x] * [ay] * oz
(2.13

In the transformed space the vector normal to the
'analogous configuration”™ can be expressed as

> aF aF aF)T [ 2(aF)2 (8F)?2 3_F]2}1/2
v = {Bax’ 3y’ 62] /{B [ax + [ay] * ez

{2.13b)

a)

T
- (an, ny, nz) f
2 2 21/2
aF 3F aF
{ [BX] * [ay] * [32] }

f -
32 aF 2 . [ﬁ_F 2 . [ﬂ]2}l/2
ax ay dz
It follows that applying the normal-velocity

condition & - -anxB in the transformed plane,
results i’

where

[BZQQn + den  + dup 1f - U (2.14)
X X ® X

dy'y éz =z

which differs from the true boundary condition in
physical space. Only if the small-perturbation as-
sumption is made inwhich £ 1+ 0¢e“) and_the
first term on the left of Eq. (2.14)_1is 0{(¢“), or
for i, - O, does one recover, to O(ez), the cor-
rect boundary condition.

An advantage from a theoretical point of view is
that for above formulation, known as Gothert rule
1. the uniqueness of the solution can be generally
proved, which is not the case otherwise. There are
further alternative Prandti-Glausrt-Gothert trans-
formations possible, based on differences in the
sealings between ¢ and ¥.

An alternative formulation, known as Gothert rule
11, but still employing¢ = ¥/8<, is to solve Eq.
(2.12b) 1in the transformed space employing incom-
pressible source and doublet distributions, to
transform the velocity components to physical
space employing Eq. (2.12¢) and to apply the
boundary condition in physical space.

It appears that working with the direct
formulation, like described in sections 2.5, 2.7
and 2.9, in which compressible source and doublet
distributions are employed on the surface of the
configuration in physical space, and the true
boundary condition is imposed, has a slight pref-
erence. This certainly applies to the case of
supersonic flow where the finite-part integration
is to be performed.

2.11 Two-dimensional flow

In the present paper the emphasis is on
three-dimensional flow applications. In case the
panel method is to he applied to a two-dimensional
configuration mostly a three-dimensional configu-
ration is specified with a large span-chord ratio
(typically of order 100). Alternatively a two-di-
mensional formulation can be developed directly
starting from the two-dimensional Laplace or
Prandtl-Glauert equation, or, as a very instruc-
tive exercise, from the three-dimensional integral
formulation by taking the singularity distribution
constant in spanwise direction and integrating
over the interval ye[-«,»]. The latter approach is
taken here.

In this way one finds from Eg. (2.5b):

-+ = 1 - = —
¢q(xo) T £q<x)1n|R2d|dC(x> (2.15a)
b
—+ —+ —+ = —+ -
where X =xe + 2z e , X ==xe + ze_,
[+] o X o Z X z

K, ~[B1(X -5
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and Cy, denotes the contour of the configuration in
the x-z plane. In the derivation it has been as-
sumed that the total integrated source strength
equals zero.

From Eq. (2.5¢) it follows that in two dimensions

-1, =2

v e BIRE,

¢#(Xo) - 7% IF(X)——~—§———§—dC(X)
btw l 2d|

(2.15b)

where K= n 8+ neée. and C the contour of the
configuratignxpluszi%s wakebtw the =-z plane. The
doublet distribution on a two-dimensional wake is
constant, i.e. It serves as a cut to yield a
single-valued description of the potential.

The velocity distribution due to the source and
doublet distribution can be obtained in a similar
way from Egs. (2.6b), (2.6d) and (2.6e), resulting

in
(§)_§29_§dC(i)
with 5 directed along the y-axis, i.e. perpendi-
cular to the x-z plane, one finds:
-+ - B -+ §2d =
i (X) - %;% {([B]y) x = SAC()  (2.16b)
H+w l 2d

For the contribution due to the vortex along the
edge of the doublet distribution it can be derived
that

¥) 224 ¥ for X € aC

which is the velocity induced by a (compressible)
vortex located on the edge of the distribution.

In two-dimensional flow the disturbances due to
the source and doublet distributions die out less
rapidly with distance from the distribution than
in three-dimensional flow, {.=.

- -+ = - 2 —+ = 3
£n|R2d| versus 1/|R{, R2d/|R2d| versus R/|R|7,
etc.

This corresponds with the differences in character
of two- and three-dimensional flow, the two-dimen-

sional flow being forced to remain within parallel
planes and not being allowed to escape sideways.

Finally it is noted that starting from the three-
dimensional formulation other, (quasi-)two-dimen-
sional formulations can be derived. These include

the case of conical flow where the geometry scales
linearly with %, i.e.

- “+ =2
x = x(ex+ X(y/¥x,z/8%))
with K some constant, while

g = q(y/Kx,z/Kx) and p = xM(y/Rx,z/kx)
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3. IMPLEMENTATION OF BOUNDARY CONDITIONS

3.1 Neumann condition on §

On the solid surface s, of the configuration
the stream-surface conditions, Eq. (2.4a) is ap-
plied, with vy known. The most obvious manner to
impose this condition is to substitute the inte-
gral rspreszntacions Eqs. (2.6) directly into Eq.
(2.4a). However, before this can be done one has
to fir a remaining degree of freedom in the formu-
lation, i,=, there are two singularity distribu-
tions but just one boundary conditionon $,. The
degree of freedom relates to the circumstance that
the flow inside the volume enclosed by &, is arbi-
trary. The fictitious flow within 5, , and there-
with the degree of freedom, is fixeg by specifying
some relation between the two singularity distri-
butions or by choosing one of them. In the "first-
generation” panel methods the following possibili-
ties have been implemented:

q G
BGDIES Unknowrn None or for LCO
WINGS Unknown "Mode function”

LCO: Lift-Carry-Over from WINGS to BODIES

Here "BODIES" denote parts of the configuration
that have volume but no clearly defined trailing
edge and do not have a wake surface associated
with them. The flow over such a part in isolation
would not generate any lift force. "WINGS" denote
parts of the configuration that have volume or no
volume, but in any case have a trailing edge and
an associated wake surface, while these parts do
generate lift, both in isolation and when part of
a complete configuration. In case a "BODY" is at-
tached t a "WING" the lift does not fall to zero
at the junction of the body and the wing: the body
carries some lift also, which is often referred to
as lift-carry-over (LCO).

Most first generation panel methods started as
methods that could not represent the generation of
lift forces. These methods had only a source dis-
tribution on the surface of the configuration s
and did not feature wake surfaces $ . Later the
methods where extended to cases with lift by in-
corporating doublet distributions (and wakes) in
some relatively simple fashion, mostly in the form
of what can be described as a "Mode function" ap-
proach.

The "Mode function" (given shape, unknown ampli-
tude) doublet distribution is situated on the wing
surface itself or on some auxiliary surface (often
the camber surface or part of the camber surface)
inside the wing, see Fig. 3.1. At the trailing
edge the doublet distribution on the auxiliary
surface is continued onto 3. One of the problems
encountered over and over again in the application
of these first-generation panel methods is that
the doublet distribution (vortex system) of the
wing has to be continued into or onto appended
parts without trailing edge such as fuselages. tip
tanks, etc. This is necessary to avoid in a few
situations, or to position in a physically correct
manner in most situations, the concentrated vortex
associated with the second term in Eq. {(2.6e}), or
in other words to properly account for the lift-
carry-over.
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TRAILING EDGE:
KUTTA CONDITION

S,: NEUMANN
CONDITION ___

S, DOUBLET
DISTRI-
BUTION

S.: DOUBLET
DISTRIBUTION
(MODE FUNCTION)

IS; SOURCE
DISTRIBUTION
(UNKNOWN)

rig. 3.1 Example of formulation of first
generation panel method

Lift-carry-over occurs when the wing inter-
sects the fuselage, the wing intersects the tip
tank, the horizontal tail intersects the fuselage,
the vertical tail intersects the fuselage, a pylon
intersects a store or a tip tank, etc. In not all
of these cases Is the choice of the appropriate
way to handle lift-carry-over as trivial a problem
as for a simple wing-fuselage intersection of a
geometrically starboard/port-side symmetric air-
craft in symmetric flight.

Fig. 3.2 provides an example in which the wing
intersects the fuselage and the tip tank. If the
wing doublet distribution would end at the inter-
sections there would have been a discrete vortex
along the wing-fuselage junction and along the
junction of the wing and the tip tank. By intro-
ducing a LCO segment, carrying a in doublet dis-
tribution which is constant in spanwise direction
and which in chordwise direction has the Same dis-
tribution as the wing doublet distribution has
along the section. the vortex along the wing- fuse-
lage junction and the intersection of the wake
with the fuselage is displaced to the fuselage
center line. Here is will be cancelled by the vor-
tex from the port-side LCO segment, at least for
symmetric flow conditions. The vortex along the
tip-tank/wing junction is displaced to the center
line of the tip tank where it truthfully simulates
the tip flow around the tank, and downstream of
the tip tank, the wing-tip vortex. This indicates
that the LCO segments are used to position the
discrete vortices, associated with doublet distri-
butions that are non-zero at their bounding edges,
at physically correct locations.
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FUSELAGE
TIPTANK

/_.—-'__7

, . MOVE
" LCO: Lift-Carry-Over , VORTEX
POS: Plane-of-Symmetry TO POS

Fig. 3.2 Example of the use of lift-carry-over (LCO) Segments

The formulation of the problem leads, using
the direct implementation of the Neumann condi-
tion, to the following Fredholm integral equation
of the second kind for ths source distribution q:

+ E(ﬁo).([B}£Iq<§>ﬁq<§o,§>dS(§) + 8 de £,
b

for all % 8
or a .«éb.

In Eq. (3.1a) the kernel R follows from Eq.
(2.6b) for subsonic Elgw afid fFrom Eq. (2.110) for

supersonic flow. ¢.g. K - R/41|R1 for subsonic
flow.

The term due to the mode function doublet distri
bution can be expressed as

() - -[B]if([B](Ex$p>»xﬁy<io,§)ds<§)

atw

*node f.

(8] [nCOR (5, 0x(([B]dd)
95w
(3.1b)
where ¥ and ¥ follows from Egs. (2.6d and e) for
subsonif Flow %nd from Eqs. {2 1lle and £) for su-
personic flow, i.s. K =R =K . InEq. (3.1b)
s denotes the zuxifiary surfdee carrying the
mdae-function doublet distribution and the wake
onto which the doublet distribution is continued
to infinity downstream (e.g. see Fig. 3.1). The
chordwise shape of the doublet distribution is
usually given, the spanwise variation of the am-
plitude of the mode function is found by supple-
menting the Neumann condition Eq. (3.1a} on §
with a Kutta condition along the trailing edge.

The example given in Fig. 3.1 is just one of
several ways in which lift can be added to a basic
Neumann Fformulation. Other examples are a linearly
varying doublet distribution on S, , again deter-
mined by a Kutta condition at the trailing edge;
defining a doublet distribution on the camber sur-
face and applying the conditions that this surface
is a stream surface for the internal flow.

The Fredholm integral equation given in Eq.

(3.1) provides a sound basis for a well-condition-
ed discretization. Once the solution of Eq. (3.1a)
is obtained the tangential velocity is computed
from the evaluation of the integral representa-
tion, Eqgs. (2.6b), (2.6d) and (2.6e) for subsonic
flow and Egs. (2.114), (2.1lle) and (2.11f) for
supersonic Flow.

P =-H :'ﬁ)( (Uw)(?]) +VHH—V},L
Fig. 3.3 Dirichlet condition on the perturbation

potential
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3.2 Dirichlet condition on

Most of the "second-gen%hatlon" panel meth-
ods offer an attractive alternative to the direct
application of the Neumann condition described
above. Utilizing the jump properties across the
singularity distributions the Neumann condition
for the flow external to the volume v, enclosed by
the surface s, can be converted into a Dirichlet
condition for the flow inside V- An example, sce
Fig. 3.3, is the formulation in"which the pertur-
bation velocity potential ¢ is set equal to zero
for all points x ¢ S{). This implies that ¢ = O
everywhere inside v, "and therefore also that
n.Vp = 0 for x ¢ 5. It then follows from Egy.
(2.6f) and the®Neumann condition for x _ « Sb
that °

<P ,+ =

&) A . %{q/Bz + (m. Vw1 /(n.m) = 0

(3.2a)

for X ¢ Sb and

-+ P -+ —+ 2 -+ > S
[Uw+ u (xo)].n + %-{q/B + (m.Yp}l/(n.m) = Yo

respectively. Subtraction of these two equations
then yields the following relation between the
source distribution g and the doublet distribution
1 on Sb:

q - B2@.m (v U ) - B2 (m. %) (3.2¢)

The equivalent formulation of the boundary condi-
tion that should be a stream surface also leads
to a Fredholm integral equation of the second
kind, now for p.

The integral equation follows directly from Eq.
(2.5) as:

JuGE) - [IRGOR (R RESG) - .Srfq(x)Rq(.\:o,x)dS(x)

S

b+w b (3.3)
where for subsonic flow 8 and X_ follow from Eq.
(2.5¢) and (2.5b), respectively, for supersonic
flow from Egs. (2.11e) and (2.1la), respectively.
In case of a body with a trailing edge the wake
attached to it at the trailing edge will carry a
doublet distribution. The Kutta condition requires
chat the doublet distribution is at least continu-
ous in function value, otherwise we would intro-
duce a discrete vortex at the edge and consequent-
ly an infinite velocity at the edge.

This implies that at the trailing edge there is a
discontinuity in the doublet distribution. Since
usually trailing edges are "natural' breaks in the
surface of the configuration the discontinuity in
the doublet distribution will not cause additional
difficulties in the discretization of the formula-
tion.

The Dirichlet formulation does not require ficti-
tious auxiliary internal Lift-Carry-Over surfaces.
However, note that at the intersection of the wake
of a wing with a body the doublet distribution on
the body has a jump (equal to the wake doublet
strength) (Fig, 3.4). It then means that the in-
tersection of the wake with the fuselage should be
treated explicitly as a break in the description
of the cross-section of the fuselage.
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Fig. 3.4 Lift-Carryover in case of Dirichlet
condition

Once Eq. (3.3) i.ssolved for the doublet distribu-
tion, the tangential velocity on 3. can be obtain-
ed as follows. The Dirichlet boundary condition on
8. implieg rhat the mean (i.e. Principal) value
bécomes ¢° (X )} = - iu, see Eq. (2.5f). From this
same equation it: fo?lows also that

+ -
tp(xocS:) = -p(xo) (3.4a)

and from Eq. (2.6£), solving U from B(3 ¢s5) = 0
- 0 b
we Find

- -+ + —+ 2 - 2 - - - -
a(x €Sy = U+ (q/B + (m. Yy in/(n.m) - Vu

(3.4Db)
With Eg. (3.2c) this yields

- - S+ - 6 —+ + - 6 3.4
u(r € b) = nx( cmxn) v, - Vi (3.4¢c)

This last expression does not involve an evalua-
tion of any integral representation, just the gra-
dient of the doublet distribution has to be deter-
mined on the surface of the configuration together
with the tangential component of the free-stream
velocity (and other onset flows) and the user-
specified outflow.

The latter circumstance is a clear advantage of
employing the Dirichlet condition. A further ad-
vantage is that now a scalar function, ¢, is to_ be
considered rather than a vector-like quantity, u.
This means that the storage problem is considera-
bly reduced. As will be shown later on computing
time required to evaluate the integral representa-
tion is not changed substantially by the approach.

In above formulation the choice was made to
set the perturbation velocity potential ¢ equal to
zero in the interior of v, . This results in an in-
ternal flow field that is identical to free
stream. An alternative formylation is to sgr the
total velocity potential &(x) = ¢(x) + U .x equal
to zavo iIn the interior of V., s2e Fig. 3.5.
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U Or=-pu U*=v.n-vy

Fig. 3.5 Dirichlet condition on &

Since then the total velocity is zero in the inte-
rior, Eq. (2.6f) yields for the normal component
of the velocity on the inner side of S;:

T+FE .5 %[q/Bz + (@.Fw/@am) - 0,
«° ° (3.5a)

ie. forx e S and for the normal component of
the veIOC|%y on the outer side of 3,

—+ =P - -;+1 2+"" -+ =
{Um+ 1 (xo)}.n 7{q/B (m.Vi)}/{n.m) = Vo
(3.5b)

i.e. for ;o€ S;, which replace Egs. (3.2 a and b).

From these two equations it follows that now

q =82 Gmv - B .V (3.5¢)
Note that for zero outflow v and incompressible
flow Eq. (3.5¢) yields q = O, i.e. for that case
the potential flow solution can he found without
employing a source distribution.

The integral equation to be used for the formula-
tion of the Dirichlet condition in terms of the
total potential is

G - JIaGOR G 08 =
b+w

-

- gfq<§>Kq<§o,§)ds<§> - %,
b

(3.6)

again a Fredholm equation of the second kind, dif-
fering from the integral equation Eq. (3.3) in the
right-hand side only.

Once the solution of Eq.
that

(3.6) is known it follows

¢<;Oes;) . y(?o) (3.7a)

- = + -+
. - .7b
u(xoeSb} v n Vi {3.7t)

for points on the exterior side of 5., while in
the interior of v, the flow is at rest.

Fig. 3.6 Dirichlet condition on¢ and &

A combination of the two Dirichlet conditions is
also possible (e.g. see Fig, 3.6). In this case
the flow in Vy is stagnant flow. The boundary con-
ditions applied are

¢ =0o0ns,, and & =

On the intersection 54
have

0 on Séz'
of the two volumes we then

- _ +
=0on 55 while & = 0 on ;-

Carrying out the analysis as above leads to the
situation in which the source distribution on 3, ;
and S.., are given by Eq. (3.2¢) and (3.5¢), re-
specé%vely Furthermore, applying on S, the jump

relations leads to the specificationo s, rather
than q, as
p(xes) = U .% (3.8a)

while q(x ¢ s,) follows from an integral equation.
On the whole ihe problem can be expressed as the
following set of mixed type of integral equations
to be solved simultaneously:

for e Sblz
7,u(x )- ffp(x)K (x LX) dS (%) - ffq(x)ﬁ (X ,R)dS(X) =
b1+b2 1

- ffq(x)R (x ,X}3dS (%) - pr(x)R (x x}dS(x)
b1+b2 1
(3.8b)

for X € ng:
Fu(x)- ff#(X)R (%, %)dS(X) - ffq(x)R (X, %)ds(x) =
b1+b2 i

- qu(x)k (x LX) A8 (X) - fjp(x)K (x ,X)dS (%)
Sp1+b2 51

- =+
- U .x
"o

(3.8¢)
for % e s
o] 1

pr(x)K G, ) as (R ffq(x)R (x,, 948Gy =
bl+b2 1

ffq(x)K (x x)dS(x)- ffp(x)K (x x)dS(x)
b1+b2 l

_14 -
1% (3.84)
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Still a further alternative is to apply both the
external Neumann and the internal Dirichlet bound-
ary condition. This direct approach leads to a
coupled s=r of integral equations for the unknown
source and unknown doublet distribution. Moreover,
now both the velocity and the potential have to be
computed resulting in a substantial increase in
computational effort. This concerns not as much
the computing time needed for the evaluation of
the integrals but specifically the computing time
involved in having to solve a system of equations
with twice the dimension compared to the system
resulting from the formulations discussed above,
as well as the additional storage required. The
possible advantage of the direct approach is that
in discretized form it sometimes is more accurate
than the indirect approach described above in
which the source distribution is computed directly
utilizing that in the inside of the body the po-
tential is zero every-where. This is apparently
due to the circumstance that upon discretization
and setting the potential equal to zero at a set
of discrete points on the interior side of 3, re-
sults in an interior potential field which iS not
exactly zero every-where but zero to the order of
approximation employed. In case of coarse or ir-
regular panelling it is imaginable that for a
given number of panels the direct formulation in-
volving two boundary conditions per panel might
results in a more accurate simulation of the ex-
terior flow field than the indirect formulation.

3.3 Lifting surface approximation
In the derivation of the Prandtl-Glauert

equation it was implicitly assumed that bodies are
pointed and slender while wings are relatively
thin. Within the framework of linear theory the
stream-surface condition on the upper and lower
wing surfaces can be simplified t» a boundary con-
dition on a reference surface, ¢.g. the camber
surface or any other reference surface sufficient-
ly close to the true upper and lower wing surface

(Fig. 3.7).

X'+ axY

r vl
X'+ AX
WING REFERENCE SURFACE S¢

Fig. 3.7 Lifting surface approximation
In the lifting-surface approximation points on the
wing surfaces are defined as

- o -, 2
<= xR (3.9a)

where r, u and ¢ denote the reference ("lifting")
surface, upper wing surface and lower wing sur-
jgge respectively. Under the assumptions that

ax """ and its first derivatives are small of order
¢ one may write

-u, # S -'u,EXHr} . 0(52)

n =% (n - T (3.9b)

-+ = - - art

GET e Y T IE o) 9o
where ' denotes the vector normal to the refer-

ence surface, while the + and the - refer to the
up Eef and lower side, respectively.
, of order ¢, is tangential to the reference

surface and contains a llgear combination of the
first derivatives of ax '". The normal velocity
condition on the true upper and lower wing sur-
faces is expanded in terms of ¢ as well, using Eq.
(3.9¢). In the expansion it is assumed that, to
leading order of approximation, the velocity on
the true surface may be replaced by the velocity
on the reference surface, sze Eq. (3.9c), where
W) is the perturbatlon velocity assumed o be
of order ¢. Adding the two expressions resulting
from the approximated normal velocity boundary
condition applied on upper and lower side, yields

NEa ey
(3.10a)
where the second term on the right-hand side can
be rewritten in terms of the slope of the thick-
ness dlstrlbutlon gf the wing. The latter one is
zero in case AX"=xx”, i.e. for a wing of infini-
tesimal thickness. The flow problem at hand is
solved by a source and a doublet distribution both
situated on the reference surface, supplemented by
the continuation of the doublet distribution on
the wake. Substitution of the jump relation, Eq.

-, Y - - £ =4
FEE™ - WETHLAET = Jol ) + 50

(2.6£), then yields the following relation for q:
-+ - ,E' -+ -t
g = ZBz(n.m)[%(v: + vi)+ %U A - BYE. T
(3.10b)

where the last term on the right-hand side is zero
for incompressible flow as yell as in compressible
flow in_case the co-normal m is parallel to the
normal 1.

Subtracting the two expressions yields:

—+ —+P - -7 _1 u_ ¥ 17 -+ - f —+7
fu, +u (xo}}.n 2.(vn vn) + IUm.(T +T" yxn
(3.10c¢)

The second term on the right-hand side corresponds
to the slope of the camber distribution "added" to
the, not-necessarily planar, wing reference sur-
a%e The add-on camber will be zero in case

-a¥%, 1.e. in the case the reference surface
|s chosen to be the camber surface of the wing.
It follows from Eq (%.10c), upon substitution of
Egs. (2.6d and e), that the lifting-surface ap-
proximation leads to the following integral equa-

tion for p:

a . (8] (- JUBIG STy as - [ R x((B1dD)) -
S

r+w ¢ r+w

w

= vty ¢ T LANEET T

(3.104d)

BJgququ

where K and € follow from Egs. (2.6d4 and e) for
subsonif Flow %na from Eq. (2.11e and f) for su-
personic flow. Eq. (3.10d) is definitely not a
Fredholm integral equation of the second kind, it
probably has to be classified as an integral equa
tion belonging to the class of Fredholm integral
equations of the. first kind. In above integral
equation the derivative of p appears rather then
the functionvalue itself. while also the second
term on the right-hand side hampers a clear-cut
classification OF the integral equation. The gen-
eral experience is that Fredholm integral equa-
tions of the first kind are not as easy amenable
to numerical solution techniques as those of the
second kind. However, at present no alternative
formulation of the lifting-surface approximation
is available.
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The lifting-surface approximation is a thin-wing
approximation with limitations in the application
to arbitrary wings. It must also be mentioned that
for wings with a sharp subsonic leading edge there
is formally no problem, though for most incidences
there will be a singularity in the solution at the
leading edge, i.=.

- - _ 1/2

u(x 1 xy ) + 1/|x - xl e.l
For a wing with a sharp-edged supersonic leading
edge there is formally no problem, but here the
slope of the thickness distribution at the leading
edge must be small enough to have a flow pattern
with an attached shock wave. For wings with a
blunt leading edge the wing-thickness source dis-
tribution becomes infinite at the leading edge,
i.2. see EQ. (3.10b), invalidating the lifting-
surface approximation and leading to problems in
the numerical implementation. Some kind of a local
treatment of blunt edges might relieve the pro-
blem.
The major advantage of the lifting-surface approx-
imation i s that now instead of the upper and the
lower wing surface just one surface, with one un-
known singularity distribution, is used to repre-
sent the flow about the wing. This, reduces the
number of panels and therewith the computational
effort.

3.4 Boundary conditions on $

On the wake surface two goundaly conditions
apply: the stream-surface condition Eq. (2.4a) and
the zero-pressure-jump condition Eq. (2.4b).
Applying the stream-surface condition at both
sides of the wake §, gives, using Eq. (2.86f), see
also Eq. (3.10a):

q- - BZ(E.%) (3.11a)
for the source distribution (needed to cancel the
jump in normal direction due to the compressible
doublet distribution).

The second condition is the (average) stream-sur-
face condition:

@ +3)yh-o

(3.11b)
0

It follows from the linearized pressure formula
Ey. (2.3¢), again using Eq. (2.6f), that with Eq.
(3.11b) :

acy = 2 w02 + 0(H) = 0 (3.11c)

This latter condition leads to the classical
riaid-wake approximation (see Fig, 3.8) in
which_the wake is directed along U (also the com-
pressibility axis). On this surface lines with

u = constant (with the constant equal to the value
of 4 at the trailing edge). which correspond with
the vortex lines, age directad in streamwise di-
rection. Since now m.¥x = O this wake does not
carry a source distribution, just a doublet dis-
tribution.

Swe STRAIGHT
Sp \ VORTEX LINES

= M(O,t)
Fig. 3.8 Classical rigid-wake approximation

The classical rigid-wake approximation is so at-
tractive because it renders the problem linear and
no boundary conditions are necessary On the wake
surface. Very often it yields sufficiently accu-
rate results, such as for the case of lightly-
loaded wings, for the cases without strong wing-
wake/tail Interaction, etc. Also, in supersonic
flow very often the approximation suffices because
of the absence of upstream influences.

The rigid-wake approximation with straight vortex
lines fixed in space renders the problem linear.
Note that though the average normal-velocity con-
dition, Eq. 3.11b, is not satisfied on 35,, the
pressure is to first order continuous across the
wake implying that the wake is force free to that
order of magnitude.

A frequently used slight variation on the
classical planar wake is to let the user specify
the vortex lines. i.e. curves along which the dou-
blet distribution i s taken as constant (Fig. 3.9),
again equal to the value of s at the trailing
edge. The vortex lines on the so formed 'near
wake" are continued as straight lines onto the
"far wake". In this case the vortex lines are
still fixed in space and the problem remains line-
ar. On the other hand one should realize that the
near wake might not he force free, not even to
first order.

The non-planar wake assumption, of use for low-
speed high-angle-of-attack applications, results
also in a linear problem which does not require
boundary conditions on the wake surface.

Sw*USER - SPECIFIED VORTEX
LINES "NEAR WAKE"

Sp Sw+STRAIGHT VORTEX
LINES "FAR WAKE"

Fig. 3.9 Variation on rigid-wake approximation
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Fig. 3.10 Wake relaxation procedure

Although the user-specified near-wake option does
improve the modeling capabilities of the panel
method, there are cases where the interaction be-
tween the wake of one component and the flow about
another nearby component of the configuration is
so strong that the full nonlinear boundary condi-
tions have to be imposed. Examples are delta wings
with leading-edge vortex flow, the flow around the
side edge of a deflected flap and the flow around
the wing tip. The stream-surface condition leads
to the two relations given in Egs. (3.1la and b).
For the zero-pressure-jump condition substitution
of Eq. (2.6f) and Eqs. (3.11la and b) in Eq. (2.4e)
results, without approximation into:

@ +u)¥u-o0 (3.114)

which, combined with Eq. {3.11b), implies that in
incompressible flow, as well as in linearized com-
pressible flow, the vortex lines (lines x4 - con-
stant) are parallel to the local average velocity
across the vortex sheer.

Note that from this exact equation Eq. (3.1lc) can
be obtained directly rather than via the expres-
sion For the linearized pressure coefficient.

To solve for the position of the wake and the sin-
gularity distributions on the body as well as on
the wake simultaneously is a difficult task, espe-
cially for general configurations. The main diffi-
culty is that often the topology of the wake vor-
tex system is not known, while also specifying a
successful initial guess to be input in the proce-
dure that solves the system of nonlinear equations
IS a non-trivial problem. so frequently one relies
on a hierarchical "wake relaxation" procedure (see
Fig. 3.10) in which one first obtains the singula-
rity distribution for a rigid wake (as in Fig.
3.9) end subsequently aligns the vortex lines with

convergEDFE—>——

WAKE: FORCE FREE /

Fig. 3.11 Full wake relaxation

the local velocity, thus defining an improved es-
timate for the location of the wake surface, etc.
However, in cases where the wake interacts very
strongly with the flow about a nearby component of
the configuration (e.g. the flow about slender
wings with leading-edge vortex sheets) such simple
hierarchical iteration scheme frequently diverges
and the wake boundary conditions Egs. (3.11b and
d) have to be solved simultaneously (see Fig.
3.11). The two resulting integral gquations for p
and s_ (x) are highly nonlinear in x. In terms of
Eq. (3.11b} leads to an integral equation not un-
like a Fredholm integral equation of the first
kind, similar to the lifting-surface integral
equation (3.10d4), while Eq. (3.11d) 1is nonlinear
(quadratic) in the doublet distribution.

An alternative approach is te specify the shape of
the "near wake" vortex sheet as in Fig. 3.9, but
to allow the vortex lines to move freely within
this surface such that on S, the zero-pressure-
Jjump condition, Eq. (3.114) is satisfied. The re-
sulting problem is only weakly nonlinear in p and
a simple quasi-Newton iteration procedure can be
used to solve for the doublet distribution on the
near wake. For this formulation the doublet dis-
tribution on the near wake needs to be discretized
into panels, se= Fig. 3.12.

S,y : USER-SPECIFIED SHAPE

"NEAR WAKI|E"

S :STRAIGHT VORTEX
Sp LINES "FAR WAKE"

N
-

1t = UNKNOWN
= u(sh

Fig. 3.12 Partial wake relaxation

VORTEX LINE
g =constant
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s a rgsult of the "partial wake relaxation”

n +tu", the mean velocity on the vortex sheet,

is perpendicular to Y4, i.e. the velocity vector
lies in a plane normal to the surface which zlso
contains the surface vorticity vector v = - nxvy,
see Fig, 3.13. However, the gormaiivelocgty con-
dition is not satisfied and U_ + 4 and v are not
not parallel to each other. This then implies that
there is still a force, tangential to the surface,
working on the wake. This—forcer is—proportional to
U, *+ ¢ yxv, which with (U, +u ). Yu = 0 becomes

(@, + 5y B

A
LS
u

VORTEX LINE
1 =constant

S, :(UWJ.TP ).Vi=C

FORCE WITHIN § :- {(Uﬁﬁp)ﬁ}%

Fig. 3.13 Partial wake relaxation - Force on wake

3.5 Kutta condition

The Kutta condition is the condition that
the flow leaves the surface of the configuration
in a smooth fashion. This implies that the wake
vortex sheet smoothly connects to the trailing
edge and that the velocity is finite at the edge.
In terms of the singularity distributions this im-
mediately implies that the doublet distribution is
continuous at the edge, since any discontinuity in
u results in a discrete vortex, of strength equal
to the jump in the doublet distribution, along the
trailing edge which would result in an infinite
velocity at the edge.

S,

TRAILING EDGE

FULL WAKE RELAXATION
OR
FIXED WAKE SURFACE

WITH:C, (%3 =C (%) - OR
G, =Cy(Xi} , OR

— N

G- 1ixs) =0

My~ Ha=Hg

Fig. 3.14 Kutta conditions
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In case the wake vortex sheet is relaxed the Kutta
condition will he satisfied in the process of the
wake relaxation. In this sense wake relaxation is
the perfect Kutta condition, requiring no other
input than the location of the separation line. In
case the wake vortex sheet is not relaxed, but
chosen as a fixed surface in space, a different
procedure must be followed, see Fig. 3.14. There
are several possibilities in use in panels meth-
ods:

i In case the doublet distribution on the wake
1s" relaxed (“partial wake relaxation') the pres-
sure will already be continuous at the trailing
edge point on the wake vortex sheet.

(ii) In case no condition is imposed explicitly
on the wake vortex sheet some panel methods fea-
ture a nonlinear Kutta condition in which the con-
dition is enforced that at the trailing edge the
pressure on the upper wing surface equals the
pressure on the lower wing surface. Note that in
2p Flow this condition reduces tec a linear condi-
tion.

(iii) Impose the condition that just downstream of
the trailing edge the velocity vector is directed

along the chosen wake surface 5, i.e.
TA-0atx =% (3.12)

X
t.e.

The difficulty here is that the direction of the
wake vortex sheet at s, is directly involved in
the Kutta condition. For wings with zero trailing.
edge angle and for lifting surfaces the direction
is uniquely determined, namely tangential to the
cusped part of the wing, or tangential to .. For
wings with a finite trailing-edge angle the wake
vortex sheet is either tangential to the lower
wing surface or to the upper wing surface or. at
an isolated point on the trailing edge, directed
along the bisector (the so-called Mangler & Smith
criterion, see Ref. 23). Whether the wake vortex
sheet is tangential to the lower or to the upper
surface depends on the planform of the wing (the
non-linearity creeping into the problem again).
However, in most applications just one direction
(lower or upper) is chosen.

INLET FACE:
4@%0(@
<C§i:\F4J

M_>1 INLET
INLET

SUB-INCLINED CAP: v, SPECIFIED

Fig. 3.15 Inlet modeling in supersonic flow

3.6 Suer-inclined surface

In compressible subsonic or supersonic flow
the perturbations are assumed to be small. This
usually implies that the true surface is only
slightly inclined with respect to the free-stream
direction and generally will be sub-inclined with
respect to the Mach angle in supersonic flow.
However, for instance at inlet faces where an
inflow is prescribed the surface will be super-
inclined, hut the perturbation may still he small
These super-inclined portions of the surface re-
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quire special boundary conditions, not given here,
or alternatively the specification of an artifici-
al sub-inclined cap or ramp covering the inlet. On
the cap or ramp the specified outflow should cor-
respond to the required mass flow into the inlet
(see Fig. 3.15).

However, in case of a blunt-nosed fuselage the
flow near the super-inclined portion of the nose
represents a region where the linearized potential
flow model is not valid. Sharpening artificially
the nose for this case will. alleviate the problem,
but in the nose region the flow solution will be
inaccurate.

1

Geometry Definition/ Desctiption
R

k

Paneling g%
!:I:I 1

Cnmnutatir}n of AIC.s ap NP2

N a, NP
Set up Boundary Conditions aSNPa acl 2
» §oive the Systemn of Equations 4 PSR y)
Additional olve the Q\/ch%m of Equations oritxa RNP )
Flow Parameters ¥
Mx _aB.par Compute Results
vy ele, T7.Cp F, d,etc. a7NP
Isobars. Streamlines. etc.
etc.

I_Post pracessing / Aerodynamic Analysis

CC: Computational Complexity {2y >>a,, ag Orag)

*) 1st solution direct solver. next solutions
**} lterative solver

Fig. 4.1 Breakdown of tasks within a panel method

4.0 APPROXIMATION AND DISCRETIZATION

4.1  General agproach
In the approach taken in panel methods the fol
lowing tasks can be distinguished (see Fig. 4.1):

1. Subdivide the surface §, of the configura-
tion and its wake S, into (small) quadrila-
teral elements, the panels. This is mostly
accomplished in a hierarchical manner (Fig.
4.2) in which the configuration is subdi-
vided inb - each part iInto segments
(sometimes called "networks'") and each seg-
ment into a number of strips (rings) of the
same number of panzls. Subsequently the geo-
metrical quantities (centroid, normal vec-
tor, curvature, twist, etc.) of each panel
are computed.

2. Replace the integrals over the surface by
the sum Of the integrals over the NP panels.
Choose on each panel, sufficiently accurate
and mutually consistent, local representa-
tions for the singularity distributions s
and q. The local representations involve pa-
rameters determining the magnitude of the
singularity distributions. Here Q;, i=1(1)NQ
denote the NQ parameters in the source dis-
tribution, Di, i=1(1)ND denote the ND param-
eters in the doublet distribution. It de-

pends on the precise formulation chosen,
i.e. Neumann or Dirichlet, which of the Q, s
and D,’s are unknown and which of these pa-
rameters are known and can be derived di-
rectly from the boundary conditions.

Also required is Some local representation
for the geometry of the panels, this to con-
sistent order of approximation with respect
to the representations for the singularity
distributions.

In case the position of the vortex sheets is
simultaneously to be solved for, also for x
describing the geometry of the panels on s
a local representation is required. The lat-
ter involves 3N0 further unknown parameters
to be solved for. denoted here as X,
i=1(1)NG.

3. Approximate, to the required order of accu-
racy, the integrals over the panel surface
corresponding to the contribution of the
singularity distributions on the panel in
the potential o1 the velocity at the N (col-
location) points where the boundary condi-
tions are to be imposed.

The computational heavy (+ NxNP) task, constituted
by step 2 and 3, yields the so-called aerodynamic

influence coefficients (AIC's), i.e. the velocity

potential induced at the point Ky TRy by the sin-
gularity distribution is expresséd as:

el(x)) -21 a0 + 21 b Dy (4.1a)

and the velocity induced at ¥ as

-+ NG -+ ND -
%) -121 i * 1§1 GeiPs (4.1b)
where a and 4, . are the AIC'S. InEq.

b2
4.1) &L ¥yt and o 1=1¢1)8D are the pa-
raneter;" in the panel-wisé representations of the
source and doublet distribution, respectively.

The AIC's are a function of x and of the geomet-
ric quantities describing the panel surface. This
implies that the AIC"s are independent of the
"aerodynamic unknowns" (the Q. ‘s and or the D, ’s)
but may be a function of the “geometric unknoWwns™
of the wake vortex sheets.

BODY WING WING

- WAKE
PANEL gopy SEGMENTS PANEL ANEL

LIFT-CARRY-
/ OVER STRIP

Fig. 4.2 Example of configuration paneling

4. Impose the. boundary conditions at the collo-
cation points. In most aerodynamic panel
methods the collocation technique is applied
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in which the boundary condition is applied
at just one point per panel. Some other
methods, not discussed any further here, can
be classified as Galerkin methods, i.e. they
involve the surface integral over the panel
of the product of the boundary condition
with the local representations.

In most aerodynamic panel methods the number
of collocation points is equal to the number
of unknown parameters and of the order of
the number of panels. It should be remarked
also that some of the so-called higher-order
methods explicitly impose (abutment) condi-
tions on the continuity of the singularity
distributions across segment edges, which
can considerably increase the number of al-
gebraic equations to be solved and inflate
the dimension of the matrix-equation to be
solved.

5. Solve the resulting non-sparse system of
linear (non-linear in case of partial or
full-wake relaxation) equations for the un-
known parameters in the local representa-
tions for the singularity distributions (and
geometry). For subsonic flow the matrix is
fully populated, for ti,>1 parts of the ma-
trix will be empty because of the forbidden
upstream influence in supersonic flow.
Solution of the system of %inear equations
requires of the order of N° operations in
case a.direwt solver is used and of the or-
der of itx' operations in case an iterative
solver is used, with it the number of itera-
tions required for convergence.

However, in both cases the coefficient mul-
tiplying N, with p = 2 or 3, is much
smaller than the one multiplying ¥xNP above.

6. Find to the required accuracy the velocity
distribution on the surface Sy of the con-
figuration.

7. Compute the pressure, integrated forces and

moments, induced drag, (lifting surface)
edge-suction forces, surface streamlines.
isobars, velocity and pressure at off-body
points, stability derivatives, trimmed-
flight conditions, boundary-layer quanti-
ties, updated wake position, etc., etc.

The user of the method will interface with
step 1., where the geometric input to the program
is digested and with step 7. where the results of
the flow simulation are generated. These two steps
will determine the geometric capability, post-pro-
cessing power and also (of utmost importance) the
user-friendliness of the program. Some panel meth-

ods do not have any built-in geometric pre-pro-
cessing capability and therefore fully rely on the
availability of a CAD package to generate the def-
inition of the geometry, the sub-division into
parts, segments, etc. and to carry out the dis-
cretization (“paneling") of the surface of the
configuration. Other methods a more stand-alone
type of methods with geometric capabilities, in-
cluding paneling options, definition of the geome-
try through basic built-in shapes, etc., all with
the purpose of minimizing the amount of input data
and to provide maximum Flexibility.

The design and details of the remaining steps (2-
6) will determine the accuracy of and computer re-
sources required for each application. As far a~
the accuracy and cost is concerned, the aim in the
development of any panel method to be used in pre-
liminary design should he to obtain, for lowest
costs, the surface-velocity distribution to cer-
tain accuracy, i.e.

~+h = - n
- for h-0
u (xoesb) u{xoesb) + 0h . (4.2)

Here n denotes the "order" of the panel method.
Most of the "Ffirst-generation" panel methods are
first-order methods, most of the "second-genera-
tion" methods are second-order methods.

In the following we consider some aspects related
to the formulation of a panel method of consistent
order of approximation. The discussion will be re-
stricted to first and second-order methods.

4.2 Small-curvature expansion for velocity

Consider the expression for the velocity in-
duced by a source distribution, Eq. (2.6b). Inor-
der to simplify matters somewhat the discussion
concerns the limiting case of incompressible flow,
L.e.

L [fq(x)—L,ds¢x)

- - -
where r = ¥ -x(s,t), S, denotes the surface of
the i-th panel and (s,t) is some surface coordi-
nate system (Fig, 4.3). The integrand in gq. (4.3)
is singular for e coinciding with point =({s,t) on
s.. In most cases the iIntegral itself is finite,
tﬁough always discontinuous across s,. Therefore
numerical quadrature is not appropriate. Hess
(Ref. 25) proposed an expansion in which the char-
acteristic singular behaviour of the integrand is
conserved. The expansion results in a consistent
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ny

X X
O —-
D

Fig. 4.3 Panel coordinate system

approximation of Eq. (4.3) that possesses the
correct behaviour as X crosses the surface 3,.. In
the expansion the nomihator is split into a ﬁnear
part and a part containing the curvature and twist
of the panel. 1.e.

* -

£ Tx o [F tasxr batxi vr, 4oL (4.4a)

=D - %, + 006 (4.4b)

With As « s-s* and At - t-t*, With X¥ = X(s*,t%)
denoting the so-called expansion point.

In Eq. (4.4a) the term inside the curly brackets
corresponds to the gquation of the plane tangenti-
al to the panel-at x(s*,c*) and is defined by the
vectors x* and x%, tangential to the surface coor-
dinate difections t - constant and s - constant,
respectively.

The vector D denotes the position of the point at
which the influence is computed relative to the
tangent plane. The panel curvature/twist term

?2 = %Aszxiss +asheiy, + %Atzxz& is of order 62,
where 6 is a linear measure for the panel size in
either direction.

The term D = X - (X% + Asx* + atw¥) is order 6
in the "near fSeld" of the $anel and order 1 in
the "far field" of the panel. In the following we
denote the order of magnitude of D by D.

In terms of the surface cgordinate system the
surface element ds ~ [x xx, |dsde is expanded as:

dS(X) = [x%xx| (1 + nx {asT, + atT)) + 0(s%)
where T, and T, are expressions containing the

curvatu%’e and %wist terms evaluated at the expan-
sion point.

:I" -v*—» % —»* —L* )/ -* 4*
= (xEXRE AR XXX
1 ( s st Tt Tss l s tl

—

-+ - = -+ —+ -+ =
- Foak - xEXKK WX
T (Xs tt st)” s tl

2

The singularity distributions q and s on 5, are
expanded in a similar fashion, i.=.

q - qr tasqr « deqy t 0cs?) (4.4d)

BT o+ bspE f Atpd 4
J PR 1 .
+ Eﬂs ygs + AsAtygt + yatZyﬁt + 0(63)
{4.4e)
Substitution of Eqs, (4.4a-4) into Eq. (4.3) and

expansion in terms of 6 and D yields

uq(io)- 1= %&gx&’y.
B X
lq* [f Deydsdt v 0G)
s, |B]
L
- - 52
+ qf [fas B dsdt + qr [facD _dsdc  « 0(573)
5 R D]3 t S, EBIB D

-+

rz b B §3
+ q*tff(-ﬁ. + 3(r,.D)-Dr)dsde « O(RS3)
s, I3 ||
-+ —+ =+ -ﬁ 62
+ ov. [f(asT, + atT,)-D_ dsdt) « O(Ké37)
g, (D]
2 2
+ 0%, KEFG L L] (4.5

where K is a measure of the panel curvature and
twist. All remaining integrals involve an inte-
grand with a quadratic expression in the nominator
raised to the power 1/2, 3/2 and 53/2. For each of
these integrals closed-form expressions can be
derived.
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It follows, from the order of magnitude estimate
indicated for each term In Eq. (4.5). that for a
first-order panel method in the near-field AIC
computation a panel-wise constant representation
for 4 on the flat-panel approximation suffices.
For a first-order method the only term of import-
ance In the "near-field" is the first term in Eq.
(4.5), a term of magnitude 0(1).

According to Eq. (4.5) a second-arder panel method
requires a panel-wise linear representation for g
and panel curvature and twist have to he accounted
for and all terms in Eq. (4.5) have to he included
in the computation of the AIC"s.

However, note that if the panel  curvature and
twist are such that K6, . < 8¢, where § is the
basic length scale in the &iscretization, 1.e,
some average panel size. the terms in Eq. (4.5)
due to the panel curvature and twist (the most
complex ones) are small of higher order and may be
omitted. Reduction of § oca by sub-paneling, in
which the number of sub-~piansls increases with in-
creasing K but also with decreasing &, is another
possibility to formally get rid of the most com-
plex terms in Egq. (4.5). Applying the small-curva-
ture expansion to Egs. (2.6d4 and e), the velocity
induced by the doublet distribution, shows that a
first-order method requires a panelwise linear re-
presentation for e on a flat-panel approximation.
while a second-order method requires a panelwise
quadratic representation for s while again panel
curvature and twist have to be included.

The closed-form expressions for each of the sur-
face integrals in Eq. (4.5) contain the same type
of (computationally expensive) transcendental
functions (two logarithms, one square root and one
inverse tangent) multiplied by simple polynomial-
type terms and summed in a way depending on the
specific expression. This indicates that computa-
tionally, if carefully designed and programmed, a
higher-order formulation does not need to be very
much more expensive than a lower-order formula-
tion. However, it will be clear that a third-, or
even higher-order method, which amongst others
will involve derivatives of the curvature, is
beyond practical limits.

The small-curvature expansion warrants that
the induced velocity has the proper hehayionr as
the point x_ crosses the surface at x = x(s%,t¥*),
and the pan31 expansion point is usually chosen as
the collocation point on the panel, irrespective
of the location of X

Although for arbitrary configurations it Cannot be
proven formally, the small-curvature expansion
given in Eq. (4.5) is expected tc have a composite
error, the error due to summing over all panels.
of 0¢6°).

In considering the small-curvature expansion of
the velocity induced by the doublet distribution
it has to be assumed that the doublet distEibution
is continuous (at least to order 6, to 0(5§7) for
higher-order formulations) across the panels
edges, actually already implicitly used in the
derivation of Eq. (2.6c). If this is not the case
spurious contributions in the velocity induced by
a doublet distributionwill appear. Similarly the
doublet distribution should be zero at the bound-
ary of to avoid a discrete vortex at that lo-
cation. fowsver, iIn the description given in this
paper we retained Eq. (2.6e) because of the fol-
lowing reason. Vortex wakes tend to roll up into
concentrated vortices (e.g. near a wing tip),
which are in the vortex sheet model represented by
a highly rolled-up vortex sheet of infinite
length.
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At the edge of this vortex sheet the doublet dis-
tribution is indeed zero (see Fig. 4.4). Since it
is rather impossible to discretize a vortex sheet
of infinite length the tightly rolled-up part of
the vortex sheet is replaced by a discrete vortex
filament, connected with the remainder of S by a
"feeding sheet" (see Fig. 4.4). The vortex, if of
the correct strength and if positioned at the cor-
rect location, will provide the proper flow field
away from the vortex filament but of cecurse not
near the center of the vortex core where the ve-
locity will be singular in the numerical model.

FEEDING SHEET

r
+ YA
VORTEX
FILAMENT
S e <5, > ZASw
ROLLED- UP MODEL FOR
VORTEX SHEET ROLLED- UP

VORTEX SHEET

N
—
S
S =0 o
Fig. 4.4 Model for rolled-up vortex sheet
ONE HORSE-SHOE VORTEX PER PANEL
BOUND
VORTEX
4.4
SEGMENTEL
F'REE
SYMMETRY — ~x TRAILING
INE VORTEX
------------ PANEL EDGE
VORTEX

+ COLLOCATION POINT

Fig. 4.5 Vortex lattice method
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Under the conditions discussed above the small-
Curvature expansion indicates that the following
consistent approximations are possible for the
evaluation of the integral representation of the
velocity induced by source and doublet distribu-
tions:

To_1St ordey| to 2nd order

T -+ —+ LY *
Panel Xk X0k X% XX 3% it wes Ferr et
geometry
Source q¥ q*,qz.Q§
distribution

* % * X * 5 * o %

Df_mbltet . (s )"‘s'“t (p Lus,nt.uss,#st,#tt
distribution

A further reason to retain Eq. (2.6e) is to accom-
modate the so-called vortex-lattice method (see
Fig. 4.5). which is a lifting-surface method. In
the vortex-lattice method the doublet distribution
i s panelwise constant, i.e,

P -+ - -+ - =

in up.(xo) - u‘y(xo) +ou (x) the first term, given
in Eq. (2.64), is zero, i.e. the second term,
given in Eq. (2.6e), is the only term to be con-
sidered. This means that we have to integrate
along the edges of the panel only, or rather have
to consider the velocity induced by a vortex of
constant strength along the perimeter of the
panel.

Since the velocity distribution is singular at the
vortices it is impossible to derive a consistent
approximation along the lines used above. In the
vortex-lattice method the point at which the ve-
locity is ta be computed has to be chosen very
carefully. It turns out that if the point is
chosen as the midpoint of the panel, i.e. as far
away from the singularity as possible, the induced
velocity is to 0(§) accurate. In order to avoid
having a vortex located at the leading edge the
vortices are shifted away from the panel edges, or
as most commonly referred to, the "bound" vortex
is located at the 1/4-panel-chord line of the
panel, while the point where the velocity is com-
puted is the midpoint of the 3/4-panel-chord line.
This actually means that the elements with con-
stant + are shifted 1/4-panel chord in chordwise
direction. At the trailing edge the doublet dis-
tribution is continued onto the wake as a strip of
constant », equivalent to discrete trailing vor-
tices along the side edges of the strip.

Similar to the shift in the vortex location at the
leading edge is the usual practice to off-set the
(trailing) vortex along the wing tip by 1/4-panel-
span.

It must be noted that in satisfying the stream
surface condition at the mid point of the 3/4-
panel-chord line, this probably the only point on
the panel is where u.n = O. Furthermore, the ve-
locity at that point will be continuous since the
Jump in the velocity associsted with a doublet
distribution is related to Vx which is zero. This
implies that in Order to have a jump in the tang-
ential velociry, and therewith in the pressure and
a contribution to the normal force, V& has to ha
calculated from some local nen-constant represen-
tation for s, An alternative procedure to compute
the contribution of the panel in the force on the
lifting surface is to apply Blasius®™ theorem to
compute the force on the "bound" vortex along the
1/4-chord line using, see Fig. 4.6:

oF = phuxd} (4.6)
and a similar expression for the moment.

Note that this requires that the velocity is to be
computed at two points per panel, at the midpoint
of the 3/4-panel-chord line and at the midpoint of
the 1/4-panel-chord line. Furthermore note that =
as given in Eq. (4.6) contains both the normal and
the tangential force components. For a specific
two-dimensional case it can be shown analytically
that the computed resulting force and moment are
equal to their exact values (Ref. 24), a remark-
able result indeed.

Further note that in three-dimensional flow such a
nice analytic result is not available, though it
appears that above procedure yields rather satis-
factory results for overall forces and moments.
For swept wings axial-force results can be im-
proved by "unsweeping" the "bound" vortex segments
prior to applying Eq. (4.6).
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Fig, 4.6 Force on a vortex segment
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4.3 Far-field expansion for velocity

Although the small-curvature expansion is
uniformly valid, it is computationally expensive
and therefore only applied in the region where it
is really needed. i.e. in the "near field"” of the
panel. In the "far-field" (}x -x*j{>§) of the panel
the nominator of Eq. (4.3) cah be expressed as

- -+ - > 3
r=r -1 -, + 0{67) (4.7}

where ¥ =% -xx is 0(1) and ¥ As?osv + atxg is
0(s). $%bstilution in Eq. (4.3} then Jields:

-+

-+ = - = r 2
3, ()= zlﬁ Ei:lxgxx%i{q*ﬁj JS' dsdt « 008"
4] i

+ (...) [[(as or At)dsdt  « 0

+ 0{61')1 (4.8)

The second term in Eq. (4.8) is zero if the expan-
sion point (s*,t*) coincides with the panel mid-
point. The truncation error in Eq. (4.8) is suffi-
ciently small to guarantee a composite error of
0(5%). Eq. (4.3) indicates that for the far-field
expansion both a first-order and a second-order
method require a4 panelwise constant representation
for q on the flat-panel approximation, i.=. curva-
ture and twist details of the panel or higher de-
rivatives of the singularity distribution are of
no significance for the far-field influence. For
the doublet distribution it can be shown that one
requires a panelwise linear representation on the
flat-panel approximation.
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Often the region where the near-field expansion is
to be applied is reduced in size by defining an
"intermediate” field in which some form of numeri-
cal (e.g. Gauss) quadrature is applied. In the in-
termediate field it is assumed that the integrand
in Eq. (4.3) is sufficiently well-behaved to get a
Consistent accurate integrationwith a standard
numerical integration procedure that is slightly
more complex than Eq. (4.7) but is not as complex
as Eq. (4.5).

4.4 Small-curvature expansion for potential

The expression for the velocity potznti 1
induced by a source and a doublet distribution can
be expanded in a similar fashion as illustrated
above for the velocity. Hpwever, in order to eva-
luate the velocity to 0(é % the velocity potential
has to be evaluated to 0(§~).
As an example consider the small-curvature expan-
sion for the velocity potential induced by a
source distribution. From Eq. ¢(2.5b) it follows
(incompressible flow):

P (o) = 72 %ngi'y.
dsdt s
At s « otsh)
s, I3l
+ q [[ A5-dsdv + q¥ [f At dsde - 0(52%)

s
8, iD| S [D]
=4

; b 2
il #dsdt - o(xszﬁ)
s, |D
1

i, [f(asT +act,)dsdt, - o(xs2d)
S, |B]
1
rosd kel (4.9

It follows from Eq. (4-9)and from a similar ex-
pression for the potential induced by a doublet
distribution (taking continuity of doublet
strength across panel edges into account) that for
a First- or second-order method employing the
Dirichlet condition the same type of panel-wise
representations are required as for the corre-
sponding method with the Neumann condition. The
condition under which the last two t ms in EQ.
(4.9) may be neglected is Ké . Comparison
of Egs. (4.5) and (4.9) indit3is that the same
type of integrals appear in both expressions, so
that also the same transcendental functions have
to be computed. This implies that computationally
the formulation in terms of a Dirichlet condition
will not be cheaper than the formulation in terms
of Neumann conditions, but of course the Dirichlet
formulation requires less storage, since a scalar
influence coefficient matrix is to be computed
rather than a vector influence coefficient matrix,
see Eqs. (4.la and b).

Far-field expansions can also be derived for the
potential induced by source and doublet distribu-
tions, however, the details are not given here. It
should be noted though that in the far-field ex-
pansion of the potential due to a source distribu-
tion use has to be made of the circumstance that
the total source strength used in the simulation
of the flow about a configuration is zero or a
quantity of smaller order of magnitude.
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In summary we get for the consistent evaluation of
the integral representation of the velocity poten-
tial induced by source and doublet distributions
to second- and third-order accuracy:

To 2nd order to 3rd order
Panel et I A A

X%, X* X HF X® XY .X .x
geometry s’t s’ t st’ tt
source q* q*,q%, 9%
distribution
Doublet p ok ¥ Cuk) u¥ pk gk px gk
distribution st s tissTstnt

so that upon differentiation of ¢ one gets the ve-
locity up to first and second order accuracy, re-
spectively.

Some of the second-generation panel methods employ
the Dirichlet condition in a so-called low-order
formulation in which the doublet distribution is
panelwise constant and the source distribution, if
used, is also panelwise constant. Within the
framework of the small-curvature expansion this
implies that for the velocity potential only the
leading term stemming from the contribution of x*
is retained, so that formally the method would be
0¢§) in the velocity potential and 0(1) in the ve-
locity itself. However, it appears that upon
evaluating the tangential velocity at the surface
(= nx(U _xn) - Tu), employing-a higher-order repr-
sentation for u to evaluate vy, iIn most cases re-
sults in a pressure distribution which is as accu-
rate as the one obtained from a First-generation
panel method employing the Neumann boundary condi-
tion.

4.5 1Influence coefficients for supersonic Flow
The small-curvature and far-field expansions
for compressible subsonic or compressible super-
sonic flow follow lines analogous to the ones
given for incompressible flow in the preceding
sections.
For subsonic flow the analytical evaluation of the
resulting integrals provides no real difficulty
compared with the evaluation of their incompress-
ible counterparts. For supersonic flow matters are
much more complex because now the panelwise inte-
gration is over that part of the panel which lies
within the intecszction of the panel with the for-
ward Mach cone from ®  (see Fig. 2.6). while also
care must be taken that the finite-part of the in-
tegral is extracted, see Section 2.9. Here we con-
sider the small-curvature near-field approximation
first.

It turns out, see Refs. 8 and 9, that the follow-
ing procedure is the one that leads to the desired
closed-form expressions with the least effort:

(1) Start from the clo ed form expressions for

51U S
wheré®ge® °<1 M ) < sephlessib s TIOW- e

expressions simllar to the ones darived in
sections 4.2 and 4.4 for the velocity and
the potential, respectively;

(ii) Replace the factor 1l/4= by 1/2x, which ac-
counts for the circumstance that in super-
sonic flow all the influence of the singu-
larity distribution is exercised in down-
Stream direction only, i,e, in the aft Mach
cone;

(iii) Replace B by ij1- M2|1/2 and B2 by -jt-¥ i
everywhere 1? Ehe Closed-Form expreSS|ons
where i=(-1)%. The expressions are now
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complex-valued expressions rather than the
real-valued ones we had for subsonic flow;

(iv) Extract the real part of all the expres-
sions. The result is the wanted finitz-part
of the influence exerted by the singularity
distributions in supersonic flow. It should
be noted that in extracting the real part
the four basic transcendental functions (one
square root, one arctangent and two loga-
rithms) convert from one to the other. all
such that the proper influence in the domain
of influence of the singularity distribution
on the panel 1is obtained.

From the above it will he clear that the closed-
form expressions for the influence coefficients in
supersonic flow are much more complicated than the
ones for subsonic flow. In the coding of these ex-
pressions a rather complex logical structure is
required of conditional branches, see Ref. 9, to
account for the appropriate behaviour in different
regions in the supersonic flow field.

As Tar is the far-field expansion is concerned it
is remarked that the domain where the far-field
expressions may he applied is situated within the
aft Mach cone with the apex at some point down-
stream of the trailing edge of the panel.

On the other hand it can be remarked that in most
of the space around a panel the influence is zero,
and the need for a far-field expansion for M.>1 is
less urgently required than for subsonic free-
stream Mach numbers.

For the case of supersonic flow much computer time
can he saved by determining whether or not a com-
plete part. segment, strip or ring of panels is
located within the domain of dependence of the
point where the potential or velocity is computed.
IT the part, etc. is not within the forward Mach
cone from the point considered the AIC"s can be
set equal to zero directly, rather than that the
program computes zeros on a panel-by-panel basis.

4.6  Numerical schemes and stability

In most aerodynamic ranel methods the inte-
gral equations are solved using the collocation
method, i.e. the integral equation is satisfied at
Just one point per panel. Compared to for instance
a Galerkin method, which involves an additional
integration over the surface. collocation is less
expensive, but collocation may be more sensitive
to the specific discretization chosen.

In most panel methods the panel midpoint or cen-
troid is chosen as the collocation peint. This
leads to the simplest expressions in the far-field
expansion, see Eq. (4.8). With this choice pro-
blems are also avoided with (nearly) cancelling
weakly singular contributions associated with dis-
continuities across panel edges in the geometry
and in the singularity distributioens and their
derivatives.

4.6.1Numerical schemes

In the foregoing the contribution in the ve-
locity or the potential due to the singularity
distribution on a panel was expressed in terms OF
quantities at the panel expansion point, e.g. g*,
Q¥ q¥ The next choice to be made concerns the
numericaj scheme to express these quantities in
terms of the parameter values to be solved for.
Therefore the quantities at the panel expansion
point have to be expressed in terms of the param-
eters Q; and b, appearing in Egqs. (&.la and b).
For example, one could express q¥ on panel (i,j)
as
(4.10)

4o (st = 3y Q; a0, ; + a3Q

i-1,3 * ij i+l.j

where the Qp's are the parameters in the repre-
sentations %or ¢q{s,t) on panel (i,j}, in some way
arranged within the array of parameters Q. ,
i=1(1)NQ appearing in Egs. (4.1la and b). %he coef-
ficients a;, a,, 3, In Eq. (4.10) depend on the
type of local representation chosen for.

In a similar fashion Q*, q* Q¥, p¥, pE, pkopE
p* and pi are expressed in t%rms of the 6araﬁ
) N Ed

The geometric quantities X, X%, Qg e §§t and

x_ Tollow from the given deseriptisn ofthe® feom-
try of the configuration (and the user- speC|f|ed
wake vortex sheets). Only in case the wake vortex
sheet is fully relaxed IS it necessary ro choose
also a numerical. scheme for expressing 2%, etc. in
terms of a set of geometric parameters, say G,.
i=1(1)NG.

With the choice of the numerical schemes it is now
possible to write the result of the small-curva-
ture expansion and the far-field expansion in
terms of Egs. (4.1a and h). The integral equation
from the Neumann condition, Eq. (3.1}, then yields
using Eq. ¢4.1b), the following system of linear
equations:

NQ—; i
_Elcki'n(xk)Qi + Z dk n(xk)D -V, (x 3- U n(xk)
= (4.11)

where k=1(1)NQ, while o , k=1(1)NP denotes the
location of the NP collbcation points, inprin-
ciple one per panel. In almost all panel methods
the number of unknown source parameters NQ equals
the number of panels NP. Eq. (4.11) is to be sup-
plemented by as many (i.e. ND) Kutta conditions
(see section 3.%) as there are unknown doublet
distribution parameters D. used to describe the
mode-function type of doublet distribution. The ND
Kutta conditions result in ND linear equations in
case Eq. (3.12) is imposed, or in ND mildly non-
linear equations in case the pressure across the
tralllgg edge pelnt is equated, i.e.

C (== xt e. ) =G (x—xt e.).

In a similar fashion it follows from the Dirichlet
condition, Eq. ¢3.3), using Eq. (4.la}, that:

ND NQ NQ
LoDy + LoaQr = - L oa0Qp (4.12)
i=1 i=] i=1

for x=1(1)ND, where Ay, and h, . are evaluated at
the collocation points x,, k= % 1)NP=ND. The right-
hand side in Eq. (4.12) énd specific the source
parameters qQ,, i=1(1)NQ are found from Eq. (3.2c)
which specifies the source distribution g in terms
of the outflow v and the free stream onset flow
=+ - -
U, i.e. g~ B tn m)(v . Uw.n).
The second term on the left-hand side of Eq.
(4.12) stems from the contribution in the source
distribution due to the doublet distribution, sece
. (3.2¢). Theﬂsource parameters Q¥, i=1(L)NQ are
through q = - B“(m. Vi) expressed in terms of the
unknown doublet parameters D,. i=1(1)ND, using ex-
pression like Eq (4.10) to relate mid-point quan-
tities to doublet parameters.

Application of the Dirichlet condition on the to-
tal potential, which leads to the integral equa-
tion given in Eq. (3.6) with the source distribu-
tion given in terms of the outflow and the gra-
dient of the doublet distribution, see Eq. (3.5¢),
leads to:

% 0, -8 ot =S g

i=l =1

%, (4.13)

ﬁ\‘
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for k=1(1)ND. Q{ in Eq. (4.13) Eollgws from the
known source distributionq = B (n.m)v_, while now
the second term on the right accounts for the
free-stream onset flow. ¢¥ which fo}lgwg again
from the source distribution q = -B"(m.Vy), Iis
subsequently expressed in terms of the unknown
doublet parameters D;, i=1(1)ND:

on lifting surfaces the integral equation for the
doublet distribution, Eq. (3.10d), results with
Eq. (4.1b), into

ND4 a7 -+ NQ-» ST -+
igldki'“ (%D, + i§1°ki'“ (% )0% =

NQ—» -1 >
- -izlcki.n (xk)Qi
+ Lty o 0L s FatR
2 n n ) k

w©

for k=1¢(1)ND and with M denoting the collocation
points on the lifting surfaces. In Eq. (4.14) Q!
follows from the known part of the expression ih
Eq. (3.10b), while Q is the same as described
above.

For the boundary conditions on the wake, Egs.
(3.11b and d), it follows using Eq. (4.1a), that:

ND—p -+ =+ NQ—D —+ - B
.Eldki'n(xk)Di + izlcki.n(xk)qi = - U ndx)

+ (&.15a)
and

ND -+ - -+ NQ —+ - = = - -
L 4 eGP+ E e Ie(x )0 + U Vs(x) - 0
i=1 -1 (4.15b)

for k=1(1)ND and with %, , k=1¢(1)ND denoting the
collocationpints on tge wake vortex sheets. In
Eg. (4.15b) ¥u is to be evaluated at the colloca-
tion point ¥X_ on the vortex sheet, which as before
can be expressed in terms of the unknown doublet
distribution parameters Di’ i=1(1)ND. Note that
Eq. (4.15b) is quadratic in terms of the D, ‘s,
while both Egs. (4.15a and b) are highly nbn-
linear in terms of Gy, 1=1(1)NG, the pacameters
gccurring in the numérical schemes to express w*,
x¥, ete. at the panel midpoints in terms of the
unknown geometric paremeters.

In above discussion the system of equations has
been derived assuming that the configuration con-
sists of merely surfaces where the Neumann, the
Dirichlet, the lifting-surface or the wake condi-
tions are applied. The system of equations for a
configuration built-up out of a mix of surfaces
with Neumann, surfaces with Dirichlet, surfaces
with the lifting-surface and surfaces with wake
boundary conditions is easily composed from the
relations given in Egs. (4.11) through (4.15).
Here we write the resulting system of equations as

NU
¥ a
i=1

for i=L(L)NU (4.16)

1% 7 o

where NU is the numher of unknown singularity pa-
rapeters $; , j=1(1)NG and the a's denote the
aerodynamié influence co=fficients. The right-hand
side vy, i=L(1)NU of Eq. (4.16) contains the free-
stream onset flow, the outflow distribution and
the contributions due to the known singularity
distributions. all evaluated at the NU collocation
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points. For Eq. (4.16) it has been assumed that we
are dealing with linear boundary conditions only,
i.e. with rigid wake vortex sheets consisting of
Tixed vortex lines.

Eq. (4.16) can be expressed in the following equi-
valent form:

[A1{5} = {r} (4.17)
where {] denotes a NUxNU matrix and {} denotes a
column vector with NU elements. In Eq. (4.17) the
matrix A, the so-called "aerodynamic influence
coefficient matrix", depends on known geometric
guantities only.

In case of "partial wake relaxation" the doublet
distribution on the wake is relaxed and we have to
deal with the linear equations resulting from the
stream-surface condition on the solid surfaces of
the configuration in combination with Eq. (4.15b)
which is quadratic in terms of the unknown doublet
parameters. i.e. the system of equations is now:

{F(s8)} = (v} (4.18a)
To solve this system of equation some iterative
procedure is to be used, usually a Newton-like
method. In Newton"s method the solution at itera-
tion number it+1 is obtained from the solution at
iteration number it by solving the following sys-
tem of linear equations:

it .
[%g] st o sty

The matrix on the left-hand side of Eq. (4.18b} 1is
the so-called gradient or Jacobian matrix. It will
be clear that for the linear equations contained
within Eq. (4.18a) the corresponding elements in
the gradient matrix are independent of 3 and are
identical to the ones In the aerodynamic influence
coefficient matrix of Eq. (4.17). The quadratic
equations in Eq. (4.18a) result in elements that
do depend on s and need te be re-calculated at
each step of the iteration procedure.

However, at the expense of the rate of convergence
of the iteration procedure. one could freeze the
Jacobian at its initial value, or restrict it to
the linear terms in Eq. (4.15b).

In case of full wake relaxation the doublet dis-
tribution and the position of the wake are both
relaxed and we have to deal with a system of alge-
braic equations that is linear or quadratic in S
and highly nonlinear in G, the unknown parameters
of the local description of the geometry of the
wake vortex sheets. So now we have

{(F(8,6)) =~ (r} (4.19a)

which leads to the following iteration procedure:

it . it
aF ic+l it aF it+l it
[as] (s -8} # [ac] (G -GT )
— (- (Rt 4oy
In Eq. (4.19b) the First matrix on the left-hand
side contains elements of the aerodynamic influ-
ence coefficient matrix, the second one can be
termed as the "'geometric influence coefficient
matrix". The latter represents the response of the
boundary conditions to changes in the geometry of
the wake vortex sheets. lts computation necessi-
tates taking the derivatives. with respect to the
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position vector, of the expressions derived in
sections 4.2 through 4.4, the normal vector, etc,,
a rather laborious task, both from the view point
of the panel method developer and from the view-
point of computational expense. Moreover. because
of the nonlinearity with respect to G the evalua-
tion of the right-hand side of Eq. (4.19b) re-
quires the re-computation of the aerodynamic in-
fluence coefficients at each iteration, while also
the strong nonlinearity in term of G usually re-
quires regular updating of the Jacobian during the
iteration process.

4.6.2 Stapility
In sections 4.2 through 4.4 we discussed

consistent approximations that lead to an accurate
discretization of the integral equations. In order
to get also an accurate solution of the discretiz-
ed integral equations the panel method formulation
chosen should be convergent, i.e. the difference
between the solution of the continuous problem and
that of the discretized problem should decrease
proportional to s¥ for 6 - 0, where 6 is a measure
for the average panel size and p > O. It is well-
known from numerical analysis that a consistent
discretization of a well-posed problem that is
stable is also convergent. Stability of a panel
method is a property of the system of algebraic
equations that results from the discretization of
the integral equations. Therefore stability has
everything to do with the chosen formulation and
with the numerical scheme like Eq. (4.10) used in
the discretization, and specifically with the con-
dition number of the matrix involved in solving
the system of algebraic (linear or nonlinear)
equations.

In the present context this means that for the
specific choice of the panel collocation point the
numerical schemes for the local-representations of
the unknown functions q, s and x and their deriva-
tives must be chosen such that the resulting meth-
od is stable. Proving stability of candidate nume-
rical schemes for discretizing the integral equa-
tions, given In Egs. (3.1), (3.3), (3.6}, (3.8b
and c), (3.10d4) and (3.11b and 3.11d) for the Neu-
mann, Dirichlet on ¢, Dirichlet on &, Dirichlet on
¢ and ¢, lifting-surface or wake boundary condi-
tions, is a difficult task. Most investigators
base their choice on arguments from what is known
about the stability of interpolatory splines, sup-
plemented with numerical experimentation.

The spline-stability arguments are useful
because of the observation that commonly the ap-
plication of the boundary condition at a colloca-
tion point is dominated by the function value,
first or second derivative of the unknown quantity
evaluated at the collocation point.

Spline stability refers to the type of data to be
described at a certain position to warrant a
smooth non-oscillatory polynomial-type of interpo-
iant. In the table below this is indicated for
one-dimensional splines of odd and even degree.

i
Zeroth First Second
Spline
degree || derivative to be specified at
0dd Node Midpoint | Node
Even Midpoint | Nede Midpoint

A different choice of the location at which the
data is prescribed does not always lead to a com-
plete loss of stability, for instance the condi-
tions at the end of the interval can have a damp-
ing effect.
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For interpolatory splines in two dimensions the
situation is similar, though in general more com-
plicated in case the data prescribed involves de-
rivatives.

ofel@|a]e]a

Yo

.90 9“=0;;0s =(9.1;-G1 )/ 2AS , etc.
a) SEGMENT - WISE SURFACE COORDINATES

q = q(ém)
q* = e

% = L(q;‘_‘],j-1 'qi,j--1 ’qi+1,jf1 rqm,jm )
b) LOCAL REPRESENTATIONS

Fig. 4.7 Possible numerical schemes
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Fig. 4.8 Location of collocation points on a strip
of a 1ifting surface in supersonic flow
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For thick configurations with the Neumann
boundary condition and with the source distribu-
tion as unknown, which resulted in the integral
equation of Eg. ¢(3.1), g* is the dominant contri-
bution. Therefore a stable scheme is a even-degree
scheme based on the function value at panel mid-
points as unknown parameters. For a first-order
method this is simply a constant source distribu-
tion on a flat panel approximation.

For methods employing a higher-order representa-
tion the precise form of the numerical scheme can
take many forms. The scheme may have been derived
from finite-difference type of expressions on a
segment-wise defined rectangular computational do-
main involving surface coordinates, or from a
least-squares fit of the parameters at immediate
neighbouring midpoints in terms of a local Carte-
sian coordinate system, etc. (see Fig. 4.7).
Clearly the efficiency of a higher-order panel
method will depend strongly on the compactness of
the numerical scheme used.

For thick configurations with the Dirichlet
boundary condition and with the doublet distribu-
tion as unknown, which resulted in the integral
equation of Eq. (3.3), w* is the dominant contri-
bution. A stable scheme is here also the even-
degree scheme based on mid-point function values.

For lifting surfaces, for which we derived
integral equation Eq. (3.10d), the choice of the
numerical scheme is less trivial. It turns out
that in subsonic floy the leading term of the
equation imposed at x(s* t¥) is proportional to
the second derivatives of ¢ at (s¥.t¥), so that
for a second-order formulation an svln dagres
scheme based on mid-point function values will
provide stability, which results in a second-order
accurate method. Stability for a method of lower
degree of accuracy, which employs a linear repre-
sentation for the doublet distribution, turns out
to require a shift of the collocation point to the
panel edges, with its own problems related to the
singular behaviour of the induced velocity at
panel edges.

Apparently here the difference in the type of the
underlying integral equation comes to surface. The
integral equation for lifting-surfaces being not a
Fredholm integral equation of the second kind.
making finding a stable discretization more diffi-
cult.

The table below sumnarizes, For subsonic flow, the
degree of the local representation for the singu-

larity distributions leading to stable discretiza-
tions OF First- and second-order panel methods.

Dominant ACCURACY
Method* Contri-
bution 1st-orderl 2nd-order]
NEUMA" q¥ Constant | Quadratic
DIRICHLET] H Quadratic| Quadratic
LIFTING BE S EE L Quadratic| Quadratic
SURFACE|

* Boundary condition applied at panel midpoint

In supersonic flow the situation is difficult
again and the choice of the collocation point de-
pends on whether the panel leading edge is sub-
sonic or supersonic. If the panel leading edge is
subsonic the collocation point is at the midpoint,
if the panel leading edge is supersonic the collo-
cation point is just downstream of the leading
edge (see Fig. 4.8). Furthermore, in case the
lifting surface has a supersonic trailing edge
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there is no Kutta condition to be applied at the
trailing edge (there is no communication between
upper and lower side) and an additional colloca-
tion point is chosen just upstream of the trailing
edge.

Finding a stable numerical scheme for the
two coupled i used in case
the wake vortex sheet is fully relaxed is even
more difficult. The first condition, Eq. (3.11b),
is very similar to the lifting-surface condition
above and is dominated by the second derivatives
of »., The second condition, Eq. (3.11d4), is qua-
dratic in gz and involves the first derivative.
Both conditions are highly nonlinear in terms of
the unknown geometric parameters. Usually Some

kind of mixed central and directionally biased nu-
merical scheme, found by intuition and numerical
experimentation is arrived at.

4.7  Some further aspects OFf the computational

model

In the case of subsonic flow a disturbance
decreases in magnitude with increasing distance
from its source, specifically a discontinuity (in
function value ox derivatives) introduced in the
numerical model usually does not cause serious
problems.

¢ PANEL-CORNER POINTS
o PANEL-EDGE MIDPOINTS

A, i= 1(1)4: PLANAR TRIANGULARS
B: CENTRAL PLANAR QUADRILATERAL

Fig, 4.9 Sub-division of a non-planar panel

In supersonic flow disturbances, due to actual
discontinuities but also due to the ones intro-
duced by the discretization, propagate undamped
along Mach lines to large distances downstream of
where the disturbance originated. This quite seri-
ously hampers the application of low-order methods
to complex multi-component aircraft configura-
tions, and a higher-order method is almost obliga-
tory for such configurations. In such a higher-
order method the singularity distributions and es-
pecially the panelled geometry should be as con-
tinuous as possible in order to prevent the occur-
rence of not-to-sufficient degree of accuracy can-
celling spurious waves from panel edges. In this
respect the subdivision of a nonplanar panel into
planar sub-panels not only avoids the necessity of
some of the higher-order terms due to panel curva-
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ture and twist, see Egs. (4.5) and ¢4.9), but also
provides for lower-order methods geometric conti-
nuity and less severe spurious waves. An often
used example of the subdivision of a quadrilateral
panel into planar sub-panels is given in Fig. 4.9.
The panel and each of its 5 sub-panels is planar
and the sub-panels are contiguous with each other
and with the sub-panels of neighbouring panels.

Another even more serious problem constitutes the
waves, spurious ones or ones,from truly represent-
ed breaks in the geometry, that propagate into the
interior of the configuration and may give rise to
a sequence of spurious internal reflections that
eventually destroy the accuracy of the solution.
This is illustrated in Fig. 4.10 (Ref. 9) which
shows the effect of refining (in axial direction)
the paneling on the aft-cone of a cone-cylinder-
cone configuration at ¥, = 2 and zero incidence.
In the interior of the aft cone the reflecting
Mach waves cause the source distribution to oscil-
late severely, so that actually the "best" answer

A

0.4
0.3
0.2

Zref

_MACH CONE

T

In the spplication OF a given panel method the
level of the accuracy obtained depends on many
factors. Here we mention:

(i) Panel distribution. Depending on the type of
the numerical schemes chosen in the local repre-
sentations the paneling may be irregular to a
smaller or to a larger extent. Most panel methods
use interpolating schemes that account for the
non-uniformity of the paneling. In that case the
paneling should have a basic panel size. say 6_,
in areas where there are no large changes in tie
geometry and where the singularity distributions
are expected to vary smoothly.

In areas where the curvature and/or twist of the
surface of the configuration are large the panel-
ing must be refined, see also section 4.2_Also in
areas where the singularity distributions are ex-
pected to vary rapidly a finer paneling is requir-
ed. Truly automatic, solution-adaptive, paneling
procedures have not yet been described in the lit-
erature.

le

M=20 a=0°
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A — 220 PANELS
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0
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Fig. 4.10 Result of panel method with Neumann
supersonic flow (Ref. 9)

is obtained for the coarsest paneling. In Ref. 26
some of these problems could be alleviated by de-
vising a special composite source-doublet (trip-
let) singularity distribution with the property
that it has a (partially) cancelling interior ve-
locity field. However, foe multiple-component con-
figurations spurious reflections are still pre-
sent. It appears that a higher-order formulation
employing the Dirichlet boundary condition, which
results iIn a constant or stagnant flow in the in-
terior of the configuration, is superior in avoid-
ing much of the undesired spurious reflections
discussed above.

The computing time for a specific configuration is
generally less in supersonic flow than iIn subsonic
flow. This is achieved by considering exclusively
the region of dependence of the point at which the
influence is computed. 1T the complete part, seg-
ment (sr Strip) is outside the upstream Mach cone
from the point its influence is zero and the indi-
vidual panel influences do not need to be con-
sidered. On the other hand if the panel or a part
of the panel is within the domain of dependence
more logic is to be executed to compute its in-
Tfluence.

0.2

boundary conditions for

(ii) Type of formulation. It is known that some
types of formulation are not suited for specific
applications. A well-known one is the application
of a method with the Neumann boundary condition to
the internal flow in tubes with a curved axis and
or varying cross-section, or a wind tunnel. Here
the leakage through the tunnel walls can become
rather excessive. A further example provides the
flow through a long flow-through nacelle for which
some of the first-generation panel methods have
shown to produce unacceptable results. A final ex-
ample is the flow about thin wings where methods
employing a mode-function doublet distribution on
an internal auxiliary surface and a source distri-
bution on the wing surface may run into problems.
These problems are caused by the prescribed shape
of the mode function being different from the one
that the solution tries to establish. This means
that the source distribution has to take over part
of the task of the doublet distribution, for ex-
ample leading to a large value of the source
strength on the upper wing surface and an accom-
panying large negative value of the source
strength (i.e. sink) on the lower surface. The
gradients associated with this phenomenon will de-
trimentally affect the accuracy of the solution.
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(iii) Free-stream conditions. The truncation error
of the method depends on the gradients of the so-
lution. Formally this means that increasing the
incidence would require a finer paneling. However,
from a practical as well as from a computational
point of view this is not a desired situation and
usually a paneling is set up only once and used
for all flow conditions.

Apart from the point of view of numerical accuracy
it should be kept in mind that the panel method is
based on a relatively simple model of the real
viscous and compressible flow. Therefore at flow
conditions where viscous effects become of impor-
tance; flow conditions for which strong shocks oc-
cur: flow conditions near the condition where a
wing leading edge becomes sonic, especially in
case of blunt leading edges; etc., the correlation
between prediction and experimental data may turn
out to be unsatisfactory.
4.8 Solution of the system of equations

The solution of the system of linear equa-
tions, Eq. (4.17), can be obtained in various
ways. Here we mention direct methods (Gaussian
elimination. L-U decomposition, etc.) and itera-
tive methods (Jacobi, Gauss-Seidel, stc.) oper-
ating on elements of the matrix A or on partitions
(blocks) of the matrix A. In the latter case the
blocks are to be chosen carefully, for example as
blocks containing all elements associated with the
influence of a strip of the wing, or a ring of the
body, on itself.
In general the direct methods are more robust and
a solution is almost always obtained, also in case
of irregular paneling, irregular ordering of
neighbouring segments or nefworks, etc. However,
the cpu time required (+ NU”) may become rather
excessive on scalar mainframe computers or on
workstations. Iterativefnethods are less computer
time intensive (+ itxNU7), but in some cases the
iterative solution procedure may converge slowly
or might even diverge.

The rate of convergence depends on the choice of
the iterative procedure and more specifically on
the way in which the user of the method has ar-
ranged the sub-division of the configuration into
parts, segments, strips, etc. Failure to converge
will require a switching to an alternative proce-
dure or a re-paneling of part or of the complete
configuration, this for instance in order to get
larger blocks in the iteration matrix. The rate of
convergence of an iterative method depends on the
diagonal dominance of the matrix A, which on its
turn depends on the type of the integral equation
that is being solved. It appears that the systems
of equations resulting from discretization of
Fredholm integral equation of the second kind,
Egs. (4.11), (4.12) and (4.13), give the least
problems. The system of equations resulting from
discretization of the lifting-surface integral
equation, Eq. (4.14), can cause some more problems
during execution of an iterative procedure. In the
literature on the subject of solving iteratively
nearly ill-conditioned systems of equations means
are discussed to improve the rate of convergence,
but most of these techniques do not apply to the
matrix equations typical for panel methods.

For supersonic free-stream Mach numbers it is also
noteworthy to remark that, if the paneling is ar-
ranged from nose to tail, generally convergence of
iterative methods is faster than for subsonic Mach
nwubers,

Finally, it must be noted that in case, at fixed
Mach number, many right-hand side vectors are to
be considered the direct method may he preferable
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over the iterative one. This since, once the L-U
decomposition has been accomplished, each new so-
lution requires just one matrix-vector multipli-
cation, while an iterative method has to start all
over again for each new right-hand side.

As far as the implementation on (super)computers
is concerned it is remarked that both direct and
iterative solvers are vsctorizable, but that for
large systems of equations the larger number of

1/0 operations required for the iterative solver
may become a bottle-neck.

In the present report the iterative methods used
to solve the system of linear and nonlinear equa-
tions occurring for configurations with partly or
fully relaxed wakes is not described in more de-
tail than given in the preceding section.

As far as the (linear) case without any form of
wake relaxation is concerned it should be remarked
that in order to obtain a solution for a series of
free-stream conditions at fixed Mach number use
can he made of the superpositionprinciple. It can
he shown that for given outflow, given onset flow
due to propeller slipstreams, =tc,, the solution
at any value of the angle of attack a, angle of
side slip g, steady rate of roll p, steady rate of
pitch q and steady rate of yaw r, can be obtained
by combining six basis solutions, denoted here by
the column vectors Si’ i-1¢1)6, namely as:

S = Sl(l + hl) + (32-Sl)h2 + (Sa-Sl)h3 +

+ (84-31) (ap -hlpl) + (SS-Sl)(Aq-hlql) +

+ (sﬁ-sl)(Ar-hl§1) (4.20)
where
4p = (p-p)/(P, Py Py = P1/(Py-P;)
8q = (4-97)/(q,79)5 4y = 97/€95-9))
AY = (r-rq)/(Xy-rq); ;l ERIVALZS P

hl = (cosﬁ(sinﬂz-sit\,@l)/sin(ﬁz-ﬁl))f + g
h2 = {cos,ﬂ/cosﬁl}fl

h3 - g - [cosﬂsinﬁl/sin(ﬂz-ﬁl)}f

with

fl' sin(a-al)/sin(az-al); f2' sin(a2~a)/sin(a2-a1)
g~ sin(B-g,)/sin(B,-8,); z,= sin(B,-8)/sin(f,-8,)
f—fl+f2- Lg=g1+g, -1

In Eq. (4.20) the basis solutions 5., i=1(1)6 are
solutions at pre-selected combinations of free-
stream conditions, namely:

= 8(ay,B.pPy,4. 1)

= 8(=,,8y,Py,497,T;)

= S{ay.8,,P:9y51q)

= S(ay,8y-Py,97,7y)

= S(allﬂlrplsqzsrl)

= S{0;,B1,P,q.Ty)

[>T v T T 7 R ¥ - B ¢ |

oW B e N

In the case of porc/starboard-side symmetry g = 0,
p = Oand g « O and just three basis solutions are
required (Sl, 3, and Sg). In that case Eq. (4.20)
reduces to

§ = 8.F, + 5,F) + (5,-5,)(8q-q,f) 4.2D)
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Eq. (4.20) or Eq. (4.21) can also be used to ob-
tain, analytically, the derivatives with respect
to a, §, p, q and ¢ of the solution, and therewith
of the forces and moments, i.=, stability deriva-
tives like 8¢, /8a, 3C /8p, ac, /349, etc.

Using above procedure we see éhac once for a given
Mach number, the six (three) solutions have been
obtained, all other solutions and their deriva-
tives follow in 0(NU) operations.

Further basis solutions can be obtained for e.g.:
the mass-flow rate into an inlet characterized by
one or more mode-function type parameters; the de-
flection of control surfaces modeled employing a
lifting-surface type of approximation about a mean
position of the control surface, i.e. with the
paneled control surface at some fixed reference
deflection and the boundary conditions on this
same surface accounting for the incremental de-
flection: etc.

4.9  Forces and moments

Once the singularity distributions are
solved for, the velocity at the panel collocation
points can be computed and therewith also the
pressure on the panels. Forces and moments are
then determined by integration of the pressure
distribution on the surface of the configuration,

e.g. !

F o~ -ffp(x)n(x)ds (x) (4.22a)
S
b
JS“jp(i) Gi-X R (x)AS () (4.22b)
b
which have to be made dimensionless by q.3 Sre f and
%S £ respectively. In Eq. (4.22b) % o de-

notes tf':\e moment reference center.
The_integrals in Eq. (4.22) can be approximated to

0(52) by using the simple mid-point rule. . g
NP
F-- ¥ p(x*)(x*xx*) bs At + 0(6 ) (4.23a)
i=-1

where there are NP panels on the solid geometry of
the configuration. The integration in Eq. (4.23)
should be over a closed surface. Not accounting
for parts of a closed surface corresponds to as-
suming that p = O on the left-out part of the sur-
face. In most panel methods the pressure coeffi-
cient C |s mtegrated rather than the pressure
1tse1f

— - -+ —D* -D*
F qmiglcp(xvi%) (x¥xx%) A5 AT, (4.23b)

and a similar expression for the moment. Since in
case of a closed volume the surface integral of
nex) (and the one of Axxn (%)) vanishes, Eq.

(4.23b)y is identical to Eq. (4.23a). If now part
of a closed surface is left out in the integration
it is equivalent with assuming that p = p on that
part of the surface. For a body with a base this
appears to be a good first estimate of the pres-
sure in the separated flow region.

The experience of applying panel methods to con-
figurations with a finite number of panels is
that, using above integration procedure, most of
the forces and moments can be computed to a suffi-
cient degree of accuracy. However. this is gener-
ally not true for the (induced or wave) drag
force. It is most obvious in the two-dimensional
case Where in a potential flow about a closed con-

tour the drag is identically zero, while for in-
stance first-generation panel methods produce non-
zero drag coefficients. In three-dimensional flow
with lift the panel method should provide a suffi-
ciently accurate estimate of the induced drag and
for supersonic flow also of the wave drag.

For the integration of the pressure over lifting
surfaces the integral over the leading edge and
side edges where the pressure distribution is sin-
gular requires special care. For an accurate pre-
diction of the contribution of lifting surfaces in
the forces (and especially the induced drag) and
the moments the inclusion of these edge-suction
forces is crucial.

FAR-FIELD

UPSTREAM S,
FAR-FIELD

S

oo

TREFFTZ
PLANE

Fig. 4.11 Far-field momentum analysis

Most panel methods have an option to compute the
drag from a so-called "far-field” analysis in
which the drag on the configuration is obtained
from the application of the law of the conserva-
tion of linear momentum in a large volume sur-
rounding the configuration in steady flow, see
Fig. 4.11_This approach automatically accounts
for the edge-suction forces on lifting surfaces.
Conservation of momentum applied to the fixed
volume enclosed by s , s_ (ghe Trefftz plane)
Sy, and both sides of the Wake 5 gives

[fipn + p(@.hHUds ) =0 (&4.24a)
S¥

+
where s = s +s +s + 5§
u «© t W

with ; the normal pointing into the volume. From
this it follows that the force on the configura-

tion can be expressed as, using that the integra-
tion in Eq. (4.24a) is over a closed surface and

that mass 1S conserved:

F = [fto-p )R + o2y DT )1dsGhy  (4.24b)
S

where F denotes the force on the body, i.e. is the
surface integral of p-p, over 3.

In case s_, and $_ are at an infinite distance
from the conf"guratlon one has (in subsonic
flow):
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while to sufficient degree of accuracy

+ + N
=-p° n=20
s p~p,un
w
- -)+—9 >
s u=U TU.,p=p,n"-e

t

The latter implies that the wake surface §,, is
chosen to be approximately normal to the Trefftz
plane S, This leads to:

F - -ff{(p-pm)éx + p U0 tdydz (4.24c)
S

t

where U is the velocity induced in the Trefftz
plane. Next employing the expression for the qua-
dratic pressure coefficient, Eq. (2.3d), results
into

] 2. —+
F = Pw£f€<%lﬁti Ye - U, )dydz (&4.24d)

t

Upon writing U, in terms of the perturbation po-

tential ¢, whigh to consistent order of magnitude
satisfies Laplace"s equation in the Trefftz plane,
and wsing Green"s theorem in this plane, one gets

ﬁ“hQW&H CeGINCRU S 2+ U E hde
v (4.2he)
where C is the trace of the-wake vortex sheet(s)
s in the Trefftz plane s., e_ the normal and t
the arc length along ¢ . §q. 4.24e) is recognized
as the classical result of the Trefftz plane anal-

av vue ARAOTY

TECHNICAL LIBRARY

5-31

ysis, a result which does not depend on the free-

stream Mach number directly, only indirectly
through the doublet distribution.

It follows from Eq. (2.5f) that the jump in the
perturbation velocity potential equals -u4(t), so
that:

-+ T4 4 - -+
-. 2 4,24
F pméy(t){ (U e Ve + Ue Jdt (4.24F)
w

In order to evaluate Eq. (4.24f) one needs the ve-
locity distribution U_ induced by the doublet dis-
tribution on C_ in thé Trefftz plane. This can be
obtained by a 2D panel method applied to a system
of vortex sheets with given doublet distribution.

It is general experience that obtaining the in-
duced drag from Eq. (4.24f) (the e, term) yields
more accurate results than using Eﬁ. (4.222) re-
sulting from the direct integration of the pres-
sure distribution.

Still an alternative way to compute the forces and
moments acting on the configuration is to "double-
integrate™ the singularity distribution.

Referring to Fig. 3.13 the contribution to the
force of a vortex line is found from Blasius® the-
orem, leading to

F= ffo@ + WPysrds + [fe(@_+ uFyqds
5 Sp
(&.25)
which in principle also includes all edge-suction
forces, but is expensive computationally.
In supersonic flow the situation on s_ is differ-
ent, due to the circumstance that disturbances are
propagated undamped from the configuration. Calcu-
lation of the force on the configuration from the
conservation of linear momentum is much more ela-
borate for this case and not considered here.
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Panel Source Doublet B.C. Remarks
DOUGLAS -NEUMANN | Flat Const. Mode function Neumznn M <t
[1], 1962/1972 (external)
BOEING-TU230 Flat Const. Mode function Neumann ¥ <l
(2], 1961 (internal) Gothert
rule
NLR Flat Const. Mode function Neumann M <1
(6), 1969 (internal) NER com
rule
MBR Flat Const. Mode function Neumann Mm<1
[6], 1970 (internal)
HUNT-SEMPLE Flat Const. Mode function Neumann M,,<1
{7], 1916 (internal,
opt.)
USSAERO Flat TB:Const. - Neumann M <1,>1
{8], 1913 Ls:Linear [Non-polynomial Linearized
NLRAERO Flat TB:Const. - Neumann M <1 >l
[9], 1980 LS:Linear |Quadratic Linearized
PAN AIR Flat Linear Quadratic Neumann/ ¥ <1,>1
(10}, 1915 Sub-panels Dirichlet
DOUGLAS H.0 Quadratic Linear Mode function Neumann ¥ <1
{11), 1980 (external,
quad.)
ROBERTS Cubic Cubic Mode function Neumann Y
[12), 1915 (internal,
Birnh.)
MCAERO Flat Linear Quadratic Diirichlet |u =07
(13), 1980 Sub-panels
SAAB Quadratic Linear Quadratic Diirichlet Mw=0?
[14], 1984
HISSS Flat Linear Quadratic Diirichlet (M <1,>1
[15], 1984 Sub-panels
VSAERO Flat Const. Const. Dirichler | _=0(?7)
[16], 1981 Wake
relax
QUADPAN Flat Const. Const Dirichlet |if <1
[17], 1983 '

BC: Boundary Condition
TB: Thick Bodies
LS: Lifting Surface

auxiliary surface in the interior or on the
surface of thick wings, or by lifting sur-
faces. All. these methods are first-order
methods.

second-eerieration methods, Refs. 10-15, all
accounting in some way for panel curvature
and employing higher-order representations
for the singularity distributions. Some
methods still use the mode-function formula-
tion, solving for ¢ through the Neumann
boundary condition, others employ the Diri-
chlet boundary condition and solve for x. A
number of such methods are under develop-
ment, e.g. Ref 18 and at NLR AEROPAN/PDAERQ.
advanced ].ow-order methods, Refs. 16 and 17.
These apparently quite successful methods

Table 1: Partial list of methods presently in use

5.0 EXISTING PANEL {ETHODS

5.1 Description and some general aspects
At present there are many panel methods in

use capable of computing the linearized potential
flow about 3D configurations (see for a partial
list Table 1). Three categories can he distin-
guished:

- first-generation methods, Refs. 1-2, 5-9,

all with the direct Neumann boundary condi-
tion applied and using the flat-panel ap-
proximation. Lift is generated through a
mode-function doublet distribution on an

employ the Dirichlet boundary condition on i

the flat-panel approximation with a constant
source (if any) as well as a constant
doublet distribution, claiming higher-order
accuracy -




Trus Documesy Pa sen

ay rur AnaoTry

ILL,HNI(_,AL LILJF\AF\Y

Fig. 5.1 shows a comparison (Ref. 27) of re-
sults of two first-generation methods (Refs. 5 and
7) with the higher-order (3rd order!) method of
Roberts (Ref. 12). The case considered is the in-
compressible flow ahout the "RAE wing" at 5 deg
incidence for a panel scheme of 12 strips of 60
panels each. The left-hand side of the figure
shows the comparison of the - and the y-component

Y RAE WING
X

A M=00 =5
A Y/c=0.05

: : : ' : : : —
01 02 0304 05 0.6 0.70809 10

0.14
0.0
-0.1l
-0.2]
0.3
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function doublet distribution becomes even more
apparent. This is demonstrated for the chordwise
surface C_-distribution, shown for the 2%-thick
wing in tRe plot at the right-hand side of Fig.
5.1.

The advanced lower-order methods Refs. 16 and 17
employ the Dirichlet boundary condition, Eq.

c_ 4 RAE WING
P T M=0.0 a=5
04l t/c=0.02
0.24
0 3 O 40 e e ° ° o‘:ﬁﬁ_‘
0.0 . f o ] X/C
01 02° PETEERRR AR R A
0.24
0.4+
0.6/
—a— ROBERTS (DATUM) [12]

O H-S (SHEETS) (60 X 12)[7]
o NLR (60X 12)[5]

Fig. 5.1 Comparison of first-generationpanel methods, Ref. 27

of the chordwise velocity distribution for a wing
thickness of 5%. The x-component of the velocity
does not differ much for the three methods con-
sidered. However. the y-component of the velocity
computed by the method of Ref. 5, which employs as
mode function an internal piecewise Constant dou-
blet distribution (equivalent to a vortex lattice,
see Eq. (2.6e)), of

user-specified shape, shows large deviations from
the "datum" solution of Roberts and from the solu-
tion of the method of Ref. 7 which employs a more
continuous “optimized" internal mode function. For
even thinner wings the necessity of the more ad-
vanced internal mode function or Some other formu-
lation with less severe constraints on the mode-

C
° gl
Do
A
24
o= 10°
04
0

<

KTOO12 PROFILE

(3.3), with the apparent inconsistent discretiza-
tion of a panelwise constant source and constant
(instead of linear) doublet distribution on the
flat-panel approximation. In order to find the
surface velocity, Eq. (3.4b) is to be evaluated.
using at least ticst-ocdey accurate numerical dif-
ferentiation to obtain 3p, as 1is required for a
fully consistent first order method, it is sug-
gested that in spite of this one still finds the
surface velocity with 0(h) accuracy. For the 2D
case Oskam (Ref. 28) investigated the accuracy of
a method with the internal Dirichlet condition on
the total potential ¢ = 0 (which leads to q = 0 if
the flow is incompressible and v, = 0.see Eq.
{3.5¢)).

0 ‘
LOG, (E ) \

\ SI.OPE -3
Nk

LOG (N

Fig. 5.2 Accuracy of solution for 2D flow using Dirichlet boundary
condition and second-order formulation (Ref. 28)
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In Eq. (3.6) a quadratic local representation for
the doublet distribution and a curved-panel ap-
proximation was used. while in Eq. (3.7b} a 4th-
order accurate numeyiczl differentiation was em-
ployed to evaluate V4. The method was applied to a
12% thick Karman-Trefftz airfoil section. The in-
vestigation showed that the resulting method is
third-order rather than second-order accurate
(Fig. 5.2) as one might have expected from the
results of Refs. 16 and 17. This is a puzzling
situation and one may wonder what causes this
anomaly, is the analysis based on the small-curva-
ture expansion perhaps too conservative, or is
there some hidden annihilation of error terms in
the process of obtaining s from Eq. (3.6) and the
surface velocity from Eq. (3.7b)? A factor that
might have contributed is that the panel scheme
used was highly non-uniform and adapted in the
nose region where the curvature and the gradient
in the solution become large.

5.2

In this section we consider some of the
strengths and weaknesses of methods that employ
the Neumann boundary condition and methods that
employ the Dirichlet boundary condition. The dis-
cussion is based on the literature and on experi-
ence gained at NLR.

The methods using the Neumann boundary con-
dition solve for the source distribution on the
surface of the configuration. Lift is generated
through a (mode function) doublet distribution on
an artificial surface in the interior of the con-
figuration or on the actual surface of the config-
uration. Alternatively, lifting components of the
configuration are treated as lifting surfaces
carrying a doublet distribution to be solved for
and a source distribution of known strength which
accounts for effects due to the wing thickness.
Some positive (+) and negative (-) assets are:

+ The formulation appears to be forgiving for
irregular paneling, at least for subsonic
flow (M.<1).

Lift-carry-over through user-specified or

automatically generated auxiliary surfaces

is subject to some arbitrariness.

Thin wings may cause problems in case mode-

functions are used (Fig. 5.1}, the lifting-

surface approximation may be inadequate for

thick wings as well as for wings with a

blunt leading edge.

Internal flows cannot be modeled because of

"leakage",

Spurious Mach-wave reflections in the in-

terior of the configuration. in case of

supersonic flow.

The methods using the Dirichlet boundary
condition solve for the doublet distribution on
the surface of the configuration, while the source
distribution (necessary in the formulation in
terms of the perturbation potential ¢) follows
from an algebraic relation. For this category of
methods the following applies:

+ Lift-carry-over is implicitly accounted for.
However, for a wing/body configuration the
intersection of the wake of lifting compo-
nents (wings) with non-lifting components
(bodies) has to be identified as the edge of
a segment across which the doublet distribu-
tion is discontinuous (Fig, 3.4).

+ More accurate for the same computing cost,
or for the same accuracy less computing
cost?

+ Better behaved in supersonic flow.

+ Less storage required.

More sensitive to irregular paneling and
gaps in the geometry.

In view of above points it is quite evident that
the methods with the Dirichlet boundary condition
are considered to be a definite improvement over
the (older) methods with the Neumann boundary con
dition in which the stream surface condition is
imposed in a more direct fashion. However, much
expertise in applying the latter methods to prac-
tical situations, in which the underlying assump-
tions are often violated locally, has been built
up. This experience does not automatically carry
over to the newer methods.

5.3 Lower-order versus higher-order methods
Regarding the matter of choosing (for the
development and/or application) a lower-order
rather than a higher-order method, several argu-
ments, pro or contra, can be put forward. For a

low-order method it can be remarked that a lower-

order method:

++ is less complex to design, program and main-
tain. Less information is required to define
the geometry and less AIC expressions have
to be worked out.

+ has more flexibility because no higher-order
continuity is pi-e-assumed or required,
neither in the geometry nor in the singular-
ity distributions.
can introduce non-physical features in the
flow field such as discrete vortices which
may give rise to spurious. numerical
effects.
is not suited for supersonic flow unless
"triplets"” (Ref 26) or some kind of aver-
aging (see Ref. 29) is introduced.

THICK - WING METHOD

Fig. 5.3 Type of panel method

LIFTING - SURFACE METHOD

(Courtesy Fokker Aircraft B.V.)
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Similarly, the higher-order methods are:

+ possibly more accurate for the panel size
tending 0 zero, i.e. in an asymptotic
sense. This does not imply that for a spe-
cific (coarse) paneling the solution of the
higher-order method is more accurate than
the one obtained with the lower-order method
using the same paneling.

+ more economic when a fine paneling is re-
quired for, for example, a subsequent compu-
tation of the boundary layer on (part of)
the surface of the configuration or for
cases such as close-coupled lifting compo-
nents.

+ required for supersonic flow (#.>1), and for
wake relaxation.
less flexible because more ordering is re-
quired in the specification of the geometry.
computationally more expensive in case con-
tinuity of geometry and singularity distri-
butions across segment boundaries is to be
enforced explicitly.
less attractive to develop because a tho
rough analysis is required to minimize the
computational effort.

- time-consuming to code and maintain
more difficult to vectorize,

It should be noted here that in many practi-
cal situations the panel scheme chosen, because of
restrictions in computing budget or computer core
memory, is just fine enough to resolve the rele-
vant flow features, sc that in these cases there
is no advantage in using the higher-order method.
However, with computing cost decreasing and core
sizes increasing the user will tend to increase
the number of panels and the higher-order method
will eventually become more economic. It should
also be realized that at locations where the so-
lution is (nearly) singularly behaved, as fre-
guently occurs at the edges of lifting surfaces,
but also at sharp trailing edges, etc., higher-
order accuracy is formally only attained if the
singular parts in the solution are extracted and
treated explicitly (=.z. Ref. 30). This may be
pursued in 20 but is far too complicated to be
extended tc the general 3D framework.
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J |
0.6 N  CPU-TIME
NLR PANEL 12x60 170sec.
PDAERO 12 x 30 105 sec.

Comparison between thick wing and lifting surface model

5.4 What tvve OF panel method to use

The type of panel method to be used depends
strongly on the purpose of the application (Fig.-
5.3). IT the method is to be used during conceptu-
al or preliminary design phases of an aircraft
project, in which many possible candidate configu-
rations are studied, there is no need to consider
all the flow features in great detail. This means
that a method that provides the six-component
forces and moments, stability derivatives and
spanwise load distributions to within a certain
not too demanding level of accuracy will suffice.
Also very often in these design phases the de-
signer will look for trends rather than quantita-
tively accurate data. For this type of application
a relatively coarse paneling is allowed which will
cut down on computer run time. Also, as demon-
strated in Fig. 5.4, it will be allowed to employ
the lifting-surface approximation
which reduces the computer cost (the number of
panels required for the lifting components is
halved) even further. It is also possible that for
the purpose of some detail study isolated parts of
the configuration are considered, =.g. the wing-
flap system, utilizing a fine paneling for that
part, hut neglecting the interference due to other
parts of the configuration. This type of consider-
ations may lead to the for application during ear-
ly design phases desired situation where the
"turn-around-time" is such that the method can be
used on a workstation or interactively on a main-
frame computer. In addition it is required that
the geometry can be handled (defined, manipulated,
etc.) easily while also pre- and post-processing
can be carried out fast. In such an environment
the designer can investigate rapidly the effect on
the aerodynamic characteristics due to for example
changing the position and type of the propulsion
system, changes in wing-tail lay-out, flap set-
tings, roll angles (for missiles), etc. As far as
the lifting-surface approximation is concerned
Fig. 5.4 provides an insight in the accuracy of
the predicted pressure distribution. It shows that
for both wing thicknesses the thick-wing and the
lifting-surface model give comparable results,
except near the blunt leading edge where the lift-
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ing-surface approximation is invalidated. For t/c
- 0.02 the result of the NLR panel method deviates
from the one of Boeing®"s TEA-230 as well as from
the result of the lifting-surface method. This
discrepancy is due to the failure of mode function
to represent the doublet distribution correctly in
the trailing-edge region. s=¢ also Fig. 5.1.

Fiz. 5.5 gives an example of the application of a
panel method (PDAERO) to an isolated component of
a complete configuration. It shows the inlet re-
gion of a nacelle and the comparison of computed
and measured pressures along two sections within
the inlet region. This is a type of configuration
where the flow resembles an internal flow and
application of a first-generation panel method em-
ploying the Neumann boundary condition resulted in
unsatisfactory results. However, applying the in-
ternal Dirichlet boundary condition on the pertur-
bation potential resulted in the rather satisfact-
ory correlation of theory and experiment, shown in
Fig. 5.5. The paneling of the nacelle is shown in
Fig. 6.1.

More detailed investigations, at a later
phase in an aircraft project, requiring accurate
local characteristics such as pressure distribu-
tions, spanwise and axial load distributions,
hinge moments, root-bending moment, etc., will ask
for a finer and also for the actual wing surfaces
to be modeled, or maybe even for wake relaxation.
Clearly this requires an accurate, reliable and
computational ly efficient method.

A
cO C)p1
5 B o
X
0! 0.5
1 O W e s 1 0 [ S A
M =0.25
NP qD?goo o =0
g V.RengiNg = 08
VENGINE
@«—A |
VBYPASS

COMPUTATION ] V. R. BYPASS = 1.06
e EXPERIMENT

..... COMPUTATION } V. R. BYPASS = 0.09
A EXPERIMENT

Fig, 5.5 Detail study of the flow into an engine
intake

In cases where the configuration operates at
both subsonic and supersonic speeds (supersonic
transport aircraft, combat aircraft, missiles) it
will be advantageous to use a method that applies
to both subsonic and supersonic free-stream Mach
numbers. The main benefit here will be the saving
in manhours to prepare just one input rather than
the input for a subsonic flow method and a sepa-
rate one for a supersonic flow method.

Such an example application of the NLRAERO method
is given in Fig. 5.6. It shows the lift and drag
coefficients as function of angle of attack for
two subsonic and for two supersonic Mach numbers,
as have been obtained in a single run of the code

AIRFOIL 4% CIRCULAIR ARC BICONVEX

L=25D . =12t
“ g 250 BODY PANELS
¢ =1078 100 WING PANELS

C Ll= 0.594

(ALL D]MENSIONS

IN INCHES) MOMENT REFERENCE POINT : x ref = 14.42

oL ] c

——— PRESENT METHOD
P.DATA REF. [43

Jof +  EX REF. [43] wl .
—

3 ¥
200
200 / -
wl| 0
A

o o

9 L 1 Lan 0 + 1 1 0
o 7 4 s 7 7 ) 3

ok S 1L

0k =01

4 CoCpt ax=0)

el -
0 M s I af 0 FA.#“ ) 4 AL

o [

a0 30

2ol

Sy

o o
o 3 t fan H ! San
o .41

$
02| .02
L,
03 + 0
Cplphr=0°)

5]
™
IS}
=]
“
2
£
4+

M) © ar

EE-—#);’ i ra— 03 - 2

L.E.: SUBSONIC
T.E.: SUPERSONIC

o-

L.E.: SUBSONIC:
T.E.. SUPERSONIC

Fig. 5.6 Aerodynamic characteristics wing-body
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Above discussion leads to the conclusion that a
general purpose panel method, probably second-
order, with several aerodynamic modeling options
as Neumann and Dirichlet boundary conditions,
thick wings and lifting surfaces, default and
user-specified near wakes with and without partial
relaxation, inflow and outflow segments, options
to model (the effect of) propeller slipstreams and
jet plumes, options to account for effects due to
boundary layers, option to interface with a bound-
ary-layer method. subsonic- &« supersonic-flow
capability, etc., as well as automatic (re)-panel-
ing options is the "aerodynamic tool" that is
needed. A prerequisite for such a "building-block"
system (“toolbox™) is that, in spite of the many
options, the computational method remains sxtend-
able, maintainable, economic and above all "user-

friendly",

Regarding the latter it must be kept in mind
that in the application of panel methods the costs
involved in the manhours required for preparing
the input and analyzing the results of the compu-
tation generally far exceed the bare computing
costs.

6.0 PANEL METHOD ENVIRONMENT

As sketched in Fig. 6.1 the panel method is
embedded between pre- and post-processing. The

main task of the pre-processins is the generation
of the input for the method. which includes:

PRE -PROCESSING

| ! I
IGEI;M | [ ac ] [ soL ] [RESULT]

~ T 7 POST-PROCESSING

Fig. 6.1 Panel method environment

definition of the geometry, subdivision into

parts and segments, determination of inter-
sections between wings and bodies, etc.
paneling of the individual segments, or in
case the method features automatic paneling
features, specification of the panel scheme
parameters

specification of auxiliary, non-configura-
tion surfaces such as near-wake surfaces,
inlet faces, lift-carry-over segments, in-
ternal surfaces carrying the mode-function
doublet distribution, etc.

inspection of the paneled configuration
(e.g. Fig. 6.2)

specification of the normal velocity compo-
nent v distribution that simulates viscous
effect:, inlet and outlet flow, =tc.

specification of slipstream data as velocity

and total-pressure increment, other user-
specified onset flows, atc.

specification of free-stream direction, Mach

number, steady rates of rotation (roll,
pitch, yaw), incremental onset free-stream
velocity due to motion of some part of the
configuration, etc.
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The First few items of above list require
that the user has access to a geometry package for
geometry manipulation. On the other hand, during
preliminary design studies parts of the configura-
tion may have a simple shape, e.¢. cylindrical fu-
selage, constant-airfoil-sectionwing, zero-thick-
ness fins, stc, Some of the panel methods avail-
able have an extensive geometry definition capa-
bility, facilitating operation of the method in a
"stand-alone" fashion.

iy ey 2
W rrin e tea:
B ociei e

i liries
fagtreied
oy

R

iitirist i
hitearar 5
1

DIVERTER %5

(BY - PASS) EXTERNAL

INTAKE

Fig. 6.2 Geometry modeling (Courtesy Fokker
Aircraft B.V.)

\\ i 3

A

SR

Ny )

AT
Fig. 6.3 rface velocity vectors (Courtesy
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Inspection will involve the visualization of the
paneled geometry as a wire frame (Fig. 5.3), with
or without "hidden lines", as a ''solid model", as
a "pin cushion” to check on the direction of the
normals, etc. At present workstations with rather
sophisticated graphical visualization packages are
widely available. Inspection of the paneling of
complex configurations using different types of
visualization techniques is now a much easier task
than during the early days of the application of
panel methods, where printer output was the only
inspection tool available.
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The last couple of items on above list may require
the interfacing with other methods like a bound-
ary-layer calculation method, a method for wake
relaxation, a method for isolated propeller aero-
dynamics, etc. As far as the incremental Onset
free-stream velocity is concerned it can be used
to compute, in a guasi-steady approach, the sepa-
ration of stores from a parent aircraft.

The main task of the gost-orogessing IS the
digestion of the output of the panel method. It
may involve:

- generation and visualization of pressure plots,
isobars, surface (Fig. 6.3) and free stream-
lines, polats of forces and moments for dif-
ferent Mach numbers, etc.

- comparison with data from other calculations or
from experiments

- (weak-interaction) boundary-layer computation

- wake relaxation

- archiving of aerodynamic data in a data-base
system.

In the practical use of panel methods the
rapid and user-friendly visualization of geometry
and of flow results on advanced graphical (color)
workstations is essential.

Panel methods run on workstations, small to large
mainframe computers and on supercomputers. The
basic characteristics of any panel method are the
following:

- Number of lines of the code. This can run from
a few thousand for a wvortex-lactlce method to
more than one hundred thousand for a general-
purpose higher-order method. In general the code
can be broken down easily along the main lines
indicated in Fig. 6.1 and also to deeper levels,
facilitating efficient "segmented" or “capsule"
loading of the object code.

. Memory requirements, The memory requirement of
panel methods is aN~ + o(¥), where N is the num-
ber of unknowns (or panels) and the value of a
depends on the method (Neumann or Dirichlet or
lifeing-surface boundary condition) but varies
typically between 3 and 1. This implies that
depending on N, out-of-core mass-storags IS re-
quired. Some panel methods optimize the usage of
main memory in order to cut down on 1/0 to and
from disk and therewith on turn-around time.
This involves amongst others the block-wise
treatment of the AIC matrices.

- CPU-rime requirements. The CPU-time require-
ments of a panel method can be expressed as

CPU = a . xNz + (a ><N3 or itxa ><N2) + o) sec
aiec 1u It (6.1)

where the coefficients depend very much on the
processor speed of the computer and far super-
computers on the degree of vectorization, multi-
tasking and/or of parallelization.

In the table below some values of the coefficients
appearing in Eq. (6.1) are given.

Azic a1y ¢
-4 -6 -6

Cyber 180-965 {2-8)x10 1.5x10 3x10
NEC SX-2 3-1yx107% | 2.0x07? | <1077

The values refer to the CPU requirements of NLR's
PDAERO/AEROPAN code and as far as the Cyber is
concerned also of the sub/supersonic NLRAERO code,
both applied to a number of test cases. The range
of values given refers to different types of runs
such as with or without symmetry; Dirichlet, Neu-

mann or lifting ,surfacecondition; with or ‘without
near wake, «tc, The values are quoted for two com-
puter6systems, one scalar mainframe (rated at
~2x10° Flops) and one (one-processor) Supercompu-
ter. From these -values an indication of required
CPU time for any scalar computer can be deduced
from the difference in the processor speed in
terms of the flop rate. For a supercomputer the
values of the coefficients depend very much an the
degree of vectorization, m:lti-tasking, paralelli-
zation, ete. so that translation to other computer
systems is more ,difficult.

Note that above table indicates that, for one so-
lution on a scalar computer, the iterative solu-
tion procedure requires less computer time than
the direct solution procedure for N's exceeding a
value of 2.0 times the number of iterations re-
quired, which is almost always the case. For the
vector computer this value is even lower. However,
in both cases the iterative method will require
more 1/0 operations.

As an example consider a 500-panel case which will
require less than 5 minutes CPU time on the 2-
megaflop mainframe and less than one hour on a
workstation with 1/10 of that processor speed.

Finally it is noted that the higher-order methods
PANAIR requires, on a specific type of computer
system, substantially more computer time than in-
dicated in the table above, than other second-gen-
eration methods or than first-generation methods
(see Ref. 31). Also the higher-order panel method
HISSS requires relatively much computer time (e.g.
Ref. 32). The reasons behind this are not easily
assessed, but the elaborate way in which the nu-
merical schemes are set up (like in Fig. 4.7b)
might be an important factor.

7.0 OPPORTUNITIES FOR IMPROVEMENT

There are several areas where (existing)
panel methods msy be "improved (see also Ref. 33).
Referring to Fig. 6.1,where the various parts of
a panel method are indicated. the fallowing items
are considered.

GEQM: This part of the program handles the geomet
ric input, in "stand-alone" panel codes it also
acts as pre-processor to define and subsequently
panel the object. considered. In this part of the
method an automatic procedure for generating a
(curvature- or even solution-)adaptive panelling
would result in an increased accuracy of the nu-
merical flow sinmlation.

ALC: In this part of the program the influence in-
tegrals are eval%ated‘ The operational Count of
chis part is o(N“). 1n panel methods. that use an

iterative solver for the system of equations. this

part of the program accounts for most of the total
CPU time. Here attention has to be paid to the
vectorization of the code, such that it runs effi-
ciently on super-computers. As an example of the
speed-up that is obtained on super-computers the
table in chapter 6 gives the coefficients in the

CPU-time formula, Eq. (6.1), for running the (sca-

lar) NLR AEROPAN/PDAERO panel method on a scalar
mainframe computer and on a vector computer.

It shows that even for the unmodified code a sub-
stantial speed-up of a factor of 15-20 is realiz-
ed. Note that because of differences in core memo
ry used (Cyber 962: 1 Mword in a virtual memory

environment, SX-2: 16 Mword main memory), part of
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the reduction of the CPU time is due to the
smaller amount of 1/0 activity required. It is ex-
pected that the CPU-time required for AIC can he
reduced further by re-arranging the computation
such that a greater part of the code for computing
the AIC"s vectorizes (ses also Ref. 32).
Another area of interest is reduction of the OOJZ)
operational count itself, . g. to 0(NlogN), this
without sacrificing the accuracy of the solution.
Although some studies have been initiated in this
area, =.g, Ref. 34, progress has been slow.

80L: In this part of the program the system of
equations is solved, either using an iterative
procedure or a direct (LU) decomposit%on proce-
dure. The direct solution require O"”) opera-
tions, but can be vectorized to a large extent,
see the table in chapter 6 which shows a speed up
by a factor of 7530.

The iterative solution procedure, mostlg block-
Jacobi or Gauss-Seidel, requires 0(it*N“) opera-
tions, with it the numher of iterations, hut this
at the cost of an increase in the numher of 1/0
operations to be carried cut with the matrix
during the iteration. The main problem with the
iterative procedure is that for complex configura-
tions, depending on the paneling, the numher of
iterations may be excessive or it may occur that
the procedure fails to convergence. Also for lift-
ing surfaces in subsonic flow (which did not re-
sult in a Fredholm integral equation of second
kind) the convergence is rather slow (s.z. see
Ref. 9). More robust iteration ncocedurss, as CON-
Jugate-gradient type of methods, are to be inves-
tigated.

For running a panel method on a workstation or
lower-end mainframe the availability of an itera-
tive solver remains a must. For a vector computer
the CPU time required for the vectorized LU-decom-
position remains relatively modest up tg higher
numbers of panels, but eventually the N’ count
will take over and an iterative solution procedure
might be preferable. For the iterative solver one
should also take into account the increase in
turn-around time due to the increased 1/0 opera-
tions needed.

RESULT: In this part of the program the velocity
and pressure distribution are computed and are
used to compute load distributions. forces and
moments on the complete configuration and on its
individual components, center of pressure, veloci-
ty and pressure at off-body points (e.g. for
streamline tracing), etc. Also a file is prepared
for use during post-processing.

8.0  FURTHER MODELING ASPECTS AND RECENT AREAS OF
INTEREST

There are numerous areas where the panel
method technique has been applied successfully.
Some areas that have attracted some attention
recently are considered below:

8.1 Propulsion installation effects.

The renewed interest in propeller propulsion
of transport aircraft has brought along the need
to predict the effects of the slipstream on the
configuration aerodynamics. During preliminary
design studies mostly a simple model is used in
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which the flow field due to the propeller in iso-
lation is superimposed on the free stream as an
additional onset flow (see Fig. 8.1). The data for
the (time-averaged) additional onset flow is ob-
tained from a propeller program based on, for
instance, blade-element momentum theory.

Fig. 8.1 Simple modeling of effect of propeller
slipstream on flow about the wing

A panel method can also be used to compute the
steady flow ahout the rotating isolated propeller
in a blade-fixed co-rotating coordinate system,
e.g., Ref. 35. For this case in which the free-
stream has to be directed along the propeller
axis, one blade Of the propeller and a segment of
the axially-symmetric huh is discretized into
panels. The influence of the other blzdes IS ac-
counted for using multi-lobed axial symmetry. The
main difficulty in the model is the wake, which is
a helicoidal vortex sheet interacting more strong-
ly with the flow about the propeller blade than is
the case in a conventional interaction of a wake
with the flow ahout the wing that generated the
wake. In the isolated-propeller method it is as-
sumed that at some distance downstream of the pro-
peller disc the wake is fully rolled up and all
vorticity is contained within a cylindrical vortex
sheet which forms the far-wake model of the slip-
stream. On the slipstream far wake the angle
between the vortex lines and the axis of the slip-
stream is constant. From the isolated-propeller
solution the additional onset flow in the configu-
ration-fixed coordinate system is obtained from
some averaging procedure.

It appears that above simple add-on onset-flow
model, in which it is assumed that the interaction
is weak and the slipstream is not affected in the
interaction, is not always adequate and an im-
proved modeling is required.

One possible improved model is to. approximate the
propeller as an actuator disc carrying a doublet
distribution of given strength (to be obtained
from the time-averaged loading of the propeller
blades). Down-stream of the propeller a cylindri-
cal vortex sheet, which represents the vorticity
within the slipstream, trails from the edge of the
actuator disc. Both the actuator disc and the
trailing vortex sheet are paneled, the strength of
the doublet distribution on the wake vortex sheet
is determined from conditions similar to the ones
used in the partial relaxation of conventional
wakes. In this way at least some mutual interac-
tion of the slipstream and the flow about the con-
figuration is accounted for.
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Fig. 8.2 Correlation of computed and measured
lift coefficients.

8.2 Viscous_effects

8.2.1, Lifting components. The most simple way to
account for viscous effects, in an engineering
fashion, is to neglect the thickness of wings al-
together, i.e. consider wings merely as lifting
surfaces. In this approach use is made of the
general experience that wing thickness effects
(which increase lift) are cancelled by viscous
effects (which decrease lift through an effective
de-cambering of the wing). This will yield a
reasonable total lift and spanwise lift distribu-

————————

- R

I __ THICKNESS, -~
SOLID! SURFACE |
____------Illl
'NEW SURFACE

a) SURFACE DISPLACEMENT { notto scale)
NEW PANELING

WAKE

b) OUTFLOW FROM SURFACE NO
NEW PANELING

Fig. 8.3 Simulation of boundary-layer effects

tion. This is illustrated in Fig. 8.2 which shows
the lift coefficient as a function of angle of
attack for a simple wing-body configuration in
incompressible £low. Three results are presented:
the measured values, the values following from the
NLR panel method which employs the thick-wing
modeling and tha values from NLRAERO which employs
the lifting-surface approximation. The lifting-
surface method gives the best correlation with
experimental data.

However, the latter method yields a less satis-
factory vepresentation OF the chordwise pressure
distribution.

A next step is to apply for the lifting components
of a configuration relatively simple formulas for
the development of the boundary layer on a flat
plate employing the computed inviscid velocity ox
pressure distribution in a stripwise fashion. This
will give a first estimate of the skin friction
and of the boundary-layer displacement thickness.
Subsequently the displacement thickness can be
used to model the effect of the boundary layer on
the inviscid £flaw and specifically on the lift.
The latter can be accomplished in either one of
two ways (see Fig. 8.3). In the first one a new
wing surface is obtained by adding the boundary-
layer displacement thickness to the solid wing
surface. This approach is not very practical
because it would require the definition and sub-
sequent discretization Oof a new geometry, which is
rather slaborate for a general three-dimensional
configuration, while it also requires a costly re-
computation of the AIC"s. In the second. more
practical. approach an outflow velocity distribu-
tion v is computed from the displacement thick-
nass sUch that the actual surface transpires
enough fluid to cause the resulting inviscid flow
field to be displaced by the same amount as in the
viscous flow. Re-computing the pressure distribu-
tion from the solution with specified v_ yields an
improved estimate of the pressure distribution,
Lift, stc, In viscous Flow.

During the detail-aerodynamic design phase a more
accurate procedure will be required. Now the pres-
sure distributicon re-computed by the panel method
can he used to re-calculate the boundary layer on
the surface of the configuration, etc. Under
cruise conditions the flow will be attached, a
weak interactionmay be assumed and the hierarchi-
cal procedure followed, iterating between the po-
tential flow method and the boundary-layer method,
will usually converge.

However, for configurations typical for take-off
and landing conditions, which feature pressure
distributions with high gradients, a strong invis-
cid-viscous flow coupling is to be taken into ac-
count. Furthermore, for e.z. wing-flap and slat-
wing configurations also the viscous wake modeling
needs to be considered in more detail. An impor-
tant item in any coupling of a boundary-layer
method with a panel method is that typically the
arbitrary-geometry capability is further developed
for panel methods than for boundary-layer methods.
Moreover, boundary-layer calculations require a
much stronger coupling between configuration seg-
ments than one is used to in panel methods.

8.2.2 Body-like componenis. As far as accounting
for viscous effects on body-like components is
concerned it will be clear that in cases, such as
wing-body configurations, the simple stripwise
flat-plate type of approximation is not valid.
Carrying out boundary-layer method calculations
for an isolated body at small incidence may be
feasible employing a weak-interaction technique.
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However, at higher incidence separation might
occur and also for the simple body in isolation
strong-interaction type of flow phenomena have to
be accounted for.

NEUMANN

EFPANELED

CUT PANELING
AT BASE: OPEN BODY

Sp

—— PANELED
/ el

/~\N
"BASE

DIRICHLET

CLOSED BODY

Fig. 8.4 Modeling separation from a body-like
component

Within the framework of panel methods strong vis-
cous effects, specifically at the rear end of a
body-like component, can be accounted for in an
engineering fashion as is shown in Fig. 8.4.

In a panel method employing the Neumann boundary
condition the body is extended from its base to
infinity downstream. At not teo high incidence it
may be assumed that the resulting scurce distribu-
tion on the fictitious part of the body will be
relatively small. This then leads to the model in
which the fictitious part of the body is omitted
altogether and the base of the body is nat
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paneled, i.e. the panel method is applied to an
open-ended body.

In a panel method that employs the Dirichlet
boundary condition the fictitious part of the body
has to be included in the model, hecause the
method applies to closed bodies only.

8.3 \Wake relaxation.

The classical rigid-wake approximation of
straight trailing vortex lines (Fig. 3.8) is
totally inadequate for configurations with close-
coupled components as wing-flap-tail configura-
tions (rake-off and landing) and canard-wing con-
figurations (combat aircraft and missiles at t,<1,
>1). The rigid-wake approximationwith a user-
specified "near wake" (Fig. 3.9) will improve the
modeling only if the vortex lines (4 = const,) on
this part of the wake are to a sufficient degree
aligned with the streamlines. A possible partial
alleviation of this problem is to fix the shape of
the near wake and its paneling but to "relax" the
doublet distribution (location of the vortex
lines) on the near wake by imposing the AC_. = O
condition, Eq. (3.11d). This latter condition is
quadratic in u, so that an iterative procedure is
required, which however does not involve a re-com-
putation OoF the AIC'S, see EQ. (4.15b). Because of
the weak non-linearity it is usually not necessary
to update the Jacobian in Eq. (4.18b) either dur-
ing partial wake relaxation. The_shape of the
near-wake, still to be specified by the user,
might he obtained from a method that solves the
non-linear problem in an approximate framework. An
example of this is the method which computes,
within the framework of the 2D time-dependent ana-
logy and employing a 2D second-order panel method,
the roll-up of more or less arbitrarily-structured
vortex wakes (Ref. 36). In Fig. 8.5a a typical re-
sult of this method is presented, which also
serves to demonstrate the complexity of the wake
of configurations with deflected flaps.
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Fig. 8.5 Example of results of panel methods for configurations with free vortex

sheets; approximate frame works,

a) time-dependent analogy,
b) slender-body approximation
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In cases where the interaction of the wake
and the solid geometry is stronger, e.g. separa-
tion from flap side edges, wing tips or for
slender wings with leading-edge vortex sheets, the
two wake boundary conditions (Egs. (3.11b) and
(3.11d)) have to be solved simultaneously. The
fully nonlinear 3D-wake relaxation problem is a
tough problem. Here also methods formulated in an
approximate framework. as slender-body theory, are
used for preliminary studies or as preprocessor
for constructing the initial guess for the method
for fully 30 flow. Fig. 8.5b presents the result
of such a non-linear second-order panel method
(Ref. 37y, formulated in the slender-body-approxi -
mation. Shown is the solution for the flow about a
thin delta wing of unit aspect ratio at sequence
of incidences. Subsequently such a solution is
used to construct an initial guess for the method
for fully 30 flow, see Fig. 8.6 for a typical
result. More results and details of the vortex
sheet relaxation methods using (second-order)
panel methods are given in Ref. 38.

Solution of nonlinear panel method
VORSEP for 30 flow about wings with
leading-edge vortex separation

Fig. 8.6

SIDE VIEW \
VORTICES TRAILING OFF
FRONT VIEW TO DOWNSTREAM INFINITY

HYDROPAN
HULL

"WINGS :
(FREES. :

300 PANELS
1106 PANELS
530 PANELS)

Fig. 8.7 Example of panelling of hydrodynamical
application (Ref. 39)

8.4 Free-surface effects.

Panel methods are also applied in hydro-
dynamics. For the flow about submerged or partly
submerged objects the effect due to the free sui-
face may be substantial. At NLR the NRLR panel
method (Ref. 5) has been extended to hydrodynami-
cal problems by including the free surface (Ref.
39). On the paneled free surface, which is appro-
ximated ss a rigid surface, the linearized free-
surface boundary conditions are applied. From the
computed solution the wave resistance is deduced.
Fig. 8.7 shows the paneling for the application to
a realistic complex keel configuration.
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9.0 EXTENSION OF DOMAIN OF APPLICABILITY

The domain of applicability of the panel
method for linearized potential flow is limited to
sub-critical Flow. However, extension of the capa-
bility of the panel method approach to flows with
regions in which nonlinear compressibility effects
cannot be neglected is possible.

In one approach the integral representation for
the solution of the Prandtl-Glauert equation, Eq.
{2.5a), includes the contribution due to a source
distribution ¢ in the flow field surrounding the
object, i.=. the solution of Eq. (2.3a) is now ex-
pressed as

wlx ) = wq(xo) + sop(xo) + @ (x ) (9.1a)

are defined in Egs. (2.5b and ¢}

where ¢ and ¢
and #

0, (%) = i}[j{fo(i’)ﬂ(&l (9.1b)

IR

In Eq. (9.1b) V(X) denotes the region(s) With non
linear compressibility effects and ¢(x) the spa-
tial (field-)source distribution. In the "field-
panel" method the spatial source distribution is
found by satisfying the full-potential equation
Eq.(2.la) at the points within V(x). It has been
shown in Ref. 40 that for the 2D (Transonic Small
Perturbation) case modeling of super-critical flow
with shock waves 1is possible. In Ref. 41 the 2p
field-panel approach was extended to the full-
potential equation, Eq. (2.1a), using established
techniques of contemporary finite-volume methods
for transonic flow.
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Fig. 9.1 Application of field panel method to
4-component airfoil section (Ref. 41)

Fig. 9.1 shows the result of the application of )
this method to the flow about a &-compeonent air-
foil Section at 14 deg incidence at M, = 0.2 and
0.25. It is observed that, as M, increases from
0.2 to 0.25, a small region of super-critical
flow, terminated by a shock, develops on the
highly loaded slat. This example indicates that
for configurations with separate compact regions
of non-negligible nonlinear compressibility ef-
fects the panel method can be applied with suc-
cess, without sacrificing the capability of linear
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panel methods to treat complex geometries.
However, note that the number of field panels in-
creases very rapidly as the extent of the tran-
sonic flow region(s) becomes larger.

If the field-panel method is to be applied
successfully to 3D configurations the computation-
al costs for evaluating the influence integrals
will have to be reduced considerably, byzvectori-
zation or preferably by lowering the 0(N°) opera-
tional count. Another point worth noting is that
ideally the regions with nonlinear flow should
have to be detected automatically by the program
in some kind of iterative procedure.

Ref. 42 describes an application of the field-
panel concept to the compressible flow about delta
wings with leading-edge-vortex separation, using a
nonlinear vortex-lattice method to simulate the
linear potential flow.

An alternative for the approach using a
field source distribution is the zonal (hybrid)
type of approach. Here the full-potential equation
Eq. (2.1a) 1is solved in the regions where nonline-
ar compressibility effects are non-negligible and
the Prandtl-Glauert equation elsewhere. The two
zones are coupled iteratively through the boundary
conditions on the interface between the zones.

At Boeing (e.g. Ref. 43) the PAN AIR code is
being extended to transonic flow by superimposing
onto the arbitrary surface-paneled configuration a
spatial rectangular grid. The volume integrals on
this uniform grid, which is not body-conforming,
are evaluated using Fast Fourier Transforms.

Some other developments are described by Sinclair
(Ref. 44) who reports on the development of a
field-panel method for three-dimensional configu-
rations with general geometric capability.

Other investigators (Ref. 28) suggest that there
are prospects that the nonlinear compressible flow
problem can be formulated in terms of surface in-
tegrals only. though the latter have to be re-eva-
luated 1In an iterative procedure.

10.0 [INVERSE PROBLEM

In the preceding chapters the boundary con-
ditions referred to simulating the flow about a
given geometry, i.e, concerned the so-called anal-
ysis problem. Subsequently the computed surface
pressure distribution was integrated to yield the
forces and moments on the configuration. In the
design problem the pressure distribution, and
therewith the forces and moments, are specified
and the geometry of the configuration is the
sought for solution. Sometimes not the entire ge-
ometry is unknown, only some part, e¢.g. the body
geometry is given but the wing geometry is un-
known; the geometry is given everywhere except for
some part on the upper surface of the wing; the
geometry of the wing box is fixed while the nose
and the trailing-edge region are to be modified;
etc.

In the following some methods used in the design
of the geometry of aircraft configurations are
discussed. Design methods based on some optimiza-
tion procedure in which purely an analysis method
is used as driver to find for example feasible
search directions are not considered. The discus-
sion that is presented here is far from complete,
it is meant as a first introduction into the sub-
ject of the inverse (panel) methods.
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Fig. 10.1 The inverse problem

10.1 Thick wings
The problem can be formulated as follows

(see Fig. 10.1). A solution of the Prandtl-Glauert
equation (2.2a) is to be found subject to the con-
ditions that the surface is a stream surface, Eq.

(2.4a)

T, +Vp).n =0 (10.1a)
for % on 5,, and the condition that

GP(s,t) = f(s,t}) (10.1b)

N
also for x on
then u, which
satisfies:

. From Eq. (2.1c) it follows that
2 now tangential to the surface

- O

2
G122 - 1 - At v Gets, n” Dy
© (10.1¢)

_ + . Eq. (10.1b) is to be supple-
mented by ®me additional conditions such as that:
the surface is closed; the planform is given, or
the position of the trailing edge and the spanwise
distribution of the chord length; or some other
conditions constraining the geometry. The inverse
problem, which can again be expressed in terms of
singularity distributions, is a nonlinear problem
and resembles the wake relaxation problem.
However, the main difference is that now a non-
intersecting closed surface is to he found, rather
than a single-surface vortex sheet. The general
three-dimensional inverse problem is a complex
problem with such rather difficult aspects as that
the prescribed surface pressure distribution can-
not be arbitrary, t.e. it should be such that the
resulting flow satisfies some topology rules
(stagnation and separation lines) also in connec-
tion with the sign of » in Eg. (10.1lc). Moreover,
the resulting geometry should be closed and should
not intersect itself other than at the trailing
edge. Apart from aspects of uniqueness, i.e.
whether or not an non-intersecting closed surface
can be obtained. the resulting geometry should
also be acceptable from a structural point of view
(wing thickness. trailing-edge angle, leading-edge
radius, etc.).

where u _

In most cases the design problem has been formu-
lated as a constrained optimization problem in
which the new geometry is obtained by minimizing a
functional like

=+ .2

F =£f{wp<cp<§> L egGN Fw IE - 2f1%as (10.2)
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supplemented by certain constraints . In Eq.
(10.2) C° and <~ are the "target" pressure distri-
bution zR4 the "target" geometry from which the
geometry should not deviate too much, while w_ and
w_are weighting functions. Solving the problBm in
tRis way is generally more successful than solving
simultaneously the two coupled nonlinear integral
equations resulting from imposing Egs. (10.la and
¢y by a Newton-like iteration procedure.

Inverse panel methods have been developed for two-
dimensional flow (e.g. Ref. 45) while also in
PANATR the tangential velocity distribution can be
specified as boundary condition.

There are several approaches to solve the inverse

problem. One possibility is the following:

(i)  Compute from the specified surface pressure
distribution given on the present (initial)
iterate of the geometry the velocity poten-
tial (anon-trivial task in 3D);

(ii) Solve the Dirichlet boundary value problem;

(iii) Compute the velocity component normal to the
surface;

(ivy Compute the geometry correction. taking all
kinds of constraints into account;

(v)  Determine the next iterate of the geometry.

These steps are repeated until the geometry

correction is sufficiently small. In this approach
the condition on the pressure is satisfied at each
step, the stream-surface condition is iterated on.

At NLR (Ref. 46) a slightly different approach is

followed which can be sketched as follows:

(i) Define the target pressure distribution, the
target and the initial geometry as well as
the weight factors;

(ii) Determine the pressure distribution on the
present (initial) iterate of the geometry,
employing the NLR panel method (thick
wings);

(iii) Determine the difference between the target
pressure distribution and the computed pres-
sure distribution;

(iv) Solve the inverse lifting surface problem, a
linear problem (see section 10.3}), to find
the correction on the geometry;

(v)  Determine the next iterate of the geometry.

The items (ii)-(v) are revisited until in step
(iii) the computed pressure distribution is suffi-
ciently close to the target pressure distribution.
So. in this approach the stream-surface condition
is satisfied at each step, while the pressure dis-
tribution is iterated on

10.2 Perturbation-analvsis method

The method developed at #cDonnell (MCAERO)
has the possibility to compute for a given base-
line geometry not only the solution but also the
derivative of the solution with respect to geomet-
ric perturbations. This means that if ¢, - &(x,)
is the velocity potential at some point X on S,
i=1¢1)nG, also the three matrices

ag. 48P, 3%,

1 1

—4 — and —
Ix. " 3y, 8z,
xJ yJ zJ

j=1(1)NG (16.3a)

are computed. all for the solution about the base-
line configuration. The solution for a perturbed
geometry is then obtained by linear extrapolation,
i.e,

ey = ex) + (6, - k). L

for i~1(1)¥J, where gj, i=1(1)NU denotes the loca-
tion of points on the new geometry. Although this
requires the computation of three additional ma-
trices, solutions for (partly) perturbed aircraft
configurations are readily obtained (ho matrix
equation to be solved), allowing extensive studies
of for example different wing thickness and or
camber distributions, flap settings, etc. Also the
effects of aircraft structural flexibility can be
investigated rapidly. However. to what order of
accuracy the stream-surface condition is satisfied
on the perturbed. configurations is not so clear.

The above perturbation analysis has been extended

t the design problem. In this case the derivative
of the pressure coefficient at %y with respect to

all perturbations has to be determined (like in

Eq. €4.19b)), e.2.

ac_  ns ac_ &
—2 . -2 ;_i‘ (10.4a)
523 oy Mk °%

where %, , k=1(1)NS are the ¢'s within the "sten-
cil” (domain of dependence) of C_ at a given point
on the base-line geometry. Now the pressure coef-
ficient on a perturbed geometry becomes

- NU 3
Co(xg7y125+02;) = CP<X;> + 4zlsz gzjlcp(xi)}

J (10.4b)
for i=1(1)NU. The perturbation azy is determined
from a least-squares ninimization of the differ-
ences between the target pressure distribution and

cpci'i +oz.2 ) given in Eq. (10.4b).

With the bz, i=1(1)NU, found the pressure coeffi-
cient can bé updated using Eq. {10.4b), etc. This
procedure appears to work rather well for wings as
well as for wing.-body configurations, surprisingly
also in case the deviations of the final geometry
from the base-line geometry is no longer small.
Constraints mostly used are that the trailing edge
is fixed in space and perturbations are allowed in
vertical direction only, while again it is not
clear to what order of accuracy the stream-surface
condition is satisfied on the designed configura-
tion.

10.3 Lifeing surfaces

As already mentioned, it is a possibility to
consider the inverse problem in the framework of
the lifting-surface approximation. It follows from
Eq. (2.6f), see also Pig. 2.3, that across the
lifting-surface (assuming incompressible flow):

ST+

AuE = STy - @ty = qnt - W (16.5a)

with ¥ denoting a point on the upper (+) and

lower (-) side of the wing reference surface S, -
From che expression for the linear pressure cosf-
ficient, Eq. (2.3¢), it follows then from the dif-
ference in pressure across the lifting surface:

ST+ e =+ or 2
AC = C (x - C (x = 2U Au
MECNCHPINCNCE o /uT

= 26@'6#/02 + 0(52)

(10.5b)
from which, for given geometry of 30 the doublet
distribution g on 5. can be determined. From the
average OF the pressure on the upper and lower
wing reference surface one obtains from the ex-
pression for the. linear pressure coefficient, the
following integral equation for the source distri-
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bution on the given wing reference surface:

ﬁw.quﬁqu - -ﬁm.{-jf(ﬁrx$p>xﬁﬂds - Juk xay
Sr S r+w 8 r+w

-%Ui(cp(§r+) + Cp(xr ) (10.5¢)
This is an integral equation resembling a Fredholm
integral equation of the first kind and choosing a
stable numerical scheme to express g and its de-
rivatives at the panel expansion point in terms of
a set of source parameters to be solved for is a
non-trivial matter. In order to automatically sat-
isfy the condition that the total source strength
must be zero, it is advantageous to define the
source distribution in terms of the gradient of a
source-doublet (doublet with its axis tangential
to the surface) distribution.

Once the source distribution and the doublet dis-
tribution on the wing reference surface have been
determined the wing-thickness distribution follows
from Eq. (3.10b), again for given wing reference
surface. Finally the wing-camber surface distribu-
tion follows from Eq. (3.104d).

In above sketch of the inverse lifting-surface
problem we just considered the lifting surface
with unknown thickness distribution and left out
the presence of any other components of the con-
figuration. Adding these fixed geometry components
in the formulation provides no real difficulty
other than that now part of the matrix-equation to
be solved stems from the inverse lifting-surface
integral equation, Eq. (10.5¢), rather than from
the direct lifting-surface integral equation, Eq.
(3.10d) .

The lifting-surface formulation can also be used
in a 'partial design” option. In such an option an
incremental camber is defined by for example al-
lowing the NA airfoil Sections in a segment to ro-
tate about a given axis by a yet unknown angle C.,
j=1(1)Na, but still imposing the boundary condi-
tion on the fixed wing reference surface. This im-
plies that there are NA parameters in the right-
hand side of the lifting-surface integral equa-
tion, Eq. (3.10d), or its discretized form Eq.
(4.14). This leads to NA basis solutions, L.2

for i=1(1)NU

where s.. is the solution for the singularity pa-
rameters) Eor which the j-th airfoil section is set
at a unit incremental incidence while all the
other ¢,'s are set equal to zero. The NA degrees
of freedon can for instance be used to prescribe
the spanwise lift distribution, this in presence
of the fuselage and other fixed-geometry parts of
the configuration.

A further example of utilizing the linearized
boundary conditions is to have control-surface de-
flections, and possibly also engine-inlet flow pa-
rameters or propeller-disc load parameters, as
degrees of freedom to accomplish trimmzd-Elight
conditions.

11.0 CONCLUDING REMARKS

Panel methods are important aerodynamic tools
with powerful and flexible modeling capabili-
ties. which are used heavily in aircraft design
projects. The application of the panel method is
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shifting from the detailed aerodynamic design
phases to the preliminary design phases.

- The extension of panel methods into the tran-
sonic flow regime and the improved handling of
wakes of closely-coupled components will have a
direct implication on the extension of the do-
main of applicability of the panel method.

- There exist possibilities for improving the com-
putational efficiency of the panel method by:
.vectorization and or parallelization on

supercomputers

.reduction of operational count for the
evaluation of influence integrals

.new Formulations and improved numerics
.better, more robust (and faster) iterative
procedures for solving large, non-sparse
systems of equations which will lead to a
further utilization of panel methods.

- Pre- and post-processing, are an essential part
of the "panel-method environment".

- At all times during the application of panel
methods it should he realized that panel methods
are modeling the real flow under a great number
of assumptions.
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HIGH ANGLE OF ATTACK - AERODYNAMICS

John E. Lamar
NASA-Langley Research Center

Hampton, VA, 23665-5225, USA

SUMMARY

The ability to predict high angle-of-attack, nonlinear, aerody-
namic characteristics of flight vehicles. including aircraft, has
made significant progress in the last 25 years, using a variety
of computational tools and insightful analyses. The key tech-
nological element which has made these analyses possible is
the ability to account for the influence ofthe shed vortical
flow, prevalent in this angle-of-attack range, on geometries
of interest. Using selected analysis techniques, applications
have also been made to wing design in order to improve
their high-speed maneuver performance. These include a
complete wing obtained by modifying the entire cambered
wing, and a wing whose modification were focused on the
leading- and trailing-edge flap regions.

Various techniques, associated with different levels of
accuracy. exist to model this vortical flow influence. The
ones included in this paper cover: suction-analogy with
extensions, free-vortex-filaments, free-vortex-sheet modeling,
and Euler and Navier-Stokes solutions. Associated relevant
features of vortices are also addressed, including; the wing
and flow conditions which cause vortex formation, and how
the vortex strength varies with angle of attack and wing
sweep.

Once this nonlinear vortical flow is present, the stability of
the aircraft can change rapidly with increases in angle of at-
tack, These changes need to be known early in the design
process since the forces/moments being generated can be
beyond the ability of conventional controls to handle them.
Depending on whether the flow is still organized, engineer-
ing methods may be able to estimate the aerodynamic ef-
fects. In general, when the flow becomes disorganized or
asymmetrical and time dependent, the best engineering tech-
niques are experimental. Furthermore, aircraft controllabil-
ity may need to be found in novel aerodynamic devices or
engine-thrust vectoring. This is especially true at angles of
attack beyond which the onset of large-scale vortex bursting
occurs over the aircraft. Work in this area is highlighted.

LIST OF SYMBOLS

A aspect ratio of wing

a fractional chord location where the
chord loading changes from constant
value to linear varying value toward
zero at trailing edge

b span
Ca axial force coefficient, axial force/gS
Cp drag coefficient, drag/gS

Cr lift coefficient. lift/g.S

Crr
Cro
C'La
Cy

Cy

g

C;ﬁ

Cm

Cone

Q‘QIGQO('!
&8 8

ACL

AC,
ACy.

o oy R,
A

IX:IZ

longitudinal lift coefficient,
(OL/9z)/qb

lift coefficient at a =0"

lift coefficient curve slope

rolling moment coefficient.

rolling moment/gSb
damping-in-roll parameter,
8C,/8(pb/2T7), per radian

rolling moment due to sideslip,

per deg

pitching moment coefficient,
pitching moment/gS¢

scaled nonlinear portion of

pitching moment coefficient,
Cm,/(Asinacosa)

normal force coefficient,

normal force/qS

scaled normal force coefficient,
Cn/(Asinacosa)

scaled nonlinear portion of normal
force coefficient, Cy, /(A sin o cos «)
yawing moment coefficient,
yawing moment/gSt

yawing moment due to sideslip,
per deg

pressure coefficient, (p — peo)/4¢
leading-edge suction-force coefficient.
suction-force/qS; (1/2) Ky g sin? a
leading-edge thrust coefficient,
thrust/gS

section normal force coefficient
section profile nose drag coefficient
section suction force/q

section thrust coefficient

chord

reference chord

characteristic length in augmented
vortex factor

chord at wing midspan

lift contribution from augmented
vortex flow

lifting pressure coefficient, Cy,; —Cp.u
change in upper surface pressure
coefficient from a =0°

distance along tip chord to centroid
of side-edge vortex lift

differential edge-suction-force

unit edge vector

force vector

normal acceleration

moments of inertia about the X
and Z body axes, respectively
Sychev similarity parameter, tan o/ tane;
also, thousands of feet altitude; and
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unsteadiness parameter defined by,
Grmaxcr [ (2V), Gmax (k/S2)

potential lift factor
leading-edge-vartex-lift factor
side-edge-vortex-lift factor
augmented-vortex-lift factor

reduced frequency: ficg/2V

lift-to-drag ratio

distance along leading edge from apex (see
fig. 24): also, inboard distance to vortex
core from leading edge, inches (see fig. 41)
free stream Mach number

component of Mach number normal to
wing L E M cos A(1 + sin® a tan? A)1/2
(M? = 1) 2c0tA

static pressure: also, roll rate, rad/sec
free stream dynamic pressure

it* velocity component in index notation
Reynolds number

streamwise distance from leading edge to
vortex action point, identified with the
rotated suction force; also leading-edge
radius normal to the edge

wing reference mea; also, leading-edge
suction

leading-edge thrust

time: thickness

free stream velocity

vertical velocity

perturbation backwash and sidewash.
respectively

sum of induced downwash and U/«

ata =1rad

local body axes system (see fig. 37)
vortex flap coordinate axes centered at
the apex of the flap (see fig. 33)

vector of design variables

streamwise distance from the centroid of
the area giving augmented vortex lift to
the reference point

fractional distance along the local chord
of the called out surface

fractional distance along the root chord
from the actual or theoretical apex
fractional distance from local leading edge
in terms of chord aty = 0.

x-coordinate of vortex breakdown
fractional distance along the root chord
to the center of pressure for the non-
linear portion of the normal force
fraction of wing semispan

fraction of local semispan

scaled lateral and vertical locations of
vortex core, respectively;

=4/ (b/2), 2/ (8/2)

vertical distance to vortex core above
upper surface. inches; also, vertical
distance to called out surface

wing camber elevation over local chord

™e ABBOTT ALs

Subscripts:

a attainable

av average

BD break down

c crossflow

cp center of pressure

d design

dyn dynamic

i design variable index

LE,le leading edge

1 lower surface.

maz maximum

N normel

onset associated with a at which significant
vortex. shedding beings

P potential flow contribution

r root; also residual

S separation

se side edge

t tip; also theoretical

TE te trailing edge

tot total

i upper surface

v vortex

vac vacuum

vle vortex, flow contribution from the leading
edge

vse vortex flow contribution from the side edge

W wing

xx,yy, 2z second partial derivative with respect to
X,y,z, respectively

0 value at ¢z, = 0.0

1 first order expansion in perturbation
quantities

2 second order expansion in perturbation
quantities

o0 free stream
time derivative

Greek Symbols:

a angle of attack. deg
angle of attack at which C7,n4z OcCcurs, deg

a wing incidence on fuselage, deg

ay angle of attack normal to wing LE,
tan-' (tan &/ cosA), deg

8 angle of sideslip, deg; also, (1 — A2)1/2

T circulation; or, equivalent circulation
associated with leading-edge suction

1 scaled circulation due to LE vortex core,
T/(Ubsina)

~ distributed bound vorticity at a point

§ distributed trailing vorticity at a point

by, or aileron deflection angle, positive trailing edge

6a down, deg

frz vortex flap deflection, positive leading edge

down, deg
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SLEs leading-edge flap streamwise deflection,
positive LE down (inboard/outboard), deg

ér rudder deflection, deg

SrE,s trailing-edge flap streamwise deflection,

positive TE down (inboard/outboard), deg

&t tip rake angle, deg

€ wing apex half angle, deg

¢ surface vorticity vector

i y/b

A leading-edge sweep angle, deg

A wing taper ratio, ¢;/cr; also, 2nd coefficient
of viscosity

I Mach cone half angle, sin™1(1/A), deg;
also, 1st coefficient of viscosity

P density of fluid

& perturbation velocity potential

0 trailing edge sweep angle, deg: also,
circular frequency

w oscillation frequency, cycles/sec

Abbreviations:

ADS Automated Design Synthesis

CFL3D A thin layer Navier-Stokes code

FLO57GWB An Euler equation code for
generalized wing-bodies

FVS Free-Vortex-Sheet

LE, TE Leading Edge, Trailing Edge

LEVF Leading-Edge Vortex Flap

NF Normal Force

QVLM Quasi-Vortex Lattice Method
SA Suction Analogy

SE Side Edge

2-D, 3-D  Two-dimensional, three-dimensional

TEAM Three-dimensional Euler/Navier-Stokes
Aerodynamic Method

TLNS Thin Layer Navier-Stokes

VL Vortex Lift

VLM-SA  Vortex Lattice Method coupled with
Suction Analogy

VORCAM VORtex lift of CAMbered wings

INTRODUCTION

Since this paper focuses on engineering methods used for
high angle-of-attack (@)erodynamics, it is important to
distinguish, first of all, exactly what is meant by high a.
To do this, the a range from 0° to 90° will be divided

into four segments, the bounds of which are determined

by the dominant flaw present, as shown in figure 1. These
a segments are: low, where attached flow dominates;
moderate, where there is a combination of attached and
separated or vortical flow present; high, where separated

or vortical flow dominates: and higher, where the flow
becomes less well structured due to vortex breakdown
(bursting) or massive stall. The beginning and ending «’s
for a particular segment are dependent on the Mach number
and the aircraft geometry which generates the neighboring
flow-field. For conventional round-edged unswept or swept

wing configurations, as used primarily in the general-
aviation/sport or transport industries, respectively, the last
two segments are treated as one. For configurations that
are delta-like with higher values of leading-edge sweep
and relatively sharp leading-edges, the low-a range may
be extremely small leaving only the latter three segments
to be of consequence. In addition to establishing which «
segments are specifically involved. the configuration also
determines whether the separated flow, which forms in
the moderate a range, will ever develop into a significant,
vortical-flow structure or just become wake- like at the
higher values of a.

Though the emphasis of this paper is high a.the flow
around configurations in the moderate and higher a ranges
will also be considered. This is done, in large part, because
some of the same analytical tools useful at high a have
application at moderate a. The higher a range is most
frequently called the post-stall range and it is of increasing
research interest in order to respond to two aeronautical
community needs. The first is to prevent unrecoverable spins
from developing on aircraft, and the second is to enhance
the operational effectiveness of fighter aircraft, as depicted
in the joint U.S.A.-German X-31 research project reported
by DeMeis (ref. 1). Experimental procedures or techniques,
which are also classed as engineering methods, are currently
the best means of obtaining the aircraft characteristics in the
higher a range due to the unorganized or asymmetrical and
unsteady Structure of the flowfield not lending itself well to
mathematical modeling. With respect to the low-a range,
engineering methods for use in the analysis and design of
aircraft are covered by the other papers in this AGARD
special course (ref. 2).

This paper is divided into chapters which address; the
prediction of vortical- separated flow, stability and control

in the high-a range, and post-stall- flight characteristics.

The work presented here is mostly focused on engineering
methods far predicting the aerodynamic forces and moments,
which deals with the analysis aspect of this course; however,
some of the material addresses the design aspect of the
course. The thrust of this paper is on fighter configurations.

The interested reader is referred to the published results of
AGARD sponsored lectures and specialists meetings over
the years, in particular in 1982 (ref. 3) and 1983 (ref. 4),
for additional details and supplementary information on high
angle-of-attack aerodynamics.

PREDICTION OF
VORTICAL-SEPARATED FLOW

This chapter contains a review of high-a vortical flows, then
presents analytical methods for estimating the aerodynamic
effects of this flowfield - along with representative compar-
isons, and ends with some design opportunities.




THis DOCUMENT PROVIOED BY THE ABBOTT

TECHNICAL LIDR'AQY

6-4
VORTICAL FLOW REVIEW

It is important to have a clear understanding of how vortical
flows are manifested in aeronautical applications. This
section reviews some of the relevant background the reader
may need. It is organized into three parts: the first discusses
the pertinent local conditions necessary for vortical flow
onset and formation; the second examines those factors
affecting vortex growth; and the third does the same for
vortex diminishment.

Vortex Onset and Formation

Vorticity generation. which is simulated in inviscid flow
solutions through the imposition of the TE Kutta condition,
is due in fact to the action of viscosity at the TE. In addition,
vorticity is introduced into an otherwise inviscid flow due
to either the action of fluid viscosity along a solid boundary
or behind a curve shock (see ¢.g. Anderson, ref. 5). with
the focus of this paper being on the former. There the
vorticity is contained within an attached-flow boundary layer
and may lead to no other aerodynamic consequence than
viscous airfoil- or wing-drag. If the airfoil boundary layer
separates near the leading edge and then reattaches to form
a recirculation region, this is called a bubble separation.

On a swept-wing, a bubble separation often leads to the
formation of a coherent, leading-edge vortex-system, due

to the falling pressures from root-to-tip associated with
vorticity entrainment and increased axial flow. The bubble
vorticity is now confined within a small region called the
core. which grows in size and vortex strength from apex

to wing tip. Core growth comes about due to the addition
of shed vorticity, associated with the flow satisfying the
Kutta condition - a viscous statement - at the leading edge,
being introduced into the vortex system along a helical path.
(Sketches associated with these descriptions are given in
figure 2.) This general description allows for vortex onset
and formation to occur at a small a, but the exact manner
in which it happens is dependent on the wing camber,
thickness, leading-edge radius, Mach number and planform.

The planform effect can be so powerful as to lead to novel
flow situations. Consider figure 3, taken from Cunningham
(ref. 6), where at moderate a this 65° sweptback trapezoidal
wing has two leading-edge vortex systems which merge into
a single one at a slightly higher a. This generally does not
happen at higher sweepback angles.

Those wings which do not generate a leading-edge shed
vortex due to their planform shape being rectangular or too
low in sweep still develop a vortex system at the tip. One
way to describe the formation of this system is to consider
it to be produced by the flow moving from the pressure side
of the wing to the suction side. This well known tip-flow
causes the span loading to change from a 2-D rectangular
type to that approximating an ellipse and provides the
theoretical base for the trailing vortices which get wrapped
up into the tip vortex. Viscosity plays a role in the tip vortex
initiation and in the determination of the point along the tip
at which the vortex actually separates from the wing.

This lecture. however, will primarily focus on leading-edge
vortices.

Figure 4, taken from McMillin et al. (ref. 7), shows regions
where classical leading-edge vortical flow is to be expected
in terms of the a normal to the leading edge (e} and

the resulting Mach number normal to the edge (My).

[This figure is the latest version of the information first
quantified by Stanbrook and Squire in reference 8. These
authors found it convenient to correlate the leeside, delta-
wing flowfield with the quantities e and My, the primary
independent variables associated with 2-D flow.] Though all
this data was obtained at supersonic free streams, the figure
is heuristically important in that it illustrates how the leeward
flow changes with increasing oy (or a for fixed A) from
small to large values.

Vortex Growth

This part examines the subject of vortex growth by focusing
on two of its component parts. vortex strength and core
location.

Vortex strength It is well known that the strength of the
vortex system from a delta wing is a and sweep dependent.
However. the manner in which they are related has only
recently been established theoretically by Hemsch and
Luckring (ref. 9) when they used an analysis based on the
Sychev similarity parameter, K (= tanc/tane¢). [These
authors are not the first to show some relationship between
vortex strength and a parameter; for example, Smith (ref.
10) used the parameter {c/ tane€).] The Sychev parameter
is associated with slender bodies at inviscid hypersonic
speeds but Hemsch (ref. 11) shows it not to be limited

to that situation. In particular. K has application to even
moderately slender configurations developing vortical flow at
low speeds. The result is that the vortex strength present at
a delta-wing trailing-edge can be related to a and the wing
sweep by:

LU « c-(tan€)*¥ sin? o/ cos™2 o or

o e {sin'? o/ cos®? &)/ (tan A)0®

This equation shows for a fixed sweep and ¢ that I'/U
increases monotonically with @, which is an expected result.
It also shows for a fixed @ and ¢, that I'/U is reduced

with increasing wing sweep, a result which may seem
contradictory to experience and therefore be unexpected.

The apparent contradiction is due to our intuitive understand-
ing that in the moderate to high a range, a 75° delta wing |
develops more vortex lift than one with a sweep of 45".
We associate the increase in lift with an increase in vortex
strength. However, the reason the 45° delta develops less !
vortex lift is not due to a loss in strength but to a loss in

vortex coherence or stability. (This topic is covered in the ';
vortex diminishment pan.)



Figure S, taken from Hemsch (ref. 11), shows the impor-
tance of K as a basis of analysis for vortex strength. In that
solutions from the Free-Vortex-Sheet (FVS) code for three
delta wings, each at a K = 1,yield essentially the same
nondimensional value of vortex strength at the trailing edge
and similar growths along the chord. This can be the basis
of an engineering method.

Vortex core location: Changes in a and wing sweep affect
not only vortex strength but the lateral and vertical loca-
tion of the core. Combining a and sweep according to the
parameter K, Hemsch (ref. 11} also determined that engi-
neering estimates could be made for the core location as
well. Figure 5 also shows that at K = 1the vortex cores
for these three deltas increase with distance along the ¢, in a
very similar manner.

Two experimental examples of vortex core/system growth

are shown in figures 6 and 7. These figures (taken from
Lamar et al. (ref. 12)and Lamar and Johnson (ref. 13),
respectively) illustrate the a effect for two aircraft, one
US.A. and one Soviet, as determined from in-flight vapor-
screen images. [Note that the vapor screen images for the
U.S.A. F-1068B aircraft have been digitally enhanced after the
flight.]

Vortex Diminishment

The topic of vortex diminishment is larger than just the loss
of vortex-system coherence. It also includes the loss-of-
influence a coherent vortex system has on surface pressures.
Each is discussed.

Loss-of-vortex-coherence: The loss-of-vortex-coherence is
due to vortex-core breakdown or burst, which has as its main
contributors (1) a effects on core size or swirl angle, and

(2) adverse pressure field disturbances. Whether the burst

is of the swirl or bubble type - see Lamboume and Bryer
(ref. 14) - is not of concern here, but when it does occur, the
flow in that region becomes unsteady and begins to rotate
like a solid body with a larger radius than that of the core:
whereas, the flow ahead of the region may be steady and
coherent. As burst begins to occur ahead of the trailing edge,
it can lead to asymmetrical flow situations which result in

an imbalance in the aerodynamic forces on the left and right
sides, especially lateral ones.

Vortex breakdown occurs with hysteresis over a wing during
a pitching motion with a resulting lag. This is examined
later with respect to dynamic stall.

The ability to estimate under what conditions burst will oc-
cur for a configuration of interest and how to control the re-
sulting flow or aircraft are of particular interest to the de-
signer working in the high a regime. Much of this still must
be determined experimentally. Figure 8, developed from the
basic data of Wentz and Kohlman (ref. 15), shows the exper-
imental variation of the a for vortex breakdown at both the
trailing edge and apex over a large, delta-wing-sweep range.
As expected, aegp_TE < agp_pez TOr a given wing; how-
ever, what is revealing is how vortex breakdown at the trail-
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ing edge or forward affects the maximum lifting capability of
the wing, as denoted by a¢; .- In particular, note that for

A >70° CL mas OCCUrs at an a very near that for egp..re.
This shows the aerodynamic importance of vortex coherence.

However, there is one analytically determined piece of
information, shown in figure 9 - taken from Lamar (ref.

16), that may be useful here. It is that the leading-edge
suction distribution across the span for both delta- and
cropped-delta wings have their peak value increase and
occur farther outboard with increasing sweep or tip chord.
By itself this doesn't help, but if a correlation is made

with the quantity ap - the a at which the measured Cy,

first begins to fall below the suction analogy estimate -

a trend is noticeable. It is that ep increases when the

peak suction value increases and occurs more outboard,

i.e. becomes increasingly triangular. This correlation can

be used as atool in trying to estimate which of several
configurations will have the highest e by simply examining
the respective suction distributions. [The quantity «p is
similar to epp_rE except that it is applicable to wings for
which agp.rg data may not be available, and moreover it
implicitly takes into account the loss-of- influence associated
with vortex displacement.]

Loss-of-influence: The ability of the vortex system to
influence the surface flow is related to its strength and

the distance to the surface: hence, the greater the distance
the less influence the system has. From experiments, it is
well known that the vortex-system vertical displacement
(see fig. 7) and strength grow for slender wings over an

a range, and continue to produce a strong influence on the
surface. However, after some a,and perhaps before loss of
coherence, the vortex system is too far from the wing surface
due either to a symmetrical or asymmetrical displacement

- depending on the wing sweep and Right attitude and as
indicated in the sketches in figure 10 - and thereby loses

its strong influence. (Asymmetrical displacement is often
associated with vortex crowding on a very slender wing at
higher alphas, as shown in the right sketch, but it can also
occur for most any delta wing at sideslip,)

This loss-of-influence effect is apparent on a wing surface
from either an oil-Row or a leeside, surface-pressure test.
The effect is conspicuous from an oil-flow test by the pat-
terns becoming more spread out and not as sharp in sur-
face details, and from a pressure test by a reduction in suc-
tion pressure t0 & more positive value or to just maintain-
ing a constant value with increasing a- Regardless of how
these changes in local surface conditions are detected, the
influence of the changing conditions produce correspond-
ing global ones. These include either a reduction in lift (in
particular, for a fixed at a value > 20° and with A increas-
ing above 76°, as indicated by the basic data of Wentz and
Kohlman, ref. 15) or nonzero values being developed for the
aerodynamic lateral characteristics, even before vortex burst
occurs.
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FOR USE IN ANALYSIS
General

Various techniques, associated with different levels of accu-
racy and complexity, are available to model the vortical flow
influence on configurational aerodynamic forces and mo-
ments to high a. The ones included herein cover: suction-
analogy with extensions, free-vortex-Alameitts, free-shect-
vortex modeling. and Euler and Navier-Stokes solutions.
The latter two are known as Computational Fluid Dynam-
ics (CFD) techniques and are not yet considered engineering
methods. but may be soon. In order to demonstrate these
techniques, at least one comparison with experimental data is
presented for each of them.

All the techniques just listed are discussed in this section and
are done so basically in the order of increasing complexity.

Suction Analogy (SA)

The leading-edge suction analogy of Polhamus (ref. 17)
was originally developed for delta wings and has become
known as one of the more reliable engineering tools for
estimating the aerodynamic affects of separated vortical
flow at subsonic and supersonic speeds. Furthermore, it

is also one of the most widely implemented techniques
because the information it needs can be readily obtained
from analytical or computational solutions to the linearized
potential-flow equations. This section reviews tie basic
suction-analogy concept, cites representative methods in
which it is employed, details similarity use of it, and presents
extensions of it.

Basics: Polhamus (ref. 17) postulated that the in-plane
leading-edge suction [a force] developed in attached flow
was not lost when the flow separated around a sharp leading-
edge of a swept wing, instead the force only became reori-
ented in the direction of the rotating vortex system. This is
called the leading-edge suction analogy (LESA or just SA),
in that the extra normal force developed as a result of the
shed vortex system is analogously just equal to the in-plane
force lost along each edge. Flow sketches depicting this
change are seen at the right in figure I |, taken from refer-
ence 16.

This figure also shows an application for a A =75° delta
wing at M =2 0. The SA allows one to use potential flow
codes to compute the C, and Cg, which are then used
in the lift and drag equations. In particular, the potential
flow pan of the lift curve is identified as involving a factor
called K. This factor is nothing more than the low a
value of C,, or Cn,. The vortex lift ponion comes by
knowing the factor K, ;. which is determined hy taking
the 8(2 one-edge Cs)/8(sin® @). Figure 12, taken from
reference 18, shows the K, and K, . variation for delta
wings. Similar curves for arrow and diamonds wings are
given by Polhamus in reference 17.

Once these factors are determined computationally or from
curves, they are used in the formulas cited on the figure to
obtain the total lift. The vortex drag associated with a wing

having no edge force is just ACp = Crtana. Note the
good correlation obtained with the zero lift drag removed.
Polhamus (ref. 17) also showed how using the Prandtl-
Glauert transformations one could obtain other subsonic
results from M =0 solutions.

Polhamus in references 17 and 18 demonstrated that the
SA was capable of making lift and drag estimates to other
pointed wings than delta, i.c., diamonds, arrows and even
wings with cranked leading edges. Moreover, Polhamus
showed in reference 18 that this concept is not restricted in
speed regime but only to the development of a leading-edge
force. Since analytic solutions exists for thin delta wings
with subsonic leading edges at supersonic speeds, X, and
Ky e can be determined and they are reponed by Polhamus
to be:

K, = wA/(2E(K),

where E{k) is the complete elliptic integral of the second
kind and & = [1 — (BeotA)2]}/2, and

Ky =m([16 - (4871147 F16]) 2 )16 22 (k).

Figure 13 shows two examples of measured and estimated
lift at supersonic speed for an A = 1.147 delta, also taken
from reference 16 There are two major points to be made
here: (1) the reduced amount of vortex lift available at

M = 2.8, as compared with that at M = 1.2;and (2) the
lift is well estimated at M = 1.2 but not as well at M = 2.8.
The poorer agreement at the higher Mach is due to the lower
surface of the Mach cone coming near the leading edge with
increasing a which effectively moves the lower surface
separation line closer to the leading edge and reduces the
amount of flow turning around the edge. Consequently, less
vortex flow and lift are available.

Representative methods: Only two of the many methods
which employ the SA are cited in this section. They are the
Vortex-Lattice-Method coupled with Suction Analogy (VLM-
SA),and DIGITAL DATCOM. Others are introduced in the
later sections which deal with extensions or design.

VLM-SA: The NASA VI.M code developed by Marga-

son and Lamar (ref. 19)contained the ability to calculate
leading-edge suction. Since then the code has been contin-
ually up-graded to include the SA affects, as indicated by
the title of the report by Lamar and Gloss (ref. 20), and
that feature is currently embedded in the most recent VLM
code release, referred to in Lamar and Herbert (ref. 21). An
example of the VLM-SA code is given in figure 14, taken
from Snyder and Lamar (ref. 22), in which it was used to
predict the longitudinal-load- distributions - C'z, - for an
A = 1.147(A = 74°) delta at three values of a. This work
was done to address an initial concern that the success ob-
tained with estimating lift and drag using the SA would not
be repeated when trying to estimate pitching moment. The
concern was based on the knowledge that to obtain reliable
estimates of Cy,, it was necessary to have valid predictions
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of the longitudinal distributions for both potential and vortex
flow, something not required by the SA.

Snyder and Lamar obtained the potential lift curves by
performing a spanwise integration of lifting pressures at

a variety of longitudinal locations, whereas the vortex

lift portion came directly from the leading-edge-suction
distribution. The resulting curves show the vortex lift
contribution to become a larger fraction of the total with
increasing a and the measured-and predicted-total results
to be in fairly good agreement over the a range. Based on
the success of this early work, the SA concept is now used
routinely to provide reasonable estimates for Cm.

Other results using this method are given later.

DIGITAL DATCOM One well documented engineering
method, developed for the USAF by Williams and Vukelich
(ref. 23), is that of DIGITAL DATCOM. It is a computer-
based system for obtaining “static stability, high lift and
control, and dynamic derivative characteristics” over a

range of aircraft geometries. Mach numbers and «’s. The
computational methods are primarily linear aerodynamics
with the nonlinear lift portions for some combinations of
planforms and Mach numbers being accounted for using the
SA. In particutar, at subsonic speeds only straight-tapered,
low-aspect-ratio wings are covered: and at supersonic speeds
only straight-tapered wings with a subsonic-leading-edge or a
supersonic-leading-edge with an attached-flow-shock at zero-
a are covered. The SA is also used to estimate forebody

lift and pitching moment at subsonic speeds above the « for
“onset of vortex lift”.

Similarity: The use of the similarity parameter K, as re-
ported by Hemsch (ref. 11), has been previously introduced.
Here the emphasis is on discussing a link between a simi-
larity parameter (tan afA), which reduces to X/4 for delta
wings, and SA for wings and smooth slender bodies. To as-
sist in this effort, consider again the C;, distributions pre-
sented in figure 14. Since the magnitude and shape of each
distribution are dependent on a, there may be a scaling on
a which would make each curve like that from another delta
wing at some other a,i.e., use a similarity parameter to son
properly scaled results together.

Hemsch presents the langitudinal-normal-forcedistribution -
a quantity similar to Cry, - scaled by (4 sinecosa)~? for
a family of thin gothic wings at M = 0. and 0.95 for a
value of the similarity parameter (tan a/4) = 0.3. These
scaled distributions have been estimated from the Free-
Vortex-Sheet (FVS) code - to be discussed later - and show
close agreement to exist among the respective potential and
total curves. This means that the scaled vortex normal force
contribution between the various wings must have been also
in close agreement. Figure 15 shows the impact of applying
this same scaling to FVS estimates of the total normal force
coefficient and to only the vonex flow portion as a function
of K /4 for thin delta wings. Hemsch attributes the rationale
for doing this to the fact that “several researchers have found
that the velocity field of the primary vortex is nearly conical
even though the wing surface pressure distribution is not.

6-7

This suggests that the Sychev slender-body similarity may

at least be applicable to the portion of the slender wing or
body loading induced by the vortical flowfield.” The result of
this action is that the total C%, does not collapse to a single
line, whereas the vortex portion, C*v, does. What is also
interesting is that the theory shown for the G, curve is a
“best one-term power law fit” given by

Ch. =3.07(tan o/ 4)0%,

which is very close to the Polhamus result, written in
similarity form, as

CR'u = Kv,le (tan a/A),

where K, . is known to become only slightly greater than =
over this sweep range.

This figure also shows the fractional distance to the center

of pressure of the nonlinear portion of the normal force as

a function of K /4. Hemsch notes that this term “does not

scale very well”, which “means that the aspect-ratio range

over which one can expect to scale or extrapolate subsonic
pitching moment data is considerably smaller than it would
be for supersonic flows.”

Regarding smooth slender bodies, the resulting O}‘Vv and
Ch, estimates are dependent on M and on whether the
body is an elliptical cone or derived from a power law. The
general results are that:

Ch, « [tan /A — (ten afAonset]s
elliptical cone for M < 1,M >1; also
power law body for M <1

« (tan a/A)Functiem(M),
power law body for M > 1

and

Ch, * [tana/A = (tana/A)onset),
elliptical cone,forM <1, M >1; also
power law body for M <1

x (tan Q/A)Funa‘z’m(M),
power law body for M > 1.

Extensions: The LESA has spawned a variety of extensions.
An early one was the estimation of the vortex flow effect for
wings with finite tip chords. Another dealt with estimating
the effect of a vortex system on a downstream area not
associated with its generation - it is called an augmented
vortex term. Others have addressed more general geometries;
which include wings with camber, non-zere edge radius,
thickness effects; combinations of a wing with a canard,
strake or body; and asymmetrical flow situations. For
cambered wings developing vortex flow, the concept of the
vortex action point is discussed because of its importance.
Many of the other listed items are detailed in rhe following
paragraphs.




TrHIs DOCUMENT PROVIDED BY THE

ABBOTT AL

TECHNICAL LTBRAR‘Y

6-8

Side-edge vortex-lift: The analytical basis of the 3-D
leading-edge suction comes from the linearized flow equa-
tions of 2-D attached-Row around an infinitely-thin-plate at
a. For the Row to behave in this manner. theory rcquires
that a square-root type singularity exist at the leading edge
in terms of net pressure. distributed bound vorticity {y) or
perturbation backwash (U). as shown in figure 16. This figure
also shows that a similar attached- flow situation exists along
the side edges of a rectangular plate, except the singularity is
now in terms of distributed trailing vorticity (6) or perturba-
tion sidewash (v). The resulting edge-suction force on each
side rotates in the direction of the local Row so that both
end up on top of the wing and act in the normal force direc-
tion. The original subsonic work was published by Lamar
(ref. 24) using a kernel function method; subsequently, the
VLM-SA code was extended to have this feature as reported
by Lamar and Gloss (ref. 20). Other researchers have also
incorporated this feature in their codes; for example, Bradley
et al. (ref. 25) and Lan and Mehrotra (ref. 26).

To help quantify the vortex flow contributions to force and
moment from the side edges. a factor Ky se has been defined
in a manner similar to that of X, ., since they are both
(sin® &) dependent. With this a dependence it is easy to see
how the force and moment contributions from the side edges
arc developed from the same set of trigonometric functions
of a. Thus,

Cr = Kpsin rcos® o + Kugor] sinafsin acos o,
ACp = Crtan o,
and

Cm = K, sinacos a(xp/E) 4 Ky 1| sinal sin ey, /)

+ Ky g¢| sin | sin o250 /),

where the particular x terms are measured from the reference
location to the centroid of the called out loading.

Figure 17, taken from Lamar (ref. 24). shows a comparison
of measured and predicted Cz and Cpp e foran A = 1
rectangular wing at M = 0. The combination of potential,
leading-edge and side-edge vortex contributions gives good
agreement with measured Gy, over the entire a range and up
to 16° for Cp, ;.. Above this a, the measured Cp, te results
indicate that the effective vortex force is acting farther aft
than predicted. This is understandable when one realizes
that the side-edge vortex system grows in Size with a,

hut implicit in the SA is a small vortex system unchanged
by a. Furthermore, no estimating provision is made with
respect to changes in the vortex lift contributions due to

the a affects on vortex size. Nevertheless. as indicated by
the values of the factors K, K, ;o and Ky se. the side-edge
contributions are significant at the higher a and lead to the
good agreement achieved.

Reference 24 provides the subsonic compressible variation
of Ky s for rectangular wings, as well as for a variety of
cropped-delta wings over a range of taper ratios. (Figure 18,

taken from Lamar (ref. 27), presents the subsonic variation
of Ky,sc and Az/es with Ag, for a variety of A and A.)

Figure 19, taken from Lamar (ref. 28), shows the Cx
variation with a for this same A = 1 rectangular wing
along with another use of the leading- and side-edge suction;
namely, estimating the spanwise centers of pressure for each
half of a rectangular wing. The procedure is to sum half the
potential normal force, acting through the load centroid for

a wing panel, along with the panel contributions of leading-
edge and side-edge vortex Raw normal farces, acting through
the spanwise load (centroidand at the tip, respectively. This
sum is divided by the above normal forces acting at that a to
determine an effective centroid. For all wings considered,
the experimental centroids are outboard of the potential

flow ones and gererally inboard of those obtained by the
preceding procedure. The latter is only untrue when a
exceeds that angle for which the leading-edge vortex Row

no longer reattachas on the wing. Hence, this procedure

can generally he considered conservative for sharp-edge
rectangular wings with leading-edge reattached vortex Rows.

Figure 20, taken from reference 27. shows an alternative
basis for using the side-edge suction at supersonic speeds.
There the tip region of a rectangular wing is seen to develop
anonlinear ACy,,, and ¢, variation, reminiscent of the
vortical flow contribution to Cy shown for the A = 0.50
delta wing.

Reference 27 give!; the supersonic, rectangular wing. side-
edge vortex-flow terms to be:

Ky se = 8/[rA(M? = 1)/2), and Am/e; = 2/3. This same
reference provides the supersonic variation of Ky ¢ and

Az /e, for cropped, swept wings with subsonic leading edges
and sonic trailing (edgesand they are presented in figure 21.

Augmented Vortex Term: Figures 22 and 23, taken from ref-
erence 27, show reasonably good agreement between mea-
sured and VLM-SA predicted aerodynamic characteristics
for these three wings. However, some deficiencies are noted
in that the SA method tends to overpredict the Cy for the

A = 2 sheared wing and underpredict the Cy, for the cropped
delta at the higher alphas, Moreover, the Cm,apex for the

A = 2 wing becomes more positive than estimated in this
same range. Upon examining all the evidence it appeared
that a term is missing. It is called the augmented term and
its development is given next.

The goal of this development process is the identification
and quantification of the augmented term in-terms-of-what is
already known. Consider figure 24, taken from reference 28,
which shows a delta wing sketch on the left with its leading-
edge suction distribution and a vortex system representation.
If one then adds wing area behind the trailing edge to make
this delta into a cropped delta, the leading-edge vortex
system may he modulated hut it will persist over the aft

part of the wing, as shown in the center sketch, giving rise
to a ACy. This is, understood to he different from the side-
edge vonex force which acts over the tip, as illustrated in the
right sketch, which has its' origin in the side-edge suction
distribution and a vortex system representation. To relate
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the term Ay with known terms. the Kutta- loukowski
relationship was used for the differential leading-edge force,
dFs, as shown. The result is that another factor is identified,
I_(v,se, which can contribute to the vortex flow aerodynamics.
based on quantities already known, and which uses the

same trigonometric functions in its' computations for the
force/moment characteristics. as Kz, and Ky,ge-

The only quantity not specifically known is E and it is used
to provide a representative length onto which the forward
shed vortex system acts. This quantity is a geometric term
defined to be the streamwise distance from the tip leading
edge to the apex of the trailing edge, and can be positive or
negative depending on the tip-chord length and the trailing-
edge sweep. For pitching moment estimation the streamwise
distance from the centroid of the *"affected area’" to the
reference point is needed, a quantity called Z.

Figure 25, taken from reference 16, shows the relative size
of the vortex lift factors and that the augmented factor is
too large for these wings to be ignored. The cropped delta
configuration at the top right is the same as shown in figure
23, but the results are for a lower Mach number. Note the
improved Cy, agreement up to the highest test a. For the
cropped diamond at the left, the augmented factor is the
same size as the other vortex lift factors and leads to good
agreement with data, again to the highest test a.

The other two wings, having notched trailing edges, will not
have such large values for the f{v’sc. Furthermore, both

the A = 1.069 and 1.917 wings have Cy, results which
show a lift falloff by 24" and 19°, respectively. Even for

a coherent leading-edge vertex system, notching the trailing
edge reduces the room onto which flow reattachment can
occur which will lead to a reduction in measured Cf.

Figure 26, taken from reference 28, shows the definition of E
to yield generally good agreement for a less than 16°, yet

it leads to an underprediction of the Cy, in the moderate

a range for this 45° cropped arrow wing. In that range

the tip chord itself better represents the length onto which
the forward shed vortex system acts. These points are
illustrated by oil-flow sketches shown at moderate and high
a values. Above a =16° one of three things happens to
this vonex system which cause Cy, to fall off. They are: (1)
the leading-edge vortex system bursts - on the basic delta
breakdown at the TE would occur at a much lower angle
than 16°; (2) the system gets so large that its influence is
diminished due to vertical displacement; and (3) the loss of
reattachment area.

The points being made here are that there is an additional
vortex flow factor beyond those oOf K4 and Koy, se, it is
called the augmented lift term, and when used with judgment
about what the leading-edge vortex system is doing can

lead to good aerodynamic estimates. A good example of
this is for the strake-wing combination depicted in figure

27, taken from Lamar and Campbell (ref. 29). Here one

can see that the number and size of the lift augmentation
regions can vary with a to reflect the actual flow. Cranked-
wings and wing-canards are other configurational examples
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which may employ this type of flow-modeling a-variation.
as reflected in the construction of both the Ky se and Ky e
terms. Sample results are given in the next chapter.

Wing camber: Vortex flows and their effects on cambered
wings are of increasing importance due to emphasis on
vortex flow control devices, such as leading-edge vortex
flaps (LEVF). Extensions have been made to the VLM-
SA code to account for these effects (ref. 21). Other SA
methods which have also been extended, including one
which uses the Quasi-Vortex Lattice Method (QVLM) as
a potential flow base, as described by Lan in reference

30. Another one developed by Lan and Chang (refs. 31
and 32) is called VORCAM (VORtex lift of CAMbered
wings) and is derived from an improved version of the
chord-plane aerodynamic-panel method of Woodward

(ref. 33). This code uses the SA to calculate the vonex
induced aerodynamic effects on cambered wings, including
those with vortex flaps, and is valid at those subsonic and
supersonic speeds where the linearized goveming equations

apply.

An application of the VORCAM code to a conically cam-
bered delta wing at & = 1.4 is shown in figure 28. The
inclusion of the vortex contribution is seen to provide some
improvement with the measured data over this restricted a
range.

VORCAM also has an option for designing a portion of

a contiguous wing surface to represent an integral vortex
flap inset into the wing. An example of using VORCAM in
LEVF design is given later.

Vortex action point: Lan and Chang (ref. 31) have also
modeled the effect of the center of the vortex, called the vor-
tex action point, moving inboard/ downstream with a. This
is physically correct and not accounted for in the original
suction analogy modeling schemes. In these earlier schemes,
as previously noted. the vortex was assumed to remain small
and along the leading edge regardless of the a value. The
vortex action point movement produces no aerodynamic ef-
fects for a planar wing, but for a camber/twisted wing there
will be differences. They are associated with the local mean-
camber slope varying along the chord, thereby causing the
local contributions to lift and drag. calculated from the suc-
tion force, to differ from earlier results. This can be under-
stood by examining the right-hand sketch in figure 29. taken
from (ref. 31).

This concept was derived by comparing measured vertical
velocities present near the wing leading edge with those
associated with potential flow. The difference is attributed
to the action of the vortex system and its magnitude based
on data for one wing at one value of a and was determined
to be Vw/2. From this concept the streamwise flow model
was developed which has the characteristics outlined in the
left and center sketches on this figure. The basic assumption
is that the exchange of linear momentum into and out of a
control surface of length 2r would be just balanced by the
section leading- edge suction force. Physically, it says that
the force required to keep the control surface from moving
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away from the wing. due to the linear momentum exchange,
is just balanced by an additional force on the wing. These
forces are both caused by a suction pressure present above
the wing and leads to » =¢sc. The sketch at the right shows
the reorientation of the suction force due to the movement of
the vortex action point.

Round LE simulation: For a round leading-edge wing, not
all of the suction force is converted into an additional lift
when the Row separates. Some of it remains as a “residual”
suction force that acts in the plane of the leading edge.
Polhamus showed for uncambered wings in the late 1960°s
(published with permission later by Kulfan in ref. 34) that
there was experimental evidence to demonstrate the sum of
the residual leading-edge suction and vortex normal force to
be essentially the Same as the theoretical value of the thin-
wing leading-edge suction. Figure 30 shows one example
prepared by Polhamus from existing data for an A = 1delta
wing with a round leading edge and /¢ = 0.10, which
supports the preceding statement. The sketch on the left
illustrates the forces involved. and the equation at the bottom
shows the algebraic relationship. Henderson, in reference 35,
later demonstrated cxperimentally that there was evidence

to render this statement true over a wide Reynolds number
range.

The two main methods of simulating the effect of round
leading edges use this Polhamus concept as a basis for
determining the vortex forces: however, they differ widely in
the basic assumptions and computational procedures. Kulfan
(ref. 34) uses a theoretical procedure for determining the
vortex normal force, then employs the equation in figure

30 to find the residual suction; whereas, Carlson and Mack
(ref. 36) and Carlson and Walkley (ref. 37) use empirical
formulas to determine the residual suction at supersonic and
subsonic speeds, then employ this equation to determine the
vortex normal force.

Kulfan’s procedure, developed in a Boeing research effort,

is depicted in figure 31 and which has been implemented in
the VLM-SA and other codes. It is based on the assumptions
that (1) the airfoil nose section is parabolic and (2) separa-
tion begins wherever the local value of theoretical leading-
edge suction exceeds the parabolic nose drag value, cg. The
vortex and its associated normal force are assumed to occur
when the local a exceeds that required for local separation,
@s, and o< |sin(a — as)| sin(e — ;).

Carlson assumes that the thrust at the leading edge is lim-
ited by the amount of pressure that can be attained there.
An example of how the limiting pressure can reduce the
leading-edge thrust to its “attainable” value is shown on fig-
ure 32. Here the limiting pressure is vacuum and its impact
can be clearly seen with increasing a or the theoretical sec-
tion thrust coefficient, ;2. (Note. if the limiting pressure
were oo, ¢q/cxs would be 1.00 for all values of ¢t:.) By
analyzing airfoil data, Carlson correlated the experimental
residual thrust with normal Mach number, airfoil thickness
and leading-edge radius ratios, and limiting pressure. The
proper values for limiting pressure were determined empiri-
cally from an airfoil data base that covered a wide range of

Mach and Reynolds numbers. This procedure is extended to
wings by using simple sweep theory.

Unsteady flow: Lan in reference 38 has extended the SA to
unsteady flow by coupling the Unsteady QVLM method (ref.
39) with the idea of "vortex lag.” Vortex lag is associated
with the phase lag angle that exists between the wing motion
and the buildup of the vonex strength at the leading edge.
Lan determined the phase lag angle and with that was able
to estimate the unsteady suction force, and hence the vortex
Row aerodynamics.

Others: The reader is referred to Lan (ref. 40) and to Lamar
and Campbell (ref. 29) for additional extensions to the SA.

Free-Vortex-Filaments

Free-vortex-filament models are used to represent the shed
vortex system off the leading edge by using discrete vortex
filaments which interact in a manner similar to that shown

in figure 33. Various researchers in many countries have
developed methods based on this model for both steady and
unsteady Row. They include Mehrotra and Lan (ref. 41),
Pao and Lan (ref. 42) and Kandil and Yates (ref. 43) for
steady Row; and Katz and Maskew (ref. 44) for unsteady
Row. The method of Kandil and Yates is highlighted because
of its transonic application.

This method uses an integral equation approach and a shock-
capturing technique to establish the features of transonic

Row above the wing and in the vortex system. These

include shock location and the determination of its shape and
influence. One interesting result reported (for a thin, A =15
delta at a = 15° and M = 0.7) is that the captured shock is
curved, attached to the vortex sheet and doesn’t extend to the
leeward wing surface but towards the core. This is seen at
the right of figure 34 along with a favorable comparison of
predicted and experimental pressure at x/¢, =0.80.

The left side of the figure shows three views of the leading-
and trailing-edge free-vortex lines on the wing along with
the inviscid LE and TE cores. This method defines the core
to be the centroid of the cross-sectional area and after the
filament has made one revolution it is terminated and its
vorticity added to that of the core. The fact that there are
two cores may seem unusual but they result from different
vorticity sheets. Thke leading-edge sheet produces a counter-
clockwise rotation about its core - when looking upstream,
whereas the trailing-edge sheet produces a clockwise rotation
about its core on the right wing panel due to the span
loading not decreasing monotonically to zero under the
influence of leading-edge vortical flow. The cross-sectional
shape of the system appears mushroom-like in the trailing-
edge region.

Free-Vortex-Sheet

Code descripiion: The free-vortex-sheet (FVS) code, devel-
oped by Johnson el al. (ref. 45), satisfies the Laplace equa-
tions by using higher-order panel technology to represent the
loading on the wing and differs from attached Row methods
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by virtue of the more complicated boundary conditions. The
chief difference is associated with the free sheet having to
simultaneously satisfy both the no-load and no-flow bound-
ary conditions; this renders the subject problem nonlinear. A
second difference is associated with the near-wake boundary-
condition. This condition needs to be satisfied to second or-
der accuracy in order to obtain correct results. Figure 35,
taken from Luckring et al. (ref. 46), shows these features on
a representative wing.

Solutions have been obtained with this code for a variety of
configurations and are catalogued in the paper by Luckring

et al. (ref. 47). That paper addresses solution procedures to
be employed in order to overcome convergence difficulties

encountered with more complex configurations. The partial
restart procedure is one of those developed. The second of

the two FVS examples shown here uses this procedure.

The examples, cited in order of presentation, are an A = 1
delta wing and the F-106B configuration.

Application to A = 1 delta: Figure 36 (Luckring et al.,

ref. 47) provides a comparison between the measured and
predicted lift curve and spanwise pressure distribution results
for an A = 1delta wing. [The measured results have come
from an experimental study reported by Hummel in reference
48.1 Good Cp, agreement is noted over the a range up to
30". After this a the flow physics begin to change from

that assumed by the FVVS method to that which encompasses
vortex breakdown. The reference also shows similarly good
agreement with drag and pitching moment over the Cy, range
upto 1.1

Regarding the spanwise pressure distributions, the peak
suction pressure is overestimated and the distribution near
the leading edge missed due to the FVS having no means
of accounting for the influence of the secondary vortex.
The major measurable effects of the secondary vortex are
twofold firstly, displacing the primary vortex upward,
thereby reducing the influence of the primary: and secondly,
increasing the suction pressure near the leading e¢dge, due to
the presence of the secondary.

Application to F-106B: The partial restart procedure enables
a starting vortex- sheet geometry. which has either been
specified by the user or previously obtained on a similar
(wing, wing-fuselage, etc.) configuration, to be applied to
the current one; here the F-106B. This procedure has been
used in a three-step process, outlined at the top of figure 37,
to obtain a converged solution (ref. 12).

The first step is to acquire a converged free-vortex-sheet
solution for a flat, © delta wing. Secondly, that aheet is at-
tached to the same wing mounted onto a generic cylindr;cal
fuselage with a conic-like forebody. Lastly, the converged
vortex-sheet solution from the previous step becomes the
initial guess for the final configuration. The final configura-
tion models the actual airplane by making three geometrical
changes. They include changing the wing planform from one
with no trailing-edge sweep to one with 5° of forward sweep
(going from delta to a diamond), introducing a close approx-
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imation to the actual wing camber, and incorporating a more
realistic fuselage model. In particular, the actual forebody,
canopy, faired-over inlet are well represented and the after-
body is closely approximated.

Steps one and two gave no evidence of convergence diffi-
culties; however, some were manifested when a very precise
modeling of the actual wing camber, which exists outboard
of 80% local semispan. was attempted. To circumvent this
problem an alternate method of modeling the cambered-wing
was employed. This method was analytical and made the
leading-edge coordinates of the cambered-and flat-wing to

be the same. The effect of this was to cause the wing to be
placed on the fuselage at a negative incidence (approximately
1.25") as shown in the sketch at the bottom of figure 37.

Figure 38 shows the surface panel representation of the
wing-fuselage and the converged free-voltex-sheet solution
at a = 19° and subsonic speeds. Also shown is the flight
location of a vapor-screen light sheet and where it intersects
the converged free-vortex-sheet. [Light sheet is oriented
11.2" ahead of perpendicular to the fuselage centerline, as
documented by Lamar and Johnson (ref. 13).] Since force
and pressure comparisons have not been made nor published
for this configuration - due in part to the small number of

a solutions made - only the vortex core location will be
reported and that, subsequently.

Euler and Navier-Stokes

General: Currently, methods which model either the inviscid
Euler or the viscous Navier-Stokes equations fall under

the classification of ""expert codes'". This is due in large
part to the special attention required in developing an
acceptable grid, and the knowledge required to stipulate
suitable parameters to the flow solver. [However, this
situation is improving by the introduction of CFD codes that
have suitable documentation and sample cases to assist the
new user in their application; e.g., the TEAM code of Raj et
al. (ref. 49).] In addition, due to the large requirements of
computer memory and time, these codes are most often run
to either assist in understanding experimental results or to
help guide the experimentalist in areas where unanticipated
phenomenon may he present. After the Euler and Navier-
Stokes equations are presented in tensor form - summation
convention implied by repeated index, example solutions
are given. [It should be noted that each of these sets of
three equations contains no body force and includes 5 and

7 independent variables, respectively. To obtain closure, the
equations of continuity, total energy, perfect gas equation-of-
state for Static pressure, Stokes hypothesis for bulk viscosity
and Sutherland’s law for molecular viscosity are also used,
as needed.]

Euler Egns

O{pg;)/O(t) + {pgig; + pbis)y =0
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Navier-Stokes Eqgns.

B(pg:)
20) + (pgiq; + PO )i —AGs i —pe(g 56 T iags 1 = 0.

Euler Code: Three-dimensional Euler codes. like the
FLOS7GWB code developed by Raj and Brennan (ref. 50),
have demonstrated not only the capability to capture shock
waves at transonic and supersonic speeds but can capture
regions of rotational flaw at these and lower speeds on gen-
eralized geometries. Unlike potential flow methods. such as
the FVS, Euler codes do not require an explicit model of the
vortices. Instead, they appear automatically as a pan of the
solution. The reasons are twofold firstly, geometrical: and
secondly, computational.

The geometrical issue is an easy one to understand in

that for a real flow one expects a separated flow to be
generated at the wing leading-edge if it is sharp, regardless
of the Reynolds number, due to the natural enforcement
of the Kutta condition there. Thus, if the geometry to be
modeled has a sharp leading-edge, one can also expect
this condition to be enforced computationally. This brings
in the computational issue: namely. that the "*discretized
Euler cquations are diffusive near the leading-edge, due to
truncation error and added artificial viscosity", according
to Powell and Murman in reference 51. Since the Kutta
condition owes its existence to the effects of viscosity or a
diffusive effect, it is understandable that these authors note
**any computational model that has a diffusive effect at the
leading-edge that mimics real diffusive effects should trigger
separation, regardless of the magnitude of the diffusion.**
Thus, a method employing the inviscid Euler equations

is ablc to predict. in a fairly reliable manner. the leading-
edge vortex-separation effects even for the very complex
geometries, provided the wing has a sharp leading-edge.
(See Murman et al., ref. 52.)

Two solutions using the Euler equations are given: one is
for a 74° delta wing (A = 1.147)using the TEAM code
in its Euler mode, and the other for the F-106B aircraft

- basically a ¢ delta wing with conic-like camber - using

an earlier version of the TEAM code called FLOS7GWB.
[It may he surprising to the reader that some CFD codes
can accommodate configurations having a high degree of
geometrical gencrality, see also Flores and Chaderjian (ref.
53) and Fhaffari et al. (ref. 54).] Strictly speaking, this
code should only be applied to geometries in which there is
reason to expect a leading-edge vortex-system to be formed.
Reference 12 shows that the F-106B aircraft and models
meet this criteria even though they do not have a sharp
leading-edge.

Application to A = 1.147 delta wing: Raj (ref. 55) present
comparisons. similar to that of figure 39, between measured
and predicted lift and surface pressures at M = 0.3; where
the predicted values have been obtained with a H-0 grid

of 30 x 37 x 66 points. The lift agreement is good up to

a = 30°. Above this a converged steady-state solutions were
not obtained.

This figure also shows predicted spanwise pressure distribu-
tions at two longitudinal locations. Primary vortex capture

is noted in the computational solutions. though the peak val-
ues for suction are over-estimated. This is due in pari t the
inviscid Euler equations having no mechanism for modeling
the secondary and tertiary vortices generated on the surface.

The secondary vortex is the more influential of these two and
its effects have already been detailed in the FVS section.

Application to F-106B: The reason a representative vortex
system is expected for this wing is that its leading-edge ra-
dius is small; i.e. streamwise radius- to-chord ratio reported
to be less than 0.2% across the span (ref. 13). Further-
more, a discretized representation of a radius will yield an
acute angle at this or any other edge. The FLO57GWB code
was also selected because, at the time the work was being
done, this code was both readily available and fairly straight-
forward to use in assessing the flowfield on a geometry as
complex as the F-106B.

The basic F-106B was analyzed by Pao (ref. 56) using a
C-H grid of 129 x 25 x 25 with points clustered around the
wing section. The surface grid representation of F-106B
wing-fuselage configuration and a typical C-H grid around
a wing station are shown in figure 40. The conditions of
interest are M = 0.4 and a = 19°. Lift and surface pressure
results are presented in figure 41, and vortex core location
at the same position as measure from flight vapor-screen
images is given in figure 42.

Regarding figure 41, the agreement between measured and
predicted lift curve slopes is good over the a range from
10° to 20°. This is only imponant within the context that
the Mach number for the experiment was 0.2 and for the
computational solurion was 0.4. The preceding leads to
the conclusion that there is no significant Mach number
effect at this low speed. At a's above 20° even the lift
curve slopes begin to differ significantly. It is known

that vortex breakdown occurs at the trailing edge for a
sharp-edged Hat 60° delta wing at a's greater than 14°
(Wentz and Kohlman, ref. 15). Therefore, for the F-106B
configuration rhe lift differences at the higher alphas may be
due to the inability of the code to model the flow physics
accurately with the number of points available. Regarding
the computational solution at a = 30°, it is known that this
one did not converge to a steady state value.

The major difference noted in the 10° to 20° a range
is the actual level in Cy,. This difference may also be
attributable to the relatively few number of computational
points available to resolve the configuration and flow field

Examining the pressure data portion of this figure, it should
be noted that there are no measured pressure data available
for comparison with the computed values. The results at

a = 19° show the expected drop in suction peak in going
from z/c, of 0.51 10 0.89. The relatively high suction
pressures near the aft location leading edge is attributed in
part to a modeling difficulty associated with the solution of
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the Euler equations at a leading edge and in part to the small
number of grid points available.

Figure 42 provides a comparison of the vortex core result
and that from the FVS solution discussed previously. The
vortex system chosen from the flight test is the one associ-
ated with the vortex nearest the leading edge, and it appears
at the extreme right in the enhanced photograph shown at the
top right in this figure. The selection was based on the fact
that only the outer vortex extended to the leading-edge at the
light-sheet station and had the necessary progressive inboard
movement with increasing a. (See McGregor, ref. 57.)

On the left side of figure 42 the theoretical core locations
from the FVS and Euler codes are shown. The core for the
FVS is at the end of the free-vortex- sheet and is indicated
by the triangle. For the Euler code a cross section of the
flow-field velocity vectors just behind the light sheet plane is
shown. Superimposed on it is the core location, indicated by
the square, as determined from static pressure contours. To
establish the core location along the light sheet plane, linear
interpolation was used.

The core locations from the preceding are summarized at

the lower right of figure 42 for A/ ~ 0.4and a = 19°.

The measured location in flight was made during a I-g
deceleration maneuver at 25,000 feet, and has an accuracy of
+ or — one inch. A comparison of the lateral core positions
shows that they are all within 30 inches of the leading edge
with the measured location slightly inboard and nearer the
FVS result. Regarding the height of the core, it is seen to be
well predicted by the Euler code.

In searching for the causes of the disagreement between

the predicted and measure core location, it is clear that the
differences are associated with unmodeled and/or unresolved
effects. This suggests that the F-106B configuration needs
to be run in a Navier-Stokes code with a sufficiently fine
grid in order to resolve the geometty and subsequently all
appropriate flow features.

Navier-Stokes code: The Navier-Stokes (N-S) equations
differ from the inviscid Euler ones in that viscosity is
inherent regardless of the numerical solution. Hence, these
equations naturally admit and can resolve the viscous, wing-
surface, flow-field. This allows the previously missing
secondary and tertiary vortices effects to be estimated.
Often, a thin layer approximation to the Reynolds averaged
N-S equations is sufficient for many aeronautical problems.
The term thin layer means that the viscous effects are
focused near the solid boundaries, in @ manner similar to
the boundary layer approximations. An example code which
does this is CFL3D, due to Thomas et al. (ref. 58).

A computational example of this code is for the same A =1
delta wing (Hummel, ref. 48) previously examined with the
FVS code.

Application to A = 1delta: This A = 1delta wing is
modeled with a grid of 129 x 65 x 65 at M = 0.3 and
a R, = 0.95 x 10% in laminar flow. The lift and surface
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pressure results for this wing are presented in figure 43. This
figure shows that good absolute lift agreement exists up to

a = 33” and that the proper lift trend is reproduced at the
higher values of a. Since the predictions over-estimate the
peak Cy, value, there exists an apparent offset between the
two sets of lift results. The offset is associated with a flow
modeling difficulty in the vortex breakdown regime which
exists for a > 33°.

Regarding the suction pressures at a = 20.5°, it is noted that
for the forward stations, the overall level under the primaty
and secondary vortices agrees closely with the experimental
results. The differences at the aftmost pressure station are
attributed to the presence of unmodeled turbulent flow.

This figure illustrates the possible improvements available
over the previous delta wing results. in both the lift curve
and surface pressures. when one uses a code which incorpo-
rates approximations to the N-S equations.

FOR USE IN DESIGN
Complete Wing

General: Two example methods are highlighted which

yield low drag solutions for a complete wing design in the
presence of leading-edge vortical flow. The first is associated
with Lamar et al. (ref. 59) and begins with an attached-
flow, complete wing camber and twist design. Then this
shape is operated on by a geometrical constraint and the
VLM code coupled with the Suction Analogy (VLM-SA),

in @ manual design-by-analysis mode, to achieve the final
shape. The second code (WINGDES2) associated with
Carlson and Darden (ref. 60), is subsonic or supersonic,
shares some features with the first method but the whole
process is more automated. The method of reference 60,
also based on a vortex-lattice representation, has two design
modes known as “whole wing” and “mission- adaptive”. The
latter mode which has a special provision for the design of
flaps will he presented here.

Each method is illustrated by an application, a cranked wing
for Lamar and a swept trapezoidal wing for Carlson.

Lamar: The assumptions and design procedure of Lamar et
al. (ref, 59), along with the resulting comparison between
predictions and measured data for a Pre-SCAMP cranked
wing follow.

Assumptions: The inherent assumption, basic to the use

of the suction analogy for a cambered-wing, is that the
leading-edge vortex system would promote reattached flow
near the leading edge. As is well known with the addition
of positive camber to a wing, the potential-flow lift will
increase at a positive angle of attack. This increase is,
however, coupled with a condition in which the flow is more
nearly aligned with the leading edge. The “alignment” does
two things in the real How: 1) the leadingsedge vortex that
is formed near the edge will not only reattach near it, but
on a surface which is inclined so as to yield an effective
suction or negative drag: and 2) reduces the lift associated
with vortex How. Hence, there exists a dichotomy which
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must be balanced. A related assumption is that this vortex
system will be small. not be shed inboard but extend to the
tip, and begin to come into play only on the upper surface
as the design Cy, is approached. Therefore, the procedure
to be followed is based on the Row being not far from the
smooth on-flow condition. Hence, an attached-fiow solution
for smooth on-flow is obtained from a mean camber design
method (the VLM technique of Lamar (ref. 61)is employed
herein) and used as the initial warped surface.

Design Procedure and Application: The design conditions
sought for the joint NASA-General Dynamics cranked wing
were Cr,4= 0.5 and My =0.9. In addition, a rooftop AC,
distribution (a= 0.7) was initially specified along the chord.
It should be further noted that the resulting solution for span
load from the VLM attached-Row design code was elliptical
in keeping with minimum vortex-drag considerations.

The method employed uniformly 20 horseshoe vortices
chordwise at each of 10 equally spaced spanwise stations

on a semispan. This pattern was also used in the VLM-SA
code.

The preceding conditions led to the smooth on-Row inci-
dence distribution shown in figure 44 for the "wing box".
The term wing-box incidence refers to the incidence of the
center portion of the wing chord (for this study assumed to
lic between 15 and 15% of the local wing chord). The ex-
treme variation of the structural box twist, depicted in this
figure. from the side of the fuselage to the tip required for
smooth on-Row would be impractical for any real aircraft
configuration. In order to provide a more practical design
from structural and aerodynamic standpoints, the final box
incidence distribution (restricted to 12°) was used, as shown
in this figure. Here the structural box remains at an essen-
tially constant incidence and is twisted only over the outer-
most 15% of the semispan.

Lines connecting the wing-box leading and trailing edges at
four different span stations for the final incidence are shown
in figure 45. Though the z/c and x/c scales are different, the
relative incidence variation across the span is discemable.
Associated with each of these lines, as well as the other
stations across the wing. is the initial smooth on-Row camber
rotated by the difference of the two o curves in figure 44
and passing through the trailing edge. This combination of
incidence and camber was then analyzed using the VLM-
SA procedure to determine lift, drag, and the strength of
the suction force along the leading edge and to provide a
reference for successive modifications. The camber ahead
of the wing box (the 19% chord) was then represented by
five equal semispan cambered leading-edge Rap segments
whose deflection angles were adjusted parametrically while
monitoring the VLM-SA drag level. Even though these
levels were optimistic, they were considered reliable in
estimating the proper trend of lowering drag with Rap
deflection angle, Afier a set of angles was obtained about
the 15% chord line which produced a minimum drag value,
the resulting camber was smoothed and the process was
repeated about the 2.5% chord line. These smoothed camber
lines are shown in figure 45 and labeled the final designed
camber. It should be noted that the final camber shapes are

changed in the direction of the initial incidence distribution
(shown in figure 44).

In order to put this camber on the wing. two things were
done. The first was to shift the local camber distribution
vertically to provide a constant elevation along the wing
midchord. The second wai to match the fuselage incidence
to the final inboard wing incidence to provide an even wing-
fuselage juncture. (Note that the Cf, 4 occurs at an a of

about 9.4°.) Photographs of the designed wing mounted on
an existing fuselage appear in figure 46.

For the final camber, the FILM-SA code indicates that Cr, 4
occurs at a wing a slightly larger than required for smooth
on-flaw all across th¢ span. If the Row features which are
indicated are largely realized, then this should enable a large
amount of the available leading-edge suction to be recovered
at the design point.

Data obtained for tae cranked wing, whose design was just
detailed, are compared in the next section with theory, and
an assessment of the design procedure is made therein.

Lift: The lift comparison presented in figure 46 shows that
the VLM-SA method (solid curve), obtained by combining
the potential-flow results with the vortex lift from the leading
and side edges, predicts the measured lift well over an a
range of 3° - 12°. Above a = 12°. there is a loss in the
amount of vortex lift realized, partially due to the lack of
flow reattachment in the region of the wing-tip trailing
edge as a consequence of the real flow having insufficient
chord there to permit the finite-sized vortex to develop
reattached flow and full lift. (For wings with trailing-
edge notching this lift loss is increased.) Regarding the
comparison with the solution from potential theory plus
100% leading-edge suction, it is apparent that up to about
a = 8. the effect of the vortex flow is to reduce the lift,
indicative of reattachment on the lower surface. Another
interesting feature of obtaining Cr ¢(= 0.5) with vortex
flow is that in comparison with the potential-Row solution
fur this same cambered wing an angle of attack of about
2° less is required. Of course, it is realized that this wing
was not designed to reach Cr g with potential Row. Still it
is interesting to realize that theoretically there is an angle-
of-attack reduction possible if vortex flow is present on the
slender cambered wing, especially since vortices would tend
to form naturally on such a wing.

With regard to the 0% suction with no vortex lift and the
100% leading-edge suction solutions, it is note-worthy that
the presence of the potential flow leading-edge suction on the
highly cambered leading edge actually reduces the Cr. over
the a range shown. This is, of course, due to the edge force
acting tangentially to the highly cambered leading edge.
thereby creating a negative lift force.

Drag polars: Figures 46 to 48 present the drag data and

other data to aid in its interpretation. For example, figure
46 shows both the planar and cambered wing drag polars
in comparison with two theoretical curves. Over most of
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the €'y, range the planar-wing data follow the upper or

zero edge~force curve as expected. The cambered-wing
data are generally much lower than the planar-wing data
and approach the lower bound polar in the Cg, range of
about 0.3 - 0.45,even though the wing is thin (maximum
thickness/chord ratio = 3.2%)and the leading edge is
sharp. Furthermore, at the design Cjy, the data reach a level
equivalent to 77% of full leading-edge suction. This large
value of equivalent suction is remarkable for such a slender
wing, particularly at this high Mach number maneuver
condition. The data further show that a larger fraction of
leading-edge suction is realized at Cy = 0.4, indicating that
the wing mean camber surface has not been fully optimized
at the design Cr.

Figure 47 displays the same camhered-wing drag data but
here in place of the planar-wing lower bound polar are

two attached flow polars obtained from the VLM-SA code.
One is for full edge force, 100% leading-edge suction and
the other for no edge force, 0% leading-edge suction. It

is well known that a planar wing of the same shape will
have more edge force than a corresponding cambered wing
under the same conditions, because a portion of the suction
available on the cambered wing is distributed chordwise over
the surface. Thus, the figure shows that the displacement
between the full- and no-edge- force curves to be smaller
than for the planar wing. Further, the data are quite close
to the full-edge-force curve for Cf, values equal to or less
than Cr 4. This is in keeping with the original idea of being
at an angle of attack slightly above that for smooth on-
flow, in that at smooth on-flow full suction is realized hut

is distributed over the cambered surface. In terms of the
suction available, this cambered wing achieves a level of
effective leading-edge suction of about 61%.

Axial force: Another way to establish when flow changes
occur on the wing, beyond examining the lift curve, is to
examine the axial force, since it is a sensitive measure of
the edge flow. Figure 48 shows the axial-force coefficient
variation for the cranked cambered wing as a function of
sin? a, because both the edge-force and vortex-flow terms
have this dependency. It is interesting to note the sharp
change in the C4 variation near a ~ 9°, because at this
same « the lift data of figure 46 show a rapid change.

The faireg straight lines in figure 48 have associated with
them labels describing the types of How which are hypoth-
esized to be present. From the inserts of planview oil pho-
tographs, it is clear that at both a =5° and 10° the flow on
the upper surface appears to be attached even though the C'4
curve shows that some change in the data has occurred. It
needs to be remember here that, since this leading edge is
highly cambered, the flow at the edge cannot easily be seen
from the top. At a =15° there is a definite indication of
vortex activity on the upper surface, which means that the
vortex system has just formed or become strong enough to
be noticeable.

Carlson: The “mission-adaptive” design-mode method of
Carlson of Darden (ref. 60), to be illustrated here, has a
feature which allows it “to provide a twisted and cambered
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surface restricted to specified wing regions”. The resulting
cambered regions near the leading- and trailing-edges

may then be represented with flaps. The basic premise

is that with most of the wing fixed, say due to structural
constraints, there exists a particular combination of leading-
and trailing-edge Hap deflection angles which will yield the
lowest drag or highest effective suction. The concepts of
attainable thrust, suction analogy and vortex action point are
all employed in this design mode of Carlson’s method.

This method is applied to the 60°- swept trapezoidal wing
shown mounted on a body in figure 49 in the following
way. Firstly, the “whole-wing” design mode is employed
at specified values of Cr,, M and R,. These results provide
a camber surface, which the designer may find helpful in
selection of “mission adaptive” or flap system design areas
consistent with structural or other considerations. The
“whole-wing” solution also provides a design moment, Cp,
= —0.17, which in the absence of any other specific Cm
constraint is used in the next step to insure an effective
contribution of trailing-edge flaps to the overall lifting
efficiency. Secondly, the program is run in the “mission-
adaptive” mode with Cr, M, Ry, and Cy, specified along
with a definition of the design area in the form of spanwise
leading- and trailing-edge chord distributions. The results of
this second run provide a “mission-adaptive” wing camber
surface shown in figure 49. Superimposed on each of the
mean- camber surface wing sections are the flap-hinge-line
locations and the limits of the design area. The code also
provides for automation of a flap-fitting strategy, illustrated
in figure 50. The idea is to replace the smooth program
generated camber surface with straight line segments to
approximate the design camber surface and its loadings.
The resulting schedule of leading- and trailing-edge flap
deflections is referred to as “code” in the inset sketches of
figure 49. Thirdly, the designer selects an appropriate flap
segmentation plan. On this figure it is labeled “modified”
and consists of four leading-edge and two trailing-edge
flap segments. Fourthly, using these segmented Haps a
separate but related analysis code SUBAERF2 may be used
to provide an estimate of the actual flap system performance.
[Much of the text in this paragraph has been contributed by
Carlson in a private communication.]

No direct comparison with data is given in reference 60;
however, an off-design situation is analyzed for a two
segment leading-and trailing-edge Hap model and the results
shown in figure 51. The analysis predicts the measured
values well.

[The analysis code SUBAERF2 can also used in a design
mode. It is done hy varying the leading- and trailing-
edge flap angles systematically while recording the suction
level achieved for each combination. The suction levels
and flap angles are then use as basic data in developing a
“thumbprint” or an “optimization” chart to help select the
best combination.}
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Leading-Edge Vortex Flap

General: Designing a wing with leading-edge vortex flaps
(LEVF) is distinguished from that of Carlson’s complete
wing method in that for this design problem the hinge line
is assumed known but the flap shape (leading-edge outer
boundary) and its deflection are not. The reader is reminded
that the LEVF is just a special purpose leading-edge device,
as discussed by Lamar and Campbell in reference 62 and
illustrated in figure 52. Initially, the function of these flaps
was envisioned to be that of drag reduction for slender
wings while maneuvering at moderate to high «. Since
then other functions have been conceived, as detailed in

the cited reference. Regarding the accomplishment of

the initial function. it was to occur as a result of the flap
providing appropriated capture area and orientation for

the entire separation- induced shed vortex system above
itself. Due to the downward deflected orientation on the
forward facing surface of the flap, a substantial suction force
was generated in the thrust direction to provide the drag
reduction. Furthermore, the “captured” vortex also functions
as a rotating fluid cylinder to tum the flow around the
leading edge onto the wing upper surface, thereby promoting
a smooth transition to attached Row on the wing near the
hinge line.

Two methods are highlighted for designing the planform

of the LEVF. The first is that of Frink (ref. 63) given in
concept form. and the second is that of Huebner (ref. 64)
given in some detail. An example of each is given for a
F-106B configuration. [For other applications the interested
reader may refer to the three conference publication volumes
dealing with Vortex Flow Aerodynamics (refs. 65 to 67).]

Frink: As illustrated in figure 53 this concept was originally
validated in 1978 on a highly cambered Pre-SCAMP design,
just discussed, It was further demonstrated during the same
wind-tunnel test that comparable levels of maneuver perfor-
mance improvement could be achieved by deflecting cer-
tain combinations of simple planar leading-and trailing-edge
flaps on a planar wing of the same planform. The simple
flap results were very attractive from a practical design and
fabrication standpoint and warranted further study. As repre-
sented in figure 53, many additional experimental and analyt-
ical studies were conducted on the simple flap concept. An
examination of the results from these and other studies led
Frink in 1982 to the development of a LEVF design proce-
dure - published as reference 63. A typical result is shown
on the lower right of this figure.

Another example is given by Lamar et al. in reference 12
for the F-106B aircraft. There the aerodynamic design of
the LEVF was developed through an iterative process that
encompassed Frink’s procedure, wind-tunnel results, and
practical considerations and constraints. A flight photograph
of the LEVF mounted on the aircraft is shown in figure 54.
The associated flight test program - in which pressure and
flight performance data and vapor-screen images are recorded
- is scheduled for completion by the spring of 1991. [The
housing for the rotating-light-sheet system - one of three
systems needed in order to obtain vapor-screen images -

is seen on this photograph to be located just ahead of the
vertical tail. Details of this system are also provided in
reference 12.1

Huebner; The design procedure of Huebner (ref. 64) is
based on the analysis method of VORCAM and shares with
Carlson’s wing method the idea of arriving at an appropriate
amount of flap area and deflection angle. However. as
previously noted, this procedure differs from Carlson’s
method in that the shape «f the leading edge is a pan of the
solution. This procedure also differs from thdt of Frink in
that the flap geometry can extend beyond the wing leading
edge, i.e. a “bolt-on” flap implementation, and uses a
numerical optimizing procedure. The primary goal of this
effon was to develop the vortex flap planform, deflection
angle, and wing angle of attack to maximize L/D and satisfy
Crqat M = 15 for the F-106B. This speed was chosen
as typical of a supersonic maneuver for an advanced tactical
fighter. The F-1068 was chosen as the application aircraft
since its 60° swept leading edge is capable of generating
measurable amounts of vortex flow.

Analytical Flap Modeling: Figure 55 shows the modeling

of a typical Rap with its design variables (geometrical
features) in flap coordinates. The X axis corresponds to
the wing leading edge (hinge line) in global axes, and the
dimensions df the lap have been normalized to have a range
of zero to one. Tho Y} variable determines the flap planform
shape. Using the VVF-D4 Hap - developed by Frink - as an
initial guess, this procedure models the planform shape in
three regions. Regions onz and three are parabolas which
are uniquely defined by their two end-points and a slope
condition at the points where they meet with region two,
which is a straight line. The specific design variables needed
to define this Rap are shown in the figure. X(I) and X(2)
determine the extent of tha three regions in the X direction;
X(3) through X(5) provide actual planform chord length and
ultimately planform shape, X(6) specifies the flap deflection
angle and X(7) is the model angle of attack.

It is worthy to note a few things about this method. The
apex of the flap is shown to be at the origin of the flap axes.
In reality, the chord length at this point need not be zero, but
it is not a design variable and remains constant throughout
the design process. The value of X({I) can go to zero while
the value of X(2) can go to one. Thus, the possibility exists
that a flap design solution could yield a constant chord,
taper, or inverse taper flap. Furthermore, the value of X(6}
was chosen in such a way that it represents the arctangent of
the flap deflection angle.

Certain geometrical constraints arise based on this method.
In order to restrict the flap to a reasonable size, X(3) through
X(5) are constrained such that their maximum values are no
more than 10% of the leading-edge hinge- line length. Also,
to avoid meaningless flap shapes, the value of X(2) must be
greater than or equal to X(1).

Procedure: The flap-design-optimization process is given in
outlined form in figure 56 with additional details provided in
both Huebner (ref. 64) and Lamar (ref. 68).
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Application: An application for the F-106B is given at the
design condition of M =1.5and Cr, =0.223.

The initial geometric design variable values X(I) - X(5),
associated with the supersonic application, were taken from
the design solution of vortex flap VF-D4 at M4 = 0.3, along
with X(6) which specifies flap deflection angle. The design
variable X(7), which determines a was started at an arbitrary
value corresponding to a = 4°.

Figure 57 shows the initial and final planform shapes and
other pertinent results from this design study. The flap chord
has decreased for most of the flap, designated VF-DO1,
except near the Rap tip where it increased slightly. Flap
planform area decreased by 6.5%. The flap deflection angle
converged at 18.47°, which is quite close to the slope value
at and perpendicular to the leading edge of the cambered
wing. Finally, the angle of attack converged at 5.06°.

A comparison of the computed aerodynamic performance of
VE-DO1 and VF-D4 on the F-106B is shown in figure 58.
The VF-DO1 design shows an improvement in L/D at Cp g
of 0.6, or 9% over VF-D4 at 10° deflection. Further, the
improved L/D values extend throughout the entire Cy, range.
The initial design solution is also included to show the total
performance improvement from the beginning to the end of
the design process.

Figure 59 shows the aerodynamic characteristics of these
two Rap designs at 8z =30° and M = 0.3. The purpose
of this is to determine the aerodynamic characteristics

of Rap VF-DOL1 at an off-design Mach number. Minor
variations occur for Cy, and C, versus a: however. a
measurable improvement in L/D,max is noted. Thus, this
figure indicates that the Rap optimized for Az = 1.5 would
he quite satisfactory at A =0.3.

A vortex flap designed for the F-106B at subsonic speeds is
also given by Huehner in reference 64-

STABILITY AND CONTROL
IN HIGH-ALPHA RANGE

This chapter examines stability and control both analytically
and experimentally in the a range up to high-a. The analyt-
ical results presented are based on the analysis methods de-
scribed in the preceding chapter, are focused more on stabil-
ity rather than control, and are compared with experiments.
The experimental stability-and-control results presented are
not restricted to those situations that can be predicted, but in-
clude those from devices which are likely to he successful in
providing either longitudinal and/ or lateral control in this a
range.

PREDICTIONS FROM ANALYSIS METHODS
General

Selected longitudinal stability results have already been pre-
sented with the introduction of the various analysis methods.
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In this section only predictions from SA methods will be
shown since it is very general and has been widely applied.
[Though SA only applies to the vortex flow contribution to
force and moments computed by potential flow methods, in
this chapter its usage is sometimes broaden, for reporting
purposes, to include the potential flow centribution.) The
examples shown cover geometries from isolated planforms
to interfering wing surfaces and at speeds up to supersonic.
The order of presentation will be (steady) longitudinal, in-
cluding some configurations for which only Cfy, is presented,
and then lateral characteristics, which include both a steady
and an unsteady example. [Other examples can be found in
the cited references.]

Longitudinal

Simple shapes: Comparisons are presented here for six
pointed wings with round and sharp leading-edges at sub-
sonic speeds. The configurations range from arrow to dia-
mond.

Delta wing with LE radius: Figure 60, taken from Lan

and Hsu (ref. 69), shows an application of the QVLM-SA
method to a 60° delta wing with a round leading edge at low
speeds. The SA predictive cuwe is labeled "'thin-sharp™ and
is seen to estimate the measured C;, and Cp, results well

up to 10° and 16°, respectively. When the round leading-
edge effects are accounted for by using Kulfan's technique,
Lan estimates a noticeable aerodynamic effect. This leads

to an extension of the a range for which the Cy, and Cj,
agreement is good, 16° and 20°, respectively. The lack of
agreement beyond these a values means that there is still

an unmodeled affect. It is obviously associated with vortex
breakdown, which is known to commence at the TE on a
thin-sharp delta wing of this sweep near a = 12". Lan and
Hsu (ref. 69) developed a procedure for quantifying this
affect with a and when employed for this wing produces
good agreement over the entire a test range.

Painted wings: Figure 61, taken from reference 16, and fig-
ures 62 and 63, taken from reference 28, present experimen-
tal and predicted Cy data for a variety of pointed wings. Re-
garding figure 61, it should be noted that since these wings
have no tip chord the Ky s values are all zero; however, this
does not preclude there being an augmented, Ky ge, term. In
fact, since the sign of the augmented term depends on the
sign of ¢, it is interesting to note that three of these wings
have positive values and one has a negative value. Positive
augmented values produce lift above that of SA, whereas

the converse is also true. Note the improved agreement at
M = 0.6 achieved when the augmented terms are included
in the Cy, estimate.

Figures 62 and 63 present the Cf, and Cy, results for the top
two wings in figure 61, hut at a lower and higher subsonic
Mach number. These figures show that the ability to predict
the experimental Cy, is similarly improved at these Mach
numbers. Both figures also show that this extension to the
SA gives a tremendous improvement in the ability to predict
the experimental Cr,. This is more true for the diamond
wing than for the arrow: since the diamond wing effectively
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adds arca in the region where reattachment can occur,
whereas, the arrow effectively removes area. In addition,
the trailing-edge wake from the arrow wing can interact with
the leading-edge vortex system SO as to move it farther from
the wing, thereby further decreasing its influence in the aft
region.

Geometrical combinations: Comparisons are presented here
for five combinations of wings. They include a cropped-
double-arrow wing, a wing-canard, a strake-wing-body, a
cambered-thick lifting-body and wing combination, and a
cropped-delta-wing body. The speed range covered is both
subsonic and supersonic.

Cropped-double-arrow wing: The thin, sharp. uncambered,
complex configuration of figure 64, taken from Lamar

(ref. 70). provides a good illustration of how the various
vortex-flow terms can be used to estimate the longitudinal
aerodynamics at low speed. (Note that the figure legend
groups these terms by moderate or high a, which just
recognizes that the particular elements of each group differ
according to the local flow features, as outlined in figure 27.)
In particular, at moderate «'s there are two K, ;. and I—{v,se
terms (an inner and outer pair associated with each vortex
system) and a KX, s« term. At higher a's, the two leading-
edge vortex systems are expected to merge into only one
which extends from the apex along the wing leading edge to
the tip. This system can be represented by a single Ky ;e and
Ky,se term which is then combined with the previous Ky se
term to produce a total vortex flow effect.

The determination of the ¢ term used in f(v,se and Z used in
estimating C, needs to be further detailed for completeness.
(The reader may find it useful to refer to figure 26 for the

¢ variation with a justification.) In particular, at moderate
a's ¢ for the inboard system is just the streamwise distance
from the leading edge to trailing edge at the span location
where the wing sweep changes, and for the outer system ¢ is
the tip chord. Each associated 5 term is the halfway distance
along z since the area being represented is rectangular. At
higher a's Z is the streamwise distance from the tip leading
edge to the trailing edge apex, which for this wing is a small
positive number. The associated Z is computed the same
way as before since the area represented is also rectangular.

Considering now the predicted and measured results pre-
sented in figure 64, it is clear that the high a theory gives
better overall agreement than either the moderate a or po-
tential theories, as expected. m e Cf, experimental data are
well predicted up to nearly 28° and the Cy up to 16°. For
higher «'s the vortcx system grows in size and moves far-
ther from the surface overall the wing, especially in the aft
region. This gives risc to the forward part of the wing still
lifting well, whereas the aft portion responds to the effects of
vortex diminishment and finally breakdown.

Other examples of complex wings are given in reference 70.
Wing canard Figure 65, taken from reference 16, presents

applications of the SA to a wing-forebody and a wing-canard
at low speeds. Only the wing C7, results are shown; on the

left in the presence of the forebody, and on the right in the
presence of a high canard (z/¢ = 0.185). The wing-forebody
comparison shows a variation typical of wings with moderate
sweep because they are known to have a low a departure
and vortex breakdown. which leads to the SA overestimating
the experimental results at a's above 8°. However, in the
presence of the high canard, a favorable interference results,
and even with the reduction in Cf,, on the wing, due to
canard downwash, the predicted amount of vortex lift is
developed on the wing. The measured results are well
predicted over the a range and reach higher C}, values than
those for the wing in the presence of the forebody.

Strake-wing-body: Figures 66 and 67, taken from Lamar
(ref. 68), present comparisons between experimental and
theoretical data for a complete strake- wing-body and for
its components, strake-forebody and wing-afterbody. The
theoretical results, called high- and moderate-a have already
been developed and outlined on figure 27. (Additional
modeling details can be found in reference 71.) For the
complete configuration (fig. 66) at M = 0.2 it is seen that
up t0 Cp, mee the measured Cy, data is better predicted by
the high-a method. Above the corresponding a, neither
theory appropriately models the Raw. It is also seen that
the two theories generally bracket the Ci» data, again up
t0 Cr, maez or VOrtex breakdown. The ability of these two
simple theories to do this is encouraging, in that they are
able to estimate collectively the general nonlinear Cy versus
Cr,ot Characteristics for this class of configuration. It

can be noted that the moderate-a theory may, in general,
estimate better the Ch, results than those obtained with the
high-a theory. This occurs because the moderate-a theory
produces a load center farther aft at a particular value of
Cr,0¢ €ven though this value is larger than the data at the
same angle of attack. The potential-flow curve is added to
the Cr,,zor Versus o plots for reference.

The wing-afterbody and st rake-forebody longitudinal aerody-
namic data and the high-a and moderate-a theories are given
in figure 67 for M = 0.2. Just as for the complete config-
uration, the individual data components are generally well
estimated by the high-a theory or a collective combination
of theories up t0 Cr, maz Or large-scale vortex breakdown.
What is particularly useful. is that the individual Cr com-
ponents are tightly brackered by the high-a and moderate-a
theories. The Cp, data for the strake- forebody are. in gen-
eral, reasonably well estimated by the two closely spaced
theories until the strake vortex begins to break down on the
sigake at the higher values of a. The spacing between the
two theories is larger for the wing-afterbody, with the data
tending to be generally on or above the estimates from the
high-a theory. This continues until the strake vortex be-
gins to break down, ahead of the wing trailing edge. From
this figure it is seen that, in general. this configuration has
its aerodynamic components better estimated by the high-a
theory. Lastly, note that at the higher angles ofattack the
wing-afterbody lift variations follow the potential curve even
though the flow is closer to a Helmholtz type.

Cambered-thick lifiing body and wing: A proposed hy-
personic research aircraft configuration composed of a




Tris DOCUMENT PROVIOGED BY THE ABBOTT Al

TECHNICAL LIBRARY

cambered-thick lifting body and a cambered wing is shown
in figure 68 (taken from Lamar, ref. 72). Several differ-
ent ways of modeling the various wing, body and aug-
mented vortex-lift effects developed on this configuration
at M = 0.2 were examined using the VLM-SA code. The
method which worked best in estimating the experimental
data was the one which only included the cambered-wing
leading- and uncambered-wing side-edge vortex-lift terms

- added to the potential terms - and is given in figure 69
by the solid curve. The VLM-SA computational model for
this configuration included the body and wing mean-camber
slopes, wing dihedral. but not thickness.

This representation is seen to be sufficient to well predict the
values of O and Cp, 0. A comparison of the results also
shows that reasonably goad overall lift and drag agreement
is achieved. However, both the Cy, and Cr, are only well
estimated up to an e of about 16°. For larger &’s, the
influence of the vortex system is evidently getting smaller
over the aft portion, most likely due to vertical displacement,
which causes the measured Cy, and Cy,, to decrease and
become more nose-up than predicted, respectively. However,
the overall results are quite encouraging given the modeling
of the configuration.

Cropped-delta-wing body: Figure 70. taken from reference
16, presents a comparison of the aerodynamic characteristics
obtained on a cropped-delta wing-body model tested at

M = 1.2 with the SA method results for the wing alone

at the same Mach number. The comparison shows that
inclusion of the leading-edge-, side-edge-, and augmented-
vortex-lift effects leads to improved agreement with the Cr,,
Cym and Cp measured results over this restricted a range.
The vortex flow contributions to Cy, are obtained by having
the respective lifts act at their centroids, and by performing
the analytic surface integration, both inside and outside

of the tip cone, of the product of the potential-flow lifting
pressure and its chordwise position. [All Cp curves have the
experimental value of Cp ¢ added in.]

Lateral

Steady: The QVLM-SA method, with allowance for leading-
edge vortex breakdown, has been applied to a cropped delta
wing by Lan and Hsu in reference 69 to determine the
lateral aerodynamic characteristics. Figure 71 shows the
agreement with the experimental results to be remarkable.
Lan points out that the inclusion of the side-edge vortex
terms is important to get this good agreement. (The steps
noted in the theory curves are due to the vortex breakdown
criteria - developed in this reference - affecting each side of
the model differently at a with 8 # 0, i.e., dependent upon
the local Row conditions present.)

Unsteady: Figure 72 shows results obtained by applying the
unsteady suction analogy of Lan (ref. 38) to the prediction
of oscillatory roll damping for a gothic wing. Shown are
experimental and theoretical data for Cg,, versus « for
reduced frequencies of ¥ = (w b/2U) = 0.75 and 1.20. The
theoretical results predict the experimental data quite well
primarily due to an appropriate modeling of the vortex lag

and convective effects. Note the reduction in roll damping
which occurs at high a's due to a vortex-induced effect.
This feature offers a possible explanation of the wing rock
phenomenon encountered by slender wings geometries
operating at those attitudes.

EFFECTIVENESS OF CONTROL DEVICES
General

Conventional control devices on aircraft may be effectivein
this a range if they have been properly integrated into the
dominant flowfield of the configuration. Alternatively, non-
conventional devices which work witb vortical flowfields
should prove effective. A few selected devices are examined
to illustrate these points.

Aileron

The rolling moment generated by a single trailing-edge
aileron tip-mounted onto a cropped delta wing is illustrated
on the left side of figure 73, taken from reference 68, as

a function of a. This aileron is immersed in the vortical
flowfield off the wing leading-and side-edges and at a 5°
deflection its effectiveness at generating rolling moment is
constant to the highest test a. Deflection angles higher than
5° were tested, but the growth in rolling moment does not
increase linearly with deflection. Therefore, the effectiveness
is degraded at the higher deflection settings.

Vortex-Flow Roll-Control Device

The vortex-flow roll-control device, in proof-of-concept
form, is also shown in figure 73. This device seeks to
develop useful lateral characteristics by generating flow
asymmetries through a planform geometry modification. In
particular, the intent of the geometrical change is to alter
the symmetrical flow situation by modulating the leading-
and/or side-edge vortex system on the raked-tip side and
by regulating the amount of area downstream of the tip
leading-edge on which the Vortex system has to act. The
experimental results in the middle of the figure show the
significant and linear, left-wing-down, rolling-moment
growth with a for a tip rake angle of 5°. Though zero
rolling moment is produced at zero deflection, the middle
figure shows the C; value for this device to first exceed that
of the aileron, just discussed, near a of 12"

The effect of increasing the tip rake angle at an a near

18°, shown on the right in figure 73, is also to produce an
almost linear increase in rolling moment. The results of

the preceding indicates a potentially useful device, which
would work best when both tips were deployed in the same
direction - either right or left, Another feature of this device,
though not shown, is that it produces either no-or a proverse-
yawing moment.

The potential theory curves shown here were determined
from combinations of symmetrical model analyses, and are
seen to account for only a small portion of the measured
rolling moment.
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Leading-Edge Vortex Rap

Rao and Campbell in reference 73 discuss many vortical
flow devices which can be used to manage this flowfield in
a useful manner. Among them are full-span or segmented
leading-edge vortex flaps which operate on the lower or
upper surface. The lower surface LEVF have already been
discussed in the design section, so the upper surface type,
shown in figure 74 (taken from ref. 73), will be considered
here. This figure shows a full-span LEVF and how it
functions at moderate and high a’s. Rao reports that at
moderate «'s “a vortex forms inboard of the flap whose
suction generates drag on the flap, but also increases lift
on the exposed wing area.”) [Rao actually used the term
“low”. but the term “moderate” is employed here for textual
consistency in this lecture.] Thus, the LEVF behaves very
similar to a thin, unflapped, highly-swept wing with a sharp
leading edge in the same a range. Whereas. at a high a
condition Rao notes that “a dominant vortex develops in
front of the flap while the inboard vortex tends to weaken;
the net effect being a thrust force.” This is a relatively
new Row feature, and therefore one which has not been
fully exploited. Since the local vortex flowfields behave
differently in these two a ranges, Rao suggests that this

device has ““potential applications in different flight regimes”.

Figure 75, also taken from reference 73, shows some poten-
tial uses of a segmented version of this device at high «’s.
The top sketch indicates how it can provide a drag reduc-
tion by deploying all four segments at a high lift condition
in order to get the thrust benefit off the front surface of the
flap. The middle sketches shows how pitch-up or pitch-down
can be managed by deploying only the rearward or forward
pair, respectively. By manipulating the flaps in this manner
the lift is maximized ahead of or behind the center-of- grav-
ity, respectively, giving rise to the associated moments. The
bottom sketches display how roll and yaw control can be ac-
complished through deployment of the devices on one side
only and a coupling of the right-front segment with the left-
back one, respectively. The right roll is produced due the
deflected flap vortex-system being farther outboard than that
for the undeflected side. The right yaw is associated with
the thrust on the deployed flaps being properly oriented with
respect to the center-of-gravity. These examples highlight
single degree-of-freedom motions, but it is clear that with an
appropriate-control-system and with properly sized flap seg-
ments controlled maneuvers about more than one axis at a
time are possible.

OST- "ALL-FLIGHT
'HA1 CTERISTICS

This chapter examines the problems of post-stall flight, or
flight at higher a’s. and offers some potential solutions. In
addition, the benefits associated with “dynamic stall” are
introduced and an engineering method given for estimating
the effects. Lastly, since Right at the higher a’s impacts
not only the aircraft aerodynamics but also the engine/inlet
flowfield, a brief discussion is given of ways to minimize
this effect.

PROBLEM STATEMENT

Aircraft operating at post-stall-flight conditions are suscepti-
ble to quickly occurring, unusual motions - including tum-
bling, spinning, coning, wing rock and nose slice. These
motions are caused by the flowfield around the vehicle be-
coming asymmetrical, unorganized and/or unsteady. Associ-
ated with the change in flowfield is a degradation in aircraft
control, primarily lateral, even at zero sideslip. This is illus-
trated in figure 76. taken from Murri and Rao (ref. 74), as a
loss in available yaw control at higher as just when the re-
quirement for control is increasing. The significance of the
flow/control changes, with respect to current fighter aircraft,
is better understood when one considers the evolution in de-
sign which has occurred for this class of airplanes in the last
50 years. In particular, these aircraft now have a substantial
portion of the vehicle ahead of the center of gravity, as re-
ported by Chambers (ref. 75) and shown here as figure 77.
The consequence of this is to make the aircraft very suscep-
tible to differential changes in the lateral flowfield over the
forward part of the configuration. [The reader is referred to
the two papers by Chambers (refs. 76 and 75) for a discus-
sion of high a effects ancl experimental solutions, in particu-
lar stall/spin, on fighter and general aviation aircraft.]

Apart from lateral solutions suggested by novel flow control
methods on an aircraft, it is still possible to use design
criteria for the “prevention of directional departure due

to either stability or control characteristics”, as noted by
Chambers (ref. 76). In particular, military aircraft are more
likely to be resistant to directional departure if both C“ﬁd
and the Lateral Cantrol Divergence Parameter (LCDP) are >
0. These criteria - defined in figure 78, are not absolutes but
should be viewed as a useful guide with which to examine
each new aircraft design because they are based on a large
collection of correlated data. Even if a proposed design fails
these criteria, there are still altemative solutions to address
the post-stall-Righl. problem.

POSSIBLE SOLUTIONS

Possible solutions to the problem of reduced aircraft lateral
control in this a range do not lend themselves well to
analytical treatment with a resulting mathematical approach.
Therefore, the engineering method to use is that of an
experimental process, like that depicted in figure 79 -
taken from Nguyen and Gilbert (ref, 77). A successful
pass through this process would be one in which potential
problems are identified early on and solutions verified.
This section, therefore presents some possible solutions to
this problem through either novel aerodynamic or powered
devices.

Aerodynamic Devices

Several novel devices have been studied which offer the
potential to increase the lateral control at the higher a’s. The
ones presented in this section work to control the relatively
small nose vortex on the long forehody, and are called

nose devices. Some of the devices discussed previously,

e.g., vortex- lift roll control device and LEVF (plus others
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presented in reference 68}, should also be considered for
flight control in this a regime.

The nose devices considered include an actuated forebody
strake, jet blowing, tangential slot blowing and jet suction,
as shown in figure 80. taken from reference 77. Though
different in activation, all seek to change the local fluid
mechanics in such a way that the nose vortex on one side
of the forebody will be closer to the surface than on the
other. One can view this as removing vortex symmetry. The
closer the vortex is to a surface the more “suction force”

it generates and the larger the yawing moment from that
side. Figure 81, taken from reference 77, shows the results
from one of these devices. Note how effective the actuated-
forebody strake deployed on the left side of a generic model
is at generating a nose right yawing moment. The effect is
seen to increase with strake deflection and to peak between
40° to 55°, depending on the deflection.

Thrust vectoring

Thrust vectoring has been employed for many years on the
Harrier aircraft to provide total lift at zero (and low forward)
airspeed, lift enhancement during “ski-jump” takeoff and
flight, and in-flight thrust reversal. Since this aircraft can
“fly” at low airspeed, there is a need to augment the aero-
dynamic controls with a dedicated reaction control system
(DRCS). Without a requirement for flight at zero air-speed,
the need would no longer exist to have the engine thrust
vectored (deflected) near the aircraft’s center-of- gravity

nor for a DRCS. In particular, if the nozzles are located in
the region of aircraft rear closure, as in a conventional en-
gine arrangement. this puts the thrust in a logical location
far its deflection in order to provide effective longitudinal
and/or lateral control. The preceding is the current focus in
thrust-vectoring research where the deflected thrust is to im-
pan some, if not all, of the needed aircraft control at «'s
for which conventional aerodynamic controls are ineffective.
The importance of this focus is reflected in the current flight
research programs utilizing the F-15 SMTD, E-18 HARV
and X-31 aircraft.

Figure 82, taken from reference 71, illustrates how a rudder,
deflected 30°, becomes increasingly ineffective at generating
yawing moment as a is increased. This is caused by the
rudder flowfield not experiencing free air, but instead being
exposed to increasing amounts of “the low energy separated
wake” which comes from the wing and fuselage, as noted by
Nguyen and Gilbert. Figure 82 also shows the contribution
to yawing moment due to thrust vectoring at 10° yaw and
maximum power. It is interesting t0 note that this effect

is only weakly dependent on a. In order to minimize fuel
burned during a maneuver, it would be beneficial to have
the yaw-control- transition occur gradually from being

fully dependent on the rudder at lower «’s to being fully

dependent on thrust vectoring at the higher a’s - in a manner

similar to that depicted by the idealized, aero-yaw-control
curve.

The blending of aerodynamic controls, deployment of novel
aerodynamic devices and engine thrust vectoring over a wide
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a range is an active area of controls research.

[The reader interested in learning more about the aerody-
namic and non- aerodynamic reasons for using thrust vec-
toring is referred to the comments by Poisson-Quinton in
reference 781

DYNAMIC STALL

There is another aspect of flight in this flow regime that can
well have a positive benefit. It is called “dynamic stall” and
is associated with a pitching motion, in which the slender
configuration reaches a given a rapidly before the vortical
flowfield can change character, e.g. breakdown. This can
occur because the vortex system has a hysteresis response
during a pitching motion, as noted by Lowson (ref. 79),

and leads to the phenomenon known as vortex lag with it
attendant effect of keeping the vortex system coherent to a
higher a. All this can lead to aerodynamic forces/moments
in excess of the static values. The study of “dynamic stall”
effects has received increasing emphasis in recent years by
many researchers, not only because of its positive effects hut
there are concerns of its impact on higher-a stability and
control of flight vehicles. See, for example, the papers by
Naumowicz et al. (ref. 80), Brandon and Shah (ref. 81) and
Nguyen (ref. 82).

Ashley et al. (ref. 83) have put together a simple empirical
theory to estimate the Cy and Gy, effects of sinusoidal
pitching - a motion of (—cos$¥) between 0 and 90° -

on low aspect ratio wings. The key ingredients are to keep
track of the fluid physics and an unsteadiness parameter they
call K, which is related to the circular frequency and the
maximum of de/dt. Their analysis follows. “The wing’s
normal aerodynamic force per unit chordwise distance is
assumed to consist of three parts: (1) a portion determined
from the rate of change of crossflow momentum, as in
slender wing theory, but with slabs of incompressible fluid
oriented normal to the wing surface at a:{2) a portion
calculated on a quasi-steady basis by rotating the leading-
edge suction through 90° (Polhamus, ref. 18) and (3) a
portion dominant at the higher a’s and found hy crossflow-
drag considerations. In the range of &’s where instability is
present above the wing, the first two pans are assumed to
act only ahead of the point zgp. The third part acts only
behind that station and is proportional to Cp, sin? a,where
Cp, is taken to be the measured drag (or normal force) at a
= 90°. For pitching a(t) about an axis fixed at the two-thirds
chordline [er], the normal force and moment about that axis
are” given as:

_ T (zpp\?_1 o afa
Cy = 6( ” ) tanA{631112(1 8(cvep/ V) cosa

+ 16(éep/V)(zpp/cn) cos e
+ (&}/Vh)i3(erp /o) — 8zD/ w0}
T 2
6sinA (m::gTD) {6 sin’ a
+8(&co/V)[(zaD/0) — 1) sinax
+ (&co/V)*[3(zp/ec0)’ + (8/3) — (16zpp/3c0)]}
+ Cp, Jsin® o + (1/18) (ceey/ V)?]
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and
Cm = = 2n(agp/eo){eo/e) A [(z5p/ o) ~ 1 sin 20

+ (@eo/V)B(zap/0)? ~ Hzpp/co) + (4/3)] cos e
+ (& /VH(3/5)(zp/0)® — (zBD /o)
+ {4z pp/9c0)]}

B (BS;;.A) ("’5_2;?_)2 (%q) {4l(zpp/ca) — 1]sin’

+ {aeo/V)[8(xBD/e0)® — (162D /3c0) + (8/3)] sincx
+ (&g /V)*[-(16/9) + (162 5p /3c0) — 6(zpp/c0)”
+ (12/5)(zpp/c0)®]}

— Cp,(co/E){(1/9)(éeo/V ) sin o — (1/135)(éeg/V)?}

Figure 83, taken from Ashley et al. (ref. 83). shows mea-
sured and predicted results at a value of K = 0.04 where
the Ci,, has been corrected to be about 77% c». They note:
“The fair agreement between corresponding plots is clear.”
[Only one shown here.] “One can perhaps conclude that this
very elementary attempt reproduces quite well that qualita-
tive behavior of the airloads and might serve as the basis of
methods for preliminary-design estimation on lifting surfaces
of supermancuvering aircraft.”

ENGINE/INLET

In order to minimize the pressure or Mach number distortion
across the face of an engine or inlet, a successful integra-
tion with the airframe is needed, This is especially true for
fighters and is done by taking into account, early in the de-
sign cycle, the flowfield in which the inlet is to be immersed.
Perrier (ref. 84) illustrates this process on the Mirage 2000
where with forebody reshaping alone flowfield distortions
were reduced 30%. Beyond reshaping, Leynaert (ref. 85)
shows how the fuselage-boundary-layer flowfield can be kept
out of the inlets through diverters (as for the Rafale, F-111A,
ete.), splitter plates (as for the Rafale), or bleeds (as for the
YF-17 or FIA-18). At high «’s, minimizing the distortions
becomes more difficult because of flow separation which can
occur at the inlet lip.

Leynaert notes that for a fixed sharp-inlet-lip there are at
least two basic solutions: either add vortex generators to
control the separated flow in the inlet duct or bleed the
boundary layer at the lip. as per Concorde. For movable
inlets. there is a potential weight/mechanism problem but
also a significant benefit. This benefit is documented in
figure 84 for the auxiliary- door device, along with two
other types of movable inlets. The rotating cowl lip (or cowl
lip droop) has also been studied. as reported in a summary
by Nguyen and Gilbert (ref. 77). and the results shown in
figure 85. This figure shows the measured improvements in
pressure recovery, average turbulence and distortion obtained
by increasing the cowl lip droop angle at the higher a’s.

CONCLUDING REMARKS

This lecture focuses on aircraft high angle-of-attack aerody-
namics with their attendant vortical flowfields. In order to
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perform analytical or experimental work in this a range, it

is imperative that ihe fundamental features of the dominant
flowfield be well understood. Therefore, an extended discus-
sion concerning how these flowfields form, grow and decay
has been given. This was followed by a representative sam-
ple of various analysis methods used to predict the effects

of vortical flow, along with examples of each. The methods
presented include the suction-analogy with extensions, free-
vortex-filaments, free-vortox-sheet, and modeling of the Euler
and Navier-Stokes equations.

Vortical flow can also be used in the design process using
engineering methods. Four examples have been given which
include a complete wing, a portion of a wing and leading-
edge vortex flap systems. Each of these was subsequently
analyzed or analyzed and wind-tunnel-tested. Upon exam-
ining the aerodynamic results, the conclusion is reached that
the salient flow features have been captured in the design
process.

Stability and control in this a range has been examined with
methods which employ the suction-analogy with extensions.
The result of which is to establish that these methods are
able to make reasonable and quick engineering estimates

of both longitudinal and lateral global characteristics as

long as the vortex system is coherent, and sometimes even
beyond overall coherency. A general rule is that once
large-scale vortex breakdown occurs, the experimental
procedures with their emphasis on a sequential process
and/or redundancy should currently be viewed as the method
of choice, provided all of the test parameters and length-
scales are well understood. Novel control devices, such

as forebody nose devices which utilize vortical flows and
which (as of yet) have nor been modeled analytically, have
been shown to make a significant contribution to the lateral
characteristics in the higher-a range or post-stall flight-
regime. Thrust vectoring is also shown to make a significant
contribution in this a range where conventional lateral
control surfaces fail.

An engineering method, which also employs the suction
analogy, is providad to estimate the normal force and
pitching moment of delta wings undergoing dynamic stall.
Though exact agreement is not achieved with measured
data, this method does capture the qualitative behavior of
the loadings.
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Fig. 9. Leading-edge-suction distributions and a for
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Fig. 13. Effect of supersonic Mach number on Cy for
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Fig. 15. Similarity for computational solutions for thin

delta wings; M = 0, K/4 = tana/A.
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Fig. 31. Kulfan's method of predicting vortex normal
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Fig. 32. Carlson's method for predicting residual
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Fig. 33. Free vortex filament methods.

¢ ABBOTT

TECHNICAL LIBRARY

6-31
P o Experiment
o\o Theory
- L
©
,O X/cr =08
L
vis 1.0
T BB N =
e TN T or= 086
Iy / 2
S Ll ]j
A
Shock—~ _____ Mach contours
Free-vortex sheet
Captured shock
Ref. 43.

Fig. 34. Typical free vortex filament solution; A = 1.5
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Fig. 36. FVS solution; A = 1delta, M = 0
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Fig. 37. FVS solution steps and camber representation.
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Fig. 43. Thin layer N-S solution; A = 1delta, M =~ 0,
R, =0.95x 10"
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Fig. 44. Incidence distribution for cranked cambered
wing.
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Fig. 45. Cranked wing mean camber shapes; A = 1.383,
CL,d = 0.5,Md = 0.9, ea=0.7.
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Fig. 46. Longitudinal aerodynamic characteristics for
designed transonic-maneuver wing; A = 1.383,
Arp = T76.6°/66.6°, Crq = 050, Mg = 0.90,
VLM-SA.
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Fig. 47. Edge force recovery on transonically cambered
wing; M = 0.85.
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Fig. 48. Effect of flow type on transonically cambered
wing; M = 0.85.
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Fig. 49. Restricted-area-design camber surface for 60°-
swept trapezoidal-wing fighter; Crgq = 0.73,
Cma= —017,M =05, R, = 2.9 x 10°.
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Fig. 50. Fitting of fiap surfaces to wing-design surface.
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Fig. 51. Theoretical and experimental data for 60°-
swept trapezoidal wing fighter; M = 0.3,
Rp = 1.9x 108, §rp 4 = 15°/20°, 67, = 15°/12°
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Fig. 52. The vortex flap concept.
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Fig. 53. Vortex flap history; transonic aerodynamics.

Fig. 54. F-106B with leading-edge vortex flap in flight.
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Fig. 55. Analytical vortex flap model with design vari-
ables.
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Fig. 56. Supersonic design method flow -chart using
analysis-optimization process.
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Fig. 57. Initial and final vortex flap design results for
the F-106B; Mg = 1.5,Cp 4 = 0.223.
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Fig. 58. Performance of VF-DO1 with VF-D4 on
F-106B at M = 1.5.
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Fig. 59. Assessment of longitudinal aerodynamics for
two vortex flaps F-106B at M = 0.3.
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Fig. 60. Longitudinal aerodynamic characteristics of a
60° delta with round LE; A= 2.31, M = 0.
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Fig. 61. Lift characteristics of pointed wings.
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Ref. 28. Fig. 65. Suction analogy applications to configurations;

Fig. 62. Effect of Mach number on augmented vortex M = 0.3.
lift and pitch; diamond wing, A = 0.943, A = 74°

_____ Potential theory Potential + (LE + Augmented) o Experiment

—-— Potential theory. vortex lift 4 ----- Potential
h theory
+ L E vortex [ift O Exp. . _6—_ ~—~-— Moderate « vortex lift theory

- - — High o vortex lift theory
18+ M, =04
C =8
4
0
0
-
Ch -2
-3 . -8
a4 1 L | 0 8 1624 32404856 “0 4 8 12 16 20
0 12 24 36 @, deg CL et
a, deg o, deg
Ref. 68.
Ref. 28

) Fig. 66. Complete longitudinal aerodynamic charac-
Fig. 63. Effect of Mach number on augmented vortex teristics for strake-wing-body; strake AD 24, A = 44°,
lift and pitch; arrow wing, A = 1.463, A = 74° M =0.2.
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Fig. 64. Longitudinal aerodynamic characteristics for Fig. 67. Component longitudinal aerodynamic charac-
cranked wing; A = 1.1G; A = 80°/85°, M = 0, teristics for strake-wing-body; strake AD 24, A = 44°,
VLM-SA. M =0.2
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Fig. 70. Aerodynamic characteristics of a cropped delta Fig. 73. Roll-control device effectiveness on cropped
wing body; M = 1.2. delta wing, M = 0.2.
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Fig. 75. Hypothesized application of segmented up-
per vortex flaps for drag reduction and aerodynamic
control at high angles of attack; filled segment denotes
deployed.
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Fig. 76. Typical yaw control requirements for maneu-
vering.

¢ ABBOTT

INICAL LIBRARY

Ref. 75.
Fig. 77. Fighter design evolution
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Fig. 78. Criteria for elimination of directional diver-
gence for fighter airplanes; military airplanes.
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Fig. 79. High-o aero development process.
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Fig. 81. Generic modelresults.
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Fig. 83. Aerodynamic characteristics during pitching
motions: A = 1ldelta, M = 0, K = 0.04.
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AIRCRAFT DRAG
ANALYSIS METHODS

by
Charles W. Boppe

Grumman Corporation
Aircraft Systems Division
Bethpage, NY 11714

ABSTRACT

A collection of aircraftcomputational drag analysis methods and Yi/Vo —  Required Inlet Velocity Ratio

drag reduction techniques has k e n prepared for the AGARD P - Plate Force

Fluid Dynamics Panel Special Course on "Engineering Methods q - Dynamic Pressure

in Aerodynarmic Analysis and Design of Aircraft." Pressure, X1,X2 -  Length Scales

skin friction (viscous), wave (compressibility), lift-induced MFR - Inlet Mass Flow Ratio

(vortex), interference (multiple components, multiple flow Vol - Volume

fields), throttle-dependent(inlet and exhaust plume), and trim R —  Correction Factor

drag source predictions are included. Background information Log - Logarithm

on complementary handbook schemes and empirical data is In - Natural Logarithm

provided. The needto establish a computational drag prediction p - Density

experience base is emphasized and illustrated. Project-type Ai,An - Fourier Coefficients

applicationsare described in which these drag prediction tools A ~  Wing Sweep Angle

have been implemented for drag reduction processes. The paper h Wina T Rati

concludes by summarizingthe role played by computerized drag a Ing . aper Ratio

prediction methods in aircraft design programs. ff Effectl\_/e . . .
x/1 - Non-Dimensional Axial Location
B —  BoatTail Angle

NOMENCLATURE H —  Height
NACA -~  National Advisory Council on Aeronautics

CF; - Incompressible Friction Coefficient SLOR - Single Line Over-Relaxation

CFc - Compressible Friction Coefficient &+ - Boundary Layer Displacement Thickness

v - Velocity e —  Thickness-to-chord ratio

d —  Derivative D - Drag

Cp —  Pressure Coefficient U —  Free-stream velocity

r -  Load Distribution (CC#/Cavg), Circulation Cioc -  Local Chord Length

c - Chord Cava -  Average Chord Length

Y —  Span Position Cop —  Profile Drag Coefficient

L ~  Lift LE - Leading Edge

Di - InducedDrg e -  Shockwave Angle

Ci - Local Lift Coefficient y N Ratio of Specific Heats

- Angle-of-Attack E —  Surface Local Orientation Angle

Downwash Velocity
Mach Number
Critical Pressure
Reynolds Number
Drag Coefficient
Lift Coefficient

Lift-Induced Drag Efficiency Factor
Lift-Induced Drag Coefficient

Suction Parameter

Aspect Ratio

Leading Edge Flap Deflection
Trailing Edge Flap Deflection
Canard Deflection Angle
General Aviation Wing

§7/s} —  Length/Diameter Ratio
NPR - Nozzle Pressure Ratio
—  Zero-Lift Drag Coefficient
C - Chord
G - Centerline
T —  Temperature
AS - Area
L -~ Length
| - Non-Dimensional Span Location y/b/2
b - Wing Span
Vi/Vg -  Calculated Open-Inlet Velocity Ratio
Vo/¥o -  Calculated Closed-Inlet Velocity Ratio

INTRODUCTION

Aircraft design has evolved over the past century into a process
requiring increasing levels of sophistication to meet
requirements for expanded speed/altitude envelopes and
flexibility with improved cruise efficiency and combat
maneuvering performance. Over a large portion of this period,
inventors and designers combined good engineering practice
with sub-scale testing programs to develop a vehicle for full-
scale flight evaluation. Aviation history reveals successes and
failures that were for the most pan determined by the quality of
the vehicle engineering design effort.

Following close behind basic stability, control, and handling
qualities, performance derived by maximizing thrust and
minimizing aerodynamic drag often makes or breaks a new
design concept. Prediction of aerodynamic drag forces poses a
formidable challenge. Elemental flow physics driving viscous
and pressure resistance components can be quite complex. In
addition, there is an extraordinary number of ways in which the
elements can interact and combine toproduce the total drag
force. References 1-11 provide useful insights into the
complexity of drag prediction problems. Full-scale aircraft drag
prediction errors of 10-20% have occurred in the past; this is
often not within the range needed for success.
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One problem faced by the designer is that there is a large gap
between conceptual/preliminary design "handbook" methods
typically used to rough out a new configuration, and the sub-
scale model testing typically used to generate the first true
performance estimates. This gap exists in the form of modeling
fidelity and time, so it is usually beneficial if certain key
configuration characteristics are not locked-in before suitable
testing and interpretation efforts are completed. It is well known,
however. that sub-scale testing in wind tunnels can occasionally
mislead the designer. In these cases, the problem can usually be
traced back to testing anomalies caused by wall interference.
flaws in simulating viscous effects. model geometry fidelity. test
procedure errors, and support interferencelfouling.

Over the past 20 years, computerized flow simulation methods
have evolved. Applications on aircraft programs have for the
most pan focused on the prediction of pressurelvelocity
characteristics, lifting forces and moments, and boundary layer
parameters. But these methods can also provide drag force
predictions. If the applications engineer is careful in modeling.
and can take advantage of a computational prediction experience
base, multiple benefits are possible. On one level, computational
predictions serve to bridge the gap between simplistic handbook
methods and initial model testing results. When anomalies
between sub- and full-scale testing are observed, computational
predictions can be used to judge which is correct (a third
source). Finally, computational methods provide a means for the
design engineer to better understand the flow mechanisms that
generate drag forces. This is particularly valuable for
applications that radically depart from past design experience.

This paper describes the current practice used in computational
drag prediction for different types of aircraft drag sources. The
examples included should provide a foundation or experience
base that could prove useful in future applications.

BACKGROUND

Understanding the various sources of aircraft drag becomes
important since the designer or applications engineer must select
the proper computational tool for the job at hand. At present, no
single method is capable of simultaneously treating all drag
components that are typically of interest. In addition, no single
method is capable of mating a complete aircraft configuration
with sufficient accuracy for all drag analyses that might be
required. In view of this, it is reasonable to expect that a number
of methods will be implemented with the results being combined
using a component build-up approach. To ensure that there is no
misunderstanding about the character of different drag Sources, a
ponion of the Background section will be set aside for
descriptions and definitions.

Drag Source

Viscous or skin friction drag is derived from the flow field
shearing stresses in a region of reduced velocity near the aircraft
surface. The resulting zone of velocity impairment, or boundary
layer. has been sketched in Fig.1. Total pressure losses
atuibuted to this drag mechanism can be measured in the wake
downstream from the component of interest. Viscous drag can
be affected by altering the boundary layer flow characteristics;
this is usually accomplished by manipulating the extemal flow
field pressure gradients. The pressure environment might also be
amenable to propagating a laminar boundary layer that is thinner
than a turbulent layer with an attendant reduction in viscous
drag. Also, turbulent boundary layer viscous drag levels might
be reduced or even approach zero in local regions if the
boundary layer surface velocity and velocity gradient are very
small (CF=0); but this is strictly me only for two-dimensional
flows. It is possible for the boundary layer velocity to be
negative. When this happens, the resulting separated flow region

(Fig. 1) gives rise to another drag component: pressure drag. It
should be recognized that viscous drag is unique in that it is the

only drag source for which the force-generating mechanism acts
tangential to the surface. All other drag sources are derived via
the integrated effect of normal pressures.

Pressure or form drag is € "normal-pressure™ type drag —the
origins of which can be traced back to multiple Sources. In the
simplest case, pressure drag (or thrust) is generated any time the
normal pressure integration is non-zero. Figure 2-A depicts the
most common occurrence using a symmetric body-like surface
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in a uniform onset flow. The resulting symmetric pressure
distribution (nose to tail) is shown below the body. A third
illustration shows the pressure vectors acting on the surface.
Below that, the integrand to be summed to quantify the drag
force can be seen. In this symmetric flow case, the pressure or
form drag force is zero because the forward and aft components
exactly cancel each other. Aircraft flows of this type do not exist
for most applications. Typically, for body and wing shapes a
flow separation region will develop aft, as depicted in Fig. 2-B.
Theresult is that pressure symmetry is compromised and
afterbody pressure recovery levels are weakened with an
attendant drag increase. Form drag becomes more complex at
high speeds and at lifting conditions as other drag mechanisms
interact and affect the normal pressure field.

Lift-induced drag is derived from the production of lifting
forces, predominantly on the wing and tail/canard surfaces. Any
surface with positive lift (including body forms) will be
characterized by lower pressures on the upper surface than on
the lower surface. As a result, lower surface flow tends to move
outboard toward the surface tip, while upper surface flow moves
inboard toward the centerline (Fig. 3). This flow mechanism is
the simple result of flow migrating from a high-pressure region
to a low-pressure region. At the end of the surface, these cross-
flow velocities from the upper and lower surfaces combine with
the free-stream flow to form a vortical flow that is particularly
strong near the surface tips or outboard regions. It is well known
that the vortical flow character is dependent on the lifting
surface load distribution.

Tiy)

i Y

MRI1-8420-054

ig. 3 Lifting Surface Upper/Lower Flow Pattern with
Load Distribution

7-3

Wake vomcal flow alters or induces flow velocities on the
lifting surface. Most important, an upwash/downwash field can
be identified (Fig. 4). When fully integrated, a net downwash
exists that combines with the free-stream velocity. The resultant
onset flow that the lifting surface "sees" is rotated, and the lift
vector rotates with it. The component of the lift vector facing aft
forms the induced drag force. Swirling flow carries energy
downstream in the lifting surface wake.

s ot

..:MHL\‘—\"H;‘L

L
.

MRS1-6426-083

Fig. 4 induced Upwash/Downwash Field with
Rotated Lift Vector

Wave drag develops as a result of differencesin the
compressibility of airin subsonic and supersonic flows. A one-
dimensional isentropic flow model reveals that a streamtube
contraction will accelerate flow moving at subsonic speeds,
while at supersonic speeds the flow will be decelerated. The
opposite is true for a streamtube expansion, i.¢., a subsonic flow
will slow, while a supersonic flow will speed up in an expanding

streamtube. Airflows ab ut aircraft wing and body components
form streamtubes with combinations of contractions and
expansions.

At high subsonic speeds (beyond M = 0.7 - 0.8, depending on
the configuration thickness and lift level), flow expansions
might create a supersonic flow "bubble™embedded in the
subsonic flow. If the bubble flow gains sufficient supersonic
speed, a flow discontinuity (or shock wave) will permit flow
parameters to retum to free-stream values. Through a shock
wave, flow properties (pressure, velocity vector, density, and
temperature) change abruptly with an accompanying loss of total
pressure downstream (Fig. 5-A). At supersonic flight speeds, a
wing or body component will exhibit an may of shock waves
and expansion or Mach waves (Fig. 5-B). Shock waves and the
resultant effect on the aircraft wake can extend far into the flow
field ab ut the aircraft. This extent is depicted in Fig. 6 where
vapor condensation about an F-14 flying at supersonic speeds
can be seen. Figure 7 reveals that shock wave flow
discontinuities can be large enough to disturb a water surface
some distance from the aircraft.

The drag mechanisms discussed up to this point are fundamental
in the sense that they cannot be broken down into simpler
elements. A number of drag sources, however, are derived from
combinations of fundamental drag mechanisms. Interference,
throttle-dependent, and trim drag are examples.
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Fig. 5 Sources of Wave Drag at Subsonic &
Supersonic Speeds (Ref. 16)

Interference drag takes myriad forms. The nature of the
interference might be of a component or flow field type, but in
all cases, a flow velocity disturbance is responsible for the drag
force. An example of a pure flow field disturbance would be that
of a wing immersed in the slipstream of a propeller. Dynamic
pressure would be increased in the slipstream wake. In addition,
a swirling flow generating an upwash on one side of the hub axis
and a downwash on the other alters wing loading. At very high
subsonic speeds (i.e., propfans), this interference effect will
dramatically change the wing shock wave pattern. It can be
appreciated by using this example that interference drag can
easily have viscous, pressure, lift-induced, and wave drag
components; this greatly complicates the prediction process.

RG1-5426-058 ]

Fig. 6 Extent of 1-14 Shock Wave Pattern at
Supersonic Speeds

R91-6426-100

Fig. 7 Interaction of Aircraft Shock Wave with
Ocean Surface
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More common examples of interference drag can be found with
interfering multiple body or wing and body components. Figure
8 shows the viscous flow near a component surface where a pod
or some other body form has imposed a flow disturbance
composed of both favorable and unfavorable pressure gradients.
The effect is a weakened viscous layer that increases the
probability of flow separation. Here, both viscous and pressure
drag levels will be affected. Wave and lift-induced drag
variations will occur if this type of interference exists on a lifting
surface at high speeds.

Figure 8 provides another example of interference drag. Aircraft
component junctures often present problems because a boundary
layer flow along one surface, such as a fuselage, is often pooriy
conditioned to deal with a stagnation point (zero velocity) that
might be imposed by a second surfacejuncture {e.g., & wing or
tail surface leading edge). At this second surface stagnation
point, the flow is likely to separate if proper fairings have not
been implemented. A separation patch is one possibility, but
another potential phenomenon is ajuncture vortex. Interference
drag levels are often reduced by proper fairings or fillets but the
designer must minimize the use of these surfaces considering the
drag penalty associated with additional wetted area.

Throttle-dependent drag is generated by disturbances
predominantly near the inlet face and exhaust nozzles.
Considering inlets, the engine flow rate will determine the level
of inlet spillage. This in turn establishes the level of suction
forces on the inlet face which may not be negligible for thick
inlets with large nose-radii. High levels of spillage might induce
inlet flow separation. This problem is aggravated when design
requirements dictate very small inlet leading-edge radii. In
addition, spillage flow will interfere with wing circulation if the
inlet face is near a wing surface. Nozzle flow fields are more
complicated. Figure 9 is a schematic showing the elements of a
typical nozzle flow. Key here is the plume entrainment region

SEPARATION
POINT

DIVIDING
STREAMLINE

STRAKELET

MR31-8426-054

Fig.8 Examples OF Component Interference Effects
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and potential flow separation region at the boattail trailing edge.
Thrust variations will alter the external flow entrainment and
possibly the separated flow region. At high speeds, a shock
wave may exist on the boattail region with throttle changes
causing the shock to migrate forward and aft. Mechanisms that
alter afterbody pressure levels are important because of the
relatively large surface vector component in the axial (or drag)
direction.

Trim drag evolves from the need to keep the aircraft in
equilibrium during cruise and maneuvering flight. 1t should be
apparent that a rimming surface will always generate a
component of lift-induced drag; but at high-speed conditions,
wave drag penalties might also appear. For a conventional tail-

to-trim design (Fig. 10-A),the tail surface generates a down-
load requiring the wing to produce additional up-load for a given
total lift level. The increased lift might result in a measurable
wave drag increment at transonic conditions if the untrimmed
isolated wing was designed to be optimum at the total lift level.
Trimmed, the wing must now operate above the design lift level.
For a canard-to-rim configuration (Fig. 10-B), a positive load to
trim might eliminate this penalty, but the designer must ensure
that the canard downwash field does not impair loading on the
main lifting surface downstream. If it does, the rimmingdrag
might include both lift-induced and wave drag components.

Computational Prediction Problem

It was noted in the Introduction that there are a number of
factors that must be accounted for if sub-scale testing is to

SHOCK WAVE BOUNDARY
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_ﬂ___,_’/
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Y
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JETEXHAUST
PROFILE

MR91-6426-063A

Fig.9 Elements of Compiex Nozzle/Plume Interaction
Flow Fields
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(A) AFT TAIL CONFIGURATION
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{B) CANARD CONFIGURATION
R91-5426-062A

Fig. 10 Balance & Trim for Conventional Aft-Tail &
Canard Configurations
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provide useful drag measurements for performance estimation.
The test engineer must also monitor power input during powered
propulsion-type tests because drag measurement errors combine
with power input measurement errors to yield a total uncertainty
in resultant drag forces. Flight testing presents similar problems
in that the engineerintert on establishing vehicle drag levels
often has less control over flight condition variables such as
speed, angle-of-attack, and cue engine thrust level than he
would in the wind-tunnel. Flight condition parameter accuracy is
another important issue. Like sub- and full-scale testing. the
determination of drag forces via computational methods presents
a number of difficulties. Some of the more imponant Droblems
are described in the paragraphs that follow.

Recalling Fig. 2-A, it can be appreciated that drag forces are
predominantly established by summing the effects of normal
pressure fields. The nose and tail portions of the body or wing
component conmbute disproportionately to drag because of
normal vector orientation. That is to say, pressure anomalies in
the mid-section often register little effect on drag, while
disturbances forward and aft can have surprisingly large effects.
But numerically, this characteristic magnifies another problem.
Considering the integrand shown in Fig. 2-A. the drag force
could be characterized as a relatively small parameter computed
by taking the difference between two larger parameters, the
integrated force dominating either end of the configuration.
There is considerable room for error in this process because the
high gradient nose and tail regions are often compromised by
modeling resolution constraints inherent in the computational
scheme employed. In addition, complex physical flow
phenomenology characterizing these regions is approximated, to
some extent. by flow simulation methods in use today. Finally,
small flaws in grid or surface modeling at the nose or tail can
generate numerical anomalies that register a sizable error in the
drag level while revealing no apparent discrepancy in lift and
moment characteristics. It can be appreciated why the
developers of computational methods rarely describe the
correlation of computational drag predictions with test data.

Another problem associated with computational drag prediction
deals with the extraordinary differences in scale that characterize
aircraft components. Table 1summarizes what is often identified
as elements of a configuration's excrescence drag. These
numerous small vents, drains, probes, and antennas would
require computational modeling resolution orders-of-magnitude
smaller than that currently in practice today. Simultaneously
modeling the global and derailed elements of complete aircraft
would be impractical given current computer technology and
charging algorithms. Compounding this issue is the fact that all
micro-physical phenomenon responsible for drag are not fully
understood. In view of this and the point made earlier (that no
single computational method is currently capable of treating all
drag components for a complete configuration) it becomes
apparent why the applications engineer is often able to predict
drag increments or decrements using computational methods,
but the determination of absolute drag levels is not possible.

This problem of scale and current computing hardware
limitations was underscored by NASA-Ames researchers (Ref.
12) who computed the smallest eddies found in a turbulent
channel flow at a Reynolds number of 10,000 using a Navier-
Stokes formulation. Fifty billion grid points were required for an
analysis that reached a steady state after 2000 time steps. This
can be compared to a typical Reynolds-Averaged Navier-Stokes
analysis currently applied for aircraft applications where the grid
system point count might range between 100,000 and 300,000
points. The time step count might be 500 to 1000.

Table1 Typical ExcrescenceDrag
ANTENNAS (EXTERIOR})

1 BLADE (APR-27) 10.32 IN?

2 BLADE (AN/APX73) AS1918/AR TACAN) 44 IN 2
1BLADE (F-111)32 N2 | =30"

1ALQ-XXX DECM POD (F-14)

4 BLADEPDS 8 IN.2 EACH

2 ECM PODS {F-111) TAILUWING

LIGHTS & PROBES

2 PILOT STATIC PROBES
2TOTAL TEMP PROBES

1 A-0-A TRANSMITTER

2 BALL NOSE ALPHA PROBES
24 STATIC IDISCHARGE PROBES
1NAVIGATIONLIGHT
1ANTI-COLLISIONLIGHT

MISCELLANEOUS

1 WINDSHIELD RAIN REMOVAL
ACCESS DOOR HINGES
1 ARRESTING HOOK

OPENINGS

1 = POD

1 BLEED W\LVE 2 IN —451N,

2 ENGINE DRAINS

18 WATER/FUEL DRAINS 1/ — 5/8 IN. DIA

5 FUEL CELL VENTS (FUSELAGE)

2 REFUELINGSUMP DRAINS

2 ECS GROUND COOLING LOUVERS

2 OIL BREATHERS 14 HOLES@ 3
COCKPITSAFETY, GUN GAS —-GAS PURGE

1 AMMO VENT, 1-COCKPIT EXH

2 OIL COOLER, 2 ECS EXH

2HYD OIL COOLER SCOOPS

2 ENGINES8 IDG OIL COOLER

1 EPU INTAKE 8 EXH LOUVER

1 APU INTAKE& EXH LOUVER

2 BLEED AIR HEAT EXCHANGER

TV91 6426081

Aircraft Development Process & Computational Method
Types

The aircraft development process (Fig. 11) involves a sequence
of steps or design phases that is initiated by a customer
specification for mission requirements and point design goals. In
Conceptual Design, the configuration is "roughed out" using
relatively simple tools and techniques. The emphasis here is
usually on rapid tum-around. Handbook methods. experience
bases, and the simplest analysis methods are typically brought to
bear. For Prelimirary Design, the engineering team must firm up
the aircraft external contours. This stage requires both wind-
tunnel testing and computational flow simulations as aides in the
optimization process. The computations and sub-scale testing
(both simulations) attempt to reproduce what will eventually
happen in flight. The objective is to minimize design risk
because anomalies identified during a flight test program are
often quite expensive to resolve. The next stage, Derailed
Design, is characterized by the engineering team packing the
aircraft interior spaces with actuators, hydraulics, crew station,
propulsors, etc. In the final stage, one or two aircraft are
manufactured for flight evaluations. At this point in time,
computational flow methods can play an important role in
resolving flight test anornalies because it is often impractical to
re-enter the wind-tunnel on very short notice.

The engineer's task of selecting the proper method for a
panicular stage of development and a specific design objective
is extraordinarily complex. He must have an understanding of
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Fig. 11 Aircraft Development Process

the physical flow that is to be simulated in addition to
appreciating the strengths and weaknesses of the candidate
methods. The best category (see Table 2) is identified and then
the proper code within that category must be properly
implemented. Experience indicates that the selection of a more
sophisticated code within a category or the selection of a code in
a higher category may not improve the flow simulation obtained.
This can be attributed to algorithm formulation characteristics
and modeling constraints. Caution is necessary to ensure that
prediction accidents do not occur. As codes become more
complex, the probability of having a prediction accident
increases and the trouble-free "usagerange" typically decreases.
Computer resource requirements might also be a factor in the
method selection process. Table 2 illustrates seven levels of
analysis complexity and expense. Relative computing costs
between the top and bottom entries might range between 1 and

14,000.

Table 2 Computational Method Formulation Types

ATEGORY| FORMULATIONTYPE | CHARACTERISTICS

1 NEWTONIAN PRESSURE } "POINT" PRESSURE
EQUATION LAW

2 LAPLACE'S EQUATION | LINEAR

3 TRANSONIC SMALL NON-LINEAR
PERTURBATION (PLANARB.C.)
EQUATION

4 EXTENDEDTRANSONIC | SAME AS ABOVE WIT!
SMALL PERTURBATION | SWEPT SHOCK WAVE
EQUATION MODELING

5 FULL POTENTIAL NON-LINEAR/
EQUATION NON-PLANAR B.C.

(TYPICALLY REQUIRE
CONFORMAL GRID)

6 EULER'SEQUATIONS | ALL ABOVE PLUS
VORTICITY (NO
POTENTIAL FLOW
ASSUMPTION)

7 NAVIER-STOKES COMPLETE
EQUATIONS REPRESENTATION Ol
¥ REYNOLDS AVERAGE | PHYSICAL FLOW

N-S INCLUDINGVISCOSIT
v PARABOLIZED N-S & TURBULENCE
91-8426-047A
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PART 1: DRAG ANALYSIS METHODS
DISCUSSION - DRAG ANALYSIS METHODS

An engineering perspective of computational drag prediction
methods is now described with an attempt to identify the earliest
known progress in the field and uansition to techniques used on
aircraft projects. This composition is not intended to represent
all of the methods currently available, nor is it intended to
represent the very best or optimum techniques that might be
implemented. Instead, the methods are, for the most part, those
with which the author has had some project-type experience and
can provide some insight into applicability.

Drag PredictionPioneers - Drag Equations

Many well-known investigators, going as far back as Newton
(1642-1727), have made contributions to knowledge that is
foundational to current drag prediction techniques (Ref. 13).
Two individuals who are particularly noteworthy for engineering
applications are Smeaton and Oswald.

John Smeaton was an English experimentalist whose work
focused on improving the efficiency of windmill and waterwheel
blades. His technique involved rotating test specimens at the end
of a 6-foot arm and measuring the resultant forces. For a flat
plate oriented perpendicular to the onset flow, Smeaton's 1759
testing resulted in the following formula:

P =0.0049 V2 S (1)
where "' P was the plate force, " V was the airspeed in miles per
hour, ""S" was the plate surface area in square feet, and the factor
(0.0049) came to be known as ""Smeaton's Coefficient" in latter
literature references. With a simple trigonometric relation, both
lift and drift (the original terminology for drag used until the end
of the 19thcentury) could be computed for glider wings and
propeller blades.

LIET=2pS08881M A 0 £ 10deg

1 +sin2a )
DRIFT _ in2 ¢t
“ZPL O< o < 10deg 3)
(DRAG) 1 +sin* a

Smeaton's work is important since it marks the initial effort to
actually compute drag forces. Also, historically, we find the first
use of an empirical factor into which all the worlds uncertainties
and unknowns could be grouped, an approach that is still in
practice today.

Lilienthal's work with gliders took advantage of Smeaton's
Formula, but Lilienthal believed that Smeaton's Coefficient
should have a value of 0.0055. The Wright brothers were a bit
more meticulous in their work they deduced a Smeaton
Coefficient of 0.0033 from wind-tunnel testing and glider
flights. This value was used for designing the Wright Flyer
wing, canard, and propeller blades. It is now well known that the
drag on a flat plate oriented normal the flow will depend on the
Reynolds number. At high speeds, Eiffel concluded that Cp =
1.28 was correct, and using the relation

D=gqC4 S C)
a more exact coefficient of 0.00327 is obtained, underscoring the
Wrights' sll.

Over a period of 150 years, Smeaton's Coefficient varied
between 0.00550 and 0.00327 — arange that might seem large,
but in some complex modem applications, variations on this
level can still occur when the parameter of interest is drag.
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A similar evolution for the prediction of induced drag can be
sketched noting the contribution of both Lanchester and Prandtl
But it is most imponant to recognize that the engineering
prediction of induced drag was greatly simplified by NACA
engineer W. Bailey Oswald. Focusing his work on providing a
means to estimate aircraft performance in the late 1920's,
Oswald (Ref. 14) established the drag polar relation that is used
to this day:

Cp=Cp,+ CLZI(TC AR e).

This "airplane efficiency factor” (e) applied to induced drag is
comparable to Smeaton's Coefficient for pressure drag.

These early pressure and lift-induced drag relations might be
complemented with a comparable contribution for wave drag.
Tothat end, a useful conceptual relation developed by R. T.
Jones (Ref. 15) is:

2 2_ 2
DRAG = gSCp, + L— M
gnb 2ng X%y
2
, 1280 Vo'

where "X1" and "X3" are length scales calculated using the
supersonic area rule. This supersonic relation establishes the
contribution of wave drag due to volume and wave drag due to
lift consistent with friction and lift-induced components. As
such, it allows the designer to establish the relative importance
of various parameters.

Experimental Experience Base & Handbook Methods

A key to pmper application of computational methods for drag
prediction problems is the project engineer's ability to recognize
the fluid mechanical features characterizing the task at hand. To
this end, it is advantageous to gain some experience with "real-
world" aircraft project problems. This basis accrues, to some
extent, in every organization as time goes on. But the
applications engineer can enhance internal or organizaton-
specific experiences with those of available reports and
handbooks.

Hoerner's Fluid Dynamic Drag book (Ref. 16) is a compendium
dominated by experimentally determined drag sources that cover
an extraordinary range of applications. The empiricism found in
this source can play an important role in an(x( project application
because some drag sources contributing to “Dy, transonic drag
rise, and interference drag defy prediction by purely
computational means.

Another source that proves valuable is the USAF Stability &
Control Datcom (Ref. 17). This compendium summarizes
prediction methods rather than test results. While not
specifically created for drag prediction. the volume does identify
handbook-type estimating techniques that would be applicable in
the conceptual design phase of many aircraft development
projects. As an example, the relation below illustrates the
technique used to estimate wing Cpo:

Cp, = CF [1 +Liwe) +100 (v}

S wet
X Rls—-—s":;
6]

where "CF" is the turbulent flat-plate skin friction coefficient.
"L" is the airfoil locadon for maximum thickness, "t/c" is the

wing section thickness ratio, "R™is a lifting surface correction
factor (table look-up), and “S" represents surface areas.

Similar expressions can be used to build up drag estimates for
bodies, wing-bod:, combinations, and wing-body-tail
configurations wiih power effects and control surface
deflections. The value of these handbook techniques is
comparable to mathematical estimating techniques that are
applied when using a desk calculator. It is useful to have some
approximation of the parameter in order to pick out errors in
implementing more complex or automated schemes.

In the preceding paragraphs, the importance of an empirical and
handbook prediction experience base has been stressed. A
similar situation exists for computations in that there is a need to
establish @ computational drag prediction experience base. With
this in hand, an engineer will know when to trust the
computational tools for absolute drag predictions, when
incremental drag predictions should be used, and when to select
alternate means. The subsections that follow illustrate elements
of a computational drag prediction experience base.

Skin Friction & Pressure Drag

Friction drag is computed by a number of computational
methods but it is important that basic formulas are in hand to put
computations in proper perspective. In the USA, the Karman-
Schoenherr formula (Ref. 18) has been approved for use by
NASA, the Navy, and the Air Force based on agreement with
test results. The average incompressible turbulent skin friction
coefficient relation is:

0.242= YCFi logjo (CFi Rex), (8)

Results using this formula are best tabulated for application
reference; and this has been done in Table 3. In Europe, the
Prandtl-Schlichting expression (Ref. 19)has gained more
acceptance. This relation is:

CFi = — 0.455

(logyoRey ) ©)

Compressible friction coefficients can be generated from the
incompressible Karman-Schoenherr coefficients by using the
method of Ref. 20 coupled with the charts found in Ref. 21.
Figure 12is a graph that is convenient for project use.

One limitation of these relations is that it is not possible to
perform configuration-specific prediction tasks where the
viscous drag level.depends on detailed surface shaping. This is
where computational methods can complement the drag
prediction process.

Eppler's method (Ref. 22) can by used to design and analyze
two-dimensional airfoil shapes when compressibility effects are
small. This formulation is well-suited to applications
characterized by mixed laminar and turbulent flow. An airfoil
section can be synthesized using Eppler's conformal mapping
procedure by specifying regional pressure dismbution
characteristics. The resultant shape can then be analyzed with
Epplefs distributed surface singularity scheme since it is
coupled with an integral momentum/energy equation boundary
layer method. But airfoilsdesigned using Eppler's method will
only be as good as the method's ability to predict drag forces. It
is here that existing works in the literature do not provide
sufficientinformation. To fill this void, Epplefs method can be
applied to establish a computational prediction experience base
using airfoil catalogs such as Refs. 23 and 24. It can be Seen that
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Table 3 Karman-Schoenherr
Average Turbulent Friction Coefficients*

Smooth Fiat Plate)

icom  ssible; Me0, insulated Ca!
REYNOLDS
NUMBER 0.0 0.10 0.20 0.30 | 0.40 | 0.50 0.60 ).70 0.80 2.90 1.0
105 x1 7.1° 7.022 3.883 8.758 | 6.645]| 6.543 6.449 i 6.282 | 3207 | 6.137
2 13.137 | 3.072 3011 | 5.953} 5899 | 5847 | 5.798 iBl | 5.706| i.664| 5.623
3 5,623 | 5.584 i547 | 5511 | 5477 | 5444 | 5412 ixn | 5351 | 5322 | 5204
4 3.204 1.267 i1 5.216 | 5.191 | 5.167 5.144| s.122 5.100 | 5.078 | 5.057
5 5.057 i 5.037 5.017 | 4.998 1 4.979| 4.961 i 4.943¢F 1.95 i 4.908 | 1.891 | 4.875
6 1.875 1891 13| 4871 4812 | 4.797 | 4.783} 1.768| 4.754{ 1.741| 4.727
7 1.727 1.714 1701 | 4.688 | 4.676 | 4.663 | 4.651 1.6 | 4.628 1.616| 4.605
8 1.606 1.594 15892 | 4.572} 4561 | 4.550 | 4.540 | 1530 4.520( 1.510 | 4.500
9 1500 | 4490 | 1.481 | 4.472| 4.462 | 4.453| 4444 | 1435 | 4.427] 1418 | 4.409
106 x 1 1.409| 1.330 1.258 § 4.194 | 4.136 | 4.083 | 4.035{ 3.990 3.946}F 3.99 | 3.872
2 3.872 | 3.838| 3.86 | 3.775 3.746| 3.719 | 3.693 | 3.6868 3.644 | 3.622| 3.800
3 3.600 3.579 1.559 ] 3.540 | 3.521 | 3.503 3.466| 3.470} 3.453 3.438 | 3.423
4 3.423 | 3.408 3.3% 1| 3.380| 3.367| 3.354 3.341 | 3.30 3.317| 3.305 | 3.294
5 3.294 3.283 3.2712 | 3.261} 3.1 | 3.241 3.231 3.221 3.212 | 3.302 _3.193
6 3.193 3.1841 3176 | 3.167 | 3.150 | 3.151} 3.143 | 1.135| 3.127 | 3.118 [ 3.112
7 3412 | 3.104 | 3.097 | 3.000 { 3.063| 3.076 | 3.070 | 3.063| 3.056} 3.050 { 3.044
8 3.04 3.037 3.8 | 3.025 | 3.019| 3.013 | 3.008 | 3.002 2996 | 2.991 1.985
9 2985 | 2980 | 2.974 | 2.969| 2.964 | 2989 | 2.954 | 2.949| 2.944, 2.939] 2.934]
107 x1 2.934 2.880| 2.849 | 2.813 | 2.780 | 2.749| 2.721 | 2.686 2.672 | 2649 | 2.628
2 2.628 | 2.608| 2.5 | 2.572 | 2.555} 2.539 | 2.524( 2.509 2.496 | 2482 | 2.470
3 2.470 1 2457 2.446 | 2.434 | 2.423 | 2.413 2.403| 2.393} 2.383 2374 | 2.365
4 2.365 | 2357 2348 1 23401 2.3 | 2.324 | 2.317 | 2.310} 2.302 | 2.295 | 2.289
5 2.289 2202 | 2276 | 2.2691 2.263 | 2.257 | 2.251 | 2.245] 2. 240 2.24 2 229
6 2229 | 2223 { 2218 | 2213 | 2208 | 2.203 | 2.198 | 2.1 2.189 2.184 2 180
7 2180 | 2.175 1 2171 | 2.166 | 2.162 | 21458 | 2.154| 2.150 | 2.146 | 2.142 | 2.138
8 2.138 | 2.135 | 2.131 2.127 | 2.124 | 2120 2.116 | 2.113| 2.110 | 2106 | 2.103
9 2.103 | 2.100 2.096 2.093 | 2.090 | 2.087 | 2.084 | 2.81 2.078 | 2.07¢ 1 2.072
108 x 1 20721 2.045 | 2020 | 1998 | 1.977 | 1.959 | 1.941 1 1925 | 1811 | 1.897 | 1.834
2 1884 | 1871 | 1.860 | 1.848 | 1.838 | 1.828 1.819| 1810 | 1.801 | 1.79z | 1.784
3 1.784 1.777 1.769 | 1.762 | 1.755 | 1.748 1.742 | 1.736 | 1.73C 1.72¢4 1.719
4 1.719 | 1.713| 1708 | 1.703 | 1.698 | 1693 | 1688 | 1.683 | 1.67¢ | 1.67¢ | 1.670
5 1.670 | 1.686 | 1.662| 1.658 | 1.654] 1.650 | 1.646| 1642 | 1.63¢ | 1,63t |} 1.632)
6 1.632 { 1.628 | 1.625] 1.622 | 1.618 | 1.616 1.612 | 1.609 1.60€ ([ 1.80% | 1.60C
7 1.600 1.598 | 1.595 | 1.592 | 1.589 | 1.58¢ 1.584 | 1.581 1.57¢ | 1.57¢ 1.574
8 1.574 | 1.511 1.569 | 1567 | 1564 ] 1.562 | 1.560 { 1.558 | 1.6 | L& 1.561
9 1.551 | 1.549 | 1.547 1545 | 1.43 | 1.541 1.539 1. 537 1.53¢ 1.53% 1 531
10° x 1 1531 | 1.513 | 1.497 | 1.482 | 1.469 | 1.457 1.446 | 1.435 | 1.42¢ | 1.41€ | 1.40¢
2 1.408 | 1.400 | 1392 | 1.3% | 1.378 | 1.371 | 1.365 | 1.359 | 1.35¢ | 1.3d¢ | 1.34
3 1.342 | 1.337 | 1.332 | 1.32& | 1.323 | 1.31¢ | 1.314| 1.310 | 1.30¢ | 1.30¢ j1.29¢
4 1209 | 1.205 | 1.291 | 1.288 | 1.285 | 1.281 1.278 | 1.275 1.27; | 1.26¢ | 1.26¢
5 1.266 | 1.263 | 1.260 | 1.258 | 1.255 | 1.252 1.250 | 1.247 1.24: | 1.24: | 1.24C
6 1.240 | 1.238 | 1.236 | 1.233 | 1.231| 1.2 1.227 | 1.225 1.22: 1.22° 1.21¢
7 1.219 1.217 1.215 1.213 | 1212 | 1.21C 1.208 1.206 1.20¢ 1.20: | 1.201
8 1.201 1.199 | 1.198 | 1.196 | 1.195 | 1.19: 1.192 | 1.190 1.18¢ 1.18* 1.18¢
9 1.186 | 1.184 | 1183 | 1.181 [ 1180 | 147¢ )} 1.177} 1176 | 1.7 | 1.17: | 1.17¢ |
1010 x 1 1.172 | 1.160 | 1.149 | 1139 | 1.130 | 112 | 1.134 | 1107 | 110¢ | 108 | 1.08¢ |
*Multiply Tabulated Values by 1 To Obtain C¢
MVO1-GA26-002 |

airfoil thickness in this collection will vary between 6% and
24%ochord. Leading edge radius range is 0.2%ato over 6%
chord. Flap lengths of 17% to 30% chord are present with up to
10degrees deflection angle. The Reynolds number range is 0.7
to 9 million. Laminar flow extent varies between 0%and 60%
chord.

Considera problem involving an aircraft component strut,
vertical tail, or antennablade for which a symmetric low-drag
airfoil must be designed. The Figures that follow illustratea
portion of the aforementioned experience base that would prove
useful for this type of application. In all cases to be described,
the results were generated using Eppleh free-transition option.
This allows the transition point between laminar and turbulent
flow to be determined as pan of the solution process. For
example, increasingincidence or Reynolds number will cause

the uansition point to move forward on the airfoil with an
attendant increase in drag. The uansition paint is "free"
analytically in the sense that it need not be known or fixed a
priori.

Figure 13 shows computed/experimental comparisons for
NACA 65 series airfoils. Airfoils with 6%. 15%, and 21%
thickness are included. Here, the airfoil type is fixed and the
computational method must predict the laminar-turbulent drag
trending. These comparisonsindicate that the method is capable
of predicting drag polar break-point as thickness increases.
There is some error noted in minimum laminar drag levels for
low Reynolds numbers; this is aggravated by increases in
thickness. In new of this, computed results for a new airfoil
within this range would have to be properly adjusted to account
for observed simulation trending discrepancies.
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Fig. 12 Karman-Schoenherr CompressibleAverage Skin Friction Coefficient Ty = T 54

Figure 14depicts a second series. This time, airfoil thickness is
fixed and the series type is changed. NACA 4-Digit, 64 ,and 66
airfoil types are included. The method's ability to predict effects
(due to position of maximum thickness, nose radius, and
ultimately, the chordwise extent of laminar flow) is measured.
Once again, agreement is quite good. Some discrepancy in the
laminar-turbulent drag break-point can be identified for the
airfoil with maximum thickness shifted aft.

For a vertical tail application, an airfoil with a simple flap might
be of interest, Several airfoils featuring flap deflections have

k e ninciuded in Fig. 15. The first airfoil is 15% thick with a
30% chord flap deflected 0 and 10 degrees. The second airfoil is
similar but the flap chord length is 20%chord. The last Section
features hipped turbulent flow for a 25% chord flap. Agreement
is good save for small regions at low incidence where flap
hingeline gaps may be causing non-potential flow phenomena
that are beyond the computational method's modeling
capabilities.

With these cases, it should be apparent how computed
characteristics for any newly developed airfoil might be
corrected for computational simulation limitations and specific
airfoil-type idiosyncrasies. Only then can a new shape and its
performance be compared and evaluated within an existing
family.

Epplefs method proves easy to use In both the design and
analysis mode. Solutions require only a few minutes on common
personal computers.

Some design projects might require drag predictions or drag
reducing surface optimization for multi-element airfoils that
would be suitable for high-lift applications. Epplefs method is
consuained in viscous modeling to treating single element
airfoils. Stevens' method (Ref. 25}, however, does include

complex multiple stream flow mixing models needed for
simulating airfoil flowswith complex flap/slat combinations.
The guidance provided by this technique isderived from a
demonstrated ability to permit optimization of the element gap
and overlap parameters — atask that can be time-consuming and
costly if consigned to experimentation.

Figure 16 highlights the type of drag prediction accuracy that
can be expected for a multi-element airfoil application. A
Wonmann FX 67-F-141 section with a Fowler flap (Ref. 24)
extended 30 degrees can be identified. Stevens' method
provides the high-lift result while Eppler's method predicts the
flap-stowed case ai: lower lift levels. This comparison is useful,
but the volume of data available for multi-element, high-lift
sections is severely limited. Interference-free wind-tunnel data at
very high liftlevels is difficult to achieve, and many data
sources are consmined to proprietary organization-specific
archives. This impairs the engineer's ability to establish a
complete simulation experience base.

Like Eppler's method, Steven's computer program can be
implemented on personal computers. Solutions take about 30

minutes.

In some applications, compressibility effects can not be ignored.
Eppler's and Stevens' methods will not be applicable. One
computational tool that has performed remarkably well for both
low Reynolds numbers and transonic airfoil cases characterized
by strong viscous-inviscid interactions is that of Drela and Giles
(Refs. 26 and 27). This analysis and design approach is
considerably more expensive to implement than methods
described so far. but some applications warrant additional effort
and 2-D problems are orders-of-magnitude simplerto deal with
than complex 3-D problems. Drela and Giles' method is
discussed in the Wave Drag section.
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00 on the aircraft surface as a form of pressure drag. Computational
methods can integrate computed normal pressures to predict lift-
induced drag, but in many applications where absolute drag
levels are important, unsatisfactory results are obtained. This is
the case because lifting surface leading edge suction forces (a
component of lift-induced drag) are resolved to a degree that
depends on the computational method's panel or grid resolution.
16 T I As modeling element or grid density is increased, the lift-
FX L V-152 K25 4 | induced drag level will decrease asymptotically approaching the
i l | exact or true level that would be achieved with infinite
’_\Ea. resolution (Sketch A). In a project application, pressure
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e, drag for wing-dominated configurations is that proposed by
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and the circulation is represented by a Fourier sine series...

r=u_bY A sinn.
n= (13)
This yields...

2.2
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Di= TaAL
PERTTg A 15)
and in coefficient form..
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AR (16)
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To compute a spanload efficiency factor "e" on the basis of

e= G
7ARCp,

(18)

then...

2
Aj (19

By expanding the full aircraft load distribution out to 6 =2n
(Sketch B), the distribution can be Fourier analyzed to solve for
the coefficients. The resulting prediction method proves very
fast requiring only seconds on common personal computers.

0
/ J
oy
191-6426-084 f
Sketch[d &-y Relation for Fourier Analysis

Aircraft configuration spanwise load distributions can vary
considerably depending on the general arrangement and flight
conditions. A number of example cases for both symmetric and
unsymmetric loadings have been computed using the Fourier
analysis previously described. These cases illustrate the typical
range of lift-induced drag "efficiency" factors that might be
encountered during project applications.

Figure 17 illustrates eight cases of symmetric wing/aircraft
loadings and, as such, only half of the loading is displayed. All
cases represent a common lift level at C1, = 1.0. Note that the
slope of the loading distribution is “0" at the centerline or
symmetry plane. It is well known that an elliptic load
distribution results in minimum lift-induced drag. This load is
seen in Fig. 17-A along with the computed "e" factor of 1.0.
Eliptic loading is most easily attained with an isolated wing
arrangement, since body or fuselage components are very
inefficient in generating lift. This causes a deficit or depression
in the loading curve at the body location. In many aircraft design
applications, including fighters and transports, aerodynamicists
attempt to achieve elliptic loading. In some applications,
however, the resulting combination of induced, wave, and
friction/pressure drag sources may not represent an optimum,
although the conventional lift-induced or vortex drag has been
minimized. Another load distribution is that generated by near-
constant section properties (Fig. 17-B) on a trapezoidal planform
isolated wing. For this loading, drag creep (that might be
generated by some local airfoil sections developing wave drag
prior to others) is minimized. All wing airfoil sections approach
drag divergence simultaneously. For this example, "e" drops to
0.976.

Loading on a fuselage is largely the result of wing carry-over
(Fig. 17-C). Often, little can be done to compensate for the load
deficit that will mostly be determined by the percentage of the
wing span blanketed by the fuselage surface. Figure 17-D shows
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the loading that might exist on many executive transports
(business jets) where nacelles are mounted aft on the fuselage
via a short pylon. The nacelle/pylon combination inhibits wing
circulation near the wing-fuselage juncture. In this case, "e"
might drop to a level of 0.925.

Engines are often mounted in or about the wing surface using
pylons. For embedded engines or pods, an effect similar to that
for the fuselage can be identified. Pylon surfaces are different.
There is typically an "end-plating” effect that increases loading
inboard of the pylon station and reduces loading outboard. This
is the case because the inboard portion behaves more two-
dimensional in character while the outboard segment functions
as a lower aspect ratio wing segment. Figures 17-E/F/G illustrate
these possibilities. The worst case is for wing loading featuring
fuselage, pylon, and engine nacelle interference.

Perhaps the largest influence on wing loading distribution will
occur when effective high-lift systems are deployed for landing.
The spanload efficiency factor can be extraordinarily low, but,
fortunately, there is little concern about drag forces during this
brief segment of any flight.

Unsymmetric load dismbutions are generated in sideslip and
when control surfaces are deflected to roll the aircraft. Figure
18-A illustrates the type of load distribution that can exist for
my swept-wing aircraft in sideslip. Asymmetry is created by
variations in lifting efficiency between two wing halves that now
have different sweep angles. In this example, the starboard wing
effective sweep is greater than the physical sweep angle, while

that for the port wing is less. The resulting degradation in "¢
could be subtle (0.975).

Fighter asymmemc loadings can be quite severe because a
premium is placed on roll effectivenessin air-to-air combat.
Lift-induced drag increases as the roll maneuver is initiated.
Many aircraft designs use ailerons for roll control. While the
rolling moment can be very large with control surfaces
positioned near the wing tips, the resultant induced drag penalty
can be high for the Same reason (Fig 18-B). In other words, it is
apparent from these example cases that the lift-induced drag
level is affected to a larger extent when a loading anomaly exists
at the wing tip than when it is positioned inboard.

Another form of roll control can be derived by differential tail
deflection. Figure 18-Cshows the combined lifting surface load
dismbution that might result for this type of asymmemc
configuration. Figure 18-Dis a similar plot illustrating use of
wing-mounted spoiler deflections to generate rolling moments.
It should be recognized that the cases highlighted in Fig. 17 and
18 are not specific to any particular aircraft. The true detailed
loadings for an aircraft application will be a function of the
configuration's geometry and design lift level. These generic
examples, however, should prove useful for establishing trends
linked to wing loading.

Transonic & Supersonic Wave Drag

Wave drag losses are generated by flow about the aircraft
passing through shock waves. As noted in the Background
section, shock waves can form at subsonic speeds if wing or
fuselage surfaces acceleiate the free-stream flow to sufficiently
large supersonic velocities. Mixed flow regions featuring an
embedded supersonic flow region within a subsonic external
flow (separated by a shock wave at the aft boundary) are
classified as transonic. Transonic flows also exist at low
supersonic speeds when small subsonic flow regions are
embedded in an external supersonic flow (i.e., at the nose of a
fuselage or leading edge of a wing where a stagnation point
generates the reduced velocity "island). In all high-speed cases,

7-15

whether transonic or supersonic, there is an incentive to achieve
shock wave surfaces that are oblique to the flow direction. This
minimizes wave drag losses because the largest drag penalties
are generated by flow through normal shock waves.

Many computational methods have been developed for high-
speed aircraft applications, particularly at transonic speeds. But
the character of complex three-dimensional mixed
(subsoniclsupersonic) flows presents a considerable challenge
for algorithm developers. At present, computationally predicted
transport cruise drag level accuracy might be on the order of 10-
30counts. At the upper end of this range, the project
requirement might demand errors that are an order-of-magnitude
less. Fighter applications reveal larger prediction discrepancies
derived from a higher level of three-dimensionality and the
complexities linked to mixed (attached, separated, vortical)
flows. Computational drag prediction discrepancies greater than
100 counts are possible.

Three-dimensional computational methods have, however,
demonstrated an ability to predict surface shock wave patterns.
This allows the designer to develop shapes that generate weak
oblique shock waves. But perhaps more important. it provides a
basis forapplying simpler, less expensive two-dimensional
computational methods in a drag build-up process with potential
for higher prediction accuracies. Figure 19 provides examples of
transonic shock wave positioning for three-dimensional
configurations.

Simple Sweep Theory (Ref. 32) establishes a means for relating
two-dimensional airfoil characteristics to three-dimensional
wing performance. Similarly, Sweep Theory can be used to
translate wing performance requirements into a set of
specifications suitable for two-dimensional airfoil design. The
cosine relations linking two- and three-dimensional parameters
are listed below.

M2.D = M3.D xcos Aeff (20)
CL2.p = CL3.p/cos? Aeff 21
t/co.D = thc3.D/cos Aeff 22)
Crap = CP3.p /eos? Aeff 23)
CD2.p = CD3.p/eos® Aeff (24)

The proper sweep angle must be identified to implement these
relations. For an infinite sheared wing panel (Fig. 20-A), there is
only one possibility: the panel sweep angle. This represents the
original embodiment of Sweep Theory. Considering a finite
tapered wing planform (Fig. 20-B), two-dimensional simulations
of three-dimensional wing pressure fields at subsonic speeds
reveal that the quarter-chord sweep angle serves well as an
"effective" sweep angle for the five formulas listed above. The
most complicated situation exists for transonic conditions where
shock waves are present on the wing surface. Engineering
studies (Ref. 32) performed during the HIMAT (Highly
Maneuverable Aircraft Technology) Program revealed that the
local sweep angle of the shock wave provided the best effective
sweep angle for Sweep Theory conversions.

This definition of effective sweep at transonic conditions may at
first be difficult to understand; however, it might be made more
apparent by considering an example. Figure 21 shows a set of
wing pressure distributions extracted from the mid-section of an
aspect ratio 5.8, 40 degree swept-back wing with a taper ratio of
0.4. The symbolsrepresent wind-tunnel test measurements. The
solid line comparisons are generated using a transonic rwo-
dimensional airfoil analysis method (Ref. 33) with Mach and Lift
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Fig. 19 Shock Wave Unsweep Regions

conditions specified using equations 20 and 21. The extracted
airfoil shape is scaled using equation 22, taking into account the
geomemc local sweep lines of the tapered wing (Ref. 32).
Simulation agreement is excellent. But to achieve this
agreement, the variability in effective sweep with local flow
conditions must be accounted for. Table 4 illustrates this fact by
listing the wing shock wave position, sweep angle, and the
derived "effective" two-dimensional conditions used for analysis

- - -
A) cases. Note that as the wing shock wave strengthens with

INFINITE SHEARED PANEL increasing free-stream Mach number and moves aft, the
(ALL SPEEDS) effective sweep angle used in equations 20-24 decreases.

Agreement cannot be obtained unless this variation in effective
sweep with flow condition is taken into account.

An airfoil is now selected to establish wing drag prediction
potential using this build-up approach. Reference 34 provides
data for the RAE 2822 airfoil. The transonic design pressure
dismbution is seen in Fig. 22. To generate a drag rise curve,
some effon is required. Data that is not all at the same lift level
must be adjusted. This can be done using Kom's relation (Ref.

33)

{B)

M+ CY10 +t/c =K 25)

Dr. David Kom of NYU's Courant Institute determined that he
could design transonic airfoils with parameters that consistently
summed to certain values depending on the level of technology
(or aft loading). The design engineer can use Kom's relation to
establish approximate trades between the airfoil Mach number,

() thickness, and design lift level. “K" levels for conventional
FINITE TAPEREL WING airfoils are near 0.87 while " K for highly aft-loaded
{TRANSONIC SP supercritical sections can be near 0.95. Figure 23 shows an
MR91-6426-055 - - .
experimental drag rise curve along with the curve that results
Fig. 20 Effective Sweep Basis for Different when points are adjusted to a common Ct, =0.74. A design

Applications point for this section (at maximum MLJ/D) occurs near M =0.7.
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Fig. 21 Wing (3-D) Pressure Distribution Correlation using 2-D Airfoil Analysis & Sweep-Taper Theory

Table 4 Wing Effective Mach
Number for 2-D Analysis

XLOCAL ([LOCAL| FREE- | 2-D |EQUIV
CHORD  |SWEEP|STREAM|NORMAL|SIMPLE
2-D ANALYSIS|A) on | MACH | MACH | SWEEP
FIG.|& REDUCTION Moo My | THEORY,
Mn
21-A 25% 37.42"| 0.70 0.556 | 0.556
21-B 25% 37.42°| 080 | 0.635 | 0.635
216 30% 36.89" | 0.84 | 0.672 1| 0.667
21-b 70% 132.30"| 0.86 {1 0.727 | 0.683
21-& 70% 3230°| 0.90 | 0761 | 0.715
[21-F]  85% 30.45" | 0.95 0.819 | 0.754
V916426060

The resulting " Kvalue is 0.89. Test data at M= 0.725.is closest
to this point and there is no indication of appreciable flow
separation despite a reasonably swong shock wave. The shock
wave is positioned at 55%chord. A compendium of
code/experiment comparisons found in Ref. 35 reveals that
(considering a large number of different computational methods)
two-dimensional computational drag predictions vary by
approximately 5%.At the more extreme M=0.74 case, a 25%

r -
N
/

0.4t/

< T

391-6426-058A

Fig. 22 RAE 2822 Airfoil Pressure Distribution at
M..= 0.725,0 = 2.9

variation between methods can be identified. Shock wave
position varied by as much as 5%chord for Mdl.725 while the
location spread for M=0.74 was about 10%chord.

The technique for iranslating two-dimensional drag and shock
wave location discrepancies into three-dimensional wing
parameters can be {llustrated by considering two wing
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planforms: one for a transport and a second for a fighter (Fig.
24). Planform parameters are listed below:

Transport Wing Fiehter Wing
AR =8 AR =3
A=04 A=02

ALE =25 deg. ALE =40deg

Using the RAE 2822 airfoil (with shock position at 55% chord),
the effective sweep angle at transonic conditions for both wing
planforms is 19degrees. Thus, for a wing design Mach number
of 0.77, RAE data at M = 0.725 (Eq. 20) can be used. The two-
dimensional section generates 107 counts { Cd =0.0107) of drag
at C1 = 0.74. This translates in to a 4-1/2 count error band for
friction/pressure/wave drag on the transport wing using a
projected 5% spread in prediction accuracy and Eq. 24. The
Same 4-1/2 count error band would hold for the fighter wing
assuming that the design lift coefficientsare identical. Now, it
can be imagined that a 5% chord discrepancy in shock wave
location exists. Considering the transport wing, a shock wave
position at 60%chord results in a higher normal Mach number
{Aeff = 187 deg.). about 0.73. Airfoil drag level rises to 125
counts; this effectively registers as a 6-count error for the
transport wing. The fighter wing effective sweep for 2 60%
chord shock location is 17 degrees. The resulting two-
dimensional Mach number is 0.736. From Fig. 23 the airfoil
drag level rises to 157 counts yielding a wing drag level error of
34 counts - since now at the higher effective Mach number, a
25% prediction error applies.

Errors generated by this build-up process using both two- and
three-dimensional techniques coupled via Sweep Theory, will
result in errors that are considerably smaller than those atuibuted

MR91-6426-056

Fig. 24 Transport & Fighter Wing Planforms

to a purely three-dimensional approach. The exercise shows that
both drag prediction accuracy and shock wave prediction
accuracy are equally important to properly determine transonic
wave drag levels. It should also be apparent why fighter wing
prediction errors can be considerably greater than those for
transport wings, even in applications where separated or vortical
flow is not present.

Prediction discrepancies identified in the preceding paragraphs
represent an average that might be obtained by selecting a
computational analysis at random and applying computed results
directly. These discrepancies can be considerably reduced by
selecting a method that performs better than others or one that is
more accurate for the particular application at hand. A
Computational Airfoil Catalog can provide the flow simulation
experience base needed by project applications engineers. This
type of catalog would highlight the strengths and weaknesses of
many computational tools and provide sufficient test-verification
cases to establish correction factors for a wide range of airfoil
types and design conditions.

One relatively new technique that shows promise for reducing
both airfoil drag prediction error and shock location error levels
is that of Drela and Giles (Refs. 26 & 27). The Drela and Giles
airfoil analysis/design code is not like others in that its
formulation includes an Euler solution for the outer flow region
that is coupled with a two-equation integral boundary layer
scheme. The set of equations is solved by a global Newton
iterative process. Comparison cases reveal that the
laminar/turbuient boundary layer technique works well for
strong interaction cases potentially minimizing "adjustments”
that might be applied at higher Mach numbers where drag
prediction discrepancies are typically 25% .

From Ref. 35, it should be apparent that Navier-Stokes solvers
have yet to demonstrate superiority over more conventional
schemes(i.e., Drela's method) for drag prediction. This is the
case despite the fact that Navier-Stokes methods might require
two orders-of-magnitude more computing resources than current
coupled methods.

Wave drag prediction at supersonic speeds often presents a
simpler task than that at transonic speeds because of the
applicability of supersonic linear theory and the supersonic area-
rule concept (Refs. 36 and 37). There are a few assumptions:
One is that flow disturbances propagate outward along Mach
lines and there is no dissipation with increasing distance.
Another is disturbances are a function only of the cross-sectional
areadistribution, i.e., the "flow interference" between
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components due to relative positioning is not modeled. Finally,
it is assumed that configuration wave drag can be predicted by
computations performed for an equivalent body-of-revolution.

Reference 38 provides von Karman's equation for the wave drag
of a smooth, pointed body-of-revolution.

1 d®8 975 jnex-gydx d.

2nSggrp X2 o¢?
o d* dg 26)

An equivalent body-of-revolution for an aircraft configuration is
generated by selecting a number of longitudinal stations between
the configuration nose and tail. At each station, cutting planes
inclined at an angle:

u=sin-l (1/M) 27

relative to the x-axis (see Fig. 25-A) generate a planar area value
that is associated with the station "x" location. This can be done
graphically as shown in Fig. 25-B, or the procedure might be
automated for use on digital computers. This cutting process is
performed repeatedly for a number of roll angles, as depicted in
Fig. 25-C. An effective drag for the equivalent body-of-
revolution at each roll angle is computed and these values are
then integrated to arrive at the total configuration wave drag
coefficient. This procedure, combined with von Karman's
relation (Eq. 26), was automated by Boeing engineers and
documented with sample cases by Harris (Ref. 39). The resulting
computer program has experienced application throughout the
aircraft industry since its inception in 1966.

The Far Field Wave Drag Program is very simplistic by any
standard. But the flexibility and complexity potential for
modeling realistic aircraft shapes is extraordinary and its
applicability range is quite large. Predictions for shapes that
appear to exceed the bounds of linear theory are often useful for
engineering purposes.

Modeling flexibility is illustrated in Fig. 26. This model of the
Navy/Grumman F-14 Tomcat was generated in the late 1960s
(Ref. 40). The aircraft is modeled using a set 0f wing and body-
type components. Figure 27 shows how design engineers
optimized placement of the various components to match as
close as possible the optimum supersonic body area distribution.
This was achieved despite a number of constraints that included
overall fineness ratio, nozzle exit area, and placement of internal
elements. Application of this technique is the primary reason for
the F- 14 being positioned in what is often called the "Third
Generation of Supersonic Aircraft” (Ref. 8, and Fig. 28). It is
simply too expensive and there is insufficient time to perform
the wave drag minimization process with this degree of
integration by experimentation alone.

One facet of drag analysis that should be noted at this point is
numerical optimization. While the engineer can sequentially
establish a shape modification via a "direct” computational
analysis for evaluation, modification and re-evaluation, etc,
there is considerable incentive to perform shape optimization
using the speed of modem digital computers. In other words take
the engineer out of the loop and speed up the process. Another
approach might involve the use of "inverse" methods. These
techniques synthesize a shape based on specified flow
characteristics such as velocity or pressure fields. A useful
perspective on optimization methods can be found in Ref, 41.

The methods just described can provide valuable guidance on
aircraft design projects. but there are limitations that should ke
recognized. First, assuming that low-drag pressurefvelocity
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Fig. 25 Generation of Equivalent Body-of-Revolution
for Supersonic Area Rule (Refs17and 39)

fields are properly specified, it is well known that an inverse
method is simply not as robust as its direct method counterpart.
In view of this, during a project application, an engineer
sequentially perfoiming clirect analyses with modifications will
usually be ableto surpass the result generated by another
engineer designing by inverse methodology. One way to
circumvent this lirnitation is described in Ref. 42. Here, a type of
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Fig. 26 F-14 Harris Wave Drag Program Model (Body & Wing Elements)

"modified-direct" approach is described that is in essence an
inverse technique. The key to this approach, however, is that it
retains the strengths of the parent direct method.

Numerical Optimization, in the classical sense, is constrained by
a number of factors. First. the optimization scheme is
extraordinarily expensive to implement due to the large number
of analyses that are needed to establish appropriate rending.
Second, reasonableness criteria are typically not applicable and
as a result some lengthy computational optimization processes
converge to an unrealistic Or impractical shape. Finally, the
parent analytical method's drag prediction fidelity is often
impaired. This results in the optimizer processing deficient
performance information with the outcome being a design shape
that is suspect. Reference 43 describes an approach to working
around these problems. In this scheme, a CONMIN optimizer
(Ref. 44} is coupled with design variables that are generated
using conventional inverse techniques and objective functions
that are "aerodynamics specific.” The resulting numerical
optimization process is essentially tuned to handle aerodynamic

design applications and, as such, requires less computing
resources than a method set up to treat general optimization

problems.

MR91-6426-010A

Fig. 27 F-14 Optimized Normal Area Distribution
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Fig. 28 Supersonic Wave Drag Trending (Ref. 8)

Throttle-Dependent Drag

Aircraft throttle setting will affect both the inlet spillage level
and the exhaust nozzle pressure ratio. The interaction of the
spillage flow on inlet surfaces (Ref. 45) and any neighboring
aircraft components will generate a resultant drag or thrust force.
Similarly, exhaust plumeinteraction variations might raise or
lower aircraft drag levels, depending on the particular
configuration arrangement and flow characteristics. The
complexity of flows associated with this drag source guarantees
that on many projects the first throttle-dependent drag estimates
will not be in hand until powered sub-scale testing is completed.
However, two examples are included here to illustrate how
computational methods can provide useful information prior to
testing

Inlet/nacelle surfaces can be modeled using a variety of
subsonic, transonic, and supersonic computational methods.
The example in Fig. 29 uses the subsonic "source” method of
Ref. 46. The appropriate surface singularity panel model can be
identified. A clever scheme outlined in Ref. 41 can be used to
generate flow solutions for any incidence angle and any inlet
flow rate by computing three inlet solutions and combining the

results (a form of superposition). The first inlet/nacelle model is
characterized by an open or flow-through duct. The second
model's duct is closed. A third model is identical to the first, but
the angle-of-attack is set to 90 degrees. The following relation
is used to compute the local surface velocities:

— | Yoren

(28)

— | Vewosen* Yoross Sin e

wal velocities are convened to pressure distributions that are
integrated to obtain drag forces. Figure 30 reveals that this
simple scheme can provide accurate pressure field details over a
large range of shapes, incidence angles, and flow rates. A

MIL-LA26-011A

Fig. 29 Open/Closed Modelsfor NACA Inlet ases
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Fig. 30 Inlet TOp Centerline Pressure Distribution
Correlations {cont'd)

typical relation between inlet flow rate and computed drag levels
isprovided in Fig. 31. As inlet leading edge radii decrease, the
potential for flow separation drag penalties increases. In
addition, aero-propulsion bookkeeping requires that "additive
drag" (a function of inlet streamtube geometry) be included to
obtain total spillage drag levels. When all of these components
are combined, the trend shown in Fig. 31 may be reversed, ie.,
spillage drag may increase with any reduction in inlet mass flow
ratio.

A key feature of this approach and the example just described is
that computational modeling is not altered in generating the
numerical results. In this way, the resultant drag levels are
certain to be derived from configuration geometry and flow
conditions, and not from numerical discrepancies that might
surface when the discretized model is altered.

Afterbody drag levels, as a percentage of the total. can be quite
large for fighter aircraft (Ref. 48) at certain conditions. This
level might be half of the total aircraft drag level (Fig. 32).
Exhaust plume interactions, an important component of the total
afterbody drag, can be computed with patched solutions (Fig.
33). Two computer programs (one for transonic speeds and one
for supersonic speeds) have been developed to provide this type
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Fig. 31 Effectof Inlet Spillage on Inlet Lip Drag
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Fig. 33 Boattail Analysis Method
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of prediction across the subsonic, uansonic, and supersonic
speed regimes (Refs. 49, 50, and 51). Both methods iteratively
solve for five separate flow field regions found in Fig. 33. The
flow regions are:
« External Inviscid Flow — Mapped region, conventional
SLOR with rotated difference scheme
« Boundary Layer— Green's integral method for & *

* Recirculating Flow —Control volume analysis with
separation and reattachment regions)

+ Supersonic Exhaust Plume —Salas' finite difference
marching scheme

< Plume Entrainment — Mixing profile to yield equivalent
displacement thickness.

Figure 34 shows a typical simulation result for two boattail
surfaces (Ref. 52) at supersonic speeds. The drag reduction
trend that occurs with increasing nozzle pressure ratio is
predicted well.

Interference Drag

Interference drag sources are complex and large in number. In
some cases computational methods can predict flow qualities
that will aid in the drag minimization process. In other cases.
the methods can predict useful drag force information,

One example of an interference drag source that has defied
accurate computational treatment is that resulting from juncture
flows. The limitation appearsto be associated with the inability
of three-dimensional viscous flow predictors to perform well
when the flow is highly threedimensional. As aresult, juncture
fillets might best be optimized with guidelines applied during
sub- or full-scale testing. Reference 53 provides both design
guidelines and literature references that could prove useful in
shaping tillers.

It should be recognized that computational methods can provide
useful flow angularity and gradient information (see Fig. 35 and
Refs. 54 and 55) that will help the designer conceive a shape that
is quite good for the first series of experiments. Testing
requirements, and therefore cost, can be minimized.

A greater level of application success is associated with
simulating both propeller and rotor slipstream interactions. The
former is important because of interest in high-speed, high-
efficiency propellers (prop-fans or unducted fans) and the latter
is naturally linked to aircraft concepts like the V-22.

Figure 36 shows a propfan tractor arrangement that might exist
in the future. In orderto maximize the benefit of the total
propfan concept, propeller slipstream and nacelle interference
must be minimized The slipsueam flow is characterized by a
swirling motion with discreet vorticity sheets emanating from
blade trailing edges. Immersed configuration components
experience increments in Mach number and flow dynamic
pressure. At high transonic speeds, slipstream swirl effectswill
be dominant. Figure 31 reveals a test setup incorporating a
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Fig. 34 Correlation of Nozzle Pressure Ratio Effects
on Alterbody Drag Levels
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propeller slipsueam simulator positioned upsueam of a
_Eg\?vEEFI;SSLLJJEE;%EE\(/?L%%ITT\:{ supercritical wing transport model. Wing section boundary
conditions were modified via "twist" angles to represent the
propeller's seven-degree swirl velocity. That isto say, wing
sections between the propeller centerline and the inboard radius
line were modified to have seven degrees more incidence
representing swirl upwash, while wing sections between the
propeller centerline and the outboard radius line were altered to
have seven degrees less incidence representing swirl downwash.
For reverse propeller rotation. the upwash/downwash boundary
conditions are interchanged. Clockwise and counter-clockwise
slipstream effects on the wing pressure field are correlated in
Fig. 38 using a uansonic small disturbance method (Ref. 56 and
57). Note that pressure field details are predicted very well
despite the wing's complex double shock wave system.

\INBOARD  SIDE The wing pressure distributions found in Fig. 38 can be
OF STRUT integrated to generate spanwise load dismbutions as well as lift
and drag coefficients (see Fig 39). Loading plots reveal that the
(A) CALCULATED SURFACE FLOW PATTERN NEAR slipstream interaction will affect the lift-induced drag levels; the
NACELLE STRUT-WING INTERSECTION. BOEING 74 altered shock pattern suggests that the wave drag is similarly
DEVELOPMENT MODEL altered. The lift level is predicted well as might be expected
-2r (good pressure simulation). but the computational drag
increment is greater than that measured during the experiment.
| DISTANCE UPSTREAM ALONG BODY frers This appears to be an imp'rove_ment over incomp_ressible theory
r E— but drag levels measured in this particular experiment arc
% | — ; suspect because of the propeller slipstream simulator hardware
L T~ = mounted upsueam from the wing surface.
3 2 WITH FAIRING/’/( I N . _ . .
u -~ Rotor slipstream interactions are more prevalent at subsonic
g WITHOUT FAIRING conditions than transonic conditions. While little success has
n 4 BOUNDARY LAYER SEPARATION accrued in modeling the complex flow separation patterns about
. THEORY ——» helicopter fuselage shapes, some advances have been made in
EXPERIMENT simulating rotor download effects on winged vehicles (Ref. 58).
8 (8) WING-BODY JUNCTURE Figure_40 depicts this problem. I_t is known that the "download
6426076 or vertical drag force penalty attributable to XV-15 rotor

downwash impinging on the wing surface varies between 5%
fig. 35 Component Interference Effects (Refs. 54 & 55) and 15% of the vehicle's total gross weight. It becomes
important to refine configuration components to minimize the
download magnitude. Unlike most aircraft prediction
applications, this case involves drag coefficient levels that are
very high (on the order of 1.0).

k _J The plots in Fig. 41 illustrate that wing section drag in cross-
flow varies with the flap deflection angle. The agreement
between test data and the computational model is compromised
by a shift in absolute drag level. If the curves are normalized by
the Odeflection drag values, it can be seen that proper trends are
predicted. This uending was obtained using an unsteady panel
model (Ref. 59) coupled with a free-streamline representation of
the separated wake. Useful design information can be extracted
even though absolute drag levels predicted are in error. The
speed with which computational models can be generated,
coupled with relatively low cost of analysis, permits a large
MRO1-6426-015 number of shape/orientation combinations to be examined. In

Fig. 36 Propfan Tractor Arrangement th_is environment, out—of—the-ordin_ary solutions can surfac_e that
might not naturally evolve for testing based on past experience.
The wing section download problem is a good example in that
the minimum drag or download does not occur at 90 degrees of
flap deflection, which would be the intuitive choice based on
minimum area presented to the flow.

PROPELLER Engine nacelle interference phenomenon can exhibit a degree of
SLIPSTREAM complexity that defies treatment with current computational
SIMULATOR

methods. Thisin part is the result of what might be called "hard
boundary" interactions that impact lift-induced, wave, and
. pressure drag levels. But in addition, the nacelle inlet and
e -, exhaL_Jst components gdd a degreg of "Throttle Depgndent" drag
described in a preceding subsection. An example IS now

MRS 5426020 : : described that can be used to illustrate both of these effects and
Fig. 37 Propfan Slipstream Simulator the manner in which they interact.
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Figure 42 shows superimposed computed wing section upper
surface pressure distributions for an executive jet at transonic
conditions. A transonic small disturbance theory analysis (Ref.
60) is used. On the left. a wing-fuselage calculation reveals a
strong shock wave running along the length of the wing from the
fuselage juncture to the wing tip. Just below this three-
dimensional image, a wing root section cut is shown along with
experimental pressure data correlation. This represents a
"nacelle-off™ case. Next, a comparison with the nacelle surface
present can be identified. The nacelle is modeled as a closed
surface in the computational method. In other words, the nacelle
is a closed form as would be appropriate for a fuel tank or
avionics pod. Note that the engine surface decelerates the flow
in front of the nacelle and accelerates the flowjust below the
nacelle inlet lip forming a pressure spike. Wing pressure
correlations confirm this type of character but the level of
agreement is not as good as that for the nacelle-off case. This
suggests that pan of the nacelle interference effect is modeled

but a piece is still missing. In the third comparison (Fig. 42), the
true inlet mass flow ratio (0.66)is modeled by specifying
appropriate values of the flow field potential at grid points
representing the inlet face. Now it can be seen that agreement
with test data has improved considerably. The flow, now
characterized by more negative pressures, does not slow down
as much in front of the inlet face; with less spillage modeled, the
flow acceleration 01-pressure spike at the inlet lip is reduced.
Simulation agreement is dramatically improved.

As noted before, absolute drag levels predicted by a three-
dimensional computational method will not yield drag accuracy
levels suitable for project applications. But the information
shown in Fig. 42 can by foundational for the application of
simpler two-dimensional methods that might be brought 1o bear
using superposition principles as pan of a build-up process. The
basic ideas for this approach were describedin the 'Transonic
and Supersonic Wave Drag™ subsection.
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In the following paragraphs, another interference drag source is
highlighted. This source is closely related to Throttle-
Dependent Drag. but the complexities of aircraft aiterbody
shapes require an additional level of modeling sophistication
beyond what is described in that subsection. The category to be
examined now might be called “Integrated Afterbody Effects”
and it can be thought of as an element of interference drag.

The boattail analysis described in the Throttle-Dependent Drag
section has been implemented to treat a number of simple nozzle
shapes. Figures 43 and 44 show m-sonic drag prediction results
for two boattail geometries. Applications engineers can extend
the use of these ax-symmetric body computational methods by
implementing the equivalent body-of-revolution technique
described in Ref. 61. This approach requires that various
afterbody components (e.g.. multiple nozzles, inter-fairings,
sponsons, horizontal and vertical tail surfaces, and fairings) be
combined into a single shape with an equivalent total area
distribution. A prediction generated using this technique can be
seen in Fig. 45. Drag rise characteristics for a research aircraft
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model have beenpredicted well considering the afterbody
complexity. But this engineering approach is far from fool-
proof as a second comparison case revealsin Fig. 46. Here, test
results suggest that a drag-producing flow separation region
might exist at low speeds. While this experimental trending is
unusual, and may in fact be in error, this case can be used as an
example to point out that the simplistic engineering method
involving an unrefined equivalent body-of-revolution may not
be suitable for all project applications.

Some of the shortcomings just described can be overcome by
integrating a boattail analysis method. an equivalent body-of-
revolution concept, and correction factors developed from test
databases. Figures 47A and B present a schematic illustrating
this approach. Sermi-empirical corrections can be developed to
account for a number of aircraft features such as empennage,
inter-fairings, engine spacing, booms. base drag, and lifting
surfaces. Figures 48 through 53 show examples of correction
factors, configurations, models, and correlations that make up
the applied experience base. A sample analysis for an F-14
afterbody using this system (Ref. 62) can be found in Fig. 54.

Trim Drag

Over the past ten years, NASA has developed a computer
program specifically for optimizing multiple lifting surface,
multi-control surface arrangements (Ref. 63). While many
methods might ke used to minimize trim drag, this linearized
lifting surface forrnulation is unique in that the solution is
obtained by an iteration processas opposed to the simultaneous
equation solution process characterizing other methods. A
special implementation of leading edge singularity parameters
makes it possible to more accurately predict leading edge thrust
levels (Ref. 64) . Computational time savings associated with
this approach are imponant in view of the large number of
surface deflection combinations that must be investigated to
effectively minimize configuration trim drag.

Perhaps one of the most important features of this method is not
so much the factors that characterize it but rather the extensive
experience base completed by the method's developers. This
provides the applications engineer with critical information
needed to assess the method's utility. An example configuration
has beenmodeled in Fig. 55. One useful feature of the
computational method is that automatic panel model generation
is provided. An input "stick figure" (Fig. 55-A) is the basis for
the computer modal (Fig. 55-B). The control effectors appear to
be larger than what might be expected from the input model
because each flap-type control surface element receives a
deflection angle boundary condition, but elements across the
hingeline have appropriately reduced boundary condition angles.
All are shaded, however, giving the impression that the deflected
surfaces modeled are larger than the physical counterparts.

A total suction parameter "Ss" is used as a measure of how well

the configuration's drag polar matches the ideal given by "e" =
1.0(Eq.5). The Sg relation is:

CL1an{C1/Cra) - ACD

S g=
CL 1aNC/CLa ) - CI/MAR 29

In Fig. 56. Sg will vary between "0" and "1." An Sg value of "1"
represents an ideal drag polar while "0" represents the zero
suction polar where drag is simply the lift vector componentin
the downstream direction.
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Figure 57 shows a typical set of computed results for a wing-
body-canard configuration. Three surfaces (wing leading and
trailing edge flaps and the canard) can be deflected or set to
minimize drag across a range of lift, covering both cruise and
maneuvering conditions. The control surface deflections, Ss
parameter, and configuration pitching moment are all mapped
(Fig. 57) and show the variations that occur with different total
lift levels. At each of five lift values. threeplots cover canard
deflections of 0, - 10, and -20 degrees. Each plot identifies the
performance level possible with various combinations of wing
leading and trailing edge flap deflections.

By combining the information in all of the plots, an optimum
deflection schedule consistent with rimming the configuration
can be constructed (Fig. 58). It can be seen that a more ideal
polar can be generated if the configuration does not have to be
trimmed. These ideal dellection combinations lead to a
composite drag polar. This process is very time consuming and
expensive if a complete surface deflectionlorientation matrix is
performed in the wind tunnel.

References 63 and &4 can be used to identify drag polar
accuracy that might be expected for a range of differentaircraft
configuration types.
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PART 2: DRAG REDUCTION/MINIMIZATION
TECHNIQUES

DISCUSSION -DRAG REDUCTION /MINIMIZATION
TECHNIQUES

In Pan 1, a number of engineering drag prediction methods were
described and example cases were used to provide some
experience with the type of results that can be expected. Aircraft
design teams might use these techniques in an isolated or
sequential manner with experiments and handbook methods to
affect drag reductions that optimize the configuration shape. The
engineering methods can also be used to diagnose anomalies that
surface at any time during the design or life of an aircraft. Pan 2
consists of a collection of case studies that illustrate the use of
computational methods for drag reduction/minimization
problems and diagnostics. The topics include:

(1) Wing Tip-Mounted Winglet Design

(2) Transonic Transport Wing Drag Minimization
(3) Natural Laminar Flow Airfoil Design

(4) Fighter High-Speed Dirag/Buffet Reduction

(5) Swept Wing Tip Optimization

(6) Hypersonic Drag Source Diagnostics

(7) Fighter Transonic Maneuver Wing Optimization

In each case, an effort is made to identify the value added to the
project by the application of engineering drag analysis methods.

Wing Tip-Mounted Winglet Design

Wing tip-mounted winglets provide a reduction in aircraft lift-
induced drag levels that can be atmbuted to end-plate effects. A
higher effective span is obtained with little increase in physical
span. The resulting wing root bending moment is less than that
derived from a simple wing tip extension so structural weight
penalties are minimized. To be effective, however, the winglet
lift-induced drag benefit must not be offset by a large wetted
surface friction drag penalty. This differentiates winglets from
simple end-plates. It also suggests that design details are
important. Funher, many winglet applications require design at
transonic speeds where the applications engineer must ensure
that interference effects and wave drag penalties are not
incurred. Once again, design details are important.

Winglet design can be initiated by taking advantage of the
empirical guidelines (Ref. 65) deveioped by Dr. Whitcomb at
NASA's Langley Research Center. Key characteristics are
summarized below.
« Avoid rake that would reduce wing tip region loading
» Winglet span should be comparable to wing tip chord
length
» Winglet toe-out angle is comparable to wing tip twist
angle
« Avoid merging of wing and winglet supersonic regions
« Winglet cant angle should be selected for optimum
combination of induced drag and wing root bending
moment
« Winglet juncture region should be treated like a wing root
juncture region. Avoid trailing edge load build-up.

The final three item:; can be accomplished using both subsonic
panel methods and transonic finite difference relaxation
schemes. Figure 59 identifies typical winglet parameters.
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During the winglet design effort for the Gulfsueam II] aircraft, SOEFHCIENT
these guidelines were followed and a recommended GAW-type L
airfoil was implemented. The airfoil shape can be seen in Fig. — WIND TUNNEL TEST M = 0.750 0.2
60. During the first wind tunnel test, early drag rise was O FLIGHT TEST M = 0.750
observed and atuibuted to the GAW section shape. This effect A FLIGHT TEST M= 0.775
was verified using a transonic two-dimensional transonic B
analysis (Ref. 33) coupled with extended sweep theory (see
"Transonic and Supersonic Wave Drag" section). Iterative
analyses were performed to re-contour the airfoil forward and aft {
regions, making the shape more supercritical in character. The ' L L L !
improved airfoil shape (Fig. 60) was placed back in the winglet 0.0030  -0.0020  -0.0010 0 0.0020  0.0020
planform for wind tunnel model fabrication. All of the design ACpDRAG COEFFICIENT INCREMENT
R91-6426-06%

goals were achieved during the second wind tunnel test.
Fig. 61 G-Il Winglet Drag Increment
Gulfsueam HI winglet drag increments are shown in Fig. 61.
The benefit/penalty trade can be identified. Testing
demonstrated a benefit that was slightly greater than that
predicted by analysis. Also, gains are reduced by wave drag
losses at a higher-than-design Mach number coupled with
higher-than-design lift levels. The aircraft performance benefits

that resulted from this design effort are summarized in Table 5. Table5 Results of Winglet

Experimental Validation

Applying computational methods in this case (to delay drag rise)

saved considerable model and test time expenses. Further, it is DRAG 3.1% DRAG REDUCTIONAT CRUISE G ].
judged that the final winglet drag benefit would not have been as

high considering the time constraints characterizing most test WEIGHT | +1/2% OF AVERAGE CRUISE WEIGHT

programs. Designing by repetitive testing often results in
compromised final configurations due to limits on the number of

variables that can be assessed. This is particularly the case for FUEL -6500 GAL./YR (BASED ON 600 HOUR USE)
aircraft with transonic design points.

RANGE | +117NM (4.3%)

MV91-6426-070
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Transonic Transport Wing Drag Minimization

The Gulfstream III executivejet is a good case study to
demonstrate computational drag minimization techniques
applied to high-speed wings. This is best accomplished by
examining the series of Gulfsueam designs from 1966
(Gulfstream II) to 1984 (Gulfstream I'V). In 1966, design by
experimentation was the means to optimize high-speed wing
shapes. The Gulfsueam II program fabricated eight separate
wing shapes for wind tunnel testing. Including refinements to
the original eight. twenty-four wing shapes were evaluated and
the best was selected for the M=0.75 cruise design point. This
may seem like a large number of wing shapes, but for that period
some aircraft development programs investigated hundreds of
wing shapes before settling on the final one.

The Gulfstream III configuration evolved during 1979. An effon
was initiated todevelop a new high-speed (M=0.78) wing by
retaining the G-IT wing box structure and flap/aileron surfaces.
The G-II and G-IHI wing planforms are compared in Fig. 62.
Leading edge and wing tip extensions increased wing area by
15%. Leading edge sweep was increased 3 degrees and aspect
ratio was maintained at 6.0. The wing root chord extension
decreased wing thickness from 12%to 10%. Equivalent two-
dimensional airfoil sections were extracted from the original G-
I wing at three span locations { n =0.182.0.351, and 0.937).
These shapes were refined using the transonic airfoil analysis
method of Ref. 33, subject to the extent constraints identified in
Fig. 62. Refinements evolved using iterative direct analysis.
Figure 63 shows a wing pressure distribution "before and after"
comparison where shock wave losses were reduced
considerably. Initial testing revealed that G-II drag creep
characteristics were eliminated and this was consistent with the
specific pre-test predicted wing section drag reductions included
in Fig. 64.

Clearly, a portionof the higher drag divergence Mach benefit is
attributable to reductions in wing thickness ratio. Equation 25
shows that the inboard drag divergence Mach benefit of 0.04 is
greater than that associated with thickness, 0.02. Figure 65
quantifies the total configuration drag reduction based on
verification testing. This transonic wing design effon
underscored the value of computational methods. The
performance enhancement was SO substantial that G-III wings
were fitted to many existing G-II aircraft These hybrid aircraft
were called G-I1As. Perhaps most intriguing, the results were
achieved with a single wind tunnel test that verified
computational predictions.
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Gulfstream IV development (Ref. 66) was initiated in March
1983. Unlike the 1979 G-II effort, the G-IV wing would be
redesigned structurally for weight reduction. This made it
possible to affect additional aerodynamic refinements that could
reduce drag and increase range. The primary design challenge
centered on geometric characteristics of the large fuselage-
mounted Tay engines with 50% more volume than the G-II's
Spey engines.

Wing shape past the 65% chord location was to be maintained in
an effort to preserve G-II control surfaces and thus reduce
development and manufacturing costs. Fuselage structure was
left untouched by constraining the wing-fuselage juncture
contours. Considering these constraints, the most effective wing
design would reduce outboard shock wave strength (Fig. 66) and

7-37

shift load inboard to compensate for wing load suppression
induced by the larger engine nacelle. A transonicwing-My-
nacelle-winglet computational analysis method (Ref. 60) was
used to develop appropriate wing contour changes in the
unconstrained region (Fig. 67). Care was taken to minimize a
wing tip lower surface leading edge spike that evolved with the
twisting needed to shift load inboard. This pressure spike
required treatment to avoid drag creep that would appear prior to
achieving the cruise design Mach number and lift level. Figure
68 shows the refinement implemented.

G-1V design goals were achieved with testing that immediately
followed the computational design program. Wind tunnel
pressure distributions agreed well with pre-test projections. The
wing pressure field (Fig. 69) shows a dramatic reduction in
outboard shock wave strength; this raised the G-1V cruise Mach
number to M=0.80. Perhaps most interesting, from the
engineering design perspective, is the nature of the performance
improvement shown in Fig. 70 where there is a small drag
benefit when the G-II1 and G-IV wing-fuselage configurations
are compared. With the nacelle installed, however, the
performance increment is larger. This case illustrates improved
component integration capabilities through computational
analysis.

Natural Laminar Flow Design

Another technique for drag reduction/minimization involves
achieving the lower levels of friction drag that are derived from
maintaining laminar flow over as large a surface as possible.
This might involve powered concepts where suction is applied to
remove low-energy boundary layer flow, or shapes might be
contoured to achieve favorable gradients that delay transition to
turbulent flow. This second tact, called natural laminar flow, is
only applicable to some aircraft design concepts where operating
circumstances and manufacturing/maintenance constraints make
it feasible. Wing sweep, for example, must ke moderate to
inhibit instabilities in the laminar boundary layer flow. If these
requirements are met, considerable advances in performance can
be achieved by applying modem computational drag
minimization tools.
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Fig. 66 G-lll Wing Pressure Distribution Comparisonat Cruise Condition{M = 0.78, a= 4")
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Eppler's method (Ref. 22) was discussed in the "Skin Friction
and Pressure Drag" subsection. Because of viscous flow
simulation complexity, the need for a prediction experience base
was stressed. With an understanding of simulation formulation
assumptionsand limitations, the applications engineer can use
Eppleis method to synthesize new wing section shapes for
specific applications. An application is included here to illustrate
the power of this engineering method.

NACA 6-Serieswing sectionswere developed to exploit the
performance gains possible with various extents of natural
laminar flow. Many aircraft now in production employ NACA
6-Series sections. For this case, a NACA 64-015 symmetric
section serves as a baseline. Eppler's method is used to generate
an advanced section with improved drag characteristics, Figure
71 shows the NACA and advanced airfoil section shapes plotted
to an expanded scale revealing details that are quite subtle. It can
be seen that the improved airfoil features a comparable nose
shape. It is slightly thicker between 20% and 60%chord while
being somewhat thinner between 70% and 90%chord. Figures
72-A and 72-B illustrate the improved drag characteristics
achieved at two Reynolds numbers. It might be expected that the
largest drag reductions occur at the lower Reynolds number, and
this is the case. It is important to identify that the improved
performance comes in several forms. First, the extent of laminar
flow is increased as evidenced by lower drag in the polar
"bucket™ region. Second, the incidence range over which laminar
flow can be maintained is broadened. Third, once transition
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occurs (above CL = 0.5) turbulent flow drag level is lower than
that for the standard NACA section. Finally, all of these
beneficial characteristicsare achieved with an airfoil shape
having increased thickness — a characteristic that could translate
into a structural weight savings.

It should be apparent that considerable progress has been made
in airfoil design since the NACA sections were conceived. The
advanced airfoil described here was generated with very simple
parameter specifications to Eppler'smethod. Given some time, it
is likely that section shapes with larger improvements can be
synthesized. Perhaps more important than performance in some
applications, computational techniques of this type allow the
designer to tailor airfoil section characteristicsfor specific

design problems with unique goals and constraints. This might
be contrasted to the altemative that involves settling on an airfoil
section that features some of the desired atuibutes but its
primary benefit is derived from the fact that it already exists.




Tian Documesy Bravi

7-40
Fighter High-speed Drag/Buffet Reduction

Flight testing revealed that subtle alterations to the F-14 nozzle,
sponson, inter-fairing, and composite region (Fig. 73) required
to accommodate new F110-GE-400 engines compromised the
aircraft buffet boundary during acceleration at low altitudes.
Transonic buffeting occurred at lower Mach numbers when
comparisons were made to the original configuration. In
addition, the intensity was higher. Many months of flight test
diagnostics and "field fixes" resulted in no satisfactory solution
of the problem. It was also unfortunate that the thrust to find a
solution as soon as possible limited fluid mechanical
phenomenon testing needed to develop a good physical
understanding of the problem source.
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The change in buffet character was most noticeable by pilots at
M=0.95. CFD was implemented because the closest available
sub-scale test data was taken at M=0.90. Initial flow simulations
were performed using transonic small-disturbance analyses.
Unfortunately, modeling constraints precluded any
representation of the vertical tails. M=0.95 analyses provided no
insight into the relevant buffet problem flow physics.

Valuable diagnostic information (Refs. 67 and 68)was
eventually obtained using the Navier-Stokes formulation
PARC3D (Ref. 69). Figure 74 shows the surface gridding for the
afterbody region of the original and modified F-14
configurations. Modeling sophistication was increased by adding
the vertical tail surfaces. Comparisons with available M=0.90
wind tunnel test data (Fig. 75) proved that simulation fidelity
was quite good. ?he only discrepancy noted can be attributed to
wake modeling limitations. Computations performed at the
Mach number of interest, M=0.95, eventually highlighted the
problem area. Figure 76 illustrates a low-pressure area
terminated by a shock wiave on the nacelle afterbody. It was
conjectured that increased shock wave strength in this region
was the source of the buffet boundary shift. Computations were
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Fig. 74 Surface Gridding for Navier-Stokes Analysis

Fig. 75 F-14A Afterbody Pressure Correlation at
M= 0.90
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Fig. 76 Predicted F-14 Afterbody Pressure Field at
M= 095

then used to identify means to weaken the shock wave. One
solution involved deflecting the rudder surfaces inboard to back-
pressure this region. The goal was to reduce pressure expansions
to the level found on the original configuration. Figure 77
provides a complete three-dimensional view of the flow
expansion/shock characteristics. Computations indicated that a
rudder deflection of 4 degrees(6 degrees set to compensate for
loading effects) would reduce expansion pressures as shown, but
in addition, the reduction in local maximum Mach number (Figs.
78 and 79) would also result in a net drag reduction as can be
seen in Fig. 80. Flight testing performed in August 1989
confirmed the computational predictions. In this case, the
buffeting problem was not identified by sub-scaletesting. The
analysis lead t0 a valuable engineering design solution that was
not identified during a flight test program. Further, drag
reductions were identified as a secondary benefit

Swept Wing Tip Optimization

Over the past 7 years, investigatorshave explored the possibility
of reducing lift-induceddrag by severely sweeping and tapering
wing tips. The motivation for doing this is derived from
observing the shapes of bird wings and fish fins recognizing that
these planforms have evolved naturally over millions of years to
form the most efficient and competitive shapes for survival,
Computational methods were applied to investigate this effectin
the mid-1980s as can be identified in Refs. 70and 71. Initial
predictions identified lift-induced drag reductions on the order
of 30%. But this large benefitwas the result of a faulty drag
calculation scheme: "numerical drag" at zero-lift was not
properly removed from the predictions made at incidence.
When the drag force was adjusted for this problem, the benefit
was closer to 3%.Performance gains in this range have also
been achieved in hydrodynamic applications (Ref. 72).

Recently (Ref. 73), NASA performed tests to gain more insight
into the lift-induced drag reduction mechanism. The models
examined have been included here asFig. 81. Test results verify
a performance improvement on the order of 3% (Fig. 82).

Drag reductions derived from swept-back wing tips appear to be
very controversial in a computational sense. One som e (Ref.

F-14D WITH 4° INBOARD
RUDDER DEFLECTION

R91-6426-104

Fig. 77 Navier-Stokes Analysis for F-14 Buffet
atM = 0.95

74) claims that there is little benefit to be derived from shapes of
this type, while another (Ref. 75) believes that the benefit
actually has a differentcharacterand mechanism. Other articles
(Refs. 76 and 77) suggest that swept tips provide an effective
end-plating benefit which can be visualized by imagining a view
looking upstream at a swept-tip wing planform that is at some
incidence angle. Thatis to say, a wing planform that is planar at
zero incidence may not be planar or exhibit planar wing drag
characteristicsat incidence. Clearly there is more work to be
done to ferret out a physical explanation for the drag
mechanisms involved, but one aircraft designer has decided not
to wait (Fig. 83).

Hypersonic Drag Source Identification

Interest in hypersonic flight has grown considerably during the
last decade. It is recognized that as speed increases, aircraft
dominated by wing shapes transition to vehicles that are
dominated by body shapes (Fig. 84). Understanding the
characteristicsof body forms at hypersonic speeds becomes
imponant, not only because of the body influence on propulsion
integration, but also because the body (the largest component)
generates a considerableportion of the total drag force.
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Fig. 84 Dominanceof Body Shapes as Speed increases

In 1988, a project was initiated to identify the impact of
hypersonic forebody shaping on inlet flow quality. The
foundation for this work was reported on in Ref. 78. The new
study included flight conditions at incidence and sideslip angles.
A secondary objective of this effort was to better understand the
nature of forebody drag characteristics at incidence (Ref, 79). In
other words, there was an interest in examining forebody drag to
identify the elements of resistance (i.e., friction, vortex, and
wave drag) as variations occur Wil incidence. Figure 85 shows
the hypersonic vehicle forebody shapes that formed the basis for
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this study. Two different types of computational methods were
applied. One method (Ref. 79) was characterized by simple
Newtonian Theory, while the other (Ref. 80) was a modem
Navier-Stokes formulation. Experience with these methods
applied to body shapes (Fig. 86 and 87) indicated that
reasonably accurate absolute drag predictions could be made.

By comparing the results from two vastly different
computational formulations, the nature of drag on forebody
shapes at incidence could be better understood. But the
computational predictions agreed closely, and the results were
not what was expected. Close agreement indicated that there
was probably not an appreciable amount of forebody drag
atuibutable to vortex flows and complex viscous interactions.
This is the case because the Newtonian method used did not
include m e viscous and vortical flow simulation capabilities.
The feature not expected was a dent or hole in the drag polar
shape (Fig. 88}!

Since Newtonian Theory registers this effect, it might be
appropriate to think in Newtonian Theory terms. Newtonian
Theory is linked to perfect gas, compressible flow, oblique
shock wave relations for M—yee

Co— 'Y%l sin%0

Where for very high speeds, shock waves with angles & will lie
close to vehicle surfaces with local orientation anglesE. Also?y
—1.

Cp —2 sin2e (31

This "point pressure law™ is applied by breaking configuration
surfaces into a large number of facets and summing for the final
integrated forces and moments. Equation 31 is used for
windward elements while Cp = 0 is used for leeward elements.

In Fig. 89, a body form is represented by a simple cone-cylinder
combination. At zeroincidence, a pressure field is generated on
the forward-facing surface. The cylindrical pomon registers no
effect. As incidence increases, the onset flow "exposes”
additional body surface area and in so doing changes the
effective body shape — the shape generating forces in Newtonian
Thwry. Finally, depending on the cone angle, an incidence
angle is reached where the effective body shape is "locked in"
(note the last shape in Fig. 89). It is conjectured that the irregular
hypersonic forebody polar shape is a direct result of wave drag
levels registering on an effective body shape that changes with
angle-of-attack over a shallow incidence range. The analogy to
this would be an airfoil or body shape in viscous flow where the
effective shape changes with Reynolds number as the boundary
layer displacement thickness varies.

It was found (Ref. 81) that experimentalists were measuring this
characteristic in the past, and curve fits were used to fair the data
ignoring the "dent." This occurred because, in most early
hypersonic testing, data at large (five degree) increments in
incidence were usually taken. This can be seen in Fig. $0. In
this case, computational drag analysis served to highlight drag
mechanisms and provide a basis to understand the fluid
mechanical foundations of observed characteristics.
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Fighter Transonic Maneuver Wing Optimization

X-29 (Fig. 91) configuration development provides a basis for
understanding the benefits that computational drag prediction
methods can have when applied to high-speed fighter wing
optimization. In this case, two-dimensional airfoil analyses
(applied in a three-dimensional wing design process) identified
that wing section load was carried differently (on the upper and
lower surfaces) depending on whether the wing was swept
forward or aft. This has been shown in Fig. 92-A and is
atuibuted to decoupled upper/lower flow mechanisms at
transonic conditions (Ref. 82). Reduced supersonic expansion
ultimately results with reduced shock wave strength and an
attendant reduction in wave drag. 1t can also be seen that as
flow conditions become more severe with increases in incidence
or Mach number, the forward swept wing shock wave moves aft
into aregion where shock wave sweep angles are increased —
just the opposite of the aft-swept wing situation. For aft-swept
wings, a shock wave moving back on the planform is forced to
lower sweep angles with an accompanying wave drag penalty
(Fig. 92-B). This, of course, is not to say that wave drag actually
decreases for forward swept wings with increasing flow severity
Instead, it suggests that there is a dragrelief mechanism
involved that can slow the rate that wave drag increases.
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High-speed wing design was affected with a design procedure
that coupled a twodimensional uansonic finite difference
method with a three-dimensional subsonic/supersonic panel
method. The two-dimensional analysis generated a streamwise
wing section, while the three-dimensional method identified
wing incidence or twist distribution along with any
spanwise/chordwise camber modifications (Refs. 32 and 82).

The resultant sweep effects were verified by wind tunnel tests at
AEDC and eventually by flight tests at NASA's Dryden Flight
Research Center. A USAF study (Refs. 83and 84) provided key
insights into the impact of resulting performance levels. Figure
93 compares drag polars at two transonic Mach numbers using
X-29 dataand the drag polar from an existing light-weight
fighter and an air superiority tighter. Figure 94 reveals that the
X-29 is characterized by lower thrust-toweight ratio but a
higher maximum lift coefficient. All of this ranslates into an
advantage in dynamic turns that might be performed during air-
to-air combat engagemenu (Fig. 95).
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The X-29 represents a breakthrough in advanced maneuvering
technology. Not only were the original conceptual origins of
modem forward sweep technology identified via computational
drag prediction methodology, but computational tools were
instrumentat in allowing the design to move smoothly forward
despite the fact that no applicable design experience base existed
for swept-forward configurations which might have enhanced
confidence and reduced risk levels. Itis difficultto make
comparisons to existing fighters since, for example, the
experimental X-29 configuration is not required to perform all
the functions of a tactical fighter. Not withstanding this, it is =
remarkable that only 160 hours of high-speed wind-tunnel test
time were required to finalize the configuration concept (Fig.
96); this is considerably less than that typically used for fighter R91-6426-078
configuration optimization (Ref. 85). fig. 95 Aircraft Dynamic Turn Performanceat 35,0001
(Ref. 83)
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CONCLUDING REMARKS

A number of engineering computational methods that can play a
role in predictng/analyzing drag components during aircraft
development programs have been described. An attempt has
been made to cover all drag components that are of interest to
the design engineer and provide some basis for understanding
what might be expected. i.e., typical results and accuracy levels.
A key constraint in any application, however. is the fact that
aircraft flows can become quite complex. Occasionally, this
complexity is beyond the capabilities of current computational
engineering tools. Funher. it is recognized that no single
method is capable of simultaneously treating all drag sources
that are important. This requires that the applications engineer
be clever and occasionally creative. Nothing, however, will
replace the need to establish a computational drag prediction
experience base — examples of which were included herein.

The role of computational engineering methods can be quite
varied. It should be apparent that the drag prediction tools
described can and have played an important role in bridging the
gap between simple handbook methods and the performance
establishing sub-scale tests that characterize aircraft
development programs. Funher, there are many instances where
these engineering tools have provided the design team with key
insights needed to advance the state-of-the-art or solve problems
with considerable resource savings. This results in an element
of creativity that is derived from the ability to inexpensively
evaluate many ideas without the time/expense constraints
associated with sub-scale testing. Finally. it should be
recognized that in some cases, there may be discrepancies
between wind-tunnel testing and flight test results. When this
happens. a third Source (coming from computational engineering
tools) can prove valuable in the sense that a third source of
information is often needed to break ties.

There are likely 1o be times, however. when the best
computerized methods are inadequate. A fall-back position
might involve the use of Smeaton'soriginal 1759equation (Eq.
1}. The applications engineer might also be advised to use
Smeaton's coefficient (0.0049) which was shown to be
conservative - since a good aerodynamicist knows that it is
important to keep a few counts of "drift" in his or her back
pocket. These counts are often needed as projects evolve.
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