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Preface

The quality of the design of gas turbine type propulsion systems strongly depends on the aero-thermodynamic system
performance and on the accuracy of modelling of the performance of the components. These prediction models are used during
the design phase, for flight performance calculations of the airframe-propulsion system and also for engine test analysis during
the development phase. In addition, modern engine monitoring systems also need reliable engine performance prediction
methods. This is valid for steady and transient operation of the engines.

The Lecture Series will therefore cover topics of aero-thermodynamic performance prediction methods for gas turbine engines
with respect to steady and transient operation. This includes advanced cycle calculation methods, also taking into account
variable cycle engine types. A very important objective will be the consideration of installation effects, i.e. Reynolds number and
inlet distortions, as well as advanced control concepts for increasing engine surge margins,

This Lecture Series, sponsored by the Propulsion and Energetics Panel of AGARD, has been implemented by the Consultant
and Exchange Programme.

Preéface

La qualité de la conception des systémes de propulsion du type turbine 4 gaz dépend fortement des performances
aérothermodynamiques du systéme et de la fidélité de la modélisation des performances de ses composants.

Ces modeles prédictifs sont employés lors de 1a phase de conception, pour le calcul des performances en vol du systéme cellule-
propulseur et pour I'analyse des tests de moteurs lors de la phase de développement. En outre, les systémes modernes de gestion
et de surveillance du moteur demandent, eux aussi, des méthodes fiables de prévision des performances des moteurs, tant en
régime transitoire qu'en régime ¢tabli.

Ainsi, ce Cycle de conférences portera sur les méthodes employées pour la prévision des performances aérothermodynamiques
des turbines & gaz en ce qui concerne le fonctionnement en régime transitoire et en régime établi, Ceci comprend les méthodes
modernes de calcul de cycle, en tenant compte des moteurs & cycle variable. L'un des principaux objectifs de la conférence sera
la prise en compte des effets d'installation, c’est a dire les distorsions produites au niveau des nombres de Reynolds et des
entrées d’air.

Ce Cycle de conférences est présenté par le Panel AGARD de Propulsion et d'Energétique et organisé dans le cadre du
programme des Consultants et des Echanges.
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OVERVIEW ON BASIS AND USE OF PERFORMANCE PREDICTION METHODS

H.LH. Saravanamuttoo
Department of Mechanical and Acrospace Engineering
Carleton University
Ottawa K18 5B6, Ontario
Canada

SUMMARY

The lecture outlines the basic methods of component matching which are central to the prediction of gas turbine
performance, Steady state prediction of off-design performance must be done at the beginning of an engine
development program, 1o ensure that the engine can satisfy all the mission requirements. The matching techniques
can be extended to predict transient performance, which is essential for controls development and to ensure good
engine handling. The large amount of computation required demands the use of computer modelling and the role
of modelling in the development program and the basic requirements for performance modelling are described.

SYMBOLS
m air flow rate I polar moment of inertia
G specific heat at constant pressure ® angular acceleration
T temperature N rotational speed
P pressure t time
G torque W, fuel flow
Na mechanical efficiency 1 rotor time constant

1, INTRODUCTION

This lecture series will deal with advanced methods for performance prediction, covering both steady state and
transient operation of different types of aero-engines. Itis instructive to consider the role of performance calculations
in the overall design process of a gas turbine, An overall view of the design process, showing the inter-relationship
between thermodynamic, acrodynamic, mechanical and control system design is given in Fig. 1 (1). It should be
clearly understood that the mechanical design cannot begin until preliminary thermodynamics and aerodynamic
designs have been carried out; the thermodynamic design determines the most suitable cycle conditions, fixing the
required air flow, cycle pressure ratio and turbine inlet temperature. Knowing these basic parameters, the
aerodynamic design can begin, defining the number of stages, annulus dimensions and rotational speed. Once these
are available the mechanical design can start. Fig. 1 shows some of the feedback loops involved, and clearly
indicates that the various specialist groups can not work in isolation and each must realize how their contributions
affect other design groups.

The previous material has concentrated on the degign point of the proposed engine. It is equally important, however,
to consider the off-design performance at a very early stage. Off-design performance must consider the behaviour
of the engine over a wide range of conditions which may vary either as a result of variable power settings, ambient
conditions or flight conditions. The manufacturers must be able to make accurate predictions of performance at key
flight conditions or for critical airport locations, for example, at the design stage, to provide information required
by the aircraft customer. The off-design performance predictions are of major importance to the controls designer,
providing such information as maximum fuel flow requirements, acceleration and deceleration fuel schedules, control
limits and selection of parameters for display to the pilot. Information can also be provided to the stress group on
the variation in loading with operating conditions, ¢.g. the maximum torque produced by a turboshaft in extreme cold
conditions. Methods of keeping the engine within prescribed limits may then be determined and built in to the
design of the control system. Fig. 2 shows a suitable method for controlling a simple jet engine to limit the thrust
at low ambient temperatures, often required for aircraft directional control in the event of engine failure in a multi-
engined aircraft, or to limit the turbine inlet temperature on hot days. These limiting functions may be achieved by
placing limits on other parameters such as compressor delivery pressure, fuel flow or engine pressure ratio.
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2, THE ROLE OF ENGINE MODELLING

The evaluation of engine performance obviously requires a large computing effort and mathematical models are now
an integral part of the design phase. It is obvious that engine manufacturers must be deeply involved in mathematical
modelling, but it should also be realized that users may also have a significant interest in the use of mathematical
models for investigation of in-service problems; these might include handling problems in particular flight regimes
or the application of diagnostics in Engine Health Monitoring (EHM).

Computer modelling will be used throughout an engine development program, but there are many certification tests
which must be demonstrated on actual engines, e.g. bird strike, blade-off testing and water ingestion, and the
development period of engines has not changed significantly following the widespread use of computing,.

2.1 Performance Evaluation

One of the first requirements for an engine program is to predict the performance of the engine over the full range
of conditions from take-off to a variety of flight regimes such as low altitude penetration, high altitude cruise and
combat manouevring with maximum afterburning, This requires sophisticated modelling which can be done with
a high level of confidence before the engine has run; both design point and off-design performance must be
accurately predicted. This must be done before any component testing has been carried out and the component
characteristics must be estimated and then updated as the program unfolds. In a later lecture, the topic of component
peformance changes between test rigs and actual engine operation will be discussed.

As the need for ever improving aircraft performance drives the engine designer to continvally improve engine
performance, engines are steadily becoming more complex. Variable stator compressors, for many years found only
on GE engines, are now used on virtually all high performance engines to cope with steadily rising pressure ratios.
Blow-off valves are frequently used on starting or when operating at low power. Variable final nozzles are becoming
more sophisticated, with the first fully variable convergent-divergent nozzle introduced on the Olympus 593 in
Concorde; the use of variable nozzle area to optimize Concorde engine performance is well described in (2); variable
geometry turbines have not yet been introduced in aeroengines, but have been used for some years in industrial
engines for performance improvement at part load. Future military, and probably civil, engines will introduce
variable cycle technology. As an example, a future supersonic transport engine will need to operate at high by-pass
ratio and low jet velocity at take-off, to minimize noise, while operating with a very low by-pass ratio and high jet
velocity for efficient supersonic cruise.

The evaluation of all of these new technologies requires an ever increasing use of mathematical models at the design
stage; many initially promising schemes may tum out to be impractical, but considerable man effort and computations
may be required to provide the information to support or abandon a new concept.

2.2 Controls Design

With increasingly complex engines the control system requirements become much more complicated. Early engines
had no variable geometry to control and simple hydro-mechanical controls capable of adjusting fuel flow with altitude
and providing simple acceleration schedules were used. The use of variable geometry compressors, intakes and
nozzles allows the engine operating conditions to be optimized for widely differing flight conditions. The variable
geometry can also be used to optimize transient response, both during accelerations and decelerations, to provide
rapid thrust changes without over-temperature or flame out.

Comprehensive mathematical models of the complete power plant (intake-gas generator-exhaust) plus the control
system can be used to devise control strategies and limiting parameters (3); these can be investigated in great detail,
without endangering an engine. The acceleration and deceleration fuel schedules can be optimized, along with the
required variable geometry settings. The predictions from the mathematical model must eventually be validated on
actual engines, first on the test bed and later in flight. The judicious use of models should reduce the amount of
testing required and minimize the high cost of engine failures.

23 Engine Test Direction and Analysis

Engine modelling may be used in advance of engine testing to investigate possible hazardous operating conditions
and also to familiarize test crew with the likely behaviour of the engine on test. This will become increasingly
important as complex variable cycle engines appear, because the test operators will have no previous experience 10
rely on; indeed, following past practice for simple engines could be quite the wrong action. Both steady state and
dynamic models could be used for operator training.
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Engines under development are heavily instrumented, leading to prodigious amounts of experimental data. This must
be rapidly analyzed and then assessed by the test crew before moving 1o another operating condition. The use of
models to analyze experimental data is invaluable to both ground test beds and flight operations.

24 Engine Health Monitoring

Once the engine has entered service, many of the problems transfer to the operator. It is nearly two decades since
the introduction of Airborne Integrated Data Systems (AIDS) in the airline world; these systems primarily dealt with
trend monitoring and were not notably successful. Engine Health Monitoring (EHM) systems are considerably more
ambitious, with the prime goal of diagnozing performance deterioration and identifying the fault. With the
widespread introduction of fully modular engines, it is critically important to diagnoze to the module level.

Mathematical modelling can be used to predict performance deterioration, by implanting faults at the component level
in a performance model and developing fault matrices showing the effect of different faults. This eventually leads
to the concept of expert systems, the main problem being that the rules for performance degradation are not fully
understood and will probably be quite engine specific. Mathematical models of performance deterioration can give
a good insight into likely indications of trouble (4), but it is still necessary to obtain experimental evidence of the
quantitative effects of damage on engine components to replace the asumptions about changes in efficiency or flow
capacity that must currently be used.

Ideally, the manufacturer and the user would work together on this problem but the user may find a lack of suport
from the manufacturer or even that the manufacturer does not understand the problem, This leads to the situation
where the user, or a third party, becomes deeply involved in mathematical modelling.

3 OFF-DESIGN PERFORMANCE

Methods for calculating the design point performance of gas turbines are well understood, and can be done with great
accuracy by making the appropriate assumptions regarding component efficiencies, pressure losses, air bleeds and
the variation of fluid properties with temperature and composition. Off-design performance is often not well
understood, largely because of the manner in which the results are presented. Performance figures from a typical
engine manufacturer’s brochure are shown in Figures 3 and 4; these results could be obtained on a test bed, from
flight test or by mathematical modelling and all three metheds would be used in practice. It is not clear, however,
how these results could be predicted by mathematical modelling without understanding the underlying principles.

a1 Basic Method for Performance Analysis

In its simplest form, the gas turbine consists of a compressor, combustor, turbine and exhaust; this configuration
could be used for either a turboprop or turbojet. 'When the gas turbine is operated at any condition other than the
design point its performance will depend on the matching of the compressor and turbine; both compressors and
turbines have well defined variations of flow with pressure ratio and speed, and when the compressor power is
supplied by the turbine there is a very restricted range of operating possibilities. The configuration of the gas turbine
has a major bearing on its off-design performance. A turboprop may be designed with a single shaft or free turbine
configuration; two engines may be designed with almost identical cycle conditions, but totally different operational
characteristics. This is exemplified by the Garrett 331 and PW Canada PT-6 turboprops.

The majority of high performance modern engines use multi-spool compressors, the most common configuration
being the twin-spool with the low pressure (LP) fan/compressor driven by the LP turbine and the high pressure (HP)
compressor driven by the HP turbine; typical examples are shown in Fig. 5. A notable exception is the three-spool
RB-211 family of high by-pass commercial turbofans. The three-spool arrangement has also been used on the Turbo
Union RB-199 military turbofan.

Irrespective of the configurations used, the off-design behaviour is determined by the matching of the compressor(s)
and turbine(s). The matching process is categorized by two main conditions, these being

1. Compatibility of Flow
2. Compatibility of Work

In the case of transient operation the turbine work is not equal to the compressor work, resulting in acceleration or
deceleration of the rotor system,

The basis of the compressor-turbine matching process was first laid down by Mallinson and Lewis (5); it is perhaps
worth noting that the process was originally done by slide rule, before even the most rudimentary computers were
available.
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32 Basic Application of Method
The prediction of off-design performance requires the availability of compressor and turbine characteristics, which
are presentations of the flow/pressure ratio/speed variation of the components. These are usually given in terms of

‘non-dimensional’ qualities such as myT /P, pressure ratio and N/,/'f as shown in Fig. 6. The ‘non-dimensional’

flow, myT/P, is related to the axial Mach number of flow, while N/{T, is related 1o the Mach number
corresponding to the tangential blade speed (see (1)).

It should be realized at the outset that it is difficult to obtain these characteristics, and this will be discussed further
in a later lecture, Methods exist for predicting characteristics, either based on knowledge of similar components or
from estimates of the head-flow characteristics of individual stages. Component characteristic data are often highly
proprietary to the manufacturer, and this can present problems to the user who wishes 10 create an engine model,

The basis of the method will be illustrated using the examples of a single shaft turboprop and a simple jet engine,
using an abbreviated treatment of material from (1). For simplicity and ease of understanding engine, stations are
numbered consecutively starting with 1 at the compressor inlet. The SAE have recommended a unified method
applicable to all gas turbine types in SAE Aerospace Recommended Practice ARP 755A "Gas Turbine Engine
Performance Station Identification and Nomenclature.” This system uses 2 for inlet to the first compressor, 3 for
the exit from the final compressor, 4 for inlet to the first turbine and 5 for exit from the last turbine; this allows the
use of numbers such as 4.5 for entry to the LP turbine of a twin spool engine.

3.2.1  Single Shaft Turboprop

Consider a single-shaft turboprop with station numbering as in Fig. 7; to illustrate the basic simplicity of the method,
secondary effects such as inlet and exhaust pressure losses and bleed will be neglected. It will also be assumed that
the turbine characteristic is independent of speed, giving a single line characteristic as shown.

Seclect any arbitrary point on the compressor characteristic, A, defining m, 1/7‘, /P, PP, and m,. From
Compatibility of Flow

m, = m, {neglecting bleed and fuel addition)
Re-writing in terms of non-dimensional groups

»/_ ms»/_ P, P, F,ml

P, P P T, m,

where P,/P, is the combustion pressure loss. Simplifying, with m; = m; = m

m\/IT_m‘/TT Py, P, | T
P,

A

-q

3

This gives an expression for TYT,, i.e.

With inlet and exhaust pressure losses ignored, Py/P, = P,/P,; thus m \/T3 / P, can be obtained directly from the
turbine characteristics and we have all the information required to determine T, at our selected point A.
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Turming to Compatibility of Work,
(Turbine work) n, = Compressor work + propeller output
m pr ATu nm =m Cpl?. Ale + pOwel‘ II

Now, AT,,/T, can be found from PyP, and m,and AT,/T, from P,/P, and 7, hence both AT,  and AT, can be
calculated as we know T, (from Eqn. (I)) and T,, the ambient temperature. Thus the power developed can be
calculated from Eqn (II); all other data required for cycle calculations are available, and it would now be possible
to calculate fuel flow, sfc etc. as required.

The key question to be resolved, however, is whether point A is valid or not. This, in turn, depends on the power-
speed characteristic of the driven load. If a fixed pitch propeller were used, power varies with (N), and for any
specified speed the power is known; there is no reason why our arbitrary choice of point A should give the correct
power and it would be necessary to find the unique point on the constant speed line which gave the correct power
by trial and error.

For a variable pitch propeller (or electric generator) we can vary power at constant speed and by choosing a series
of points on the compressor characteristic we could readily establish the variation of power, turbine inlet temperature,
fuel flow, sfc as pressure ratio is varied. This could determine the point where zero power was obtained and also
the power at maximum allowable temperature or at the surge limit, whichever came first.

Calculations for the single shaft engine are intrinsically simple because the pressure ratio across the turbine is directly
related to the compressor pressure ratio. This simple relationship is lost when we consider either a free turbine or
a propelling nozzle.

322  Jet Engine

The simple jet engine considered is shown in Fig. 8; the flow characteristics of a propelling nozzle and a turbine are
virtually identical, so the following analysis can be applied to either a jet engine or a turboprop/turboshaft with a
free turbine.

Let us start again by choosing any point A on the compressor characteristic. Considering Compatibility of Flow,
we get

m{T, _m|1, P, P, [T,
—F TP F T,

P, F, P,

3 2

giving

m\/Tg . P, . P,
T, - P, P, P I
1, m\/T1

which is the same result as for the previous case.
Compatibility of Work gives
(m C3 ATy) Ny =M G, ATy,
i.e. the gas generator turbine provides just enough work to drive the compressor
Re-writing in terms of non-dimensional temperature ratios,

AT, AT, T, ¢,

T, T, 1, €34 T
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[ A Tn]
T, T
or 2 = ! Cprz I
T, AT, | el
T3

The values of T,/T,, from Eqns. I and II must be equal. In this case, however, we do not know Py/P,. If we assume

a value of Py/P,, we can get m \/T, /Py , m, and AT,/T, from the turbine characteristic; this will, in general, give
different values of T, from Eqns. I and II and it is necessary to iterate until a suitable value of P,/P, is found.

Having found the value of P;/P, that gives the same value of T, from both Compatibility of Flow and Compatibility
of Work, we have satisfied the matching requirements of the gas generator.

We can also calculate conditions at exit from the torbine, ie.

m\/T‘ - mMT, Py | T,
PR TR P NT

T
where ‘ TE =

This also gives us P,, because

P, P

ERLRR

1 2
P
and P, =P-_1
PS

Knowing P,/P,, the nozzle characteristic gives us a value of m ‘/T‘ / P,; this, unfortunately, will not in general be
the same as the value calculated at exit from the turbine, In other words, we still have 10 satisfy Compatibility of
Flow between the turbine and the exhaust.

This would require the selection of a series of points along the selected speed line until the unique point satisfying
both the gas generator and nozzle requirements was found. If this procedure were repeated for each speed line on
the compressor characteristic the result would be a single operating ling, determined by the swallowing capacity of
the nozzle or power turbine. It is important to note that for a free turbine murboprop the operating line is fixed by
the power turbine characteristic rather than the power output as in the case of the single shaft turboprop. Thus,
power changes must be obtained by changes in gas generator speed for the free turbine engine; the single shaft can
change power at constant speed, by means of propeller pitch control. The transient behaviour of the two types of
turboprop is totally different, as is their mode of operation.

32.3  Effect of Choked Nozzle
It is useful to consider the behaviour of a turbine and nozzle, or two turbines, in series. If we start with a

conventional turbine characteristic, knowing m ‘/T, /P, and 7, as functions of Py/P,, we can calculate the turbine

exit flow function m \/T‘ /P, ie.

myT, _mJ’IT_
P,

Py

3 -

;u| o
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Thus, for each value of P,/P, we can calculate m ‘/T‘ /P, and draw the two characteristics as shown in Fig. 9. It
is immediately obvious that the pressure ratio P,/P, is limited by choking of the downstream components. With the
final nozzle choked, the gas generator turbine operates at a fixed non-dimensional point with the values of

m \/TT / P;, PyP, and AT,,/T, constant. It is for this reason that over a very wide range of operating conditions the
HP turbine continues to operate efficiently. The choked nozzle gives a unique operating line on the compressor
characteristic which is independent of flight speed; for modern jet engines the nozzle will be choked for all normal
flight conditions, only becoming unchoked during descent or ground operations when the engine is throttled back.

324  Off-design Performance Presentation

Assuming a unique operating line on the compressor characteristic, it can readily be seen that at each point along
the line all performance parameters are known, having been determined from the matching calculations. It is more
useful to select one of these as the independent variable and display all other parameters as a function of the selected
parameter, The most obvious independent parameter is the gas generator speed, and this results in the presentation
previously shown in Fig. 3; this can also be used to present the performance at various altitudes as a function of
Mach number and compressor speed. From Fig. 3 it can readily be seen that the sctting of take-off, climb and cruise
ratings on the basis of gas generator speed implies both reduction in centrifugal stress and turbine inlet temperature.
Calculations yield the values of all significant temperatures, e.g. Turbine Inlet Temperature, Inter Turbine
Temperature or Exhaust Gas Temperature; the value of EGT corresponding to the maximum allowable TIT can then
be determined and used as a control limit.

Any of the thermodynamic parameters could be selected as the independent variable, including Engine Pressure Ratio
(EPR); this was widely used for thrust setting purposes on jet engines. It can be shown that the thrust is directly
related to the EPR, and even for a deteriorated engine knowledge of the jet pipe pressure will give a good indication
of thrust. EPR is not an intuitive indicator of thrust; it can be seen, however, that the variation of parameters with
EFPR is directly obtained from the off-design matching calculations.

3.2.5 Multi-Spool Engines
With multiple spools it becomes necessary to solve for work compatibility on all rotors and for flow compatibility
between components. For a twin-spool turbojet, for example,

LP compressor work = LP wirbine work
HP compressor work = HP turbine work

and
f 3 { 3y
mﬁ at exit from LPC = m_@ at entry to HPC
. P P
\ /
( 3 { A
mﬁ at exit from HPT = m_‘/f. at entry to LPT
P F
\ J \ /
() ()
m_’/_f_ at exit from LPT = mﬁ at entry to nozzle
\ P / \ P /

The level of complexity of the calculation increases rapidly as more components are added, but the basic simple
methods described earlier still apply.

In the cases of a twin-spool turbojet, the LP mrbine stators are normally choked over most of the operating range.
The HP spool can be thought of as a simple jet engine with a choked final nozzle, giving rise to a unique operating
line on the HPC characteristic as long as the LP turbine is choked. Incorporation of a variable final nozzle affects
the operation of the LP system, while the HP system is shielded from disturbances downstream of the choked LP
turbine. Methods of analyzing twin-spool performance, both for turbojets and turbofans, are given in (1).
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4. TRANSIENT PERFORMANCE
The steady state performance of the engine can be calculated using the methods described in the previous section,
one of the key outputs being the steady state fuel flow. To accelerate the engine, excess fuel must be added, giving
a higher turbine inlet temperature; this, in turn, gives a higher turbine temperature drop resulting in more power
available than required by the compressor. The engine speed then increases until the torques are again in balance,
Decreasing the fuel has the opposite effect.

The simplest way to understand the transient behaviour of engines is to assume that compatibility of flow is still
satisfied, but compatibility of work is not.

4.1 Acceleration Torque

If the engine is operating in equilibrium and is then subjected to a sudden increase in fuel flow, the turbine
temperature will increase much more rapidly than any increase in rotor speed because of the inertia of the rotor
system. For a simple jet engine, the effect is an excursion along the constant speed line on the compressor
characteristic towards surge; a sufficiently large step change will cause the engine to surge.

Considering the case of accelerating the gas generator, the acceleration torque, AG, is given by
AG =G, -G,

where G, and G, are the turbine and compressor lorques. Assuming ATy /T, to be determined by the turbine
operating point, increasing T, will cause an increase in AT,, and the torque is given by

AG =m Cp“ ATM nm -m CplZATIZ
The rotor acceleration is then obtained from Newton’s Second Law of Motion as
AG=]®

where ] is the polar moment of inertia and @& is the angular acceleration. The accelerating torque can then be
integrated with respect to time to get the change in rotor speed.

It should be noted that the net torque is the difference between two quantities of similar magnitude and a small
change in either may result in a much larger change in the torque available for acceleration. Accurate transient
calculations therefore require very good estimates of both compressor and turbine torques; this is especially difficult
at low speeds, e.g. during starting or windmilling,

4.2 Fuel Schedules

The fuel required for acceleration or deceleration is normally scheduled, the requirements being to provide safe
operation, rapid response and long life, Rapid response requires a large amount of over-fuelling, causing high
temperatures and thermal shock which is undesirable from the viewpoint of long life. Safe operation implies
maintaining a large surge margin and avoiding flame-out on deceleration; again, the need for a large surge margin
is directly in conflict with the requirement for rapid response.

Selection of a suitable fuel schedule is very dependent on the engine application, and is greatly helped by the use
of mathematical modelling of the engine transient performance.

Typical fuel schedules are shown in Fig, 10, The use of a computer model to optimize acceleration performance
of a simple turbojet is described in (6) and for a variable geometry turbofan in (7).

5. THE EVOLUTION OF MODELLING TECHNIQUES

It is the availability of extremely powerful computing facilities which have made possible the very advanced
thermodynamic models in widespread use to-day. It is instructive, however, to examine the evolution of modelling
techniques realizing that the basic investigations into the engine response problem began in the late 40’s, when
computers were in their infancy; at that period in time, control engineering was very much in the field of electrical
engineering and there was a very considerable gulf between the disciplines of control and engine performance.
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51 Linear Models

Although this pioneering work may now be regarded as somewhat elementary, it is important to realize that the early
attempts to quantify engine dynamics were very successful in identifying and understanding the parameters which
affect the response rate. Probably the earliest published work was that of NACA, where Gold and Rosenzweig (8)
showed, in 1952, that the rotor of a turbojet responded to sudden changes in fuel flow as a first-order system which
could be conveniently expressed in terms of a rotor time constant; their expression for time constant, however,
appeared in terms of partial derivatives which were not readily available and also were difficult to interpret
quantitatively. A major advance was made by the Lucas Company (9), whose analysis assumed that a sudden
increase in fuel flow would cause an instantaneous increase in turbine torque but zero increase in compressor torque.
As a result of this simplified analysis, the rotor time constant could be expressed in terms of thermodynamic
parameters which were readily obtained from normal performance calculations. The expression obtained was

T - KIN

AT, || 4W,

T, dN
The variation of T as a function of N could thus be determined as soon as the off-design performance had been
evaluated. Referring to Fig. 3, it can be seen that fuel flow changes relatively slowly at low speeds and then changes
much more rapidly as speed increases. Fig. 11 shows typical variations of AT,,/T, and dW /dN for a simple turbojet,
and it can be seen that both terms decrease with reducing speed causing a significant increase in time constant; it
can readily be seen that the dominant effect in determining t is dW/dN. Thus, the simple theory yields the important
practical result that response is much more sluggish at low speeds. Despite its simplifying assumptions, the Lucas

method gives quite respectable results when compared with engine tests, as shown in Fig. 12, and improvements on
this method are still in use for preliminary investigations.

Another important deduction following from the simple expression for the time constant is that, at high altitudes,
where dW,/dN will be much lower because of the reduction in fuel flow, the time constant will be increased. It is
possible (but hardly convincing!) to express the moment of inertia in non-dimensional form, but a much more
reasonable explanation is to consider that the engine inertia remains fixed while the energy release decreases with
altitude,

It is important to realize that it is quite fundamental that response from low values of compressor speed will be
sluggish, and much sophisticated modelling for a wide variety of engines of differing complexity has shown that it
is essential to keep the HP rotor speed as high as possible for good response rates.

The major disadvantage of the time constant approach, however, was that it was limited to small changes in speed
(say * 5%) and it did not give much information beyond the rotor speed response; it was primarily of use to control
system designers, and was of little use to the engine or airframe designer.

52 Analog Computer Models

It was clear that for mathematical modelling to be useful to the engine designer, models capable of operation over
the complete running range were essential. The computations required for continuous calculation of engine dynamics
were greatly in excess of the capacity of early digital computers, and attention was initially focused on analog
computers because of their capability of operating in real time. Notable work was carried out by Larrowe and
Spencer (10), sponsored by the US Air Force, in the hope that, with a model operating in real time, the control
hardware could be developed using a simulator rather than an actual engine. The anticipated advantages were not
immediately realized, mainly because of the difficulty of integrating hydromechanical control systems and their
required sensors and actuators with analog computers. A further major problem was the use of conducting surface
bi-variant function generators for compressor characteristics, as these introduced both inaccuracies and dynamic
effects on their own. Larrowe and Spencer, however, are due credit for the first real time simulation based on
component characteristics using the approach of the engineering thermodynamicist. The problem of bi-variant
function generators was overcome by using three single function generators to generate a function of two variables,
and Saravanamuttoo (11) used this to develop full range analog methods which were used to predict dynamic
behaviour of the Orenda OT-4 at the design stage. The analog proved fully capable of camrying out real time
dynamic performance investigations on the Olympus 593, (12). It is interesting to note that 25 years ago the analog
could simulate the Olympus 593 in real time, while a typical 5 second acceleration took approximately 20 minutes
on a University main frame digital computer of that era,. While analog models proved extremely useful in predicting
engine behaviour, their greatest use has been in providing an understanding of different control strategies.



TECHNICAL LIBRARY

1-10

Once full range models, based on known component characteristics, became established, major efforts were focused
on effects such as heat transfer to and from engine parts, changes in clearances during transients, transient
combustion efficiencies and changes in component characteristics during transients. Bauerfeind (13) discussed many
of these effects in an earlier AGARD paper. It is clear that these can only be considered because of the enormous
developments in computing capability, and also that they can lead to a vast increase in modelling complexity,

Hybrid computers were used for a few years, augmenting the high speed integration capability of the analog with
the stored program capability of the digital computer, In recent years, however, developments in high speed digital
computers has made both the analog and hybrid machines obsolete, and all future activity in modelling will be based
on digital computing; the advent of paralle]l processing in particular permits much higher computing speeds.

53 Modelling Requirements

It is appropriate at this point to consider the requirements for a successful mathematical model, bearing in mind that
the model should be kept as simple as possible consistent with the needs of the particular user. The prime
requirement of any model is that it should faithfully and accurately represent the behaviour of the engine over its
complete running range and flight envelope. Further important requirements include:

1. Flexibility: The simulation must be capable of handling all the obvious requirements, such as scheduled
accelerations and the operation of variable geometry devices; it must also be capable of dealing with
situations which were not anticipated initially. During the development of an engine compressors and
turbines may be modified to imprave their performance, and the simulation must be able to keep abreast
of the latest developments,

2, Credibility: The simulation must be readily understandable to performance, development and management
engineers who are not simulation specialists; for this reason, the simulation should produce results in a form
similar to a real engine and should make use of commonly available data.

3. Availability: Once the simulation has been verified it must be capable of being rapidly brought into use
whenever required without the necessity of lengthy setup times.

4, Reliability: A high degree of reliability and repeatability is clearly essential, and the simulation must be
capable of easy checking 1o ensure that it is functioning correctly; this is especially important for complex
engine simulations,
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PRACTICAL CONSIDERATIONS IN DESIGNING THE ENGINE CYCLE

M G Philpot

Alir Vehicle Performance Department
Royal Aerospace Bstablishment
Defence Research Agency,
Pyesatock, Farnborough, UK

SUMMARY

when it is required to define the cycle
parameters and calculate the performance of
a real engine, there are numerous practical
constraints that need to be taken into
account. These fall intoe two main
categories: the limitations of available
component technologies, and the operational
considerations that are dependent on
aircraft application. The lecture
discusses the main technology limiters and
indicates how they are incorporated into
the cycle definition process. COperational
factors include the extent of the intended
flight envelope and range of critical
flight conditions for which performance
must be assured, and the balance to¢ be
struck between minimising fuel consumption,
maximising installed power and constraining
costs of ownership. Taking these
technology and operaticnal influences into
account, the basic cycle characteristics
and approach to cycle choice are examined
for three main classes of aircraft:
subsonic transports, military combat
aircraft and helicopters.

LIST OF MAIN SYMBOLS

Co = Specific heat

H = Enthalpy

h = Enthalpy/unit mass flow

LCv = Fuel lower calorific value

Ma = Aircraft flight Mach no

P = Total pressure at station n

Q. = Air mass flow at station n

Qe = Fuel mass flow

R = Compressor pressure ratio

Roa = Qverall (cycle) pressure ratio
Th = Total temperature at station n
U = Blade tangential speed

Va = Aircraft flight speed

vy = Jet velocity relative to aircraft
Xa = Gross thrust

X = Ret thrust

Nieen = Component isentropic efficiency
Naa = Overall cycle efficiency

o = Propulsive efficiency

N = Transfer efficiency

fa = Thermal efficiency

p = Density

i = Bypass ratio

1 INTRODUCTION

In the first lecture (Ref 1), Prof
Saravanamuttoo has outlined the bhasic
principles of alircraft gas turbine cycle
analysis and performance. In applying
these principles to specific cases, the gas
turbine designer must take a multitude of

practical factors into account in order to
select the most appropriate cycle
parameters.

Most obviously, the available component
technologies impose aerodynamic, thermal
and mechanical 1limits which set upper
bounds on cycle pressure ratios and
temperatures. Gas turbine R and D is being
pursued vigorously in government
laboratories, manufacturing companies,
universities and other research institutes
and these barriers are being progressively
pushed back, with 1little sign that a
plateau of technology is being reached.
Nevertheless, while the acceptable limits
may move with time, they remain firm ocnes
which the designer must observe, his only
freedom being the judgement of precisely
where to set them for the envisaged
application at the time of design freeze.
The application itself is equally
important. The type of aircraft - military
combat, civil or military transport,
helicopter, ete - and the planned service
life and mission operating requirements,
will all have major influence on the choice
of cycle parameters.

In this lecture we will examine some of the
key technology limiters, how they affect
¢ycle choice and how they can be taken into
account 1in cycle analysis. This will
provide a basis on which to consider the
cycle requirements and characteristics of
the three main types of application
mentioned above.

2 TECHNOLOGY CONSIDERATIONS
2.1 Compressor lcadings and running lines

For any engine, choice of compressor design
is one of the crucial issues facing the
designer at the start of the engine
definition process. It involves a complex
compromise between efficiency targets,
numbers of stages, surge margin

regquirements across the intended flight
envelope and various mechanical
considerations, such as stress limits,
vibration, etc,.

Fig 1 shows the typical trend in pressure
ratio/stage for in-engine efficiencies at
the engine aerodynamic design point. in
general, increasing the work done per stage
reduces compressor efficiencies, although
thanks to the considerable improvements in
the understanding of detailed compressor
aercdynamics and in CFD design methods,
this effect is less marked than it used to
be. On the other hand, reducing the number
of stages tends to bring advantages in
reduced engine length, weight and cost.
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For combat aircraft, the latter
considerations generally dominate and high
stage loading designs are almost always
chosen, at least for the core. For civil
applications, while cost and weight are
still important, the need to minimise fuel
burn places more stress on high component
efficiencies and leads to more modest core
compressor stage leoadings.

The situation is reversed for the fan on
the low pressure spool. Stage pressure
ratios of up to 1.8 are commonplace in high
bypass civil engines, but largely because
of the problems of stage matching, the
multistage fans needed for 1low bypass
combat engines are struggling to reach such
high levels at acceptable efficiency and
stability. Even so, fan stage pressure
ratios can be considerably higher than for
CcOoYe COmpressors. This is because high
blade speed transonic designs are
habitually used for fans, reducing the
aerodynamic loading in terms of Ah/U2?., For
HP compressors, the combination of rear
stage stresses and temperatures and narrow
flow annuli demand much lower blade speed
designs and hence lower stage pressure
rises.

From a practical point of view, it is
essential that the fan and core compressor
are each provided with sufficient working
surge margin to ensure stable operation
over the entire flight envelope and under
all likely transient conditions. Achieving
this at high stage lcadings is always a
challenge. Fig 2 shows an operating map
for a military engine high pressure
compressor, with a typical engine running
line superimposed. This runs roughly
parallel to the surge line, the difference
between the two being the surge margin,
which may be defined as:

Surge Margin = Rsurge - Rop at fixed
Rop QzJszp2

Q.JT./P, = compressor entry mass flow
function
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{(the station numbers follow the convention
defined in Fig 5 of Ref 1)

The required surge margin is built wup
empirically from a consideration of the
varicus sources of instability. The main
factors, which contribute roughly equally
are:

- Allowance for build tolerances, in-
service detericration, etc.

- Allowance for intake flow distortions
due to cross-wind and/or severe pitch/yaw
alrcraft manoeuvres.

- Allowance for running line shift during
engine transients (eg slam
accelerations).

Assessment of these effects for specific
cases may yield surge margins as low as 15%
or as high as 25% at the design point, but
a figure of around 20% is fairly normal and

this has been used in Fig 2.
Unfortunately, modern high duty
COMPressors, particularly LP system

transcnic designs, tend to achieve peak
efficiency close to the surge line (perhaps
at a surge margin of 10% or less). The
shift to a realistic surge margin may cost
1% or more in compressor efficiency. The
cycle designer must be aware of this in
evaluating claimed compressor technology
achievements.

Account must also be taken of Reynolds
number {Re), which has a significant effect
on compressor efficiencies. This operates
in a complex way and generally has to be
modelled empirically. Various
experimentally-based relationships may be
used, but typically:

-0.1

(1 - nisen) a Re
From sea level to altitude cruise, Re can
change by a factor of around 2.5, giving a
compressor efficiency loss of some 1i%. As
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well as affecting engine fuel burn or
thrust performance, this reduction causes
the engine to rematch to a slightly higher
compressor running 1line and must be
included in the surge margin assessment.

2.2 Turbine aerodynamics

The turbines introduce few cycle modelling

problems. For example, Reynolds number
effects are small and can safely be
ignored. The main concern is to achieve

proper representation of the bleed flows in
cooled turbines. In modern, high
temperature engines the cooling bleeds are
extracted from the compression system at
two or more points and returned to the
cycle at several peints through the turbkine
system. Up to 25% of the core entry flow
may be utilised in this way, see Fig 3.
The flows provide cooling for two or more
nozzle guide vane (NGV) rows, at least one
and more probably two rows of roter
alrfoils, and the front and back faces of
the associated rotor discs.

In cycle analysis it is usually assumed
that cooling bleed flows entering the
mainstream before a given turbine rotor (ie
the NGV and front disc face cooling)
contribute to the work done in that turbine
stage. The cooling flow for the rotor
blades is deemed to re-enter the cycle
downstream of the turbine and thus does no
work in the stage. The effective mass flow
through the turbine for work calculation
purposes includes all the pre-rotor in-
bleed, with a simple energy balance
calculation assuming perfect mixing to
determine the appropriate stream

temperature. The coolant is assumed to
have the total temperature of the
compressor out-bleed point (a readily

calculable quantity), so that all the heat
transfer takes place at the in-bleed point.
This is clearly an over-simplification, but
the error involved is negligible. Taking
the first NGV row in the HP turbine as an
example, the cooling flow comes from HP
compressor exit (station 3}:

Q4. .2CPe.1Ta.s T QulpaTs + QuocilPaTa
Station 4 is at entry to the NGV row (see
Ref 1) and station 4.1 is at entry to the
turbine rotor.

The bleed in-flows have complex effects on
the turbine aerodynamics due to flow
disturbance, boundary layer thickening,
etc. These can be estimated by turbine
specialists using a mix of CFD and
empirical methods. Typically in-engine
aerodynamic turbine efficiencies are some
2% lower than might be measured on a cold
turbine rig, with no simulation of the
cooling flows.

The temperature T,., is of £fundamental
importance for cycle analysls because it
represents the beginning of the work-
producing expansion process. It is
variously termed: Turbine Entry
Temperature, Stator Outlet Temperature, or
simply, Cycle Temperature (to avold
confusion T, is best termed Combustor Exit
Temperature, CET).
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The extent and efficiency of the turbine
blade cooling, together with the
temperature capabilities and mechanical
strengths of the blade and disc materials
are equally important because they
determine the upper limits on achievable
cycle temperature. These crucial thermal
aspects will be considered in Section 2.4.

2.3 Combustor conslderations

Before that it is necessary to examine the
influence of the combustion system. Fig 4
shows a typical modern combustor with the
main airflow patterns. The air exits from
the HP compressor through a dump diffuser
and enters the burning zone via a complex
arrangement of large and small holes,
slotg, ete. These are designed to promote
the recirculation and turbulent mixing on
which the whole burning process depends,
while at the same time ensuring adequate
cocoling of the metal walls. With flame
temperatures in the primary zone reaching
2300K or more, well above the melting point
of any usable alloy, this is no mean feat.
Neverthelegs, it has so far been achieved
with sufficient success for combustor wall
temperatures nct to out-pace the turbines
as cycle temperature limiters.

The dump diffuser and wall resistance
contribute to an aerodynamic pressure loss
of typically 4% to 5% at design conditions.
In cycle terms this appears as a parasitic
loss, but it is nevertheless wvital because
it ensures sufficlient pressure differential
to drive the turbine cocoling flows.
Anything less than 4% would imperil the
flow of the cooling air and risk turbine
over-heating. At off-design conditions the
loss must be recalculated, which can be
done by dynamic similarity using:

AP =
B

Despite the extreme conditions, combustion
efficiency is almost always close to 100%
(falling off significantly only at flight
idle or below, and often not even then).
Nevertheless the temperature profiles at
the combustor exit plane are far from
uniform. A circumferential traverse shows
large peaks in line with the burners and
considerable troughs mid-way between them.

constant
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FIG.4 TYPICAL GAS TURBINE COMBUSTOR

A radial traverse at any circumferential
point shows low temperatures close to the
inner and outer walls, rising to a peak at
around mid-annulus. These temperature
distributions must be taken into account in
determining the turbine metal temperatures.
Their numerical description is a normal
part of the definition of combustor
characteristics. Two factors are used:

Circumferential Temperature Pattern Factor
or Overall Temperature Distribution Factor:

T a7,
OTDF = .hax "4
AT, on
Radial Temperature Profile or Radial
Temperature Distribution Factor:
T, . -T
RTDF = _max ¢
AT, o
Trmsx = maximum temperature anywhere in

the combustor exit plane

Mor = radial peak temperature,
circumferentially averaged
T. = mean temperature at combustor

exit plane

The levels of these factors depend on the

details of the combustor design, but
typically:

OTDF = 20% to 35%

RTDF = 7% to 15%

With combustor mean temperature rises
reaching 800K to 1000K, it is evident that
the local gas temperatures impinging on the
turbine airfoils can be very much greater
than simple cycle analysis would indicate.

The value of OTDF is most relevant for the
first row of NGVs, since it may be expected
that at least some airfoils will experience
the hottest streaks. RTDF is the relevant
factor for the rotor blades, because the
rotation creates automatic circumferential
averaging. It is assumed that the radial
profile passes through the NGV row without
change. There is little detailed knowledge
of what happens to the temperature profiles
thereafter, but experimental evidence
indicates that they can persist through
several turbine stages, although becoming

Specitic strength (MPa/Mgm™)
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progressively attenuated. A reasonable
working assumption is that the factors may
be halved for each successive turbine
stage.

2.4 Materials and cooling

The upper limits on the main core cycle
parameters -~ overall pressure ratioc Roa and
Turbine Entry Temperature T,.. - depend
most fundamentally on the materials and
their associated engineering. Temperatures
and stresses throughout the engine must be
constrained to what the available materials
¢an wlthstand at acceptable component
lives. The 1lifing of high stress
components like discs and rotor blades is
a major topic in itself (see eg Refs 2,3).
suffice to say that "acceptable" life
varies from component to component as well
as depending on the application. The
shortest 1lives are usually allowed for
turbine blades, with 1000 to 2000 hours
being typical for military engines and
10000 to 20000 hours being required for
much higher utilisation civil engines.

Fig 5, taken from Ref 4 shows the range of
current and future gas turbine materials in
terms of specific strength (ie
strength/density) versus temperature.
Currently, the conventional metal alloys
are used for virtually all structural
components. The next steps are expected to
feature increasing use of the "ecold" carbon
fibre reinforced polymers and the
medium/high temperature metal matrix
composites. It can be seen from Fig 5 that
the latter materials may confer a small
temperature gain, but the main advance will
be in specific strength, which promises
considerable reductions in engine weight.
For a step-change in temperature capability
it will be necessary to go to the ceramic
matrix composites, such as silicon carbide-
silicon carbide or carbon-carbon. But
while these are beginning to be used for
non-load-bearing applications like nozzle
petals, they remain future long term hopes
for major structural components rather than
presently available technology. Here, we
will confine curselves to the conventional
alloys.

Examining these in more detail, Fig 6 taken
from Ref 2, shows how temperature
capability has advanced over the years for
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the main classes of turbine airfoil
materials. Progress in bkoth alloy
chemistry and processing technology has
gradually shifted the lines upward, for
example through the move from poly-crystal,
"conventional" castings for turbine blades
to first and second generation single
crystals. The highest temperature
materials may however be considerably more
costly, or have significantly higher
density so that centrifugal stresses are
higher. Use of these alloys therefore
tends to be confined to applications where
thelr temperature capability is essential.

Specific material choice is always
carefully optimised for the particular
application.

For any 9given material, creep life is
highly dependent on temperature, with every
extra 15°C reducing life at a given stress
by some 50%. This means that the
relatively low stress NGVs can operate up
toe 100°C hotter than the rotor blades for
the same material and 1life. This is
helpful in view of the Thigher gas
temperature peaks the NGVs must withstand.
The typical rotor stress shown in Fig 6 is
appropriate for the mid-span region.
Because of centrifugal loading, the stress
in the blade is high at the root and low at
the tip (zero if the blades do not have tip
shrouds}. However, as discussed in the
last section, the radial peak gas
temperature occurs at around mid-span and
because of the very steep exchange rate
with temperature, it is usually best to
assess the blade capability at the gas
temperature peak.

For the current "best" materials, allowable
rotor metal temperatures at mid-span will
be around 1250K to 1300K (980°C to 1030°C)
for a 1000 hour turbine. A 10000 hour
turbine would need to operate 50°C teo 70°C
lower. In most cases when blade cooling
aspects are taken into consideration (see
next section), it turns out that zrotor
metal temperature has the controlling
influence on attainable cycle temperature.

Turning to the discs, these operate at very
much  higher stresses and allcowable
temperatures in the high stress zones are
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typically around B50K to 900K. The problem
ig to some extent eased by the fact that
the high stresses occur near the bore of
the disc, well away from the main gas path.
Nevertheless the final HP compressor disc
and the first turbine disc are bathed in
air, effectively at compressor delivery
temperature T, (in fact slightly above
because of effects like windage heating).
As with the airfoils, materials development

is gradually increasing temperature
capability, but disc temperature
effectively sets an upper 1limit on

allowable engine overall pressure ratio.
2.5 Turbine blade cooling

Modern turbine blades are extremely complex
castings, as Fig 7 illustrates. Cooling
technology is therefore another highly
developed science, involving multiple
internal air passages, an array of bleed
holes to create external f£film cooling of
the blade surfaces, and the careful
prediction of internal and external heat
transfer coefficients {see for example Refs
5, 6). The amount of cooling achieved is
expressed in terms of cooling effectiveness
€1

e = Tgas - Tmetal

Tgas - Tcool

Tmetal may be either the mean temperature
across a given airfoil section, or the
local temperature at a particular point,
and the value of £ will vary accordingly.
Local metal temperature can vary
considerably across the section, with the
leading and trailing edges, which are more
difficult to cool, being hotter than the
mid~-chord region (see Fig 8). For present
purposes it 1s convenient to use the mean
value (emean).

The value of emean is dependent on the
complexity of the cooling design and also
on the cooling flow rate through the blade.
Turbine cocling engineers use a cooling
flow coefficient which incorporates a heat
transfer term (Ref 5), but for cycle
analysis purposes it is necessary to
convert this to simple cooling mass flow.
Fig 9 shows the variation of egmean with
percentage coeling flow (Qcool/Qgas at the
blade row concerned) for typical modern
technology designs.

Being static, the NGVs can be provided with
rather more complex internal <¢ooling
configurations, including the use of non-
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cast inserts, and they usually have larger
airfoil secticns so that higher cooling
flow rates can be accepted. Both effects
contribute towards the higher cooling
effectiveness values for the NGVs shown in
Fig 9, with emean as high as 0.75 to 0.80
being possible. For rotor blades, values
of 0.55 to 0.60 are more typical, with
cooling flow rates seldom exceeding 4.5% to
5.0%. Since the NGVs suffer the more
severe temperature envirconment, the
additional cooling capability is needed.

For the rotor blades, one other important
and beneficial effect must be taken into
account. Due to the rotation, the rotor
effectively "runs away" from the NGV exit
flow, thereby reducing the stagnation
temperature relative to the blade. From a
consideration of the velocity triangles it
can be shown that:

where T, = Gas stagnation temperature
relative to rotor

T = gtagnation temperature in
stationary coordinates (Ta..a
for the HP turbine)

U = tangential blade speed

Ah = turbine work

Rn = Reaction

Most turbines for jet engine applications
are designed close to 50% Reaction (ie Rn
~ 0.5), So the calculation is easily done.
Moreover, if we take RTDF to be about 0.1
(see Section 2.3), and assume a typical
moderate to high turbine stage loading, the
following is a reasonable empirical
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approximation for the first stage rotor
temperature:

TRm-x

~ 0.93T, 1

In combination with the cooling
effectiveness, the above procedure enables
TET to be related to rotor metal
temperature. Despite the advantage of
rotation, it is most often the first stage
rotor temperature that sets the upper limit
on TET in any given case.

2.6 MAfterburners

Afterburners are used in the majority of
high performance combat ajircraft as a means
of greatly increasing thrust for short
pericds of time, albeit at the cost of a

huge increase in fuel consumption. Fig 10
shows a typical modern afterburner.
Outwardly simple, it is in practice a

sophisticated piece of engineering design
with a long and careful development
pedigree. ‘The burner is placed close to
the bypass/core stream mixer plane, so that
the outer radii are working with un-
vitiated bypass air, while the centre
section is using the core exit gas, in
which the fuel/air ratic may already be
around 0.025.

ratio can be

In principle, fuel/air

increased until both streams are close to
the stoichiometric 1imit of 0.0687. In

FIG.10 AFTERBURNER AND VARIABLE NOZZLE
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practice, it becomes increasingly difficult
for the fuel droplets in the core stream to
find oxygen molecules to react with and
combustion efficiency begins to fall.
Also, rising afterburner temperature
requires more bypass air to pass round the
burning zone in order to cool the jet pipe

liner and nozzle, +thus reducing the
quantity available for combustion.
Thirdly, high heat release in the

afterburner leads to the burning stability
problems known as "buzz" and "“screech",
when severe pressure oscillations in the
jet pipe <can cause rapid structural
failure.

The precise limits on afterburner fuelling
due to the above considerations are very
dependent on the precise geometry and
aercthermodynamic parameters. It must
suffice to note that for the range of
bypass ratios and core cycles most commonly
used in combat engines, maximum overall
fuel/air ratio is likely to be around 0.06
{85% to 90% stoichiometric). There is also
a minimum fuelling 1limit, determined by
burner blow-off characteristics. This is
again highly dependent on the design
parameters, but generally it means that
moving from maximum “dry" (ie non-
afterburning) throttle setting to minimum
afterburner causes a distinct step change
in thrust. Although combustion efficiency
falls off towards this minimum, over most
of the range a good afterburner design will
give close to 100% efficiency.

2.7 The final nozzle

The simplest form of final nozzle is the
fixed area convergent nozzle, typically
used for subsonic transport engines. Here,
nozzle pressure ratios vary from around 2.0
at take-off to 4.0 at cruise altitude
maximum thrust. Although the exhaust flow
is under-expanded at the latter condition,
s0 that excess total pressure exists in the
jet downstream of ¢the nozzle lip, the
losses invelved are small and thrust
coefficient C, is very close to 1.0. For
a high specific thrust engine at supersonic
flight conditions, this would no longer be
the case and a convergent-divergent nozzle
is required. The difference in thrust
coefficient is indicated in Fig 11l.
Strictly, the divergent part of the nozzle
can only be designed for one £light
condition, but in practice a high value of
C, can be maintained over a fairly wide
range.

Afterburning engines demand variable area
nozzles in order to match the exhaust mass
flow function QJT/P over a wide range of
nozzle temperatures. Modern, variable con-
di nozzles are complex but usually allow
the divergence angle to be varied to some
extent independently of threoat area. This
greatly increases the range over which the
nozzle is well-matched. The variabllity
may also be needed for good engine matching
at throttled-back conditions in dry engine
mode.

Like the djet pipe, the nozzle in an
afterburning engine requires cooling,
although this can now be reduced by using
materials like carbon-~carbon for the nozzle
petals. Nevertheless, the cooling needs of
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jet pipe and nozzle mean that bypass ratio
cannot generally be reduced helow 0.1 to
0.15. BSuch engines are often described as
"leaky turboiets".

3 TRANSPORT ENGINE CYCLES

In this next part of the lecture, the
characteristics of practical engine cycles
will be examined, taking int¢o account the
technology issues outlined in Part 2. The
high bypass engines used for subsonic
airliners and military transports will be
considered first, because these powerplants
are relatively simple and enable the basic
trends to be readily highlighted. For
additional simplicity, attention will be
confined  t¢o un-mixed c¢ycles, where the
bypass and core streams discharge through
separate nozzles. This allows fan pressure
ratio Rean to be a separate wvariable, not
directly dependent on the core cycle
{provided the latter provides enough power
to drive the fan). In fact, a number of
current engines have mixed cycles, with
full length cowls, common nozzles and at
least partial flow mixing in the jet pipe.
Internal mixing offers a small improvement
in fuel consumption, although nacelle
weight tends to be slightly greater. The
physical regquirement for egual static
pressures in both streams at the mixer
plane links the fan to the core cycle, so
that Rge.,. 18 no longer an independent
variable. This is an important constraint
at low bypass ratio, but for the bypass
ratios typical of c¢ivil engines, it has
only minor influence on cycle coptimisation
and can conveniently be ignored here.

3.1 Selection of the core cycle

Most current civil engines have bypass
ratios of arcund 5 and we will start with
this case. For virtually all transport
engines, there are two pre-eminent
regquirements - minimum fuel consumption,
and 1long overhaul 1life. Engines are
designed for a careful balance between
these two properties and as a result the
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core cycle parameters are largely optimised
round three operating conditiocns:

a. The maximum thrust condition at
nominal cruise flight speed and altitude.
This point, often termed "Top of Climb",
determines the maximum overall pressure
ratio (Roa), dimensionless spool speeds
(N/JT.) and engine inlet mass flow function
{QJ/T./P,), required by the engine anywhere
in the flight envelope. For this reason it
is usually used to define the engine
Aerodynamic Design Point (ADP).

b. The average thrust rating for normal
cruise at steady speed and altitude,
obtained by throttling back from the ADP to
say 70% thrust. This is where the engine
will operate most of the time and where the
specific fuel consumption (sfc) requirement
will normally be defined.

c. The maximum thrust at sea level static
conditions for take-off on a hot day
(typically ISA + 15°C). This point (HDTO)
defines the maximum cycle temperature and
metal temperatures regquired; it therefore
relates strongly to compeonent life.

Figs 12 and 13 show how the engine
performance and core cycle parameters vary
at the ADP and at HDTQ respectively, for a
range of design point cycles. Specific
fuel consumption (fuel flow/unit net
thrust, Qf/Xn) is plotted against specific
thrust (thrust/unit airflow, Xn/Q,). The
engines are "uninstalled'", so0 that no
allowance is made for nacelle drag,
customer air bleed and power off-take, etc.
Component efficiencies typical of current
achievement have been assumed. All the
engines have an ADP fan pressure ratio of
1.8. Strictly, as will be seen later, FPR
should be re-optimised for each cycle, but
at 5 bypass ratio, the effect is small.
More importantly the nominal optimum tends
to be at a higher FPR and higher tip speed
than would normally be acceptable on
mechanical, noise or fan efficiency
grounds; the above figure has been selected
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0.2

in the light of these constraints.

The HDTO points have been obtained by off-
design calculations, using the fellowing
relationship:

X, (SLS)

Ze 2l =4, 0.85 . 10.
x.(Toc; = 0 (for M,/35KEt, 10.67 KM

The precise thrusts required at the two
points depend on the aircraft lift/drag
characteristics and the thrust-rating rules
used for take-off and climb, but the above
figure is Dbroadly typical of current
practice. It should Lhe noted that the
ratio would be different for a different
flight speed or altitude.

The two plots show broadly similar trends,
although the sfc levels are much higher and
the specific thrusts much lower for the
flight condition in Fig 12. This
apparently worse performance is caused by
the forward speed effect,which creates the
ram effect known as inlet momentum drag.
This must be subtracted from Xgs to give X..

- Eﬁ_!f (Va = flight speed)

Other than this it is seen that increasing
Roa always improves sfc and reduces
specific thrust (so that engine diameter
increases for a given thrust). Increasing
cycle temperature for the most part has the
opposite effect, It can be shown that
these two trends occur over a wide range of
cycles and many different bypass ratios and
represent basic properties of the ijet
engine cycle.

Specific fuel consumption is effectively
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the reciprocal of overall engine efficiency
noa:

X, Va 1 Va

Nea = BF. 10V ~ sfc — LoV

The overall efficiency comprises three main
elements:

Noa = s Ne M
where g, = Propulsion efficiency
e = Gas generator thermal
efficiency
e = Transfer efficiency

The first two of these are generally
explained in text books on the jet engine
(see, eg Refs 7, 8, 9). The Transfer
Efficiency is an additional term to account
for the losses in transferring energy via
the LP spool and fan outer section to the
bypass stream (in a turbojet, n. = 1). It
becomes more significant as bypass ratio
increases and is typically 85% to 90% for
bypass ratic 5.

n= = Energy used in driving a/c forward
Energy available in engine jets

XV,

" XWVa + Y KE

Y=Y % (Vi-Va)?

Where EKE is the residual jet energy "lost"
behind the aircraft (summed for the core
and bypass streams).

With bypass ratio fixed, any increase in
TET will feed through the turbine system
and result in higher core jet pipe
temperature and Vj. 0Or, the fan must be
redesigned to a higher pressure ratio to
absorb the additional energy and bypass Vj
will go up. In either case propulsion
efficiency will drop. It is always the
case that maximising propulsive efficiency
requires cycle temperature to be reduced as
much as possible.

The pressure ratio effect in Figs 12 and 13
is governed by the thermal efficiency,
which can be defined as:

Enerqgy delivered by core
Energy supplied by fuel

le =

Qcora ( Cps TS - CpoTa)
RELCV

Station §
Station 0

LP turbine entry
Ambient air static
conditions

where

qn

The gas generator can be regarded as that
part of the engine that provides the energy
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to drive the fan outer (bypass) section as
well as the energy for the core jet.
Strictly it should include the small
proportion of the LP turbine required to
drive the fan inner section, but this is
neglected in the above approximation.

The thermal efficiency is analogous to the
ideal Brayton air cycle efficiency, but
takes into account the irreversible losses
in the system. Unlike the ideal efficiency
it turns ocut to be a function of total
pressure ratio P,/P, (ie including the ram
effect) and total temperature ratio
Tae.1/To. Fig 14 shows the behaviour of
fe, assuming typical compcnent efficiencies
and cooling bleeds.

At the cycle conditions appropriate to a
modern high bypass engine at altitude,
thermal efficiency is seen to increase with
both cycle pressure ratio and temperature,
although a law of diminishing returns
operates for both parameters. The
beneficial effect of cycle temperature here
is in contrast to its adverse effect on
propulsive efficiency. For most of the
cases shown in Fig 12 the propulsive effect
is the stronger so that the net effect on
fuel consumption of reducing cycle
temperature 1is advantageous. However,
beyond a certain point, the gain in v, is
outweighed by the increasingly deleterious
effect on ng. The two trends are balanced
at the bottoms of the curves in Fig 12.

It should be noted that at sea level static
conditions, Fig 13, propulsive efficiency
has no meaning (in effect it becomes equal
to unity, so that f.a = fe:fl=. It should
also be noted that ng and ng can always be
increased by increasing component
efficiencies and reducing cooling bleeds
and other parasitic losses. At a typical
cruise condition, example trade-offs are:

Increase all turbomachinery Asfc = -2.8%
component efficiencies
by 1 percentage point
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Asfc -0.4%

Reduce HP turbine stage 1
cooling bleed by
1 percentage point

Asfc -0.6%

Reduce HP turbine stage 2
cooling bleed by 1
1 percentage point

Asfc -1.2%

Reduce bypass duct pressure
loss by 1 percentage point

These trade-offs are gquite strong and there
is therefore considerable incentive to
improve internal performance by these
means.

3.2 Materials temperature limits

Fig 15 shows what happens to the matrix of
design point Roa and TET values, when the
engines are off-designed to the HDTO sea
level static point. Roa is always
significantly reduced, while TET becomes
considerably higher, as would be expected
given the much greater inlet air
temperature on the ground. The engine is
throttled back relative +to the ADP,
essentially because there is nc inlet
momentum drag to overcome at SLS
conditions. As the aircraft climbs and
flight speed increases, the inlet drag
steadily increases while inlet temperature
drops. Top of Climb thus normally gives
the engine aerodynamic maximum.

As discussed in Section 2.4, one of the
major materials limiters is the temperature
of the final compressor stage disc. This
runs at close to compressor delivery
temperature T, and thus is dependent mainly
on Roa, although the efficiency of the
compression system is also a factor. A
typical T, 1limit is shown on Fig 15,
although the precise position in any given
case will be dependent on the particular
material, stress and life selected for the
disc design. Any cycles to the right of
the limit line are disgqualified because T,
is too high. As the diagram suggests,
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design point Roa in practical engines of
bypass ratio 5 is at present generally less
than 40.

Fig 16 shows the calculated turbine rotor
metal temperatures at the HDTO peint for
two different levels of cooling technology,
€rmaan = 0.5 and 0.6 respectively. The
difference between the two is worth arcund
50°C of metal temperature. The diagram is
in the form of a carpet plot for added
clarity. Again a hatched zone is shown to
indicate working limits for typical blade
materials. Cycles above the limit line are
disqualified.

We thus find that practical solutions are
"boxed into" gquite a small area of the
original design point matrix in Fig 12,
with Roa less than about 40 and TET less
than about 1500K (1700K at HDTO). In fact
this temperature exceeds that required for
minimum sfec. Fig 12 suggests that a 1400K
cycle (1600K at HDTO) or less would
normally be preferred. The marain will
allow a less costly and lighter blade alloy
to be used and/or a smaller cooling bleed,
which will be advantageous for sfc, as
already noted. Often, an engine will enter

service at a lower TET still, thereby
allowing room for thrust growth by
"throttle push", as demand for higher

thrust versions develops.
3.3 The sfc loop

Fig 17 shows sfc plotted against percentage
thrust at cruise speed and altitude, for
one particular engine in the matrix of Fig
12 (Roa = 35; TET = 1400K). Two curves are
shown, one assuming constant component
efficiencies, the other assuming typical
variations in fan and core compresscor
efficiencies along the engine running line.
Both show a c¢haracteristic "catenary"
shape, with minimum sfc occurring at arocund
70% thrust. This is convenient because the
engine will normally be throttled back at
least to around 80% thrust at the start of
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steady, level cruise and will be gradually
throttled further back as fuel is burned
off and the aircraft becomes lighter. The
shape of the curve stems from the opposing
behaviour of propulsive efficiency and
thermal efficiency as described in Section
3.1. As the engine is throttled back and
TET drops, propulsive efficiency increases,
while thermal efficiency falls. Initially
the former wins, but below about 70%
thrust, the thermal efficiency effect
becomes increasingly dominant.

When the compressor efficiency variaticns
are taken into account, the shape of the
loop is accentuated. It is usually the
case for both fan and core compressors that
maximum component efficiency occurs over a
fairly wide range, but somewhat below the
maximum thrust point - say in the 60% to
90% thrust band. Above and below this
zone, the compressor efficiencies fall off
and may indeed do so quite sharply at the
top end. This can be acceptable because
maximum thrust is only required for a small
proportion of each flight. In fact the
COMpressor designer may deliberately
incorporate such a characteristic in order
to "buy” more efficiency in the key cruise
thrust band.

3.4 The effect of bypass ratlo - ultra
high bypass engines

Bypass ratios of conventional civil
turbofans have stayed at around 5 for the
last twenty years. During that time there
has been a continuous improvement in sfc,
to the extent that 1990s generation engines
are around 15% more fuel efficient than
their 19708 predecessors. This improvement
has been achleved largely through increases
in Roca and the internal component
efficiencies. In other words, the gains
have been mainly in thermal efficiency (and
to some extent in transfer efficiency). As
has been shown, current materials put a top
limit on Roa, while component efficiencies
are reaching such high levels that further
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improvements are becoming more difficult to
achieve. The ultra high bypass (UHB)
engine and the advanced open rotor {which
is a logical extension of the UHB) provide
an alternative strategy, approaching the
problem from the propulsive efficiency end.

Fig 18 shows the effects of increasing
bypass ratio from 5 to 10 and then to 15
for the 'best' group of core cycles
emerging from the previous discussion. The
prlot assumes constant Polytropic
efficiencies for the components and is for
uninstalled performance, so that the
effects of nacelle drag, etc, are not yet
taken into account. However the fan
pressure ratios are re-optimised for the
higher bypass ratios, as shown in Fig 19.
At w = 5, performance is not very sensitive
to Rean a5 noted earlier. But as u 1is
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increased, the sensitivity becomes

increasingly marked, while the optimum
value itself is greatly reduced. It is
clearly essential to get R,.. right.

Fig 18 indicates the considerable potential
for improvement in fuel consumption offered
by the increased bypass ratio route, with
some 12% gain in uninstalled performance in
going from w = 5 to u = 15, for the same
core cycle. This is achieved because of
the reduction in specific thrust and the
resultant reduction in lost kinetic energy
in the Jjets. In essence the regquired
thrust is achieved by transferring more
energy into a high mass flow, low jet
velocity bypass stream, thereby improving

propulsive efficiency, albeit at a small
cost in transfer efficiency.

In practice there are a number of
considerations that lead to gualification
of these trends (Ref 10). Firstly,
installation factors become increasingly
important. The reduced specific thrust
means that engine diameter is increased by
nearly 50% at w = 15. All things being
equal, nacelle drag will be increased by
perhaps 60% at a cost in installed sfc of
around 3%. The increased diameter also
adds to the AQifficulty of aircraft
installation and, to achieve sufficient
ground c¢learance, the nacelle must be
closely-coupled to the wing and be as
"glim-line” as possible., The former may
cause adverse nacelle/wing interference,
although careful design and integration can
minimise this problem. The latter regquires
a sharp lip to the intake, which will make
the engine more sensitive to cross-winds at
low aircraft speeds (eg during ground
handling). The weight of the powerplant
will also be significantly greater.
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The increased fan diameter has other major
implications. Mechanical considerations
generally limit fan tip speeds to around
460 m/s. Thus as diameter goes up, LP
spool speed must be reduced, with a growing
mismatch between the operating requirements
of the fan and the LP turbine. The latter
requires spool speed to be kept high in
order to retain acceptable stage loadings
{Ah/u®). Initially this problem can be met
by increasing turbine stage numbers in
order to reduce Ah in 1line with uZ.
However there are practical limits to this
process and 6 or 7 stages are about the
most that might be accepted (current w = 5
engines have 3 or 4 LP turbine stages).
One way to side-step this is to use the
contra-rotating turbine principle, which
was successfully demonstrated by General
Electric in their UDF open rotor engine.

This effectively doubles the blade
tangential speed for a given shaft
rotational speed. A similar turbine

concept, matched to a novel contra-rotating
fan, was proposed by Rolls-Royce for their
RB529 UHBE cowled engine design. The
alternative is to couple the fan to the
turbine via a step-up gearbox. It is
difficult to be precise about where either
this or the contra-rotation alternative
needs to be introduced, but it would appear
to be somewhere around w = 9 or 10.

The net effect on engine performance is
shown in Fig 20, which is taken from Ref
10. This shows that when the effects of
installation and turbine loading are taken
into account, the 12% gain in sfc becomes
reduced to around 8% (even with a gearbox),
with the best result occcourring between u =
15 and 4 = 20. A 50% reduction in cowl
drag would be needed to approach the gain
indicated by the uninstalled data.

There are two other effects which should be
mentioned. Low specific thrust and high
masg flow mean that inlet momentum drag in
flight is very much higher at g = 15 than
at u = 5. As a result the engine is
considerably over-powered at SLS conditions
and must be throttled back further to meet
the take-off regquirement. The effect on
Roa and TET is shown in Fig 21. in
performance terms this is an advantage. 1t
means that design point Roa can be set at
a considerably higher level (say 45 to 50)
without infringing the compressor disc
materials limit. Thus the gain in
propulsive efficiency can be augmented by
a small increase in thermal efficiency.
The TET levels at take-off are also much
reduced compared to a u = 5 engine and are
now scarcely greater than those at top of
clinmb., This should benefit turbine life
and may also allow some reduction in the
turbine cooling bleed flows.

The second effect concerns the operating
characteristics of the fan. At high bypass
ratic, there is a greater shift in fan
working line from the altitude/cruise speed
condition to SLS conditions. This 1is
illustrated in Fig 22 for w = 5 and u = 10.
At the higher bypass ratio the SLS working
line is much closer to the surge line. It
is likely that at bypass ratios above 10,
some additional varijability will be
required to ensure stable operation (Ref
10}. This is most likely to take the form
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of a blow-off bleed in the bypass duct, to
unload the fan, but could entail a variable
bypass nozzle, or variable stagger rotor
blades. Whatever the solution, additional
complexity is inveolved and it must be taken
into account in deciding where to fix the
bypass ratio.

3.5 Environmental constraints

No discussion cof civil engine cycles is
complete without some mention of the two

key environmental issues - noise and
emissions. Engine noise has been a
critical concern since the widespread

introduction of Jjet airliners at the
beginning of the 1960s. For the turbojets
and very low bypass ratic engines of that
period, with their high specific thrusts
and high jet velccities, the far field
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noise was largely dominated by jet noise.
With the magnitude of the latter varying
roughly as Qjivj®, increasing engine power
was causing the problem to get worse very
rapidly. The need to circumvent this trend
was as much responsible for the adoption of
the high bypass turbofan as the performance
benefits. Despite the huge improvement in
noise that resulted, the problems are still
with us and are now much more complex {Refs
11, 12); in high bypass engines, the far
field noise comes in fairly equal measure
from the fan and compression system, the LP
turbine and the jets.

For a subsonic aircraft, the noise issue
does not at present affect cycle choice
fundamentally. The supersonic transport is
a different matter - cycle choice for a
future SST is likely to be very largely
dominated by the noise problem, Dbut
consideration of this must lie outside the
scope of the present lecture. In the
subsonic case, while noise criteria are
important, their influence tends to be
confined to "fine-tuning” the cycle, eg to
control jet velocities. It has been found
that the use of a mixed exhaust brings some
noise benefits and provides additional
justification for selecting a mixed cycle.
In general, increasing the bypass ratio
will tend to reduce jet velocities so that
a higher u engine should have some
advantage from the jet noise point of view,
even though a mixed exhaust will be less
effective and be more difficult to install.

Turbomachinery noise is largely dependent
on the internal configurations of the
compressor and turbine systems (blade
numbers, spacings, etc), although tip
speeds are also important. The
relationship between the noise and the
engine c¢ycle is therefore Iindirect and
fairly weak. Increasing bypass ratio will
however raise the noise contribution from
the fan. A major means of noise contrel is
the use of accustic linings in the duct
both upstream and downstream of the fan.
These are likely to become less effective
with increasing bypass ratio, particularly
as the need tc minimise cowl length and
diameter for external drag reasons will
restrict the space available for the
linings. The low fan pressure ratios
required will alleviate the noise to some
extent because fan tip speed can be
reduced. Nevertheless, although difficult
to gquantify, it is possible that the noise
problem could introduce an additional upper
constraint on choice of bypass ratio.

Turning to the emissions gquestion, the
important factor from the cycle point of
view is the production of oxides of
nitrogen (NOX). These occur mainly at full
power and are sensitive to combustor entry
temperature T, and therefore to overall
cycle pressure ratic. Fig 23, shows the
general trend, with measured points from
many different current engines. These are
compared with the present international
limit for NOX emissions and a lower
regulatory limit to be imposed by the year
2000 (Ref 13); in fact this limit could be
set lower still. The data are very
variable, but an upward trend of NCX with
Roa is apparent, as is the fact that many
of the current engines will have difficulty
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in meeting the more stringent limit without
modification. Various techniques are being
developed by combustion technologists to
overcome the problem, with particular
attention being given to staged burning.
However some sensitivity to cycle pressure
ratio is likely to remain and this could
lead to an additional upper constraint
here. Certainly, the cycle designer will
not be able to complete his task without an
appraisal of both NOX emissions and noise.

4 CHARACTERISTICS OF COMBAT ENGINES

The basic principles we have just discussed
for transport engines -~ thermal, propulsive
and transfer efficiency and the effects of
the cycle parameters - apply with equal
force to combat engines. However both
operational needs and cycle selection
¢riteria are quite different. 1In the first
place, except for one or two very
specialised roles, combat aircraft are
regquired to operate effectively and
efficiently over a wide range of flight
speeds, altitudes and thrust demands (see
Fig 24). While the transport engine has
only about three critical flight conditions
to satisfy (albeit several secondary ones),
the military engine may have to meet 20 or
more cardinal points.

the predominant aim is almost
achieve high aircraft
in the interests of

Secondly,
always to
thrust/weight ratio,
speed, agility and/or weapons carrying
capability. This means engine
thrust/weight ratio needs to be high, but
more importantly it places stress on engine
specific thrust. High specific thrust
means small engine cross-section and hence
reduced aircraft fuselage cross-section.
Any growth in engine size  has a
considerable knock-on effect on airframe
size and weight.

This does not mean that fuel consumption is
unimportant; far from it - the military
operator is always seeking more range and
endurance. Cycle choice remains a careful
balance between thrust capability and
endurance; engines optimised for different
roles c¢an have gquite different cycle
parameters (Refs 14, 15). Nevertheless the
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first priority is usually to satisfy the
aircraft requirements for thrust and size,
leaving the engine designer to achieve the
best mission fuel burn he can, within these
constraints.

4.1 Specific thrust

Figs 25 to 27 show how specific thrust
varies over a range of design point cycle
temperatures and bypass ratios, for three
different flight conditicons. The engines
are assumed to be typical mixed exhaust

afterburning turbofans, plus a datum
turbojet with w = 0. The latter is
included as a frame of reference. As was

noted earlier, the requirements for jet
pipe and nozzle cooling mean that in
practice bypass ratio cannot be reduced
below about 0.15. All the engines are
assumed to have the same core efficiency,
ie the same component polyvtropic
efficiencies, =same percentage turbine
cooling bleeds and the same ¢ycle pressure
ratio Roa. These parameters have been set
at levels typical of current designs; Roa
has been taken as 25 {(the effect of varying
Roa will be considered later). These
assumptions effectively turn the TET scale
inte a measure of engine hot parts
technology standard. The afterburner lines
are nominal limit lines based on a fully-
mixed final fuel/air ratio of 0.06 (see
discussion in Section 2.6).

Strictly, specific thrust is a function of
fan pressure ratio (or more precisely
nozzle pressure ratio), but the static
pressure equilibrium condition at the mixer
¢reates a unique relationship between R....,
bypass ratio and TET, as shown in Fig 28.
As TET increases, Rew. 15 increased at a
given u because additional power is
avallable from the core to drive a higher
duty fan.

Returning to Figs 25 to 27, these show
three typical conditions of interest =-the
SLS hot day take-off point which is most
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commonly c¢ited in published performance
statements for military engines, a high
subsonic £flight speed/low level performance
point, and a high altitude supersonic
point. All three plots show the same
general trends. Non-afterburning, oxr
tdry', specific thrust can be increased by
selecting a low bypass ratio and setting
cycle temperature as high as the technology
will allow. But applying maximum
afterbuner always provides a substantial
thrust boost, although the extent of this
depends on TET. Comparison of the three
figures shows that the magnitudes of all
three effects are strongly dependent on
flight speed, with sensitivity increasing
as flight speed increases. For TET and
bypass ratioc the gensitivity is
approximately doubled in going from SLS to
Mach 1.6; afterburner boost goes up from
+50% to +150%. These increases arise from
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the fact that the cycle changes operate on
gross thrust. As flight speed and hence
inlet momentum drag go up, the effect on
net thrust becomes magnified.

Irrespective of flight speed, afterburner
boost always becomes less marked at the
higher TET 1levels, particularly for low
bypass ratio. This is ©because an
increasing proportion of the oxygen in the
engine airflow is used up in the main
combustor, leaving less available for the
afterburning process. Extrapolation of the
two p = 0 curves would cause them to meet
at around 2700K TET. This point would
represent the so-called "“stoichiometric
engine", when all the oxygen would be
consumed in the main burner, 1leaving
nothing for the afterburner. No materials
yet exist with enough strength and
temperature capability to allow anything
approaching such a cycle. In any case it
is doubtful whether its fuel consumption
characteristics would make it a desirable
goal from the all-round performance point
of view.

By using a similar estimation process to
that described earlier for transport
engines (Section 3.2) it is possible to
establish practical TET limits
corresponding to the selected materials and
cooling technology standards. These will
be independent of bypass ratic and could
therefore be drawn as vertical boundaries
on Figures 25 to 27. The major influence
that TET has on thrust capability means
that the cycle temperature details of any
new combat engine design are always treated
as sensitive information, both militarily
and commercially. But broadly it can be
said that TETs have advanced from the 1600K
to 1700K of designs introduced at the
beginning of the 1980s, to a potential
1900K to 2000K for engines coming into
service during the present decade. Further
progress beyond +this 1s undoubtedly
possible.
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It is to be noted that these temperatures
are considerably higher than those
indicated for c¢ivil engine applications,
although the same baslic technelogies are
used for both. There are a number of
reasons why this is possible. 1In the civil
case as discussed earlier, design
optimisation is biased towards relatively
modest cycle temperatures and any
technology margins tend to be used to
minimise cooling bleed requirements and/or
extend turbine 1lives. In the military
engine, the design emphasis is generally on
achieving maximum TET. Also, while cost of
ownership pressures are leading to much
greater emphasis on military engine life,
it remains a fact that annual utilisation
may seldom exceed 300 hours; in the civil
field, 3000 Thours/year and more are
commonplace. The military designer can
therefore trade a considerable amount of
component life for increased cycle
temperature and still meet the customer's
enhanced life requirements. He will also
use different turbine alloy specifications,
optimised for high temperature at the
expense of higher cost, density or other
properties.

4,2 Specific fuel consumption

As already remarked, despite the importance
of specific thrust, fuel consumption cannct
be neglected. It comes as no surprise that
the trends are in generally the opposite
sense. Fig 29 shows the sfc variations for
SLS conditions and thus complements Fig 25.
Similar plots could be shown for £flight
conditions and would show the same
increased disparity between dry and
afterburner operation. The figure
demonstrates very c¢learly the inherent
drawback of afterburner operation, which
gets worse as bypass ratio increases.
Using fuel tc heat the low pressure bypass
air is a highly inefficient process, whose
only attractions are that it is basically
simple and it provides the engine with a
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greatly increased thrust capability without
increasing diameter. Because of the very
high fuel consumption, afterburning can
seldom be used for more than a few minutes
during any mission. Its main function is
to provide short bursts of power for take-
off, high rate <c¢limbs, acceleration
(particularly through the transonic drag
rise region) and high alpha combat
manoeuvring.

Fig 29 naturally highlights the very big
increases in sfc when the afterburner is
switched on. However closer study of the
curves shows that dry performance also
varies quite considerably with bypass
ratio; eg, changing from uw = 0 to u = 1.0
reduces sfc by some 25%, a difference that
can have a strong impact on mission
endurance. The issue is more readily
apparent when the different bypass ratios
are compared in terms of the sfc loops.
Fig 30 shows sfc plotted against percentage
thrust (ie throttle setting) for a group of
engines all having the same core cycle
pressure ratio and TET. The diagram also
shows typical throttle bands corresponding
to different types of mission segment.

Long range penetration or combat air patrol
missions usually involve extended subsonic
cruise or loiter, with high endurance being
an important requirement. To optimise for
this, a relatively high bypass ratio is
likely to be preferred, it being accepted
that the small bursts of high power will
have to depend largely on afterburning.
The Panavia Tornado GR1 with lts p = 1
engines is a good example of this appreach.

On the other hand an air superiority or
interceptor fighter will reguire sustained
operation at high speeds and make much more
use of the medium to high power throttle
settings. Crucially, much of this may span
the point at which the afterburner has to
be switched on. As noted in Section 2.6,
there is a minimum fuelling rate for stable
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afterburner operation, with the result that
there is a considerable step change in
fuelling rate, as shown in the Figure by
the dashed lines. There is clearly big
advantage in keeping as much of this mid-
power operation as possible in the non-
afterburning regime, even at the expense of
poorer fuel consumption at low power. In
part this is secured by selecting a
relatively low bypass ratio, as typified
for example by the F15 and Fl18 fighters
{0.3 to 0.6 bypass ratio). But the further
contribution to be obtained by increasing
TET is clear and the resultant reduced
dependence on afterburning is one of the
more important prizes from the pursuit of
high cycle temperature.

4.3 Rating structures and the influence of
cycle pressure ratio

Because of the wide range of altitudes and
flight speeds required for typical combat
aircraft operation, the engine has to be
rated to meet a number of different
mechanical and aerodynamic limits. These
will affect the detailed engine performance
capability in different parts of the flight
envelope. Fig 31 shows a typical rating
diagram with TET plotted against engine
inlet face temperature T,. Alsc shown on
the diagram are some selected £light points
toe illustrate the significance of the
rating specification.

Allowable TET provides an overriding limit
and the previous discussion has focused on
that aspect. it appears on the rating
diagram as a horizontal line, or sometimes
as two such lines as shown in Fig 31. The
lower line represents the normal limit for
continuous operation, while the higher one
provides for some additional thrust
performance on a short-term basis -
allowable on the basis that its use is
sufficiently brief not to have too drastic
an impact on hot end life. The higher
rating may for example be programmed into
the engine controller as a “"combat" rating,
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to be operative only when the afterburner
is in use. Or, it might be invcoked when
operational circumstances demand
exceptionally high thrust - ie the concept
of the "“peace/war switch".

Moving to the left side of the diagram, ie
towards low T,, causes the compressor
dimensionless spool speeds and especially
the low pressure spool speed to increase
until the latter takes over from TET as the
ruling 1limitation. This N,/J/T, limit
appears as a line sloping steeply down to
the left; for a given flight speed it is in
effect a constant Roa and constant maximum
thrust line. To the right of the kink
point, Roa must be progressively reduced to
avoid exceeding the limiting TET. At high
inlet temperatures, the problem becomes one
of high temperature at compressor delivery
- the T, limit. This appears as a sloping
line on the right hand side of the diagram.
Some designers may incorporate further
elaborations, but most rating structures
are based essentially on these three main
criteria.

How a particular engine is rated within
these general principles will depend on the
required usage pattern. The most important
flight conditions for a general purpose
combat alrcraft usually include low
altitude operation at speeds around or just
below M1.0 and medium altitude operation at
Ml.4 to M1.8 (say). These span the T,
range from around 325K to 355K and it is
desirable to ensure that the engine is
flat-rated over at least this range. To
avoid over-sizing the engine it will
rrobably be necessary to place the SLS
point in the N; limited region, so that
design TET cannot actually be reached in
real take-offs. However this enforced de-
rating is unlikely to be a problem for a
modern combat design, since both engine and
aircraft will be sized by certain critical
flight conditions. These leave more than
enough installed thrust to meet normal
take-off reguirements.
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OF HIGH PRESSURE RATIO CYCLE

The rating structure does however have an
important influence on overall pressure
ratio. As for civil engines, increasing
Roa has a beneficial effect on dry engine
sfc, with around 7% improvement being
cbtained by raising Roa from 20 to 30, for
example (Ref 16). However, this shifts the
T, limit line considerably to the left,
reducing the attainable TET at several of
the important high T, conditions. The
effect on performance is illustrated in Fig
32, which compares a 30 pressure ratio
engine with the 25 Roa engine considered
hitherto. For this particular example it
is seen that both maximum dry and maximum
afterburner thrusts are considerably
reduced at the higher pressure ratioc (by
20% and 10% respectively). This would
normally be unacceptable and the general
rule is to select the highest possible Roa,
but only to the point where the T, limit
begins to restrict performance in important
parts of the flight envelope. It explains
why combat-engine pressure ratios are
generally limited to the 25 to 30 range,
when their civil counterparts are reaching
35 to 40.

4.4 Supercruise

Given sufficient dry specific thrust, it is
possible to provide the aircraft with the
capability for sustained steady state
operation at speeds well into the
supersonic regime - so-called
'supercruise'. Engine technology has now
reached the point where this type of
operation can be achieved in a practical,
versatile fighter and it has become a
favoured approach for future high
capability interceptors. The US Advanced
Tactical Fighter will embody the principle.
It may be remarked in passing that the idea
is far from new. The Anglo-French Concorde
alrliner, which has been in service for
over 15 years, is a classic supercruiser;
so too is the Lockheed SR71 Blackbird,
albeit in a very specialised role.
However, neither of these aircraft has a
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wide operational envelope and the
supercruise capability was achieved by
providing big externally-mounted engines
rather than particularly high specific
thrust. To maximise the latter within the
technology c¢onstraints of the time,
turbojet (W = 0} cycles were chosen and
overall pressure ratios were set very low
by today's normal standards in order to
avold the T, limit problem. These two

factors combined to give severe fuel
consumption penalties at Jlower flight
speeds.

What is needed for a fighter, with engines
conventionally housed in the aft fuselage,
is illustrated in Fig 33. This repeats the
specific thrust/TET plot of Fig 25 with the
approximate bands of SLS specific thrust
typically required to sustain steady flight
at different speeds in a fighter. It shows
how the technology advances of the past 10
to 20 years have made supercruise a
practical proposition. It must however be
reiterated that this capability is still
only obtained at the expense of worse fuel
consumption at low throttle settings, even
with a relatively high Roa. If mission
doctrine calls for sustained combat patrol
at say 0.6 flight Mach no, a lower specific
thrust design and a lesser or perhaps no
supercruise capability may remain a better
solution (see for example Ref 17).

The supercruiser may give enough power for
steady flight at 1.3 te 1.5 Mach no (at
medium to high altitudes), but it still
needs afterburning to accelerate to this
speed in the first place, as well as to
provide a margin for  Thigher speed
supersonic dash and for high turning-rate
combat manoeuvring. These requirements
will demand perhaps 30% to 40% thrust boost
from the afterburner at the SLS rating, so
the provision of afterburning is far from
superfluous.

Could afterburning be avoided altogether
without recourse to over-sized engines? In
principle the answer 1is clearly yes. Such
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an engine would have to be as near to a
turbojet as possible and have very high
TET, although not necessarily going as far
as the stoichiometric engine menticned
earlier. Fig 34 shows a non-afterburning
turbojet compared with a more conventicnal
afterburning turbcfan of 0.5 bypass ratio;
both engines are sized to give the same
maximum specific thrust. The turbciet
turns out to require approximately 300K
higher TET, so that the difference in
technology is very substantial. ©On this
ground alone, the dry engine is probably
not achievable for another 20 vyears.
Perhaps more importantly, it only shows to
advantage at the highest thrust levels.
Below about 75% thrust, fuel consumption is
some 30% worse than the conventional
engine. On this basis the high pexformance
dry turbojet is wunlikely to offer any
advantage except in the occasional highly
specialised role.
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There remains an important place for the
non-afterburning engine, but for
applications not requiring high specific
thrust. such engines are particularly
appropriate for the long range subsonic
penetrator, where high agility or
significant self-defence are not prime
reguirements. This is typified by aircraft
like the Grumman A6 or BAe Buccaneer and
more recently by the Lockheed F117 (which
relies primarily on its low signatures for
self-protection).

4.5 Engine thrust/weight ratios

Engine thrust/weight ratic is one of the
commonly gquoted measures of technical
progress for combat engines. The engines
in current operaticnal fighters, which are
mostly based on designs dating from the
mid-1970s, generally have T/W ratios of
around 7 {based on the nominal maximum SLS
thrust on full afterburner). The 1990
class of engines being developed for the
new generation of fighters coming into
service in the next five years have T/W
ratios of around 10. Foreseen technology
developments will bring a T/W of 15 within
reach in a few years time and advanced
research and technology programmes are
setting 20 as a longer term goal.

Achieving high T/W has a significant direct
benefit in terms of aircraft size, but it
also symbolises gains in cther ways. One
of these - the progressive increase in
attainable cycle temperatures and hence in
specific thrust - has underpinned most of
the preceding discussion. It means for
example that more thrust can be generated
from a given size of engine. At the same
time, improvements in internal aerodynamics
have enabled the job to be done with less
turbomachinery and this has hitherto also
contributed in some measure to improved
T/W. However, with stage numbers now
becoming quite low, there is less to come
by this means in the future. As implied in
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Section 2.4 further direct welight
reductions will be wvery largely through
increasing use of radically new materials
like the metal composites and the non-
metallics. Smaller engines and fewer
components meanwhile imply lower costs, at
least notionally, and improvements in T/W
therefore provide some figure of merit in
this regard as well. Fig 35, taken from
Ref 18, provides a graphic illustration of
these trends.

Returning to the direct benefits of high
T/W, the estimation of engine weight itself
is much less straightforward than
calculating cycle performance and will not
be addressed here. However various studies
on the impact of engine T/W on aircraft
weight have been published (Refs 16, 19,
20). The trade-cffs do not appear to be
greatly sensitive to aircraft role, with
similar figures being obtalned for an
interceptor and for a CAP-optimised
aircraft (Ref 16). A generalised plot,
encapsulating the published +trends and
assuming constant airframe technology, is
shown in Fig 36. Raising the engine T/W
from 10 to 20 will save around 15% of
aircraft weight for the same mission. This
represents an appreciable saving and helps
to explain why T/W attracts so much
attention.

5 SHAFT POWER ENGINES

In this section we will consider the cycles

for aircraft shaft power engines,
concentrating mainly on helicopter
powerplants. Some reference will be made

to turboprops, but in most respects there
is little fundamental difference between
the two applications.

For the helicopter engine, unlike the
transport and fighter applications, it is
more difficult to focus on any one
performance attribute as a design driver.
Considerations of helicopter size, flight
performance and payload create some
pressures towards high power/weight and
high power/volume ratiocs. However, the
engines (excluding transmission system)
normally represent only around 6% to 8% of
gross take-off weight and even big changes
in engine weight can have only a small
impact on total wvehicle weight. The
pursuit of improved fuel consumption has
rather more importance and low sfc may be
a cardinal point requirement in roles where

long endurance is a major factor - eg
maritime reconnaissance and anti-submarine
warfare. But in most applications,

endurance and low sfc¢ are not critical
issues and while performance must be
satisfactory and competitive in these
respects, the design will not necessarily
be optimised around minimum sfc.

In the majority of cases, particularly at
the present time, the most sought-after
qualities tend to be low acquisition cost,
low maintenance burden and high reliability
(helicopters have a generally poor record
in the latter two respects). The military
customer is facing shrinking defence
budgets and tends in any case to commit the
lion's share of his resources to front-line
combat aircraft and other "prima donna"
projects. He expects to pay much less for
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his helicopter fleet. The civil customer
is often a small operator who has limited
resources anyway-. Cycle choice may
therefore be dominated by these cost
issues, rather than by what is
technologically possible for maximum
prerformance.

5.1 The basic cycle trends

The basic thermodynamics of the helicopter
engine are rather simpler than the civil
and military Jjets we have already
considered. The helicopter is a slow speed
machine, operating mainly below 140kts, so
that inlet momentum drag is low and can
largely be ignored. The usable power is
extracted almost fully in the power
turbine, so that the gas leaves the turbine
with only sufficient pressure to overcome
the exhaust system losses. Moreover the
exhaust is often ejected through a sideways
pointing nozzle rather than being directed
rearwards, so that usable jet thrust energy
is equally negligible. AS a result the
only significant component of cycle
efficiency is the thermal efficiency ne.

The above comments need some gualification
in the case of the turboprop. Aircraft
speeds are higher, typically reaching
350kts (0.6 Mach no) or more, so that ram
pressure ratio becomes sufficiently high to
give a significant up-lift +to thermal
efficiency at cruise conditions. There
will also be significant inlet momentum
drag, although this will be counter-
balanced by the pressure ratio across the
exhaust nozzle in flight; the latter will
normally peint rearwards. It is not
unusual for the final nozzle to be sized to
give a small but significant net thrust to
augment the shaft power to the propeller.
At sea level static conditions, this may
leave the nozzle with a pressure ratioc of
1.1 to 1.2. To account for it turboprop
engine performance may be quoted both in
normal shaft power terms and in effective
shaft power (ESP), where:

Static ESP = Shaft Power + MiVjZ
2g

and Mj and Vj are exhaust mass flow and jet
velocity respectively. ESP may be up to
10% higher than nominal shaft power.
However, in what follows, attention will be
confined to the latter.

The basic trends in sfc and specific power
over a range of cycle pressure ratios and
temperatures are shown in Fig 37, for SLS
conditiocns. Note that the performance
parameters are now defined in terms of
shaft power (KW) rather than thrust force
{EN). It is seen that for the range
covered here, increasing TET at constant
Roa always improves sfc, in contrast to the
case for the jet engine, where the opposite

trend was shown (Figs 12, 13). This
demonstrates how elimination of the
propulsive efficiency element affects

overall cycle behaviour.

Fig 37 suggests that there is every
advantage to be gained by pushing the cycle
as far to the bottom right of the diagram
as possible, ie to go for both high Roa and
high TET. Clearly this will be subject to
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turbine materials temperature limitations
in exactly the same way as before. A
typical materials 1limit 1line has been
superimposed on the plot and as would be
expected shows that attainable TET reduces
as Roa is increased. 1In practice, other
factors provide additional constraints,
most notably the effect of size.

5.2 The size effect

Helicopter engines are generally small,
with air flows typically being an order of
magnitude lower than the core flow in the
average fighter engine. Moreover, the
compression systems usually include a final
centrifugal stage, or may consist entirely
of centrifugal stages. As a result, blade
and vane sizes and annulus heights are very
small, so that boundary layer and other
losses become magnified. The component
efficiencies of helicopter engines are
therefore much more strongly size-sensitive
than for other engines and this must be
taken into account in selecting the engine
cycle (Refs 21, 22, 23). The magnitudes of
the effect for compressors and turbines are
shown in Figs 38, 39 which are taken from
Ref 22. The ranges of interest for
engines in the typical 750 to 1500 KW power
bracket are indicated. TWo curves are
given, one for Tcurrent technology",
broadly representing what is achievable
now, and one for "advanced technoleogy"
representing what should become posslible
within a few years by full application of
advanced cfd methods, etc, for component
aercdynamic design. The latter are
expected to make component eifficiency by
increases of around 2% possible.

It is apparent from the specific power
trends that increasing TET can reduce
engine size quite considerably. This will
generally be beneficial in terms of cost,
as well as weight, but the components will
have to slide significantly down the
size/efficiency curves. If Roa is also
increased, annulus height at compressor
exit and in the gas generator turbine will
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be further reduced, with a similarly
detrimental effect on component
efficiencies. For a shaft power engine a
1% reduction in every turbomachinery
component will increase sfc by 4% to 5% and
reduce specific power by a similar amount.
These losses considerably undermine the
potential benefits of the more advanced
cycles.

Small size also adds to the difficulties of
turbine cooling. With such small blades,
both the cocling flow rates and the
sophistication of the blade cooling design
have to be less than those achievable in
larger engines. Cost considerations also
tend to discourage the use of cooled
blading for more than two NGV rows and
perhaps only one rotor row. The problem
can to some extent be alleviated by using
a single stage, heavily locaded gas
generator turbine, rather than a two stage
design. The single stage design will have
larger blades which are easier to cocol,
while the high loading requires a higher
tangential speed and a larger temperature
drop through the turbine. The net result
is a turbine with up to 100K more TET
capabllity than the equivalent two stage
design. However, this is at the expense of
some 5% higher sfc because high stage
loading penalises the turbine efficiency
{Ref 22).
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The combination of the above considerations
leads to the result illustrated in Fig 40,
which is taken from Ref 22 and is based on
current component efficiency levels. The
gas generator turbine is assumed to have
cooling on all blade rows and the first
power turbine stage is either uncocled or
cooled, as indicated on the diagram. The
curves represent the boundaries of "best"
performance for realistic engine designs in
the 1000 KW class, with all practical
solutions lying above or to the left of the
lines. If the aim is to minimise sfc, a
two stage gas generator turbine would be
preferred, but the performance "bottoms
out"” at around Roa = 20. Higher Roa would
bring no benefit and would normally be
worse on both sfc and specific power,
because the adverse size effects outweigh
the cycle benefits.

In the example shown, allowable TET tends
to be governed by metal temperature at the
first uncoocled blade row, so that extending
the cooling to the first power turbine NGV
and then to the first rotor, allows
specific power to increase, but generally
at the expense of sfc. 1If small size is
the aim, Fig 40 shows that a single stage
gas generator combined with a cooled power
turbine would be the best option. This
could operate at high TET (up to 1740K)} but
at relatively modest pressure ratioc [(less
than 15}. Low pressure ratioc has a cost
advantage in reducing the number of
compressor stages, but if low cost is the
primary requirement power turbine cooling
would be avolded altogether, moving the
choice back to the left of curve A in Fig
40. Thus practical cycle choice and engine
configuration may |vary significantly
depending on design priorities.

Improving component efficiencies or other
component technologies can improve
performance considerably. Fig 41 shows
the effect of two anticipated trends.
Firstly metal temperature capability is
increased by 50°C - a step that is well

Relative SFC
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within the bounds of evolving conventional
alloy technology. This allows an increase
of 80K in TET and a 10% increase in
specific power, with no effect on sfc. 1In
practice, this sort of measure would most
probably be used to extend the power
capability of an existing design, rather
than produce a new and smaller design. The
second step is to move to the advanced
technology component efficiencies of Figs
38 and 39. With an increase of around 2%
in each component, this gives a further 10%
increase in specific power and a 10%
improvement in sfe. However it is
noteworthy that maximum Roa still scarcely
exceeds 20.

5.3 The sfc loop and engine ratings

A consequence of the basic thermodynamics
of shaft power engines is that the sfc loop
does not have the catenary shape of the jet
engine. As the engine is throttled back,
sfc rises continuously, the minimum
normally being at the maximum power point,
see Fig 42. Like the civil turbofan, the
helicopter engine spends little time at
maximum power and may be well throttled
back for most of its duty c¢ycle. Thus, as
we saw for the former, there is advantage
to the designer in allowing compressor

efficiency to fall off at top power, in
exchange for improved part power
performance. This will have the effect of

flattening out the curve slightly over the
top part of the range, but typically sfc at
50% power is 15% to 20% greater than at
100% power.

Fig 42 alsoc shows the power bands required
for different phases of helicopter flight.
Normal maximum power is required for fully-
laden take-off and maximum vertical climb
rate, but as soon as the helicopter starts
moving forward the main rotor generates
much more lift and the power requirement
falls off, reaching a minimum in the 70 to
100kt range. Beyond that, increasing drag
from both rotor and airframe begins to
dominate and maximum forward speed is
reached when power demand is back up to the
maximum continuous rating.
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Maximum continuous rating is the maximum
power setting that can be used without time
limit or discrimination. In theory, the
pilot could choose to use it all the time,
although in practice the designer specifies
it at a level consistent with the predicted
mission usage for the helicopter. This may
tell him that the rating will be required
for say 5% of total flight hours. If the
engine overhaul life is 5000 hours, the
rating is set at a level where the engine
would last 250 hours if run continucusly
there. The difference between these two
lives is 80=C to 100®C in metal temperature
or around 150K in terms of TET. It is
clearly essential to predict the power
utilisation pattern correctly. Over-
prediction of the maximum power reguirement
will lead to a low temperature,
conservative design, which is over-sized
and costly. Under-prediction will lead to
a short life, unreliable design. It should
however be added that new designs are
invariably intended to have a degree of
conservatism at initial entry into service,
in order to leave room for power growth in
later vears without complete redesign.

Above the maximum rating, there is always
one and sometimes two emergency ratings,
mainly to cater for the one engine
inoperative case in a twin engine
helicopter (Ref 24). Safety considerations
require that above a prescribed minimum
height, a helicopter in hover must be able
to suffer a single engine failure and still
accelerate forwards without striking the
ground. Rating philosophy for this case
varies from manufacturer to manufacturer,
but typically a 120% rating may be provided
with a maximum allowed time of say 5
minutes for each application; there may
also be a higher emergency rating still of
perhaps 130% or more, with a maximum
permissible time of perhaps 1 or 2 minutes.
The specification may even require a
borescope inspection after every
application of the latter rating and may
even call for engine removal and strip for
refurbishment.

LIBRARY

2-23

5.4 Engine ingtallation facteors

The discussion has so far dealt with the
uninstalled engine. As would be expected,
installed performance will be slightly
worse than for the bare engine, because
allowance must be made for intake and
exhaust losses. There is a growing
requirement for military helicopters to be
fitted with inlet particle separators or
dust screens to prevent the ingestion of
sand or dust, which would otherwise have a
very rapid and disastrous effect on the
engine blading. Similarly, because
helicopters are highly wulnerable to
ground-launched infra-red homing missiles,
it may be necessary to fit some form of
infra-red suppressocr. This is an extra
unit fitted to the exhaust to prevent line
of sight to hot metal and to cocl the
exhaust plume by internal mixing with
ambient air, probably drawn in on the
ejector principle. Both devices add
pressure losses to the engine system and
these must be allowed for in the
performance calculation. Broadly, every 1%
of pressure loss at either intake or
exhaust increases fuel consumption by 0.5%
and decreases power by a similar amount.

6 CONCLUDING REMARKS

In this lecture we have discussed many of
the practical considerations that influence
cycle choice for the three main types of
aircraft application. Even so it has only
been possible to scratch the surface of the
subject. There is a multiplicity of
additional factors, both technical and
commercial, that the engine designer must
take into account and which will affect his
choice of cycle parameters. These include
mechanical constraints such as shaft torque
loadings and overspeed limits, wvibration
avoidance and damage containment. The
commercial issues include perceived market
size and the possibility of alternative
applications, availability and cost of raw
materials, processing methods and
fabrication techniques, etc. When all such
aspects are taken into consideration, the
engine cycle may deviate significantly from
the optimum as indicated by the simple,
logical rules outlined here.

It has also not been possible to address a
number of important specialist
applications, eg short take-off/vertical
landing fighters (STOVL), variable cycles,
supersonic transports and high performance
open rotors. However there are many good
papers in the open literature on all these
topics that are available for further
study. While they introduce a number of
extra influences on cycle choice, these
applications are still subject to the basic
materials, aerodynamic and thermcdynamic
constraints that have provided the bed-rock
of this lecture. These constraints are
fundamental to the whole process of gas
turbine cycle design and are universally
relevant to every type of engine.
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SUMMARY

The detailed design and development of turbofans
involves the prediction and identification, by means of
test analysis, of the performance of the engine and its
components. The thermodynamic simutation and
analysis codas Integrate existing knowledge and
interpretations of the detailed operating procedure of the
components of the engine being developed. The
relevance of the predicted performance depends on the
quality of the representation of the various physical
phenomena affecting the characteristics of the
components and, consequently, on the incorporation of
experimental correlation in the modelling.

In this context, the representation of compressor and
turbine characteristics is particularly important. Firstly,
we will anilzze the ability of corracted parameters to
represent MACH similitude at the component Inlet under
various conditions.

The various measurements achleved on the engine
during development are used to enhance the modelllng.
"The methods of identifying the thermodynamic calculation
code with the various measurements, considered here
with their uncertainties, are then presented and
described. The analysis of the tests performed on the
powerplant, designed to identify the real characteristics of
the engine components, can be undertaken, considering
one or more engine test points and incorporating
knowledge acquired through experimentation or on the
component test hench.

There are many possible fislds of use for these
identification methods ranging from the rematching of
components to the optimization of the control system.

Symbols and notations

The symbols, notations and station identifications
correspond to the SAE ARP 755A recommendations.

A area

[C] influence matrix

¢y correction factor for compressor/turbine
characteristics map

CL radial clearance

EP ad:abatlf eef:g:iiancy
polytropic efficiency

FAR fuenr:‘l :ﬁ ratio

H stagnation enthalpy per unit mass

HS static anthalpy per unit mass

1C confidence interval

IDC unstationary inlet distortion index,
circumferential

m measurement number

n unknowns number (structural coefficents)

n HPC inlet temperature sxponant
{acceleration scheduls)

B test point number
total pressure

PLA powaer lavel angle

PR total pressure ratio

PRS compressor surge margin (%)
Pgurga PR Operating
point
PRS=100 at constant
P corrected
gurge mass flow
PRS2 fan surge margin

PRS25 HP compressor surge margin

PRS2P fan surge margin fixed by engine
performance considerations

PRS2R fan surge margin required for asrodynamic
stability

PS static pressure

PW ﬂower

P3Q25 PC prossure ratio

R gas constant per unit mass

RH relative humidity (%)

RN REYNOLDS ANl = 1.01825
number index

( T )1 24

S antropy per unit mass 288.15

t time

T total temperature

TK critical temperature

TS static temperature

\ gas veloc

w mass flow rate

WAR water (vapor):air ratio

wB30 aircraft bleed mass flow

WF32 gas generaior fuel flow

XMO aircraft flight MACH number

XN rotational speed

turbine loading ,:aramoter
aircraft angle of attack

anticipated aircraft angle of attack
angle of sideslip

ratio of specific heats

change in parameter

‘unknown vector (structural coefficients)
Y model - Y measurement

T
0= —
288.15

G measured engine parameter uncertainty
(coverage factor km3)
summation

T thermal time constant

¢ antropy function

Subscripts after the basic symbols

C correction operator for compressor/turbine
characteristics taking Into account
molecular weight and specific heats ratio

XN2
i.8.: XN2C =
\JRT2/standard values

. N~

discharge
estimated value
inlet

critical state (MACH number unity)
turbine power limit

quotient

conventional correction factor for
compressoriturbine characteristics taking
into account temperatures and pressures

XN2
i.0.2XN2R =

\/T2728815

IOrx=
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8 steady state
S static state (No. subscript for total state)

1. INTRODUCTION

Elaboration of an engine, designed to meet a new level of
military or civil specifications, provides the opportunity to
introduce modern technologies developed within
advanced research and technology demonstration
programmes. Carefully coordinated and targeted, this
new product combines the capacities of the advancad
components and of all the sz%tems making up the
powerplant, dealt with here from the point of view of the
functions contributing to propulsion performance.

Mastering design and development implies global
medelling and simulation studies for the various engine
functions. During the engine design and development
phases, global thermodynamic modelling of the
powerplant is used intensively. The engine opsaration
simulation ﬁrecedes and supports its development. In
the initial phase, computer calculation code simulation is
used to analyze several engine configurations and
architectures, combining the use of current and advanced
technologies, in order to assess, for example, the impact
of each technological characteristic on engine
performance factors. At this stage of design, the
thermodynamic calculation code is used primarily for
pradiction.

Given that these studies lead to the selection of
performance options and ?uarantees. it is essential that
the thermodynamic modelling used In the design phase
should be based on a previously acquired accurate
understanding of the operation of the engine components
and systems and also on experimental data relating to
advanced compressors and turbines acquired on the
compenent test bench. Extensive data from theoretical
calculations, measurements taken on components and
test analyses parformed on praviously developed engines
Is compiled for the thermodynamic calculation of the
performance.

In the second phase of engine development the engine's
real performances become accessible through tests
conducted in the various installations, such as the ground
level test cell, the simulated altitude test cell and the flight
test bed. Testing program and specification of measuring
instrumentation are then directed towards the
determination of the real characteristics of the engine
components. After this, an adjustment phase, during
which the calculation code is identified with the real cycle,
starts. The interpretation of the measured
characteristics, using a special identification version of
the thermodynamic calculation code, enables
performance to be predicted more accurately and, after
analysis of the repercussions of the current configuration,
gngmcomponent improvements and rematchings to be
o .

The pumpose of this lecture is to describe:

. techniques for modslling component characteristics
maps,

. methods of identifying the thermodynamic calculation
code so that it represents, as far as possible, the real
cycle of the engine under development.

ese methods are applied to engine test analysis as
well as to the development of the control logic.

2. THERMODYNAMIC PROCESS DURING ENGINE

DEVELOPME
PREBICTION/SIMULATION
ANALYSIS/DE

2.1 Thermodynamic modelling - General

STUDIES

In his analysis, the thermodynamicist will consider the
whole powerplant as a single system. Due to the extent
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of this system, the thermodynamicist is unable, at
prasent, to fully use the detailed models (e.g. on the
scale of the blade) devseloped by the aerodynamicist. in
general, the engine is considered to be composed of a
set of modules, the various flows are separated, the air
streams are split into a series of stations and average
parameters are assigned to the flows (monodimensional
calculations). This simplification, inherent to this system,
as a whole, means that the analyst will resort to
correlations and globa! characteristics for the engine
components, in particular, compressor or turbine
characteristics maps. This method of exﬁrassin the
operation of the component constitutes the interface
between the fields of asrodynamics and thermodynamics.
Analysis involving the division of the air stream into a
serles of modules requires the use of a simplified
description, approximation and correlation to define the
characteristics of each module. The advantage of global
modelling of the powerplant Is that it is possible to rapidly
assess the contribution of the characteristics of each
detailed module to the global performance and
consequently to carry out numerous studies for
optimization, rematching and trade-off. However, this
type of modelling has a humber of restrictions, model
identification using measurements enables the duct
pressure loss to be expressed as a function of various
arameters such as MACH number/inlet corrected mass
fow rate or dynamic pressure/kinetic energy, but will not
indicate the respective contributions of the various types
of pressure loss: friction, diffusion, shock, secondary flow.

22 S%cifications with respect to thermodynamic
modelling

On the basis of the detalled description of the component
characteristics, the thermodynamic cycle calculation code
will satisfy the mass flow rate, momentum and energy
conservation equations throughout the powerplant.
Caleulations will take into account the component
degrees of freedom and the control system laws. The
result of these calculations is a detailed representation of
the engine cycle, in the characteristics maps specific to
each component (operating point).

The characteristics of the modules will evolve during the
various phases of engine development: they start as
predicted characteristics, are measured on the
component test bench and are then confirmed by engine
tests in the ground test cell, the aititude test cell and on
the flight test bed. This implies that the thermodynamic
calculation code is of a semi-analytic nature providing a
flexible and dynamic tool the contents of which reflect the
best state of knowledge concemning component
characteristics at the current stage of engine
development.

Engine thermodynamic modelling is primarily used to
accurately predict the performance of the engine and its
cycle throughout the contractual flight envelope of the
aircraft, and particularly for the phases of flight
corresponding to performance guarantees. Throughout
all the engine development phases, the real status of
engine performancs, in relation to the guarantied levels,
has to be known. For these specific flight cases, the
gerformanoe predicted by the calculation code will be
ased successively on:

- a prediction based on the measured
compressor/turbine characteristics,

- a prediction readjusted on the basis of the first engine
ground tests.

At a later stage, the calculation code will allow certain
tests in the altitude test cell or in flight to be extended or
transposed according to contractual requirements.

For this purposs, it is necassary to perform tasks to
validate the engine thermodynamic modelling. The
various tests carried out on the engine being developed
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may be used to readjust the calculation code. During the
vanous phases, it is important to know the accuracy of
the model to represaent the behaviour of the various
components over wide-ranging flight envelope conditions.
This validation phase has to be performed as early as
possible in the development programme for the following
reasons:

- thermodynamic modelling is used to diagnose the
shortcomings in the engine cycle; it is used to orient
component improvement and rematching phases.

- it is very important to rapidly define the ability of the
angine to meet guarantied performance with an
adequate degree of confidence. I is therefore
necessary to assess the level of modelling
representation at all times.

The quality of modeliing will be expressed by the
consistency of engine testing in the different installations;
the accuracy of the pradicted engine performance will
depend on the confidence interval of the experimental
correlations, included in the model that will be derived
from identification studies.

To facilitate the process of identifying and validating
modslling, it is appropriate to confer a specific structure
to the calculation code:

- a large number of modules must be anticipated and for
each the addition of formulations corresponding to the
presence of the various physical phenomena.

- the degrees of freedom, as empirical correlations,
should be introduced to allow these formulations to be
readjusted on the basis of the available measurements.

3. MODELLING OF COMPRESSOR AND TURBINE
AEROTHERMODYNAMIC CHARACTERISTICS

The principles of thermodynamic modelling described in
the following paragrﬁohs refer to the JANUS calculation
code designed by SNECMA for the development of the
M88-2 military engine. The M88-2 is an advanced
technology dual rotor turbofan engine, incorporating a
three-stage fan and a six-stage high pressure
compressor, each driven by a single-stage turbine.

its degress of freedom are:

- variable fan inlet guide vane position,

- variable compressor stator vane position,
- core engine fuel flow,

- afterburner fuel flows,

- nozzle position.

3.1 Basic thermodynamic modules

A certain number of subroutines on the thermodynamic
characteristics of the fluid that will undergo a series of
evolutions as it passes through the enqine must be
avaliable beforehand. At the engine inlet, the fluid
consists of a mixture of dry air and water vaper,
characterized by a certain WAR specific humidity. The
combustion of hydrocarbon CHg, with a certain fuel/air
ratio FAR, in the air, in the presence of water vapor,

enerates a new mixture characterized by the WAR and

AR ratios. The per unit mass enthalpy is described by a
function H (T, FAR, WAR). The fluid function

M 6=[s %o TraRWAR
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is required, this function being linked to the entropy
variations by the relation

P
2 S -5 =, -¢) - Rlog, Fz
1

The ¢ function apptied to the isentropic evolutions (3)
{calculation of static state or critical stats), to a
compressor (4) or a turbine (5},

3 & - &, = Rlog, .g

s

A

4 ¢q- = P

P
I _d
og, P,

P
(6) 64 - & = A.EPlog,
Pl
is used for the simple calculation of the state parameters
without resorting to the thermal capacity y ratio (thus
avoiding the mean y choice).

The functions Hpyiy and ¢mijx relative to the unit of mass
of the mixture comprising:

- 1 kg of pure air
- WAR of water vapor
- FAR of burnt gases

are deduced from the values H and ¢ of the constituent
parts of the mixture by the relations (&) and (7).

Hie s (T} + WARHymtr g {T) *+ AR Hogn gare (T
1+ WAR + FAR

{6) Hou =

1+ WAR + FAR

(7} b

The mass enthalpies and the ¢ functions, of the three
constituent parts of the mixture, vary with temperature
and are representad by high order polynomials.

The notation for the thermodynamic parameters and the
main engine stations, are those recommended in the
document SAE ARP 755 A.

The incorporation of water vapor, which has a
significantly ditferent molecular weight to that of pure dry
alr, implies the creation of several specific subroutines.

As an indication, the principal modules relative to water
vapor are:

- calculation of the saturating pressure of water vapor as
a function of the static temperature.
Deduction of the correspondence between the relative
humidity RH and the specific humidity WAR,

- condensation test,
- calculation of the latent heat of vaporization, the

quantity of water condensation and the temperature rise
ATR|sE of the gaseous mixture following condensation.
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The presence of water vapor in free (atmospheric) air will
affect the various thermodynamic functions H, ¢ and y
and will also increase the mixture mass constant.

Thus, for a mixture of dry air and water vapor

_ 287.05287 « WAR.461.522
1 + WAR

(8) Ao

The various parameters of monodimensional flow that
correspond to the critical state (MACH = 1} and the static
state for the given total flow parameters, can be
calculated directly or by iteration when the different
thermodynamic modules are appropriately combined.
Figure 1 summarizes the concatenation of calculations to
assess the main thermodynamic parameters
corrasponding to the static state and the critical state.

CRITICAL STATE CALCULATION

A

"W‘\ .*1}—“

L

v
XNK=1 AHK—-—TK TK —= vKavsK= | /YKRIK

STATIC STATE CALCULATICN

s -5 ‘5——1 TS —= y§—= VS= \/7SRTS A.PS
p W E

wke AFE /TR
Vi Y R

/ " y=NE-
WAR
R XM AP/ 2(H-HS)
FAR We—
. 45
T . RTSa R
H v
TOTAL STATE STATIC CRITICAL
T ™ ™®
H s HK
. s "
P PS PK
SPEED OF SOUND VT vs VK
SPEED [ v v
MACH NUMBER 0 1Y XK1
T vs 7K

FIGURE 1 — EXAMPLE OF AIRFLOW CALCULATION AND VALUES CORRESPONDING
TO STATIC STATE AMD CRITICAL STATE

3.2 Modelling of compressor and turbine characteristics
COMPRESSOR

The characteristics of the compressor are usually
modelled for a reference state, i.e.

- for clean inlet flow {low space-time pressure and
temperature distortion),

- for a given variable stator vane schedule,
- for rated (and identified) clearances,

- In steady thermal operation,
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- for rated engine ventilation air bleed values,
- for an accurately defined inlet REYNOLDS number.

This method takes for granted that appropriate specific
corrections, such as those developed in conference
No. 8, can be incorporated in these compressor
refersnce characteristics to describe compressor
behaviour under real conditions.

Searching for a method for representing the
charactenstics of a compressor, implies questioning the
variance of the physical phenomenon and then choosing
reduced variables apt to represent similar functions in
terms of velocity triangles. The standard method
considers several independent variable categories:

- vanables qualifying the fluid passing through the
COMpressor,

- variables characterizing a reference state for this fluid,
- the geometry and kinematics of the compressor,

- variables characterizing the energy exchanges between
the compressor and the fluid.

If the effects of viscosity are disregarded {independently
accounted for by the REYNOLDS analogy), the
conventional dimensional analysis leads to the selection
of similitude parameters such as the pressure ratio and
efficisncy as a function of two parameters,

M and ﬁv

P VT
representative of MACH numbers:
. the flow axial MACH at the compressor inlet

. the formed MACH with the rotational speed of the
blades.

By the following points SNECMA's choice differs slightly
from this conventional representation of the compressor
similitude paramaters. In the expressions of the reduced
parameters, we have retained the quantities y and R,
characterizing the fluid, to more accurately signify the
constancy of the velocity triangles with regard to MACH
similitude for fluids with different characteristics at the
comprassor inlet (temperature, humidity, etc.). However,
we have chosen not to retain the two MACH numbers
(the axial MACH at the inlet, and the formed MACH with
the rotational speed}. The use of these MACH numbers
implies an iteration on the fluid static state and we have
prefarred to keep the property enabling a direct access of
the similitude parameters of the characteristics map on
the basis of the total flow parameters.

These considerations oblige us to represent the
compressor characteristics map by the following
corrected parameters (example given for a high pressure
compressor):

XN25

J YRT25

- the throtting or position parameter on the corrected
speeds isograms,

XN25C =

- corrected speed,

waaK - W3

WaK
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{ratio of real mass flow rate to critical flow rate
comresponding to the annular discharge station A3, for
discharge conditions)

- non-dimensional parameter representing the MACH
number at the inlet,

was
W250K = ——
W2asK

(ratio of real mass flow rate to critical flow rate
corresponding to the annular station A25, for inlet
conditions})

- the corrected total enthalpy rise.

H3 - H25
YRT25

H3-H25
FRT25

W3
— = WIOK
WIK

2 TABLES AND AREAS AZ5-AJ

———= XN25C

AH

VALUES OF ——
FRT2S

w3

w25
VALUES OF i
WK WK

FIGURE 2 — REPRESENTATION OF COMPRESSGR CHARACTERISTICS FOR REFERENCE STATE

Figure 2 summarizes this representation of the
compressor characteristics for the reference state. The
integration of this compreasor map representation into
the engine thermodynamic calculation code is reduced to
the establishment of two matrices

H3 - H25
i
AT2s = { (XN25C, W3QK)
Wa5QK

associated with sections A25 and A3 and with the
coefficient linking the real discharge flow rate W3 with the
real inlet flow rate W25.

The introduction of the reference compressor map surge
line axecutes independantly. It is expressed by

P3Q25 = F (W25C)

725 100 [ R [1400
ith . .l
wiln Wzsc wsz 286.15 \ P25 \j 287.056 N\ 7
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associating the specific values for the stator sefting
schedule, the radial clearances, the viscosity and
distortion, to make the appropriate corrections to the
position of the surge line.

A25

P25
25

WAR

XN25C

w3
WK

FIGURE 3 - POLYTROPIC EFFICIENCY CALCULATION, USING THE CORRECTED PARAMETERS
OF AN HF CCOMPRESSOR MAP

The block diagram in figure 3 shows the sequence of
calculations of the compressor discharge conditions, the
compression ratio and the polytropic efficiency, for an
operating point within the compressor characteristics map
and for fixed inlet conditions.

>

-~ —

CONVENTIONAL REPFESENTATION

‘ﬂﬁ-.
WRSCK - F{NNIC)

GENERALIZED REPRESENTATION

FIGURE 4 . 0N CF TICE OF A LU CORP

An example of the representation of the LP compressor
map {primary flow) is given in figure 4:

- a new representation with more complete invariants on
the lowsr part,

- the representation of the characteristics of the same
compressor with conventional invariants on the upper
part, for standard conditions
Po =1.01325 bars
To =28815K

and for a reference fluid (WAR = 0, dry air), that is,
R = 287.05287 J/kgK.

The representation of a compressor characteristics map,
the basis of these new similarity parameters, is also used
on the basis of the measurements taken cn the
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compressor partial test bench, To the standard
measurement of the flow rate, pressure and temperature
at the compressor inlet and discharge, must be added the
measurement of ambient humidily and the use of the
same thermodynamic functions, as those composing the
enginse calculation code, to calculate the four similitude
parameters (Figure 3).

TURBINE
A similar method has been developed to represent the

turbine reference characteristics {here, notation for HP
turbine).

HIC
s
s
2
W
| R
aa 1C;
- HANAIC)

FIGURE 3- REPRESENTATION OF CHARAGTERISTICS OF AN MP TURBINE

The four similitude parameters used are as follows:

XN41C = XN25
YHT41

- comrected speed,

- position paramaetsr on the corrected speed isograms,

w42
w42L

W42L corresponds to the turbine power limit conditions
{(with regard to the power limit a proximity indicator is
availabls)

- similitude parameter representing the MACH number at
the inlet,

w41

W41QK =
Q W4a1iK

(the real mass flow rate to critical flow rate ratio
corresponding to station A41, for inlet conditions).

H41 - H42

- the drop in the corrected total enthalpy,
TRT41

Figure 5 illustratas this representation. The introduction
of this turbine characteristics map into the engine
thermodynamic calculation code is reduced to the
establishment of two tables

H41 - H42
TAT41
w41QK

associated with stations A41 and A42 and a relation
W42L/W42K = {XN41C) defining the turbine power limit.

= f(XN41C,2)
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3.3 Quality of the representation of the MACH number

using corrected parameters

In this paragraph, we examine the ability of the similitude
aramaeters to represent the MACH number for different
inlet conditions and for varied fluids. The problem of the

generalization of the compressor or turbine
characteristics map arises when the ratio y of the heat
capacities and the R fluid mass constant (that is to say
the molecular weight) diverge markedly from the
reference values corresponding to the cases of
calculation or measurement on the component partial tes!
bench. For a compressor, the problem consists in the
extension of a map measurad on the partial test bench
supplied under atmospheric conditions at the estimated
characteristics map of this same HP compressor
mounted on an engine, therefore downstream from the
LP compressor and under aircraft flight conditions.

For a turbine, this implies the transposition of the
characteristics measured on the parttal test bench by
warm supply for the particular engine.

With regard to the representativeness of the axial MACH
number at the entry to the annular zone by a corrected
flow, we have successively examined the three following
invariants:

M WT
P
@ WT | A
P \NT
3y W
@ WK

tor two axiat MACH number values: 0.6 (repressntative
value for a compressor} and 1 (case of a turbine) and for
the combined cases of ?ure air with richness in burnt

ases of 0.03 and specific humidity WAR = 0.03
E:orrsspondir_ﬂto t; = 35°C at a relative humidity

H = 80%). The resuits of the calculations are described
in figures 6 to 8. The invariants (1) and (2) are
represented as specific flow rate units and as ratios,
taking the standard specific flow rate as the referencs

" (Tgtq = 288.15K, pure air WAR = 0, FAR = 0); The

invaniant (3) in W/WK was not represented for a MACH
number egual to 1 because it is evident that its unitary
value, by definition, is then independent of the
component supply conditions.

In tables 1 and 2, we have treated the relative deviations
caused I;{ the use of a same type of invariant, both for
the partial test of the component and for the engine flight
test, and this for a HP compressor and for a HP turbine.

The rasults of these calculations reveal the shortcomings
of the simplified similitude parameter (1) LV‘\,E and

illustrate its inaptitude to transpose the large variations of
the ratio y of the heat capacities ratic and above all the R

as per unit of mass constant, when considering
mportant deviations in the component inlet temperature
or a heterogeneous gas mixture of water vapor and burnt
gas. Its role must therefore be limited to low-amplitude
transpositions.
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Table1 HP compressor axial MACH number XM :0.6 introduction of in the invariant (2) —W-%T N —f— For this, the
T

Flow rate lnvarlant residual deviation comes from the use of total parameters
in this expression because the same quantity written in
) @ @ static parameters expresses the MACH number perfectly.
Ta | FAR | WAR wrw| w _— w
{K) L ’ E W The invariant (3) in w. that we have chosen to

K
represent the compresser and turbine maps further
attenuates the representativeness deviations at XM = 0.6.
These deviations cancel out when the invariant (3) is

Partisl bench | 20818 | 0 0 203.041 | 203.041 | C.04184 defined for XM = 1, by its very definition.
test, amblent

(Kg/em® [Kg'em™)

conditions
b o by o
Engine fiight | 580 0 003 || 20007 | 20385 | 0.8408 iy
test \ Ref: 0.84164 0x
Relative discrepancy {in %) S1.48% | +0.26% | -0.13% 0.8410 | orx
Table 2 HP turbine MACH number : XM = 1
0.8400 |
{ -0.2x
Flow rate Invariant
{1 2 ) 1 ~03%
T, FAR | WAR w 0.8390 |
® wro | wrlAF
(Hgor?) | fiigam) { ~o.ax
0.8380 |
Partial beroh | 26815 | o ¢ 241,244 [ 241244 1
toat, (when
cold) {1 -0.5%
Engine fight 1800 0.02 0 234.09 | 24474 1 0.8370 1 , , . , )
tont 300 500 1000 1500 1800 K
FIGURE 8 — EFFECTS OF
T WATER CVAROR): R RATIO. WAR
Relative disc in %) ~297% | +1.46% [} - H
ropancy {n %) - FUEL: & RATIO FAR
ON THE RATIO : FLOW RATE/CRITICAL FLOW RATE

FLOW MACH NUMBER = 0.6

@ Y 1 1om3es [ g /140018

A2 3Vaees p 287.052 T N

208 | Kg/S.m2 j @ ¥ 1 o35 SR /1.4«'.’015J
"% A Vzaas P 287.052 TT A, e

208 245 | Kg/S.m2 +1.5%
204 244

+1%
203 | 0% 243
202 242

0%

Lol -1% 241

200

199

240 | Ny \
~
- LY w |
x 239 | \\ S () R /25; 101325 i

A 15 P h
W\

| r
e e ™, “\:{o
197 _3% 237 | q’:stqq' 3‘\&,
\ﬁ,» s {-2x
196 236 | hi, .
-,
\\
195 | ax 235 ~
L i 1 1 A ‘\
300 500 1000 1500 1800 K 234 | 4 -3%x
FIGURE 6 — VARIWTIONS OF THE CORRECTED MASS FLOW (1) (2) wiTH
— FLOW TOTAL TEMPERATURE T 233 |
— WATER (VAPOR) : AIR RATIO WAR s 2 N . L
—~ FUEL: AR RATIO FAR 300 50 1000 1500 1800 K

FLOW MACH NUMBER = 0.6
FIGURE 7 — VARIATIONS OF THE CORRECTED MASS FLOW (1) (2) WITH

— FLOW TOTAL TEMPERATURE T

The greater part of the correction, coming from the — WATER {VAPOR) : AR RATIO WAR
variation of fluid molecular weight, is generated by the FLow i AR RATO FAR

presence of water vapor and accounted for by the
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4. METHODS FOR IDENTIFYING A THERMODYNAMIC
MODEL BY MEASUREMENTS

4.1 Test analysis process

Once the prediction and simulation code of the engine's
thermodynamic behaviour has been obtained on the
basis of component characteristics, either predicted or
measured on the component test bench, this modellin
must be validated and decisions must be taken as to the
orientation the engine performance tests will take. During
the initial stages of modseliing or at the beginning of the
development programme, many uncsrtainties remain
concerning both the data that comprise the calculation
code and the real characteristics of the engine
components. The thermodynamicist's main concern is to
reduce the uncertainties in the initial modelling, quantify
the real characteristics of each component and then
validate the calculation code. This is achieved by
performing tests on engines fitted with detailed
instrumentation. The thermodynamic analysis cannot be
confined to observations of the overall performances or to
measured cycle parameters. 1t is therefore necessary to
assess the real characteristics of the components. Any
deviation from the expected characteristics of a
component causes the other engine components to be
mismatched resulting in operating point migrations,
including components with nominal characteristics.
Consequently, directly comparison of the sfficiencies
deduced from the measurements with the expected
values, can lead to an erronsous interpretation of the
quality of the components. The analysis must be
conducted for each component to show up the origin of
the deviations observed on the cycle.

This task is performed using the identification methods
described further on. The real characteristics of the
components are then discussed with the
aerodynamicists. The role of the thermodynamic
specialist is to describe the confidence intarval
corresponding to the real characteristics of the
component, the consequences on the overall engine
performance and the potential possibilities of rematching
the components.

For a single definition of the engine, the process for
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validatin? the thermodynamic calculation code
progressively requires all the different categories of
engine tests: the ground level test cell, the simulated
altitude test cell, and the flying test bed. All these data
are linked together by the thermodynamic simulation tool.
The experiments on the simulated altitude test celi can be
used to adjust the viscosity corrections of the modelling
used for ground level tests. They also highlight the
effects linked to the untwisting of the blades and the
extended characteristics of the exhaust system. An initial
quantification of flow-distortion effects, at engine intaks,
can also be measured on the engine at this stage using
an unstationary distortion generation system. This initial
individual quantification, performed for each effect for
experiments on the simulated altitude test cell, is
essential for the calibration and validation of the
thermodynamic calculation code; only this rigourous
progression in identifying each influence on the
component characteristics can lead to a satisfactory
interpretation of the other numerous effects inherent in
the in-flight tests: installation, transient, thermal, throttle-
dependent effects, etc.

4.2 Component characteristics correction factors

in order to quantify the deviations between the modelling
and the experimental results, it is common practice to
define correction factors used to adjust the model
characteristics to the measurements obtained. In general
terms, the thermodynamic process takin%place in the
comprassor or turbine can be described by using four
parameters such as (table 3):

. axial MACH number at the inlet, i.e. the ratio Wi/Wj,

. efficiency EP

. corrected speed XNC

. axial MACH number at discharge, i.e. the ratio Wy/Wqyk

The operating point in the characteristics map is fixed by
two of these four parameters. The four related correction
factors are defined in table 3. The permeability and
efficiency deficits are usually expressed as cgq and .
The correction factors concerning the other compone
apply to the aerodynamic pressure loss coefficient and
the combustion efficiency.

correction factors cg for constant map values of
W, Wf] wd
2 xeg, = |t EP XNC -TZ
(w,]m b W) Wdk
w Wi Pd
2 EPpp X Oy = EPpyy Wik XNG B
i
[+ 8
g XNC gy X 0y = XNC gy W Pd
Wik Pi
W, w¢]
—_ x —_— .
[W«],.., T [Wa - %‘ EP XNC
W, W, wd
dd} =22 EP XxnC 22
( Wn),..., * % [ Wt],.., wa
_wi aAH
2 EPrap X G = EPry we " Tar
£
3
XNC g X 5 = XNC g L/ AH
Wik T AT
). * o ()
wl X% = Wi
(Wa e Wa) Wi EP xwe

Table 3 Definition of correction factors
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FIGURE 9 - LOGATION OF FLOW PATH MEASUREMENTS ON M88-2 ENGINE

UNKNOWNS EQUATIONS TO BE MET
LPC - MAP LOCATION PARAMETER  WZ3QK W2A = W2A MAP
HPC - MAP LOGATION PARAMETER  W3QK W25 = W25 MAP AIRFLOW RATE
7OPERATING | HPT - MAP LOCATION PARAMETER  W420L W41 = W41 MAP CONTINUITY
VARIABLES LET - MAP LOCATION PARAMETER  WS5QL W49 = W48 MAP COMPATIBILITY
CYGLE AIRFLOW RATES ....c..cnvus { WeA PW42= PWHP } POWER EQUATIONS
BPR PW5 = PWLP BALANCE
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ca2 W2A = W2A
LPC SEGONDARY ..oooveeevrevee e cceins { CG1 WF32 = WF32
cG2 AB = A8
HPG ... { ca P CYCLE = P SENSED 23
cG2 23A
cGi 24
STRUCTURAL HPT et e e se e s s anne s oa2 pe
COEFFICIENTS cG1 ps
E LPT{ paeiy -
PRESSURE LOSS 23/29 13
50/55 14
Tarte e MEASURES
14115 pPSsT
EFFECTIVE LPT OUTLET SECTION  CK5? PS17
T CYCLE = T SENSED 23
23A
24
31
50
13
14
16

FIGURE 10 - SINGLE TEST POINT IDENTIFICATION METHOD - EQUATION SYSTEM

The aim of analyzing tests through identification is to
distort the modelled component characteristics
(efficiencies, flow rates, pressure losses, etc.) in such &
way that, for a ?iven operating point, the values calculated
by the model of the operating parameters (pressures,
temperatures, etc.) are equal, or as close as possible, to
the engine during the test. Figure 9 illustrates the typical
instrumentation of a development engine on a ground
level test cell. The various engine stations are equipped
with pressure and temperature probe rakes, linked to
static pressures on the walls. The other conventional
thermodynamic measurements are the rotational speeds,
the fuel flow rate and temperature, the nozzle positions,
the variable fan Inlet guide vane positions, the variable
HP compressor stator vane positions, the thrust and the
ambient conditions. Processing and averaﬂing of these
measurements generates the parameters that will be
used to analyze the engine cycle.

4.3 Single-test point identification methods

For each test point, characterized by a set of
measurements obtained on the engine, the values of the
various correction cosfficients to be applied to the
modelling characteristics are determined in such a way
that the simulated parameters of the cycle correspond to
the measured values.

This correspondence is established by resolving equation
systems by iterative numeric methods with regard to the
non-linearity of the modslled phenomena.

Figure 10 illustrates the equation system to be resolved
in the most usual case. There are two sub-systems to be
solved. The first equation sub-system comprises the
cycle compatibility equations, i.e. generation of the
various continuities of the flow rate, shaft power
equilibrium and static pressure at the confluence; whore
the unknowns are the operating variables, i.e. the
operation point position parameters in the characteristics
maps and the air flow rates.
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This sub-system, that is characteristic of the presentsd
engine model structure, will ba found in al! the
identification methods described below. Itis this sub-
system that ensures the physical validity of the calculated
cycle (notion of loop). This first sub-system, by its very
nature, must be exactly resolved. It is generally
considered to have heen satisfied when the relative error
on each equation is 'ess than a predefined epsilon.

The second equation sub-system is composed of the
identity between the m measurements and the
parameters simulated by the model, where the unknowns
are the model's structural cosfficients, i.e. the various
correction factors of the compressor, turbine and
prassure loss characteristics. It is clear that an accurate
solution cannot be achieved when the number of
measurements exceeds the number of structural
coefficients.

One method consists of using only a limited set of
measurements oorreesrondlng to the number of structural
cosfficients and therefore ignoring some of the
measurements. The non-linear equation system can
then be solved accuratarlsv within the limits of convergence
accuracy, by a NEWTON-RAPHSON type method. This
type of identification method is known as a "square”
method, since it contains an equal number of equations
and unknowns.

Another approach consists of using all the
measurements. Since the aquation system cannot be
solved accurately, uncertainty related to each
measurement should be taken into account. In this case,
the solution that minimizes the quadratic deviation is
sought,

5 (Modai value - lflrle‘lasurrement]2
m
g

the compatibility equations being satisfied accurately.
This type of identification method is known as a
"rectangular” method. Additional equations can also be
introduced in order to take into account the experience
acquired by adding estimated parameter values
assoclated with their confidence interval. Both these
equation sub-systems:

. compatibility equations, to be satisfied accurately,

. equations identifying the model with the measurements,
to be matched as best as gossible.
are solved using a NEWTON method coupled with a
regression method.

When the measurements relative to a given engine
component are not accurate or when the component
modelling is not representative, the identification results
concerning other componsnts may be affected. In this
case, an other method, enabling to identity the structural
coefficients of each component with the measures
specific to this component in particular, is advisable. The
system Is then constituted of several rectangular sub-
systems and of only one common square sub-system
(compatibility equations).

The use of the rectangular identification method
highlighted the need for an axtremelly accurate
calculation of the derivatives. Applying these methods to
a set of test points ooverin% the entire operation envelope
of the engine component characteristics leads to a set of
vaiues for the various correction factors. At this stage,
pertinent correlations must be obtained between these
comection factors and the intringic component parameters
using regression methods, In order to obtain an overall
description of the behaviour observed in this component
over the operating range covered by the fests.

4.4 Multi-test point identification method

This is the result of extending the single-test point
rectangular identification method to a set of test points p.
In this case, the local structural coefficients of the single-
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test point methods are replaced by .Flobal coefficients
{values commen to all the points). These coefficients,
characterizing functions f given below, therefore
constitute new unknowns.

The solution sought should be along the following lines:

HPC cgq 25 = f{XN250
¢g2 25 = {{XN25C

LPC cgy 2A = f(XN2C, W23QK
cgp 2A = i(XN2C, W23QK

HPT

that accurately solves all the compatibility equations for
each test point and:

. matches the measurements as well as possible -->
minimisation of the quadratic deviation

zpzm(

Mode! value - Mo:zsummem‘)2
[0 ]

. takes into account any previous expseriments by
introducing the estimated parameter e, associated with
its confidence interval IC

5 3 (Model value - Estimated va!ue)2
pTe ic

A direct search is therefore made for the coefficients of
these correlations {e.g. polynomial correlations) that
axprass the changes in the model's correction
coeflicients. This requires the expression of the different
functions f to be defined beforehand.

Methods, splitting the rectangular sub-system into several
other ones, may also be applied.

Notion of "rectangular utilization with a new orientation”:

Our understanding of the engine's behaviour is made all
the more easier because of the available additional non-
redundant information. When the number of sensors
cannot be increased, the multi-test point identification
method results in an original solution: in this case, the
quantity of additional information comes from the
simultaneous incorporation of the various points.
The utilization of this method can be understood through
algebraic representation, rather than time-consuming
developments.

Let us asi&rga that we wish to identify a vectorof an ___
unknown AX (cosfficients) and that we have a vector AY
whose components are the differences batween the
model's values and the measured values for a test point.
By linearizing and taking the operating point as our
viewpoint, formally, we have:

AY= [C] . &X
dimensions (mx1) (mxn) {(nx1)

{line x column)

where [C] is the influence matrix given by the engine
model at the point being studied. This system can only
be solvedifn<m

(if m = n: square system to be solved using the NEWTON
method

if n < m: a "pure” rectangular system to be solved by a
regression method).

If it is considered that the coefficlents sought do not
evolve during the different test points taken into account,
the praevious relation can then be written as follows for p
points:

AVy= [C]y .

WNp= [Clp -

& &
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i.e. by combining

AYq = Cl4 —
AX
AYp = Clp
dimensions (mp x 1) (mpxn) {nx1)

This gives us mp known values {(model minus
measurements), whereas the number of unknowns
remaing the same. This can still be solved due to the
non-linearity of the phenomena, insomuch as the
selected points are relatively uncoupled and sufficiently
nUMerous.

Note: For the sake of clarity, the compatibility sub-system
was not taken into account in the preceding explanation.
However, if can be accurately transposed by including in
vectors AY) the deviations on the compatibility equations
and splitting previous vector AX into:

global coefficients to be identified

Thlmpe of approach enables more coefficients to be
identified than the number of existing measures for a
given component (determination of turbine correction
coefficients).

5. APPLI%ATIONS OF THE IDENTIFICATION

5.1 OQOperational approach:

Test analysis, by mathematical modelling, is justified by
the necessity to know with ever increasing depth the
characteristics of the engine’s components.

Therefore, the real part of each engine component in the
engine's overall performance must be ascertained, with
oon?oI:dation of the initial modelling of our phenomena
analysis.

%.T: local unknown compatibility quantities
g:

This improvement of the engine model
representativenaess, then enables the undertaking of
several types of studies (Predlctlon.Iniluences.component
matching...) with more relevance,to improve the
characteristics of the engine's componsents, as well as
their adaptation, in such a way that the en_?ine can satisty
performance targets {understand to act). This results ina
reduced number of tests being required to apprehend the
engine’s behaviour.

MULTI TEST POIMT wETHOD

SINOLE OFERATING TEST FONT WETHOOS

TION
CORRELATION. FORMS

FIGUNE 1] — TEST PROCESSWG DISDRAM

This test analysis approach subdivides into several
phases that deserve some specific remarks:

. ldentification_ phase: {determination of correction
Yactors

This is the confrontation phase between the tests and the

existing type of modelling, the modelling then bein

"adapted" to measurements according to criteria o
reviously developed residual deviation minimisation.
esult analysis makes it possible to apprehend the
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characteristics of the components that are actually
installed in a new environment. The model is then seen
as a mean of understandin? physical phenomena that
enable possible detection, for example, of component
peculiarities, defects {weakness).

. Regetting phase (updating our model)

The purposs is to transpose the tendencies of the
correction factor evolutions, that systematically ared
an an engine/mounting set with the same technological
definition, by correlations depending on characteristic
iln_arameters of the components in question.

hese correlations are then reintroduced into the engine
model. They must comply with the double imperative of
reliability and simplicity and be adaptable to very different
cases of operation. This approach makes It possible to
go from a pin-point level of knowledge to a continuous

erception of the engine's behaviour.
t is then possible to simulate, by extrapolation, areas of
operation that are difficult, or even impossible, to
implement on the test bench.

- Prediction phase

The purpose here is 1o assess the resetting quality of our
engine model by simulating test operation cases.

In particular this will enable hypothesis validation made at
modelling level and the types of correlation chosen.

The results deemed unsatisfactory, because they differ
too much from the measurements obtained on the test
bench, will oblige resumption of the previous identification
and resetting phases.

In this respect, the use of statistic analysis tools will be
very beneficial for the analysis of our distribution of the
model/measurements results deviations for each
parameter,

1t will then be possible to test:

- thle random character of that distribution (research for
bias...}

- the hypothesis, in its statistical sense, of a nil average.
At the end of this iterative process the engine model,
*reset" in this way, is ready to undergo several research
studies.

We have tried to schematize the precedent approach by
the synoptic illustrated by figure 11

5.2 Use of the various identification metheds in the
angine aeveiggment process :

The three identification methods:

. Square - single-test point
. ractangular - single-test point
. rectangular - multi-test point,

}+ regression

the principles of which were I%iwan in chapter 4, have their
optimum application in the different steps of the engine
development process.

The choice of one of these methods will then ba guided
by:

- the levet of knowledge reached at the time of
identification,

- the measures at disposal,
- the type of research that wa intend to implement.

The disgosition and choice of measurements being
guided by the analysis that we wish to undertake
concerning the engine (for instance, diagnosis of a
particular component). We will now define the different
characteristics and possibilities of each of the methods
mentioned.
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5.2.1 Single-test point rectanqular identification methed
This method particularly applies when we have excess
information with respect to the number of correction
factors to be identified.

This information can consist of measurements, on the
angine, or estimated characteristics of components. In
the latter case, we shall talk about constraints imposed
on the operation of the engine. Each item of information
being matched with a certain amount of confidence
corresponding, for measurements, to the uncertainty
about the measurement, and in the case of constraints, to
the uncertainty on the knowledge of the estimated
characteristic value.

Depending on the state of progress in the development of
the engine, the composition of this set of information, to
be matched, changes.

The main cases of application are then:
- the first development tests in which instrumentation is

usually abundant and the characteristics of the
components on the engine are little or badly known.

engine tests with the inegration of one or more new
components: there is little excess instrumentation but
the behaviour of the old components on the engine is
very well known.

engine tests in a new environment {for instance the
heginning of flight tests): the instrumentation is less
developed but the behaviour of the components is well
known on the entire operating envelope that has
already been explored during tests on ground and
simulated altitude benches.

In the two latter cases, it will be possible to impose
constraints on the known characteristics of the
components, taking into account the influence of the new
component or new environment for the degres of
confidence granted for that constraint.

5.2.2 Single-test point square identification method:

The square method has the particularity of using only one
part of the measurements available on the engine. a
mattar of fact, the method imposes an exact
correspondence with the information taken into account
{within the precision of convergence accuracy). Because
of the uncertainty of the implemented measurements, it is
not possible to match all the measuremsnts, this
eventuality usually leads to a double determination of the
engine caiculated parameters such as the primary air
flow-rate for instance. A badly reset model then imposes
the use of several calculation channels in order to make
sure the results are consistent with one another.
However, this method has the advantage of being very
sansitive to measured disturbances. Therefore its
application is optimum for the analysis of small
performance deviations, for instance for engine
acceptance tests or endurance tests. 1t is however
necessary to have at one’s disposal a reliable model and
to choose a reference calculation channel.

§.2.3 Multi-test point identification method

The generalization of the rectangular single-test point
identification principles leads to the method called muilti-
test point.

Obwviously, this method has a large field of application:

- The first one is test synthesis.
The use of the multi-test point method necessitates
hypotheses as to the form of the correlations to be
introduced into the engine model. However, test
analysis makes it possible to obtain "stable”
{conventional) forms of correlation that can therefore be
used from one synthesis to the next. The physical
meaning and the accuracy required to match the
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measurements then give the user the possibility of
refining his choice. The introduction of such
correlations can in principie be performed with
relevance only at an advanced stage of knowledge of
the engine's behaviour.

The multi-test point method then makes it possible to
avoid the degradation of rasults due to the successive
identifications specific to the single-test point methods.
As a matter of fact, the single-test point methods
separate the point analysis and correlation parameter
identification phases, thus causing error "stacking”.
This taking into account of the identification of the
correlations for the purpose of method convergence,
[Iy_resents an important aid to facilitate computerization.

he analysis ot the whole sample of chosen points, and
the simultaneous identification of related correlations, is
carried out in a single computer job. As a result, use of
this method under such conditions greatly improves
productivity.

The multi-test point method also offers an undeniable
interest for research on the sngine-model's behaviour,
Let's suppose that on the basis of a sample of
reference test points, we want to analyse the influences
(repercussions) of a changs in hypothesis, for instance,
a modification of the form of a correlation: the
coefficients of all the correlations then adapt
automatically to reset our modsl in these new
conditions in the best possible way.

It is thus possible to easily assess the interdependence
between the various components and maintain at the
same tima our general approach (taking into account all
the operation cases corresponding to the points of the
sample).

- The primary idea, to improve our knowledge of the
engine’s behaviour, consists in increasing the quantity
of information available: this can be achieved by
installing new sensors.

However, two important obstacles hinder this
approach.

. Supplementary instrumentation is not possible for all
the engine stations (technological constraints in the
hot paris).

. Adding more sensors is a lengthy operation when
the casings have not been designsd for that
purpose.

The multi-test peint identification method makes it
ossible under certain conditions fo avoid these
imitations. The 11uantity of required information then
comes from simultansously taking into account the
various test points.
The rectangularization of the equation system, having for
each individuat point, less available information for cross-
chacking than unknowns, is then obtained by considering
a set of test points for which the same unknowns have to
be searched for. This particular use is called
"rectangular, with a new orientation”, in the development
of the principles of the method.

5.3 Implementation of the identification methods

In order to implement each of the methods mentioned
above, it is necessary to carefully check all the data taken
into account, this includes the measurements matched by
the method as well as the hypotheses implemented in the
model and the choice of the correction factors.

5.3.1 Instrumentation

The quality of the estimates of the engine and component
performance during identification depends greatly on the
quality of the measurement system. This quality of the
measurement system can be estimated through three
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criteria; location, number of measurememnts and
uncertainty about the measurements. Indeed, a perfect
knowledge of the performance of each engine component
would imply having at one's disposal a great number of
measuraments in each of the engine stations, both
upstream and downstream with respect to the
components to be characterized. However, this idealistic
vision of the measurement system does not resist the
reality of the limitations met with when implementing the
measurement system on the engine.

Generally spaaklngi the installation of probes depends on

the technical feasibility:

-bosses on the engine to install probes while preserving
the machanical integrity of the engine,

-sensors adapted 1o the measurement environment,
particularly regarding tempsrature or vibrations.

The number of sensors per measurement station is,
barring location problems, a compromise to be made
between the minimum number of sensors installed, in
order to obtaln a good representation of the fluid working
in the powerplant, and the maximum number of sensors
that will not disrupt powerplant operation.

The uncertainty with regard to the engine parameter
gives an indication as to the quality of the measurement
chain performed. This uncertainty depends on the type
of measurement, namely:

-for an individual measurement, it is the uncertainty
related to the measurement chain of the engine

arameter (sensor, measuring device),

-for an indirect measurement, it is the calculated
unceriainty from the engine uncertainty parameters that
have been directly measured, by the error propagation
method,

-for an average measurement in an engine station, it is
the uncertainty related, on the one hand, to the
uncertainty about each individual measuremert in the
station, and on the other hand, to the mean calculation
method in the measurement station.

Each one of these three criteria plays a part in the test
analysis process, at different levels. The compromise
concerning the number of sensors to be installed in each
measurement station will have an influsnce on the quality
and consequently on the uncertainty about the mean
measured in the measurement station. The possibilities
of installing probes will have an influence on the
hypotheses to be implemented for the model, depanding
on whether the information is available or not, and
consequently, on the choice of the resetting coefficients
conceming this model. The uncertainty, as we have seen
betore, is the image of the degree of confidence granted
to each Farameter that the resolution system tries to
match. In this way, the uncertainty determines the quality
of the identification achieved whatever the method used.

5.3.2 Choice of hypotheses for resetting the model

The identification of the engine parameters with the
measurements makes it necessary, in the same way as a
degree of confidence in the measurement is established,
to choose and grant confidence to a number of
hypotheses concerning the model.

These hypotheses are of two kinds:

- First, the hypothesis of model monodimensionality that
imposes a description, necessarily simplified, of the
physical phenomena and consequsently of the
components intervening In the powerplant.

-Then, all the hypotheses made on the knowledge of the
actual operation of the powerplant through component
tests or engine tests already analysed.

These hypotheses bring us to describe the operation of
each component through specific parameters, such as
the corrected speed or flow-rate for a rotating component.
These specific parameters are generally linked to one
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another by relationships established during component
tests (component characteristics map).

These descriptions of physical relationships in the model
can be questionad during test identification. For that
purpose, correction coeflicients that can be adapted
according to the information available are attributed to all
the relationships that are to be questioned.

It seems evident that, depending on the measurements
avallable, it will not be possible to simuitanecusly identify
all the degrees of freedom offered by the engine modsl.
While, either by the relations of equilibrium linking the
components inside the engine, or by the measurements
sufficiently complets on the components located
uﬁstream and downstream, it is possible to attain certain
characteristics of a component for which there is no direct
measurement, for the other characteristics of that same
component, estimates originating from component tests
or from specialists calculations will have to suffice.

The choice of the resetting coefficients will then depend
essentially on the instrumentation of the engine, on the
confidence granted to the astimates obtained by
calculation, or by component tests, and on the structure
of the engine.

5.3.3 Construction of equation systems

The rematching of the model resetting coefficlents to the
test engine is obtained by resolving an equation system
chosen by the user. This system will consist of:

- unknowns:
- operating variables (parameters for positioning in
component maps, engine control parameters).
-structural coefficients (correction coefficients).

- aquations:
- compatibility equations {continuity of flow-rates, power
equilibrium).
-identification equations {(measured or estimated
parametors matched by the values of the model).

Whatevaer the identification method chosen, the system
shall include the compatibility equations ensuring that the
modellings of the various components within the model
are compatible with each other. Depending on the
identification method chosen, the equation system will be
more or less developed. Apart from the compatiblility
equations which are always present, it is the number of
identification equations implemented that will differentiate
the analysis methods.

Wa have seen in the previous chapters that the square
method, by its very principle and because of the
uncertainty inherent to each measurement, imposes that
only the measured values leading to a univocal mode for
the calculation of the engine's internal parameters shall
be matched. As a result, not all the engine
measursments available will be processed, depending on
the calculation channel used (critical distributor,
secondary duct, etc.)

Conversely, if the analysis method chosen is the
rectangular method, It is possible to use all the
measurements made on the engine simultaneously. The
identification equation system will include, in addition to
each measurement matching equation, a weight
oorrespondin? to the uncertainty estimated about the
measured value. Compared to the square equation
system, the rectangular system will be much more
developed in terms of measurements to be matched and
also in terms of information contained in the identification
equation, since the latter contains the weight granted to
that measurement in the resolution of the system.
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5.3.4 Correlations

The identification of ﬁ test points using our engine model
provides, together with other results, the same number of
values for each correction factor. In paragraph 5.1, we
emphasized the need to include a summarized form of
this quantity of infformation in the initial modelling;
compiling correlations, that express the tendencies of the
comection factor changes, fulfils this requirement.

These correlations, characteristic of the engine that
rovide the test points, are subsequently re-introduced
nto the modai, this model can then be considered as a

computerized twin version of the particular engine.

This approach requires explanation:

-the regression methods used smooth the results: the
correlations obtained in this wageoorrespond to an
approximation of the observed behaviour of the engine,

- converting point data (the discrete set of values of the
corraction factors) into analytical forms (e.g. polynomial
comrelations) completes the area of our ungerstandlng.
The practical remarks given below will enable the
validity of this operation to be tested.

- by extrapolating the laws obtained, the areas of
operation, that are difficult or even impossible to
implement on the test bench, can be simulated.

The simplicity of the process and the ease with which it
can be used can only too often conceal certain subtle
realities.

We would like to indicate a certain number of
recommendations to ensure that correlations ¢an be
compiled in the best possible conditions. Rather than
giving & complex explanation, it would seem more
appropriate to list a few practical remarks:

- Make sure that the following basic statistical conditions
are met:

a) are the points satisfactorily distributed over a
relatively wide range?

b) does the examination of residuals {deviations
betwesn experimental points and correlated points
or reduced residuals (residuals/estimated standar
deviation) show any anomalies? It is useful to make a
Praphic representation of these residuals or of a
unction of the characteristics that could influence
them. If the correlation model is correct, the reduced
residuals should lie between approximately -2 and
+2, assuming that their mean is zero. They should
not be structured in any particular way, but if 1hagea
are, it means that a structure exists that has not n
taken into account, in which case attempts should be
made to determine what it is.

- Appropriate correlation parameters shoulid be chosen,
i.8. they must be adaptable to other operating cases.
Representative parameters can be chosen based on
experience and according to physical meaning. They
are usually the parameters inherent to the component.

-The correlations should meset both reliability and
simplicity requirements. The uncertainty bandwidth of
the various correlations should be relatively coherent
throughqut the model.

- During convergenca, the numeric methods can use
highly extrapolated areas that have no physical reality.

This border phenomenon should be taken into account
when correlations are compiled.

5.4 Comparison of test analysis methods

In order to achieve a comparison of different test analysis
msthods that highlight the specific qualities of each

method, we have to start from the same set of data. This
set of data is composed of measurement points, a model
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and hypotheses about the overall behaviour of the
powerplant.

The measuremsent paints used constitute a homogeneous
series distributed over the entire operation envelope,
from idle rating to full dry power, for various nozzle
sections. The model shared by all the methods is a
development model comprising exactly the same physical
hypotheses (turbine permeebility, leaks, cooling, etc.).
The hypotheses on the form of the correlations (on the
overall operation of the engine) have been drawn up
using the singie-test point rectangular identification.
Depending on the method uged, the number of these
hypotheses, concerning both the engine modsel and its
ovarall behaviour that are called into question varies.
How well the model represents the engine depends on
the doubt or confidence attached to the data obtained
through component tests or tests on previous engines. In
both square and rectangular single-test point methods,
the hypotheses on the bshaviour of the engine
components at each point and the incorporation of the
measurement uncertainty in the analysis of the test point,
determine the quality of the representation. As in the
previous paraﬂraph. matching the measurements
accurately in the square method means attributing
excessive confidence to certain measurements (knowing
the uncertainty of these measurements} and thersfore,
introducing dispersions on the analysis of component and
engine performance. This quality can be assessed by
the spread of test points around the mean value
representing the overall mean behaviour of the engine
when correlations are being sought. Figure 12 illustrates
this uncertainty in the determination of the mean value for
the single-test point square and rectangular methods.
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In comparing single-test point and multi-test point
ractangular methods, another type of hypothesis
(concerning the overall operation of the engine) is called
into question. The quality of the identification must
therefore be assessed on the level of coherence between
the various correlations. No significant deviations in the
description of the component behaviour over the entire
envelope are found in figure 12, but in figure 13,
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significant deviations do appear when coherence
between all the regressions has to be ensured.
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Similarly, figures 14 and 15 show axtremelr different
engine behaviours, particularly at low rotational speed,

depending on whether the coherence between the
correlations Is included in the analysis or not.

Similarly, the comparisons between the sin?le-tost point
methods, and the single-test point and multi-test point
rectan%ular methods can be mads by taking into account

the ci;lo al nature of the identification and repeated
prediction process of the engine characteristics,
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Figures 16 and 17 clearly indicate characteristic
differences between the methods.
Although using the single-test point square method for
identification purposes, resuits in an almost parfect match
with the measured value, the hypotheses that are not
called into question in this identification and the additional
hypotheses made when the correlation is constructed,
will introduce imperfections into the engine description
leading to a wide confidence band during repeated
prediction.
In contrast, in its identification, the single-test point
rectangular method takes into account a measurement
confidence band that will limit both the measurement
accuracy matching and the number of reducer
hypotheses used to obtain accurate matching of the
measured values. However, the spread of identified
points around the correlated mean value, seen in the
previous figures, gives an idea of the approximation
rformed during the repeated prediction of the test point.
ncorporating correlation hyrotheses during analysis,
(concerning the overall engine behaviour) into the multi-
test point rectangular method, means that test point
identification and repeated prediction are included in the
same operation that solves the equation system.
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Therefore, we can only assess the guality of the results

obtained, using this method, by comparing the repeated

predictions with the other methods. Figures 18 and 18

show that:

- major deviations exist between the square method and
the rectangular methods, particularly by the bias existing
on the mean that is linked to the physical hypotheses
incorporated in the square method,

-the deviations batween the single-test point rectangular
method and the multi-test point methed in the dispersion
of values around the mean.

Let us emphasize that this set of data is particularly well-

suited to the rectangular method. As we have explained

in the previous chapters, these methods are best applied
at different stages of engine development. It is therefore

Iikelg that the deviation between the single-test point

methods would have been less significant with a more

suitable model.

However, the results obtained illustrate the specific

features of each method developed in terms of the quality

of both identification and repeated prediction.
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6. ANALYSIg BY IDENTIFICATION OF TRANSIENT
STATETESTS

An identification method applied to transient state
conditions will allow us to:

- improve our knowledgse of the engine during
davelopment.

- cut the costs of acceptance tests.

6.1 Use:

6.1.1 Component characteristics maps

Some areas of these maps that are inaccessible on the
engﬂne, under steady state conditions, could be identified
in the engine context by this method. This is the case, in
particular, for the HP core and the LP turbine.

- HP compressor:
The areas located underneath and to a greater extent
above the steady state working line: the conditions
under which surge occurs will be better known.

- Combustion chamber:
The operation at very high fuel to air ratio (FAR)
(acceleration) and high air loading (deceleration).

- HP turbine
High corrected speeds (deceleration) and low corrected
speads (acceleration).

-LP turbine
High corrected speeds and low loads {decsleration), low
corrected speeds and high loads (accelsration).

6.1.2 Thermal and pneumatic phenomena

Analysis by identification of transient state tests will allow
us to improve our knowledge of thermal phenomena
(clearances, heat flux, variations of ventilation flow rates)
as well as their impact on the aerodrnamic
characteristics of the components (flow rates, efficiency
and operating limits),

They will also allow us to identify preumatic capacity
phenomena.

6.1.3 Characteristics of conirol

it will be possible to identify the actual characteristics of
control in the engine context, and in particular the delays
and the response of the main sensors and actuators.

6.1.4 Flight tests

It is very difficult to obtain very steady operation of the
engine.

The use of identification at transient state conditions is
therefore advisable, even to treat tests usualiy
considered as steady.

6.1.5 Acceptance tests

The use of this msthod will allow us to check the
characteristics of engines without having to wakl for their
complete thermal stabilization {short duration testing).
This means saving time and fuel.

6.2 Principles of the method

The multi-test point identification method is used at
present to identify real-time simulation model on detailed
thermodynamic model.

This identification on unbalanced independent test points
is only possible because the thermodynamic model
provides derivatives with respect to time which are
reliable enough.

Whatever way measurements are mads, the tests do not
provide, with respect to time, sufficiently reliable
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derivative values, pin-point identification criteria must be
replaced by integral criteria.

Thersfore, we will look for the minimum of:

2
IEE(YM_ YmusunJ dt
" q

The search for this objective being coupled at every
instant with the resolution of:

- compatibility equations

-implicit differential equations

7. THERMODYNAMIC SPE?EFICATIONS OF THE
ENGINE CONTROL SYSTEM

7.1 General principles

Using the identification methods described above for the
test analysis (component tests on component test bench,
engine tests in ground/altitude test cells and on flight test
bed), the influence of the various factors on the operation
of the components can be determined with increasing
accuracy and quantified. The compressor reference
aerr?thermodynamic characteristics can be associated
with:

variations in the setting schedule for the HP stators and
the LP inlet guide vane,

the effects of the air bleed, the viscosity, the
unstationary distortion of flow at the compressor inlet
and the transient variation of the thermal radial
clearance, on the mass flow rate and efficiency
characteristics, and the position of the compressor
surge line. All these informations are either predicted,
using theoretical calculations, or emanate from previous
experience, or are defined, on the basis of tests
performed on the engine being developed, and
constitute the logic of the engine thermodynamic
calculation code.

The incorporation of digital computers with substantial
computing power into the engine control systems
provides new light on the thermodynamic principles of
powerplant control.
Using these new airborne calculation systems, it is
possible to express the various set-points for the fuel
flow, the nozzle area and the position of the compressor
stators as a function of an increased number of
arameters. The calculation of the set-points now
incorporate a number of factors describing the
environment and operation of the engine, allowing the
controlled processes to be managed more effectively.
Interconnection with the aircraft systems can be
envisaged, with the innovation of an engine control
system extensively integrated with the aircraft.

Furthermore, we must seek to benefit from the greater
flexibility permitted during the development of the
software making up the calculation logic of these
electronic systems. In order to exploit the flexibility of the
software, a highly modular logic must be selected, with a
specific function assigned to each module. This ensures
that the softwars is readable and transparent, facilitating
developmarts. It Is advisable to closely model the
functions and physical representation of the various
modules, involved in the calculation of the set-points, on
elements of the modelling of the engine thermodynamic
programme. This ensures that it is relatively simple to
apply the progress, made in the identification studies to
the contro! logic, by inoorporatlnF the results of the
modelling into the various modules. This concept is
applied within SNECMA for the design and development
of the software for the calculation of the control set-points
for the advanced technology M88-2 military engine.
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The das{gner aims to optimize the operating range
pemitted by the components (compressors, combustion
chamber, atterburner}, while respecting their limitations.
The highest possible level of steady and transient state
performance is sought. To this end, it is vital to limit the
margin consumption with raspect to these limitations:
surge margins for the LP and HP compressors,
con)'tbustion flammability limits {rich blow-out, lean flame-
out).

The following paragraphs describe the principles of:

- management of the fan surge margin by means of
nozzle control

- control of the operating point in the HP compressor
map during acceleration using the main fuel control.

Particular attention is pald to the incorporation of
modelling derived from Identification studies in logic.

7.2 Managemem gtha fan surge margin by means of
nozzle cont

At partlal rating and full throttle, the control features
selected for the M88-2 engine are as follows:

- the power lever position generates an LP r.p.m. set-
point by action on the generator fuel flow.

- the position of the operating point in the fan
charalacterlstics map determines the position of the
nozzie.

Various parametric studies have justified the choice of
these options. For a given flight condition, the LP r.p.m.
is representative of the total engine air flow, which is one
of the thrust factors. Furthermore, for a given fan
corrected speed, the air flow dispersion is very moderate
on new engines during acceptance testing and, during
operation, the evolutian of the air flow remains practicall
unchanged. The control of a fan operating ﬁolnt, throug
LP r.p.m. and MACH number set-points in the fan
discharge station, has two main advantages:

- when the engine is controlled in this way, the thrust is
hardly affected by the variations in flow rate and in the
efficiency of the core engine or by modified air bleed or
power extractions. The thrust is princlrally affected by
variations in the characteristics of the fan. In this w?_:.
the operational angine performance is optimized, wi
the thrust maintalned by natural correction of engine
ageing. This teaturs will be retained, provided that the
turbine tempserature remains below the red line.

for a (Pog - PSoa)/P pe set-point, the fan pressure
ratio on?ysdeper%aa)s oﬁam nor variations in flow rate and
and efficlency and is therefore independent of the
avolutions of the other components located

downstream from the fan. It is possible to program the
position of the low pressure compressor operatin

point, as a function of various engine environmental
and operating factors, in order 1o effectively manage the
fan surge margin.

For these concepts, we use the widest possible range of
the fan-characteristics map. In order to optimize
performance, we define the full throttle value for the LP
r.p.m. using a function generator dependent on the fIIth
parameters. Similarly, using fan surge margin set-points
we can limit the dimensioning margin consumption
considerably and therefore optimize use of all the
possibilities of the LP compressor.

By checking the operating point of the fan, we can control
its surge margin by Inoorgoratlng a logic that calculates
the fan surge margin PRS2.
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- The characteristics reference map of the fan is
converted into a network

(P23 - PS23)/P23 = f (XN2R, PRS2)

This reference corresponds to the engine condition =
mean state (dispersion}, new, for engine static conditlons,
with low inlet distortion. For these conditions, the position
of the fan surge line will serve as a reference for the
various calculations of the surge margin PRS2.

Extension to high altitude and low MACH flight conditions
necessitates the Introduction of viscosity effects. These
offects reduce the air flow-rate W2AR as well as the
efficiency of the fan and consequently cause a slight
migration of the operati;g goint {the latter being defined
by parameters XN2, (P23-P523)/P23). Art LPC surge
ma;?In correction expressed as a function of the
REYNOLDS index is then incorporated. An other
correction of the representativeness of the
measurements madae in station 23 (fan outlet) allows us
to take into account the various deviations that appear in
a deterministic way and can therefore be modslied,
between the pin-point measurements that are carried out
and average paramsters from a thermodynamic point of
view. Thus, a bi-univocal correspondence is achieved
between paramseters PRS2 and (P23 - PS23)/P23

(figure 20).

i

FIOURE 20 - MBB-2 EXHAUST NOZNE CONTROL THROUGH FAN SURGE MAROSM SET POINT

-The principle of introducing modelling, that originates in
the detailed thermodynamic calculation code, into the
control logic was applied for programming the fan
aerodynamic stability stack-up. Figure 21 lists the main
destabilizing effects taken into account in the fan
aerodynamic stability stack-up in order to envisage
extreme operations of the fan. The main factors have
been modelled, under a simplified form, by using a
number of indicators and describers that characterize
the times of appearance and amplitudes of each
destabilizing effect.

. The lowering of the surge line In high altitude and low
MACH flight conditions is taken into account by an
expression that depends on the REYNOLDS index.
The sffects due to the uncertainties conceming
measurements on the position of the operating point,
which increase as the measured pressures decrease,
were assimilated to this modelling.

. The effects of the engine dispersion and ageing of the
characteristics of components such as compressors,
turbines, on the fan operating point and surge line,
cannot be modelized and are constantly taken into
account, in the same way as a stability stack-up. itis
the same for the residual error on the
representativeness of the measurements in station 23.

. The contribution of distortion Is introduced by a
modelling of describer IDC2 of the unstationary
distortion level, followed by an image of the fan's
behaviour with regard to this distortion level. The
prediction of describer IDC2 rests on wind tunnel tests,
and subsequently, on tests done directly on the aircraft.
It is based on the knowled?e of flight conditions,
corrected air flow-rate, real and anticipated angles of
attack and of aircraft side-slip. The sensitivity of the fan
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FIGURE 21 — MB8-2 MODELUNG OF LP COMPRESSOR AERODYNAMIC STABILITY BALANCE IN EXHAUST NOZZLE CONTROL

1o distortion, essentially as a function of corrected
speed, is extracted from measurements on the partial
test bench, with an air supply that presents the
upstatfltonary distortion characteristics found on the
aircraft.

The shortcomings in the positioning of the inlet guide
vane are also modelled, and so are the fan surge
margin consumptions on afterburner transients. Also
the contribution of the thermal response of the LP
compressor parts, to the characteristics of the LP
compressor itself, is described mora briefly (substantial
eftect during the various phases of a subsonic flight
following a long supersonic flight).

The value PRS2R thus obtained, by summing up each
surge margin consumption, reflects the required fan
surge margin as a function of the various scenarios
originating in the environment of the fan.

- Abasic setting of the engine in the form of a surge
margin PRS2P set-point, depending on the flight
conditions and speed XN2R, is introduced in order to fix
the reference level of the engine rformance. The
required fan surge margin PRS2R being calculated
permanently, the control of the nozzle position is
performed by a resultant set-point:

PRS2 = Max (PRS2P, PRS2R)

Such a structure for the elaboration of nozzle set-points
makes it possible to distribute in a flexible way the engine
performance level for usual flight conditions and to
ensure at the same time the protection of the engine (with
regard to the fan surge) under extreme conditions. By
considering the amplitude and the instants that the most
destabilizing effects occur (and not just distortion) in the
calculations of the required PRS2R surge margin, it is
possible to perform a good matching setting of the fan
advisedly.

7.3 Gag generator acceleration control

The same principle of introducing modedling ariginating
from the detailed thermodynamic calculation code into
the control software has been ied to the genserator
acceleration logic, in order to optimize acceleration times
and comply at the same time with the high pressure
compressor surge limitation. As for the fan, the basic
idea consists in Incorporating in the fuel set-point
calculations a modelling of the migrations of the transient
state operating point in the HP compressor
characteristics map, and of the supposed variations of
the surge line during destabilizing scenarios. .

The expression retained for the generator acceleration
schedule is as follows:

- f (XN25R)

This expression was elaborated in such a way that it
should provide a bi-univocal correspondence, at a given
XN25R corrected speed, between a level of the
acceleration schedule and an operating point in the
compressor characteristics map, whatever the value of
the terperature T23 at the compressor inlet. For this
purpose, it was necessary to introduce a variable n
exponent that is a function of the estimated temperature
T41, at the inlet of the HP turbine rotor, to take into
account the dissociation effacts that are specific to
operations at high turbine temperatures.

The basic level of the acceleration schedule is then
corrected according to the amplitudes of several effects
which are destabilizing as far as the HP compressor is
concerned. Each amplitude is quantified in terms of the
variation of the DPRS25 surge margin (with respect to a
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refersnce surgs line) that applies both to the lowering of
the surge line and 1o the migrations of the transient state
operating point in the HP compressor characteristics

map.

The main corrections of the acceleration control

schedule, envisaged for engine M88-2 are: (figure 22)

-viscosity effect on the HP compressor.

-influence of the amount of airbleed (necessary for the
aircraft).

-the distortion of flow at the HP compressor Inlet.

-the amflituda of the thermal effects causing variations in
the radial clearance.

(<2 OPRIA
—
VIRCDTY w2
= : orEn —_
—
RMZ3

m#l%
SOHEDULE

i

FIGURE 22 -~ MBO—2 ADAPTVE ACCELERANON SCHEDULY

- Viscosity effect on the HP_compressor:
The lowering of the surge line and the siight migration of
the transient state operating point (with constant
acceleration scheduls), that is due to the decrease of
the corracted flow-rate and of the efficiency of the HP
compressor during operation at a low REYNOLDS
index, are taken into account under the form of a
specific DPRSVI correction expressed as a function of
the REYNOLDS index at the HP compressor inlet.
Other considerations, such as the observance of
required surge margins (originating from HP compressor
aerodynamic stabllity stack-ups), the distribution of
acceleration times in the flight envelops and HP surge
risks {in case the engine operates in a degraded mode
or fails, it is preferable for sur?es to occur first at high
rather than low altitude) are also included in this
correction.

- Aircraft air bleed extraction:
A'real constant transient surge margin rarely occurs with
a constant acceleration schedule, whatever the amount
of air bleed nacessary for the aircraft. In order to attain
that objective, the amount of bleed air is measured by a
vanturi system installed on the engine; a fraction
WB30Q « WB30/W25 of the amount of air bled is then
calculated on the basis of the estimate of the primary air
flow-rate (continuity in the HP turbine nozzle deemed
critical); the correction is obtained using the sensitivity of
the real surge margin to the percentage of the bleed air
flow-rate. A residual surge margin during the
acceleration is thus achieved and it is independent of
the amount of bleed air. This character presents a
definite interest in high altitude and low MACH number
flight conditions, as the fraction of WB30Q flow-rate
taken is then substantial and the HP compressor surge
margin is never too great under thesae dimensioning
conditions. Such a correction improves the generator
acceleration times in an airbleed situation.

- distortion _of fiow in front of the HP compressor:
The transter, through the fan, of the unstationary
pressure distortion at the Iniet of the engine,
characterized by IDC2 index, has repercussions at the
inlet of the HP compressor in terms of pressure and
temperature distortions that essentially cause the
lowering of the HP compressor surge line. The
modelling of this mechanism is introduced by separating
transfer phenomena through the fan (depending on the
LP XN2R corrected speed) from the HP compressor
sensitivity to residual pressure and temperature
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distortions (depending on the HP XN25R corrected
speed). Such a correction favours accelerations with
low distortion and at the same the time fulfils the
Ia\bselmo::ei of HP compressor surgse with high distortion
evels.

-correction of radial clearance due to thermal effects:
Following a tirst acceleration, the temperature of the
flowpath increases sharply in a very short time and the
radial clearance increases with time as compared to the
thermal steady state, due to the differences in the time
constants of metal temperature responses (hence in
radial displacement) of the HP compressor casing
(faster) and discs (slower).

A throttie operation, consisting of a deceleration that Is
immediately foliowed by a new acceleration at the
instant of radial clearance increase ("bodies transient”)
is then dimensioning with regard to the HP compressor
surge because the surge line of the latter is lowered
following its operation with increased radial clearance.
The method for taking this effect into account uses a
simplified formulation of the average temperatures of
parts (case, disk), hence of displacement, related to a
sensitivity to the radial clearance of the HP compressor
surge line.

The calculation of the metal temperature (casing, disk)
in therma! transient, reposes on a formulation of this
type:

..l
Tow=T+(T, , ~-T1 -67)

where the metal temperature at time t + At is
determined by recurrence using temperature at time t
and the estimate of the metal temperature
corresponding to the fictitious thermal steady state.

This temperature, and the time constant <, are
expressed by flow parameter functions such as T25,
T30, P25, W25 and XN25. A similar formulation is
applied for the calculation of hot part thermal stresses
for the control of the residual potential of the parts. This
formulation of metal temperatures in thermal transient
state is applied to an upstream stage and a
downstream stage of the HP compressor, for the casing
and disk. Considering the variations in radial clearance
with respect to a reference constituted by steady
conditions from the thermal point of view, instantaneous
trar:slilent state clearance variations can be expressed
as follows:

ACL=Z &T, -T, )

casiny

blade/vane

disk
The introduction of this type of correction on the
acceleration schedule does not modify the dimensioning
acceleration performed at maximum thermal clearance.
Nevertheless, it makes it possible to improve the
acceleration time in simple acceleration mode in the
ordinary and less strict control lever scenarics.

The combination of the 4 corrections described above,
expressed in DPRS25, is then translated into a correction
to be made on the reference acceleration schedule,
resorting to a sensitivity depending on the XN25R
corrected speed.

This description of the control of the fan surge margin
and of the acceleration schedule modulation Is an
ilustration, in a control software, of the types of modelling
inferred from a detailed thermodynamic calculation code,
the Identification of which was first based on tests.
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8. CONCLUSION

The design and development process of a propulsion
system Is strongly influenced by the quality of modelling
and interpretation of the existing aerothermodynamic
phgnomena permitted by the thermodynamic calculation
code.

The first part of this document, concerning the modelling
of compressor/turbine characteristics maps, describes a
new representation providing an improved expression of
MACH similitude, irrespective of the conditions upstream.

To achieve in-depth knowledge of the real characteristics
of the components, an extremely detailed analysis of the
test results is required. The methods described in this
document for identifying the thermodynamic calculation
code with the measurements vary depending on the
quantity of information considered: number of
measurements, number of test points, etc. These
methods are applied to the analysis of the tests
performed on the M88-2 engine. These types of analysis
methods are relatively powerful and enable the maximum
amount of information to be extracted from engine tests.
One could envisage a potential application of these
methods in engine-condition monitoring.

An example of one of the applications benefiting from our
knowledge of physical phenomena existing in the engine,
which has been acquired through the use of these
identification methods is described in the latter part of this
document, |.e. the integration of spacific modelling in the
engine control software of the M88-2 engins.
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COMPONENT PERFORMANCE REQUIREMENTS

H.LH. Saravanamuttoo
Department of Mechanical and Aerospace Engincering
Carleton University
Ottawa, Canada K18 5B6

SUMMARY

Component data are essential for modelling the overall performance of gas turbines, The component characteristics
are not easily obtained, and much of the data is proprictary and not available in the open literature, Several methods
are available for estimating component characteristics and are briefly described. The requirements of users and
manufacturers are quite different, but both can produce fully credible performance models.

SYMBOLS

m mass flow rate U blade speed

T temperature C, axial velocity

p pressure C. whirl velocity
vy temperature coefficient a stator air angles
¢ flow coefficient B rotor air angles
1. BASIC FORM OF CHARACTERISTICS

The component characteristics for a turbomachine basically show the relationship between flow, pressure ratio,
efficiency and rotational speed over the complete operational range and typical curves were shown in Chapter 2 for
compressors and turbines. The nozzle characteristic can be predicted from fundamental gas dynamics, and the ideal
characteristics obtained are a good starting point for engine performance modelling. Most modern engines are
turbofans and the shape of the fan characteristic is t0 some extent dependent on the application. In the case of
military turbofans, the fan pressure ratio is relatively high and the by-pass ratio low. For a typical fighter engine
the fan would have 3 - 4 stages with a pressure ratio of 3.5 - 4.0 and a by-pass ratio of 0.3 - 0.5; the low by-pass
ratio is needed to minimize frontal area for high speed. If longer range is required, the by-pass ratio may increase
to about 1.0 and the fan may have 2 - 3 stages. The characteristics for these high pressure ratio ‘fans® are basically
the same as for those for a conventional axial compressor. In the case of a high by-pass ratio turbofan, however,
a single stage fan is always used in civil aircraft because of both noise and weight considerations and this results
in a rather different shape. The characteristic for a single stage fan from a small turbofan is shown in Fig. 1 from
Ref. (1), showing the much flatter shape of the constant speed lines.

It was mentioned earlier that component characteristics are proprictary to the engine manufacturer and are seldom
published in the open literature, especially during an engine development program; on the rare occasions when they
are published it is normally several years after the successful completion of the development program. One widely
used method for preliminary estimation of compressor characteristics is the use of Generalized Compressor
Characteristics, an example being shown in Fig. 2 from Ref. (2). In this case pressure ratio, flow, speed and
efficiency are related in terms of the Design Point values, with the generalized characteristic obtained from a number
of compressors of differing flows and pressure ratios designed using similar aerodynamic design methods; this
method, although essentially crude, is an excellent starting point for compressors of moderate pressure ratio. The
compressor characteristics of the LM1600, the industrial derivative of the GE F404, were successfully estimated by
Zhu and Saravanamuttoo (3) using this simple approach; the model developed gave excellent agreement with field
test data from a pipeline operator. The model was based on openly published overall performance data with no
information of any sort obtained from the manufacturer.

For preliminary model development, in the absence of any turbine data, turbine characteristics can be estimated using
the design point values of m, T and p and the basic shape of the nozzle curve calculated from ideal gas dynamics;
this can be done because the flow characteristic of the turbine stators, or nozzles, is the same as that of a propelling
nozzle. It is for this reason, of course, that a shaft power engine can be developed from a jet engine by substituting
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a power turbine for the final nozzle. Conversely, a nozzle can be substituted for a power turbine; this principle is
widely used for the overhaul of acro-derivative gas turbines, where the gas generator is brought back for overhaul
and tested as a jet engine, with the power turbine and driven load left in the field. Turbine characteristics based on
nozzle curves were successfully used in (2).

A preliminary model using these simple methods is a good starting point, and the model could be updated and
refined as test results become available either from component rig testing or overall engine testing. The methods
used to refine the model would be different for the manufacturer and a user; the manufacturer would have much
more detailed test results, with more parameters measured during test bed development, where the user would
normally only have the production engine instrumentation fit,

2, USE OF TEST RIGS TO DETERMINE CHARACTERISTICS
Compressor and turbine characteristics can be experimentally determined using component test rigs. This, however,
presents considerable difficulties and is not always done; some of the problems encountered will be outlined.

21 Compressor Test Rigs

Ideally a compressor test rig would have a bellmouth intake giving a uniform, undistorted flow at the compressor
face, and a throtile or butterfly valve in the outlet duct permitting the compressor to operate over the required range
of pressure ratios. The compressor drive should be capable of precise speed control over the operating range, making
it possible to carry out testing at any selected speed with the delivery pressure increased in small increments until
the surge point is determined.

The first problem encountered is the very large power input required at Sea Level conditions. As an example, the
Olympus 593 at take off has a mass flow of about 200 kg/s and a pressure ratio of about 15; the power requirements
are about 25 MW for the low pressure compressor and 75 MW for the high pressure compressor. A typical large
fan will have a flow of 700 kg/s and a pressure ratio of 1.6, giving a power requirement of about 32 MW. These
powers are prohibitive for electric motor drive, and some modern compressor rigs are driven by an industrial gas
turbine; but even then it is still not usually possible to test at full power.

The first possible solution is to throttle the intake to the compressor, giving a reduction in inlet pressure and hence
mass flow. Unfortunately, a major decrease in inlet pressure means a similar reduction in density and hence
Reynolds Number. Dimensionless analysis reveals that the performance of turbomachinery is dependent on both
Mach Number and Reynolds Number; in particular, performance decreases at low values of Reynolds Number due
to the increasing effect of viscous forces. The overall result is that reducing the power requirement can introduce
significant effects on the measured performance, which must be allowed for in predicting the compressor efficiency
at the full Reynolds Number.

Another approach, more commonly used with single stage fans, is to make use of scale model fans; by decreasing
the diameter, the mass flow can be reduced with a corresponding decrease in power input, with the rotational speed
increased 1o give the correct tip speed. The use of models permits operation at the correct Mach and Reynolds
Numbers with considerably reduced power requirements. The cost of constructing an accurate scale model of the
fan to be tested is obviously high, but this appears 10 be the only feasible way of obtaining fan data over the
complete running range.

Another problem is that the mechanical configuration and thermal loading of a compressor on a test rig may be
significantly different to those on an actual engine; this can result in differences in tip clearances which can have
a major effect on compressor performance, affecting both efficiency and surge margin. Some companies test
COMPpressors on a gas-generator rig using the actual engine configuration; a variable nozzle is then required to permit
operation over the operating range, which is restricted by turbine inlet temperature operating limits and the need to
avoid surge.

Further problems occur with multi-spool compressors, where each compressor may be influenced by the other. The
high pressure compressor, for example, may have a distorted intake flow resulting from the presence of the inter-
compressor support frame; thus the actual performance of the compressor on the engine may be inferior to the results
predicted by rig tests. Conversely, the performance of the low pressure compressor could be improved due to the
beneficial effects of the high pressure compressor in removing the flow. Stubner (4) of Pratt and Whitney has
described the construction of a twin-spool compressor rig; this approach has not been widely used, and requires
careful matching of the two rotor speeds corresponding to actual engine operation.

A limited amount of compressor data may be obtained from actual engine testing; this, of course, is due to the fact
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that data can only be collected along the operating line, giving a unique operating point for each speed for an engine
with fixed geometry.

22 Turbine Test Rigs

Turbine test rigs present even more problems than compressors. The most obvious difficulty is the provision of a
steady flow of gas at the required pressure and temperature. The next major problem is the need for a suitable
dynamometer with the ability (o measure power output very accurately, this being needed for accurate evaluation
of turbine efficiency. Turbine test rigs may be tested with *cold’ air, using a compressed air supply, but the flow
rate available is seldom sufficient for full scale testing; in addition, the intake air must be partially heated to prevent
moisture in the air from freezing in the turbine following expansion to a low pressure. It will readily be recognized
that running a turbine rig at low temperatures will result in major problems in establishing realistic tip clearances,
giving rise to large errors in performance.

Air cooled turbines are universally used for the high pressure stages of large, high performance engines and the
discharge of cooling air can have a considerable effect on turbine efficiency. It is therefore necessary to provide
appropriate levels of cooling flow at the correct pressure and temperature, greatly increasing the difficulty of realistic
testing of turbines.

Turbines may be tested on gas generator rigs, permitting operation under realistic engine conditions including
secondary and blade cooling flows. It should be remembered that for the case of a choked downstream component
(power turbine or propelling nozzle), the gas generator turbine will operate at a fixed non-dimensional point; this
means that only a restricted running range can be obtained on a gas generator rig, but that is exactly what happens
in an engine. Power turbines, on the other hand, can operate over a wide range of speeds and loads and would be
best tested on a fully instrumented engine driving a dynamometer.

Turbine performance is also a function of Reynolds Number, and may be significantly affected at high altitudes.
Typical variation of Reynolds Number with flight condition for the low pressure turbine of a civil turbofan (5) is
shown in Fig. 3.

23 Rig to Engine Differences

The foregoing has outlined the main reasons why component characteristics obtained from rig tests may differ from
the results actually achieved in complete engines, the prime reason being the difficulty of simulating actual engine
conditions on rigs. Further differences may also occur when installed in an aircraft as a result of intake flow
distortion; the same engine may exhibit different surge margins and operating characteristics in different aircraft.
Engine performance may also be affected by location, a good example being the centre engine of a three engined
installation, which is usually situated behind a lengthy S-bend intake, Methods of accounting for rig to engine
differences will be described in a later lecture.

It can be seen that there are considerable difficulties in obtaining accurate component data even when well
instrumented test rigs are available. It should be noted that test rigs are primarily concened with performance at
the important operating conditions such as cruise or take-off. The surge margin must be established over the range
from idle 10 maximum power, but in general not too much attention is paid to the low speed end. Very little useful
information is found at sub-idle speeds, but this is essential if a model capable of simulating start up is required.

3 USE OF STAGE CHARACTERISTICS

An alternative approach to generating overall component characteristics is the use of individual stage characteristics
which can be stacked to yield the overall performance of the compressor. Stage stacking methods are described by
Huppert and Benser (6), Stone (7) and Howell and Calvert (8). The concept of using individual stage data is
essential for the analysis and performance prediction of compressors with variable stators; it is also essential for
predicting performance deterioration in compressors where some, but not all, stages are subjected to phenomena such
as Foreign Object Damage (FOD), fouling or erosion, for use in diagnostic models for EHM studies (%, 10). An
elementary introduction to stage characteristics based on (11) follows.

The theoretical form of the stage characteristic can readily be deduced. Referring to the simplified compressor
velocity diagram given in Fig. 4, combining the Steady Flow Equation with the Euler Turbine Equation,
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mC AT, =mU(C,, - C,,)

~ C,AT, = UC, (tana, - tana)

From the velocity triangles,

g_=tanul+tanﬁz, also g_-—-tanazﬂanﬂ,

It therefore follows that

tan o - tan @, = tan B, - B,

where B, and B, are the rotor blade air angles. The equation for temperature rise can then be rewritten as

AT, = L (anp, - nf)

o
P

This can be recast to give

AT, = CE[U-C.(tanal +tanB,)]

P

The angle @, is the outlet air angle from the preceding stator, B, is the rotor outlet air angle, and these can be
considered essentially constant, being determined by the blading geometry; B,, on the other hand, will vary widely
as C, and U change at off-design operation. Dividing the previous equation throughout by U? and rearranging we
get

¢, AT,

C.
_Ur=1 _F(mal +tanBl)

The term C,/U is known as the flow coefficient (¢) and ¢, AT,/U? as the temperature coefficient (y). With the stage
operating at the design value of ¢ the incidence will be at its design value and a high efficiency will be achieved.
With the assumption that o, and 3, are constant

y=1-¢K
where K=tan ¢, + tan f3, .

As a result of this simple analysis we can predict the shape of the stage characteristic, as shown in Fig. 5; the
performance of the stage can be presented in terms of flow coefficient, temperature coefficient and efficiency (or
pressure coefficient). Ideally, if o, and B, were constant, y would be given by the dotted line. In practice o, and
B2 will not remain constant due to increased deviations as conditions change from the design point, In regions of
blade stalling, both at positive and negative incidence, there will be a considerable divergence giving the shape
shown, Choking will occur at a high value of flow coefficient, leading to a very large drop in efficiency and placing
an upper limit on the flow which can be passed at a given blade speed. Stage characteristics may be predicted from
cascade data or obtained from analysis of inter-stage data on a complete compressor or testing of a single stage.
In practice, not all the constant speed lines would collapse into a single curve as shown, but for a simplified
explanation a single line characteristic will be assumed.

The y-¢ curve shown in Fig. 6 is drawn for the case where the efficiency is a maximum at the design flow
coefficient, ¢, Moving away from ¢, results in a change in incidence and increasing losses. Reducing ¢ results
in increased positive incidence and stall at ¢,; increasing ¢ eventually results in choking of the stage and a severe
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drop in efficiency. It is essential that all individuat stages of a compressor operate in the region of high efficiency
without encountering either stall or choke at normal operating conditions; at conditions far removed from design it
may not be possible to achieve this without remedial action involving changes in compressor geometry.

The difficulties involved in achieving correct matching of the stages can be understood by considering the operation
of several identical stages in series; this procedure is known as stage stacking and is an invaluable tool for the
aerodynamicist concerned with overall performance and determining the reasons for sub-standard performance. As
an example, consider a compressor with several identical stages as shown in Fig. 6, with all stages operating at the
design flow coefficient (¢,) at the design point. If the mass flow through the compressor were reduced, the flow
coefficient ¢, entering the first stage would be reduced, resulting in an increase in pressure ratio causing the density
at entry to the second stage to be increased. The axial velocity at entry to the second stage is determined by the
Equation of Continuity and both effects combine to give a further decrease in flow coefficient for that stage to ¢,.
This effect is propagated through the compressor and eventually some stage will stall at ¢, Increasing the flow
coefficient has the opposite effect and will drive some stage into choke.

31 Variable geometry compressors

As compressor pressure ratio increases, the density ratio from front to rear changes dramatically, resulting in a large
change in blade length for an axial flow unit. At reduced power settings, or at idle, the pressure ratio will be much
lower and this will result in very high axial velocities towards the rear of the compressor, resulting in choking.
Possible methods of alleviating this problem include the use of blow off, multi-spool compressors or several rows
of variable stators; all of these methods are used in practice.

The use of variable stators can be understood from the concepts of stage characteristics. If the stators are rotated
away from the axial direction, increasing o, as shown in Fig. 7, the effect is to decrease the axial velocity and mass
flow for a given speed. This delays stalling of the first few stages and choking of the last stages at low rotational
speeds. It was shown that ideally y = 1 - K¢ where X = tan o, + tan B,. Using variable stators it is possible to
increase o, with B, remaining constant. The effect is to decrease the temperature coefficient for a given flow
coefficient; the pressure coefficient will also be reduced. The stage characteristic will be shifted to the left as shown.

32 Typical stage characteristics

Much of this information would be proprietary, but it is possible to take openly published data and produce a
generalized stage characteristic, which can be used for preliminary modelling purposes. An example is given in Fig.
8 from (9), this information being used successfully in producing an overall compressor characteristic for a 16:1
pressure ratio compressor; although no published compressor data were available, the engine model gave excellent
results compared with published overall performance. The same data were used in (10) for two engines of widely
differing size and pressure ratio, again giving excellent agreement with field performance results,

4, CONCLUSIONS

Component data are difficult to obtain, but are absolutely essential for engine modelling. Various methods can be
used to estimate component performance, but these estimated maps must be updated and modified as engine
performance results are obtained. Rig testing is expensive and often difficult, and results would be proprietary to
the manufacturer, Both manufacturers and users may be involved in the process, with considerable differences in
the information available and the end requirements.
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DYNAMIC SIMULATION OF COMPRESSOR AND GAS TURBINE PERFORMANCE
Walter F. O'Brien
Mechanical Engineering Department
Virginia Polytechnic Institute and State University
Blacksburg, Virginia 24061-0238 USA
SUMMARY p L, = compressor length
Dynamic simulation of compressor and gas turbine perform- _ . ..
ance is useful in a variety of design, analysis, and test appli- My = mass flow function based on total condition
cations. Mathematical models employing estimated or N =  compressor rotor speed
experimentally-derived component characteristics have been NC =  compressor corrected rotor speed
widely used, especially for near-design-point studies of P =  pressure .
acceleration and deceleration transients and control strategies. PR total pressure ratio
With recent progress in simulation methods and = rate of heat addition to control volume
computational power, it has become possible 1o build models sw = rate of shaft work
with detail at the stage level, and with fundamental fluid T =  temperature
mechanics input. Such models are more useful because of the TR =  total temperature ratio
ability to study the details of inter-component flow property t = lime
behavior during machine transients, even including stall and u =  wheel speed
surge. u,Cx = axial velocity
v =  absolute velocity
Dynarnif: performance simu]atio.n rflodels are discussed with v =  plenum volume
emphasis on the fundamental principles of the models and the P . i
methods used to represent component and stage flow charac- w = mtfss flow r'ate. relative velocity
teristics. Results of several simulations of the dynamic be- x =  axial coordinate
havior of multistage compressors are shown with comparisons a =  absolute flow angle, or angle of attack
to experimental data. Possibilitics for advanced computa- 8 = relative flow angle
tional techniques for near-real-time simulations of compres- B = blade metal angle
sars and gas turbines are reviewed. § = flow deviation angle
LIST OF SYMBOLS Y = blade stagger angle, or ratio of specific heats
A =  area 1 = stage isentropic efficiency
- . o = blade solidity
A = compressor cross-sectional area p = density
a =  acoustic velocity 9 = blade camber
B f B" parameter 'y =  wake momentum thickness
cv = control volume .
. . T = tune constant
Cx,u = axial velocity _ ;
C = specific heat of conducting metal ¢ = flow coefficient
P = blade chord @ total pressure loss coefficient
tp = specific heat at constant pressure Vlg _g = static-to-static pressure coefficient
Deq equivalent diffusion ratio
H =  blade span » PP
Hy =  blade wake form factor Ve_g ’Mz
i =  blade incidence angle $ou
iGv = i id
M - ;ndl::hg::n:;a:w w;_ s = total-to-static pressure coefficient
m = mass flow rate
E = energy function P P - Pp
e = intemnal energy ¥r_s~ 5~ Forward Flow
4 pu
F, = force of compressor blading
Fyy = steady state force
FX = force of compressor blading and casing acting V; _s =M.Revemd Flow
on fluid, inciuding wall pressure area force {-pu2
H =  total enthalpy, blade span

IMP =  impulse function
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vl = stage temperature coefficient (stage loading
parameter)
vl =1R-1
Subscripts
a = anmulus
B = pertaining to bleed
e = exit conditions
1 = inlet conditions
P profile
R rotor
ref = reference conditions
S =  static condition, stator
55 = steady-state condition
5-8 =  static-lo-static
5 = secondary
T = total conditions
T-S = total-to-static
x =  axial direction
0 = Iotal property
! =  rotor of stage inlet
2 = rolor or stage exit
INTRODUCTION

Dynamic analysis of gas turbine performance is a specialized
subject, drawing from the widely-used steady-state aerother-
modynamic performance analysis methods. Whereas steady
state methods primarily seek to predict fuel and thrust per-
formance values for a given engine cycle, dynamic methods
can approach genuine simulations of gas turbine operation.
Properly formulated dynamic analyses can predict gas turbine
component response to acceleration and deceleration, changes
in inlet and exit conditions, and excursions into far-off-design
and unstable operating regions.

The roots of present-day dynamic analysis methods are in
conventional, steady state cycle analysis procedures. These
methods can be directly applied to off-design and transient
analysis, if the time scale for adjustment of the local fluid
processes is much shorter than the time required for changes
of the overall operating state. The description of rapidly
changing dynamic events, such as compressor stall and surge
and engine response to sudden inlet distortions, requires at-
tention to the dynamic response of both the fluid states and
the mechanics components.

The present discussion addresses principles and methods for
the development of dynamic analyses, with detail down to the
stage level in turbomachinery. A short review of related work
and analysis methods is followed by the mathematical devel-
opment of the stage-by-stage dynamic analysis method for
multistage compressors, and some example results, The de-
velopment of appropriate stage characteristics is discussed.
Advanced computational methods and extension of the dy-
namic analysis method to full gas mrbine simulations con-
cludes the discussion,

UNSTEADY PERFORMANCE ANALYSIS

For purposes of classification, we will refer to steady-state,
"transient” and "dynamic” performance analysis methods,
Steady-state methods draw from thermodynamic cycle analy-
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sis, and are widely used for performance prediction and
analysis. There are many descriptions of such analyses in the
literature, dating from the beginnings of gas turbines. Com-
puter codes based on steady state cycle analysis are in wide
use by operators, research organizations and engine manufac-
turers. As an example, in the United States NASA makes
available computer cades for sieady-state design point and
off-design propulsion analysis from the work of Fishbach, et
al [1,2]. The NASA-Navy code NNEP [2] permits the modu-
lar assembly of engines with variable cycles, duct burners,
and most conceivable arrangement of components. The addi-
tion of performance maps for components allows off-design
performance predictions.

Transient analyses of turbine engine performance are defined
here as those which add to off-design cycle analysis the abil-
ity to account for the inertia of the rotating components.

Fluid transport delay may be included to improve the predic-
tion of rapid transients, These methods permit the stdy of
engine and component dynamics over the range of normal op-
eration, and up to the compressor stall point. They are widely
used in the development of controls and operating schedules.
Examples of such analyses include the work of Sadler and
Melcher (3], Saravanamutioo and Fawke [34], and Szuch [4].

Dynamic analyses include the elements of steady-state and
transient analysis, and add expressions for the description of
dynamic fluid mechanics processes over the full range of
possible operating states. Thus, the progress of a multistage
compressor through a surge cycle may be studied, and devel-
opment and recovery from stall may be simulated. Dynamic
analyses may use lumped representations of the performance
of an entire component, or may include detailed characteris-
tics for stages or even blade rows of the simulated machine.
Davis and O'Brien [5] have presented a stage-by-stage model
for a multistage compressor, which is reviewed here to de-
velop the mathematical methods and illustrate applications.

DYNAMIC ANALYSIS METHOD

Results of several related experimental investigations can be
found in Refs. 6-10. Previous compression system mathe-
malical models have been developed using lumped-volume
techniques. A lumped-volume approach makes certain as-
sumptions about compressibility within the system. More
specifically, the lumped-volume model neglects Mach num-
ber effects, uses an isentropic relationship to relate the time-
dependent change in density to a time-dependent change in
total pressure, and uses a steady-state form of the energy
equation. Initially, models (whether overall simulations or
stage-by-stage) were limited in range to the onset of system
instability [11-13]. Over the last decade, poststall behavior
has been of more interest, which encouraged the development
of numerous models capable of exhibiting aspects of surge or
rotating stall [14-21]. In general, whether overal] or stage-by-
stage, poststall models have been previously developed using
lumped volume techniques. The model presented here re-
moves assumptions inherent in lumped-volume models (i.e.,
treats compressibility explicitly) and does so on a stage-by-
stage basis.

Illustrated in Fig. 1 is a representative single-spool, multi-
stage compressor and ducting system. Included in this system
is a portion of the compressor inlet and the combustor vol-
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ume. The compressor and ducting system are modeled by an
overall control volume shown in Fig. 1b. The time-dependent
inlet-boundary condition is the specification of total pressure
and temperature. The exit-boundary condition is either the
specification of static pressure or unity Mach number. The
overall control volume is divided into a set of elemental con-
trol volumes.

Stator Dlade

e Stage

\- Rotor Blade

a) Compressor and ducting sysiem

Inlet Effectiva Axial Force Exit
Soundary par Unit Langth, FI Soundary
fondi tlony grrepryrprey Gndition
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Tyit) L. Shaft Work and Mest o
per Unit Length, mit)
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b) Overall control volume

¢) Elemental control volume

Figure 1 Physical Compression System and Control
VYolume Concepts.

The governing equations are derived by application of mass,
momentum, and energy conservation principles to the
elemental control volume of Fig. lc. In the compressor
section, a stage elemenial control volume consists of a rotor
followed by a stator, and associated volume representing the
complele stage. Acting on this fluid control volume is an
axial-force distribution, FX, which is atiributable 10 the effect
of the compressor blading and walls of the system. In
addition, the rate of heat transfer to the fluid and shaft work
done on the fluid are represented by distributions, Q and SW,
respectively. The mass transfer rate across boundaries other
than the inlet or exit (such as interstage bleed) is represented

by the distribution. Wg.

Applying the continuity principle to the elemental control
volume yields

d "l
2w 0

where W, is the interstage bleed flow per distributed length.

Applying conservation of momentum gives

MW (IBP)
oy +FX @)

TTa
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where
IMP =Wu+ PA
is a momentum impulse term, and

Fx=FB+P,%‘-

is an axial-force distribution consisting of blade force and the
force produced by the walls of the system. Energy conserva-
tion yields

3(?)=_%-HB +SW+0 3)

where
£= p(¢+u2 12); H= cPW(T, "Tref): Tref =0

and Hp is the enthalpy associated with bleed flow,

To provide stage force and shafi work inputs to the momen-
tum and energy equations, a set of quasi-steady stage charac-
teristics must be available for input to the model. These stage
characteristics provide the pressure and temperature perform-
ance for each stage as a function of the steady airflow.

A typical set of steady-state characteristics for both pre- and
post- stall operation is presented in Fig. 2. The stage charac-
teristics are divided into three distinct regions: prestall, rotat-
ing stall, and reversed flow. The prestall characteristic is the
performance of a blade row in normal operation. The transi-
tion to a rotating stall characteristic is approximated as a con-
tinuous characteristic along a postulated throttle line. The
performance in the rotating stall region is based upon a flow-
weighted average of a fully developed rotating stall cell. The
pressure and temperature ratios in this region represent the
average pressure and temperature risc across the stage for
both stalled flow and unstalled flow. The reversed-flow
characteristic region represents the pressure loss and tempera-
ture rise associated with full-annulus reversed flow. The dis-
continuity at zero flow has been experimentally shown to ex-
ist for a three-stage low-speed compressor[10]. This aspect
of the quasi-steady flow characteristic has been incorporated
into the modeling technique.

For prestall and poststall reversed-flow, steady characieristics
can be used as they exist. However, for dynamic events such
as rotating stall or surge, usc of steady characleristics is not
necessarily correct. In the rotating stall region, rotating stall
develops very rapidly and the globally steady characteristic is
no longer applicable. To provide a dynamic stage character-
istic, a first-order time lag on the stage forces has been incor-
porated into the modeling technique in the rotating stall re-
gion only. The first order lag equation used is

1?+PX=FX” )

This lagging technique has been previously applicd to several
models using overall compression system characteristics [15-
17).
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The governing equations of the compressor model are solved
numerically using the second-order accurate MacCormack
explicit finite difference scheme [18], described in Appendix
Al
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Figure 2 Typical Stage Characteristics.

The compressor model is not only an initial value problem
but a boundary problem as well. Because the treatment of the
boundaries can be a cause of stability problems, method-of-
characteristics (MOC) boundary formulations were employed.
The numerical computational volume is divided into three ar-
cas: inlet, exit, and interior. MacCormack's scheme is ap-
plied in the interior; the MOC scheme is applied at the inlet;
and either an MOC scheme for unchoked flow or an isen-
tropic nozzle model for choked flow is applied at the exit.

A more detailed explanation of the modeling technique can be
found in Ref. 19.

THREE STAGE RIG SIMULATION

The available experimental results from tests of the three-
stage, low-speed compressor research rig of Gamache were
utilized [10]. Transient interstage or overall performance
data for surge and rotating stall events were not reported.
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However, steady-state data were available from which stage
characteristics could be synthesized. Overall system per-
formance during surge and rotating stall was available from
tests of a similar system, reported in Ref. 6.

The three-stage, low-speed compressor rig consisted of three
nonrepeating stages with a constant cross-sectional annulus
area. The hub and tip diameters were 53.63 and 60.96 cm. re-
spectively, which produced a hub-to-tip ratio of 0.88, The
major emphasis was the study of the performance of the com-
pressor rig during steady reversed flow. The rig was config-
ured to hold a constant speed while forcing reversed flow
through the compressor. By accomplishing this for many flow
points, it was possible to obtain overall and stage perform-
ance in the reversed flow region. From the previous work of
Eastland {20], a completc sct of steady state stage pressure
characteristics and corresponding overall steady system per-
formance was available.

A complete temperature rise characteristic was not given for
each stage, but energy input to the overall system was given
in terms of a torque coefficient. For the present purposes,
slage lemperalure rise characteristics were synthesized as to-
tal temperature ratios based upon the overall torque character-
istic and two isolated flow points in rotating stall. Tempera-
ture characteristics were synthesized which would give the
same overall torque as observed experimentally. Lacking any
other criteria for stage work division, all stage temperature
characteristics were synthesized identically.

Measured stage pressure and synthesized temperature rise
characteristics for the three-stage, low-speed research com-
pressor are presented in Fig. 3. Pressure rise characteristics
were based upon reported experimental stage performance
measurements which described individual stage pressure be-
havior during unstalled operation, rotating stall, and reversed
flow. Stage temperature rise characteristics have been syn-
thesized as described above.

While the referenced three-stage compression system lests
provided excellent stage characteristic data, detailed system
behavior during surge and rotating stall was not available
from either Refs. 10 or 20. However, the rig was similar to
one used in a previous experimental investigation of surge
and rotating stall [6]. An extensive experimental investiga-
tion to determine system response during poststall events for
a varicty of compressor/plenum configurations was performed
with this rig.

The compression system model was configured to the geome-
try specified for the compressor/plenum rig of Ref. 6, but us-
ing the stage characteristics Fig. 3. For comparison purposes,
the "B" parameter [15] was used as a reference variable for
both the experimental compressor and the model. The pa-
rameter is defined as

L )1I2

B=(U/2a)Vp /AL, (5

The value of the B parameter has been shown to be an indica-
tion of whether rotating stall or surge may be expected to oc-
cur in a particular compressor [6].
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Figure 3 Synthesized Stage Characteristics for a
Three-Stage, Low Speed Experimental Compressor
Rig and Comparison to Experimental Results.

Three model cases will be compared to experimental results
from Ref. 6, corresponding to B parameters of 0.65, 1.00, and
1.58. These B parameters produced rotating stall, classical
surge, and deep surge, respectively,

Rotating Stall

The first experimental transient was conducted at 2 B value of
0.65. The compressor rig throttle was slowly closed to the
point of instability and then held constant. The system be-
came unstable at the uniform flow stall point and then trav-
ersed to rotating stall (Fig. 4).

The stage-by-stage compressor model was configured in a
similar way to a B parameter value of 0.65 at instability in-
itiation. The "throttle” was closed just enough to cause in-
stability and then held constant. The compressor blade force
dynamic lagging constant, T , was set at the model boundary
between surge and rotating stall such that the overall system
performance traversed immediately to the new operating
point indicative of fully developed rotating stall. The
modeled poststall behavior is presented in Fig. 5.
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Comparison to the general nature of the experimental results
(Fig. 4) indicates correctly simulated overall system behavior.

Classical Surge

In a second test, the compressor rig of Ref. 6 was reconfig-
ured to operate at a B value of 1.00. In this condition, the
system exhibited classical surge cycles on the order of 1.5 Hz
as presented in Fig. 6.

The dynamic model was reconfigured to produce a B value of
1.00. The blade force time constant, T , was held to the value
determined in the previous simulation. Under these condi-
tions, the model also exhibited surge, as presented in Fig. 7.
Comparing the time history of the pressure cocfficient, one
can observe that the change i this parameter is similar in
nature and frequency to that observed experimentally (Fig. 6).
Comparing the model results as depicted on a compressor
map, it can be seen that the surge trajectories are circular in
nature and quite similar to those observed experimentally.
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Figure 4 Poststall Behavior of Compressor Rig:
Rotating Stall, B « 0.65
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Figure 5 Three-Stage Model Overall Compression
System Poststall Behavior: Rotating Stall, B = 0.65.

Deep Surge

The experimental rig of Ref. 6 was operated with a maximum
reported B value of 1.58. For this experimental case, a
slightly different system behavior was observed. The surge
trajectory became larger with near-zero flow during the surge
cycle, but still of the classical type. By decreasing the throt-
tle closure point beyond the initial surge position, it was dis-
covered that the nature of the surge cycles could be affected.
Indicated in Fig. 8 are surge cycles for the same compressor
configuration (B = 1.58), but at a reduced throttle setting.
This type of surge cycle has been called a deep surge.

The dynamic model was configured for a B value of 1.58.
Again, the blade force time constant, T , was held at the pre-
vious value. The simulated throttle was decreased to a value
just small enough to cause compression system instability.
Resulting overall system response was indicative of the clas-
sical type surge. Further decreasing the throttle function to
60% of the minimum value for system instability caused the
model to exhibit deep surge, as was observed experimentally.
Modeled overall system response is presented in Fig. 9.
Model trajeciories are indicative of deep surge poststall be-
havior with a frequency of 1 Hz.
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PARAMETRIC STUDIES

To demonstrate the unique capabilities and usefulness of the
stage-by-stage, poststall compression system modeling tech-
nique, a parametric study was conducted to assess two differ-
ent effects: 1) the effect of heat transfer due to rapid power
lever transients on system poststall behavior employing a
nine-stage model and 2) the effect of tip casing treatment on
system behavior using the three-stage model.

Effect of Heat Transfer on Poststall Behavlor

(Nine-Stage Model)

Operation of high-speed, high-pressure ratio compressors re-
sults in a large temperature rise through the compressor. A
portion of the large amount of encrgy input is stored in the
compressor blades, rotors, and disks. Thus, during engine
throttle transients as in a bodie mancuver (maximum power to
idle then back to maximum power), heat transfer between the
compressor metal and the airflow takes place. The release of
energy during the transient from maximum power to idle
causes a change in density, which produces a shift in the
compressor characteristic and lowers the stability limit. This
loss in surge margin can result in a compression system in-
stability during throttle readvance to maximum power.

From a modeling study, MacCallum and Pilidis [21] con-
cluded that the following thermal effects contribute to the loss
in stall margin during reacceleration: nonadiabatic flows
causing density changes due to heat transfer; changes in
boundary-layer development on the blade airfoils; changes in
the boundary-layer development near the end walls; changes
in 1ip clearances; and changes in seal clearances. For this
study, only the effect of nonadiabatic flows was considered.

An investigation by Crawford and Burwell [22] quantified the
magnitude and nature of the heat transfer during turbine en-
gine bodie maneuvers using actual engine test results. A cal-
culation of stage thermal energy was made based upon the
following equation:

Qetage=mC (Tmax=Tidle) (6)
where
m = mass of the blades, platforms and scals
Tmax =  Stage total temperature at maximum power
Ty, = Stage total tempersture at idle power

Stage temperature distributions were obtained from a stage
stacking model representing idle and maximumn power opera-
tion at the flight conditions tested. Stage temperature distri-
butions for maximum and idle power, along with the corre-
sponding stored thermal energy are presented in Fig. 10.

Using a calculation of transient airflow, heat transfer rates
(Btu/Sec) were calculated. Typical stage heat-transfer rates
calculated from experimental results obtained from current-
day high-pressure compressors are presented in Fig. 11. Us-
ing these rates as a guideline, stage heat transfer rates were
postulated for a nine-stage compression system which had
just completed a bodie transient.
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The model was operated to simulate operation at 70% speed
with the throttle set such that a compressor instability would
occur. The stage force lagging constant, 7, was set at a
slightly lower value than the model-determined surge/stall
boundary to ensure that surge would be the initial poststall
event. (Smaller values of T encourage a surge-like result
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from the model.) A stage specific heat transfer was chosen
for each stage based upon the calculated temperature distri-
bution represented in Fig. 10. Heat-transfer rates were calcu-
lated from Eq. 6, and were brought to their maximum level
exponentially over a time period of approximately one sec-
ond, as was indicated experimentally (Fig. 11). The postu-
lated heat-transfer distribution for the nine-stage compressor
is illustrated in Fig. 12. Since the throttle was set such that an
instability would occur, the heat-transfer rates are shown to
be oscillating during the first second of the dynamic cvent be-
cause the compressor was experiencing surge during this pe-
riod. However, once the stage heat-transfer rates had reached
their maximum values, the compressor moved to the nonre-
coverable state as illustrated in Fig. 13. Once the nonrecov-
erable state was reached, heat ransfer rates reduced because
of the reduction in overall airflow.
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Figure 13 Effect of Compressor Heat Transfer (blade
to gas path) on Paststall Behavlor, Nine-Stage HPC
at 70% Speed.

This study assumed that a compressor instability will occur
during a bodie maneuver and the model was configured to fa-
vor this result. Even if such were not the case, the results
from the model indicated that, because of the heat transfer
generated within the compressor at time of throttle readvance,
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the compression system may be more likely to enter the non- nique, the amount of airflow reduction necessary for stall to
recoverable state (rotating stall) when the system is near the occur was exiended by 20%, providing more stall margin.. In
surge/rotating stall boundary. addition, a portion of the rotating stall characteristic was pre-

sented, which indicated a higher average pressure level during
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A possible change that will be considered is the effect of tip- "~
casing treatment. Takata and Tsukuda, [23] utilizing a low- 0.75 T T y — T )
speed compressor rig, investigated the effects of tip-casing 0.t 902 03 04 05 06 07
treatment on the performance of a single rotor row. Of the Flow Coefficient, ¢
several types of treatment mvcsugated, it was found that a Flgura 16 Model Prediction of the Effect of First

deep-skewed slot tip treatment most improved the stage char- Stage Tip Treatment on Poststall Behavior: B = 0.65.
acteristics. Presented in Fig. 14 is the deep-skewed slot

modification and the observed effect on stage performance. To evaluate the effect of such a modification on compression

Although stage pressure rise is not increased by this tech- system posistall behavior, the three-stage, low-speed model
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was chosen for study. A low-speed condition (Fig. 5) was
chosen for which rotating stall was the end result. During
these studies, all variables (B parameter, force lagging con-
stant T , speed and plenum configuration) were held constant
except for the changes in the quasi-steady characteristics de-
scribed below.

Presented in Fig. 15 is a postulated first-stage pressure char-
acteristic with stall margin improvement based upon the re-
sults of the deep-skewed tip-casing treatment. The maximum
stall point pressure rise is extended for a 20% reduction in
airflow, effectively increasing the stall margin for the first
stage. The rotating stall characteristic is assumed to be simi-
lar to the original shape, but at a higher pressure, as was indi-
cated experimentally. With this change to the first stage only,
the modeled compression system exhibited continuous surge
cycles, rather than rotating stall, as illustrated in Fig. 16.
When similar changes were made to the second and third
stages individually, the results were nearly identical. How-
ever, when changes to all three stages were incorporated, the
compression system resisted the stall condition altogether at
the throttle setting which had previously caused instability.

TEN STAGE COMPRESSOR MODEL

The techniques of dynamic modeling find one of their most
useful applications in the detailed study of stage behavior and
interactions in multistage compressors. A ten-stage com-
pression system was tested in the Compressor Research Fa-
cility (CRF) of Wright-Patterson Air Force Base [23). The
detailed interstage measurements oblained are ideal for com-
parison with results from the dynamic model.

The compressor used in the CRF test program was a high-
speed, 10-stage, axial-flow compressor assembled from
hardware obtained from a modemn, high-performance aircraft
gas turbine engine. Compressor design parameters include a
pressure ratio of 8.3, corrected mass flow of 54.44 1bm/sec,
and corrected speed of 10,913 rpm. The rig was instrumented
to obtain total and static pressures, and total temperatures at
various inlet, interstage, and exit measurement planes. Com-
pressor measurement plane locations and stage definition are
shown in Fig. 17. As mentioned in an earlier section, for the
purpose of analysis, a stage is defined as stator-rotor, since
interstage instrumentation was located on the stator leading
edges. A complete description of the test facility, test com-
pressor, compressor instrumentation, specialized test proce-
dures, and data acquisition is contained in Refs. 24 and 25.

Time-averaged pressure and temperature measurements were
used to calculate unstalled and in-stall steady-state stage
characteristics required as model input. The in-stall mass
flow rate was determined from measurements obtained with a
venturi located downstream of the compressor exit. Addi-
tionally, time-averaged pressure and temperature measure-
ments obtained at the compressor inlet and exit were used to
model the boundary conditions. Both time- averaged and
close-coupled (transducer close as physically possible to pres-
sure port) pressure measurements were used for comparison
with model simulations. Although the high-response meas-
urements were not directly used in this effort, they were used
by Copenhaver [24], in part to verify that the close-coupled
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data accurately represented the pressure history resulting from
a post-stall transient.
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Figure 17 CRF Test Compressor Measurement Plane
Location and Stage Definition.

Copenhaver performed a detailed analysis of the test data to
examine stage effects on compressor in-stall performance and
recoverability. Specifically, the analysis was aimed at offer-
ing explanations for the high hysteresis levels observed dur-
ing the test and indicated in the data. Ideas for reducing the
hysteresis were also proposed. The results and conclusions
from that analysis pertinent to the current effort are summa-
rized below:

1. The first three stages of the test compressor did not
operate in full-span rotating stall after averall compressor
stall occurred.

2. Choking is likely in the unblocked portion of the
tenth stage rotor while the compressor is operating in rotating
stall.

3. Compressor in-stall hysteresis is prolonged due to
choking of the rear stages during rotating stall.

4. Stage matching has a significant effect on multistage
compressor in-stall performance and recoverability.

Stage-by-Stage Model

For the model study, the compressor rig geometry (control
volumes) and experimentally-determined stage performance
characteristics were used. The resulting control volume ge-
ometry is shown in Fig. 18. Initially, unstalled performance
comparisons were made at numerous speeds to ensure accu-
rate simulation of speedline shape, stall point, etc. Once
steady-state performance was verified, the model was exer-
cised to simulate post-stall events (surge or rotating stall). By
matching the experimental boundary conditions, model
simulations were shown to accurately represent overal] and
individual stage steady-state, transient, and quasi-steady
measured performance. The majority of model simulations
were run at or near the compressor's rotating stall/surge
boundary speed (78.5% design corrected speed). The post-
stall simulations demonstrated the importance of the time lag
constant, T , in determining which event (stall or surge)
would occur,
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Figure 18 Control Volume Representation of Ten
Stage Compressor.

The present requirement to use experimental resulis to de-
termine correct value of ¥ (or any other model parameter)
does not invalidate the usefulness of the model as an analysis
aid. Once an initial value for T is determined, it can be left
unchanged. As a result, the effect of various design changes
or other system parameters on model simulations can be ex-
amined. In the present investigation, T was used to calibrate
the model at the stall/surge boundary. The model was repeat-
edly exercised at 78.5% speed until a T boundary of 0.028
seconds was determined. Once determined, T was held con-
stant (along with all other model parameters), and the model
was run at 82.0% speed. Fig. 19 displays the results of these
runs, and demonstrates the model's ability to simulate the
compressor's stall/surge boundary. The value of T was held
at a constant value (0.028) throughout all the model
simulations/predictions.
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Figure 19 Model Simulation of Experimentally-De-
termined Rotating Stall/'Surge Boundary,

Model prediction of a rotating stall event is shown in Figs. 20
and 21, along with the experimentally-determined perform-
ance for the same event. Figure 20 demonstrates overall per-
formance comparison, while Fig. 21 shows interstage com-
parisons. Both plots were produced from the results of the

same model run, namely, a 78.5% corrected speed simulation.

The model was supplied with steady and dynamic boundary
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conditions that were consistent with the experimental condi-
tions. The model simulation was started away from the stall
point because of numerical oscillations associated with the
start of 2 model run. Figure 20 demonstrates the model's
ability to accurately simulate overall compressor stalling
features. These features include stall point, transient drop in
performance (including the initial surge-like behavior), and
final, average in-stall performance.
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Figure 20 Model Simulation of Overall Rotating Stall
Performance and Comparison with Data.

Figure 21 displays similar agreement on an interstage basis.
In a flow-averaged sense, model-predicted overall and inter-
stage steady and transient behavior agreed well with the
measured performance.
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Figure 21 Model Simulation of Interstage Rotating
Stall Performance and Comparison with Data.

Of particular interest in Fig. 21 is the apparent increase in av-
erage performance of the front stages of the compressor once
rotating stall developed. The back stages (4-10) exhibited an
expected drop in performance associated with a stage operat-
ing in rotating stall. The apparent mismatch between stages
three and four is the basis for model predictions concerned
with improving compressor recoverability.

The ability of the model to simulate the extensive hysteresis
exhibited by the compressor at the stall/surge boundary speed
of special interest. This ability was made possible through &
modification to the model allowing the addition of double-
valued stage characteristics (double-valued in terms of flow
coefficient). As shown in Fig. 22, the model is able to accu-
rately represent the hysteresis, and thus the poor recovery be-
havior exhibited by the compressor rig when operating below

COMECTED SYBOA S - MODEL
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its stall/surge boundary speed. The simulation is a result of
decreasing the throttling function by 15 percent (as was the
case for the simulation described in the preceding pars-
graphs), holding long enough to establish steady, in-stall
performance, and then increasing the throttling function 35
percent. This is shown graphically in Fig. 22. As indicated in
the plot, the model does not predict recovery from stall as the
“throttle" is opened well beyond its initial stall inception
value,

Model Predictions For Improved Recoverability

As previously noted, results from the CRF test indicated ex-
tensive compressor in-stall hysteresis at 78.5% design cor-
rected speed. Subsequent data analysis yielded important
conclusions concerning the influence of stage performance ef-
fects on the recovery of the test compressor from rotating
stall [(24]). The stage-by-stage model presented has been
shown to accurately represent the compressor transient and
quasi-steady, in-stall measured performance (Figs. 20 and
21), as well as the extensive hysteresis described above (Fig.
22). The excellent agreement between model simulations and
experimentally-determined performance served to both vali-
date the application of the modeling technique to the CRF
compressor rig, and increased the level of confidence placed
in model predictions.
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Figure 22 Model Simulation of Experimentally-De-
termined Compressor Recovery Hysteresis.

Both model and experimental results indicated that at 78.5%
design corrected speed, the front stages of the compressor
may remain unstalled while the compressor exhibits rotating
stall behavior (the first three stages generate a higher time-
averaged pressure rise once the compressor is in stall). In
addition, the poor recovery behavior (extensive hysteresis)
exhibited once the compressor is in stall appeared to be a re-
sult of flow blockage of the rear stages. As discussed in de-
tail in Ref. 24, the prolonged in-stall hysteresis is likely due
to choking in the unblocked portion of the tenth stage rotor
(note the negative pressure coefficients and negative slope of
the in-stall characteristic of the tenth stage as shown in Fig.
24). Thus, the hysteresis level can be reduced if the latter
stage flow blockage can be reduced or eliminated, improving
recoverability.

Model investigations for improved compressor recovery be-
havior involved reducing the in-stall hysteresis by taking ac-
tions that reduced or eliminated the rear stage blockage.
These actions included enlarging the rear stage flowpath or
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adding a bleed outflow downstream of the middle stages.
Modifications to actual stage geometry are represented as
changes in stage characteristics. Enlarging stage flowpath
area, either through variable vanes or changes to hub/tip ge-
omelry, increases the flow capacity of that stage, and results
in a shift of its characteristic in the direction of increasing
flow. Thus, in order to investigate the effects of an enlarged
rear stage flowpath, the tenth stage characteristic was arbi-
trarily translated by a positive four-hundredths of a flow co-
efficient (shown in Fig. 24). No attempt was made to change
the level of the characteristic; the stall and in-stall pressure
coefficients of stage ten remained unchanged.
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Figure 23 Overall Compressor Map Showlng Pre-
dicted Improved Recovery Behavior due to Enlarged
Rear Stage Flowpath.
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Figure 24 Effect of Enlarged Rear Stage Flowpath on
Stage Performance.

Figure 23 demonstrates the improved compressor recovery
behavior predicted by the model as a result of the enlarged
tenth stage flowpath simulation. The initiation of and subse-
quent recovery from rotating stall for the "modified” com-
pressor was achieved via the model throttling function
through settings identical to those shown in Fig. 22. As
shown in Fig. 23, the modified compressor stalls at a slightly
higher mass flow rate and lower pressure ratio than does the
original compressor. It appears that the increased flowpath
resulted in a reduction of the original in-stall aerodynamic
blockage extent. The blockage reduction resulted in a higher
average in-stall mass flow rate for the modified compressor,
and thus improved the ability of the compressor to retumn to
unstalled operation, as shown in Fig. 23. The improved com-
pressor recovery behavior was not without performance
penalties. The approximate five percent reduction in stall
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pressure ratio indicated in Fig. 23 also produces a loss in stall
margin.

Examination of the differences in stage ten performance for
the original and modified compressors offers insight into the
improved recovery behavior of the enlarged flowpath case. As
shown in Fig. 24, the shift of the tenth stage characteristic
redistributes the stage loading so that during unstalled opera-
tion, the tenth stage is more highly loaded for a given flow
cocfficient. By enlarging the rear stage flowpath, the stability
limit for stage ten occurs at a higher stage flow coefficient.
The resulting change in stage matching produces overall
compressor stall at a slightly higher mass flow rate and lower
pressure ratio than the original compressor (Fig. 23). Further,
it appears that the modified stage matching results in de-
creased levels of aerodynamic blockage when the compressor
is in rotating stall. In doing so, initial in-stall stage average
mass flow is increased and stage recovery behavior is im-
proved.

In addition to the enlarged flowpath studies, model recovery
investigations were performed to investigate the use of inter-
stage bleed flow. The modeling technique here treats bleed
flow and its effects as additional source terms in the conser-
vation equations (Eq. 1).

Results from both the model simulations and data analysis
suggest that the effectiveness of interstage blecd on compres-
sor recoverability is dependent on bleed location. The results
of two model predictions involving interstage bleed are pre-
sented in Figs. 25 and 26. In both cases, rotating stall was
initiated through the use of the model throttling function. To
examine bleed effects, the value of the throttling function was
left unchanged once rotating stall had developed. Other than
bleed location, the model runs were identical. As shown in
the two figures, the model predicts that the rear stage block-
age can be essentially eliminated if a 3.0 Ibm/sec bleed out-
flow (15% of the unstalled mass flow) is applied at the en-
trance of the tenth stage. The result is compressor recovery
from rotating stall. The same amount of bleed applied up-
stream of the middle stages (Fig. 26) does not result in recov-
ery; however, the overall compressor in-stall performance is
increased. This apparent dependence of compressor recover-
ability on bleed location was also demonstrated through the
use of a dynamic component-by-component turbofan engine
model [27].
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Figure 25 Predicted Compressor Recovery Re-
sulting From Stage 10 Bleed Outflow.

IBRARY

WEED OUTPLOM
cowatsson IR N il
N STALL e NEEE™
T A
LT

“\\\ ““\\\\\w,\\ Y

Figure 26 Stall Related Prediction Resulting From
Stage 5 Bleed Outtlow.

As was done for the increased flowpath study, an examination
of stage behavior was performed in an atiempt to gain further
insight into the effects of interstage bleed on compressor re-
coverability. Stage dynamic behavior was examined through
the use of a dynamic pressure coefficient, obtained by apply-
ing a time lag to the siage steady-state forces. Consistent
with the observation that of the front stages of the compressor
rig remained unstalled with the compressor
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Figure 27 Effect of Bleed Flow Location on Stage 2
Dynamlc Behavlor.

operaling in rotating stall, the dynamic behavior of the front
stages does not significantly deviate from steady performance
(Fig. 27). Note that when the bleed is applied downstream
(Fig. 27a), the front stages retum to higher flow levels in-
dicative of unstalled operation (recovery). Figure 28 demon-
strates the dependence of stage recovery behavior on bleed
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location. Bleeding downstream of the stalled middle stages
increases the axial velocity, thus reducing the blade angle of
attack and unstalling these stages (Fig. 28a). Applying the
same amount of bleed upstream of the middle stages does not
result in recovery of the latter stages (Fig. 28b). Stalled
stages, and therefore the compressor, receive little recovery
benefit from a bleed outflow applied upstream of the stalled

stages.
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Figure 28 Effect of Bleed Flow Location on Stage 9
Dynamic Behavior.

The following conclusions were based on the combined re-
sults of the compressor rig test and model predictions:

1. The improved recovery predictions presented here
were made possible by the stage-by-stage compressible
model. The following observations are offered:

a. Analysis of individual stage behavior during transient
events such as surge or rotating stall can be performed.
This analysis resulted in a more quantitative understand-
ing of post-stall, interstage fluid mechanics in
multistage axial-flow compressors.

b. The effects of design changes to a stage or stages on
model-predicted overall and interstage performance can
be examined.

c. The physical features of the modeled compressor
were retained. Control volume size is governed by ac-
tual stage geometry.

d. The usefulness of a stage-by-stage model of this type
extends beyond the obvious stall/recovery investiga-
tions,

The model's ability to provide information that is very
difficult or costly to measure is a true asset. For example, in
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this effort, the dynamic behavior of individual stages was
examined in detail (Figs. 27 and 28), and then actions were
studied to alter the behavior resulting in a more recoverable
COMPressor.

The choice of a stage-by-stage model or a lumped control
volume representation is dependent on the application. For
example, an overall model would be appropriate for a recov-
cry investigation invelving overall compressor behavior or
studies related to system parameters (discharge volume, com-
pressor length, etc.). However, a detailed investigation in-
volving interstage changes would require a stage-by-stage
model.

2. The effect of the actions taken on compressor recov-
erability was dependent on axial location (i.c., bleeding up-
stream of the middle stages did not result in compressor re-
covery). As such, the actions point to the importance of stage
matching on compressor stalled behavior, and its influence on
recoverability. Highly unloaded front stages may result in an
extension of the compressor starting problem (front-stage
stall, rear-stage choke) into stages downstream. Specifically,
the front stages may remain unstalled while the compressor
exhibits stalled behavior [24]. If this is the case, actions
known 10 improve compressor starting may improve recovery
behavior, but only if they are applied downstream of the
stalled stages.

3. The extension of compressor test results, as was done
in this study, represents one of the primary uses of a model of
this type. The following extensions have been identified, and
represent only a sample set:

a. Study of velocity and/or Mach number profiles
within the machine.

b. Throttle ramp ratc studies, both in and out of stall.
¢. Stall margin studies, including the graphical repre-
sentation of the path of each stage toward stall as the
flow is reduced.

d. Introduction of pressure and/or temperature pulscs
anywhere in the machine; study of the effect of slow or
fast temperature changes.

e. Study of the effects of inlet resistance (distortion-
producing device), combustion, and gas path heat trans-
fer on compression system operation.

COMPRESSOR STAGE CHARACTERISTICS

As has been seen in the previous examples, detailed stage-by-
stage dynamic models require stage characteristics for the en-
tire flow range spanning near-design flows, rotating stall, and
reversed flow (Fig. 29). The characteristics used were either
taken from the modeled experiment, or estimated for ranges
where the experimental values were not available. It is, of
course, desirable to predict stage characteristics from design
information for a complete simulation prior to an experiment.
The following material summarizes results of a recent effort
[28] to develop a stage characteristic prediction method.

STAGE MODEL THEORY

The elementary axial-flow compressor stage mean-line
analysis principles for forward, unstalled flow are well-
known. This type of analysis assumes incompressible, invis-
cid flow through a single stage and uses empirical correla-
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tions to estimate the pressure losses and flow deviation in
each blade row. The classical correlations are given by Lie-
blein [29] and Carter [30], respectively, for unstalied opera-
tion. Methods for prediction of in-stall and reversed-flow
stage performance have not previously been developed.
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Figure 29 Full-Range Compressor Stage
Characteristlic.

Unstalled Forward Flow

A typical compressor stage and the flow angles associated
with forward flow are shown in Fig. 30. Using the moment of
momentum equation for this geometry, Euler's turbine equa-
tion gives the stage temperature risc.

6Ty _Top=Toy, U rl—-—v“'[vx—zunﬁﬁunal)] )]
Toi Tot <pTo1] U \Vua

For incompressible flow, the total pressure rise for the stage
is related to the total temperature rise and the blade row pres-
sure losses by

Rz~ Py1=pcpATo—(AFDR +ARSS) (8)
For incompressible flow, the total pressure losses are related
to the cascade loss parameters by

Op= d @g= 9
R %Pwl an :%’pvz A ®

For incompressible flow, the stage efficiency is given by

+

(10)
pepaly

=1~
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Figure 30 Mean Radlus Section of a Compressor
Stage in Forward Flow Operatlons.

Since the angles in Eq. 7 are flow angles and the pressure
losses cannot be calculated directly, approximations for the
deviation angle and loss coefficients must be made.

To estimate the flow exit angle in the unstalled, forward flow
regime, the model uses Carter's correlation, which is for near-
design operation. Because the deviation does not change
significantly until the blade stalls, this angle is assumed to be
constant.

mb
B2-B1=T= (11)
where m is obtained from the reference.
The blade losses are calculated as the sum of profile, annulus
and secondary losses. The profile losses are given by Lie-

blein [29] and the annulus and secondary losses are given by
Dixon [31] as follows.

cos” By
2
5, =22t B p‘:‘ (1an B, ~tan 8,)* 14)

L Jm By +unfy)
2

where tan B,

Stalled Forward Flow

For in-stall, forward flow operation, the flow is assumed to
separate from the blade leading edge, as shown in Fig. 31, and
the approximation of Moses and Thomason [32] is used to
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predict the fully mixed flow angle and loss coefficient. The
determination of the jet exit angle, f,. is based on additional
empiricism and is discussed later. The jet velocity ratio is
given by

ZZ ﬂbinz-—dac 15
V]. = 2‘1 ( )

where

+ 0.150 b= —2cos By cosd c= 2cos B cosa

1
cosfy cosy cosy

To give meaningful results, only the positive result in Eq. 15
is used.
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Figure 31 Compressor Cascade Geometry and No-
menclature for Stalled Operation,

The fully mixed flow angle and loss coefficient are given by

_VasinB
o= le! 12
17

2 2
V.
= (l+w)-—22— +2cos fiy [co;ﬂl -hcosﬂzJ —szl-
cos By 4 Y cos® fiy

Because the profile losses for a stalled blade row are much
larger than the annulus and secondary losses, the latier are ig-
nored in this flow regime.

Reversed Flow

A typical compressor stage and the flow angles associated
with reversed flow are shown in Fig. 32. The development of
the basic stage performance equations is a direct extension of
that presented previously, with the subscripts changed to re-
flect the direction of flow. Using the moment of momentum
cquation for this geometry, Euler’s turbine equation gives the
stage temperature rise.
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It should be noted that the compressor does work on the fluid
in the direction of flow, increasing its termperature in that di-
rection. When the compressor is operating in reversed flow,
the temperature at station 1 is greater than at station 2 and the
result in Eq. 18 is negative. The flow angle, 8, is assumned
to be the blade metal angle as suggested by Turmer and
Sparkes [33] and by Koff and Greitzer [34).
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Figure 32 Mean Radius Sectlon of a Compressor
Stage in Reversed-Flow Operation.

For incompressible flow in the reversed direction, the pres-
sure losses are added in Eq.19 because they are positive in the
direction of flow, which is from station 2 to station 1.

Poz - o1 = pepATy +(APoR +ARyg) (19)

In a cascade experiment to study reversed flow, Carneal [35]
showed that losses in the reversed-flow region, when non-di-
mensionalized by wheel speed, collapse onto a single parab-
ola as shown in Fig. 33. While the data for reversed-flow
losses were derived from cascade tests, it is possible to ex-
press the results in terms of wheel speed for a rotating cas-
cade. Although the loss curve for one stagger angle diverges
from the others at reversed flow coefficients less than -0.25,
the region of typical compressor operation is V, /U/2-0.25,
even during a deep surge cycle. The implication of this result
is that the reversed-flow losses are reasonably approximated
as a function of mass flow only, independent of flow angle,
solidity, blade shape, and other flow details. A parabola fit to
the five coincident curves of Carneal's data is used to deter-
mine the blade row losses as a function of mass flow, and this
result is used in Eq. 19 to calculate the stage pressure rise,
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Figure 33 Corrected Pressure Losses in a Reversed-
Flow Compressor Cascade.

Gamache [10] noted that the last stage stator in reversed flow
functions in the same manner as the IGV during forward flow.
The flow enters the blade row with a small angle of attack and
is turned from the axial direction, accelerating the flow like a
nozzle. Gamache measured a negligible pressure loss across
this blade row in reversed-flow operation, so the model ne-
glects the losses for the last stator of the compressor when
operating in reversed flow.

The stage cfficiency is not a meaningful number in reversed
flow because the large pressure losses in the reversed flow
analog of Equation (10) and the use of correction factors dis-
cussed in a later section often make the result fall outside of

the bounds of 09 <1,

EMPIRICAL OBSERVATIONS AND ADDITIONS
Although the present model is based on fundamental fluid
mechanics and experiments, some empirical additions have
been necessary to achieve the desired agreement with meas-
ured characteristics. These additions were based on logical
extensions of the published literature.

Criteria Used For Stall Inception

Yocum [36] reported the angle of incidence at which flow
separation would occur in a test cascade to be 8°. Longley
and Hynes [37] reported that a stage operating as part of a
multistage compressor can remain unstalled at flows much
lower than the isolated clean-flow stall point. It has been
suggested that the pumping action of the downstream stages
tends to prevent upstream flow separation. In an attempt to
model this effect, the angle of incidence at which separation
occurs is assumed to be the sum of the isolated stall incidence
{8°) and a correction for the location of the stage in a
multistage environment, which leads to the following expres-
sion for stalling incidence.

l'_"a" =8"+aAi (20)

o= SHrrent stage¥ —1

where
total #stages -1

Ai= ifw! stage ~ 8
stall
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The value used for the first stage stalling incidence was ob-
tained from the first stage of the 3-stage compressor tested by
Gamache [10], which stalled at 16° angle of incidence. If itis
assumed that this result is generally applicable, the bounds on
the incidence angle for separation are 8°s i, <16°, with 8°
used for the last stage and 16° used for the first stage of a

modeled compressor. This correlation was applied to all
stages modeled and reported here.

When a blade row stalls, the flow at the trailing edge consists
of a high velocity jet near the pressure surface and a sepa-
rated, recirculating region near the suction surface. It is ex-
pected that the wake will not have sufficient time tomix o a
uniform condition before reaching the downstream blade row
and that the recirculating region will be sufficient to initiate
stall of the downstream row. For this reason, the model as-
sumes that when the rotor stalls, the downstream stator stalls
as well.

Stalled-Flow Jet Exit Angle

The reasoning used to determine the stalled flow jet exit angle
is similar to that presented in the previous section. The ap-
proximation of Moses and Thomason [32] suggests that the
flow leaves the trailing edge at approximately the stagger an-
gle. The present author suggests that the pumping action of
the downstream stages, which delays the onset of stall in the
upstream stages, tends to reduce the extent of separation once
stall occurs.

The jet angle is assumed to be the sum of the trailing edge
blade angle and a correction for the location of the stage in a
multistage environment, which suggests the following corre-
lation for the jet exit angle.

By =By +a(By-7) (21)

_ current stageit—1

where =
total # stages—1

The resulting bounds on the cxit jet angle are f5 < fy <7,
with the lower bound of B being used for the first stage and
yfor the last stage.

Recovery Hysteresls

It is well-known that a compressor will not recover from stall
until the mass flow is increased to a value greater than that
which existed when stall was initiated, but the extent of the
hysteresis that will be present is not well understood. The
present model predicts the stage performance in the region
where Lhe characteristics are double valued, but does not at-
tempt to calculate the extent of the hysteresis. To include this
cffect in the model, the stalled flow calculations are begun
with an incidence of 6° before stall inception. This selected
amount of hysteresis is considered reasonable based on expe-
rience of the author, but cannot be calculated by any present
theory. Because the stalled calculations involve solving the
quadratic in Eq.15, solution is not possible for all incidence
angles and not all of the predicted stage characteristics pre-
sented below show the full 6° of hysteresis.
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Reversed-Flow Pressure Prediction

The flow field in a compressor operating in annulus reversed
flow is not well understood, as there has been little research
performed in this flow regime. The present model predicts
reversed-flow performance with reference to the experiments
of Carneal [35] and Eq. 19, with an empirical correction in
the form of Eq. 22 o improve agreement with experiments.

Pp-Py1=a1pcpATo+az (AP +ARys+a3  (22)

where

ap =031
ay =133
a3 =0.20

By use of the performance of the first stage of the compressor
tested by Gamache [10], the values for the coefficients in the
above equation were obtained and were used in all predictions
presented. It should be noted that at this time there is no the-
ory to predict these coefficients.

ASSEMBLY INTO A WIDE RANGE PREDICTION
MODEL

A full-range stage performance computer model
(FULRANGE) was developed as an assembly of the methods
discussed in the previous sections. To implement the model
over the range of mass flow coefficients in the forward flow
regime, the relative flow angle at the rotor inlet is varied from
zero angle of attack to zero flow (relative flow angle is 90°)
in one degree increments and the appropriate flow calculation
is applied. To generate the reversed-flow characteristics, the

model increments the mass flow index, V, /U, by a fixed

(negative) amount and the reversed-flow calculations are per-
formed.

The information required by the model to predict stage per-

formance is the rotor and stator mean-radius geometry, as
summarized in Table 1.

Table 1 FULRANGE model input parameters.

rotor blade leading edge angle

rotor blade trailing edge angle

rotor blade stagger angle

rotor blade mean radius

number of rotor blades

rotor blade chord

rotor blade span

rotor blade thickness/chord ratio

IGV or (upstream) stator exit flow angle

stator blade leading edge angle
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stator blade trailing edge angle

stator blade stagger angle

stator blade mean radius

number of stator blades

stator blade chord

stator blade span

stator blade thickness/chord ratio

stage axial velocity ratio

location (stage number) of stage being modeled

number of stages in the machine being modeled

APPLICATION TO A LOW SPEED COMPRESSOR

To verify the accuracy of the FULRANGE technique, the
model was used to predict the performance of the low-speed
3-stage rig [10]. This compressor had a constant flowpath
annulus with 3 non-repeating stages; further details about this
compressor can be found in the reference. For this machine, a
stage was defined as a rotor and the downstream stator.

The predicted and measured pressure characteristics for this
machine are presented in Figs. 34 through 36. The predicted
characteristics showed very good qualitative agreement in the
forward flow region and excellent agreement in the reversed-
flow region. The prediction has the same curvature as the
measured characteristic throughout the entire flow regime and
has no unexplained discontinuities.
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Figure 34 Three-Stage Test Compressor First Stage
Pressure Characteristic.

For all 3 stages of this machine, the FULRANGE model pre-
dicted the flow coefficient, V, /U, within 0.01 of the meas-

ured value for transition to abrupt stall. It should be noted
that this difference between predicted and measured Iransition
represents an error of less than 1° angle of incidence to the
rotor.

The unstalled pressure prediction was within 0.15 of the
measured values for the first and third stages, but the second
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stage agreement was not as good. The unstalled prediction
for the second stage was within 0.20 of the measured values.

For flow cocfficients greater than 0.10, approximately 90% of
the in-stall data were within 0.10 of the predicied pressure
characteristic. The general shape of the predicted character-
istic is the same for all stages, reaching a zero pressure rise at
zero flow, while many compressors exhibit some positive
pressure rise at zero flow. The mechanisms for this observed
phenomenon are not currently understood.

The first stage reversed-flow pressure prediction is coincident
with the measured characteristic, as would be expected (this
was the onc stage used to develop the correlation coeffi-
cients). Application of the reversed-flow model to the second
stage prediction yielded an essentially exact match to the
characteristic. This supports the application of the results of
Carneal [35), which indicated that both rotors and stators in
reversed flow could be treated as nearly equal loss producers.
For both of these stages, the slope of the characteristic is very
steep. This is because the blade row losses in reversed flow
are very large as shown in Fig. 33, and a large pressure is re-
qQuired at station 3 as shown in Fig. 34, to force air through
the stage.
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Figure 35 Three-Stage Test Compressor Second
Stage Pressure Characteristic.

20 P T T T T
- O FULRANGE Code 3

o 15 O Measured Data 3
g 1.0 ? ?
< 3 3
-~ 05 =3
o L -
o L .
g OF =
&? s ]
o5 -
_10:,...1.,..l....l....h...l....:
050  -0.28 0 026 0660 0I5 100

Vv, /U

Figure 36 Three-Stage Test Compressor Third Stage
Pressure Characteristic.
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The reversed-flow pressure prediction for the third stage is
within 0.07 of the corresponding measured values. The more
nearly horizontal characteristic for this stage is the result of
the last stator in reversed flow operating in the same manner
as the IGV in forward flow. Because therc arc small pressure
Josses in the last stator row {as compared to the first two sta-
tor rows), a smaller pressure at the stage exit will force flow
backwards through this stage.

APPLICATION TO A HIGH SPEED COMPRESSOR
The FULRANGE code was used to model the performance of
the 10-stage, high-speed compressor tested by Copenthaver
[24,25]. This compressor was the high pressure compressor
from a modem high-performance aircraft gas turbine enginc
and was tested at five speeds ranging from 49.8% to 78.5% of
design corrected speed to investigate stalling and recovery
behavior. For this range of corrected speeds, the variable
vane schedule was fixed so there was no change in stage ge-
ometry; the vanes open only at higher corrected speeds. Be-
cause the present model assumes incompressible flow across
a single stage, the predicted stage characteristics arc inde-
pendent of wheel speed and the measured data arc presented
without distinction of the speed at which they were obtained.
The flow, pressure, and temperature coefficients plotted in
these figures are defined as follows.

EJ_.?_Q. NC]
PoA
=08 @3
r-1
vl =[PR T —1[NC]? (24)
v’ =[TR~1][NC]’ (25)

where

Before discussing the pressure and temperature characteris-
tics, a comment regarding the flow coefficient predictions is
in order. The model predicted the transition to stall within 2°
angle of incidence to the rotor for all stages in the compres-
sor. It is unknown whether this is the result of an underlying
mechanism that is approximated but not yet understood, or
whether this is a fortuitous coincidence.

Pressure Characteristic Predictions

The model consistently over-predicted the unstalled pressure
cocfficients for the first three stages by a significant amount,
as shown in Figs. 37 and 38. The second stage characteristics
are similar to those of the third stage and were omitted for
brevity. The reasons for the significant disagreement in this
arca are not clearly understood at this time, but two theorics
are put forth.

For the low corrected speeds at which this compressor was
tested, the IGV and first two stator rows were fully closed
(large stagger angles, as measured from an axial reference).
Under these conditions, the flow into the IGV is at a large
angle of incidence and is turned significantly away from the
axial direction. The large incidence is likely to cause
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Figure 37 Ten-Stage Compressor: a) First Stage
Pressure Characteristic; b) First Stage Temperature
Characteristic.
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separation from the IGV leading edge, causing large pressure
losses and a large flow deviation angle. This situation is far
from design-point IGV operation and the current model is
unable to approximate the performance accurately. Itis
believed that a similar flow separation may occur in the stator
rows of stages two and three, a5 well,

A second effect of the closed vanes is that the flow is accel-
erated significantly due to the reduction in apparent flow area.
This area ratio is of sufficient magnitude to cause choking of
the flow (even at moderately low mass flow), a phenomenon
which the present (incompressible} model is not capable of

predicting,

Based on the nearly vertical pressure characteristics for the
second stage (not shown) and the third stage (Fig. 38), Co-
penhaver [24,25] concluded that choking existed in these
stages. Because these stages appeared choked at high flow
coefficients, and because of the negatively sloped pressure
characteristics for the entire operating region, Copenhaver
concluded that they were operating in a high-flow manner
under all conditions. Based on the flow angles calculated by
the FULRANGE model, it is suggested that the stages were
operating in-stall when the mass flow was low enough to
climinate the choking. The fact that there is good agreement
beiween the predicted in-stall pressure rise and the measured
performance for the second and third stages would tend to
support this idea.

The predicted and measured pressure performance of stages
four through eight are very similar and the fifth stage charac-
teristics shown in Fig. 39 is representative. The unstalled
pressure predictions for these stages are nearly coincident
with the actual data points. The in-stall predictions have the
same sjope and curvature as the measured characteristics, but
are significantly lower in magnimde. It is believed that the
under-prediction is a result of the modeling assumption of
axisymmetrically stalled flow. Continuing work is addressing
methods for improved modeling of the circumferential vari-
ations which exist in in-stall flows.

The qualitative agreement of the predicted and measured per-
formance of the ninth stage is similar to that of the eighth and
the tenth stages, and comparison is omitted for brevity.

Before discussing the operation of the tenth stage, it is in-
structive to lock at the effect of density variation on stage
performance. Under low speed conditions, the density in-
crease across each stage is lower than the design value. The
area reduction found in high speed, multi-stage compressors
results in high axial velocities in the rear stages and can lead
to choking.

The unstalled pressure prediction for the tenth stage agrees
well with the measured data for flow coefficients less than
0.60, as shown in Fig. 40. At higher mass flows, the high
velocity air at the stage entrance causes the pressure to drop
and the stage performs like a turbine. When operated in-stall,
the tenth stage was extracting work from the flow for all data
points, with an apparent choking condition at a flow coeffi-
cient of 0.57. For these reasons, the predicted and measured
performance were not close.
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a) Fifth Stage Pressure Characteristic
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Figure 40 Ten-Stage Compressor: a) Tenth Stage
Pressure Characteristic; b) Tenth Stage
Temperature Characteristic.

Before discussing the reversed-flow pressure characteristics,
it should be noted that the instrumentation placed on this
compressor resulted in a stage being defined as a stator fol-
lowed by a downstream rotor. There are two implications of
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this stage definition for reversed-flow operation. The first
implication is that there is no *last stage stator” for which the
losses should be neglected, because the tenth stator is not part
of a stage for which performance was measured; the tenth
stage consisis of stator 9 and rotor 10. The second implica-
tion is that the cffect of the fully closed IGV and first two
stators in reversed flow will only be seen in the first and sec-
ond stages; stator 3 will control the flow angle into stage 2,
stator 2 will control the flow angle into stage 1, and flow
downstream of the IGV in reversed flow is outside of the
compressor.

Because of the experimenial difficulty of generating reversed
flow in high-speed, high-pressure ratio compressors, no re-
versed-flow data were obtained. For this compressor, the
quantitative predictions of the model are thercfore unsup-

ported.

For similar stage geometry's, Gamache [10] measured nearly
identical performance in reversed flow. The last eight stages
of the 10-stage compressor were geometrically similar, and
the reversed-flow performance predictions for these stages are
very similar. The model predicted a smaller (magnitude)
slope of the reversed-flow pressure characteristic for the first
two stages because the IGV and first two stators are closed to
the flow path. This resulted in a larger relative flow angle
into the first and second rotors and more work being done on
the air in the reversed direction.

Temperature Characteristic Predictions

The unstalled temperature predictions for the first three stages
are higher than the measured characteristics, but show good
qualitative agreement. It is believed that the errors in calcu-
lating the flow angles leaving the IGV and first two stators
(which were fully closed to the flow path) resulted in the cal-
culation of more flow turning than actually occurred. The
predicted in-stall temperature risc for these stages is ap-
proximalely correct at stall inception, but at lower mass flow
the measured temperature rise increases much more than the
present model predicts. This is believed to be the result of the
significant viscous heating which occurs at low flow ratcs in
high speed compressors.

At this time, an interesting point can be made about the per-
ceived inception of stall. In the unstalled region, both the
FULRANGE predictions and the measured tempcrature risc
show a linear characteristic with negative slope. Itis clear
from the first and fifth stage data that the temperature charac-
teristic experiences a discontinuous change in slope and cur-
vature at the inception of stall {as defined by the slope of the
pressure characteristic) and this is confirmed by the model.
Since the change in slope of the measured temperature char-
acteristic is much more pronounced than that of the pressure
curve for these stages, it is suggested that temperature per-
formance may be a better indicator of the onset of progressive
stall. In reference to the performance of the second and third
stages, the temperature characteristics would indicate that at
flow coefficients less than 0.30 and 0.33, respectively, these
stages are operating in-stall.

The unstalled temperature prediction for the fourth through
tenth stages showed excellent agreement with the measured
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performance. A large fraction of the predictions are almost
coincident with the data in this region. The in-stall predic-
tions for the fourth and fifth stages show the same trend of
under-predicted temperature rise at low mass flow that was
shown by the first three stages, but this trend is less pro-
nounced for the fourth stage.

The in-stall temperature predictions for the sixth through
tenth stages are of the same form as for the first five stages
(negatively sloped with positive concavity), but the measured
characteristics are positively sloped and linear. The measured
data often show a steady-state drop in temperature with an in-
creasc in pressure, which violates the second law of thermo-
dynamics, for a portion of the stalled characteristic. Copen-
haver [25] suggested that the indicated drop in temperature
was the result of significant recirculating flow within the ro-
tating stall cells. As the flow moved backwards through each
stage, work was done on it and its temperature increased.

For all stages, the reversed-flow temperature prediction is
positively sloped and linear. The slope of the temperature
characteristic is larger for the first two stages than for the last
eight. This is because the IGV and first two stators are fully
closed to the flow path, creating a larger relative flow angle to
the rotor and resulting in higher tuming. There are currently
no reversed-flow data for this compressor, so comparisons
cannot be made,

Finally, alt of the above predictions must be viewed as the re-
sult of an axisymmetric model. The model cannot presently
account for two- and three-dimensional, non-uniform effects
which may influence the flow field.

STAGE MODEL SUMMARY

The model was applied to a 10-stage high-speed compressor
and mixed results were shown. There were effects of com-
pressibility apparent in the forward stages which could not be
captured by the current model. The predicted pressure char-
acteristics showed very good agreement with the unstalled
performance of the last five stages, although the tenth stage
characteristics diverged at high mass flows. The in-stall pre-
diction was positively sloped and similar for all stages, but
the measured performance was dependent on the stage loca-
tion; the measured slopes were positive for some stages and
negative for others. The reversed-flow pressure characteris-
tics are in good qualitative agreement with those of the low-
speed compressor modeled, but no high-speed data exists in
the open literature for this flow regime.

The unstalled temperature predictions for the first three stages
showed the correct trends, but were larger than the measured
performance; for the last seven stages, the agreement was ex-
cellent in this flow regime. At low flow rates, the model un-
der-predicted the temperature rise for the first five stages by a
substantial amount; it is believed that this is the effect of sig-
nificant viscous heating which is not captured by the present
model. The in-stall performance of the last five stages indi-
cated a significant amount of recirculating flow in the rotating
stall cells which could not be predicted by the steady-state,
mean-line stage model.

As mentioned previously, the unstalled temperature predic-
tions for the ninth and tenth stages were very close to the
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measured values, but the pressure characteristics did not show
the same level of agreement. It is suggested that the stage
losses, and hence the performance, are a function of the envi-
ronment in which the stage is operated, as well as the acrody-
namic design of the stage.

The stage temperature characteristic is essentially linear in
the unstalled operating region, but has a discontinuous change
in slope and curvature at the inception of progressive stall,
Because a stage can operate in-stall with a negatively sloped
pressure characteristic, it is suggested that the temperature
characteristic might be a better indicator of stall inception.

‘When a stage stalls, it upsets the flow ficld downstream to a
sufficient extent that it can drive the next downstream stage
into stall, even if the downstream stage was operating away
from its stall point. It is also possible that choking of a
downstream stage can prevent upstream stages from operating
at higher mass flows which might be attainable if the up-
stream stages were operated in isolation, For these reasons, it
is suggested that there are certain points on the steady-state
stage characteristics which cannot be reached in a multi-stage
environment. This is complimentary to the conclusion that a
stage operated in a multi-stage environment could operate
unstalled at flows significantly below the isolated clean-flow
stall point, as reported by Longley and Hynes [37].

COMPUTATIONAL CONSIDERATIONS

Dynamic Models obviously require computer solution, but an
additional concern is added if the simulation is to be interac-
tive. since the models are based on design features of the
machinery, there are interesting possibilities for rapid as-
sessment of design alternatives, prediction of test results, and
study of dynamic behavior if the simulation can be executed
rapidly. In multistage compressor simulations, it has been
found that the typical dynamic model requires 300-500 times
actual time for execution on fast computers; thus, a 0.1 sec-
ond study of a compressor dynamic might require 50 seconds
of computer time. Aside from the cost, this ratio essentiatly
dictates that the simulation is a "batch” computer operation,
and that results are studied after a file is created. The above
possibilities for interactive use may be realized if the simula-
tion occurs in "near-real-time”. Considering the applications,
we have defined "near-real-time" as within ten times the ac-
tual time simulated. This requirement obviously requires
careful attention to efficient programming, and computer ar-
chitecture in the sense of serial and parallel design.

With these requirements in mind, a near real-time dynamic
compression system simulation has been developed. The
following discussion is focused on the approach taken to
handle the computational requirements of this task for both
serial and parallel computer platforms. Important aspects of
serial programming are identified that can have a dramatic ef-
fect on computational performance. The procedure followed
to select the computational platform for this simulation is dis-
cussed, and a comparison of how different inter-processor
communication schemes affect computational performance in
paratle] computers is presented. It is shown that efficient
program execution demands that communication overhead be
reduced as much as possible. This study shows that commu-
nication overhead can be reduced considerably by taking ad-
vantage of a concurrent communication and computation ap-
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proach. The resulting simulation allows near-real-time per-
formance which is "scalable”. As the problem size grows, the
simulation time can be maintained by simply adding addi-
tional parallel processing nodes.

Serlal Code Optimization

When developing & computationally efficient computer model
or simulation, it must be insured that only required operations
are being used. Additionally, these operations should be
completed in the most efficient way possible. To identify the
cost of various operations, short code segments were devel-
oped and tested on an IBM 3090 serics 300. Table 2 shows a
relative comparison of various floating point operation costs
in terms of execution time.

Based on the results in Table 2 the equivalent floating point
operation count was determined for each operation type. This
was done by normalizing the execution times with the as-
sumption that an individual floating point addition is equiva-
lent to a single floating point calculation. These results re-
flect the performance of fully optimized and vectorized code
with the vector lengths shown. It should be noted here that
each computer will have different performance values.
Therefore, these specific numbers have no meaning except on
the IBM 3090. However, a similar approach can be used on
any computer platform. Therefore, this approach will allow
improvement of existing computer codes. Additionally, while
the specific performance values differ from computer to com-
puter, the relative floating point performance for each type of
operation appears to be fairly consistent from one computer to
the next.

With the relative cost of each operation type identified, itis a
simple matter to count the number of each operation type to
determine the total number of floating point operations re-
quired for one simulation time step. This number is then used
to determine the computational needs of the simulation and
hence the computer requirements.

Table 2. Comparison of execution times for different
types of floating point operations. Values represent
microseconds of execution time on the IBM 3090
serlos 300.

NoOpt | Full Optimization and Vec-
torization
NoVec Vector Lengths
Type of Operation] 10000 | 100001 1000 | 100 | 50
a(i}=b(i) 5986 | 757 68 6 4
a(i)=b(i)*b(i)+b(i) | 9088 | 1014 | 90 8 4

a(i)=b(i)*b(i) 7561 {989 | 77 | 7 | 2
a(i)=b(i)/b(i) 11052 {3713 | 368 | 34 |18
a(i=dsqrib(i)) | 29178 1 8823 | 923 [ 140 | 97
a(i)=b(i)**b(i) | 71524 [19916] 1966 § 205 [ 126

The effectiveness of the compiler's optimizer was investi-
gated. It was found that intcger power operations (var**2 )
were not modified to be calculated as ( var*var ). Addition-
ally, subroutines were not inserted as in-line code. While
some compilers will carry out these types of operations, when
writing code for use on many different platforms, it is prob-
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ably more efficient to explicitly write the code to minimize
computational effort without compiler intervention.

To reduce exccution time in the original code, constants that
were used in combination at multiple locations in the simula-
tion were calculated once and only once at program initistion.
All integer power operations were reduced to combined mul-
tiplies. Any division by a constant was converted to a multi-
ply by the inverse constant, and all vectorization opportunities
were used.

Because the solution method is based on an explicit algo-
rithm, a time step on the order of 103 i required. Therefore,
a one second simulation requires 100,000 individual predictor
and corrector sieps, and 200,000 individual thermodynamic
property and force evaluations for cach control volume, The
overhead associated with these calls amounted to 15-20% of
the overall program execution time. This overhead figure was
determined through the use of an interactive debugger avail-
able on the IBM 3090. Because of the large overhead asso-
ciated with these subroutine calls, many of these routines
were rewritien as in-line code, To insure that the program
could be readily maintained, numerous comments separated
each code segment.

We investigated whether rewriting the simulation in “C"
would improve simulation performance. As will be shown
later, using "C" did not generally improve program execution
speeds. However, we did see dramatic improvements in per-
formance on the parallel computer based on the Transputer®
processor. In general, "C" has much less overhead associated
with function calls and therefore allowed the development of
a much more supportable program without the overhead
penalties seen in the FORTRAN version of the program,

Finally each section of the code was carefully scrutinized
with emphasis on reducing operation count through different
calculation approaches and elimination of unnecessary opera-
tions. The pay-back for this effort was an 80 percent reduc-
tion in serial code execution time. Serial code optimization is
a very important process and should be completed before any
paralle]l code development. Serial code optimization reduces
the execution time of the code on all computer platforms.
Additionally, using this approach, the benchmarks will com-
pare computer performance as opposed to compiler perform-
ance.

Computer Selection Considerations

As stated earlier, by counting the floating point operations in
each code segment, serial and parallel calculation require-
ments may be determined. Table 3 shows the number of
floating point operations required by each segment of simula-
tion code. The workload values have been combined into
columns that represent the control volume types used in this
simulation. At the bottom of each column is the total number
of floating point operations required by each control volume

type.

It should be noted that no time has been allotted for the com-

munication processes that are necessary on parallel machines.
Knowing the average time step which could be used, based on
the Courant number, the required computational performance



5-24

TECHNICAL

for different types of computer platforms were determined
and are shown in Table 4.

Table 3 Floating point operations required by each
control volume type {one iteratlon time step).

Inlet CV Duct CV Blade CV Exit CV
Evaluate Thermo Thermo Evaluate
BC (25flops) (25flops) BC
{79flops) (79flops)
Pass Data Left(72Bytes)
-------------- Duct Cale | Blade Cales | ------=enneves
(11flops) (148flops)
Pass Data Right(72Bytes)
Print OQutput
Inlet Calcs Diffusive Diffusive Diffusive
(262f1ops) Flux Flux Flux
Outflow (24flops) (24flops) (244lops)
(167flops) Predictor Predictor Isen Nozzle
(17flops) (17flops) (101flops)
Thermo Thermo Outflow
(25flops) (25flops) (167flops)
Pass Data Left(72Bytes)
-------------- Duct Cale | Blade Cales | --------—-----
(11flops) {148flops)
Pass Data Right(72Bytes)
-------------- Corrector Cormrector | --------------
(23flops) (23flops)
Pass Data Right(72Bytes)
-------------- Antidiff Antidiff Antidiff
Flux Flux Flux
{23flops) (23flops) (23flops)
Pass Data Left(72Bytes)
-------------- Diffuse Diffuse Diffuse
(7flops) {Tflops) (7flops)
Antidiffuse | Antidiffuse | Antidiffuse
(7flops) (7flops) (7flops)
Total Total Total Total
(341 flops) { (173 flops) | (447 flops) | (241 flops)

Table 4 Estimate of compressor simulation
computational requirements when run on serial or
parallel computers,

Assumptions:
1) 50 Control Volumes
2) 5x10™3 sec/time step
3) 3 compressor stages

Real Time
200 MFLOPS (serial)
8.9 MFLOPS (parallel) .89 MFLOPS (paralle1)

Required Computational Speed:

1710t Rea] Time
20 MFLOPS (serial)

Figure 41 illustrates the computational difference between
serial and parallel processor solution approaches. In the
compressor simulation problem, the finest grain distribution
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of work is obtained by allocating a single control volume to
cach processing node.

From Figure 41 it is easy to see that the serial processor must
do much more work than the individual processing nodes on
the parallel computer. Also, the paralle] computer solution
more accurately reflects the events that are being modeled.
Events occur throughout the compression system simultanc-
ously. The paralle] computer solution calculates these events
like they occur in the physical system. As the problem size
grows the cxecution time on the serial computer increases.
However, the parallel computer has the ability to maintain the
execution time by simply adding additional processing nodes
for larger problems.

Sequential
(1- procesor for aipmhacian)
——

L@E o M

Flgure 41 Comparison Between Serial and Parallel
Computational Approaches.

Table 5 Differences in computational effort-per-
processor for serial, SIMD, and MIMD computers.

Given:
one(l) Inlet control volume (ICV)
n Duct force control volumes (DFCV)
m Blade force control volumes (BEFCV)
one(l)  Exit control volume (ECV)

Required Computations/ time step for different
computer types:

Serial: Flops = 1XICV4+nxDFCV+mxBFCV+1xECV
SIMD: Flops = IXICV+1xDFCV+1xBFCV+1xECV
MIMD: Flops = Max{(ICV,DFCV BFCV ECV)

Table 5 extends Figure 41 by also illustrating the computa-
tional difference between the two major types of parallel
computer architectures. As can be seen from this figure, the
serial computer demands the largest work from its processor,
the SIMD (Single instruction multiple data) computer reduces
the serial workload considerably, and the MIMD (Multiple
instruction multiple data) computer has the minimum
workload for cach processor. The major difference between
these machines is in the way they execute computer
instructions.

The SIMD computer requires that each processing node
complete the same computer instruction at the same time. As
long as every node in the simulation requires the same calcu-
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lation, the SIMD approach works very well. However, ifa
node requires different calculations than the other processing
nodes, the nodes that do not require that calculation must wait
until the calculation has been completed before continuing
with the work that they need to do. For problems that require
different work on each processing node, the SIMD approach
is not very efficient. If we take this to the extreme, a problem
that requires every processing node to execute a different set
of instructions would show no speedup over the serial ma-
chine because each node would have to wait for every other
node to complete its work before it could continue. Fortu-
nately most CFD type problems result in similar computa-
tions in each processing node.

The MIMD approach provides the most flexible computer
solution for handling computational problems. MIMD com-
puters allow each processing node to execute different in-
structions at the same time. Problems that have parallel solu-
tion opportunities but that also require different work in cach
processing node are best suited to application on MIMD com-
puters. However, the MIMD approach also requires the larg-
est amount of programming effort.

In order for a problem to be run efficiently on a MIMD com-
puter, the computational workload must be evenly distributed
between the available processing nodes. Also the communi-
cation between each processing node must be formally de-
fined. If the communication is not properly implemented, the
simulation will likely lead to a condition known as deadlock.

Deadlock occurs when a node can not continue to work be-
cause it is waiting for information from a neighboring node.
If the neighboring node never delivers the message, the node
that was to receive it ends up waiting forever. In a progres-
sive fashion, adjacent nodes end up waiting for messages that
are not delivered until all the processing nodes are waiting for
messages that will never arrive. At this point the entire
simulation has come to a halt. Care must be taken when pro-
gramming MIMD computers 1o insure that deadlock does not
occur. Deadlock is not as likely to occur on SIMD computers
because they synchronize the processing nodes through the
use of the common instruction approach.

Results

Having completed the studies of serial code optimization, and
computer selection/parallel processing considerations, a
baseline simulation was run on different platforms to assess
computer performance. A "small” simulation problem,
modeling a compressor with three stages and 29 control vol-
umes was chosen. All code improvements were incorporated
in both FORTRAN and C code versions. In the case of the
Transputer®, it was possible to implement the buffered mes-
sage passing technique discussed earlier. Results are shown
in Table 6.

For the compulers tested, the fastest compute time was
achieved with the IBM 3090 computer. In fact, this simula-
tion required a time ratio of 10:1, which is in the range which
we have defined for near-real-time simulations. The other
serial machines tested required longer compute times. It
should be noted, however, that the serial results are not
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"scalable”. A larger simulation problem will require more
compute fime.

The best results, for the parallel machines tested, were

achieved with a Transputer®-based system. The Transputer®
processor is designed for parallel computing, with four com

Table 6 Slmulation executlon time on various com-
puter platforms.

Baseline: Three stage compressor (29CVs)
1 sec simulation
10,000 Iierations Time Step=.0001secs

SERIAL MACHINES
(FORTRAN) <)
IBM 3090 series 300 10.0 secs
with vector facility
CONVEX C2 17.0 secs
IBM RISC 6000 model 530 18.7 secs 19.0 secs
SILICON GRAPHICS 52.0 secs 53.0 secs
4D80GT
SUN model 330 90.0 sccs
INTEL i860 one processor 29.0 secs
PARALLEI MACHINES
NCUBE?2? 32 node machine
one node 90.0 secs
16 nodes 45.0 secs
TRANSPUTER 25Mhz
one node 259. sec 173. secs
5 nodes 86.6 secs
20 nodes 30.8 secs
20 nodes 15.2 sec

munication links for fine-grained message passing built into
the processor chip. The Transputer® is capable of simultane-
ously communicating messages and calculating integer and
floating point operations. Each processing node has the ap-
proximate performance of a 25Mhz 486 computer. During
testing, we found that the Transputer®-based system did in-
deed handle message passing well, and that the individual
node floating point performance was almost fast enough to
allow near-real-time simulation of the modeled compression
system. There is reason to believe that the Transputer®-based
simulation will be "scalable”, since more processors can be
added for larger simulations. Disadvantages of the
Transputer®-based system include, limited availability of
hardware and softiware, increased user knowledge of the sys-
tem is necessary, and the communication aspects of parallel
computing can be complex.

GAS TURBINE DYNAMIC SIMULATIONS

Full gas turbine dynamic simulations are not, in principal, dif-
ferent from compressor simulations. Additional source terms
representing combustor and turbine processes must be in-
cluded. Provision must be made for variable speed and rotor
inertia effects. The compressor simulations discusscd thus far
were for rig tests; that is, the speed was held constant. The
matter of computationsl speed becomes even more important,
as the simulation may involve fifty or more control volumes.
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In the combustor, a variety of source terms may be important.
consideration of diffuser and linear pressure loss, combus-
tion-related pressure loss and efficiency, flammability limits,
and reignition delay times are all required for a full range
simulation. A rbine characteristic must be available. In the
simulation, a power calculation between compressors and
turbines must be performed to determine acceleration poten-
tial. To date, only one such study has been reported [39], but
work by the author's research group is in progress to produce
a dynamic engine mode] based on the methods outlined in this
TEVICW.

SUMMARY AND CONCLUSIONS

Dynamic models of compressors and gas turbines are simula-
tions of performance over the range of possible operation. As
such, the models have use in design studies, examination of
dynamic performance with the opportunity to study details of
local flow behavior, test programs, and many other areas.
Successful dynamic models require consideration of fluid
mechanic modeling methods and computational methods.
Parallel computation is well suited to dynamic simulation,
representing the potential for development of complex engine
models operating at near-real-time. Future developments will
lead to multi-dimensional models of components and engines,
with increasing simulation accuracy.
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APPENDIX A
MacCormack Algorithm for Sclution of Dynamic Model
Equations.

Solution Method
The MacCormack predictor/corrector algorithm {18] is used
10 solve the system of equations described above.

Ll =

Figurs A-1 Computational Molecule used for the
MacCormack Algorithm.

Figure A-1 shows the computational molecule and Equa-
tions(A-1 - A-3) show the discretization of the quasi-one-di-
mensional Euler equations. Note that the order of differenc-
ing is alternated to insure that no bias is propagated into the
solution from the boundary conditions.

Predictor
OOl el A
Correclor
Te-Tp—P-TL 0?2
New Time Step
ﬁi“.l%(ﬁic*'ﬁlp) (A-3)
where;
o pAu
Ef = Mu ! f- = pAu2+pA H
pA(¢+u2/2) M“(“"P/P"’"z/z)
—wp
and E = FI
—HpiSWaQ

It has been shown that the axial area variation in compression
systems can lead to numerical instabilities when solving this
set of equations using the MacCormack approach [19]. The
original stage-by-stage model was found to exhibit numerical
instabilities when the area change from one control volume to
the next exceeded approximately twenty percent. This re-
striction was found to inhibit the use of physical geometry for
some compression systems. Therefore, the MacComack al-
gorithm was modified by applying the Flux Corrected Trans-
port approach to the existing scheme. This approach was
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found to stabilize the MacCormack scheme for all area vari-

ations considered.

Figure A-2 shows the computational process required to
complete onc time step of the modified stage-by-stage com-
pressor simulation. Included in this flow chart are the com-
munication processes that must occur when the simulation is
run on a parallel computer. These communication processes
are not explicitly required when the simulation is run on con-
ventional serial or shared memory parallel computers.
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Figure A-2 Flow Chart Showing the Computational
Process for the Stage-by-Stage Compresslon

System Model.
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Inlet Distortion Effects in Aircraft Propulsion System Integration

J. P. Longley
Whittle Laboratory, Cambridge University
Cambridge, England

E. M. Greitzer
Gas Turbine Laboratory, Massachusetts Institute of Technology
Cambridge, MA

1. INTRODUCTION

This lecture presents a tutorial survey of inlet flow dis-
tortion effects on engine performance and stability. Inlet
distortions in aero engines arise through a variety of
causes. They can be essentially steady, due to non-
axisymmetric intake duct geometry, or time varying, for
example from flow separation off the lip of the inlet dur-
ing maneuvers or shock-induced separation during
supersonic flight. Whatever the cause, the result is gen-
erally a decrease in performance and, more importantly,
a lessening of the stable flow range of the compressor.

Although the distortions encountered are generally
three-dimensional, it is an extremely useful simplifica-
tion to break them, at least concepiually, into radial and
circumferential non-uniformities and approach each sep-
arately. Purely radial distortions can be treated by the
methods that have been developed for designing com-
pressors in nominally axisymmetric inlet flow, and this
type of distortion will be only briefly discussed.
Circumferential non-uniformities, however, introduce
additional fluid dynamic features into the analysis of
compressor behavior and often have the larger impact on
performance and stability. The lecture thus concentrates
mainly on the effects of steady circomferential inlet flow
distortion.

We first consider the case of a square wave inlet total
pressure non-uniformity in an idealized compression
system. This example serves to explain many of the
physical phenomena involved and is used in several of
the subsequent sections as a background for introducing
more general forms of inlet and engine compatibility
problems, including temperature distortions and the fluid
dynamic interaction between different compression sys-
tem components. The final sections of the lecture dis-
cuss some recent developments in the theoretical
modelling of inlet flow distortion problems, to illustrate
the new insight that they can give, as well as areas for
future work.

Aeroengine compressors, both with and without inlet
distortion, exhibit two types of fluid dynamic instability,
surge or rotating stall, and the occurrence of either of
these marks the stability boundary beyond which the
aeroengine cannot operate. Surge is characterized by
periodic fluctuations of the mass flow through the com-
pressor, often severe enough 10 cause temporary reversal
of the flow. Rotating stall is a region of stalled flow,
covering a significant fraction of the circumference,
which propagates around the compressor annulus at
speeds between 20-80% of rotor speed. Although there
is considerable research inierest in the development of
these instabilities [1], [2], as well as the post-instability
behavior (3], the primary interest here is how non-uni-
form flow affects the stability boundary. The material
presented in the lecture thus introduces the fluid dynam-
ic effects relevant to this specific topic, and the refer-
ences cited should be consulted for supplementary
information.

2, INLET DISTORTION FLUID DYNAMICS

2.1 Fundamentals of Compressor Behavior

in Non-Uniform Flow
Many of the fundamental principles involved in the anal-
ysis of compressor operation in a steady, circumferen-
tially non-uniform, flow field may be introduced by
considering the case of two streams of different total
pressure entering a compressor intake, with the flow
approximated as low Mach number and radially uni-
form. The distortions of most interest as far as stability
is concerned are those which occupy an appreciable
fraction of the annulus, and the appropriate length scale
for such non-uniformities is the radius of the machine.
In the regions upstream and downstream of the compres-
sor, therefore, the influence of viscous forces on the
overall distortion velocity distribution are small and can
generally be neglected. If so, the total pressure is a con-
vected quantity and the total pressure distribution at the
compressor inlet face will be the same as that far
upstream. The particular form that we consider is a
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Figure 1: Total pressure, static pressure, and axial veloc-
ity distributions at a far upstream station and at
the compressor inlet.

square wave with, for simplicity, equal circumferential
extents of high and low total pressure regions, as shown
in the top part of Figure 1.

At the compressor exit, the flow angle from the last row
of stator vanes can be approximated as uniform around
the circumference of the machine, If the exit duct is
straight and of constant area and the flow can be consid-
ered two-dimensional, the condition of uniform exit
angle implies that the static pressure at the compressor
exit will also be uniform. (More detailed discussion of
the conditions under which this is true is given by
Mazzawy [4], and Greitzer and Griswold [5].) -

With conditions of uniform exit static pressure and two
streams of different inlet total pressure, the compressor
can be viewed conceptually as two compressors in par-
allel, pumping from two streams with different inlet
total pressures to a common static pressure. Implicit in
this description is the restriction that negligible circum-
ferential flow, from one of the streams to the other,
exists within the compressor. Because the circumferen-
tial length scales are large compared to the axial gaps in
an aeroengine compressor (the latter might be roughly
one-third the blade chord), the axial length available for
such redistribution even in a multistage compressor is
small, and neglect of the cross flows within the compres-
sor is generally a very good approximation [6], [7]. Put
another way, with closely spaced compressor blading
any mass flow non-uniformity at the compressor inlet
will also be present at the compressor exit, because there
is little opportunity for further redistribution within the
compressor. It can be noted, however, that since the cir-

|
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cumferential static pressure gradients are greatest at the
front of the compressor, if any significant internal flow
redistribution does exist, it is likely to occur within the
first few stages [8].

These ideas, plus the assumption that each of the two
streams (i.e. each of the two compressors in parallel)
will operate at a point on the uniform flow compressor
characteristic appropriate o the local mass flow, allow a
description of the behavior of the compressor in the dis-
torted flow which is shown in Figure 2a. The figure
shows the compressor pressure rise, Vs, in terms of
exit static pressure minus inlet total pressure, non-
dimensionalized by pU2, where p is density and U is the
mean wheel speed, versus flow coefficient, ¢ = C,/U.
The solid curve corresponds to the uniform flow perfor-
mance characteristic and the local operating points with
inlet distortion are indicated by the symbols.

Several important aspects of the inlet distortion problem
are shown in the figure. First, the mean pressure rise is
below that which would be achieved at the same mean
mass flow, as indicated by the quantity Ay, which
denotes the distance below the axisymmetric flow char-
acteristic, Second, the different parts of the compressor
annulus operate at different points on the characteristic.
Since the exit static pressure is the same for both

Ay Loss
in Pressure
Rise

(a)

V13

Low Total
Pressure

V¥ss
High Total |
Pressure |
Annular Cross-Section :
Showing 180° Distartion Y18 —,
AP,
SU?
pU
() v
oL oy ~
Operating Points

Figure 2: Basic parallel compressor model for compres-
sor response to circumferential total pressure
distortion,



TECHNICAL

streams, the difference in level between the pressure rise
in each stream must be given by the difference in the
inlet stagnation pressure. The lower inlet total pressure
stream operates with a higher pressure rise, nearer to the
stability boundary for uniform flow. Although the mean
operating point may not be close to the stability bound-
ary, a sizeable region of the compressor annulus can be
operating at a flow equal to or below the boundary
value, and it might be expected that instability could be
initiated at a higher annulus average mass flow than with
axisymmetric flow, This is one of the assumptions in
the basic model, namely that the distorted flow stability
limit is reached when the operating point for the low
total pressure stream reaches the uniform flow stability
limit.

The above approach to analyzing compressor perfor-
mance in non-uniform flow is usually referred to as the
“parallel compressor model”. While it is overly simpli-
fied, it gives qualitative, and for some aspects quantita-
tive, guidelines about compressor behavior in inlet flow
distortion [7], and is a useful framework for understand-
ing many trends seen with this type of flow. In the next
several sections, we use the basic model to discuss sev-
eral of the important features associated with circumfer-
ential flow distortion; later in the lecture, we describe
how this model can be exiended to deal with other fluid
dynamic effects.

2.2 Upstream Flow Redistribution

Upstream of the compressor there will be a re-distribu-
tion of flow due to the upstream static pressure field
which the compressor generates when operating in non-
uniform flow. The flow redistribution is illustrated by
the lower part of Figure 1, where the axial velocity dis-
tortion at the compressor is smaller than that far
upstream. An explanation is obtained by considering the
parallel compressor model in terms of the static-to-static
pressure rise characteristic. The two operating points
(for the high and low flow regions) can be transferred
onto a static to static pressure rise characteristic, Ygg , in
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Figure 2b. There is a difference in the compressor inlet
static pressure because the the exit static pressures are
equal. Far upstream of the compressor, however, the

static pressure is uniform. The change in the static pres-

sure from far upstream 1o inlet implies, as given by
Bemoulli's equation, a change in axial velocity between

these two stations. The effect of the upstream reaction is
thus to decrease the axial velocity non-uniformity com-

pared with the far upstream value,

The axial scale over which the upstream flow re-distri-
bution takes place is also of interest. For low speed

flows, small amplitude departures from a uniform static

pressure obey Laplace's equation (i.e., V2p’ = 0, where

p’ , the static pressure non-uniformity, is a function of

axial position, x, and circumferential position, 8). There

is no intrinsic length scale in this equation, and the axial
length scale will thus be set by the circumferential
length scale. The circumferential length scale can be

regarded as being associated with the largest amplitude

spatial (i.¢.,0) Fourier component of the distortion. For
the distortions that have the largest effect on stability

and performance, this is generally the first harmonic,

and the relevant length scale is thus the radius of the
machine.

The structure of the solutions to Laplace’s equation

imply that the amplitude of the static pressure variation,
Ip’l, will decay with axial distance according to: Ip’l
expl-21 (x-x,ef)/R], where x ¢ is a station (say the inlet

of the compressor) at which the static pressure is refer-
enced, and R is the mean radius of the machine. In
accord with this idea, Figure 3 [9] presents experimental

measurements of the static pressure variations upstream

of a compressor with a distortion created by a screen of

180 degree circumferential extent. The figure shows the
amplitude of the static pressure variation versus axial

L) 1
l— Compressor —|

Axial Distance (X/R)

Figure 4: Overall variation of static and total pressure

upstream and through three stage compressor
{71.
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Figure 5: Increased compressor characteristic slope
implies increased distortion attenuation.

position, with an exponential curve also shown. It can
be seen that the static pressure is maximum at the com-
pressor and decays in accord with the considerations that
have been sketched cut. The overall behavior of the
total and static pressures upstream and through a com-
pressor are thus as shown in Figure 4 [7], which presents
experimental and theoretical results for a three stage low

speed compressor.

2.3 Distortion Attenuation

Although the static pressure at the exit of the compressor
can often be regarded as uniform, exit total pressure can-
not, since the two streams have different velocities. The
exit non-uniformity is experienced by any downstream
aeroengine components, and the distortion attenuation,
i.e., the ratio of the exit total pressure distortion ampli-
tude to that at inlet, is of interest. The size of the exit
total pressure non-uniformity is determined by the dif-
ference between the exit velocity in the high and low
flow streams. The flow velocities in the two streams are
set by the shape of the total-to-static pressure rise char-
acteristic, as shown in Figure 5. The steeper the com-
pressor characteristics the greater the distortion
attenuation, as indicated in the figure. For the same total
pressure distortion the velocity non-uniformity at the
compressor is less for the steeper compressor character-
istic, C, , than for the flatter one, C,.

2.4 Parallel Compressor Model for

High-Speed Compressors
In the description given of the parallel compressor
model it was assumed that the flow was low Mach
Number. The uniform flow compressor characteristic
was therefore expressed as pressure rise y against flow
coefficient . However, the basic ideas can also be
applied to flows in which compressibility effects are
important. For these situations the performance is
expressed in terms of pressure ratio versus “corrected

IBRARY
NIV‘ itil‘l = Const
L
Pioyt ::> Pout
Plin Ptin H
my itin 1y itin
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Figure 6: Paraliel compressor model for high speed
COMPressors.

flow” (mass flow function, ﬁd"l{/p.) for different val-
ues of the “corrected speed”, YT,. Figure 6 showsa
compressor map expressed in the form of total pressure
ratio versus corrected flow and the corresponding repre-
sentation in terms of the ratio of exit giatic pressure to
inlet total pressure, Using this latier representation, sim-
ilar arguments as for the low speed case can be given
concerning the two operating points, the distortion atien-
uvation, and the onset of instability. It is in this com-
pressible flow format that the model is generally used.
Note that the model now also gives a statement about
the effect of total temperature distortion, as indicated in
Figure 7. For a total temperature distortion with no total
pressure distortion, the two operating points (of the hot
and cold streams} will be at two different corrected
speeds, but the same pressure ratio, The hot stream is at
a lower corrected speed, closer to the stall point, and the
compressor suffers a decrease in stable flow range.
Physically this occurs because the fluid on the hot side is
less dense, and to have the same overall pressure rise the
aerodynamic loading [(App)ade row (Y2 pwinlet2)]' say,
must be higher for the individual blade rows.

N = Const.

mVTy

in
l:’lin

Figure 7: Compressor response to inlet total temperature
distortion.
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2.5 Differential Work Input and Generation

of Exit Temperature Distortion
The above shows that compressors with steep character-
istics will create nearly uniform inlet flow and thus near-
1y 100% distortion attenuation in terms of the total
pressure field. However the greater pressure rise in the
low flow region necessitates a greater work input and
hence a higher total temperature at exit. Downstream of
the compressor there is thus a total temperature distor-
tion, which is impased on the downsircam components.

2.6 Summary of Results for the Basic Parallel
Compressor Model
The parallel compressor model can give qualitative
insight into several important features of the behavior of
compressors operating with inlet flow distortion. Those
illustrated include: decreased stable flow range with dis-
tortion, decreased pressure rise capability, upstream
redistribution of the flow, the role of the speedline slope
in setting distortion attcnuation, and the production of
total temperature distortion due to a variation in inlet
flow coefficient. Of these, the one that is most impor-
tant is the first, and the simple assumption made in the
parallel compressor model conceming the stability
boundary does not give an adequate quantitative predic-
tion of the loss in stable flow range with inlet distortion.

To obtain improved descriptions of the stall point, sever-
al different approaches have been taken, at varying lev-
els of empiricism. The first is empirical correlation of
the loss in stall margin, which forms the subject of the
next section. The second is the extension of the basic
model to include multiple streams, effects of flow
unsteadiness, as well as fluid dynamic interaction with
other components. These will be described in the fol-
lowing section. The most recent approaches are rigor-
ous hydrodynamic stability analyses of the distorted
flow, and these are described in the final section.

3. EMPIRICAL CORRELATIONS FOR THE
LOSS IN STABILITY WITH INLET DISTORTION

We begin by discussing some of the empirical correla-
tions that have been developed to assess the effect of a
given inlet distortion on the stability boundary of a com-
pressor. Only a short description of the methods will be
given because the intent is to focus on procedures rather
than the details. In this general coniext, however, sever-
al documents are worthy of note. Two are publications
of the S-16 Commiitee of the Society of Automotive
Engineers: Aerospace Recommended Practice,
ARP1420 and the associated Aerospace Information
Report AIR1419. These give guidelines for treatment of
the effects of total pressure distortion on engine stability.
The two recent reviews of the subject by Williams [10],
[11], as well as that by Steenken [12] are also informa-
tive and useful, not only for discussion of the correla-
tions but for an overall review of the existing method-
ology for engine stability assessment.

6-3

In correlating the effects of non-uniform flow two main
questions have had to be addressed. First, how does one
define the change in the stability boundary. Second,
how can a complex distribution of inlet total pressure be
reduced to a workable distortion index.

3.1 Loss of Surge Margin

The movement of the compressor stability boundary is
generally referred to as the loss of surge margin
(although the fluid dynamic instability may in fact be
rotating stall). With an inlet distortion present, the com-
pressor operating point, mean mass flow and pressure
rise, may be plotted to give the compressor map and the
stability boundary for that distortion pattern. Quantify-
ing the relationship between the uniform flow stability
boundary and that for distorted flow may be done in a
number of ways. There are two methods that are often
used:

(i) Loss of pressure rise at constant speed. The change
in the pressure rise at instability is expressed as a
fraction of the uniform flow pressure rise for the
compressor operating at constant speed.

(ii) Loss of pressure rise at constant mass flow. Here
the speed of the compressor is varied so that the sta-
bility limit is at the same mass flow for uniform and
distorted conditions. This is illustrated in Figure 8
[101.

Other definitions may also be used, for example that
described by Cumpsty [13], which is in terms of the exit
corrected mass flow and is thus related to the actual
downstream throttle area. The important point is that the

Constant
Non-Dimensicnal
Mass Flow

Total Pressure Ratio (R)

Corrected Flow {mvT;/ Py

Figure 8: One definition of surge margin decrease; loss
in pressure ratio at constant mass flow.
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relationship between the different definitions depends
upon the shape of the performance characteristics of the
compressor concerned. As illustration, the above two
definitions are identical for compressors which have ver-
tical pressure rise mass flow characteristics but are dif-
ferent for any non-vertical slope.

3.2 General Trends in Compressor Response

to Inlet Distortion
The distribution of the inlet total pressure is usually
measured at an aerodynamic interface plane (AIP) which
is approximately a radius upstream of the compressor
face. Distortion indices are calculated by reducing the
measured distribution of inlet total pressure, P, (6,1), to a
group of numbers which reflect those aspects of the inlet
distertion which affects compressor performance. The
general trends of compressor performance with different
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Figure 9: Effect of: a) circumferential distortion sector
angle, and b) number of sectors, on surge pres-
sure ratio [14].
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inlet distortions are illustrated in the series of experi-
ments undertaken by Reid [14], which are presented in
Figure 9. The figure shows the compressor delivery
pressure at the surge line, for different types of distor-
tions. Two aspects may be identified:

(i) As the angular width of the spoiled sector (low inlet
total pressure) is increased there is a width above
which there is little change in the exit static pressure
(Figure 9a). This width is often referred to as the
critical sector angle, 6.,

Holding the total angular extent of the distortion
screen fixed, the effect of sub-dividing it into differ-
ent numbers of equal sections is shown in Figurc
9b. The greatest effect on the loss of peak pressure
rise is observed when there is only one region. This
suggests that the longer length scale, lower circom-
ferential harmonics, are the most important.

(ii)

3.3 Specific Forms of the Correlation Parameters
Many methods have been developed and refined for
evaluating distortion indices based on experimental
observations similar to those described above. Here,
only two will be described both of which emphases the
severity of the distortion in terms of the size of the total
pressure region which is below the average inlet value.
For simplicity, the distortion will be assumed to have a
singe lobe and to be uniform in the radial direction
{extensions for these will be introduced later).

“K™ series Distortion Indices
8, = width of total region below the average

(Bl 3607

o Plaor—Floy,
1
1oct
This is a two parameter method with correlations
defined in terms of 84, and K.

DC(8,,;) Distortion Indices
The concept of the critical sector angle, 8, may be
used to define an alternate distortion index:

P —P
DC (ecn'r.) -t 360 l_tl \zworst Od
5 Pk

An example for 85 = 60 is shown in Figure 10.

The above two definitions are included 10 illustrate the
general approach taken in reducing a circumferentially
non-uniform inlet total pressure distribution to a distor-
tion index. These indices are not unique (hence the
impertant role of AIR1419 in setting out a common
approach), but can often be related to each other through
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Figure 10: Definition of DC(8,,) parameter for inlet
total pressure distortion [10].

conversion formulae. The above DC(6.,) and K series
may be approximately related by:

DC(Ogi) = 2K, 8 <Ocri
Ocric
DC(Opi) =K Bexp 2 By
Approaches based upon the above have been successful
in correlating inlet distortion effects. The loss of surge
margin has been found to be approximately proportional
to the size of the distortion index, and a compressor sen-
sitivity may be defined thus:

Sensitivity = loss of surge margin / DC(8_;,)

Modifications are made to the above definitions for
cases where there are more than one region below the
mean value. If the regions are close together, set by an
empirical constant, the two regions are analyzed as if
they were one. For distortions with regions relatively far
apart the worst one is taken and a multiplicative factor is
used [11].

Many distortions of interest involve radial variations in
the total pressure and refinements to the above methods
have evolved. The simplest one is to radially average
the flow and then consider only the resulting circumfer-
ential pattern. More complicated extensions involve
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dividing the annulus into several rings of equal area and
analyzing the circumferential pattern in each ring and
the radial variation of these patterns. The loss of surge
margin is then assumed to be the linear superposition of
the effects of the circumferential distortion in each ring
and a contribution depending on the difference between
the ring average and annulus average inlet total pressure.

4. MODELS FOR DISTORTION TOLERANCE
AND TRANSFER

Conceptually there are two parts to the modelling of
inlet distortion problems. First, the compressor perfor-
mance for a given inlet distortion and operating point
(mass flow and pressure rise) must be predicted.
Second, a method or criterion is needed to determine
whether or not this operating point with distortion has
crossed the stability boundary. The models which have
been developed may be, loosely, split into those which
have resulted from empirical observations and those
based on simplifying assumptions which allow theoreti-
‘cal analysis,

4.1 Parallel Compressor Model with 0.4 Concept
The basic form of the parallel compressor model
assumes that the stability boundary of the compression
system occurs when the portion of the annulus operating
wilth the low inlet total pressure reaches the uniform
flow stability limit. Using this approach, the mean
operating point at instability is a weighted average of the
low flow sector operating at the uniform flow stability
boundary, and the high flow sector operating at a point
AP/pUZ lower. Therefore, the loss in surge margin pre-
dicted by the basic parallel compressor model may be
represented as a straight line on Figure 11. The greatest
loss in surge margin occurs with the narrowest spoiled

15 S
» Basic Parallel
< Compressor Model
Y
T 10-
@
5
2 .
e
a
= !
8 5] f
o yParaIIeI Compressor
E J Theory With DC(8;)
] .
S N s
' ~a— Assumed 0
0 : . . .
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Figure 11: Prediction of loss in surge margin using par-
allel compressor analysis plus DC(04,)
concept [10].
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sector inlet distortion. In the light of experimental
observations like those of Reid [14], the prediction of
the large loss for a narrow spoiled sector is inadequate,
and modified forms of the paralle! compressor model
have been developed to overcome this weakness.

The concept of a critical sector angle may be included
within the parallel compressor model by specifying that
the maximum loss in surge margin occurs when the
spoiled sector width is ;. For inlet distortions which
are narrower than 0, the loss of surge margin is set to
be proportional to 8,y;e1:/8.1- as indicated by the
dashed line in Figure 11. This approach is a useful one
(10], and is linked to the empirical DC(8_;,) correlation
described above. In terms of the stability criterion, the
critical sector angle concept means that instability
occurs when some weighted average of the low and high
flow sectors reaches the uniform flow stability bound-
ary. The implication is that it is possible for a smail por-
tion of the compressor annulus to operate beyond the
usual, or natural, stability boundary provided that there
is enough of the annulus operating on the stable side to
maintain overall stability,
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4.2 Multiple Segment Parallel Compressor Model
The modelling of non-uniform flow through a compres-
sor may be undertaken using more than two idealized
operating points. In the multiple segment parallel com-
pressor model the annulus is split into a number of seg-
ments of equal circumferential width [4]. In a2 manner
similar to the simple parallel compressor model, the
operating point of each segment is determined by the
local inlet total pressure and the local exit static pressure
and the overall performance is the average of the indi-
vidual segments. These models can also account for
fluid dynamic effects that are not present in the basic
model. For example the upstream flow redistribution
brings about an asymmetric inlet angle and relative
dynamic pressure, as shown in Figure 12a and 12b.
Inclusion of this feature can give considerably better
agreement with data, as evidenced in Figure 13. In the
same paper, Mazzawy also describes some of the non-
steady flow phenomena associated with rotor blades
passing through non-uniform flow, which have been
shown to be important in determining the inlet distortion
tolerance of a compressor. Two important observations
made by Mazzawy are:

(i} The idealized operating point of each segment does
not necessarily match the corresponding operating
point in uniform flow conditions.

(ii) The individual blade row performances may extend
beyond the stability boundary in undistorted flow.

4.3 Linearized Distortion Transfer Calculations

The parallel compressor model can be viewed as a
method for calculating the non-uniform flow through the
compression system, the stability of which is then
assessed using the critical sector angle concept. Theor-
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Figure 13: Effect of upstream angle and dynamic pressure
variation on compressor response to inlet [4).
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etical models for calculating the non-uniform flow
through a compressor have been developed with the aim
of replacing or improving the parallel compressor model
predictions. Some of these rely on a linearized approach
where the flow non-uniformity is considered to be suffi-
ciently small in amplitude to ignore non-linear effects.

The advantage of a linearized approach is that many dif-
ferent fluid dynamic effects, for exampie non-stcady
blade losses, non-steady blade deviation and the flow
redistribution in the gaps between the blade rows, may
be easily included with little conceptual difficulty.
Advanced forms of these models are those developed by
Hynes [15] and Kodama [16]. These are useful for
examining distortion transfer and for understanding dif-
ferent physical effects. For example, they have been
used to explore the possible benefits to be gained
through use of asymmetric vane stagger in attenuating
inlet distortion [17]. It is to be emphasized, however,
that a linearized approach is fundamentally unable to
predict changes in stability margin.

5. OTHER TYPES OF FLOW NON-UNIFORMITIES

This lecture so far has been concerned with inlet total
pressure distortions, but other flow non-uniformities also
affect stability and performance. We now examine some
examples of this broader class of distortions.

5.1 Temperature Distortions

A non-uniform temperature distribution may arise
through various causcs, for example from ingestion of
hot gases in VSTOL aircraft or from a non-uniform total
pressure distortion in an upstream compressor which
causes a temperature distortion for the downstream com-
pressor. Total temperature non-uniformities are similar
to total pressure ones as they are convected quantities
and so, conceptually, may be analyzed by using the par-
allel compressor approach as described in Section 2.4,
Correlative procedures, similar to those for total pressure
distortions, have also been developed using temperature
distortion indices, TC(120) (see [10]), and the effects of
combined temperature and pressure distortions have also
been addressed.

5.2 Inlet Swirl Distortions

An inadequacy of defining the inlet flow into a compres-
sor in terms of Py and T, is that it does not include the
effects of swirl in the inict flow field. There may be
bulk swirl due to the generation of streamwise vorticity
when an inlet shear non-uniformity is turned in a bifur-
cated duct geometry. This swirl can load or unload the
compressor, depending on the direction relative Lo that
of the rotor rotation. In addition the effect of swirl and
of inlet distortion appear o interact in a nonlinear man-
ner in that the effect of combined swirl and dislortion is
considerably more severe than might be inferred from
simple addition of the effect of swirl plus the effect of
distortion.
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Figure 14: Effect of inlet swirl and total pressure distor-
tion on compressor instability [10].

Some indication of the strong combined effect of swirl
and distortion are given in Figure 14, from Williams
[11]. The figure shows the fan nozzle area at surge, with
smaller areas upward, plotted versus fan speed for three
cases: total pressure distortion alone, distortion with
swirl and rotation aligned (co-rotation) and swirl and
rotation opposed (contra-rotation).

Regions of localized swirl can also be generated either
due to upstream flow field redistribution (as in Figure
12a), secondary flow effects in the endwalls, or due to
inlet vortex problems. Correlative procedures for these
types of distortion are currently areas of research inter-
est, and one approach has been to relate the compressor
performance in terms of the relative inlet flow angle
onto the first rotor row [18].

5.3 Inlet Duct Geometry and Back Pressure
Distortions
In many cases acroengines are “buried” within the body
of the aircraft and long curved intake ducts, which often
include variable geometry and bleeds to control the
shock system, are necessary. The development of the
boundary layers along these duct walls can be affected
by the intake shock (causing thickening and possible
separation of the boundary layers) or, if the duct is high-
ly curved the associated static pressure gradients can
generate secondary flow which concentrates the bound-
ary layer material into localized regions. The total pres-
sure distribution at the engine face can thus be highly
non-uniform.

The development of the flow within the intake duct can
be substantially changed by the presence of the aero-
engine. This has been demonstrated by Hodder [19]
who investigated the development of flow separation in
an intake when operating at incidence, with and without
the engine. As shown in Figure 15, without engine, at
30° incidence there was a large region of low total pres-
sure flow due to separation. With an engine present,
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Figure 15: Effect of engine presence on total pressure
distribution in a short pitot inlet [19].

even at a larger incidence of 35°, the region of low totat
pressure fluid was much smaller because the compressor
acts to equalize the velocities and the size of the separat-
ed flow (low inlet total pressure) region thus shrinks in
size. (The actual loss in total pressure was similar in
both cases.) It is thus important to ensure that the cor-
rect component interaction is included when undertaking
both experimental and theoretical work.

The flow path through an aeroengine can be obstructed
by mechanical constraints such as support vanes behind
the outlet guide vanes in a bypass duct. The blockage
due to these support vanes causes the flow to redistribute
upstream of them, and if they are sufficiently large then
a non-uniform flow can exist at the outlet of the
upstream component. Although not specifically an inlet
distortion, this type of flow non-uniformity should be
mentioned because it can excite blade vibrations, gener-
ate high noise levels and reduce fan performance. The
analysis of such distortions has been undertaken using
linearized analyses [20], singularity methods [21], (22],
and also by finite difference methods [23]. For example,
investigations have been made into using non-axisym-
metric outlet guide vanes to reduce the upstream influ-
ence of the support strut [22].

6. COMPONENT COUPLING WITH
CIRCUMFERENTIAL DISTORTION

In the above it has been assumed that distortion and
propulsion integration assessment may be done compo-
nent by component. However, the length scale of flows
with circumferential distortion is the mean radius, and
this can be large compared to the distance between com-
ponents. Therefore, with distortion, components can
interact much more strongly than in an axisymmetric
flow. The fluid dynamic interaction between individual
components may involve steady or unsteady flow. An
example of unsteady flow interaction is the evolution of
& rotating stall cell which can take the form of the
growth of a small amplitude, but long wavelength, cir-
cumferential disturbance. Hence the time development
of a stalf cell and therefore the stability limit for nomi-
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nally uniform flow can be affecied by the presence of
upstream or downstream components [24].

6.1 General Effects of Downstream Components

on Distorted Flow Compressor Performance
The coupling that can occur in circumferential distortion
was initially examined quantitatively for passive compo-
nents such as downstream diffusers and nozzles [5], and
discussion of this forms a useful introduction to the
topic. Suppose: 1) there were a diffuser downstream of
the compressor, rather than a constant area duct, and, 2)
the diffuser was short enough so a “parallel diffuser”
view of the flow in the high and low total pressure
streams could be invoked. Such a situation is shown
schematically in Figure 16, In the diffuser, the low total
pressure (low velocity) stream produces a lower static
pressure rise than the high total pressure (high velocity)
stream (Figure 16b). The static pressure at the compres-
sor exit, in the low total pressure region, is thus higher
than in the high total pressure region, since the static
pressure is uniform at the diffuser exit. The converse sit-
nation would occur for a downstream nozzle, where the
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Figure 16: Parallel diffuser model for compressor-com-
ponent coupling effects; a) parallel diffusers,
b} non-uniform flow in a paralle! diffuser.
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low velocity stream would have a lower static pressure
at the compressor exit. Although the parallel diffuser
concept is clearly a crude approximation, detailed com-
putations of the asymmetric flow in diffusers which
examine this effect quantitatively bear out the qualitative
validity of this explanation.

One implication of the presence of the downstream com-
ponent is indicated in Figure 17, which relates to opera-
tion in distorted flow for a compressor with a constant
arca downstream annulus, with an exit diffuser, and with
an exit nozzle. For the same mean flow and inlet total
pressure distortion, the local working points of the com-
pressor, as given by the parallel compressor model, can
be strongly affected by the downstream component. In
particular, the low flow side is pushed nearer to stall by
the presence of the diffuser. Although the arguments
presented are not by any means conclusive, it is never-
theless found that a downstream diffuser can indeed pro-
vide a destabilizing influence.

A more quantitative view of this phenomena is shown in
Figure 18 which gives data and computations for the cir-
cumferentially distorted flow downstream of a three-
stage compressor, which was run with an exit diffuser,
an exit nozzle, and a constant area annulus [25}. The
mean flow and inlet total pressure distortion was the
same for all three tests. As suggested by the physical
arguments given above, the static pressure non-unifor-
mity at the compressor exit is in phase with the total
pressure distortion for the nozzle, out of phase for the
nozzle, and virtually zero for the constant area annulus.

With Exit Diffuser

With Constant
Area Exit

With Exit
Nozzle

Vertical Distance
Betwsen "High"
and "Low" Sides is:
(spl)inlet - (Sp)exit

Pexit ~ (Pdiniet

Figure 17: Effect of downstream components on com-
pressor performance with inlet distortion.
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Figure 18: Effect of downstrecam components on static
pressure distortion at exit of three-stage com-
pressor: a) theory, b) experiment [25].

The referenced papers include other predictions and
measurements of the overall distortion attenuation, the
behavior of the total and static pressure within the com-
pressor, and the quantitative definition of the strength of
the coupling for a given distortion. In regard to this last
issue, it can be noted that the different spatial harmonics
of the circumferential distortion experience different
degrees of coupling because the ratio of axial distance
between component and the wavelength of the harmonic
will differ. It is the low spatial harmonics that show the
strongest effects, hence the emphasis on large extent dis-
tortions.

6.2 Multi-Spool Component Coupling

More recent investigations of compressor-component
coupling in distorted flow have focused on the coupling
between the different spools in multi-stage engines, The
type of interaction considered can be discussed in the
context of flow through a two-spool acroengine (high
and low pressurc compressors), with a square wave inlet
total pressure distortion. If the compressors were far
apart (several radit) the static pressure at the exit of the
low pressure compressor would be uniform, even though
the downstream high-pressure compressor would create
a static pressure field ahead of it. If the distance
between the two compressors were reduced to a level
typical of practice, however, the static pressure field
ahead of the downstream compressor would be scen at
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the exit of the upstream compressor and would affect its
performance,

Ham & Williams [20] examined this sieady flow interac-
tion and developed a “coupling number” which related
the influence of the downstream component on the size
of the non-uniformity at the exit of the upstream compo-
nent. The coupling number CN was defined as

= AP(6) — APy(=)
AP(0) — AP (o)

where APy(x) is the amplitude of the total pressure dis-
tortion at the exit of the upstream component when there
is an axial distance x between the upstream and down-
stream compenents. The value x = £ corresponds to the
actual distance between the two components, whereas

x =0 and o relate to zero and far apart spacing respec-
tively. The coupling number varies between 0, repre-
senting no static pressure field interaction (x = o), and
1, where the two components abut (x = 0) and there is a
strong static pressure interaction. Higher values of the
coupling number correspond to instances where the
presence of the downstream component reduces the dis-
tortion attenuation across the upstream one. In terms of
the parallel compressor concept, the two operating
points for the upstream compressor are closer together
{higher CN} so there is a decreased loss in upstream
COMPressor surge margin.

The analysis of Ham and Williams [20] was based upon
a linearized approach to the modelling of the compressor
behavior, but it gave insights into the differences
between distortion tolerance of the low pressure com-
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pressor when tested in isolation against that when tested
in the aeroengine with a downstream high pressure com-
pressor. Figure 19 gives the predicted surge lines for a
two-spool system, assuming that no coupling exists
between the compressors as well as that assuming that
the compressors are 100% coupled (no spacing between
high and low compressors). Experimental measure-
ments are also shown, and these clearly indicate the
effect of the compressor coupling on the engine stability
limit,

Analysis of the flow coupling between two compressors
becomes more complex when there are vanes in the
duct. This problem was also considered by Ham and
Williams [20] (and theoretically by Hynes [26]). As
might be expected, the vanes reduce the circumferential
flow redistribution between the two compressors and
therefore increase the coupling (effectively making the
duct shorter). Results of computations and measure-
ments showing this effect are given in Figure 20, which
shows how the ratio of duct entry to exit static pressure
ratio increases as the eight vanes fill a greater percentage
of the duct length,

6.3 Non-Steady Flow Interaction

Components in a compression system have also been
shown to influence each other in a non steady-flow man-
ner, Longley and Hynes [27] demonstrated that the uni-
form flow stability boundary of a single stage research
compressor was significantly affected by the presence of
different downstream components. In particular, as
shown in Figure 21, the stage was able to be stabilized
past its nominal stall point (matched build) when the two
stages downstream of it were restaggered 1o a lower
flow coefficient (mismaiched build). This behavior can
be explained on the basis of the interaction of long
wavelength, small amplitude disturbances which would
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Figure 21: Comparison of research stage performance
for different downstream components {27].

grow into rotating stall, but which are suppressed by the
presence of stable downstream compressor stages.
Measurements of the time resolved flow in the compres-
sor, within the stabilized regime, indicated that there was
an increase in flow unsteadiness but no coherence that
would suggest the presence of cither part or full span
rotating stail.

6.4 Radial Coupling

Component coupling has also been suggested to depend
on the radial interaction in low hub-to-tip ratio compres-
sors. Lambie [28] investigated a core compressor, fan
and bypass duct geometry and found that the stability
boundary (as a function of bypass ratio and mass flow)
depended on the axial distance between the core com-
pressor and fan. The explanation given for the change in
the stability boundary was that the core compressor was
sufficiently stable to inhibit the development of flow
instability in the hub region of the fan and hence allowed
a greater operating range. An analysis which puts this
on a firm quantitative footing, however, has yet to be
developed.

6.5 Rotating Distortion

A further aspect related to component coupling is the
response to a rotating distortion pattern. Such a flow
could arise from an upsiream compressor in rotating stall
generating a non-uniform total pressure profile at the
downstream compressor. This situalion has been experi-
mentally investigated by Ludwig et al. [29] who showed
that the stability boundary of a compressor strongly
depended on the frequency at which the distortion rotat-
ed. As seen in Figure 22, for their geometry, co-rota-
tional distortions at approximately 50% of rotor speed
were the most damaging with respect to loss in stable
flow range.

Axial Flow Cosfficient at Inception (¢ = C,AJ)
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Figure 22: Effect of distortion rotation rate on compres-
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7. RECENT DEVELOPMENTS IN MODELLING
COMPRESSOR RESPONSE TO INLET
DISTORTION

In the methods described above, the assessment of when
instability will occur requires some type of empirical
input. One goal, therefore, is to reduce the level of
empiricism and place such assessments on a more rigot-
ous theoretical footing. In this section we describe an
approach aimed at doing this within the framework of
hydrodynamic stability analysis.

7.1 Hydrodynamic Stability Analysis of Distorted
Flow Compressor Behavior
A flow field is considered to be stable if any small dis-
turbance decays in time, The stability boundary thus
occurs where conditions are such that an initially smail
flow perturbation can grow into a large amplitude distur-
bance. Mathematically this question can be examined
by considering the time dependent equations which
determine the compressor flow field and solving for the
temporal development of the most general flow distor-
bance.

A theoretical model for analyzing the effects of a tolal
pressure inlet distortion in low-speed high hub-to-tip
ratio compressors was developed by Hynes & Greitzer
(30}, (following the earlier work of Moore [31]). The
analysis proceeds in two steps. The first is the solution
of the (non-linear) distortion transfer through the com-
pressor for a time independent flow. This yields a
steady-state background flow, non-uniform around the
circumference, whose stability is then examined as the
second step. The stability of the flow is assessed by lin-
earizing about this non-uniform background solution and
determining the time development of the most generat
flow disturbance. The existence of any disturbance
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which would grow in time indicates the occurrence of a
flow instability at that compressor operating point.

The analysis, including the pseudo-spectral computation
procedures for the mean flow and the structure of the
perturbation modes, is described in some detail in the
referenced paper, and some illustrative results only are
presented here. In contrast to other distortion analyses,
not only the compressor and the exit conditions must be
considered, but also the rest of the compression system.
This is because the general unsteady perturbation is not
necessarily confined to the compressor, but may include
motion in the plenum and downstream ducts. Put anoth-
€r way, a stability analysis for a uniform flow wouild
yield modes that were purely sinusoidal (zeroth spatial
harmonic, first spatial harmonic, second spatial harmon-
ic, etc.) in the circumferential direction. Hence the small
amplitude compressor type modes (the asymmetric per-
turbations) would not be coupled to the compression
system mode (the axisymmetric zeroth order distur-
bance). With a non-uniform inlet flow, however, cach
of the modes now has a spatial structure that is rich in
harmonics, so that there is a coupling between distur-
bances that propagate round the compressor annulus
and variations in the mean flow. Essentially, the annu-
lus averaged flow changes in response to the movement
of small amplitude circumferential disturbances in and
out of phase with the background steady flow non-uni-
formity.

The wave structure (around the compressor annulus)
predicted for the case with inlet distortion is shown in
Figure 23. The axes in the figure are circumferential
position and axial velocity perturbation against time. It
can be seen that the wave shape changes as the waves
move in and out of the shadow of the distortion screen,
This behavior was subsequently verified by Longley
[27] in a three-stage compressor, as seen in Figure 24,
which shows the measured and predicted amplitudes of
the unsteady perturbation versus circumferential position
for a compressor with inlet total pressure distortion. The

Structure of compressor inlet axial velocity
perturbation with inlet distortion; axial veloc-
ity versus circumferential position at different
times. Ag denotes annulus averaged mass
flow fluctuation. Distortion of AP/pU2 = 0.2
from 6 = 120° 10 240° [32].
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Figure 24: Amplitude of unsteady axial velocity pertur-
bation versus circumferential poistion for low
speed multistage compresscr with inlet total
pressure distortion [34].

magnimde of the unsteadiness can be seen to vary
strongly around the circumference, evidence of the
effect of local conditions on disturbance amplification
and decay.

A more global result is that the model gives good corre-
lation for the empirically derived DC(0 ;) parameter, as
seen in Figure 25. Further, the trends shown by the
model are in agreement with the type of behavior
described earlier in Figure 9; distortions of small cir-
cumferential extent have little effect on stability and sec-
toring a given total angle of distortion also causes
reduced effect. Based on the parametric studies carried
out, Hynes and Greitzer [30] suggested that the stability
boundary of the compression system could be approxi-
mated as the condition for a zero mean slope of the com-
pressor characteristic around the annulus:

mean slope =2LJ %‘;’-d{)
4

This has been referred to as the IMS (Integrated Mean
Slope) criterion and supports the idea that instability
does not occur when an operating point reaches the
clean flow stability boundary but when there is a balance
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between the extents of the unfavorable and favorable
compressor operation. (The zero slope is the theoretical
prediction for the instability point in uniform flow.)

The theory has also been applied to rotating distortions,
referred 1o earlier in Section 6.5. The calculations show
that there is an increased effect on stability when the
rotation speed of the distortion is near the propagation
velocity of the naturally occurring perturbations (the
eigenmodes of the compressor/compression system) in
the compressor annulus [32]. Experiments on a low
speed multistage compressor confirming the basic phe-
nomena predicted by the model are reported by Plumley
[33].

7.2 Connections with the Parallel Compressor Model
The IMS stability criterion has been applied by Chue et
al. [32] to the case of a square wave inlet distortion and
the results are shown in Figure 26. The stability analysis
reduces to a form very similar to the modified parallel
compressor model (Figure 11), with the critical sector
angle a function of the non-dimensional quantity Aa.
The parameter A is defined by

A= Y .axialbladechord

2
rrgt“% R x cos< (stagger)

and represents the inertia of the fluid in the rotor pas-
sages, and 1/a is proportional to the curvature of the
compressor characteristic at the peak. Williams [10] has
applied these ideas to the prediction of 8., for a num-

0.001
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Figure 26: Effect of compressor parameter Aa on de-
crease in peak pressure rise; computations
based on criterion of zero integrated mean
slope (IMS) at instability point and parabolic
compressor characteristic {32].

ber of different multistage compressors, with the encour-
aging results shown in Figure 27.

In summary, the theoretical model appears to be in
accord with a large body of experimental data, and can
be used to give insight in a number of situations. The
main reason for this is the inclusion within the model of
non-steady fluid dynamic features of the coupling
between high and low flow regions of the compressor
annulus. Further results of computations, the application
to the case of increased stability degradation due to
rotating distortions, and comments on the regimes of
applicability of the IMS criterion, are given by Chue et
al. [32] and Longley [8], {34].

8. SOME COMMENTS ON FUTURE REQUIRE-
MENTS FOR COMPRESSOR MODELS

The models described above provide explanations for
many aspects of compressor behavior in non-uniform
flow. The new theoretical approaches have suggested
various fluid dynamic phenomena, which in turm have
led to improved predicative ability, At present, howev-
er, the theoretical models are primarily for iow Mach
number and high hub-to-tip ratio compressors, and this
section reviews the ways in which these approaches are
being extended.

inlet distortion problems are, in general, three-dimen-
sicnal and can involve significant radial flows in low
hub-to-tip ratioc compressors. These types of non-uni-
form flow problems were initially investigated using lin-
earized approaches [6], [35], though the restrictions on
the formal solutions limited the insight they provided.
The availability of reliable three-dimensional computa-
tion solution methods has renewed the research into
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these problems. The general approach is to solve the
three-dimensional flow upstream of the compressor
using a standard Euler or Navier-Stokes solver and then
applying a compressor like boundary condition at the
acroengine location to generate the appropriate upstream
flow field redistribution. Problems currently being
addressed are the interaction between the nacelle and fan
in bypass engines, inlet vortex generated distortions, and
hot gas reingestion in VSTOL aircraft.

High Mach number flows, where compressibility effects
can be important, are only just being investigated from
the point of view of the effects of inlet distortion on
compressor stability, For high-speed compressors, lin-
earized distortion transfer (LINEARB) and the analysis
of the uniform flow stability [36) have both been carried
out. These techniques can be combined to provide a
compressible form of the rigorous inlet distortion stabili-
ty model that was described for low speed flow in
Section 7.

9. SUMMARY AND CONCLUSIONS

It is interesting to put the present lecture in perspective
by comparing the topics discussed with those described
in a previous AGARD Lecture Series (1.§72, 1974),
which dealt with inlet distortion effects on engine stabil-
ity. Substantial progress has been made since then on
several levels. First, the empirical methods have now
been given a wider degree of commonality (AIR1419).
Second, many aspects which had not been dealt with at
that time have now been sorted out. These include,
among others: 1) the development of methods to deal
with many different streams of different total pressure so
that a more detailed description of the circumferential
flow distortion can be carried out; 2) the assessment of
the effects of temperature distortion and of combined
temperature and pressure distortion; 3) the theoretical
and experimental studies of compressor-component cou-

IBRARY

pling; and 4) the development of three-dimensional
computational procedures to deal directly with the
effects of inlet geometry on fan distortion. Third, the
development of a rigorous stability analysis of compres-
sor behavior in distoried flow has so far yielded results
that are encouraging, at least qualitatively, and have pro-
vided insight into situations such as the effect of distor-
tion extent, which were not available before. This
theoretical analysis can build on the first two aspects in
showing which fluid dynamic effects are important and
in analyzing a wider range of problems. It offers much
potential for the development of methods for dealing
with many aspects of inlet distortion which are currently
beyond predictive capabilities,
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CALCULATION OF INSTALLATION EFFECTS WITHIN PERFORMANCE COMPUTER PROGRAMS
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SUMMARY

Gasturbine engine components as compressors, burners and
turbines are usually tested on rigs prior to installation into an
engine. In the engine, the component behaviour is different due
to a varicty of reasons. The installation effects are caused by
small geometrical differences due to nonrepresentative rig
operating temperatures and pressures, by different gas
propertics and Reynolds numbers and by radial as well as
circumnferential temperature and pressure profiles at the inlet to
the component. For highly accurate performance predictions
these rig-to-engine effects have to be taken into account.

Traditionally the term "instailation” is also used for describing
all the differences in engine operation and behaviour between
testbed and aircraft. Intake and afterbody drag, power offtake
and bleed as well as intake pressurc f;sscs and inlet flow
distortion have significant impact on airflow, thrust, specific
fuel consumption and compressor stability. Using modern
performance synthesis programs all these cffects can be
simulated reasonably weE.
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1. INTRODUCTION

A performance calculation computer program is sometimes also
called a “synthesis" program, because performance is
synthesized from lots of ingredients. Thosc ingredients are the
components of the engine like compressors, urbines, bumers,
ducts and nozzles.

The behaviour of the components is described by their
characteristics. In case of a compressor for example the
characteristic is the compressor map with pressure ratio plotted
over corrected flow for several values of corrected speed.
Efficiency contours can be plotted in the same map.

In a simple synthesis program the component characteristics are
used as calculated or measured on a rig whithqut applying any
corrections. That however docs not result in very accuratc
results. To match such a model to measured data from an
engine test sometimes socalled "fiddle factors”™ are used. That
are factors used either within the model or applied to the
results for which no physical justification is available. Models
with fiddle factors are rather casy to produce, but they are not
suited to predict the performance of an engine for other
operating conditions than those for which the fiddle factors are
defined. They are also not suvited to study the effect of
component modifications.

For accurate performance synthesis one needs to make
corrections to the component characteristics which take into
account any difference between the in-engine operating
conditions and the conditions for which the characteristic
originally was set up.

This paper attempts to give a more or less complete summary
of all nig-to-engine cffects. Introducing these effects into the
ferformancc model should minimize the need for “fiddle
actors” and thus provide the best performance synthesis model
of an engine.

The discussion of the installation effects starts with rig-to-
engine effects for components. Under this heading both
geometrical and acro-thermodynamical differences between
component rig tests and component operating conditions in the
engine are discussed.

In the second part the integration of the components into the
overall engine performance computer program is described.
Here those effects are dealt with, which cannot be allocated to
a single component.

2. RIG-TO-ENGINE EFFECTS FOR COMPONENTS

A rig-to-engine cffect is anything which is differeat between
compenent behaviour during a rig test and while operating in
the engine. Note that there can be & true difference in
behaviour between rig and engine or it can only look like a
difference. The latter can happen when the instrumentation is
not identical between both vehicles. Another reason could be,
that temperature readings are not properly (i.¢. both static and
dynamic) calibrated.
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Fig. 1: Efficiency Loss in Multistage Axial Flow Compressors Due to Tip Clearance

Instrumentation problems are outside the scope of this paper.
However they must not be forgotten when small effects are
being discussed,

2.1 Geometrical Component Differences Rig-to-Engine
When there are geometrical differences between rig and engine
then corrections to the rig results have to be applied. The type
of correction and how it 18 to be applied depends on the change
of the flow pattern due to the geometrical difference.

2.1.1 Tip Clearance

The impact of tip clearance on compressor and turbine
behaviour is so severe, that every effort is made to minimize it
during engine operation. That can be done to a limited amount
by passive means, i.e. an optimal thermal match of static and
rotating parts. An active clearance control (ACC) system is
used on all new big civil engines: Cold air is blown onto the
casing during steady state operation. The casing shrinks and
thus running tip clearance is minimized. For a correct
simulation of an engine with active clearance control one needs
to model the change in tip clearance and its effects on the
component behaviour.

Tip clearance can affect both flow capacity and efficiency of
turbomachines. In case of compressors also the surge pressure
ratio will change with tip clearance.

In figures 1 and 2 (taken from reference [1]) the impact of tip
clearance on efficiency is shown for compressors and turbines.
These figures shall give only an impression about the
magnitude of the effect. The total cffect of tip clearance
depends on the operating conditions, In principle the whole
characteristic will be modified by an increase in tip clearance.
An example is given in figure 3.

Running tip clearance for a specific design depends on build
clearances (production tolerances, squeeze behaviour),
thermal expansion and centrifugal forces. Thermal expansion of
rotors and casings are generally different between rig and
engine. In addition to these axisymmetrical effects casing
ovalization due to external forces (thrust loads, gyroscopic
forces etc.) causes locally increased tip clearance.

There are two t of rigs: specific development rigs and
engine parts rigs. Development rigs are heavy dpesigns with lots
of additional instrumentation and features not available in the
engine. For example on compressors there are stators
adjustable during the rig test which are not planned to be
variable on the engine.

Engine parts rigs are built from engine parts - as the name
says. However the surroundings of the component in the engine
cannot be simulated during the rig test. High pressure
compressors in bypass engines will have quite different heat
transfer to the bypass when operating in the engine. There will
be a flow of varying temperature with s on the outside of
the compressor while on the rig there 1s no flow around the
compressor casing. This causes a difference in tip clearance
behaviour when the speed is changing. An example for this
effect is shown in figure 4.

2.1.2 Blade Untwist

Compressor blades are twisted to comply best with the
increasing circumferential speed from hub to tip. Centrifugal
stresses tend to untwist the blades during operation if this is not
prevented at least partly by snubbers. In case of snubberless
blades this untwist 1s taken into account during the mechanical
blade design.

Blade untwist has an impact mostly on flow but also on
efficiency of compressors with low hub-tip ratios, At a given
corrected speed the mechanical speed will vary with inlet
temperature significantly. Imagine a fighter engine which has to
operate at high altitude, low Mach number with an inlet
temperature of say T,=240 K and at low altitude and high
ambient temperatures with T,=380K. At the same corrected
speed the mechanical speeds can be calculated from

N N,

v240K /380K

or N, = 0.8 * N,. That means, that the centrifugal forces are
at low inlet temperature only about 64% of thosc at high inlet
temperature. Figure 5 shows the untwist of a snubberless fan
blade from low to full speed.
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For the first rotor the untwist effect is the biggest - because it
has the longest blades. The effect of blade untwist is similar to
the effect of restaggering. In figure 6 a typical result of
restaggering the first rotor by 1 degrec can be seen: At high
corrected speeds the flow is much more increased than at low
corrected speeds. Furthermore there is a significant change in
efficiency.
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Fig. 5: Blade Untwist of a Snubberless Wide Chord

Fan

2.1.3 Thermal Expansion

Somc rcmarks about thermal expansion have already been
made. Obviously during cold flow turbine rig tests using engine
parts the difference in thermal expansion between engine and
rig is most pronounced. Turbine throat area will be smaller
during cold flow tests, the correction can be a simple factor on
flow. The acrodynamic similarity of the flow is retained.

2.1.4 Bleed Offtake

In compressors we have often interstage bleed offtake. The
internal flow of the compressor is affected by the ammount of
bleed taken off. Changing the amount of bleed is equivalent to
changing the annulus of the compressor, thus it is a modified
compressor geometry.
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If during the rig test there is less bleed than on the engine then
the last stages will operate at higher flow and thus with more
distance to last stage surge. For an accurate synthesis model it
may be necessary to use different compressor maps if the
amount of interstage bleed (in percentage from compressorinlet
flow) is variable during engine operation.

Rel (P/P-1)
Rel (P/P-1) A
Rel mass flow
Fig. 6: Effect of 1° Restagger of the First Rotor on

the Compressor Characteristic

2.1.5 Cooling Air Injection
The cooling air injection in turbines can be regarded as a
geometrical difference in the flow boundarics between rig and

engine.

On cold flow turbine rigs the cooling air injection cannot be
simulated correctly. Even if there is cooling flow simulation at
all the cooling air temperature is often not in the same relation
to the hot gas temperature as in the engine. In case of correct
simulation of cooling air pressures the cooling air Mach
numbers will be o.k., however the absolute velocitics and thus
the relation between the momentum of the cooling flow and the
main flow is different.

Nevertheless - the effect of cooling air injection on turbine
efficiciency has to be taken from rig tests.

Cooling air injection will also have an influence on the flow
capacity of the turbine. It can happen, that on the rig the stator
is defining the turbine capacity and in the engine the cooling air
injection causcs the rotor to choke before the stator. This leads
to an increasing flow capacity with decreasing turbine corrected
speed.

2.2 Aero-Thermodynamic Differences

The data measured on rigs cannot directly be used as an input
into engine simulations. Component characteristics based on the
laws of similarity are used for this purpose.
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Full similarity of the flow between any two tests implies:

o geometric similarity (dimensional ratios = constant)
o kinematic similarity (velocity ratios = constant)
o dynamic similarity (ratio of forces = constant)

Provided that Reynolds number, gas constant and isentropic
exponent are the samc full similarity is achieved for a given
turbomachine when Mach numbers are the same. The
component characteristics for turbomachines are based
primarily on thc Mach number similarity. Characteristics
measured on & rig are exactly valid only for the Reynolds
numbers, the gas constant and the isentropic exponent
encountered during the test.

2.2.1 Gas Properties

In the engine the isentropic exponent can be quite different to
the rig test value, especially for turbines. The gas constant may
be also not the same. There are three reasons for that:

o the isentropic exponent for dry air varies with
temperaturc
) burning a fuel in dry air results in dccreasing

isentropic exponent with increasing fuel-air-ratio. The
gas constant does not change very much in casc of
the normal hydrogen-carbon fuels.

o water vapor in the air has an impact on isentropic
exponent. The gas constant is also dependent on
humidity.

2.2.1.1 Temperature, Pressure and Fuel-Air-Ratio

The standard procedure for performance calculations is, to use
gas propertics as a function of temperature and fuel-air ratio.
The gas constant is often used with a fixed value in case of dry
air.

In reality the gas propertics are also dependent on pressure.
However in the normal operating range of aircragdgasturbines
the effect of pressure is small and usually neglected.

Only in case of combustors and reheat systems the pressure
level is important: because of dissociation the heat release of
burning fuel is dependent on pressure, cspecially near to
stocchiometric fuel-air-ratios.
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Fig. 7: Water-Air-Ratio for Saturated Conditions as
Function of Altitude and Deviation from ISA
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2.2.1.2 Humidity

‘Water can be in the air as vapor, as liquid or as ice. Here we
deal only with the vapor content. Phase changes as for example
condensation shocks are outside of the scope of this paper.

In figure 7 the water-air-ratio of saturated air is shown as a
function of altitude and temperature. The latter is cxpressed as
deviation from the ISA temperature. One can see, that at low
altitude and temperatures above ISA a significant amount of
water can be in the air.

It is recommended to take the effect on performance into
account when the actual humidity level - which is lower than
the saturated value shown in figure 7 - exceeds approximately
0.005 in water-air-ratio.

Be carcful during tests in an altitude test facility (ATF)! The
impression from figure 7, that one can forget about humidity
effects at altitudes above 20 kft is misleading. In front of the
engine there will be stagnation temperature and pressure, not
the ambient conditions being simulated. Therefore the air can
hold much more water, sce figurc 8.

How much water is in the air in a real test depends obviously
on the outside air conditions. The maximum amount of water in
the outside air can be taken from figure 7. (Read the figure for
the altitude of the ATF location and the actual outside air
temperature). The relative humidity measured on the day gives
then the real water-air-ratio of the airstream entering the ATF.

Saturated water-air-ratio
.08

o Altitude [kft)

Fig. 8: Water-Air-Ratio for Saturated Conditions
during ATF Tests as Function of Altitude
and Simulated Flight Mach Number

When the saturated water-air-ratio from figure 8 is lower than
the water-air-ratio of the outside air then condensation will take
place in the ATF machinery and the air in front of the enginc
will contain water droplets or ice. This causes on onc side
measurement problems - icing of probes - and on the other side
a nontypical behaviour of the engine. The water evaporates
during the compression in the enginc and thus reduces
compressor work. Thrust and SFC taken from such a test are
not representative for an engine opcrating on an aircraft.

To avoid this the condensed water or the icc particles need to
be scparated out in the ATF downstream of the cooler
respectively expansion turbinc.
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3, CALCULATION OF COMPONENT PERFORMANCE

As already mentioned in the introduction one does not get the
best engine simulation if the component characteristios are used
directly as calculated or measured on a rig. Corrections for
deviating gas propertics are necessary. Additionally the
characteristics have to be prepared for the use in a computer in
a suitable format.

3.1 Compressors

3.1.1 Basic Procedure

Compressor performance as mcasured on the rig is normally
presented in grm of a characteristic with pressure ratio versus
corrected flow W%/T/P with corrected speed NAST as
parameter. Efficiency contours complete the map.

Such a map is valid only for a gas with the same isentropic
exponent as during thc rig tecst. For correct performance
calculations it is necessary to take inte account the variation of
the isentropic exponent with temperature and - if applicable -
with water-air-ratio.

Unfortunately it is not possible to achicve full flow similarity
with changing isentropic exponent, an approximation must be

found. Let’s definc map corrcction factors based on Mach
number similarity: in case of speed this factor is defined as

NWVD e  NVD,
f_ =
WD, NN,

For Mach number similarity we have to achieve the same Mach
Number for two different isentropic cxponents. Note that this
it possible either at the inlet or at the outlet of the
turbornachine. We are concentrating now on the inlet conditions
and request:

Niy EIRI T,=NlyxyRoT

Using basic gasdynamic relationships gives for the speed
correction factor:

x,-1
1 M
*R, x( * 2 K
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This factor is cumbersome to work with because of the Mach
number term. It is common practice to neglect the term in
brackets which is equivalent to setting the Mach number to
zero. The error made by doing this can be read from figure 9.
There as an example the water-air-ratio is varied between 0 and
0.03. 3% water in the air leads to a decrease in isentropic
cxponent by 0.28%.

A similar procedure leads to the definition of a flow correction
factor f:

-1 L

xRy (hxoz e

fo | ox— 2
%R, x,-1 5l

ar== My

Again the Mach number term is often necglected, the
consequence is only a small error, sce figure 10.

For efficiency no correction factor can be derived from theory.
Since full similarity cannot be achieved, the flow ficld will be
changed by a change in isentropic exponent. Remember, that
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for example shock wave angles are dependent on isentropic
exponcnt. The impact of a changed isentropic exponent on
efficiency is generally regarded as negligible.
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Fig. 9: Speed Correction Factor as Function of
Water-Air-Ratio and Mach Number

Pressure ratio nceds also a correction for varying isentropic
exponent, The procedure is, to evaluate specific work from the
data in the rig map, correct it for the new isentropic exponent
and then recalculate the pressure ratio using the map efficiency.

The correction factor for specific work can be directly derived
from the speed correction factor: Since specific work is
proportional to speed?, the specific work correction factor is
the squarc of the speed correction factor.

As mentioned above, the correction procedures described is
based on Mach number similarity at compressor inlet only. To
check the influence of this simplification two compressor maps
were calculated with different inlet temperature - which implics
different isentropic exponents throughout the compressor. Then
the correction factors derived above were applied to one of the
maps. The corrected values were checked against the other
map: the lincup between the data is not satisfying. Applying the
factors overestimates the effect. More work is needed to
develop an improved correction method.

Flow correction factor
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Fig. 10: Flow Correction Factor as Function of
Water-Air-Ratio and Mach Number

1 Mach Number

3.1.2 Compressor Map Format

Sometimes it is tried to describe compressor maps by
mathematical formulas, for example polynominals. This
procedure will always need some compromises and thus a
psep:li:d rig-to-engine effect is introduced which can casily be
avoided.



TECHNICAL LIBRARY

From cxperience the best way of preparing compressor maps
for use in the computer is, to draw manually smooth lines
through the measurcd data and check them carefully for
consistency. If necessary, additional lines can be interpolated or
extrapolated. Only by this procedure one has full control, no
outlier in your measurcd data can introduce unwanted effects.

By the way - drawing manually does not necessarily mean the
usc of pencil and ruler. The job can be done for cxample with
a special drawing program on the computer.

The standard compressor map format - where preasurc ratio is
plotted over mass flow with speed as parameter - is not directly
suited for performance calculations. This is because from a
given speed and mass flow one cannot read in all cases an
unambiguous pressure ratio - that happens when the speed line
is vertical. It is also not possible te use pressure ratio and
speed as input - one could get two answers.

Pressure ratio

10

10 i o aa <0 Mass flow

Fig. 11: Compressor Map with Auxiliary Coordinates

The solution is, to introduce some type of auxiliary coordinates
("B-lincs") as shown for example in figure 11. These
coordinates give always unambiguous intcrsections with the
specd lines. Thus a given combination of speed and 8 fixes
pressure ratio, mass flow and efficiency.

Together with the map the reference inlet temperature and
pressure should be stored in the computer. From the actual
compressor inlet conditions the speed correction factor
discussed above can be calculated. Then the map is read using
the map speed and §. For the reference inlet conditions specific
work 15 calculated and then corrected to the actual inlet
conditions. Aifter that the pressure ratio can be calculated. The
mass flow read from the map has also to be corrected as
described in the preceding chapter.

A special case arc maps for low pressure compressors of
bypass engines. They have to be taken from a rig where both
the core and the bypass stream can be throttled independently
from each other.

The correct way to describe the behaviour of such a
compressor would be, to measure on the rig a complete set of
maps with bypass ratio as parameter. That is expensive and
therefore such maps are normally not available.

Often only two maps are used: on¢ for the core and one for the
bypass stream. This can be done in two ways:

In the first approach - which is often applied with high bypass
engines - there are two independent maps. In the altcrnative
method pressure ratio and efficiency of both streams are plotted
over the total mass flow, not over the individual mass flows as
in the first approach. This calculation method is used mostly
for low bypass engines as for example the RB19% or the EJ200.
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In both approaches the impact of bypass ratio on compressor

rformance iz only implicitly taken into account. It is
important, to set up the two maps for bypass ratios as near to
the real engine operating conditions as possible. If the bypass
ratio iz assumed constant throughout the map, then the
description of the compressor is barely adequate for precise
performance calculations. It is better, to assign to each speed
line in the map a bypass ratio.

Rather good accuracy can be achieved when bypass ratio is not
only varied with speed but also with pressure ratio. In
tendency, bypass ratio will decrease with increasing speed and
with increasing pressure ratio on a typical turbofan engine.

With sll those simplificd approaches onc cannot describe
exactly the compressor. Bypass ratio will be different between
rig and engine, a pseudo ng-to-engine effect is introduced by a
too simple compressor map representation.

By the way, if tip clearance corrections arc required these
should be apptied only to the bypass map. Reynolds number
corrections can also be different for both streams.

3.2 Turbines

3.2.1 Basic Procedure

Especially in case of highly cooled gas gencrator turbines it is
very important to have identical efficiency definitions for both
rig and enginc. Detailed bookkeeping for all the cooling and
leakage flows is necessary. Often it is assumed, that cooling air
injected upstream of the turbine inlet nozzle guide vane throat
does do work while the rest is - performance wise - bypassing
the rotor.

‘The rotor blade cooling air is often pumped by a coverplate

attached to the rotor disk. This coverplate operates as & radial
compressor, which obviously needs a centain work input. Some
- but not all - of the work put into the cooling air will be
regained.

Sometimes work consumed by the coverplatc is simulated
separatcly, sometimes the effect of cooling air pumping is
included in the efficiency definition. Whichever efficiency
definition is used - it should be exactly the same for rig and
engine. Otherwise one gets a rig-to-engine effect which in
reality doesn't exist.

The basic procedurc for taking into account a change in
jsentropic exponent is cquivalent to the procedure for
compressors described above. However when simplified
versions of the correction factors are used then they are derived
from the exact value by assuming sonic flow instead of M=0
as in case of compressors.

The magnitude of the isentropic exponent corrections are not
negligible when the turbine map is taken from a cold flow rig.
Changing the turbine inlet conditions from for example
[T,=400K, dry air} to [T,=1700K, combustion gascs with
fuel-air-ratio = 0.023] results in a speed correction factor of
0.939 (sonic flow assumed).

The corresponding mass flow correction factor is 0.972. By
chance the mass flow decrcase is in thc same order of
magnitude as the thermal cxpansion of the turbine throat arca.
The flow changes approximately cancel cach other and
therefore often no mass flow correction is applied to the cold
flow rig results.

3.2.2 Turbine Map Format

There are several formats in use for turbine maps. The input
parameters for reading the map arc often speed NA/T and
specific work H/T. In the normal operating range of a turbine
these inputs are unambiguous and allow to read corrected flow
and efficiency.
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However there are problems with this turbine map format.
Have a look on figure 12: While at high speed the efficiency is
changing only moderately with specific work this is not the
casc at low speeds. There efficiency changes much more with
specific work H/T than at high speed. For a precise numerical
presentation of the map onc necds small steps in H/T and
therefore quite a lot of breakpoints.

To use many breakpoints on a speed line is not sufficient. If
not enough speed lines are stored, then the interpolation error
for efficiency can be significant, see figure 13,

Delta H/T

200 —_— - |
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Fig. 12; Example for a Turbine Map

The problems described can be avoided by introducing
auxiliary 8 coordinates similar to thosc in case of compressors.
Both the maximum and the minimum specific work of the
turbine are stored as oneparametric functions of speed. The
lower specific work is assigned by definition to B=0, the
higher one to 8=1. Then any other point within the map can be
addressed by a value of A between 0 and 1 and its speed.

By this it is achieved, that the sharp efficiency changes with
specific work at low specds arc described properly without
using an excessive number of breakpoints in areas where
efficiency is changing only marginally.

At the same time only meaningful data are stored, no points
with specific work above the turbine maximum capability are
necessary to fill an array completely.

If it is made sure that the cfficiency maximum is approximately
at constant 88, then the interpolation error ig minimized.

The format described up to now is not suitable for all turbines
for the following reason: If one increases for example on a
turbine rig at constant N/A/T the pressure ratio starting from a
low value, then specific work will increase up to a maximum
value. After achieving that maximum it can happen, that with
further increasing pressure ratio specific work drops slightly -
that depends on the special turbine design. As soon as in the
turbine exit annulus sonic flow is reached, any further increase
in pressure ratio has no cffect on specific work.

In such a case for a given specific work there can be two
solutions for reading the map or no solution at all.

Storing the turbine ma
difficulty. Instead of efficiency the isentropic specific work
H,/T is stored and used to read the real specific work. H/T
can be tabulated up to sufficiently high values, the turbine
maximum specific work can be described exactly.

Note that this format is especially suited for free turbines where
instead of the work required to drive a compressor the pressurce
ratio is given.

In case the turbine is followed by a duct and the duct losses are
dependent from flow angle then it is necessary to complete the

in a different format avoids this
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turbine map representation by a map of exit flow angles. This
is simple since the turbine exit flow angle is directly coupled to
its operating point.

3.3 Burners and Reheat Systems

Rig tests for bumers are often done with less than nominal
pressure. The consequences arc bigger dissociation effects than
compared to in engine operation. In proper performance
synthesis programs this is taken into account, additional rig-to-
engine corrections are normally not required.

g

Fig. 13: Linear Interpolation Error

In casec of rcheat systems however the situation is more
difficolt. The simulation of the gas composition of the turbine
exit flow needs special care, If this flow is simply heated by a
conventional kerosine burner, then the fuel-air-ratio required to
achieve a given temperature is significantly lower than the fuel-
air-ratio at low pressure turbine exit in the engine.

In the engine the fuel is burned in the combustor, but after that
the turbines are cooling the gases down. The oxygen content of
the hot gases in the engine is much less than on the rig in case
there only a simple heater is used for the turbine exit flow
simulation.

Obviously a rcheat rig without correct simulation of the oxygen
content in the inlet flow is of limited value. If more oxygen is
available, then more fuel can be burned. The fuel injection
system cannot be properly optimized on such a rig.

To produce the correct oxygen content it is possible to inject
water in the simulated turbine cxit stream. This gives a
significant improvement of the simulation quality, however the
circumferential and radial oxygen distribution found in the
engine cannot be simulated exactly.

Since the oxygen distribution on the rig will always deviate
from the one found on the cngine there are differences in
eificiency between both vehicles to be expected. Note that the
ideal case of stoechiometric combustion is achieved only, when
each drop of fuel finds exactly the right amount of oxygen it
needs.

As in case of gas generator turbines it is necessary to have
identical definitions for reheat efficiency and fuel-air-ratios on
both rig and engine. Also the method of deriving efficiency
should be the same when comparing rig and engine results. On
the rig cificiency can be analysed from gas sampling or by
using an assumed nozzle discharge coefficient. On the engine
gas sampling normally is not used, however engine thrust
mecasurement allows to use an additional efficiency analysis
method. Murphy’s law implies, that you never will get the
same answer for different analysis methods applied to the same
set of measured data. Nevertheless onc should always try to
understand the reasons for the differences.
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The operating conditions of the rcheat system nced also to be
described properly, Note that for burning the Mach number
similarity 1 of no importance. Bumer loading parameters are
more appropriate to describe the physics.

3.4 Nozzles

With respect to performance calculations nozzles are fairly
simple components compared for example to turbomachincs. In
spite of that some rig-to-engine cffects must be mentioned.

Often nozzle tests are done in reduced scale using model
nozzles. When the nozzle inlet temperature and pressure were
uniform during those tests as in case of reference [2] then carc
should be taken when the results arc used within performance
synthesis.

Pressure and temperaturc profiles at nozzle inlet - which are
quite pronounced on mixed flow turbofans - can change both
thrust and discharge coefficients, sec references [3] to [S].

One can try to model the nonuniform flow through the nozzle,
see for cxample reference [5]. The standard approach however
is to use mixing efficiency. Three nozzle flows are calculated:

o fully mixed flow
o core flow (hot stream)
o bypase flow (cold stream)

Each of the three streams is expanded from ite total pressure to
ambient conditions. Since each stream has got a different
nozzle pressure ratio also the individual discharge and thrust
cocfficients can be different - that depends on pressure ratio.

The most relevant result of the calculation is the gross thrust
which is calculated from

F oot i F g st (L i * F i Py )

This type of nozzle modelling is rather crude, it aims primarily
at the calculation of thrust. The effect of the radial nozzle inlet
temperature and pressure distributions on discharge coefficient
is only a by-product.

A second problem with model tests of nozzles is the mostly
noncxistent simulation of nozzle leakage. In case of variable
nozzles - as required for reheated engines - there is some
leakage through the slots between the nozzle petals. Its amount
depends on local pressure ratio between inside the nozzle and
the surrounding preasurc.

For convergent nozzles the leakage is always from inside to
outside of the nozzle. Convergent-divergent nozzles when
opcrated at low pressure ratios behave differentty: around and
downstream of the throat the static pressure inside the nozzle
can be significantly lower than ambient pressure. The
conscquence is, that there is a "negative leakage™: air from
outside is sucked into the nozzie.

This has an effect on both discharge and thrust coefficient.
While con/di nozzle medel tests (without leakage in either
direction) show the discharge coefficient being only dependent
on primary petal angle and not on pressure ratio this does not
hold with leakage. With leakage through the divergent petals
the nozzle can have a discharge cocfficient which is more
similar to that of a convergent nozzle.

The effect of negative nozzle leakage can be benceficial for
thrust in case the geometrical nozzle area ratio Ay/A, is too big
for the operating pressure ratio. By sucking air through the
divergent Is the effective area matio is reduced,
overexpansion avoided or less pronounced and the thrust
coefficient will be bigger than the onc measured on nozzle
modcls without leakage.

4. REYNOLDS NUMBER CORRECTIONS

As already mentioned sbove, the characteristics used for
turbomachines are only valid for a certain Reynolds number
niveau. When changing Reynolds number there will be an
effect on both mass flow and cfficiency and in case of
compressors also on the surgeline. So correction factors to the
maps have to be applied.

4.1 Compressors

A summary of Reynolds number cffects on axial compressor
performance including empirical correlations can be found in
[6]. In spite of the fact that this paper was published morc than
20 years ago it is still being widely used for project
asscsaments. Some important conclusions are summarized in
the following.

With Reynolds number the characteristics of a compressor will
change. Basically the shape of the specdlines will remain the
same, but shifted towards lower mass flow and pressure ratio
when Reynolds number is lowered, see figure 14.

Pressure o -"_—4“
ratio l
/
/
/
AWVB/S //
Mass flow Efficiency
Fig. 14: Reynolds Number Effect on Compressor
Performance

To define a correlation between both characteristics one has to
define equivalent points. It is a good choice, to use points with
the same specific work. Then the mean velocity triangles will
have the same shape.

Correction factors for flow and efficiency can be derived from
experiments. For each point in the characteristics the pressure
ratio can be recalculated from specific work and the corrected
cfficiency value.

Note that also the surgeline is affected by Reynolds number
level. The basic phenomenon however is different as compared
to the efficiency and the flow shift. Those are causcd by the
increase in losses with decreasing Reynolds number. The
surgeline shift however is connected to a reduced operating
range of the cascades. Therefore a different correlation should
be used as compared to the efficiency and mass flow shift, the
assumption of constant specific work is not applicable in this
case,

From the empirical data taken both from cascades, single and
multistage axial compressors it is concluded in [6], that the best
empirical approach to desribe the effect of Reynolds number on
cfficiency is, that the polytropic efficiency changes with
Reynolds number exponentially:

(1-n,p=kRe™
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Generally the impact of Reynolds number on mass flow is less
gmnounced. As a rule of thumb, the change of mass flow is
alf of the change of efficiency.

Values for k and n depend on the specific design of the
compressor and also on the Reynolds number level. As
described in [7] there are three different regimes which can be
connected to the boundary layer condition. Figure 15 taken
from this reference describes the phenomena.

Lam. Separation Bound. Roughness Boundary

Laminar
Tieor | separation

Turb. attached flow
Mydrodyn. smooth

Turb, attached flow
Hydr. rough surface

R, <1,2-10° Recau = 1(22,K)
Nomal turning
1-npe ~ A" Tlpo = CONSL.

- Flow increases - Flow increases slightly
| Stall lins unaffected I Stall line unatfected

Effect: Reduced turning & high losses
Steep v increase
Steep flow increase
Stall tine affected

Normal turning

Fig. 15: Effect of Boundary Layer Condition on
Compressor Behaviour [7]

For application of Reynolds corrections it is a good idea to use
instead of absolute Reynolds numbers a Reynolds number index
RNI:

Re
Re,y

RNI=

Reynolkds number is defined as

Vel VeL+P,
v peRsT,

Re

This can be expanded:

Re*L*——-V—* Iait L
Yo, NI P Tup

The dynamic viscosity u kann be approximated for the
temperature range of compressors by

T .ons
273,

B=lg*(

For fixed Mach number, gas constant and isentropic exponent
the Reynolds number index is:

m:._ﬂ.l.’!_

@, '*
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The corrclations established in [6] were derived from data
taken in the vicinity of the design operating conditions.
Performance calculations however have to cover the full range
of speeds and inlet conditons. A procedure is needed to correct
the component characteristics not only near to design operating
conditions but everywhere.

It is not appropriate simply to correct efficiency and mass flow
read from the map by applying a simple factor. Note that
within a compressor map the Reynolds number is not constant
but obviously varying considerably with speed.

Imagine an example where the upper critical Reynolds number
- above which efficiency is constant, scc figure 15 - is at 80%
corrected speed for reference inlet conditions, No efficiency
correction 18 required at and above that speed. Let's assume
now an increased inlet pressure: the Reynolds numbers
throughout the compressor map will increase. The upper
critical Reynolds number will be achicved already at say 60%
corrected speed. Now efficiency is unaffected by Reynolds
number at and above 60%. Using a correction procedure
depending only on RNI but not on corrected speed would give
the wrong answer.

Thercfore the Reynolds correction applied to turbomachinery
maps has to be done in two steps: firstly the Reynolds number
cffect hidden in the characteristic has to be calculated using
RNI = NA/T/(N/AfT)pe,,- In the second step a revised RNI is
used which takes both N/A/T and the changed inlet conditions
into account. Only the net effect of both steps is applied to the
values read from the characteristics.

In case of Reynolds correction of the surgeline the procedure is
simpler: One stores in the computer several surgelines in terms
of pressure ratio over mass flow with RNI (derived from
compressor inlet conditions only) as a parameter.

4.2 Turbines

Reynolds number efffects are also existent in turbines. The basic
correction procedure to be applicd to turbine maps is essentially
the same as in case of compressors.

The Reynolds number index for turbines depends on pressure
and temperature according to

ma._f!.’i_
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The exponent is matched to the normal operating range of
turbines. It reflects the change in viscosity with temperaturc
which is dependent on temperature level - therefore the
exponent is different to that shown above for compressors.

Turbine maps can be valid for constant inlet Reynolds number
or for constant exit Reynolds number - that depends on the rig
test conditions. Often on the rig the air is expanded against
ambient pressure; the map from such a test has fairly constant
exit Reynolds number.

4.3 Ducts

Duct losses can increase sharply below a critical Reynolds
number. This can be important in bypass ducts which arc fairly
long channels. The critical Reynolds number and the magnitude
of the effect can be derived from theory or analyzed from ATF
data. Sometimes also model tests are used to measure the duct
loss characteristics.

5. FLOW DISTORTION EFFECTS ON COMPONENTS

Only the first compressor of an engine can operate without inlet
flow distortion - and that only while the uninstalled enginc is
running on a testbed. Installed in an aircralt often there arc
more or less severe pressure nonuniformities at the engine face.
In some cases, for example during thrust reverser operation
also the engine inlet temperature is not uniform.
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The downstream compressors see besides a pressure distortion
also a temperature distortion. At burner inlet there can be some
swirl and a radial temperature profile of 2 to 3%. In the
turbines the inlet temperature varies widely both
circumferentially and radially. Mixer inlet conditions are also
not uniform, nor the pressures and temperatures at nozzle inlet.

In the following the effects of flow distortion on component
performance is discussed.

5.1 Compressors

It is very difficult to Kredict the stability Limits of compressors
cven for clean inlet flow. Distortion obviously aggravates the
problem. The lecture presented by Professor Greitzer has
alrcady introduced into the subject from a specialists point of
view.

The presently most appropriate method to simulate flow
distortion effects within performance synthesis programs is the
parallel compressor theory. If used in conjunction with
empirical corrections this can bc a valuable tool for the
prediction of both stability and performance with distorted inlet
flow.

distorted sector

Pressure
ratio

distorted ~ \
speediine

Mass flow

Fig. 16: Compressor Operating Points from Parallel
Compressor Theory

5.1.1 Parallel Compressor Theory

The engine intake especially in casc of a fighter aircraft
produces a quitc complex total pressure distribution. This
distribution is described within the parallel compressor theory
in a mather crude way by two streams with different, but
uniform pressure. Both streams arc filling a sector of the
strcam tube. This simplified pressure ficld 18 characterized by
a distortion cocfficient. For the example, that in a 60° sector
there is the total pressurc lower than average, the distortion
coefficient is called DCg and is defined as

PP
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Now it is assumed, that there arc two compressors working in
parallel. They have both the same characteristics - the one
measurcd on the rig for undistorted flow. One of the theoretical
compressors has a flow capacity of 60°/360° = 1/6, the other
one has 5/6 of the real compressor’s capacity.

Further assumptions arc, that there is no mass transfer between
both compressors and that downstream of the compressor exit
there is circumferentially a static pressure balance.

These assumptions lead to two different operating points in the
characteristic (figurc 16). They are on the same speed line, the
operating point of the distorted sector is nearer to the surgeline
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than the other. The distance of the points increases with
increasing distortion coefficient DCg.

When the operating point in the distorted sector is on the
surgeline, then the basic parallel compressor theory statcs, that
the stability limit of the compression system has been reached.

The mean operating point of the compressor with distortion is
calculated as a mass average. With the shape of speed lines as
shown in the figure above the distorted speed line will always
give a lower mass flow and a lower pressure ratio than the
undistorted speed line. This ig in line with measurements.
However, when the speed line is vertical - which is typical for
overspeed conditions of modern low pressure compressors -
then the parallel compressor model will also produce vertical
speed lines. This is not in line with measurements.

5.1.2 Empirical Corrections

There are other - more important - discrepancies between the
measured characteristics and the onc calculated using the
parallel compressor theory. Firstly, the calculated surgelinc is
mostly lower than the measured surgeline. Thus the model is
conservative. Secondly, the calculated efficiency is
overestimated in the part of the map near to the surgeline.

/Idsallzed incidence
..... Steady-state
............................. SEL ETERETISTTRY butryidh
T \
— .
Retor incidence 4 ~
Equivalent i
Causad by lift
Response delay
0 20 180 210 380

Circumferential position, degress.

Fig. 17: Effect of Lift Response Delay on Apparent
Rotor Stall [8]

5.1.2.1 Surgeline

An explanation for the better distortion tolerance found in tests
is described in [8]. There the behaviour of single stage axial
compressors was studied.

What happens to the flow when the rotor periodically passes
regions with low and high inlet pressure? When the rotor

sses from the undistorted to the distorted sector the incidence
15 increased suddenly because the parallel compressor theory
implies a step change in inlet flow conditions. The flow ficld is
not able to adjust itselfl immediately, there is & delay in
response. Figure 17 taken from [8] illustrates this.

It is known from tests with single airfoils that for a short time
a much higher incidence can be tolerated than for steady state
conditions. The shorter the time, the more the stcady state limit
can be exceeded. Transfering this observation to a compressor
means: there is 8 dynamic suzgeline which is higher than the
steady state surgeline.

For a given compressor the time needed for the rotor blade to
pass through the distorted sector depends only on the sector
angle and speed. An empirical correction for the surgeline to
be applied to the parallel compressor theory can be defined.
The operating point in the distorted sector is allowed to move
beyond the steady state surgeline by
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As mentioned above, the theory described in [8] was developed
for single stage compressors. On multistage machines the
theory must be applied with care, especially if one trics to
predict a surgeline shift without having any rig test evidence.

However, from analysis of rig test data from two multistage
compressors (3 respectively 5 stages) - which need not
neceasarily be representative for other compressors - it was
found, that the influence of speed was within measurement
scatter. The dynamic surgeline shift varied with sector angle
only as shown in figure 18.

201 .
A Surge pressure
ratio [%)
10 .
.
[
¢ T T T
0 60 120 180°
Sectorangle
Fig. 18: Dynamic Surgeline Shift Analyzed from Rig
Tests
5.1.2.2 Efficiency

As already stated, the paralle] compressor model does not result
in correct efficiency numbers in a region near to the surgeline,
measured efficiency is lower. This phenomenon can also be
correlated with dynamic exceedance of the surgeline.

From test analysis of the same compressors mentioned above it
was found, that the parallel compressor model gives reasonable
answers as long as the distorted sector operates in the
characteristics on & point below the steady state surgelinc. As
soon as the steady state surgeline is dynamically exceeded, the
measured efficiencies are lower than the caleulated ones. That
means, that the transient exceedance of the surgeline does not
cause compressor surge, but it increases significantly the
losses.

An empirical correction to the parallel compressor theory can
bring theory in line with measurements. In the distorted sector
efficicncy is decremented by

AN o riadsecer “i38CtOTANG e SPeEC)

To apply the modified parallel compressor theory one needs to
read from the steady statc characteristics data above the
surgcline. That means, the map has to be extrapolated. This is
rather easy when instead of cfficiency specific work is
extrapolated. The latter is fairly linear in a wide part of the
map.

The empirical correction of surgeline and efﬁcien?oallows to
better simulate the behaviour of a compressor, from which
measured data both for clean and distorted inlet flow are
available. Care should be taken before such empirical
corrections are used for compressors which have not yet been
rig tested.

5.1.3 Inlet Swirl

Long, S-shaped inlet ducts like those on the Tornado aircraft
can produce at the engine face a swirling flow. One of the
engines sces flow rotation in the same direction as the fan (co-
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rotation), the other engine is in a more difficult situation. The
counter-rotating flow effectively increases the incidence of the
first rotor (thc RB199 has got no inlet guide vanes) and drives
the fan towards surge.

The impact of inlet awirl on the compressor characteristic and

its surge line is best tested on a rig. In performance

calculations several compressor maps with swirl anglc as

parameter can be used. An alternative is, to apply ng test

gcﬁved influence coefficients to a map valid for clean intake
low.

5.2 Turbines

On a turbine rig the temperature distribution both radially and
circumferentially is uniform. In the engine however the bumer
produces & nonuniform temperature profile.

The circumferential differences can be even bigger when the
engine operates with distorted inlet flow. As mentioned above,
a pressure distortion at the engine face is transformed to a
temperature distortion at the burner inlet. The bumer outlet
temperature distribution will therefore be also affected by the
distorted engine inlet flow.

5.2.1 Effect of Burner Exit Temperature Distribution

The temperature distribution at the combuster outlet can be
described by the Radial Temperature Distribution Factor
(RTDF) and by the Overall Temperature Distribution Factor
(OTDF). Those factors are defined as
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While a turbine can be designed for the radial temperature
profile it is not practical to design for a circumferential
temperature distribution.

The circumferential temperature differences can be quite large.
A value of OTDF=25% - which is not exotic for a modern
gasturbine - results in circumferential temperature variations
from peak to peak of up to S00K!

To cstimate the effect of thesc temperature differences onc can
use a parallel turbine theory. As in case of the parallel
compressor theory it is assumed, that two machines with
identical characteristics are working in parallel.

At the inlet of both turbines the pressure is the same, but the
inlet temperatures arc different. Corrected s is also
different. How can we find the operating points in the turbine
map?

Within a performance cycle calculation the total power output
of the two turbines is defined by the power requirement of the
compressor to be driven. Total mass flow is known also from
upstream components when the parallel turbine calculation
starts.

For the turbine exit conditions there are two possibilities:

0 The turbine is expanding into a duct where equal
static pressurc can be assumed.

o A further turbine is following directly. Corrected
turbine exit flow must be the same for both turbines
operating in parallel.

In both cases the parallel turbine model gives very similar
operating conditions in the turbine map, see figure 19.
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With increasing OTDF the two operating conditions are moving
away from each other. The mass averaged efficicncy is
dropping alightly (figurc 20).

Specific work H/T

A0

1004

] . [ »0 v 100 ' 130

Fig. 19: Turbine Operating Points from Parallel
Turbine Theory

Downstream of the turbine there is a flow angle difference
between the cold and the hot sector which is proportional to the
OTDF (figure 21). This effect can cause downstream of the
turbine losses for example if there is an incidence sensitive
exhaust guide vane.

The paralle]l turbine model answers also the question: what
happens with OTDF while the flow is passing the turbine? In
the example shown in the previous figures the difference
between peak and mean temperature is approximately 10%
lower at turbine exit. The relationship between OTDF,,, and
OTDF.,, is linear. Note however that mixing during the
expansion process will reduce OTDF additionally.

AUl
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Efficiancy loss
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Fig. 20: Efficiency Loss Due to Inlet Temperature
Distortion OTDF

5.2.2 Effect of Inlet Flow Distortion

The temperature distortion at the compressor exit caused by
enginc inlet preasure distortions does not exceed OTDF=2-3%
even in extreme cases. Assuming a circumferentially uniform
fuel distribution leads however to a nonuniform fucl-air-ratio
distribution and therefore to an increased OTDF at combustor
exit.

6. INTEGRATION OF COMPONENTS
PERFORMANCE SYNTHESIS PROGRAM

The preceding chapters have dealt with rig-to-engine effects for
components. In the performance calculation program their
characteristics and the necessary corrections for rig-to-engine
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effects arc combined and the overall performance is
synthesized. The result of the calculation is an operating point
for each component, temperatures and pressures r.ﬂ:oughout the
engine, spool speeds and - last but not least - thrust and specific
fuel consumption.

6.1 Modular Performance Synthesis

How does a modern performance synthesis program work?
There is in practice a quite different approach used as
compared to the onc described by Professor Saravanamuttoo in
the preceeding lectures. Before discussing the merits of each
synthesis method let us first describe the structure of modem
performance synthesis programa.

A rmther comprehensive overview over the historical
development of those programs in general is given in [9].
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Fig. 21: Turbine Exit Flow Angle Variation Due to
Inlet Temperature Distortion

6.1.1 Program Structure

6.1.1.1 The Problem
The task is, to calculate both design and off design
performance for a wide varicty of engine types. For cach
engine type one needs a specific way of calculation - you
certainly remember from Professor Saravanamutios lectures.
One can attempt to write a program which can deal with a
reselected number of cycles, that was done for example by
gIASA, sec references [10] to [12) and also in the previous
version of the MTU performance synthesis program.

However engineers are very inventive. There are new ideas
about the best simulation of component performance as well as
new cycles. In the last years for cxample we at MTU had to
deal with performance calculations for the following engine

types:

turbojets
gasgenerators
turbofans
two- and three spools
mixed and unmixed
with and without reheat
convergent and con/di nozzle
o turbopropa
o propfans
single rotating
countcr rotating
turboshafts
without and with heatexchanger
variable cycle engines
ramjets
turbojet - turbofan - rocket combinations
closed cycles
use of n{temative fucls (¢.g. in hypersonic vehicles)

-~

o

0000
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Fig. 22: Modular Performance Synthesis Structure for a Mixed Flow Turbofan

There is no recalistic chance to write a conventional program
which covers all the cycles. The program logic and structure
would be very complicated and any program modification
would be timeconsuming and prone to errors. Note that a
program is never finished in practice - with the exception of
programs which arc no longer in use. For performance
programs the only requirement which does not change is the
requirement for program changes.

6.1.1.2 Possible Solutions

There are two ways out of the dilemma: One is, to write
specific programs for cach type of enginc. As far as possible
for all of those individual pro s the same set of subroutines
is used. The drawback of this method is, that the modifications
of the steadily increasing number of programs becomes more
and more expengive.

The way chosen at MTU is the modular approach. In the
MOdular Performance Synthesis program "MOPS" each cngine
component is represented by a program module. The user of
the program sclects the required modules for his cycle and
writes down, how they arc connected with each other. The
program has some similarity with the Navy NASA Enginc
Program NNEP, sce references [9} and {13].

There are "thermodynamic" modules which make up the main
flow path through the engine. Such a module - representing for
cxample a compressor - has standardized inlet and exit stations
where mass flow, total temperature and pressure, cifective arca
and the fluid properties like fucl-air-ratio are stored. The
standardization mLE:s sure, that all modules can be connected
in arbitrary sequence.

What happens intermally in a module is dependent on the
module properties - in principle the input data for the module
like compressor maps, Reynolds correction factors etc. The
modular calculation results are also stored as properties of the
module.

Besides the main gas flow there arc other connections between
modules. Compressors arc delivering cooling air to turbincs,
they require shaft power and the variable guide vancs need to
know from the control module, how they are positioned. Those
connections between modules are also standardized and can be
connected in any reasonable way.

Besides the thermodynamic modules there are others
representing for example the control system or a shaft including
possibly a gearbox.

A special module calculates overall engine quantities like thrust
and specific fuel consumption. This module is able to read out
prgdpelrtics from other modules - which is forbidden for other
modules.

In figure 22 a graphical representation of the module
connections for a mixed turbofan is shown as an example.

All modules are programmed fully independent from each
other. Within the module the nomenclature can be selected
fully free, conflicts with other modules are made impossible by
the following data structure:

The module properties arc addressed in the data input and
output by their "first name” - which is identical to the
FORTRAN name in the module program list - and their
*second name” - a two letter combination which stands for the
module. Thus for example ETA HC is the cfficiency of a high
pressure compressor and ETA HT is the efficiency of a high
pressure turbine.

The nomenclature used within the modules follows closely the

SAE rules layed down in [14]. That makes sure, that the

program code is readable also for non-programmers. Having at

}ﬁ“ 50% of the program listing as comments is an additional
elp.

Of course there is also a user’s manual for the program
available. However it describes only the basic principles and
gives general advice. Experiences shows, that one is never able
te produce an user’s manual which is up-to-date in every detail.
The only program description which is 100% correct is the
program listing itself.

6.1.2 Finding Valid Solutions

When all the modules are programmed individually, how arc
then valid engine operating points found where mass flow
colr‘ltinuitg and power balance between all components is
achicved

An iterative procedure is used and the task is dealt with as a
pure mathematical problem. Let us describe the iteration
necessary for the example of a simple turbajet:
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Take compressor spool speed as given. The compressor
operating point is then estimated by fixing a value for the

auxiliary coordinate 8. With given compressor inlet conditions
everything within the compressor module can be calculated.

Burner inlet conditions are known now. Bumer exit
temperature or fucl flow is again estimated, the turbine inlet
conditions are thus clear. For the turbine module the shaft
power requirement is known from the compressor and the
gearbox calculations. The turbine map coordinates corrected
speed NA/T, and corrected specific work H/T, arc now known.

From the turbine characteristics one reads cfficiency and
corrected flow W/ T/P,. Since both the compressor operating
point and burner temperaturc were only estimated values the
map corrected flow will not be in line with the turbine inlet
corrected flow as long as the iteration has not yet converged.
The deviation between both corrected flows is called an error -
the "turbine flow error”.

The turbine calculation is completed within the program
module using the data read from the characteristic, the crror
mentioned above is reported to a driver routine but otherwise
ignored.

In our simple example directly after the turbine a convergent
nozzle shall follow. Here a second error will be detected: The
turbine exit total lﬂ’mmum will not be the one required to pass
the turbine exit flow through the nozzle. Let’s call this error
the "nozzle pressure error”.

We have found two errors in the calculation and we have
estimated two variables - compressor § and T,. We nced now
an algorithm to manipulate our estimated values such, that both
errors are simultaneously below a certain limit.

N
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Fig. 23: A "Biack Box" Model for the Iteration
Procedure

How this algorithm works in detail is not important to the
performance engincer. This is a purely mathematical problem.
Obviously we want rapid convergence, but more important is,
that the module internal calculations remain fully independent
from the iteration algorithm. Only then we have the freedom to
describe the physica in any way deemecd necessary.

Within MOPS there is a completc isolation of the iteration
algorithm from the module calculations. Any input quantity into
a module can be a variable of the iteration. The corresponding
crrors are for standard calculations built into the modules; they
can also be defined by program input.
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For the mathematical algorithm the engine medel (consisting of
scveral program modules) is like a "black box". Attached to the
box there 18 for each variable a lever. Moving a lever is
equivalent to modifying a variable.

When a lever is moved, then something happens within the
box. To the outside world the only visible thing is, that on
instruments attached to the box one or morc indicators are
moving. In fact, the instruments arc indicating the errors found
during the calculation, see figure 23,

There is the trivial casc when each lever is directly connected
to one single instrument. Then it is casy to adjust the variables
in the way, that all crror readings are zero.

Within performance calculation programs however the situation
is more difficult: changing one variable results in modified
instrument readings for several crrors at the same time!
Remember our simple cxample: when the estimate for the
compressor operating point is changed by modifying £ then
both the "turbine flow error” and the "nozzle preasure error”
will change.

What is a suitable strategy for finding quickly the lever
positions where all instruments are indicating zero? One way
18, to move cach lever independently a little bit and observe the
indicators. The lever must be put back to its previous position.
After all these test movements {one for ¢ach lever) one can
conclude a combination of lever movements which will result
in reading zero for all instruments - assuming linear
relationships between lever movements and  instrument
readings. Since in reality the relationships arc nonlinear, the
instrument readings for the new lever positions will not be
exactly zero, but certainly much smaller than before.

There are powerful algorithms readily available which can cope
with the problem. One of those is for cxample described in [9].
We at MTU are using an algorithm taken from the
commercially available mathematical library MINPACK and
have made good experiences with it.

It is not always easy for the user of a modular performance
synthesis program like MOPS to sclect the relevant variables
and to define the corresponding ervors properly. It huprns,
that variables are selected which don’t change any of the
crrors. Then the mathematical algorithm has no chance to find
a solution. Sometimes - for example with excessive power
offiake at altitude - no solution exists. Also the existence of two
solutions can confuse the algorithm.

6.1.3 Comparison with Simplified Performance Synthesis
Seiting up a working iteration scheme - that is a proper
selection of wvariables and crrors - Iamuhﬂ a physical
understanding of the engine to be simul . Here comes the
point where we need the thoughts presentcd by Professor
Saravanamutto in the precceding lectures. The way to use a
performance computer program successfully needs the
understanding of the nondimensional engine behaviour.

Applying the rig-to-engine effects described in main ohapier 2
gives the required accuracy of the results. Within a limited
range of paramcters however the engine will still behave as
described by schoolbook scicnce. If in a specific example that
should not apply - check your computer result carefully!

A computer program is a tool to produce numbers, but it is not
very well suited to teach physics. The user of a performance
program needs to understand what he is doing - otherwisc he
never can be sure that the printed result is correct and not the
consequence of an input crror. One never can make & program
foolproof, cspecialliy not a big program with an practically
unlimited number of input options!
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7.ENGINE INSTALLATION EFFECTS

L.t us now come to some results from performance synthesis.
In the following chapters thosc engine installation effects arc
dealt with, which can not be attributed to a specific component
alone. Also problems of interaction between components will
be discussed.

7.1 Thrust-Drag-Bookkeeping

On a testbed as used by the enginc manufacturer often the
thrust is measured without any power offtake and bleed. The
measured value is corrected for testbed specific effects; as a
result one gets uninstalled engine thrust.

Installed into an aircraft the thrust will be different for a variety
of reasons. There is an intake pressurc loss, at the engine face
pressurc is lower than ram total pressure. Shalt power is taken
off to drive a generator. Bleed air is used for cabin
pressurization.

Even if one corrects for all the effects mentioned - which is
rather straightforward with a synthesis program matched to test
data - onc does not get the thrust value needed by airframers
for flight performance calculations.

For those calculations a clearly defined bookkeeping of all
forces acting on the aircraft is required. Forces produced by
the engine must be scparated from drag and lift.

This is not a trivial task because the flow field around the
aircraft is affected by the engine mass flow and the nozzle
exhaust conditions. With variable intakes, boundary layer
bleeds etc. found on supersonic fighter aircraft the bookkeeping
can be quite complicated. In the following only the two most
important clements are discussed briefly: spillage drag and
afterbody dmag.

Ac = Capture Area
Ag = Streamtubre Areg

Fig. 24: Spillage Around an Intake

7.1.1 Intake Forces

One can define a reference condition where the engine mass
flow is optimally matched to the intake. The streamtube of the
engine air is just of the same gize as the intake area, see figure
24,

When the engine is throttled back, its mass flow goes down.
The approaching streamtube is now smaller than the intake
arca. When compared to the reference condition described
above there is some air bypassing the intake. This causes the
socalled "spillage drag”.

7.1.2 Afterbody Forces

On a fighter aircraft with reheated engines the exhaust nozzie
is variable. The external flowfield around the afierbody of the
aircraft is quite different between dry and reheat operation.
When the nozzle is closed the boattail angle is big and there is
a danger of flow scparation. Even without flow separation the
drag 15 bigger than during reheated operation when the nozzle
external fairing is of more or less cylindrical shape.
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results for installed and uninstalled conditions.
For installed conditions the optimum SFC requires a bigger
nozzle area than for uninstalled conditions. The reason for that
is, that both spillage and afterbody drag are decrcasing with
increasing cnginc mass flow.

When c:ﬁii:':ing the control laws for an engine one can get
quite di

7.2 Power Offtake and Bleed Effects

7.2.1 Power Offtake

It is no problem at all to simulate the effect of power offtake
within a performance synthesis program. One should however
be aware, that taking off a fixed power can have quite different
cffects on the cycle - that ds on enginc inlct conditions.
Corrected power offtake is PW/(5*/8), thus for example at
flight condition 50000ft/M =0.7 one can take only 14% of the
power available at ISA sca level static.

Since however aircraft power demand is an :lgproxnnate' ly
constant absolute power, at 50000f/M=0.7 the corrected
power offtake is 7 times as big as at sca level. Such a power
offtake has a severe cffect on the cycle: the operating point in
the high pressure compressor is moving towards lower spool
speed and in dircction of the surgeline. While at sea level
power offtake is limited by mechanical restrictions within the
gearbox, at high altitude it is limited by the compressor
stability boundary.

From this considerations it can be concluded, that for
performance calculations at  high altitude the power
consumption of the engine ox and the accessories attached
to it nced to be better simulated than just with a constant
mechanical efficiency of the high pressure apool.

Power requirements for the different fuel pumps are dependent
on fuel flow and speed. Bearing and gearbox losses vary with
speed, but also with oil temperature. The latter can be
controlled by the thermal management system within the
FADEC (=Full Authority Digital Engine Control) which
switches between fuel cooled and air cooled oil coolers.

Surge
line
POT 7
Pressure /
: Blead
ratio POT + /
Bleed /
50000 f/0.5 / POT = 100kW = 0.5% of HP Spool Power at SLS
POT = 4% of HP Spool Power
at 50000 H/0.5
Bleed = 0.5 kg/s = 1% of HPG flow at SLS
SLSﬂ NAB = 6.5% of HPC flow
at 50000 #/0.5
Mass flow

Fig. 25: Power Offtake and Bleed Effects on High
Pressure Compressor Operating Points at
Sea Level and at Altitude

7.2.2 Bleed Air for Aircraft Purposes

The bleed air used for aircraft cabin pressurization alleviates
the compressor stability problem, but weakens the cycle. Again
the bleed air requirement in terms of kg/s is fairly independent
from flight conditions, the effect on the cycle is much more
severe at altitude.

In figure 25 the impact of both power offtake and bleed is
shown in a high pressure compressor map for sea level and
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altitude. The absolute amount of bleed respectivcly power
offtake is the same for both flight conditions.

In case the bleed air is taken not from the exit of the
compressor but as an intcrstage bleed then for precise
calculations the change of the compressor characteristic has to
be modelled as alrecady mentioned in chapter 2.1.4.

The total temperature at the offtake port can be calculated from
the relative work consumed up to the relevant stage. Note that
near to the wall the total temperature is higher than average
and adjust the relative work accordingly! The total pressure at
the blecd port can be caleulated by using a somewhat lower
polytropic cfficiency than that of the main stream.

Bleed air pressure and temperature are important for the
aircraft designers. There are both maximwm and minimum
limits for the pressure and sometimes there is also a not-to-
exceed bleed air temperature. On modern civil engines it can
be nccessary, to have two customer bleed air offtakes which
are switchable: at idle compressor exit bleed is used, at max
climb rating an interstage bleed port.

Bleed air conditions at aircraft/engine interface have to be
calculated with sufficient care. The local pressure - where the
air is taken off - is dependent on the specific design, it is
scldom the total pressure. The pressure losses within the bleed
manifold and pipe system are very much mass flow dependent.

'l“t_:n;nlgenture calculation for the bleed air has also to start at the
offtake position, There it somc mass flow dependent
temperature change when the bleed air pipe is cooled by the
bypass air flow.

7.3 Intake Losses and Flow Distribution

7.3.1 Pressure Losses

Total pressure losses of an intake with fixed geometry are
dependent on flight Mach number, corrected airflow, angle of
attack, angle of sideslip and Reynolds number. In case of
intakes with variable geometry of course the pesition of the
ramps and boundary layer bleeds have to be taken into account,

Extensive test scries are required to find out the loss
characteristics and the g%‘mum control laws for the variable
geometry of an intake. This is done by the airframers. Within
the engine companies often only the most important parameters
- which are Mach number and corrected flow - are simulated.

When the aircraft intake is operated near to its maximum flow
capacity then it produces high intake pressure losses and at the
same time severc flow distortion.

7.3.2 Flow Distribution

While it is rather straightforward to calculate the effect of mean
intake total pressure loss on engine performance this is not the
case for maldistributed flow.

The most simple case is a pure radial pressure distribution. For
bypass engines one takes then just different inlet pressures for
both streams. For such cngines different characteristics for
inner and outer flow are used anyway.

For & description of a pure circumferential pressure distribution
the distortion coefficient can be used. The empirically corrected
parallel compressor model is suited to do the performance
calculations.

Purc bulk swirl effects can be taken into account by usc of
several fan characteristics and interpolating between them over
swirl angle.

The prediction of the cffect of a real distorted inlet flow with
both radial and circumferential pressure distribution - combined
with bulk swirl and possibly a component of twin swirl - cannot
be handled within a performance program. This needs
compressor characteristics derived from rig test experience.
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May be onc can find a simplified description of the measured
stability, but the prediction of c?'fine behaviour in case of
complex flow distortion is very difficult.

7.4 Effect of Inlet Flow Distortion on Stability and
Performance

It is advantageous to include a simple distortion calculation
model into the performance synthesis program. This allows to
find out critical operation conditions for a specific
aircraft / engine combination. The distortion level is a complex
function of aircraft flight condition (Mach number, angles of
attack and sideslip) and engine corrected flow.

The most critical point within the operating envelope can be at
high altitude, low Mach number with moderate flow distortion,
heavy power offtake and no biced. It can however also be at
low altitude, with heavy flow distortion due to high aircraft
angles of attack and sideslip and fast acceleration of the engine
up to high corrected speeds.

7.4.1 Parallel Compressor Model Integrated into the
Performance Synthesis Program

In the component chapter it was shown, that onc can model
both stability limit and cfficiency level of a compressor with
distorted inlet flow. There is no problem to integrate the
empirically corrected parallel compressor theory into the
performance synthesis,

7.4.1.1 Interaction Effects between Components

In the engine however there are phenomena which were not yet
discussed. The parallc] compressor theory uses the assumption,
that there is static pressure balance downstream of the
compressor, This assumption is not justified in casc of the inner
fan flow of bypass engines. The struts in the intcrmediate
casing will prevent the adjustment of the streamlines which is
necessary for static pressure balance.

The phenomenon is called spool coupling. A theory which
describes it is presented in reference [15]. A subroutine based
on this reference was written by our specialists for unsteady
acrodynamics and is uscd in the MTU synthesis program for
the description of spool coupling effects.

There can be also another spool coupling effect in an engine.
On the carly RB199 enginc it happencd, that when the fan was
operated on a high running line (but still below the surge line)
it caused the high pressure compressor (HPC) to surge. The
HPC surged in spite of the fact, its operating line was well
below the rig mecasured surge line.

The full explanation for that is reported in reference [16].
Basically the fan had local flow detachment in the hub region
at its exit and this caused a severc flow distortion for the
intermediate compressor - which could cope with it. The HPC
however could not tolcrate the distortion and surged.

While an effect like the one just described can hardly be
predicted there is another interaction effect between
compressors which is automatically handled by the parallel
compressor model when integrated into the synthesis program.
The inlet pressure distortion is transfered by the fan into an
inlet temperature distortion for the high pressure compressor.
Thus at the inlet of the HPC cach sector has its own inlet
temperature and pressure. In the characleristic the two
oget;nti?g points are no longer on the same speedline as in casc
of the fan,

The effect of inlet temperature distortion is discussed in
reference [17], there also experimental results are included.

7.4.1.2 Iteration Scheme for a Bypass Engine with
Circumferential Inlet Flow Distortion

In chapter 6.1.2 the very simple iteration scheme applicable to
a turbojet was discussed. Now a more complex example is
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dealt with: a mixed flow turbofan with inlet distortion operated
at max dry rating.

Max dry rating is an ambiguous definition: dependent on flight
condition, power offtake and bleed it can be 8 maximum N,,
N, A/f8, Ny, N A~/8, Py, Ty or a turbine temperature limiter.
\\hlen starting the calculation one docs not know, which of the
various limiters will be active. Therefore both spool speeds
have to be estimated at the beginning of the iteration, they are
the first two variables in the iteration scheme.

Duce to the distorted inlet flow there are two operating points to
be found in the fan characteristics. That means, that we have to
cstimate two values for the auxiliary coordinate §. Also for the
high pressure compressor there are two 8's to be estimated.

We need further to estimate bypass ratios for both the spoiled
sector and the unspoiled sector and the fuel flow.

Now we have estimated alltogether 9 variables. There must be
cxactly 9 conditions (prior convergence: crrors) taken into
account during the calculation. Those are:

1 circumfcrential static pressure balance in the bypass
channel

2 circumferential static pressurc balance in the
combustion chamber

3 high pregsure compressor flow must be in line with
map value (unspoiled sector)

4 high pressure compressor flow must be in line with
map value (spoiled sector)

5 high pressure turbine flow must be in line with map
value

6 lt:\lv pressurc turbine flow must be in line with map
valuc

7 static pressure balance between core and bypass
stream at bypass exit

8 nozzle total pressure must be in line with the required
one to pass the flow through the given arca.

9 the engine shall run at max dry rating

The last condition is a special one: there are deviations from all
limiters to be cajculated. The errors have to be defined such,
that a limiter exceedance is expressed as a positive error. Then
all deviations from the limiter settings are checked and the
biggest onc is introduced in the iteration scheme.

It may happen, that during the itcration the active limiter
switches from for example N, to a turbine temperature limit.
But that i¢ no problem for the mathematical routine which
drives the 9 variables towards the solution. After convergence
one of the limiter errors is just O - that is the active limiter. All
the other errors are smaller, no other limiter is violated.

Normally it takes between 15 and 25 passes through all module
calculations until convergence is achicved. For our present
model of the EJ200 engine that means approximately 1 CPU
second on our IBM NAS/EX100 mainframe computer.

8. FLIGHT PERFORMANCE CALCULATION

Who uses performance computer programs and for which
purposc?

Engine manufacturers arc mainly intcrested in the operating
conditions of the engine components. During development it
has also to be found out, which component is responsible for
performance shortfalls and how the components are matched
together in the best way.

Aircraft manufacturers are interested in the aircraft
performance in terms of achievable turn rates, specific excess
power, mission fucl consumption and so on. For that purpose
they need programa (also called computer decks) which
calculate installed engine performance.

There are detailed requirements for such programs laid down in
reference [18]. In prnciple & foolproof program is requested:
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for any input a rcasonable answer should be given. To produce
such a computer deck is quite challenging.

The mm‘ﬂlgf decks produced at MTU are specific versions of
our stan synthesis program MOPS. All the description of
the physics is exactly the same for both versions, only input
and output routines arc different, By this approach we
accumulate a lot of experience with the program for a specific
engine model during our daily work. We scc it as the best way
to produce as reliable customer decks as possible.

In spite of all the success we had in the past with the computer
decks for various military and civil engine projects we are quite
aware, that one can neither produce an absolute faultfree nora
real foolproof program: Fools are just too inventive!
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DYNAMIC CONTROL OF AERODYNAMIC INSTABILITIES
IN GAS TURBINE ENGINES
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G. J. Hendricks, J. Paduano, J. S. Simon, L. Valavani
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ABSTRACT

This lecture discusses the use of closed loop control at
the component level to enhance the performance of gas
turbine engines. The general theme is the suppression of
flow instabilities (rotating stall and surge) through use of
feedback, cither actively or by means of the acrome-
chanical coupling provided by tailored structurcs. The
basic concepts that underlie active control of turboma-
chinery instability, and their experimental demonstra-
tion, are first described for a centrifugal compressor. It
is shown that the mechanism for stabilization is associat-
ed with damping of unsteady perturbations in the com-
pression system, and the steady-state performance can
thus remain virtually unaltered. Control of instability
using a tailored structure is then discussed, along with
experimental results illustrating the flow range extension
achievable using this technique. A considerably more
complex problem is presented by active control of rotat-
ing stall where the multi-dimensional features mean that
distributed sensing and actuation are required. In addi-
tion, there are basic questions conceming unsteady fluid
mechanics; these imply the need to resolve issues con-
nected with identification of suitable signals as well as
with definition of appropriate wave launchers for imple-
menting the feedback. These issues are discussed and
the results of initial successful demonstrations of active
control of rotating stall in a single-stage and a three-
stage axial compressor are presented. The lecture con-
cludes with suggestions for future research on dynamic

control of gas turbine engines.

NOMENCLATURE

a speed of sound

A area

AT non-dimensional throttle area

B dimensionless ratio of compliance to inertia
(= (URa) YV, LA )

Cy axial velocity

L. equivalent compressor length

mass of moveable plenum wall
Mach number
frequency ratio (Eq. (6))
complex variable
throttle characteristic
rotor tip speed
plenum volume
aeroelastic coupling parameter (Eq. (5))
proportianal feedback gain

) perturbation quantity
disturbance growth rate (e®)
damping ratio
density
dimensionless time
flow coefficient (= C,/U)
pressure coefficient
frequency

E€E DR aNg<CH®0ZS

:

compressor
plenum

ambient conditions
Helmholtz frequency
nth spatial mode
throtle

~Samow o

1. INTRODUCTION

The continuing microelectronic revolution opens new
doors to the designer of fluid and mechanical systems
who can now consider replacing basically open-loop
devices with ones employing integrated clectronic feed-
back control at relatively low cost. This enginecring
approach is fundamentally different from the traditional
one that emphasized simplicity, but the potential for
increased performance, functionality, maintainability,
and lowered development costs has made intcgrated
control machines attractive in a number of applications.
Many of these are flight critical in the sense that mal-
function of the control system could result in loss of the
vehicle, requiring extreme confidence in the control sys-
tem.
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The application described here is the use of integrated
feedback control to improve the performance of pumps
and compressors by increasing the stability of the
machine through suppression of surge and rotating stall.
These aerodynamic instabilities are intrinsic to a wide
variety of turbomachines, and often stand as absolute
limits to their performance. Increased stability gives
potential for increases in machine performance, operat-
ing range and pressure rise.

Because of its importance, stall and surge control have
been under investigation for a number of ycars. The
schemes investigated, however, relied on finite move-
ments lowering the operating point, so that the nominal
surge line was not crossed. The present approach is fun-
damentatly different in that:

a) itis aimed at suppressing the instabilities through
active control, allowing stable compressor operation
in a previously unstable (and thus forbidden), high-
performance region, and

b} it operates on small amplitude disturbances, thus
requiring relatively little control power.

The approach is illustrated conceptually on the compres-
sor map shown in Fig. 1. Point A represents a conven-
tional operating point without control and point B a new
operating point in the region (shaded) stabilized by
active flowfield control past the *natural” stall line.

In this lecture, we discuss strategies for using the type of
approach described to control a broad class of turboma-
chinery instabilities. Rotating stall is one such example,
in which small disturbances evolve into a finite ampli-
tude limit cycle, where the strength of this “rotating stall
cell” is set by nonlinear effects [1]. Surge, which is a
more global system instability, is another example [2],
31

The basic ideas underlying active control of turboma-
chinery instability are presented in the next section with
reference 1o a particular situation: surge control in cen-
trifugal compressors. It is shown that the mechanism for
stabilization is associated with the damping of unsteady
perturbations in the compression system, and that the
stabilization process may leave the steady-state perfor-
mance virtually unaltered. The control of instability
using a tailored structure as the feedback mechanism is
then discussed. Following this, an evaluation is carried
out of a number of possible schemes for practical appli-
cation.

A more complex implementation problem is presented
by the control of rotating stall which is 2 multi-dimen-
sional (rather than one-dimensional) instability, so that
distributed sensing and actuation are required. Basic
questions arise concerning the flutd mechanics of the
unsteady disturbances, the identification of suitable sig-

nals, and the definition of appropriate wave launchers
for implementing the feedback. These issues are dis-
cussed and experimental results concerning the active
control of rotating stall in a single-stage and a three-
stage axial compressor are presented. The lecture con-
cludes with suggestions concerning unanswered
questions and areas of future research on dynamic con-
trol of gas turbine engines.

Two points can be remarkcd on at the outset. First, the
field of active control of complex fluid systems is new
and rapidly evolving, and the present document is thus
very much a snapshot of this evolution rather than a ret-
rospective survey of a mature area. Second, although
the lecture predominantly describes work conducted at
MIT, care is taken to point out those areas in which there
are either alternative approaches to the problem or where
differences in interpretation and/or philosophy occur.

2. ACTIVE CONTROL OF COMPRESSOR SURGE

It is useful to introduce the ideas in a specific context,
namely control of compression system surge. The basic
model developed for this situation provides an instruc-
tive example for discussing the different aspects of the
problem. There has been much work carried out on
what is termed surge control, and discussions of differ-
ent available techniques have been given by Bayce et al.
[4], Ludwig and Nenni [5], and Staroselsky and Ladin
[6]. The approach here is fundamentally different
because it is based on effecting changes in the unsteady
system response, i.e., the system dynamics, rather than
the steady-state behavior. More specifically, existing
surge control schemes act by effectively lowering the

. Surge Line
Region h
Stathived / With Control
With Active
Control Actively Stabilized
/ Operating Point
@ Performance
.E% Improvement
@
2 N Operating Point
® Without Control
a
Surge Line AN Constant
Without Control Speed Line
Mass Flow
Fig. 1: The intent of active compressor stabilization is

to move the surge line to lower mass flow,
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operating line once some steady-state, near-surge operat-
ing condition is reached or detected. In contrast, the pre-
sent approach uses active control to enhance the stability
of the compression system, effectively moving the surge
line.

The conceptual basis for the active control scheme is
that the nonlinear limit cycle oscillations characterizing
surge start as small amplitude disturbances. We monitor
these disturbances and feed back a signal derived from
them into an actuator or actuators. The combination of
compressor, Sensors, processors, and actuators (i.e., of
compressor plus controller) constitutes a new machine
with different stability properties from the compressor
alone; these can be exploited to enhance the stable flow
range.

2.1 System Modeling

Lumped parameter system models have been used by
many authors to examine instability inception in both
axial and centrifugal compression systems, ¢.g.,
Emmons et al. [7], Greitzer {8], and Ffowcs Williams
and Huang [9], and there is no need to enter into a
detailed description here.

The basic system representation is shown in Fig. 2a, and
incorporates the following assumptions: one-dimension-
al, incompressible flow in the compressor duct; com-
pressor considered as a quasi-steady actuator disk;
plenum pressure is spatially uniform but varying in time
and flow velocity is negligible; throttle behavior is
quasi-steady.

We are interested in the question of whether small per-
turbations will grow or decay. A linearized description
of the departures from an arbitrary equilibrium point can
thus be adopted, with all quantities expressed in a Taylor
series about this equilibrium point {¢.g., Greitzer [8]).
Carrying out this step and writing the resulting equations
in non-dimensional form, the temporal (t) behavior of
the perturbations in non-dimensional plenum pressure
rise (8y) and non-dimensional mass flow (or flow coef-
ficient) (6¢) can then be described as:

®¢ _ gl{IVe|se —
2 B[T&TQ 5 &v] (a)

for the system without active control. Equation (1a)
expresses a one-dimensional momentum balance in the
compressor duct where the quantity (dy/d¢) is the slope
of the compressor characteristic, ¢valuated at the equi-
librium operating point. Equation (1b) represents a mass
balance for the plenum with the term (dT/d¢) represent-
ing the slope of the throtile pressure-drop characteristic.
[The compressor characteristic, Y, gives the non-
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Fig. 2: Lumped parameter compression system: (a) no
control; (b) controlled system with sensor in
plenum and throttle actuator.

dimensional compressor pressure rise as a function of
the flow coefficient,¢, and the throttle characteristic, T,
represents the throttle pressure drop.] The non-dimen-
sional quantity B, defined as (U/2a) YVp/LA_ , which
can be regarded as a measure of the ratio of plenum
compliance to duct inertia, is of considerable importance
in determining control effectiveness.

2.2 Feedback Stabilization

For feedback stabilization, one measures the system out-
put, compares it with some desired reference level,
determines the error and computes an input signal (com-
mand to some actuator) based on this error to drive the
error to zero. If this can be successfully accomplished,
the system output will be maintained close 1o the desired
value which normally implies that the system is stable.
The relationship between the system error signal and the
actuator command is called the control law, and may be
dynamic (involving differential equations) or static
(involving only algebraic relationships). In this section
we will use the simplest control law, a proportional rela-
tionship between input and output, subsequent sections
will discuss the impact of the form of the control law.
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To describe an actively controlled system, we must
therefore account for the influence of actuators on sys-
tem performance, repreésent sensor measurements, and
incorporate a feedback law. Each choice of sensor-actu-
ator pair, when coupled to the control law, results in a
distinct dynamical system. We illustrate the derivation
of the characleristic equation for one particular system
only and present results for the other systems.

Suppose a pressure probe in the plenum is used as the

sensor and a valve which modulates the throttle area is
selected for the actuator (as indicated in Fig. 2b). The
equations that describe the dynamics of the system are
now (la) plus

By 3¢ __ | ATl sa
&8 BT Ws(l AT @
&/ar O Ay

A T is a non-dimensional control valve area, and
(dT/d A1)y is the derivative of the characteristic curve
of valve pressure rise versus valve area. Comparison
with Eq. (1b) shows that the original system has been
modified by the introduction of the control term which
involves 8A 1 in Eq. (2).

Equations (1a) and (2) do not yet define the system
dynamic behavior because the relation between the
throttle area perturbation is not linked to the pressure
rise or mass flow perturbations. Specifying this relation
defines the throttle control law. In this initial discussion,
we take the relation to be the simple proportionality,
expressed in Eq. (3):

~

SAT _ Z by 3)
Ar
where Z is constant, relating sensed pressure perturba-
tions and instantaneous valve area. Inserting Eq. (3) into
the system Egs. (1a) and (2) produces two coupled equa-
tions for 8¢ and Sy, with solutions of the form eSt | The
characteristic equation for s is given by:

1- {-AL Arz
1 A dy.

sl (__fg:“ -5(%]

4
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Fig. 3:
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Equation (4) is the equation of a damped harmonic oscil-
lator, with the damping positive or negative depending
On compressor operating point. The primary role of the
active control is to modify the damping term (note the
presence of the parameter Z) in the equation, increasing
the stability of the oscillatory system.

2.3 Some Results From System Modelling Studies.
From the system model one can extract several general
trends pertaining to the control scheme described so far,
For this scheme, the control effectiveness decreases as
either or both the B-parameter and the slope of the com-
pressor characteristic increase, as illustrated in Fig. 3.
The figure shows the value of gain (Z) needed to stabi-
lize a compressor operating with given compressor
slope, as a function of B-parameter. As described in the
paper by Pinsley et al. [10], which gives a physical argu-
ment for this limitation, the maximum slope of compres-
sor characteristic at which stabilization can be achieved
is equal to 1/B.

The reason for the decreased effectiveness with increase
in B-parameter is connected to the overall decrease in
stability that occurs as B increases. This is well known,
and has been amply discussed in the literature (e.g.,
Greitzer (8]). Larger B implies a more compliant sys-
tem, which means that the unsteady flow through the
throttle is less coupled to the unsteady flow through the
compressor. Control strategies using a downstream
throttle would therefore be expected to lose effective-
ness. We return to this point when we discuss evalua-
tion of the strategies for practical situations,

2.4 Initial Experiments on Surge Control
Based on the analytical results, experiments were carried
out using a small centrifugal turbocharger (Holset 1D).

100
Unstable 0.5
ﬁ' ’
- 50 < . . )
= g Non-Dimensional
o Compressor Slope
0

B Parameter

Gain required to stabilize the compression sys-
tem increases with increasing B and compressor
slope (dy/dd).
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Fig. 4 Experimental setup of actively stabilized cen-
trifugat compressor [10].

Impeller tip diameter at outlet was 5.5 cm, with the max-
imum compressor speed investigated 110K rpm. A
schematic of the facility is shown in Fig. 4; more detail
is given by Pinsley et al. [10].

The exit throttle was a rotary gate valve mounted at the
plenum exit. Valve opening was sct by rotating a ported
inner sleeve relative to outer stationary ports, and valve
angular position was measured with a rotary variable
differential ransformer angular displacement transducer.
The control valve was actuated by a low inertia D.C. ser-
vomotor. Inertias of the motor and valve rotors were
kept small to maximize frequency response, which was
flat to 80 Hz.

The most basic task of the controller is to shift the surge
onset point to lower mass flow. This behavior is shown
in Fig. § for a speedline at 90K rpm. There is roughly a
25% change in the instability onset flow. Also, the time
mean pressure rise in surge (the open squares) is roughly
20% lower than the controlled values at the same mass
flow.

Investigations were carried out over a range of speeds
and B-parameters and the overall conclusions can be
summarized as follows: The active control stabilized the
system at flows below the natural surge point, the com-
pressor pressure rise in controlled operation remained
near the pre-surge level, the control effectiveness
decreased as B increases, and the position of the surge
line “knee” was a function of B.

Time-resolved measurements were also conducted to
examine the perturbations prior to and during large
amplitude surge. The pressure fluctuations along the
90K speedline with and without control are shown in
Fig. 6. The letters comrespond to the points marked on
the time mean characteristic in Fig. 5. The suppression
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Fig. 5: Speedline indicating time mean operating

points with and without control [10].

of the oscillations when the control is applied is evident.
An alternative way to view the effect of control on pres-
sure fluctuations in the system is to examine the peak
amplitudes as a function of flow. This is shown in Fig.
7. With control, the amplitude is suppressed at flow
coefficients below the natural surge value to a level
below that of mild surge. Even when surge can no
longer be avoided, the peak amplitude of the fluctuations
remains lower than the level without control.

The transient behavior of the system when the control is
turned on or off is also of interest as a measure of con-
trol effectiveness. Figure 8 shows non-dimensional
fluctuations in valve arca and plenum pressure, as well
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0.5 - c . D

v 00 AAAAS -
-0.5 . )
0.5 A 1 B

W 0.0 Jvammnnvanaananns e
-0.5 I r . T T \

00 01 02 03 00 01 02 03

Time (Secs) Time {Secs)

Fig.6: Time-resolved compressor performance without
control at points A-D and A’, B’, as indicated in
Fig. 5 [10].
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as variations in compressor mass flow during a transient
from deep surge with the controller off, to stable opera-
tion with the controller on. (This figure can be com-
pared with Fig. 15 of Ref. [9].) In the figure, time is
given in dimensional form to show the actual temporal
characteristics of the valve action. Att=1.03 seconds,
the controller is switched on at a previously set con-
troller gain and phase. The controller captures the surge
fluctuations within one to two surge cycle periods, even
though the system is operating in a highly nonlinear
regime. Although implementation of the controller
shifted the time-averaged operating point along a con-
stant throttle line, the stabilized operating point
remained within the flow range where surge was
encountered with no control,

2.5 Summary of Initial Investigation of Active Control
The experiments reported demonstrate that active con-
trol can be an effective means of suppression of centrifu-
gal compressor surge. We emphasize that the strategy
described is by no means optimal and other strategies
are examined in Section 4. The results presented subse-
quently also point up the dependence on sensor and
actuator position, which are issues that must be taken
into account when deciding methods of practical imple-
mentation.

3. DYNAMIC SURGE CONTROL USING
TAILORED STRUCTURES

Another new approach to stabilization is via the use of
tailored structural propenrties, i.e., modifying the dynam-
ic response through acromechanical interaction so that
the system stability is increased. Such an approach was
investigated by Gysling et al. [11], who used a movable
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0.5
Pressure
(vf) 0.0-
054
05 - 1
Mass Flow i
@) 00 ,
-0‘51 T T ! T T T gl
00 04 08 12 168 20 24
Time (secs)

Fig. 8: Transient behavior of system initially in deep
surge during controller turn-on [10].

plenum wall as a mass-spring-damper system, driven by
unsteady pressure perturbations in the plenum. A sketch
of the overall configuration is shown in Fig. 9. The
aeroelastic coupling (between the wall and the compres-
sion system) allowed the damper on the moving wall to
dissipate mechanical energy associated with flow distur-
bances, thereby suppressing surge.

3.1 Non-dimensional Parameters

The detailed analysis is presented by Gysling et al. [11].
The degree of suppression depends on matching the
structural and system fluid dynamics and there are four
non-dimensional parameters, in addition to B, that fea-
ture in this interaction.

Plenum Wall
{Spring/Mass/Damper)
\
\F L'J \'I
Compressor

. Il Plenum \
// —> 1y —> 1l
ON r ® ( @

Inlet Duct

Fig.9: Schematic of moveable plenum wall compres-
sion system [11],
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The tip Mach number (based on plenum conditions) is
defined as:

Tip Mach number = U/asienum- )

The tip Mach number enters as a measure of the effect
of wall motion on the mass balance in the plenum. (1t
does not appear explicitly for a fixed wall configura-
tion.) The pressure and mass flow fluctuations are func-
tions of tip Mach number (they scale as MZ at low
speed), but the wall motion is not. In this problem the
Mach number is a measure of the acrodynamic - struc-
tural coupling, rather than a representation of the impor-
tance of compressibility.

The parameters W, {, and Q determine the wall dynamic
characteristics relative to the unsteady behavior of the
basic (rigid wall) compression system. W is an aeroe-
lastic coupling parameter defined as

212
w=Podple ©
mVp

This parameter determines the degree to which the wall
responds to pressure fluctuations in the picnum.
Increasing W implies a greater wall response.

{ is the critical damping ratio of the plenum wall mass-
spring-damper system, cotrected to remain independent
of compressor operating conditions. and is defined as

3y V Po @

Q defines the ratio of natural frequencies for the wall
mass-spring-damper system and for the fixed wall com-
pression system (the Helmholtz frequency), also correct-
ed to be independent of compressor operating point.
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3.2 Summary of Model Results for

Dynamic Structural Control
Linear and nonlinear computation of the system dynam-
ics have been carried out and are reported by Gysling et
al. (11]. Two representative calculations are shown in
Fig. 10 which presents the maximum stable compressor
slope that can be achieved as a function of B-parameter
and Mach number, The important result is that the peak
is not a sharp one, and the scheme should work over a
range of conditions, i.e. it need not be re-tuned for each
operating condition.

3.3 Experiments on Control of Surge

Using Tailored Structures
A small turbocharger facility, sketched in Fig. 11, was
used to assess the concepts described. Several different
ways to implement the control scheme were reviewed.
The wall had to be capable of withstanding large steady
state and transient pressure loading, yet respond to small
amplitude perturbations in plenum pressure. A rigid pis-
ton and an aerodynamic spring were determined to be
practical solutions to these constraints. The rigid piston
was mounted on a shaft, guided by linear bearings, and
allowed to float between the main plenurn and an auxil-
iary plenum. A small diameter tube connected the two
plenums so they were isolated for high frequency pres-
sure disturbances (i.e. surge oscillations), but steady
state pressures were able to equalize. A viscous dash pot
was used for the damping.

The compressor was operated at corrected speeds from
60 to 100K rpm, corresponding 10 B-parameters of 0.63
to 1.0. It was of interest to operate with the moveable
plenum wall in optimized as well as non-optimized con-
figuration, and speedlines were recorded with various
levels of wall damping.

Auxiliary Plenum
(With Spring and Damper)
/

Holset HID 3 ']J |_ Moveable Wall
Turbocharger . #
p<—" <— Main Plenum
Inlet Duct — Throttle Valve

' Orifice

/ Plate
Settiing
Chamber

Fig. 11: Schematic of experimental facility for investi-
gation of dynamic structural control.
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The steady state compressor performance map for the
three moveable wall configurations and the fixed wall
system, is shown in Fig. 12. The steady state pressure
ratio is unaffected by the presence of the moving wall in
the stable flow range of the fixed wal! system, but the
surge line is moved to the left markedly. The degree of
surge suppression achieved is dependent on the move-
able wall control parameters, as predicted; the optimized
configuration performed the best, with the performance
of the other two configurations decreasing as one moved
farther from optimum.

Figure 13 shows predicted and experimental surge lines
for rigid wall and for the optimized system. The predict-
ed surge line is based on the linear instability point, and
the experimental surge line is defined as the onset of
deep surge (i.e. reverse flow); this also marked the
points at which the time-mean pressure ratio dropped
sharply. The compressor characieristics used were a
third order polynomial curve fit of the spcedlines mea-
sured by Pinsley [12].

3.4 Summary of Results for Dynamic Control

Using Tailored Structure
Dynamic control using tailored structure was cffective in
suppressing centrifugal compressor surge; the surge line
was shifted roughly 25% in flow over a significant por-
tion of the corrected speed range examined. The effec-
tiveness of surge suppression is function of a set of
non-dimensional parameters which govern the aeroelas-
tic coupling of the wall to the compression system
dynamics. The scheme was robust, suppressing surge
over a wide range of operating conditions with no
adjustment 1o the parameters. Tailored structural damp-
ing of aeroelastic instability was also demonstrated to
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Fig. 13: Predicted and measured stability limits with
dynamic structural control [11].

lead to suppression of existing, (highly nonlincar), surge
cycles. For the configuration investigated, the nominal
limit cycle wall motion in the stabilized region was
roughly 0.1% of plenum volume, with frequencies near
the Helmholtz frequency. Pressure fluctuations in the
stabilized region were on the order of 0.5% of the mean
pressure rise of the compressor.

4. EVALUATION OF DIFFERENT APPROACHES
TO ACTIVE COMPRESSOR SURGE
STABILIZATION

4.1 Discussion of Practical Limits to Control
Selection of sensor and actuator type and location is a
critical factor in determining the effectiveness and prac-
ticality of an active stabilization system. A methodolo-
gy to compare different implementation altematives, as
well as a comparison for a number of candidate strate-
gies has been examined by Simon et al. [13]. The gener-
al problem of actuator/sensor selection has been
considered by a number of researchers in other applica-
tions (see, for example, Norris and Skelton [14];
Schmitendorf [15]; Muller and Weber {16]). These pro-
vide comparisons based upon somewhat abstractly
defined performance indices, whereas the paper by
Simon et al. [13] makes quantitative comparisons more
closely related to the turbomachinery community. The
active control systems studied were cnes that might be
implemented in various gas wrbine systems.

Figure 14 shows schematically the types of actuators and
sensors considered. The results of the analysis, the spe-
cific transfer functions and a description of the limita-
tions of compressor flow range increase with
proportional control, are given in in the paper.

The analytical results indicated that ability to stabilize
the system depends strongly on proper pairing of actua-
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Fig. 14: Schematic of actuators and sensors evaluated [13].

tor and sensor, as well as on the values of the sysiem
parameters, particularly the compressor slope and B-
parameter. The systems considered, however, had ideal-
ized controllers, and it is necessary o include bandwidth
limitations and actuator constraints (for example, servo
dynamics and stops) which are encountered in any phys-
ical realization. As a matter of definition, by actuator
we refer here to the entire actuation system includinﬁ the
flow train element (e.g. the valve), the motor that drives
it, and any included feedback elements.

Bandwidth limitations may be imposed by sensors, pro-
cessor, actuator, or some combination of the three.
System bandwidth may also need to be constrained to
maintain stability if unmodelled dynamics are present.
The lags introduced by finitc bandwidth generally result
in reduced control effectiveness, although to some
degree, they can be compensated for by use of a control
law more sophisticated than proportional control.

Another constraint on control effectiveness is introduced
by bounds on actuator influence. For example, valve
areas can only be modulated between 0 and 100% (i.e.
the valve must be somewhere between full open and full
closed).

4.2 Sensor and Actuator Pairs
Five actuators and four sensors (Fig. 14) were studied as
representative of a diverse set of implementation
options. The actuators were:

1) injection in the compressor duct;

2) close-coupled control valve;

3) plerum bleed valve;

4) plenum heat addition; and

5} amovable plenam wall.
The sensors were:

1) compressor duct mass flow;

2) plenum pressure;

3) compressor face static pressure; and

4) compressor face total pressure.
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All twenty pairings of the five actuators and four sensors
were evaluated with a proportional contro! law. Such a
comparison provides two useful results. One is the iden-
tification of actuator-sensor pairs which provide stabi-
lization over a significant range of system parameters
using the simplest possible control law. In addition, for
those pairs with significant stabilization, the required
gain gives a measure of the combined effectiveness of
this choice of sensing and actuating locations.

In view of the preceding discussion of bandwidth and
actuator limitations, two constraints were imposed.

First, the allowable magnitude of the normalized propor-
tional gain was limited to be no more than twenty.
Second, the bandwidth of the feedback loop was limited
by modeling a two-pole, low pass Butterworth filter in
the feedback path. The filter can be given various physi-
cal interpretations such as probe dynamics, amplifier
dynamics or actuator dynamics, but whatever the inter-
pretation, insertion of the filter insures that the feedback
path has finite bandwidth, a constraint which will always
exist in practice. The study was carried out with the cut-
off frequency of this filter maintained at ten time the
Hembholtz freguency of the system.

The figure of merit used to asscss the actuator-sensor
pairs was 10 examine the stability boundaries in a com-
pressor slope versus B parameter plane. Preliminary
studies showed that these two parameters have a domi-
nant effect on system stability. It is more relevant o
quantify the stabilization that can be achieved in terms
of compressor slope rather than in terms of change in
mass flow at stall.

With the four sensors studied, and proportional control,
the close-coupled valve and injector emerged as the
most promising actuators, A further question to address,
however, is whether the type of compensation or choice
of sensors would affect this conclusion, and optimal
control theory was used to address this, The actuators
were thus compared based upon their minimal required
RMS (root mean square) response to persistent broad-
band disturbance, while maintaining system stability.
This comparison is independent of choice of sensor,
because it is assumed that the state of the system is
known at all times. Further, the comparison is based
upon the minimal possible RMS amplitude, and hence
there is no question as to whether a particular actuator
would perform better if another control law were used.
In this sense, the comparison is also independent of the
control law.

4.3 Quantitative Results of the Control

Scheme Evaluations
The results of the calculations are summarized in Fig.
15, which shows stability boundaries for the twenty
actuator-sensor pairs. The figure is broken into four
plots, one for cach sensor. Within each plot, the five
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curves indicate the different acwators. The region
below and to the left of any given line is the region in
which stabilization can be achieved. In the upper left
hand plot, for example, all the region to the left of the
dash-dot line represents the range of compressor slope
and B-parameter in which the combination of compres-
sor mass flow sensor and close-coupled valve is capable
of suppressing the instability.

Several general conclusions can be drawn from the com-
putations;

a) Control becomes more difficult as the compressor
slope and B-parameter increase, with the maximum
stable slope decreasing with increasing B.

b) Only the actuators located in the compressor duct,
which act upon the compressor duct momentum
{injector and close-coupled control valve), are capa-
ble of stabilization at steep slopes over the full
range of B.

c)
d)

Plenum heat addition gives little or no stability,

In general, there is no best sensor independent of
the actuator.

A more specific conclusion is given by the comparison

2

0 0.4 0.8 1.2 16 2
Compression System B Parameter

. 15: Influence of sensor and actuator sclection on maximum stabilized compressor characteristic slope, for a band-

of the results with the mass flow sensor to those
achieved with other sensor locations. As B reaches a
value of roughly unity, the ability of all the pairs to sta-
bilize the system becomes small, except for the close-
coupled valve and the injector which use mass flow
sensing . Thus, both actuator position and sensor posi-
tion are important.

4.4 Effect of Controi System Bandwidth

The study of the sensor-actuator pairs was carried out
using a fixed value of control system bandwidth (0} ten
times the compression system Helmholtz frequency
(). The influence of controlier bandwidth on the sta-
bilization process was therefore also examined. Figure
16 shows the changes in instability onset that occur with
different controller bandwidths for conditions corre-
sponding to the close-coupled control valve, with feed-
back on mass flow and a B-parameter of 2. In the
figure, the horizontal axis is the controller gain, and the
vertical axis is the compressor characteristic slope at
instability. Curves are shown for values of o/oy from
1.0 to 100, representing extremes of this ratio, and it is
evident that controller bandwidth strongly influences the
range of stabilization that can be achieved.

Other results are given in the referenced paper but the
overall conclusions of the control evaluations are as fol-
lows:
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compressor slope at instability onset; close-cou-
pled control valve [13].

»  Proper choice of actuator and sensor is an important
part of the overall design of a surge stabilization
system.

«  Mass flow measurement with either a close-coupled
valve or an injector for actuation are the most
promising approaches of these evaluated.

»  Fuel modulation is not a promising candidate for
practical ranges of system paramelers.

»  Characterization of compression system disturbance
sources is important for determining the require-
ments for active control schemes.

«  Steep slopes and large B parameters make control
more difficult.

«  Actuator bandwidth can be an important constraint
in many practical implementations.

5. ROTATING STALL

The higher order modes of instability in compression
systems have to do with rotating stall. As analyzed by
Moore and Greitzer [1], for example, one view is that
the stability of the compressor is tied to the growth of an
(initiaily small amplitude) wave of axial velocity which
travels about the circumference of the compressor. If
the wave decays (i.e. its damping is greater than zero),
then the flow in the compressor is stable, whereas if the
wave grows (wave damping negative), the flow in the
compressor is unstable. In a multistage axial flow com-
pressot il is critical to control rotating stall as this can
act as a “trigger” for the more global instability. In par-
ticular, control of surge only does not appear to be a
useful effort if one is targeting at increasing the stable
flow range of multistage aircraft engine compressors at
or near design speed.

5.1 Travelling Wave Behavior and

Rotating Stall Inception
A prediction of this model useful for present purposes is
that rotating waves should be present at low amplitude
prior to stall. McDougall (17], (18] has identified these
waves in a low speed, single-stage compressor, and
Gamier et al. [19] observed them in both a single- and a
three-stage low speed compressor, and in a three-stage
high speed compressor. The waves were often evident
long (ten to one hundred rotor revolutions) before stall.
It was found that the waves grew smoothly into rotating
stall, without large discontinuitics in phase or ampli-
tude, and that the wave growth rate agreed with the theo-
ry of Moore and Greitzer [1]. Further, the
measurements showed how the wave damping, and thus
the instantaneous compressor stability, could be extract-
ed from real time measurements of the rotating wave.

In Garnier’s experiments, an array of hot wires or pres-
sure probes were used to look for small amplitude trav-
elling waves. During the experiments, the compressor
operation was first maintained close to stall and then the
throttle closed very slowly, so that the machine would
stall within 10 - 20 seconds. Data were takcn during this
entire period from the eight hot wires about the com-
pressor annulus.

Figure 17 shows the time history of the axial velocity as
measured by a single sensor during a stall transient. The
period of a rotor revolution is used as the unit of time,

A

i Mm

Velociry, mis
]

0 10 20 R 40 50 50

Time, rotor revs

Fig. 17: Time history of axial velocity from a single hot
wire positioned upstream of the single-stage
compressor; the machine is in rotating stall after
a time of 35 rotor revolutions [19].
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Fig. 18: Measured first harmenic behavior at stall onset
[19].

since this is a characteristic time scale for the phenome-
na. As can be seen, the prestall fluctuations have a small
amplitude compared to the rotating stall itself, during
which the velocity fluctuations are greater than 100 per-
cent of the prestall mean velocity. From the eight wires,
the first Fourier coefficient of the travelling wave pertur-
bation could be extracted and two views of this are
shown in Figs. 18 and 19.

Figure 18 presents a three-dimensional representation of
the axial velocity component during the last 20 revolu-
tions before stall. Figure 19 shows the phase angle of
the travelling wave for both first and second spatial
Fourier harmonics. The slopes of these lines in Fig. 19
are the speeds at which the harmonics of the waves trav-
el around the compressor annulus, which is unwrapped
in the figure so that 2rt radians is one trip around. This

SECOND HARMONIC

-100

Phase Angie (Radians)

FIRST HARMONIC

=100 -30 -80 -40

Time (Rotor Revalutions}

-20 ]

Fig. 19: Time history of the phase of first and second
spatial Fourier harmonics measured upstream of
a low speed, three-stage compressor [19).
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Fig. 20: Time evolution of the first harmonic of the axial
velocity in the three-stage compressor during
the inception of rotating stall [19].

coarse scale is used deliberately to show the overall
trend. The key point is that phase speed of the first har-
monic of the traveling waves is essentially constant and
readily discernible for almost 90 rotor revolutions before
the stall.

The present model of compressor transient behavior
describes the evolution of the traveling wave system in
the compressor and should be capable of quantitatively
prediciing the growth of the waves. Comparison of
model prediction with experimental measurement for the
three-stage low-speed compressor (Fig. 20) shows good
agreement. (The initial conditions for the model are not
known, and the zero time reference for the data and the
calculation are arbitrary.)

In addition to low speed experiments, Garnier [19] also
reports results from a high speed compressor. In this
case also, using static pressure transducers, a travelling
wave could be clearly seen,

Gamier also used the wave behavior to obtain the damp-
ing ratio, i.e. how close the system is to instability onset.
On the basis of the machines he examined, two low-
speed and one high-speed compressor, the conclusions
Wwere:

Small-amplitude (less than 5 percent of the stall
amplitude) waves can be discerned traveling about
the compressor annulus at close 1o the rotating stall
speed for 10 or more revolutions prior to the onset
of rotating stall.

a)

The waves grow into a fully developed rotating stall
without apparent sharp changes in either phase or
amplitude.

b)

¢) The behavior was similar in both the high and low-
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speed compressors, except the first spatial harmonic
was the strongest in the low-speed machines and the
second in the high-speed.

d) In multistage compressors, the pre-stall waves are
clearest in the stage that stalls first,

e) Inlet distortion reduces the period during which the
pre-stall waves were discerned.

5.2 A Caveat on Travelling Wave Behavior

Although Garnier’s results are encouraging, it should be
noted that there have been several compressor builds
examined in which the pre-stall waves were not seen, as
is discussed in some depth by Day [2], [20]. In these sit-
uations, local regions of strongly retarded flow were first
seen, rotating at roughly 70% of rotor speed. These
grew in circumferential extent and decreased in angular
velocity, eventually evolving to rotating stall cells with a
speed roughly half of the initial value. The reason for the
two types of behavior is not known at present, and it
appears that this is an important area 1o pursue.

6. ACTIVE CONTROL OF ROTATING STALL

The basic concept that has been used in active control of
rotating stall is to measure the wave pattern in a com-
pressor and generate a circumferentially propagating dis-
turbance, based on the measurements, so as to damp the
growth of the naturally occurring waves. In the particu-
lar implementation described herein, shown schematical-
ly in Fig. 21 and in more detail in Fig. 22, individual
vanes in an upstream blade row are oscillated to create
the ravelling wave velocity disturbance. The flow
which the upstream sensors and the downstream blade
rows sce is a combination of both the naturally occurring
instability waves and the imposed control disturbances.
As such, the combination of compressor and controller
is a different machine than the original compressor, with
different dynamic behavior and different stability.
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Fig. 21: Conceptual control scheme using “wiggly” inlet
guide vanes to generate circumferential travel-
ling waves (axial distances not 10 scale).
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6.1 Design of an Experimental Facility

for Active Stall Control
The first use of this approach to active control of rotat-
ing stall was reported by Paduano et al. [21]. A theoreti-
cal framework for the control was developed and, based
on this, experiments were carried out in a single stage
research compressor. The apparatus can be considered
to consist of four sections: the compressor instrumenta-
tion for wave sensing, actuators for wave launching, and
a signal processor (controller),

The sensors used were eight hot wires evenly spaced
about the circumference of the compressor, 0.5 compres-
sor radii upstream of the rotor leading edge, positioned
at mid-span and oriented so as to measure axial velocity.
The axial position was chosen to filter the higher har-
monic components of the disturbances !Iﬁenerated by the
compressor (the decay rate is like e ™R, where x is
upstream distance, n is disturbance harmonic number,
and R is the mean radius of the compressor) and reduce
the likelihood of spatial atiasing of the signal. The axial
location of the sensors was important in determining the
signal to noise ratio of the rotating wave measurements;
this question was studied by Gamier et al. [19], who
showed the ratio (o be largest upstream of the stage com-
pared to within or downstrcam of the compressor.

Although there are many ways to generate the required
travelling waves in an axial compressor, for this initial
demonstration, oscillating the IGV’s was chosen on the
basis of minimum technical risk. As described by
Paduano et al. [21], different airfoil shapes and number
were examined, with the eventual configuration adopted
being twelve untwisted oscillating airfoils with an aspect
ratio of 0.9 and a solidity of 0.6 (Fig. 22}. The complete
actuation system has a frequency response of 80 Hz
(approximately eight times the fundamental rotating stall
frequency) at plus or minus ten degrees of airfoil yaw.

Proportional control was used for the experiments; at
each instant in time, the n! spatial mode of the IGV
stagger angle perturbation is set to be directly propor-
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Fig. 22: Compressor flow path showing actuated inlet
guide vanes,
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tional to the nth mode of the measured local velocity
perturbation. The complete contrel loop consisted of the
following steps. First, the sensor signals are digitized,
A discrete Fourier transform is taken of the eight sensor
readings. The first, second and/or third discrete Fourier
coefficients are then multiplied by (predetermined) com-
plex feedback gains. Next, an inverse Fourier transform
is taken which converts the modal feedback signals into
individual blade commands. These, in tumn, are sent to
the individual digital motor controllers. Additional
housekeeping is also performed to store information for
post-test analysis, limit the motor currents and excur-
sions (for mechanical protection), and correct for any
accumulated digital errors.

The controller hardware selection is set by CPU speed
requirements (main rotating stall control loop and indi-
vidual blade position control loops), /O bandwidth (sen-
sor signals in, blade positions out, storage for post-test
analysis), operating system overhead, and cost. The
final selection was a commercial 25 MHz 80486 PC
with co-processor. The D.C. servo motors were con-
trolled individually by commercial digital motion con-
trol boards. Using position feedback from optical
encoders on the motors, each motor controller consisted

-
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of a digital proportional, integral, derivative (PID) con-
troller operating at 2000 Hz. The entire control loop
was run at a 500 Hz repetition rate. Motor power was
provided by 350-watt D.C. servo amplifiers. The hard-
ware is shown in Fig. 23.

6.2 Open Loop Compressor Response

The inputs and outputs characterizing the fluid system of
interest (the compressor and associated flow in the annu-
lar region} are the twelve inlet guide vane angles

(inputs) and the eight hot wires that give the axial veloc-
ity distribution (outputs). It might appear that a multiple
input-multiple output control is required, however,
because the disturbances of interest are of small ampli-
tude, the system behavior can be taken as linear. The
spatial distribution of the input and output perturbations
(or indeed of any flow perturbations) can thus be
expressed as a sum of spatial Fourier components, cach
with its own phase velocity and damping, This allows
us to treat disturbances on a harmonic-by-harmonic
basis, and reduces the input-output relationship to single
input-single output terms, an enormous practical simpli-
fication.

An important (although not necessary) concept in the
present approach is the connection between rotating stall

RPM
Control Computer A I
E > (80486)
AD (> _ [C>! IGV Position
e Detection Control Loop
e Wave Tracking
® Control Loop
Axial
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—_ IGV Position i
Servo Amp
Anemometers |ii| <] (350 W)
& Filters i
(12)

Encoder

9 \Hot Wires (8)\
y 1
|

]

<

DC Sarvo Motor
2, )/
I ~ ] 4;
IGV's/ Stator
———————————————————————— 0.5m| -
—— Rotor

Fig. 23: Hardware component of actively stabilized axial flow compressor {21).
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Fig. 24: Measured open loop response of the first spatial
mode of the compressor to a 10° IGV stagger
rotating sine wave excitation[21].

and travelling wave type of disturbances in the compres-
sor annulus; wave damping and compressor damping are
equivaient and determine whether the flow is stable. At
the neutral stability point, the damping of disturbances is
zero, and close to this point the damping should be
small. The measurements given by Gamier et al. [19]
show this. Ata compressor operating point near stall,
the flow in the annulus should behave like a lightly
damped system, i.e., should exhibit a resonance peak
when driven by an external disturbance, The width of
the peak is a measure of the damping.

The sine wave response of the compressor was mea-
sured by propagating a 10 degree sinusoidal IGV angle
distribution around the circumference at speeds ranging
from 0.05 to 1.75 of rotor rotational speed. Figure 24
shows the magnitude of the first spatial Fourier coeffi-
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Fig. 25: Influence of feedback control phase angle (1)

en the strength of the first spatial mode of the
flow in the compressor at ¢ = 0.475 [21].
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Fig. 26: Influence of feedback control phase angle (B,)
on the flow coefficient at which the compressor
goes into rotating stall [21].

cient, as a percentage of the mean flow coefficient, as a
function of input wave rotation frequency, i.e. the trans-
fer function for the first spatial mode. The peak
response to the forcing sine wave is scen to be at 23% of
the rotor rotation frequency. This is close to the fre-
quency observed for the small amplitude waves without
forcing (20%) and for the fully developed rotating stall
(19%).

6.3 Closed Loop Experiments - Rotating Staill
Stabilization of the First Fourier Mode

The open loop experiments described above are of inter-

est in clucidating the basic structure of the disturbance

field in the compressor annulus, but the principal aim is

suppressing rotating stall using closed loop control. The

control scheme used was of the form

[8(stagger angle)igv], = Z, Haxial velocity), (9

where Z,,, the control parameter is given by Z, =
Rpexp(ify,), with R, a feedback amplitude and B, a spa-
tial phase lag for the nth mode. The influence of con-
troller phase at fixed gain on the wave amplitude ratio
was experimentally evaluated, at a near stall point, for
phase shifts between 0° and 360°, as shown in Fig. 25.
For phases between 0° and 150°, the waves are attenuat-
ed, while the waves are amplified for phase angles
between 160° and 350°. The maximum attenuation was
found near 75°, and the maximum amplification near
275°. Between 290° and 345°, the flow was unstable
and rotating stall occurred,

If wave stability is equivalent o compressor stability,
then compressor stability should be enhanced for control
phases at which the waves are attenuated and should be
decreased when the waves are amplified. This is indeed
the case as illustrated in Fig, 26, Here, the flow coeffi-
cient (¢) at which the compressor goes into rotating stall
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as the compressor throttle is very slowly closed (ddydt =
2 x 10-3/rotor revolution) is shown as a function of con-
troller phase angle (B,,). Depending upon the phase, the
control changes the stalling flow coefficient by more
than plus or minus ter percent. Comparison of Figs. 25
and 26 emphasizes the connection between wave damp-
ing and rotating stall. Rotating stall is suppressed when
the waves are damped and is promoted when the waves
arc amplified.

6.4 Time-Resolved Compressor Behavior and
Travelling Wave Mode Content
Noting that wave stabilization changes the average flow
coefficient at which stall occurs, it is instructive to look
at the time evolulion measured by a single sensor, both
with control off and with control on. Figure 27 shows
that with no control (Fig. 27a), the rotating stall grows
quite slowly. With control of the first spatial mode (Fig.
27b), stall occurs at a lower flow coefficient, and the sig-
nal changes in character. The growth rate is faster and,
more importantly, the disturbance with control has twice
the frequency of the no control case. This is due to the
primary disturbance now being the second spatial mode
(two lobed stall).

Since the second spatial mode appeared predominant
when the first mode was under control, the former was
controlled as well. The effect of simultancous control of
the first two spatial modes on compressor stalling pres-
sure rise is shown in Fig. 28 . With both modes under
control, the compressor does not stall until a flow coeffi-
cient of ¢ = 0.35, a 20% increase in operating range
over the no control case. Examination of the time
behavior of the Fourier coefficients as the compressor
throttle is slowly closed show a more complex behavior
than that described for first-mode-only control, but the
third spatial Fourier coefficient is discernable as an
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Fig. 27: The influence of control on the time history of a

single sensor as the throttle is slowly closed to
stall the compressor [21].
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Fig. 28: Compressor characteristic but with active con-
trol of first and second spatial modes [21).

important contributor to stall inception. Indeed, stabi-
lization of this mode along with modes 1 and 2, yields a
further 3-5% increase in operating range.

6.5 System Identification

The measurements presented are for a compressor with
simple proportional control law. There are many analyti-
cal 10ols now available to design more sophisticated
control schemes, but the success of the control design is
based in no small part on the fidelity of the system
model assumed for the compressor. There is also inter-
est in understanding more about the compressor fluid
mechanics. Paduano et al. [22] thus describe the use of
the apparatus assembled for the active control experi-
ment o establish the dynamic response of the compres-
sor by directly measuring its transfer function,

Section 6.2 and Fig. 24 describe the response of the sin-
gle-stage compressor to rotating wave input on the
IGVs. This compressor response can be put into a more
complete form and compared to the structure of the fluid
dynamic model by plotting the phase and magnitude
(Bode diagram) of the transfer function between the first
Fourier coefficient of the IGV motion and the first
Fourier coefficient of the resulting axial velocity pertur-
bations. Based on the modeling described in Paduano et
al. [21], the system behavior is expected to be that of a
second order system. A linear regression type fit [23] to
the data is thus shown in Fig. 29. The model structure is
justified from fluid mechanical considerations, and it can
be seen that the experimental behavior is accurately
described by the model. This type of fit could be
obtained using any one of several types of IGV inputs:
rotating waves, slationary waves with oscillating ampli-
tudes, and stationary waves with random amplitudes. As
would be expected in a linear system, the input-output
behavior is unaffected by such variations in the character
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Fig. 29: Bode plot showing response of the compressor
10 a sine wave forcing excilation at ¢ = 0.475
[21].

of the input, and the fit of the second order model to the
measurements is consistently accurate. In summary, the
fidelity of the model fit indicates that the structure of the
fluid model is appropriate for the compressor examined.

Figure 29 presents results for the dynamics of the single-
stage compressor at a particular flow coefficient, but the
unique configuration of the compressor makes similar
data obtainable over a wide range of flow coefficients.
Because the wave dynamics can be directly forced by
the IG Vs, the system’s response can be deduced under
conditions which are not normally coaducive to identifi-
cation, for example beyond the uncontrolled stall point.
In compressors which are not equipped for stabilization,
identification of the linearized dynamics beyond the siall
point is impossible; the system is unstable, and operates
in rotating stall. Even in the compressor discussed here,
which can operate in previously unreachable regions
using active control, identification is difficult, but
Paduano et al. [22] discuss a procedure which allows the
compressor’s innate dynamics to be deduced from
experimental data.

The dynamics of the compressors under study have been
thoroughly characterized over a large range of compres-
sor operating points and provide a new data set for com-
patison (o theoretical technigues. Of primary interest
from a fluid mechanic viewpoint are the rotation rate
and growth (or decay) rate (damping factor) of small-
amplitude sinusoidal waves in the compressor.
Although stallcell rotation rate has often been used as a
gauge of the predictive accuracy of theoretical tech-
niques the small-amplitude wave behavior can differ
from the fully developed state, and it is the former that is
critical, especially if control laws are being designed.

The growth rate of the rotating waves, on the other
hand, is a relatively new measure of the neamness to
instability of the compressor.

6.6 Initial Results for Active Confrol

of a Multistage Compressor
The type of experiments described have also been car-
ried out on a low speed three-stage compressor,
retrofitted with a similar set of moving guide vanes. The
results are analogous, with an ¢ight percent reduction of
the mass flow at stall obtained. Further, the same sys-
tem identification techniques and software are applicable
to both compressors.

Figures 30 and 31 show the results of an extensive set of
identification experiments on the 3-stage compressor
[24]. In the figures the wave propagation rate (Fig. 30)
and the growth (or decay) rate (Fig. 31) are plotted for
the first three disturbance modes. At flow coefficients
below the natural stall point (denoted in Fig. 31), the
growth rates are positive, indicating that the system is
unstable. Identification at these flow coefficients must
be conducted under closed-loop operation, and this type
of data has previously not been available.

The compressor stall point can be identified based on the
growth rate parameler. For instance, under no control,
rotating stall occurs at ¢ = 0.46. Referring to Fig. 31,
this is approximately the flow coefficient at which the
first mode becomes unstable. Under first mode control,
rotating stall then occurs at roughly the flow cocfficient
at which the second mode becomes unstable. Finally,
under control of the first and second modes, it appears
that the third mode is at lcast partially responsible for
stall.
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Fig. 30: Disturbance wave frequency for first three
modes; three-stage axial compressor [24].
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Also shown in the two figures are the results of a theo-
retical model of the compressor dynamics, based on a
simple extension of the Moore and Greitzer [1] theory to
include an unsteady loss response in the compressor
blade passages. With correct choice of the single param-
eter representing this effect the theoretical model is able
to maich the entire set of data trends. Although addi-
tional measurements of unsteady compressor behavior
are needed to assess this conclusion in more depth, the
data show that the theory characterizes the evolution of
unsteady perturbations as well as provides a framework
about which identification and control experiments can
be built.

6.7 Dynamic Control of Rotating Stall Using
Structural Feedback
The concept of using unsteady feedback to stabilize
rotating stall is not limited to active control techniques.
Calculations indicate that the rotating stall dynamics of a
compression system can also be modified using struc-
tural feedback, and the analytical studies have resulted
in several promising strategies. In these, additional
acroelastic dynamics are introduced to the basic com-
pression system to modify its aerodynamic stability,

To illustrate the basic principles, consider a hypothetical
control strategy in which the variable inlet guide vanes
used in the active control experiment were replaced with
flexible vanes, The latter would introduce an acroelastic
feedback loop into the compression system; flow pertur-
bations cause the vanes to deflect, which in turn, modi-
fies the flow perturbations. Tuning the structural
dynamic properties of the vanes is equivalent to adjust-
ing the gain and phase of the control law.

Conceptually, active control and structural feedback
strategies are similar, in that they both use feedback to
increase the stability of a dynamical system. The imple-

IBRARY

mentation, however, may be fundamentally different.
The active control strategies employed to date have used
modal based control schemes, where the rotating distur-
bance is decomposed into Fourier components and each
component is contrelled individually, The structurat
feedback schemes, on the other hand, lend themselves to
“local implementation” in which local control action is
determined by local information, Overall stability is
achieved by making the flow field locally stable at all
points around the annulus. Since local instability is a
prerequisite for the more global, modal instability, local
control may be an approach with wide applicability for
stabilizing compression systems.

7. DISCUSSION OF ACTIVE CONTROL OF
ROTATING STALL AND RECOMMEND-
ATIONS FOR FUTURE WORK

7.1 Implications of the Overall Results so Far
Several important points emerge from the experiments
that have been carried out. First is the demonstration
that it is possible to actively control rotating stall in an
axial Mow compressor and obtain a useful extension in
compresser operating range. In this, it can be noted that
one series of experiments has been conducted on a mul-
tistage compressor that was designed by an engine man-
ufacturer; the compressor parameters are in a range of
general interest. Second, the experiments emphasize the
link between low amplitude circumferentially propagat-
ing disturbances prior to stall and fully developed rotat-
ing stall; when the disturbances are suppressed, rotating
stall is prevented. Third is that a strong connection has
been made between the measurements and the theoreti-
cal description of the evolution of small disturbances to
rotating stall.

An additiona! point concemns the utility of the compres-
sor plus controller for basic research on unsteady flow in
compressors. The controlled compressor provides a
unique vehicle to examine many aspects of the dynamic
behavior of compressors that were heretofore inaccessi-
ble. Examples of this are the first-of-the-kind data con-
cerning the mode structure that was presented in Fig. 30
and 31, in particular the system identification under
closed loop controt in a naturally unstable region.
Viewed in this regard, the active control allows com-
pletely new, and much deeper, investigations of funda-
mental stall inception flow physics than previously, with
the potential for shedding new light on a long standing,
but not well understood, problem.

Finally, we note that there have been other approaches 10
the active control of rotating stall and compression sys-
tem instability. The experiments reported by Day are
based not on sensing the modal structure, but rather on
detecting more localized, but large amplitude, flow non-
uniformities {20). The actuators used were discrete jets
at the outer diameter of the compressor. Examinations
of alternative strategies for the control of multistage
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compressor instabilities have also been carried out by
Harris and Spang [25], Hosny et al. [26], and Badmus et
al. [27], which can be consulted for further details.

7.2 Some Unanswered Questions: Areas

to be Addressed
The initial attempts to control rotating stall in axial com-
pressors have yielded very positive results so far, but
there are still many questions that remain. In this sec-
tion, we note several research topics that are fruitful to
pursue.

- Control Law Modification

The control law used in the experiments reported herein
is quite simple. Effort is now being spent on the design
of more sophisticated controllers, and this can be useful
in two ways: first, in extending compressor performance
and, second, in elucidating the details of the dynamic
behavior of the compression system.

- Generality of Results

There is also a need 1o establish the generality of the
observed behavior. The wave behavior exploited in this
control scheme has been found on several low and high
speed compressors [18], [19], although some other
machines do not appear to exhibit small amplitude
waves (or at Ieast they cannot be sensed) prior to stall
[2], [3]. Itis emphasized, however, and discussed fur-
ther below, that active control of compressor instabili-
ties is not dependent on the existence of the waves. 1t
would be of considerable interest to reconcile quantita-
tively the two sets of circumstances, preferably with a
first principles fluid dynamic model. This would
enhance the range of applicability of the predictions of
compressor behavior with control.

- Extension to Flows with Inlet Distortion

Another critical item is the extension of the ideas to
flows with inlet distortion. It is often the case that the
reason for the instability is the presence of an inlet dis-
tortion. The nature of the disturbance structure in this
type of flow is fundamentally different from that with
uniform inlet conditions [28], and relatively little work
has been done yet on this topic.

- Extension to Compressible Flow Regime.

Extension of the analysis to the compressible flow
regime has started [29] and should be pursued vigorous-
ly. Data for this regime are currently sparse, and obtain-
ing the type of unsteady measurements that are necded is
also an item of high interest.

- Optimization of Actuation and Sensor Strategies
Determining the most useful (practical) actuation
schemes is a key item that influences both effectiveness
of control and complexity and difficulty of implementa-
tion. The question is really on two levels: first what are
the most useful fluid dynamic perturbations that one can
have, and second, how cne actually creates that type of
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disturbance, i.e., how one links the disturbance to the
actuator.

- Dynamic Compressor Behavior

The use of compressor facilities with active control pro-
vides a new diagnostic tool for the examination of basic
unsteady fluid dynamics associated with stall onset. The
ability to probe the compressor response in a way that
was not possible before should be vigorously pursued.

- Use of Structural Feedback for Control of Rotating
Stall

The use of tailored structure as an approach for control-
ling rotating stall should also be pursued. This is not
only of interest from a technological point of view, but
the results obtained from a scheme based on local sens-
ing and actuation should also be uscful for giving insight
into the basic mechanism of stabilization in a general
sense.

7.3 Interdisciplinary Nature of the Research

Finally, the interdisciplinary nature of the research can
be commented on. The work described has been suc-
cessful due to the combined efforts of both compressor
and controls engineers, and it has been challenging for
both specialties. In the past several years, considerable
time, as well as considerable intellectual cffort, has been
spent learning how to talk across disciplinary bound-
aries, but the results so far appear to be well worth it.
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SUMMARY

This lecture note discusses the rcole of
computer modelling in the design, devel-
opment and validation of a performance
monitoring system. The basic require-
ments of an engine health monitoring
systen are discussed in the context of
the uger environment.

A form of model based on stage charac-
teristics provides the basis for
describing engine measurements. Faults
are modelled in accordance with empiri-
ca) data obtained from tests conducted
at the stage level.

The model is used to investigate various
parameters that provide unambiguous
identification of the fault in question.
Fault libraries have been developed for
field use.

LIST OF SYMBOLS
A - Area
cop - Compressor Delivery Pressure
EGT - Exhaust Gas Temperature
EPR - Engine Pressure Ratio
F - Thrust
FS - Fault Severity level
K - Fault Severity factor
N, - Fan Rotor Speed
N, - H.P. Rotor Speed
T - Temperature
u - Blade Speed
v - axial Velocity
vy - Variable Exhaust Nozzle
W, - Fuel Flow
W - Alr Flow
€ - Tip Clearance Ratio
) - Non-dimensional Temperature,
T
é - Nongﬁimensional Pressure P/P_,
@ - Stage Flow Coefficient (%&]
¢ - Stage Temperature rise coeffi-
cient (Eﬂélj
Uz
¥ - Stage Pressure rise coeffi-
cient (n+{)
n - Stage Efficiency
INTRQDUCTION

Life cycle costs have emerged as a pri-
mary factor in the design of gas turbine
powerplants. The recognition of
repairs/rebuilds and lost availability
as major recurring costs suggests that
some means of getting more usefulness
from the engine is in order [1].

The concept of on-condition repair and
maintenance has emerged as a common
ownership philesophy for both military

and industrial equipment. Such a phil-
osophy can only be put into practice if
the tools to accurately assess engine
condition can be assured. Furthermore,
these tools must be tailored to the
needs and capabilities of the personnel
who must use them.

The complexity of modern engines is such
that no single failure or degradation
mode can be described as dominant.

while a number of failure modes such a
Low Cycle Fatigue (LCF) are purely mech-
anical phenomena, a great many others
directly affect engine performance and
are best diagnosed through performance
measurements.

The analysis of performance data has
remained vexingly complex. 1if one con-
siders the typical military fighter
engine with at least two and often three
elements of controllable variable
geometry in addition to control of fuel,
it becomes apparent that old simple
rules of thumb in diagnosis will not
apply. This state of affairs suggests
that analytical methods must ba sought
to provide a more systematic approach to
engine fault diagnosis.

This lecture note describes the applica-
tion of computer modelling of gas tur-
bines to the development of static and
dynamic monitoring techniques applicable
to modern gas turbines.

RIGOUR O RAC

Computer models are little more than
useful tocols in the process of develop-
ing a product or system. The form of
the model is as variable as the ques-
tions that need to be answered during
the course of the development. It is
therefore useful to examine the practi-
cal requirements of a comprehensive
engine monitoring system. From this
examination, it will be apparent what
type of models are required for
design/development of a working EHM
system.

The User Environment

The user environment is shown in sche-
matic form in Figure 1. Each provide an
opportunity for the use of EHM methods
but each have unique and different
requirements.

The flijght line (Figure 1-a) is primar-
ily the domain of the aircraft/engine
technician. It is organized around the
concept of the quick fix. Engine
designs make every effort to make line
replaceable units (LRU's) accessible and
easy to change. In this environment,
the technician is compelled to work with
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some combination of pilot reported prob-
lems and whatever recorded limit
exceedances or alarms are available.

The latter implies that the aircraft has
been fitted with a flight recorder which
is usually the case for modern aircraft.

Time is of the essence at the flight
line; the technician typically has only
one or two hours in which to effect a
repair and put the airplane back into
service.

Based on available information, backed
up with on-wing inspections, the techni-
cian makes a preliminary diagnosis and
proceeds to conduct whatever tests he
deems necessary to substantiate his
hypothesis. It is also common practice
to simply begin by changing a suspect
LRU. This is followed by on-wing tests
and 1f successful, the aircraft is
released to fly. If unsuccessful, the
technician may elect to replace another
LRU and try again or he may elect to
replace the entire engine and send it to
the engine repair shop for more involved
repair. 1In either case, the flight line
actions trigger demands on spares supply
and consume engine life in the process
of on-wing tests.

From an EHM requirements viewpoint, a
number of things are clear:

* Unless the diagnosis is quite unam-
biguous, the flight line repair is a
haphazard process with very poor
success rates in the diagnosis.

. Diagnosis must be guick and very
convenient to the technician. The
technician is not an engineer.

. Diagnosis must focus on those prob-
lems for which exchanging an LRU
will effect a repair or else clearly
indicate the need for engine
removal.

The engine repair shop (Figure 1-b) is,
in effect, a nearby garage which pro-
vides a service to the flight line.

This service consists of stripping the
engines and replacing life expired com-
ponents (scheduled repairs) and dealing
with all engines removed from the air-
craft because a quick fix could not be
effected at the flight line (unscheduled
repairs).

Management of the engine repair shop is
judged on its ability to complete
repairs in a timely manner. This, in
turn, is quite dependent on a timely
flow of the right spare parts at the
right time., Bearing in mind the very
high cost of spares, this translates to
"just in time", spares management.
Clearly the key to success in this
endeavour is accurate prediction of the
worklecad and type of work in the engine
shop. :

Prediction of spares requirements for

the scheduled repairs is predicated on
accurate records of engine utilization.
Whether these data are based on flying
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hours or more sophisticated life utiliz-
ation algorithms is immaterial; the
manager of the engine repair shop can
make accurate predictions of this compo-
nent of his workload by knowing the
flying schedule and the method of life
accounting. He can then order spares
and schedule his perscnnel accordingly.

The unscheduled engine repairs can rep-
resent 50% or more of the engine repair
shop workload. Without adequate means
of assessment/ prediction, this workload
will appear quite suddenly (often in
successive waves) and will make major
demands on spares inventory and on per-
sonnel. It is evident, therefore, that
some means of providing early warning of
the arrival of unscheduled engines would
have a very substantial impact on the
entire range of concerns of the engine
repair shop.

From an EHM requirements viewpoint, the
engine repair shop is quite different
from the flight line.

. The time frames of concern are sub-
stantially longer, making parameter
trending very useful.

. A more sophisticated level of diag-
nosis is possible with the support
of engineering personnel.

. Proper data manhagement offers a
feedforward information loop to the
flight line.

. The essence of EHM at the engine
repair shop is proper planning of
resources.

The engine test cel) (Figure 1l-c)} is an

expensive facility provided for the
primary purpose of ensuring safety. The
engine undergoes a "pasg-off" test which
checks the engine in accordance with the
repair level. Modern practice includes
the possibility of on-wing tests, thus
the test facility is often shared
between the flight line and the engine
repair shop.

Since the express purpose of the tests
is to ensure flight safety, two major
aspects of engine operation are exam-
ined. First, the mechanical integqrity
of the engine is established. This
includes, possible hydraulic leaks,
loose bolts and vibration levels.
Secondly, the static and dynamic per-
formance of the engine is examined.
These tests consist of establishing
throttle settings and/or manceuvers and
recording speeds, pressures, tempera-
tures, etc. for purposes of comparison
with acceptable standards of perform-
ance.

During the course of the tests, allow-
able control adjustments are made and
the engine is retested. 1If the engine
passes all tests, it is declared "ready
for Installation", If, however, it
fails and subsequent adjustments (e.g,
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variable geometry) do not cause it to
fall within acceptable limits, it must
be partially or completely stripped and
reworked. )

The engine test itself is quite straight
forward. Analysis of the data follows
the normal practice recommended by the
manufacturer; however, the diagnosis
used in current test cells is little
better than that available on the flight
line. The requirements for diagnostic
techniques in the test cell is self-
evident.

. Test cellg provide a larger comple-
ment of engine measurements than
most flight recorders.

. Diagnosis reqguirements are similar
to those for the flight line prog-
ressing from simple adjustments
through the replacement of LRU's
while the engine is on test.

. Test cell diagnosis can and should
progress to fault identification
deep within the engine. It can help
to eliminate unnecessary testing and
direct attention to repairs.

. Data obtained during engine test
will provide quantitative assessment
of available engine margins. These
data are important in establishing a
first estimate of when the engine
will next need work and for what
cause.

SYSTEMS OVERVIEW OF EHM

The foregeing discussion suggests that
there are a nunber of distinct users of
EHM within any organization. Each has
different requirements for diagnostics
and each have different levels of train-
ing.

Figure 2 provides an overview of a typi-
cal EHM system. It assumes the exist-
ence of an onboard data recorder and it
further assumes that this data recorder
offers the opportunity to transfer
records to a ground component of the
system. In addition, the overview pres-
ented in Figure 2 suggests that both
static and dynamic data are recorded
depending on the circumstances of the
event. Diagnostics must, therefore, be
provided for both static and dynamic
gituations.

The reader should note that in a com-
plete EHM system, there will inevitably
be linkages to other technologies
including vibration and oil analysis.

in addition, some elements of the system
must be completely portable while others
are inevitably of fixed location. It is
beyond