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PREFACE

Several trends are converging in the aerospace industry. Composite structures with
directional siifiness and strength are gradually evolving from use in secondary to primary

structures. The rapid pace of development in large-scale striclurai-modeling and analysis is
allowing the loads, stress and dynamics engineers to keep abreast of airframe design changes

and to influence those changes early in the design cycle. Structural optimization and aero-
elastic tailoring are becoming practical tools for the preliminary designer. As a result,
designers are faced with the problem and opportunity of designing minimum-weight
structures which deform in beneficial ways during cruise and under maneuver loads. As

structures become more efficient devices for extracting energy from the airstream, then the

potential also increases for unfavorable deformations and aeroelastic instabilities. The
purpose of this Mceting was to review the latest trends in aeroelastic analysis, aeroelastic
tailoring, structural-optimization and flutter-optimization and to increase the utility of
those techniques in airc: art design offices.

James J.Olsen
Chairman, Sub-Committee on
Acroelasticity
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Preliminary Aeroelastic Design of Structures | PA DS ] 1-7
Methods Development and Application

N. A. Radovcich, Ph.D.
Group Engineer
Advanced Plutter & Dynamics Methods
Lockheed-California Company
P.O. Box 551, Burbank, CaA 91520 USA

SUMMARY

Preliminary design for an optimal aircraft configuration may require the integration
of aeroelastic considerations into the configuration selection process.

Preliminary Aeroelastic Design of Structures (PADS) is a highly computerized design
system for generating structural weight data which include aeroelastic effects for
advanced aircraft configurations. These data can then be used to update the statistical
and semianalytical weight data base during configuration trade-off studies.

In this paper, three aspects of PADS are discussed: 1) the formulation of computer
operating system technology and data management techniques which will permit the
definition and execution of engineering processes in a user friendly environment, 2) a
definition of engineering processes for preliminary aeroelastic design of structures
which may be used to design an aircraft for strength and stiffness in the elapsed time
normally available for a conceptual design phase, and 3) the presentation of results from
the PADS validation effort, computer software as well as engineering processes, using a
known airplane design data base.

LIST OF ACRONYMS & DEFINITIONS

ACS- active control system

ASSET- Advanced Systems Synthesis and Evaluation Technique

CADAM®~ Lockheed's computer aided design system

CBUS- Continuous Batch User Specification

CPP- command processor program in CBUS

DBM- data base management

DMS~ data base management system

DOF- degree of freedom

FAMAS- Lockheed's matrix data based computing system for aeroelastic analysis

FINDEX- Lockheed's DMS for matrices and NASTRAN tables

FSD- fully stressed design algorithm

Lockheed- Lockheed-California Company

MLC- maneuver load control

NASA- National Aeronautics and Space Adminstration

NASTRAN- structural finite element program developed by NASA

PADS- Preliminary Aeroelastic Design of Structures

PSASA- panel sizing and stress allowables

RAP- resource allocator program in CBUS

RDMS- run data management system

SIC~ structural influence coefficients

SMG- structural model generator, a finite element model generator which represents a
family of aircraft designs.

INTRODUCTION

Preliminary design for an optimal aircraft configuration may require the integration
of aercelastic considerations into the configuration selection and design process.
Aeroelastic design .ncorporates the effects of aircraft flexibility on static and dynamic
loads, control effectiveness, and aeroelastic stability into the sizing of the structure.
Configurations of aircraft in the early design stage are usually based on statistical and
analytical weight methods computed from approximate loads and stress analyses. This often
leads to the freezing of external geometry before strengtihr and flutter analyses are
sufficiently advanced, thereby decoupling the powerful, but time-consuming, process of
structural design-to-minimum-weight from the configuration optimization process. If the
elapsed time to perform more accurate loads, structural design, and flutter optimization
analyses is shortened, then structural optimization can proceed in concert with the
overall configuration opuvimization, and more efficient advanced types of aircraft ¢ n be
designed.

In the past, the level of effort required for an accurate aeroelastic design was not
justifiable relative to the answers provided by statistical methods which were supported
by historical data bases. Today, however, there are many combinations of advanced
technologies and configurations, such as supercritical airfoils, high aspect ratio wings,
forward swept wings, active controls, asroelastic tailoring, and new materials, that have
no historical data base from which to derive the statistical or parametric weight
eqguations.

® Registered trademark of CADAM, Inc.
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/- 3\ Airplane design involves complex interactions between the conceptual designer, the

customer with design specxfxcatzons, and the engineers with final design and
manufacturing requirements. Since many facets of the engineering process defy
quantification, the computer methodology used to improve the flow of design information
must be: 1) flexible, and 2) highly modular. Flexibility will permit inputs into the
design process from many sources, and modularity will deter obsolescence when new
engineering design processes become available.

The goal of Preliminary Aeroelastic Design of Structures (PADS) is to develop
computer operating system architecture and design methodology to be used to generate an
accurate aeroelastic design within the conceptual and early preliminary design phases.
This aeroelastic design data base will permit more accurate weights to be established
during the configuration trade-off studies. The 1ong term goal is to define an accurate
aeroelastic design within an elapsed time which is measured in weeks and to perform a
design perturbation within elapsed time which is measured in days. Design perturbations
inclv?< ‘changes to any variable which does not require significant data preparation. For
the wing, these variables will include sweep, planform definition, taper, airfoil
sections, t/c, and aspect ratio.

The work to achieve these goals is in progress. PADS capabilities currently include
a structural finite element model generator, weight distribution, grid transformations,

steady maneuver loads for symmetric conditions, flutter analysis, and Structural sizing.
This paper will address three areas:

e The formulation of computer operating system technology and data management
techniques which will permit the definition and execution of engineering
processes in a continuous, user-friendly computing environment.

o The definition of engineering processes for preliminary aeroelastic design of
structures which may be used to derive an accurate structural weight for a wing
in the elapsed time normally available for a conceptual design phase.

e The presentation of results from the PADS validation effort, computer software as
well as engineering processes, using a known airplane design data base.

PROBLEM DEFINITION

Aeroelastic analysis of an aircraft structure is a substantial undertaking involving
many disciplines and complex data paths. A short time ago, preliminary aeroelastic
analysis was reserved for projects on the verge of achieving go-ahead status while
preliminary aeroelastic design was not even attempted.

There are two options available for acquiring a rapid aeroelastic analysis and
design capability: generate or acquire special programs tailored to rapid analysis
procedures; or adapt existing engineering methodology and the associated computer tools
to requirements of rapid analyses. Software maintenance is a major part of any proposed
computer—-aided design system. Lockheed-California Company (Lockheed) has an extensive
library of computer programs which support airplane design through final and production
design phases. It would be convenient to extend the application of that software into the
preliminary design phase instead of creating specialized software.

Computer programs used to perform final aeroelastic analyses are well established in

any major aircraft design company. At Lockheed, the list of computer programs generically
include:

e A user-friendly matrix algebra based computing system
e Grid transformation programs

o A finite element based structural analysis program

® Steady and unsteady aerodynamic programs

¢ Weight estimation and distribution programs

e Steady maneuver aeroelastic load programs

e Transient maneuver aeroelastic load programs

e Ground handling load programs

e Dynamic loads (gust, taxi, landing) programs

¢ Flutter analysis programs

e Structural resizing program with stiffness (flutter) and deflection constraints
e Structural sizing programs for stress and fatigue

e Feedback conirol functions »ynthesis programs for load relief and flutter
suppression

s
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e Data base management (DBM) programs for card image data, matrices, and tables h-§i
e Structural finite element model generator program

® Plotting programs 4

e General utility programs known as pre- and postprocessors

When PADS development was initiated in 1976, computer programs and computing systems
were generally available at Lockheed for preliminary aeroelastic design, but certain
computer access and job preparation problems prevented these programs from being used on
quick design studies. In particular:

e The overwhelming number of details associated with computer job définitiéon made
the most trivial computer job setup a challenge. Misplacing a single comma or
being off one space in the input format field caused the job to fail.

e The computing tasks were serially related to each other. Job "A" had to run
successfully before Job "B" could be submitted. Many computer jobs required one
day turnaround and, with setup difficulties, one week could pass before the
results were available.

e 2Analytical modeling requirements for each discipline were different.
e Data flow between disciplines involved paper flow and manual transcription.

e The trail on "How was it done last time?" was not always protected from
unfavorable personnel transfers.

e Many preparations for computer job submittals required transcribing of input data
by hand.

e When the process required hundreds of computer submittals and hundreds of
individual input deck setups, it was impractical to mobilize engineering
personnel just to feed the computer for a gquick project.

Against the background of existing data management systems, existing computing
systems of great sophistication, and high-level languages oriented to the user-friendly
atmosphere, the company decided tc use the production design computing tools and to
attack directly their known deficiencies with respect to preliminary design applications.
A computing system was postulated which would act as a bare tree from which existing
computer programs could be hung as needed in a user-friendly and highly modular
environment.

APPROACH

Lockheed's Advanced Systems Synthesis and Evaluation Technique (ASSET) computer
program provides a rapid and cost-effective solution to configuration selection for any
aircraft mission, but only within the limitation that the structural weight must be based
on semianalytical and statistical data. An ASSET study usually requires that a baseline
aircraft model be created and exercised in ASSET to represent an actual known aircraft
data base. This model then is modified through adjustments to parametric coefficients to
simulate changes to baseline aircraft systems, structural arrangement, material usage,
design parameters, and mission requirements. Once complete, the model is passed into the
ASSET design cycle for sizing, configuration trade-off analysis, and performance
evaluation.

The PADS goal is to update the weight data base during configuration trade-off
studies as well as to perform general aeroelastic analysis and design in a highly
computerized environment. Figure 1 shows the possible interaction between PADS and ASSET
during a typical configuration trade-off study. RAeroelastic inputs to ASSET will lead to
significant improvements in the configuration selection process, especially when advanced
designs combine advanced structural materials, such as composites, with unusual geometry.

PADS development consists of two distinct efforts:

e The development of the computer operating system which will permit continuous
computing capability in a user-friendly and engineering-defined environment.

o The definition and mechanization of basic engineering processes for use in
aeroelastic design and analysis.

The computer operating system will have applications outside of PADS whenever a
requirement exists to integrate diverse computing programs under one operating system.

The Concept of a Software Bus

The design specifications of the operating system for PADS mirror the specifications
of a computer hardware bus. The specifications of the computer hardware bus define an
interfacing system for use in interconnecting data processing, data storage, and
peripheral data control devices in a closely coupled configuration. Two objectives of a
hardware bus are 1) to provide communication between two devices on the bus without
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FIGURE 1. PADS AND ASSET INTERFACE

disturbing the internal activities of the other devices interfaced to the bus, 2) to
specify protocols that precisely define the interaction between the bus and devices
interfaced to it.

If the word "devices" is replaced by "load modules/programs", the above
specifications for a hardware bus come close to defining the specificatiocns for a
computer operating system in terms of a software bus. One of the reasons the operating
system was named Continuous Batch User Specification was to carry over the bus concept
into the operating system acronym, namely CBUS.

Modeling criteria

Each engineering discipline will define the modeling requirements according to its
functions and responsibilities. There will be no outside constraints except where more
than one discipline will be affected. For the modeling tasks which affect many
disciplines, such as structural finite element modeling, unsteady aerodynamics, and
weight distributions, one discipline will be designated as "prime", usually by tradition.

This discipline will then integrate the requirements of the other cognizant disciplines
into the modeling definition.

The structural modeling effort is by far the most time consuming of any aeroelastic
modeling task. There are practical limits to reducing the elapsed time required to
generate and checkout a 3-D finite element model. Experience gained with the use of user
coded programs which generate, correct, and manipulate computer files led to the
engineering development and coding of computer programs for rapid generation of principal
parts of the finite element model using relatively few input variables.

A finite element model generator will be assembled from this technology. Data for
the model generator will be defined to represent a specific family of aircraft designs
which may be generated using relatively simple inputs. The collection of model generator
programs and the irput data required to represent a particular family of aircratt designs
will be referred to as a structural model generator (SMG).

wing geometric data for input to the finite element model generator will consist of
certain key variables that define the wing planform together with a 3-D parametric
representation of the wing section shapes. The section shape representation is available
from the aerodynamics department and servec as the input data base for the aerodynamic
performance programs which are used to generate aerodynamic data tor ASSET. 1his
arrangement will permit variations in aspect ratio, t/c, planform, taper, sweep, ana
dihedral with relatively simple inputs. Other details of the finite element model such as
wing location relative to the fuselage, fuselage length, and empennage characteristics
may also he included as part of the simple input variables. The concept of a finite

element model generator for a family of aircraft designs is critical to satisfying the
preliminary design schedule constraints.

Data flow continuity

Since existing computer programs will be used in the PADS system, the conditioning
of data from various sources will be accomplished by the aggressive use of pre- and
postprocessors. If the flow of data is interrupted in an existing engineering process
with a large number of subjective interpretations, and the engineering process is not
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azenable to ccnversicr to a2 zore continuous data flow, 2 nex or modified process will be
éefined, where possible, to facilitate the data flow.

Manzgezent ané control of the éesign process

Each erngineering discipline will be responsible for tke definition and the
verification of thne cesign process in accordance with its frnctions ané rescoeasibilities.
The design path will be subject to review by the mexdbers of the éesicn team. Zbe imout
decks 2nd the associated CEUS coaputer sstuss will Se catalogued along with all output
data sets such that 211 results cay be reproduced without adéditiona2® setucs or sice
cooputations. Finally, all design results will be presented to the ¢a2sign tean for
interpretaticn and final review.

CBUS operating cystem specifications

‘The CBUS operating system will 1) a2ccess ané mazke use of anvy existing cGata base, Z)
be able to use any existing or indepencently develored progrez, 3) izpose no recuirezents
on programs to be integrated into the operating system, 4) interface with the user with
high-level, user-friendly language, 5) zllow the coz—and language nazes/keyworGs and
computing processes to be definable outsicée of the ogerating system, 6) use existing éata
base management systems for storage of permanent éata, 7) enable the cozputing rrocess to
be uninterrupted, and 8) permit the execution of an unlimiteé nuzber of eguivalent batch
jobs in one computer run, in one uninterrupted cozputinc seczent.

THE CBUS OPERATI2G SYSTEH
General characteristics

The CBUS operating system consists of four players: 1) the monitor, 2) the resource
allocator, 3) the cormmand processor, and 4) the target. Each player is a separate

executable load module in its own right, with the Donitor, cor=and processor, and
resource allocator having a special interrelationship.

The monitor is the upper level program which loads other executable load nodules
into core for execution. The resource allocator is a program which allocates and
redefines computer resources as reaquired by the next target. The target is any executable
load module (program) which the monitor will attach and execute during the continuous
computing sequence.

The command processor program (CPP) interprets user supplied information and builds
a stream of data which instructs the resource allocator on how to arrange the resources
of the computer to satisfy the needs of the next program to be executed, while under the
umbrella of the monitor. The command processor data source is a library of
macros/commands, including the names of the macros/commands, which are user-generated.
Figure 2 illustrates the essential features of the operating system.

ENTRY
COND CODE OF LAST PGM
COND. —
BODTSTRAP I coni/' MONITOR "\“E:UHN 0cPP
FILES
‘/p NE;:\\\‘O
USER COMMAND FRST R RAp o AV RESOURCE
PROCESSOR  |o— —»| ALLOCATOR
INPUT DECK |  (CPP) DATA D| Rap)
COMMAND
AND MA
DATA BLOCKS i ¥ >
b § ¢ ¢
SYMBOLS
TARGET
PROGRAMS (J LOAD MODULE
wm) FLOW OF CONTROL
o> FLAG
O—> DATA
@~ FILE PARAMETERS
PGM: PROGRAM

FIGURE 2. CBUS OPLRATING SYSTEM
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Coarrand processor/resouzce allocasor/targes

Tte commend precessor provides the architecture withinm which the user can organize
Gata flow and computing tasks into engireering functional blocks. This architecture in
the ideal form, therefcre, lacks any engineering imtelligence or functiomality. The C2US
ocerating systenm pernifs the user to address the engineering recwirements with the foll
benefits of an integrated compoting environment but without the uswual constraints of
entry protocol, imposed comsuting module formats, and fixed data paths and/o:z data types.
With functiona2lity gefinitions and data management tasks outside of the commznd processor
control, the user bas the £lexibility to mechanize within C2US most processes that can be
describsd on an IB¥ 270 coxputer operating system.

After the coamand procescor generates a data strezm that can be interpreted by the
resource ailocator program (RAP), the comrand processor releases control :o the mopitor.
The monitor then calls the resource allocator to interpret the input gata stream
generated by the coxmand processor. When the resource allocator interprets enough of the
file to exzecute a2 process, the rasovrce allocator modifies the computer resouvrces
according to the file's instructions and zeturns control back to the monitor. The conitor
then executes the tarcet nazed in that process.

When the target task is cozpleted, the monitor goes back to the resource allocator
to intervret more of the data stree=a provided by the cozmané processor. Tie rescurce
allocator reallocates the resovrces; it then returns control to the monitor, which calls
the next target program. This process is repeated until the data strezz is expended. hhen
the process is coxplete, the monitor then returns control back to the coczand processor
to get another stream of data which the resource allcocator may interpret and the conitor
Day execute.

The target can be any data management system (DMS) progra=m, any analysis program, or
any load module of any type. The sequencing of these target programs verforms in a
typical process the following:

e PFoves data into files required by the next target
e Operates on the input files to produce output files
e HMoves output data into storage

The nonitor sees every program as & target whether it is the command processor, the
resource allocator, or any other load module. The labels given the command processor,
resource allocator, and target are only an aid to describe the relationship each has with
the monitor and the CBUS operating system.

2dditional details of the system's operational characteristics may pe found in
Appendix A.

Run data management system

The run data management system (RDMS) is one of the target programs. The RDMS
manages computer files which are used during the CBUS execution to store and retrieve
data blocks which have been generated by target programs. RDMS also manages the data
blocks known as "macros” and "commands” which are accessed by the command processor.
Figure 3 illustrates the typical files that the RDMS accesses in the role of a target
program.

COMMAND
AND
MACRO
DATA 8LOCK

TEMP
FILES

(GENERAL)

RUN DATA
MANAGEMENT
SYSTEM (RDMS)

FIGURE 3. RDMS FILE INTERFACES

CBUS portability

CBUS is currently running on an IBM 370 operating system. The monitor (assembly
language) and the resource allocator (FORTRAN) make references unique to the IBM 370
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ozerating systen. Recoding of these progrems would be recuired before instzllation on 2
¢cifferent coxcuter could be attexzpted.

tch and Interactive processing

C30S is a direct éescendant of aa operating system used to drive interactive
analysis prograns on refreshable graphics terminals. R11 aspects of CBUS are totally
coxpatible with tae interactive processing mcde. In the UMIX terminolocy [Ref.l1), the
cozzarnd processor would becoxme the shell which woulé interpret the user recuests, call
prograzs fron mexzory or files, and execute them one at a2 time or in a series called
*oipe”. The sSystem prozst for GNIX usually is "§". For CBUS the prozpt is “@". while the
conversion to an interactive mode would be trivial, the resources reguired to execute
soze of the processes woulé be significant, especially in light of user priority rormelly
associated with the interactive cozputirg mode.

USER INTERPRCE

The user interfaces with the CBUS operating system through cozmands, and through the
co=manrd processor lancuage. A coznand specifies a process in & language which is
interpretable by the C3US cocmand processor at the user input ievel. A process is a
particular zethod of doing sozething, generally involving a nucber of co=puter prograxs
and/or operations. A cormand contains a2ll the defaults necessary for exectliing a process.
The co=mand processor recognizes four levels of =acro configured data structures; narely,
macro, subcoc=and, cocmand, and supercorsmand. The different levels of zacros, as
illustrated in Pigure &, make possible Gefinition of primitive processes which can be
used as building blocks for any nucber of higher level processes. The macro aad
svbcoznand are building blocks for co-mands while co=mands are building blocks for
supercor=ands.

SUPzR
COMMAKD
D

iD

SUPER

COMMAND COMMAND
COMMAND a e ——— ¢ -—— END

SuB SUB
COM#AND COMMAND
a

—[TEXT;[ \

COMMAND —» END

SYMBOLS

SUPER COMMAND
COMMAND

SUB COMMAND
MACRO

BRANCH PT
LABEL COMMAND

sus
COMMAND

e OB 00N

[TEXI;I—

O

SAME FORM AS SUB COMMAND
BUT NOT A PROCESS

FIGURE 4. MACRO STRUCTURE EXAMPLES

Macro

The term macro as used in the CBUS operating system defines any collection of data,
whether function-related or data base-related, which is accessible by specifying a
prescribed eight character alphanumeric name. The macro as defined in Ref. 2 1s: "a way
of packaging toutines for future use ... a macro facility is made possible by a special
processor that can be embedded within an assembler or exist as a separate piece of
software; 1f separate, 1t will be given as input a source program consisting of a mixture
of macros ana AL statements, transform the macros in AL, and pass the resulting program
to a simple assembler." AL refers to assembly language. The macro in CBUS has the above
function c4cept that AL now refers to any language or data statements.
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Subcoazand

A subcormmand is 2 self-contained instruction set which defines a2 process to be
performed ané is accessible in the CBUS operating systex by the sauze naming convention as
is available for a macro. A suicormand is mot Girectly available t« the user but cust
reside in a cozmané. Subcozzends, however, access macros and have "defaules® for
*attributes” (see below) which the user or commands can alter. Subcommands cannot access
a com=and or superco—2and. Subcozmands are co—ponents of cocmands which may be modified
by the calling co—rmand through specification of the subcorzand attributes. 2 subcozmand
can reference another subcomzand. A subcozmand is likely to contein a ntzuver of
references to program load podules. Eowever, the secguence in which the progranm load
ecdules 2re executed is f£ix-d in 2 subcozmand.

Co——and

A cczxangd contzains, in a fixed secuence, a collection of references to subcommands
as well as 21} defau.ts for attributes associated with subcoz=ands and mecros. This
collection is reguired to define the coc=and’s process. The command is the primery unit
which is accessib:e by the user and has the same naming convention as the macros andg
subcormands. Co—mands o not contain logical branching functions for referencing
subco=nands.

Supercor=ané

A supercormznd contains references to cormands and supercormands, and includes all
defzaults necessary to perform its function. Supercommands, therefore, permit recursive
ocerations because ¢ supercormand can reference itself. The primary characteristic of a
supercozmand is its access to the CBUS command language which, therefore, permits logical
branching and inline alter capability for the defaults. To the user, a supercommand
appears to be another command. To the CBUS command processor, however, the supeccommand
15 processed until a2 command is defined which can be passed to the monitor/resource
allocator for execution.

Attribute and befault

Attribute as used here is any item required for execution of the process which can
be altered, deleted, or assigned by names and keywords. They include any data quantities,
program names, data names, keywords for CBUS commands, FORTRAN statements, etc. The term
Gefault refers to the naming of the attributes within any of the macro structures being
discussed in this section.

.ser~friendly

Technically, the term user has two connotations: 1) the user operating through the
command processor language, 2) the user who is the CBUS programmer of commands and
macros. The user operating through the command processor language will find the system
user-friendly because of the following characteristics:

e The user requests processes to be executed by names which were generated by the
CBUS programmer.

e The user input format is free form.
e A process contains all defaults for execution.
e 1The user deck defines what is to be done and not how it is being done.

The generation of commands and macros, however, requires the use of a lower level
language. There are more rules associated with coding commands and macros than with
executing processes through the CBUS command processor language. The language for
building commands, therefore, is less user-friendly.

COMMAND PROCESSOR LANGUAGE

The user command language is a high level language which permits the typical user to
define complex computing functions through commands and branch capabilities. Some of the
essential features will be demonstrated by example.

Initializing PADS
A typical setup to initialize the CBUS operating system is:

@ START
@ PADS

The command, START, enables the CBUS operating system to execute system bootstrap
operation (see Appendix A for details). START loads primitive system commands and
prepares the CBUS for interpreting the next command line. In this case, the uext line
requests the system to execute the command, PADS, which loads all comrands/macros
associated with the functionality of preliminary aerocelastic design of structures.
Sometimes the commands and other data are stored on permanent data sets when many
re-entries i1nto PADS are expected.
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The com—and, RESTART, replaces the STRRT and the PADS cocmands. The setup would thea
appear as:

€ RESTART
PERMPIF = RF1000.PIF
DERMPMF = RF1000.PMF

where the two entries after RESTART are altercards (to be defined later) which identify
the nazes of the permanent data sets that contain the PADS system commands and data
entries. PERMPIF keyword points to the data set containing the index data and the PERMPMP
keyword points to the data set containing the data records.

Inpuet data assembly

The next set of commands pulls in data from external storage systems. Certain of
these are encoded so that a preprocessor scanning the user input cards builds the data
stream that will automatically assemble the data blocks requested by the user. A typical

setup for this operation is:

g BUILD
JOB (5555,500); (ID for ovtput data sets)
*

ID(JOB=5555,SECT=400)
IN/1000,THRU,2000/5123/6000,THRU, 7000/
*

* read into PADS DMS
*

8 READIAPE

where, under command BUILD, matrices 1000 thru 2000, etc from job number 5555 and section
number 400 are located in Lockheed's DBM system called FINDEX and stored on a temporary
disc data set for the command, READTAPE, to read into the RDMS. Cards with "#*" in the
first column are comment cards.

Branching Capability

Also available to the user is a set of commands that allow branching within the
command processor input deck. These include the following commands:

eGOTO . @ :

QCALL , @RETURN ,
QIF (expressions) THEN GOTO ,
where is an alphanumeric character label up to eight characters in length.

The first of these commands is an unconditional GOTO to a label. The label command
is distinguished from a normal command by a ":" as shown in the second item of the list.
The next branch function is the command CALL which is analogous to the FORTRAN subroutine
CALL without arguments. The command RETURN provides the branch back to the point of the
call. Another function is a conditional statement based on a logical IF, which provides
alphanumeric identification with the functionality of less than, greater than, or equal
to evaluations, similar to syntax in FORTRAN 1V.

The variables specified in the conditional "IF" option may come from two sources:
from the in-line definition of the variable in the user deck, and from the application
programs that arz reguested in the commands. As the variables are entered into a scalar
library file, the intermediate products are saved and existing variables are updated.
Consequently, implied DO loops are available to the user.

Altercards

while a command contains all the attribute defaults necessary to execute the
process, there are certain attributes that must be named at the time the process 1is
invoked. This is required because the process directly operates on the named attribute.
There are other attributes that are named at the time the process is invoked that have to
do with data management control. These requirements to name attributes withain the commana
or macro are satisfied using a facility in the CBUS system called altercard.

Altercards are statements within the user deck that follow a command line. A command
line first character is "@". All statements up to the next command line are considered by
CBUS to be altercards for the command being invoked. A typical examgle follows:

@ VIBRATION ; this is a command to perform a
* vibration analysis
MASS=3000 ; this is an altercard to define
* the mass matrix
STIFF=4000 ; this 1s an altercard to define
* the stiffnness matrix
MODES=20 s this 15 an altercard to define the number of
4 vibration modes to be computed
9 FLUTTER ; the next command; terminates the altercard
* list for the command VIBRATION

oyt e w
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The cozz=and, VIBRATICN, could have teen coded to accert the following form for the
altercard:

€ VIBRATION
VIBCARD = 3000 4000 20
€ FLUTTER

or with the attributes already imbedded within the command;

@ VIBRATION
€ FLUTTER

Additional information on altercard and CBUS alter capability, together with data
block naming convention, may be found in Appendix A.

Error handling procedures

Since the CBUS operating system accesses many major systems in one computer run,
care is exercised so as not to continue the computation process if there is either (1) an
abnormal ending (ABEND) out of one of the target programs, or (2) a condition code
generated by the last target program which tells the user that continuing is not
worth-while.

Recovery procedure

A user-directed recovery procedure permits the user to save data generated up to the
ABEND or condition code failure. An ONERROR command label is placed in the user deck to
designate the point to which CBUS will branch when either an ABEND or condition code is
detected. The process that may be performed on an ONERROR branch may include data
management clean up and save routines, printouts of execution logs, and tables that refer
to the tracking of the program data flow. The commands under the label of ONERROR must be
thoroughly tested to avoid a double ABEND or error. RAP accepts only one branch to an
ONERROR. If an error occurs after the CBUS system branches to ONERROR, RAP will instruct
the monitor to terminate the job immediately.

THE DESIGN PROCESS

In practice, a design process is a good roadmap which identifies the path to a
rational design. However, as in any travels, the successful designer must be ready to
follow other routes if the design data justifies the excursion. Therefore, a plan showing
probable paths and sequences of operations is at best a general guide rather than a
definitive route through the design process. Within the context of these reservations, a
design process will be outlined in terms of the engineering processes described in
Appendix B.

The first step in the design process is to define the objectives of the task and the
necessary level of design detail required to satisfy those objectives. The design team
must then review the requirements, cost out the project, and define a schedule. This 1is
an iterative process between the customer and the design team as with any project with a
specific amount of available resources. This phase is labelled "DESIGN OBJECTIVES" 1n
Figure 5.

PRELIMINARIES

DESIGN OBJECTIVES

* Y &

FEM
MODELING WEIGHTS TRANSFORMATIONS

SIZING

RIGID AP FIRST FIRST FLEX FIRST FLEX
STATIC L0ADS{ ] sizme | *lstaic wans[] szne [

SECOND FLEX FLUTTER SIZING
STATIC LOADS CONSTRAINTS

WEIGHT \ SECOND
UPDATE / FLEX SIZING

SECOND FLEX [ _ _fSECOND FLEX TAXI
GUST LOADS AND LANDING LOADS
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FIGURE 5 DESIGN PROCESS GVERVIEW
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The next step is the generation of the structural finite element model, initial
weight distributions, and initial entries into the various modules to generat geometry
tables for each grid system to be used in the design. This provides the nece.sary data
base for the computations of all transformation matrices between the various grid
systems. The completion of the transformation task marks a major milestone in the design.

The initial internal loads intensities are generated from static loads for a rigid
airplane and uniform properties for those structural finite elements to be sized. A panel
sizing and stress allowable (PSASA) process then generates from the load intensities the
initial sizing and the associated stress allowables for the specified margins of safety.
There may be multiple entries into the internal loads generator and panel sizing
procedures before a converged sizing is produced using rigid airplane static loads.

The computations fer static loads and internal loads intensities are repeated using
the sizing derived from rigid airplane loads. The term "first flex sizing" refers to the
use of the design's first flexibility matrix in the computation of the static aeroelastic
loads to derive the sizing.

The first flex sizing data provides a basis for updating the weight data and for
generating dynamic loads input (gust, taxi, landing) along with the flutter minimum
sizing constraints. The second flex sizing should be close to the sizing which satisfies
strength and stiffness requirements. If the loads and stiffness interactions are highly
coupled, the process may require another iteration through the third flex sizing. At the
conclusion, there should be a final pass through the anaiysis modules in order to
quantify the design relative to the design constraints.

VALIDATION EFFORT

There are two phases to the process by which PADS is being evaluated: 1) the
validation of CBUS operating system and the analysis programs, and 2) the validation of
the design process for the objectives of preliminary design. Both phases require an
existing production airplane design which has an extensive data base for weight, design
loads, sizing, etc., for comparisons. These quantities are not only required for
reasonableness checks, but also to quantify the areas of design that may not be properly
represented in the design process.

Reference airplane

The airplane selected as a reference design is the L-1011-500 ACS. The airplane
3-view is shown in Figure 6. This configuration has a maximum gross weight of 504,000
pounds and a payload of 40,000 pounds at a range of 5200 nautical miles. The cruise Mach
number is 0.83 and the cruise altitude is 37,000 feet. This version is a long-range
derivative of the L-1011-1. Active control technologv was used to minimize structural
wing changes when the -500 wing span was extended to improve fuel economy. The maximum
design zero fuel weight is 338,000 pounds. The typical operating empty weight is 252,000
pounds.

Computer Program Validation

All major computing programs (FAMAS, NASTRAN, etc.), except the weight distribution
program, the panel sizing and allowable program, the fully stressed design sizing
program, and the program for structural resizing for flutter, were used in the production
design of the basic L-1011 and its derivatives.

The validation process reduces to the following tasks: 1) to verify that the
existing computer programs and systems operate properly in the CBUS environment, 2) to
verify that the many pre~ and postprocessor modules do what they were designed to do, 3)
to verify that the CBUS data management systems properly function in their storing and
retrieving modes, 4) to generate .comparative data for programs not extensively used.

The initial validation of the CBUS operating system occurred in 1976-77 time period.
Many tests were conducted to ensure that the role of the monitor along with the resource
allocator were equivalent to the batch entry mode for any target program. Check cases
were generated in the standard batch and compared with comparable CBUS computer runs.

The pre- and postprocessor outputs were compared to known data files. The
postprocessors which processed the results and displayed the output in a graphical form
were valuable in making questionable data inputs and other problem areas visible.

Checks for the run data management system (RDMS) were performed by comparing CBUS
generated files with known data files. Many indirect checks were made by comparing the
outputs of programs using RDMS with results generated in normal batch.

The panel sizing and stress allowable procedure was checked against known allowable
and sizing data for certain internal load conditions. As an additional check, the fully
stressed design procedure was compared to the panel sizing procedure for compatibility.
The weight distribution program has internal checks for mass and moments of 1nertia
quantities. The results of the program were favorably compared to known mass
distributions. The structural resizing for flutter programs also will contain internal
checks 1n terms of reconciling the modules and sizing changes with the flutter results
using the resized structural properties.

t-1/4
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FIGURE 6. L-1011-500 ACS THREE VIEW
Design process validation

The final step in the design process validation is to generate airplane design
characteristics of a known design from data and criteria normally available at the
preliminary decign level., The problem of validation, however, is compounded if some of
the elements of the design process (i.e., how the final design was established) are

ill-defined or not known. For this reason, the design process validation is currently
limited to wing panel design.

The processors associated with the design process are described in Appendix B.

Engineering Processes. There are two assumptions which govern the current implementation
of these processors:

e Symmetric conditions only
¢ A limited number of flight conditions.

In addition, transient manuever and static discrete gust loading conditions were deleted
from the static loads processes., Part of the validation process is to review the
assumptions and deleted tasks against the design results.

Two processes were identified to require additional definition: 1) model design
factors, Figure B-4; 2) model weight to hardware weight factors, Figure B-1.

Two studies are being conducted. The first study is a weight comparison which
compares subsets of model-weights from the finite element model with the reference
airplane production model sizing, Production model sizing is derived from production
hardware components for use in production stress analyses. Lower and upper panel hardware
weights were computed over the same regions of the wing for which the subsets of model
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weights were determined. Ratios of hardware weights to model weights are computed along
the span.

The second study generates PADS sizing for zero margins of safety and for reference
airplane production margins of safety. The difference between the reference airplane
production model sizing and the PADS sizing may help establish the model design factor
methodology, if no other significant unknowns appear during the design comparisons. Since
static loads are the design critical loads on the reference airplane, gust loads
generation was not included in the study. Flutter requirements on the basic L-1011 design
were specified in terms of a minimum torsional stiffness requirement. The possible role
of flutter requirements on the reference airplane will be assessed after strength design
is completed. These studies are in progress; results to date are discussed in the next
section. While flutter and gust loads were not used in the PADS sizing study, both
processes were exercised using the production model sizing in order to validate the
results of each discipline with known analyses.

NUMERICAL WORK IN PROGRESS

There are many design details which can not practically be included in a preliminary
design effort. However, if these details add significantly to weight and strength, then
some accountability must be made in the design process. One objective of this numerical
exercise is to quantify some of the detail design effects in terms of two approximate
processes. The first process, model design factors, will account for model sizing
increases required to accommodate design details which currently do not have any design
criteria. Two PADS sizings will be presented in the study of the model design factors: 1)
structure sized to zero margins of safety, 2) structure sized to production margins of
safety. The second process, model to hardware weight adjustments, will account for the
differences between model weight derived from a finite element model representation of
structural components and hardware weight derived from actual weighing of structural
components.

Another objective of the design exercise is the evaluation of FSD in conjunction
with the panel sizing (PSASA) program, which also produces stress allowables. Finally,
the results of each engineering process will be checked for accuracy using the data base
available for the reference airplane, namely the L-1011-500 ACS which is described in the
validation section. The reference airplane has an active control system for maneuver load
control (MLC). As part of exercising the PADS system, a wing panel sizing will be
performed on the reference airplane with and without MLC for zero margins of safety. The
results of the numerical study are summarized in Table 1.

TABLE 1. SUMMARY OF NUMERICAL RESULTS

1 Werght Factors: Hardware Weight/Production Model Weight = 1.2
I PADS Sizings:  Normalized Surface Weights
2Zero Margins Production Min, Margins
Upper Lower Both Upper Lower Both
Surface Surface Surfaces Surface Surface Surfaces
Reference 1 1 1
Aurplane
PSASA Sizing .83 764 192 .89 .88 .89
w/ MLC
FSD Sizing .845 181 808
w/MLC
PSASA Sizing .89 .85 868
wio MLC

Structural finite element model definition

The finite element model consists of three parts: 1) the wing, which is a full 3-D
model, Figure 7, with a medium degree of detail, including control surfaces, flaps,
gears, and leading and trailing edge structure; 2) the fuselage over the wing box, which
1s a full 3-D barrel section; and 3) the forward fuselage, aft fuselage, and the
empennage, which are modeled with beam elements. There are 3,741 degrees of freedom in
the NASTRAN F-set, 228 degrees of freedom for the definition of the structural influence
coefficients, and 161 for the A-set stiffness matrix. The wing contour data base was
obtained from the aerodynamics representation used in drag and lift studies. The ribs
were modeled one model rib to two airplane ribs, The finite element layout for panels
(upper) 1s shown 1n Figure 8. The panels were modeled using a Lockheed/NASTRAN
quadrilateral membrane element which includes separate input of the stringer
characteristics.

weight

weight was distributed over 501 panel points. An ASSET Group Weight Statement

1-73
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provided the component weights which correspond to the actual hardware weights. Standard
normalized curves were used for span and chordwise distributions. Fuel volume was

computed from 3-D computer drawings.

Static loads

Flight conditions were selected on the basis of a subset of the critical loads for
the production airplane wing box. Both active controls on and active controls off
conditions were used for symmetric manueévers. Ground handling (brake roll, etc.), and a
pseudo taxi condition were also included. The airplane was trimmed for each flight
condition, thereby producing net balanced airplane loads. The 25 load conditions are

listed in Table 2.

TABLE 2. STATIC LOADS CONDITIONS

MANEUVER CONDITION

1G Level Flight — (Basic)

Positive Steady Maneuver — (PSM)
Negative Steady Maneuver — (NSM)
Positive Steady Maneuver ~ (PSM)
Negative Steady Maneuver — {NSM)
Landing

Landing

Taxi

Brake Roll

LOAD CONOD. A B c D € F G H

Flight Cond. No. 1101 1102 1103 1104 1105 LANDING | TAXI |[BRAKE ROLL
Weight = 1000 Ib 350.3 5040 504.0 504.0 504.0 368.0 506.0 5060
C.G.~%MAC 125 1713 17.13 17.13 1713 269 14.1 26.9
Flight Cond. Mid-Cruise| Va Ve vd Flap Ext. - - -

Mach No. 0.8 048 0.82 0.88 033 0.28 - -

Ve = KEAS 3600 3160 3560 418.0 2200 182.0 - -
Altitude — 1000 ft 200 80 213 173 6.0 0.0 - -

ACTIVE CONTROL (MLC)

ON
oN
ON

OFF
OFF

OoN

OFF

LOAD CONDITION

A
Athro E
Athru E
Athru E
Athro €

fF

E

G

H

25 Loads

Stress

A panel sizing and stress allowable (PSASA) process uses internal load intensities
from the finite element model to select the sizing necessary to satisfy strength,
fatigue, and many other design criteria. This inhouse procedure is used to compute
margins of safety for production designs. The process also makes use of a special data
base to reduce the computer run times, an important factor in an iterative procedure. The
data base is keyed to two configurations, namely %-stringers for the upper surface and
J-stringers for the lower surface. Materials for both configurations were 7075-T7651
plate for the skin and 7075-T6511 extrusion for the stringers.

The reference airplane production minimum margins of safety were taken from the
stress reports. The grid in the stress report did not coincide with the panel layout
shown in Figure 8. A linear interpolation was performed on the production margins of
safety without regard to loading condition compatibility. The margins of safety for the
wing box, however, did not exist., The wing box margins of safety were therefore set to

zero.

Flutter

A flutter analysis on the reference airplane using production model sizing generated

agp—
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stability V-~f-g plots for variable density solution ¢f the flutter equation. A Doublet
Lattice unsteady aerodynamics program generated the aerodynamics for nine reduced
frequencies at Mach 0.88. The flutter analysis used 20 ratural vibration modes. Vibration
modal displacements and V-f-g plots were produced.

Vertical Gust

A vertical gust analysis was also performed on the reference airplane using the
production model sizing and aerodynamics generated in the flutter analyses. The pre- and
postprocessors and the primary gust modules were only exercised up through panel and
integrated loads. This includes frequency response functions, power spectral densities,
root-mean-square (rms) values for unit (1 ft/sec rms) gust, frequency of peak values and
selected correlation coefficients. A separate weight condition and vibration analysis
were produced. Neither the vertical gust nor the flutter analyses were performed on the
structures generated by the PADS's sizing process.

Baseline analyses and results

Internal loads and deflections were computed using production model sizing and the
results were compared for reasonableness to known quantities. The analyses were continued
through flutter and gust. The unsteady aerodynamics were compared with production kernel
function aerodynamics. Checks were made on the weight matrix and the stiffness matrix.
Thelovergll results were good to excellent. The gust results are currently being
evaluated.

A major effort was made to establish empirical weight factors between the production
model and hardware weights. NASTRAN was used to compute model weights for seven chordwise
bays for each wing structural component. Hardware weights were then determined for the
same bays and structural component definitions. The overall hardware/model weight factor
for the panels was 1.2. The hardware to model weight factor distribution with span is
shown in Figure 9. The spanwise variations of the factors were greater than expected.

The PADS design process for zero margins

The design process followed the path outlined in Figure 5. First, a bones drawing
defined the critical coordinates for the structural finite element model generator. A
structural (finite element) model generator was available on a computer file and most of
the dependent displacement equations were directly applicable. With the structures
geometry table and initial processor runs for weight, static loads, and flutter
completed, the PADS command for grid transformations generated the transformation
matrices for the rigid airplane static loads computations. All finite element sizing
except for the upper and lower panels was taken Erom the production data base. The upper
and lower panels included stringer definitions as well as skin thicknesses. The region to
be sized included both the wing center box and the outer wing sections. The maneuver load
control (MLC) reflected the production configuration. Theoretical aerodynamics were used.

The first sizing run, which included the generation of internal loads based on the
static loads for a rigid airplane, uniform panel sizing, and one pass through the PSASA
process, produced reasonable results. The structure was sized for zero margins of safety.
The process continued with the computations for the flexibility matrix, static loads for
the flexible airplane and another pass through the PSASA process. The second sizing
reflected the load relief provided by the airplane flexibility. The process continued
with another pass through the PSASA program to produce a third sizing. Then using the
second flexible loads, the FSD produced another sizing.

Results for PADS design with zero margins

As shown in Figure 8, the panels for the wing box are arranged in four strips or
bays, each bay going from wing tip to fuselage center line. The first three digits of the
panel ID designate the panel element location within the bay. Figures 10 through 17 show
upper and lower panel unit weights versus the panel ID for reference airplane production
sizing, rigid airplane loads sizing, first and second flexible loads sizing.
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The plots show significant differences between reference airplane production model
sizing and the PADS sizing results. The PADS sizing was 21 percent lighter than the
production model sizing. Figures 18 and 19 show the unit weight differences between
production sizing and the PADS sizing in an isometric view of wing planform. The
differences in skin thicknesses exceed 0.25 inches (0.64 cm) in some areas of the wing.
1hese results are currently under review.

FIGURE 18. UPPER SURFACE PRODUCTION MINUS PADS SIZING UNIT WEIGHTS FOR ZERO STRUCTURAL MARGINS OF SAFETY

A e

FIGURE 19, LOWER SURFACE PRODUCTION MINUS PADS SIZING UNIT WEIGHTS FOR ZERO STRUCTURAL MARGINS OF SAFETY
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The FSD sizing showed reasonable agreement with the PSASA sizing for some regions of
the wing and more than expected variations in other areas. The difference in total panel
weight was 1.6 percent with the FSD solution being the heavier of the two. These results
will require more study and experimentation, The formulation of the stress interaction
curves in the FSD program will probably be the first area to be reviewed.

Results of PADS design using production margins of safety

Two passes were made th:ongh the PSASA procedures using the reference aircraft

} interpolated production margins of safety. The comparison with production model sizing
shows a significant improvement over the PADS results for zero margins. The PADS sizing
was 11 percent lighter than the production model sizing. Figures 20 and 21 show the unit
weight differences between production sizing and the PADS sizing for production margins
in an isometric view of wing planform.

Sizing without MLC for zero margins

Using the second flexible static loads sizing with MLC and zero margins of safety as
the starting point, airplane wing panel sizings were generated for an airplane without
MLC. The first pass used the second flexible loads with MLC. The loads for MLC-on were
, removed from the stacking matrix and the remaining loads, MLC-off, which had been defined
at lower load factors to reflect the low exposure, were factored to represent loads for
an airplane without MLC. NASTRAN then was used to compute internal loads for input to the
PSASA process. Using the sizing output of the panel sizing effort, NASTRAN was used to
compute the flexibility matrix and the static loads were updated. New internal loads and
sizings were generated. The internal loads and sizing procedures were then repeated while
holding the external loads constant.

P

Results for airplane without MLC for zero margins

e o c—

The objectives of these sequences of calculations were twofold: 1) to determine the
} weight increment in the panels for an airplane without MLC (w/o MLC), 2) to determine the
convergence of the PSASA process while holding the external loads constant.

5 The panel's model weight w/o MuLC was 6.8 percent over the PADS design with MLC
) (w/MLC). Figures 22 and 23 show the convergence of the panel sizing program for the
* third-from-front bay. This bay showed the largest variations in the unit weights.
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FIGURE 20. UPPER SURFACE PRODUCTION MINUS SIZING UNIT WEIGHTS FOR PRODUCTION STRUCTURAL MARGINS OF SAFETY

FIGURE 21. LOWER SURFACE MINUS PADS SIZING UNIT WEIGHTS FOR PRODUCTION STRUCTURAL MARGINS OF SAFETY
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Computer run statistics

The following PADS computer run statistics were compiled for the computer job
submittals that generated the results published in this paper. The statistics exclude
computer runs required to generate the structural finite element model.

There were 15 PADS job submittals under CBUS. They" were equivalent to 167 non-CBUS
job setups. There were 358 entries into RDMS and other data base management systems for
matrices, card image data, and tables. NASTRAN was accessed 11 times; FORTRAN programs
were accessed 72 times; FAMAS system was accessed 55 times; PL/I programs were ac :essed

%gstiTe:. The computer runs generated 850 output matrices, 30 card image data sets, and
plots.

Elapsed time statistics

The following elapsed time statistics include computer job setup times for the task.
It does not include the time required to generate the basic input data sets for the
various disciplines. It does include modifications to the input data sets. Normally, the
computer jobs are prepared for submittal during the normal work shift and the computer
jobs are processed overnight. The level of effort is effectively one person.
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® One gay..... one pass throvch static icads, internal load3, sizing, stiffness and
flexibility matrices, and flutter

® Three days.. grid transformation, weight, ... , first fiex loa2ds
® Seven days.. wing configuratior change up to first flex loads.
PADS DEVELOPMENT STATUS
Engineering processes

The status of PADS develorzent is summarized in Fable 3. The first column lists the
eleven engineering functions discussed in Appendix B. Column two gives the percentage
completiog of basic technology module, developzent of which is rot under tRe PRDS charter
but which “is needed in order to generate the corresponding PADS process. Column 3 gives
the percentage coapletion of the coamand. Coluzn 4 is the percentage completion of
automating the preparation of basic input data from generalized scalar libraries and
other data sources. This is probably a rever-ending effort. Column 5 lists the
operational status of each engineering process. A yes indicates the process was used in a
PADS design exercise. The percentage of completions cuoted in the table serves to provide
a rough measurement of progress to achieving the PADS goals which were stated in the
INTRODUCTION. The perception of work to be done will change as more of the capabilities
become operational.

TASLE 3. PADS DEVELOPMENT STATUS
Cdi 2 3 4 5
Engineering Process Tech Commpads Awxto Frodectios
% Coapletion % Coapletion ot Suns
% Cozpieticn

Weight g0 €0 2 yes*
Grid Transformations 95 S5 75 ves
Finite Element Modeling 80 £0 50 yu**
Stress

Pane] Sizing and Stress Allovable 95 95 50 yes

FSO 100 95 59 yes

Adjusted Sizing 0 0 0 HO
Static Loads 85 85 30 yes

Steady Symmetric Maneuver

Landing 95 85 30 yes

Brake Roll

Pseudo Taxi
Flutter 100 100 5 yes
Resize for Flutter 70 50 30 NO
Gust Loads 80 50 50 yes*
Taxi Leads 80 30 30 NO
Landing Loads 80 0 0 HO
Active Controls Synthesis 50 I 0 0 NO

¢ = 50% completed
** =nota PADS command

Since PADS deveiopment is based on the integration of existing computing systems by
extensive use of pre- and postprocessors, all of the programs developed to automate the
data flow are available outside of the PADS/CBUS system through normal batch access.

There are currently 400 CBUS system commands and macros for the PADS effort. The
user typically codes the input deck with references to no more than 50 individual
commands and supercommands.

CBUS operating system

The CBUS operating system development is 90 percent complete. Although a scalar
library is in the system's architecture and has been coded, testing of the capability of
scalar libraries, and, more important, the development of ground rules for their naming
and control have not been completed.

Documentation

Documentation is currently the pacing item to making the PADS/CBUS system a full
production tool. The immediate need is the formulation of comprehensive user and system
manuals. The user manual will be an interactive query program along the lines of a
computer HELP program. This program would permit the uninitiated user to pick commands
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i-J?C) from 2 mean 2nd to ask for quidance in the application of the particular commenc. Ine

help feature will also output 2 PRBS user deck at the user opiion. Zhe user will 2lso
have the option to prcduce a hard copy of the user manual.

Fetere work

ghe first order of business is the cozpletion of the design of the reference
airplane and the resolution of the engineering processes which are recuvired for
preliminary design. Tbe PRDS capability will then be applied to the study of the effect
of wing aspect ratio and wing thickness/chord ratio on fuel efficiencies.

This Lockheed inhouse work is being coordinated with NESA's Langley Research Center
sultilevel design research activity under @ cooperative effort to @esign an aircraft wing
for fuel efficiency. Tne primary objective of this effort is to study and evaluate the .
sultilevel and the PADS/ASSET approaches to aircraft wing desiyn. Lockheeé is providing 2
cozzon design éata base for this effort to NASA under the contract NaS1-16794. The
contract technical monitor is Dr. J. Sobieski. The first phase of this study is projected
for cozpletion XNove=ber 1984.

CONCLUSIONS

e A rapid zeroelastic analysis and design capability has been acquired by adapting
existing enaineering methodolegy and and the asscciated coaputer tools to the
recuire=ents of preliminary design.

e The PADS goal of developing a computer operating system and design methodology to
generate an accurate aeroelastic design within the conceptual and early
preliminary design phases has been substantially demonstratec.

e The CBUS operating system satisfied the requirements for flexibility and
modularity and achieved all objectives stated in the operating system
specifications.

e The CBUS operating system and the run data base management system satisfied all
requirements for validation.

e The validation and testing of the design and engineering processes is not
complete.

& A PADS type of operation requires a high degree of coordination among the
disciplines. Adequate decign visibility and control must be addressed.

The following observations are provided as a summary review in support of the above
conclusions:

CBUS Operating System
-
e An operating system has been defined and coded which provides the user with a
continuous computing ¢, tion without interfering with the standalone function of
any participating program or system.

e The concept of a command has been developed as a driver for the data flow control
and program execution requirements of an engineering process.

e The concept of altercards provides data paths into the command to change default
attributes and/or to invoke other options.

e A command processor language has been developed which provides logical branching
capabilities but leaves the naming of the commands/macros to the user.

e The concept of a supercommand provides the grouping of commands and other
supercommands and includes all the command processor language capabilities.

Data Management System

e All existing data management systems are available to provide retrieval and
storage of permanent data blocks and communication with these systems is achieved
by means of commands and subcommands.

e An internal data management system has been defined which supports the retriev§1
and storage of data by simple qualifiers so as to retain the simple functionality
of a command.

Design and Engineering Processes
e An aeroelastic design process has been defined in terms of production design
computing tools and without violating the conceptual and early preliminary design
phase elapsed time constraints.

e The design process has been modularized into specific engineering processes that
closely followed the production design definitions.

e The concept of a finite element model generator for a family of aircraft
structures has been formulated to satisfy the elapsed time constraints.
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validation Using 2 Xnown Design Data Base

|

® 7he model to hardware weight ratios showed creater than expscted variations with -1
span.

e The engineering processes def@ned as the panel sizing and stress allowable
generator, fully stressed design, weight, static loads, gust loads, and flutter
were exercised and checked using a known aircraft design data base.

® The PADS wing panel sizing of 2 reference airplane design produced panel =model
weights that were 21 percent below the reference airplane values for zero
structural margins of safety. The difference was reduced to 11 percent when
production structural margins were used in sizing the panels.

 —— - -
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RPPENDIX A - CBUS OPERATIONAL CBARACTERISTICS
s Initialization procedure

7o begin, tne computer operating system (0S) executes the CBUS monitor prcgram, and
the CBUS operating system prepares to run the initial entry procedure. The software §
4 recognizes as shown in Figure 2 by means of the first time flag that this is the first
entry into the monitor and that it has no data to pass on to the resource allocator; so
| control via the monitor passes tc the comerand processor for instructions on proceeding.

The command processor in turn knows from the maaitor that it is making the initial
entry and looks to the user-supplied data stream to find out what it is to do. At this
time the command processor does not have access to commands or macros with which to
4 interpret the user input data. Therefore, as part of the initialization phase, a data set
y is supplied to the CBUS operating system which contains the commands necessary to
4 interpret the first command requested by the user. The command processor reads the START
data set which includes commands such as START and RESTART and uses these commands as the !
initial library of commands with which to interpret the user commands. The CBUS operating
system initialization procedure ‘then is completely controlled by the user. The
initialization procedure is outside the operating system and is entirely encoded by
commands in the same manner that commands are written for any other :unction. The ;
initialization phase of the CBUS operating system is completed when the command processor
interprets the user's first command and returns control back to the monitor.

-

Run Data Management System

RDMS is a standalone program that provides the CBUS operation with a facility to
store and retrieve certain data blocks to be used during the computer run. The RDMS is
exclusive in one area: commands/macros to be used by the command processor are assumed to
be stored in this system. The data blocks which the system will accept are 1) fixed
length 80 column records, 2) two-dimensional arrays knmown as matrices, 3) NASTRAN tables
using variable length records. As the need arises, other data block formats may be
included in the system.

- e . W e SR
———

RDMS uses one file to store the physical data blocks and another file to catalog the
data qualifiers and the pointer data for random access to the stored data blocks. This
random access system is known as "NOTE/POINT. The system uses IBM Basic Sequential Access
Method (BSAM) which provides both sequential and direct access. Direct access is provided
through the 0S/VS data management macros NOTE and POINT. NOTE returns the ra2lative track
address of the stored data block and POINT uses that address to position the physical
1 device for reading the data block. Hence, the necessity of providing a catalog of data
qualifiers and pointer data (track addresses).

e v et e W

Data qualifiers include the five digit matrix number, job number, section number,
date, time of day, number of rows/number of records, number of columns,
real/complex/general flag, and dn eight character variable name. Data retrieval is
possible by specifying qualifiers either on an individual or group basis.

PR SN U S

] RDMS is accessible by either a command or subcommand. It either loads data into
files which will be needed by the next target for execution, or it stores data generated
by the target for future reference. With this architecture, the data management system is
uncoupled from the target data requirements. If another data management system is
required, the only change would be to the data store and retrieval commands and :
subcommands.

Data blocks naming conventions

The concept of commands would be significantly impaired if all data blocks required
by a command would have to be named along with the command. The PADS approach was mode’ ed
on the experience of cataloguing data blocks in Lockheed's FINDEX system. The FINDEX
system catalogues data blocks with the following primary qualifiers: reference file .
number, the run section number, and the matrix number. Additional qualifiers of date and :
time are used to resolve ambiguities in the data request if there are multiple entries in
FINDEX with the same first three qualifiers.

In PADS, a matrix number is assigned to each data block used in the design process.
The number is registered in the PADS data log book and is not changed between designs.
o The reference file number is reserved for a project type identification. The section

o



http://www.abbottaerospace.com/technical-library

e g e . A e I AR L P IS I AP0 i - . S

P, o e

/-2

nuxber is a five digit nuzber which is subdivided into class number (one digit), design
nuzber (two digits), and user nuzber (two digits). The class digit is currently not used.
The user number returns to the batch users the equivalent of the whole section number.
The design nuxber is the identifier of the design cycle in the design process. All data

references in a2 co=mand are resolved except for the reference file number and the five
@igit section nu=ber.

This process is further simplified by buffering computing commands with data
retrieval and data store cowmands. The run data management system (RDMS) has the
capability to select data blocks by range of matrix numbers and by sub-groups. One
specifies a set of data blocks for retrieval by the RDMS by specifying values of
reference file nusber, input design number, and output design number and optionally one
or more of the following: class number, user number, matrix number, and the eight
character name. The RDMS returns to the system just those data blocks which carry sets of
these iéentifiers with values matching ALL of the SPECIFIED values.

So instead of passing to the commands matrix numbers, section numbers, etc for input
and output, only the input design number and the output design number need be specified
along with the reference file number.

Alter Capability

A command includes all instructions and attribute default assignments necessary for
execution. The functionality concept requires that the user be able to alter the
command‘'s default attributes. Attributes which could be candidates for change are names
of data sets to be incorporated into the process, constants to be used in the
computations, and naming of output data sets associated with the process. The alter
capability also permits the complete definition of the function with all defaults, while
retaining the flexibility to generate a radically new version of the function without
creating and storing a new version of an existing command/macro code.

An alter capability is available at every level of the command/macro tier by
providing an alter command card ofter the data line which is to be altered. The alter
command line executes the prescribed alter function when the user supplies an altercard
with the identical keyword which is also imbedded in the alter command line. The function
capability of an alter command card is as follows: insert, integer, floating point,
alpha, copy, put, delete, blank, else, and or. The insert function is one of the more
powerful commands because it permits the insertion of other macros in the data stream.
The most used functions are an integer, alpha, floating point, or exponential formats
which override the designated fields on the preceding line. The user enters a keyword,
followed by an equal sign, and lists the parameters to be used when the alter command
line is executed. The input format for both the command line and the altercard is free

form, a delimiter being either a blank or a comma. An example of alter capability
follows:

THIS 1S THE LINE TO BE ALTERED

appears in the macro
@ee keyword 13 4 ALPHA

is the alter command card
with the ALPHA function

. e we

If the user supplied the following altercard
keyword=CARD,

then the above line would read as

THIS IS THE CARD TO BE ALTERED.

With subcommands within commands within other commands, one subcommand is very
likely to be referenced more than once within a command. The method used to migrate the
proper user keyword to the intended subcommand is based on attaching another qualifier to
the calling function invoking the subcommand. This additional qualifier may then be used
as part of the extended keyword name. The extended keyword name would then consist of the
keyword, followed by an underscore, followed by the additional qualifier. The same logic
is used for duplicate commands within a supercommand. The extended keyword is
additionally qualified by a double underscore followed by the qualifier attached to the
command calling function.

The number of altercards often exceed a reasonable number and the cards have a
tendency to clutter up the functional layout of the user deck. The user has the option to
store altercards in an altermacro, which in turn is named as a single unit while invoking
the command. Since altercards enter the system in a number of ways, a hierarchical
stacking of altercards is necessary.

The altercards can be grouped into four categories: global, command user-supplied,
subcommand default, and altermacro. Global altercards are those that the user can specify
to apply to the entire run. Altercards supplied by the user under the command definition
have the highest priority, and will override the global altercards. The altermacro,

altercards imbedded in a macro, is placed below the global altercards and above the
default cards supplied in the subcommand.
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APPENDIX B ERGINEERIRG PROCESSES 1- 23
The subdivision of the aeroelastic design process into specific engineering
functions is somewhat presumptuous, especially since the basic premise governing this
approach is to retain, under each discipline's charter, the definition of what
constitutes a design- process as well as what is the methodology to be used. The naming of
eleven major engineering functions, therefore, is only an attempt at quantifying the
process while being fully aware of the need for flexibility and adaptability. For now,
the eleven major engineering functions under consideration are: grid transformations,
weight, finite element modeling, stress, static loads, flutter, structural resizing for
flutter, gust loads, active controls synthesis, taxi loads, and landing loads. !

Within each function, there are many processes involving input data preparation,
computing, and evaluation of results. The ideal goal is to assemble one or_ two
supercommands for each of the major engineering functions so that the complete design
process could be defined by less than fifty user command cards. Some commands will define
computing sequences while other commands will define data preparation and postprocessing
of results. The automation of data preparation through the use of preprocessors, a
library of common scalar values, and better operational functions involving tables is a
never-ending task. In fact, the automation of data preparation and the presentation of
results is the core of the PADS development.

Grid Transformations

The underlying premise to the development of PADS capability is the use of
production tools and proven procedures to formulate the necessary analytical processes to
be used in weight, flutter, loads, etc. This approach results in a general proliferation
of grid/coordinate systems. A method was devised to generate systematically the
transformations between the many grid systems without sacrificing flexibility.

The grid transformation process requires location and type-of-displacement labeling
of the degrees of freedom (DOF) for the two grids involved in the transformation. !
However, certain sections of the airplane have special requirements concerning the
transformation process; for example, aileron control surface mass elements should be
beamed to flexibility degrees of freedom on the aileron and not to the degrees of freedom
on the outer wing. So in addition to location and DOF informatiom, the geometry table as
shown in Table B-l includes group identifications, such as inner wing, outer wing,
aileron, pylon, fuselage, etc. The transformation between grids therefore is limited to
boundaries defined by the airplane groups. The responsibility of generating geometry
tables resides with the discipline which defines the grid.

TABLE B-1. GEOMETRY TABLE FORMAT i
INFORMATION IN THE COLUMNS OF A DESCRIPTION OF VALUE ‘
GEOMETRY TABLE SIZE - N x 6 INSERTED IN COLUMN 2
1 2 3 4 5 6 VALUE DESCRIPTION

DEGREE LOCATION IN SPACE 10.0101 WING BOX :

TIPE | AIRPLANE OF 10.0201 WING FIN
MATRIX | GROUP | FReeDoM | Fs | Bl | wi : : -
. /-—‘\ }
'i
;
DESCRIPTION OF VALUE DESCRIPTION OF VALUE :
INSERTED IN COLUMN 1 INSERTED IN COLUMN 3 ;
-
AERODYNAMIC DEGREE !
DOWN: EREEDOM VALUE 3
WEIGHT | STRUCTURE | LOAD | WASH }
STATIC LOADS ANALYSES | 1.0 20 | 50| 50 X 1 !
DYNANIC LOADS ANALYSES | 1.0 30| 70 | 80 Y 2 *,
FLUTTER ANALYSES 10 20 | 90 | 100 ; 2 N
g 5 1
Yy B X

Table B-2 summarizes the various grids used in the PADS aeroelastic analyses. The
naming convention used in the table is based on Lockheed's conventions and not on any
industry standard.

Weight

The weight process defines the mass, mass distribution, and mass moment of inertia
for use in loads and flutter analyses. ASSET generates a Group Weight Statement, vehicle
geometry description, mission profile summary, vehicle performance data, and production
and operating cost estimates. Once output reasonableness has been established, this Group
Weight Statement is utilized as the first mass estimate.
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TABLE B-2. GRID DEFINITION SUMMARY

Trans to
Other Responsible
Grid No. Type Deseription Grids Discipline

1. Weight Where weight data is distributed for 2.3.4., Weight
lumped and concentrated masses 1.

2. Structural Moded Where the full set of SICs is defined 10. Flutter, Loads

3. Sic A reduced set of item 2., normally Dyn, Static Loads,
equal toitem 2. Taxi, Landing

4, Stiffness A subset of item 2., where the stiff- 1. Flutter
ness is defined

5. Unsteady Aero Force Where the unsteady aerodynamic 2.4. Flutter, Dyn, Loads
forces are defined

6. Unsteady Aero Down- Where the unsteady aerodynamic 2.4. Flutter, Dyn, Loads

wash downwash is defined

7. Basic Loads Where inertial and aero loads are 2. Static Loads
combined; where dynamic loads are
placed before stacking

8. Steady Aero Force Where steady aerodynamic forces 1. Static Loads
are defined

9. Steady Aero Downwash Where steady 2eredynamic downwash | 7. Static Loads
terms are defined

10. Finite Element Model Where the finite element model DOF 2. Struct. Modeling

are defined Stress

Mass distribution is achieved through the use of similar aircraft component
distribution data base. A suitable candidate distribution is chosen and modified to

reflect anticipated changes in distribution. The total component weight is distributed
with these normalized curves.

Fuel weight and distribution will be determined utilizing tank volumes calculated
from the wing geometry data contained in the finite element model. Appropriate volume
correction factors will be applied. Currently, fuel mass properties are determined
through the CADAM fuel tank and mass distribution modules.

After the generation of the initial weight distributions, the next weight task is to
provide a weight update process to incorporate derived sizing data. The weight update
process starts with the adjusted model sizing (see Stress section) as shown in Figure
B-1. With the computation of the model weights in the finite element grid, the next task
is to map those weights into the weight grid. The model weights are then multiplied by
empirical factors to reflect the differences between the ideal model weights defined
analytically and the final bardware design weights. The output of the weight update
process is an improved weight program input deck for the next sizing pass.

Finite Element Modeling

There are two forms of finite element modeling: 1) that which is required for stress
considerations, and 2) that which is required for structural flexibility/stiffness
considerations. The task here is to generate a finite element structural model computer
data deck which will serve the objectives of both. Figure B-2 illustrates the various
steps leading to a NASTRAN model deck. Critical to the quick design concept is a .
structural model generator (SMG) which would generate a family of finite element models
using relatively simple inputs. These inputs would primarily be a function of the
airplane external geometry and generally not a function of model configuration
arrangements.

The 3-D modeling of the structure begins with a "bones" drawing of critical
geometric control points to be used in the programs which generate and assemble finite
element program input decks. The 3-D description for the wing is derived from a data base
which Aerodynamics generates as part of their aerodynamic configurations studies. Control
surfaces, flaps, and the associated actuation systems are modeled as necessary. Leading

and trailing edge surfaces are modeled for load carrying requirements and not stress
sizing.

Stress

T?e stress process generates sizing for thosc components of the structure which are
not being sized for aeroelastic effects, and provides stress ailowables for sizing
structural elements based on strength and fatigue considerations. The model design
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ASSEMBLE AIRPLANE
CONFIGURATION DATA
ADJUSTED MODEL SIZING BONEL DRAWING
COMPUTE MODEL WEIGHTS COMPONTo 16 o1 e
TRANSFORM T0 I
WEIGHT GRID- STRUCTURAL MODEL YES
T GENERATOR ON
! ! ! *
EVALUATE FACTOR T0 BUILD A NEW GENERATE NEW
STRUCTURAL MODEL >
nnsrnnallnjns HARDWARIE WEIGHTS STCTUA GRID DATA
! MODEL DECK v
REVISED WEIGHT Y
PROGRAM INPUT DATA T SERERATE NEW

FROM STRU. MODEL

STRUCTURE'S 00F T0 SIC'S DOF
CEOMETRY | |
TABLE '

FIGURE B-1. WEIGHT UPDATE FUNCTION

FIGURE B-2, STRUCTURE MOBELING FUNCTION

factors methodology for conditions not covered by external loads, stiffness, and/or
deflection requirements will also be required.

Two tools are available at Lockheed to size structural elements based on strength
criteria, the fully stressed design (FSD) and the panel sizing and stress allowable
(PSASA) program. Figure B-3 shows the possible paths to structural sizing, 1) PSASA for
stress allowables and FSD for sizing, 2) PSASA for sizing.

MARGINS EXTERNAL
OF SAFETY L0ADS

y

GENERATE INTERNAL LOADS
FROM EXTERNAL LOADS

|

STACK INTERNAL LDADS

{INTERNAL LOADS)

IF AVAILABLE FROM OTHER o ois i -
{PRESENTLY, PATH
SOURCES (suir, TAXL ETO) | N0t AVAILABLE) :
I
{STRESS
(PSASA) |
| SIZE ELEMENTS FOR Given | AULOWABLES) |
INTERNAL LOADS AND !
FORM ALLOWABLES |
J’ Yy VvV y
(SIZING A} (5D
(COMPARE WHERE v
APPUCABLE) ~ ——(SIZING B)

FIGURE B-3, STRESS SIZING FUNCTION

PSASA generates the stress allowables and new sizings for use in the fully stressed
design (FSD) program. PSASA is a complex array of programs which permit production level
computations of stress interactions for a variety of conditions including panel buckling
and several local buckling modes. If the design involves only panels, then sizing is
possible using PSASA. PSASA is currently limited to combined uniaxial and shear loadings.
However, PSASA does accept as input margins of safety for each element being sized.

FSD requires a stress allowable for each element to be sized. The stress allowables
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/-3 { remain constant within NASTRAN as the elements are sized to the internal loads. The
internal loads are computed from the updated sizings and the external loads. Three to
four iterations are necessary for the process to converge.

The design factors that are not covered by available criteria and
stiffness/deflection requirements include the local effects of access covers and other
cutouts, landing gear chordwise loads, landing gear loads redistribution, stringer
runouts, pylon attachment, and inner wing to center box attachment. As shown in Figure ‘
B-4, there are currently two approaches under consideration to accommodate design factors
not covered by available criteria:

t ] Bﬂé\gﬂ?ﬁ MODEL SIZING

LANDING GEAR LOADS
< DISTRIBUTION
ADJUSTMENT

v

X YN

PYLON LOADS
DISTRIBUTION > '
ADJUSTMENT .

f

! ACCESS COVER . !
CUTOUTS
ADJUSTMENTS

»
A 4

1 . STRINGER RUNOUT
ADJUSTMENTS

A 4

CENTER BOX OUTER
WING ATTACHMENT
ADJUSTMENTS .

, ' |

a
? ADJUSTED
: ADJUSTED MODEL
{ MARGINS ADJuS
!
}

A 4

J N

OF SAFETY

v

T0 PSASA PROCEDURE

B T - TV

FIGURE B-4, MODEL DESIGN FACTORS

S s W N g 2

e Direct method - increase the strength sizing values

eI N T oy R e A - T

-

e Indirect method - modify the structural margins of safety

A methodology for generating model design factors is currently under study. Once the
procedure becomes available, the adjusted model sizing will then be used, first to define
the structure's stiffness and flexibility characteristics for use in flutter and dynamic
loads analyses, and second to update the weight distributions.

PR

tatic Loads

The static loads process provides external net loads distributions for the complete !
airplane. Steady maneuver loads, as shown in Figure B-5, are derived for a trimmed ’
aircraft with and without active control load alleviation for both rigid and flexible 1
structures. The vortex lattice steady aerodynamics method is used to generate the
aerodynamic influence coefficients (AIC). The methodology permits the use of aerodynamics
data from other sources. The flexible airload distributions are generated using the AIC's
from the theoretical vortex lattice procedure. Static loads can also generate transient
manuever and static discrete gust loading conditions.

Flight conditions from the flight envelope are selected when the criteria have been
defined. The inertial loads and airloads are combined in the basic loads grid. Integrated
section values of bending moments and shears, if needed, are also computed on this grid.
The panel loads are then transformed to and stacked in the structural model grid for use
in establishing model sizing.

E
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Flutter

This process..evaluates. a design for structural/aerodynamic stability deficiencies.
Flutter analysis consists of generating unsteady aerodynamics in the form of AIC
matrices, forming a vibration analysis, and then assembling the elements into an
eigenvalue problem. The process, as shown in Figure B-6, has been highly mechanized. A
complete flutter analysis is possible after 4 to 8 hours of input data preparation.

The procedure, while highly mechanized, is also modular and therefore very flexible.
Patches for nacelle aerodynamics, and adjustments to pylon flexibility have been
implemented. The whole spectrum of active control functions from autopilot to fIutter
suppression may also be accommodated. The solution of the flutter determinant produces

ACTIVE
STIFFNESS CONTROL

MATRIX EQUATIONS

A
DEFINE CRITERIA FORM
MASS VIBRATION

| MATRIX MODES

SELECT FLIGHT FORM
CONDITIONS UNSTEADY
AERD A 4 A

FORM STEADY FLEXIBILITY ggl']‘lllgﬂzllfljglﬁdETHUD

AERD N MATRIX

FORM SPECIAL WEIGHT

MATRGES g Vihg STABILITY PLOTS
_MATRICES. ‘ | MATRICES g

A
FORM LOADS

v

>

/-R7

ANY
CRITICAL
FLUTTER

Y

TASK COMPLETED

STACK LDADS MODES

?

A
FIGURE B5. STATIC LOADS FUNCTION G070 STRUCTURE

RESIZING FOR
FLUTTER

FIGURE B-6. FLUTTER ANALYSIS FUNCTION

plots of modal damping and frequency vs. airspeed. The method of solution is the p-k
procedure,

Structural resizing for flutter

The structural resizing for flutter resolves flutter deficiencies by medifying the
stiffness and weight distributions of the design as shown in Figure B-7. ‘lhe first task
defines the mechanism associated with the flutter deficiencies and establishes the areas
of the structure which would be most effective in resolving those deficiencies. The
second task is to define design parameters for specific areas of the structure and then
to compute from the finite element model the mass and stiffness incremental matrices for
a unit change in each parameter. Each design parameter will usually represent a
collection of finite elements such as skin thickness in a specific area of the structure,
which are slaved to the value of the design parameter.

The third task, known as initial resizing, computes flutter speed/damping
derivatives and defines increments in design parameters necessary to resolve the flutter
deficiencies.

The final task reduces the structural weight while holding the flutter
characteristics fixed. This process is usually termed structural optimization for
flutter.

Gust loads

The gust loads function provides either external loads or internal loads
distributions for an airplane subjected to continuous atmospheric turbulence. Figure B-8
shows the general flow of analyses for the gust loads function. For most situations, a
design envelope form of criterion will be selected over a mission analysis criterion,
simply because a mission analysis approach is far too cumbersome to incorporate into the
PADS system. At Lockheed, however, design to mission analysis dynamic gust loads is
always a requirement. It is important, therefore, that design gust velocities for use in
PADS be selected so that the resulting loads will match as closely as possible the
mission analysis loads to be obtained later. A side study may be necessary for this
purpose.
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FIGURE B-8. GUST LOADS FUNCTION
There are three specific tasks to generate a gust input to the design.

As before, the first task is to select flight conditions which are anticipated to be
critical for gust. The conditions may be selected on the basis of experience or as a
result of side studies.

The second phase is to assemble the gust input data and to compute the airplane

frequency response characteristics in terms of displacement response and the associated
panel loads.

The third phase involves a choice between an external loads or internal loads
approach. The external loads approach takes the panel loads in frequency response form
and forms shears, bending moments, and torsions at specific sections in the structure.
This is more suited to high aspect ratio wings than to delta configurations. The shear,
bending moment, and torsion loads are then converted to power spectral density (PSD)
quantities by using the gust power spectral density as represented by the Von Karman
equation. Load quantities are then derived by integrating the PSD over the frequency to
produce A-bar values (ratios of root mean square load to root mean square gust velocity).
Multiplication by the design gust velocity, Usigma, then gives design loads. Since this
process removes phase from the load quantities, a process known as matching condition
generation attempts the best fit of all the A~bar load quantities to form distributed
load conditions. Computed correlation coefficients are utilized in this process. The
matched condition loads are then stacked with the external loads from static loads. The

matching condition process, however, is highly interactive and does not lend itself to
automation.

The internal loads distribution task is an attempt not only to overcome the
automation difficulties of the external loads option but also to make the procedure more
general in application to other planforms, such as the delta configuration. This approach
takes the panel loads from task two (in the frequency response form) and converts to
internal loads, using the finite element program. The internal load PSD's and A-bar's are
then determined, and the A-bars are multiplied by Usigma to give design values. For each
panel computed correlation coefficients (between say axial load and shear flow) are
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utilized to establish appropriate internal-load combinations for design. These quantities /=~<? 7
are then used directly in the stress sizing function which designs the finite elements to
satisfy internal loads requirements. Gust internal loads would then be another internal

loads condition to complement the static loads internal loads.

Active controls

The active control function derives feedback control functions for load alleviation,
flutter suppression, ride quality, gust loads alleviation, and handling qualities. This
issue can either dominate the design process or help the traditional disciplines to
achieve the objectives of the design without the full complement of structural weight
which would be required for a design without active control systems.

The task for active controls then is to establish a basis for going to feedback
control technology in exchange for structural weight and or drag. This evaluation is
possible without deriving the control function in Laplace terms or digital filter terms.
The methodology for accomplishing this is called the method of constraints.

The first phase in the method of constraints [Ref. 3] is to establish quant@tative
goals for flutter margin enhancement, gust loads reduction, etc. Then a sensitivity study
is conducted to determine the suitability of existing control surfaces and the placement
of sensors to achieve these targets. If the existing control surfaces are not suitable,
then a simple trade-off should decide if another surface should be added to the design.

The next phase is to compute the feedback gains and phases required to achieve the
derived values. The results are then displayed on a generalized Bode plot (one that
includes both the frequency and damping of the motion) to establish the reasonableness of
the combined set of gains and phases to achieve the desired results..Th}s eyeballing of
the gain and phase requirements into a curve is not a particularly difficult task and can
be mechanized. When phase requirements for the same frequency are separated by more than
90 degrees, as is the common case where modes are closely spaced, the grgde-offs on phase
are made at the expense of increased gain values. The trade-offs are limited to producing
acceptable gain and phase margin requirements.

The final step is the demonstration by means of appropriate analyses that the
candidate generalized Bode plots (one for each control surface and sensor combination)
indeed result in achieving the goals for flutter, gust, etc.

Taxi loads

The taxi loads process has as its output the identical two possibilities that the
gust process presented, namely external loads and internal loads. while the gust process
is a frequency domain problem, the taxi process involves a time domain analysis. The gear
dynamics and the runway and taxiway surface models the airplane must taxi over are
critical to the loads determination.

Landing loads

The landing loads function generates dynamic loads distributions for landing
conditions. The approach is similar to the taxi and gust analyses but with more
definitive design conditions. The principal loadings are down bending on the wing and
fuselage loads.
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APPROCHE AEROSPATIALE DE L'ETUDE DU FLOTTEMENT
AU NIVEAU DE L'AVANT-~-PROJET

Michel CURBILLON
AEROSPATIALE -~ Division Avions
Direction des Etudes Toulouse
316, Route de Bayonne BP 3153
31053 TOULOUSE CEDEX

RESUME :

Par son importance du point de vue sécurité et certification, le comportement en
flottement d'un avion est wun &élément 3 apprécler le plus tdt possible dans 1l'étude
d'un projet.

En ecffet, la géométrie, la conception structurale et le dimensfonnement peuvent é&tre
fortement influencés par ce phénoméne.

Aprés avoir rappelé& bridvement la formulation du probléme pour en préseanter les
éléments essentiels, cette communication précise les objectifs d'une &tude du
comportement en flottement dans le cadre de l'avant-projet. Elle aborde ensuite le
problédme de la modélisation de Lll'avion pour 1le calcul des modes propres et les
calculs de flottement proprements dits. Elle se termine par quelques exemples
extralts d'études récentes de 1'AEROSPATIALE.

SUMMARY :

By 1ts importance from the safety and certification point of view, the flutter
behaviour of a plane is a subject to be estimated as soon as possible in the study of
a new project.

Indeed, geometry, structural conception and sizing could be strongly influenced by
this phenomena.

After a short recall concerning the equations in order to present the most important
factors, this paper defines the objectives of the flutter study at the design stage.
Afterwards, the approach of the simplified mathematical model, normal modes and
flutter calculations are exposed. The end of the paper gives examples fronm
Aérospatiale studies.

NOTATIONS
n ¢ Nombre de points matériels de la structure
T ¢ Energie cinétique
U ¢ Energie potentielle
D t Energle dissipée
Q : Forces extérieures appliquées 3 l'avion.
[M] ¢ Matrice de masses
[p] : datrice de dissipations
k] : Matrice de raideurs
lFA! :+ Forces aérodynamiques extérieures
W : Pulsation de mouvement harmonique
N : Fréquences propres du syst2me conservatif assoclé
#) : Matrice modale du systdme conservatif assoclié
iy : Matrice diagonale des masses généralisées
[&l : Matrice diagonale des viscosités généralisées
INY] : Matrice diagonale des raildeurs généralisées
{%} : Matrice colonne des forces afrodynamiques générallsées

: Densité de 1l'air 3 1l'altitude z de vol
v : Vitesse avion
[Amﬁﬂ : Matrice de coefficlients d'influence aérodynamique instationnaires
He

¢ Vitesse de pecturbation locale, normale au profil.
M : Nombre de Mach
k R : pulsation réduite
M ¢ Moment de charnidre
B : Coefficlent d'amortissement de la servocommande
3 : Vitesse de braquage de la gouverne
Bl : Coefficient d'amortissement linéarisé
0o : Amplitude du wouvement gouverne
Cst : Impédence structurale d'ancrage de la servocommande
Ca : Impé&dance de la servocommande montée sur avion
Csc : Impédance de la servocommande seule
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INTRODUCTION - GENERALITES

Au niveau de la justification d'une structure d'avion, les phénoménes aéroélastiques,
tant statiques que dynamiques, jouent un rdéle trés important. Aussi, afin d'assurer
une conception et un prédimensionnement corrects de la structure et de certains
systémes, 1l apparalt nécessaire de les prendre en compte le plus tdt possible dans
1'étude d'un projet.

Le flottement est un de ces phé&noménes. De par sa nature et des paramdtres qui 1le
gouvernent, il est fonction de la conception générale du projet et du dimensionnement
de sa structure. Mais, coumpte tenu de son impact sur la sécurité et la certification
de 1'avion, 11 péut 1imposer en retour des modifications de géométrie, de
dimensionnement, de conception structurale, d'implantation de réservoirs de carburant
et de spécifications de certains systemes tels que les servocommandes, circuit
carburant (séquences d'&puiscment des réservoirs).

De ce fait, il apparaft essentiel d'apprécier trds rapidement le comportement en
flottement d'un nouveau projet d'avion.

Cette publication a pour objet de présenter, aprds un bref rappel de la formulation
du probléme, 1'approche suivie par AEROSPATIALE pour 1'étude de ce comportement, au
stade de 1l'avant-projet avancé, ainsi que quelques exemples illustrant cette
approche.

FORMULATION DU PROBLEME DE FLOTTEMENT

2.1. Equation générale du mouvement

Un avion peut &tre considéré comme un systéme mécanique approximativement
linéaire que 11l'oan peut discrétiser sous forme de n points matériels. Sous
l'action des forces aérodynamiques, la structure se déforme et chacun des points
occupe dans l'espace une position qui peut &tre déterminée 3 tout instaant par 1la
résolution des &quations de Lagrange

® _,_J_vr)"_ T w*+'31>
at\ng/ 2z Tz '3z

Cette &quation représente, en notation matricielle, un systdme de n équations
différentielles correspondant aux n points matériels choisis. Les coefficlients
du premier membre ne dépendent que des caractéristiques mécaniques du systéme et
sont obtenus apré&s calcul des é&nergies potentielle , cinétique et de
dissipation. En ce qul concerne 1le second membre, 11 dépend des forces
aérodynamiques qui s'appliquent sur 1l'avion et est obtenu par le calcul des
travaux virtuels des forces appliquées.

SW= AZ.Q

Nous obtenons alors l'€quation classique
® (][ YE D] = o]

2.2. Equation du mouvement dans la base modale :

En considérant uniquement le systdme libre conservatif associé, 1'&quation (2)
devient : .

®  [MfE-[x]Ri=0

jok
Cette &quatlon différentielle admet des solutions de la forme : 2} ={Z°SeJ
-4
o © ] 0

4
2 -
od W apparalt comme valeurs propres de la matriee[”] [K]et {Zg comme vecteurs
propres associés. D'od 1les fréquences propres N et les modes propres[¢] du
systdne.

En se plagant dans 1la base forwée par les modes propres [¢] , nous pouvons

représenter le nmouvement des points avion par la superposition linfaire suivante
en séparant les varlables d'espace et de temps

® ?nya,t = [¢’<7’2] G
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3.

Compte tenu des propriétés- du syst@me (orthogonalité des modes propres) et en
appliquant 1l'hypoth&se de Basile nous obtenons alors 1'&quation sous sa forme

® Dl D s faf e @ faf<laT

ol {&E représente, dans le cadre de 1'étude du flottement, les forces aérodyna-
miques induites par les mouvements de l'avion lui-méme.

2.4. Paramétres

De "~ ce rappel sur 1'&quation classique rigissant le comportement en flottement
d'un avion, i1 ressort que les param@tres de base pour un calcul de flattement

sont

- la matrice de masses H]
- la matrice de raideurs [K]

d'cld le calcul des modes propres du syst@me conservatif associé [¢]
- les forces aérodynamiques généralisées de mouvements {Q‘}
d'ol le calcul du comportement en flottement.

OBJECTIF DES CALCULS DE FLOTTEMENT AU NIVEAU DE L'AVANT-ZROJET AVANCE :

L'examen des paramétres précédents montre assez clairement que la mise en oeuvre d'un
calcul de flottement demande wun certain nombre d'informations qui ne peuvent &tre
fournies que par un avant-projet ayant d&8j3a atteint une certaine maturité.

Ce type d'&tude s'insdre donc 3 un niveau tel qu'il est possible, de par les infor-
nations disponibles, d'estimer des distributions dec masses et des efforts généraux
poeur un tout premler prédimensionnement. Ceci signifie que la conception structurale
générale avion, bien que susceptible de varier, a d€j3 &t& érudiée.

Les objectifs principaux d'un calcul de flottement au stade de l'avant-projet dit
"avanc&" nous paraissent &tre dans ces conditions les suivants :

I - Connalitre le comportement en flottement le plus td8t possible pour
+» savoir si il est critique ou non
. savolr si 11 y a un risque de probléme potentiel
. dans le cas od la réponse aux deux questions précédentes est positive

- identifier le phénomine et les configurations les plus critiques
- proposer des solutions améliorant le comportement et permettan* de
définir la ou les modifications globalement les moins pé&nalisantes.

IL ~ Saivre 1l'é&volution du comportement en flottement de 1l'avion en fonctlon de
l'avancement du projet par prise en compte
. des modifications diverses non dictées par le flottement lui-mme
. de l1'affinement des données de base.

En ce qui concerne les solutifons 3 &tudier pour améliorer le comportement,
toute posslbilité doit &tre envisagfe 3 ce stade de dévelcoppement du projet

- modifications géométriques

- nodiflications de structure : « principes constructifs
. choix technologlique
. dimensionnement.

-~ nodifications massiques

- modifications de systéme : + implantation des réservoirs
+ clrcuit carburant (séquence d'é&puise-
ment)

.+ servocomnmande
,» systéme de contrdle automatique g&néra-

1isé¢ (C.A.G.)

Pour répondre 3 ces objectifs, le moddle mathématique 3 utiliser doit donc
gtre

~ simple et rustique, mais aussi représentatif que possible

- souple d'emplol

- susceptible d'@tre modifié rapidement

- eff’cace par son temps de réponse.
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O?_ 7 4. APPROCHE AEROSPATIALE

)
4.1. Généralités : ;

De ce qui suit dans cette publication, rous traitoans &"avioas “classiques”
équipés de surfaces portantes de grand alloangezment.

—— -

D*une =oDanilre générale 1’approche que aous avoas ryetenue dans nos &rudes i
récentes pour ce type d'avion n'a pas fait 1'cbjer de développezeats ianforza- 3
tiques spécifiques. . ;

e

Nous avons utilisé des zoyens 4z caleccl exfstants en essayvant d'azéliorer leurs
intégrations respectives, ceci par souci d'efficacité. D'o: une approche 3
informatique aodulaire ayant 1l'avantage de fourair des résultats intermédiaires 1
peraettant de juger de la validité et de lz qualité du =mod2le proposé ainsfi que .
de peroettre une ceilleure Interprétation des résultats. Les principales &tapes :
de notre approche sont :

‘.M‘w.-m»y ww.m“._!u‘_a

- calcul des omodes propres
~ calcul des forces a&rodynaniques gén€ralisées de couvecents
~.résolution de 1'Eéquation de flottement et visualisatfon des résultats.

———

! Les théories aérodynamiques et 1les atthodes de résolution que nous nous
proposons d'utiliser @&tant &prouvées, la validité dec calculs de flottement va 4
dépendre directement de 1la qualité des modes propres calcul@s. Pour ce faire, ; $
nous essayons d’'utiliser au mieux les "maigres™ informations disponibles 3 ce 3
stade du prcjet pour coastruire une schéaatisation dans 1l'esprit &lasticité,
sans négliger les aspects mécaniques propres aux structures d'avion.

S LT e

4 4.2. Modes propres du systéme conservatif associé& :

En ce qui concerne le calcul des modes propres du systéae conservatif assoclié,
nous nous soames orientés vers le calcul direct des modes precpres de l'avion
cooplet.

Ce calcul est effectué 3 partir de matrices de nasses [H] et de raideurs [K]
relatives 2 1'avion coomplet incluant le fuselage, la vollure, les eopennages,
les bidtis mnoteur, etc. ... Dans la mesure ol l'avion présente un plan de i
symétrie, ce qui est généralement le cas, nous utilisons systématiquezment les ¢ .
propriétés qui en découlent, et nous travaillons sur un demi-avion en !
comportement symétrique ou antisymétrique.

o g

Pour 1la construction de ce mwnodéle dynamique aboutissant au calcul des aodes
propres, nous procédons suivant l'ordre ci-dessous : ’

e i

I - discrétisation massique : définition géométrique des points wmatériels et
répartitions massiques sur ces points M

11 - modélisation structurale : schématisation structure et calcul de 1la
anrcrice de raideurs [K] sur les degrés de liberté associés aux points
nassiques.

S A RS st = = it B I TINI A L B S g R

RN,

I1I1 - calcul des modes propres. [4’] .

.
e e | et A Y

4.2.1. Discrétisation massique du systeoe "

Le discrétisation massique de 1'avion a pour objet de dé€finir un nombre

fini de points matériels permettant de représenter correctement 1la '
distribution des masses avion : structure, systéme, propulsioa, carburant, ;
charge payante. Le premier travail consiste donc 3 définir la géométrie ou

"grille” des points matériels et les matrices de répartition de masses sur : i
ces points [M] pour différentes configurations massiques avion. :

-———

Le principe de discrétisation que nous avons retenu est caractérisé par . :
une représentation 3 l'aide de masses concentrées ponctuelles respectant :

-ty

- pour les surfaces portantes : masse, centrage ct inertie de tangage
(voilure, empennage horizontal) ou de lacet (dérive) par tranche.

- pour le fuselage : la masse par tranche de fuselage considéré.

- pour les grosses masses concentrées (moteurs, charges externes) masses ' !
et lIlnerties ramenées au centre de gravité de la masse considérée.

o g o
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Cette dJdiscrétisatfoz €St 2Lise en oceuvre 3 partir d'une répartition de
masses par tranches, 3incluant un nozbre suffisant de tranches et
provezant d'uae escization zassique de type avant-projet.

Cette préssntarion conduit 3 des nmatrices de zasses diagonalés [ﬁn\]
Le czlcul des z2sses ponctuelies est effectué suivant le sché€=a suivant :

Pour wuse <Traache de surface portante, voilure par exeaple, caractérisée
par sa position en emvergure Yy , sa masse m , la position en profondeur
de son ceatre de gravité Xg et son inertie de tangage Iy autour du
cearre de gravité, nous déf{inissons 3 masses m,, Mp et M3 situfes en 3
poiats Ps s P2 » P3 alignés tels que :

Xa
—_— e

m, + moy + my = wm

/ m,X, + mzxz + m3X3 = mXQ

2 2 2
myXeX) + My (Xg%o) + My (Xg-X3) = Iy

La résolution du systéme d*équations (8) définit les 3 massesm, ,M, ,
pour une géométrie donnée. Le choix de 1la géométrie est basé sur des
critéres siocples visant 3 ce que la résolution de (8) ne conduise pas 3
des nasses négatives.

my

En appliquant cette wnéthode 23 toutes les tranches, nous repré&sentons
correctenent, pour une voilure par exemple, sa masse, son centrage et son
inertie de tangage. Les 1inertites de lacet et de roulis ne sont pas
strictement respectées, pals restent suffisamment représentatives.

Pour le fuselage, nous wutilisons uniquement les masses concentrées au
centre de gravité des tranches massiques, en négligeant les inerties
propres de chacune des tranches. Ceci est tout & fait acceptable dans 1la
nesure ol le nombre de tranches fuselage est suffisant.

La définition de la grille cassique est effectuée en respectant l'ordre
suivant :

a - discrétisation de 1la masse 3 vide en ordre d'exploitation (MVOE) ol
sont choisis :

. les points de fuselage sur 1l'axe fusclage

. les points surfaces portantes : 3 points par tranche,alignés sur
les long erons avant et arridre et une ligne en arriére du longeron
arriére.

. les points pour les grosses masses concentrées.

b - discrétisation du carburant en cherchant 3 le répartir sur les points
déja utilisés pour la MVOE.
Malheureusement, ceci n'est pas toujours possible et nous sommes
amenés 3 enrichir 1la gsille HVOE par une nouvelle ligne de points.
Ceci est souvent nécessalre dans le cas de réservoirs 3 l'intérieur
du caisson. Nous répartissons alors le carburant sur les lignes
longerons avant et arridre et sur 1la nouvelle 1ligne que nous
choisissons entre les longerons avant et arridre.

¢ - discrétisation de 1la charge payante par répartition isostatique sur
les points fixés pour la MVOE.

La planche 1 illustre le principe de la discrétisation massique retenue
pour un avion du type A.300B.
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4.2.2.

Xous disposons alors d'une grille aoassique unique sur lagquelle nous
pouvons disposer des réparzitions :

- = ‘m

. de %VOE [ ‘]Huoz

- de différents cas de reoplissage des réservoirs.
I\“\] [\n ] -
- ce 1t N,

- de différentes coafigurations de charges payantes.

ENPRLN
\Jees, Ndegay TTT 7 ;

Par additions et combinaisons nous pouvons obtenir toute répartition de
Dasse associ&e 2 toute configuration de vol sur une grille unique.

Calcul de la matrice de raideurs :

Aprés cette premi&re op&ration de définition de la grille massique, nous
calculons 1a aatrice de raideurs [l<] traduisant les liaisons cé&caniques
entre ces points mnassiques, tout en respectant leurs degrés de liberté
propres.

Cette matrice de raideur est obtenue 3 partir d'un modéle structural basé
sur les hypothéses suivantes :

- chaque é&l&ment majeur est considéré comme une poutre &quivalente de
rigidités variables travaillant en flexion-torsion et dont la fibre
neutre est confondue avec l'axe €lastique de 1'81é&ment Etudié.

La planche 2 illustre ceci pour urn fuselage et une voilure d'avion de
type A.300B.

- les surfaces portantes sont considérées comme infiniment rigides en
profondeur, ainsi que 1les grosses masses concentrées ramenées 3 leur
centre de gravité& (moteurs par exemple).

Les caractéristiques nmécaniques (rigidités) des différents &léments sont
calculées 3 partir d*efforts de prédimensionnement, issus eux-nénes de
calculs d'efforts généraux de type avant-projet. L'axe &lastique d'une
surface portante est positionné au centre du caisson, sauf si celui-ci
présente une grande dissymétrie sur 1'un des deux longerons. C'est le cas
de 1l'exemple donné& planche 3 dans la partie interne de voilure ol le
longeron arriére est renforcé pour supporter les efforts en provenance de
l'atterrisseur principal. Dans ce cas, l'axe élastique est légé&rement
rapproché en direction du longeron arridre.

Le calcul de la matrice de raideurs[“] est effectué en utilisant le code
de calcul par &léments finis ASELF développé entidrement 3 1'AEROSPATIALE
Toulouse.

Pour notre calcul et fonction des hypothidses pr&écédentes, nous utilisons
ASELF en n'employant que 3 types d'&léments parmi ceux disponibles dans
sa bibliothdque, 3 savoir :

. barre en effort normal
. poutre en flexion avec cisaillement
. poutre um torsion

Ceci nous conduit 3 une schématisation du type de celle pré&sentée planche
3 avec surfaces portantes en “arétes de polisson™, fuselage et mit moteur
en poutres simples.

A 1'alde de ce type de schématisation et des caractéristiques mécaniques
des Eléments, nou. calculons la matrice de raideurs libre dans l'espace.
8i 1l'on travaille sur un demi-avion, elle est associé & des conditions
limites de type symétrique ou antisymétrique conduisant 3 des modes
propres symétriques ou antisymétriques. La matrice de raideurs [K7] est
ramenée sur les sculs degrés de liberté associés aux points massiques par
une condensation statique du type Guyan.
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I1 peut paraftre inopportun d'utiliser un outil aussi puissant et
sophistiqué 3 ce niveau de calcul. Cependant, aprés &tude coaparative,
cette vofe pous est apparue trds vite coume la plus efficace. En effet,
le code ASELF est extr2ucment siaple et trds souple d’'emploi. Sa
puissance de calcul conduit 3 des teaps de réponse et des coiits
extrémeaent faibles, tré&s bien adaptés 3 notre probléme. Par ailleurs, ce
code par ses possibilités, pernmet un grand nomnbre d'évolutions. Par
exeaple, considérons un nouveau projet reprenant uan Sous—ensenble
existant sur un autre avion, un a3t moteur par exemple. Ce mi3t moteur a
dé&ja donc fait 1'objet d'une justification basée sur un oodgle structural
sophistiqué. En wutilisant la proc&dure de sous-structuration, ce modéle
est trés faciiement intégrable 3 notre mod2le simplifié 3 la place de 1la
schématisation par poutres et barres.

4.2.3. Calcul des modes propres :

Le calcul des nodes propres se fait par résolution de l'é&quation (4) et
se ranméne 3 1la recherche des valeurs et vecteurs propres de la natrice
dynamique.

Le calzul des valeurs propres est effectué aprés tridiagonalisation de la
amatrice dynanique (méthode Givens Householder) et wutilisation des
propriétés de la suite de Sturm au niveau des polynomes caractéristiques
des sous-matrices de 1la matrice tridiagonalisée.

Aprés calcul et normalisation, 1les wodes propres sont visualisés sur
machine 3 dessiner automatique.

4.3. Forces aérodynamiques généralisées de mouvements :

Les forces aérodynaniques généralisées de mouvements sont calculées 3 partir de
coefficients aérodynamiques instationnaires bi ou tridimensionnels, obtenus par
application de 1la théorie de 1la surface portante en régime instationnaire
pseudocoupressible.

Les <calculs effectués en bidimensionnel sont sans interaction, les calculs
tridimensionnels peuvent prendre en compte des interactions entre surfaces
portantes.

Dans la majorité des cas, nous utilisons une aérodynamique tridimensionnelle
mise en oeuvre par une néthode de collocation (Ref. 1) ou de doublets (Ref. 2).

Nous obtenons alors une wmatrice de coefficients d'influence aérodynamiques
instationnaires permettant le calcul de forces aérodynamiques locales liées 3

des incidences locales.
2
{FAS = % ?V [A(M,k)] {%5

La matrice [A] est calculée pour des valeurs discrétes du nombre de Mach M et de
la pulsation ré&duite k:.%

En passant dans la base modale l'incidence locale s'€crit en sachant que

Mz faget o k=g

{%:[[M] e[ 4 ]H i

d'od 1l'expression des forces généralisées de mouvements

{Qn(mﬂ 1¢v2 [ T ][[ 223 ]+.;;‘<[¢c]]{qﬁ
=4ev*[al{q

[&] = [4][a 1] 2] ik 38
Les matrices des d&formfes sur les points aérodynamiques [G&] , [ ¢c]

['DN’(.] ]

et sont calculées par interpolatfion 3 partir de [¢] d 1'aide d'un

spline du 38me ordre (Ref. 3).
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4.4. Résolution de l'équation de flottement :

La résolution de 1'équation de flottement
[’-[\/‘\] a? .;317_[15\] + [\r\] _42_ f[/"-[Q(n,k)]]{clg =0

est conditionnée par 1le fait que les forces aérodynamiques généralisées de
mouvements ne sont connues que pour des valeurs discrétes du nombre de Mach M et
de la pulsation réduite k . Peux méthodes de résolution sont disponibles :
~ 7
- par balayage en k (Ref. 4)
Méthode trés vrapide mais _mal adaptée 3 une présentation automatique et

demandant des matrices [A(WH pour un certain nombre de valeurs de la pulsation
réduite

- v
- par double balayage (né&thode P--k )
. node par mode avec suivi (Ref. 5)
. vitesse par vitesse (Ref. 6)

Méthodes moins rapides mals adaotées 3 un traitement automatique par wmachine &
dessiner et demandant des matrices[A] pour un nombre réduit de k . Elles
permettent par ailleurs la prise en compte de l'impédance de servocommandes et
de systémes de contrdle automatiques généralisés (Ref. 7), ce qui n'est pas le
cas de la méthode “k” .

Le choix de la méthode de résolution est fonction du prob'2me 3 résoudre.

La présentation des résultats est effectufe généralement sous la forme de
courbes donnant 1'&volution des fréquences et des amortissements aérodyna-
miques en fonction de 1la vitesse pour un nombre de Mach constant. Il
est possible &galement d'obtenir les mémes courbes d'évolution & altitude
constante.

Nous avons retenu ces méthodes de résolutlons et de préseantation car il nous
paraft essentiel de connaftre non seulement la valeur de la (ou des) vitesses
critiques, si i1 y en a, mails surtout :

- 1'évolution des fréquences et des amortissements en fonction de la vitesse
avion
- la nature des couplages pouvant apparafitre.

EXEMPLES D'APPLICATION DE L'APPROCHUE AEROSPATIALE

Aprds avoir précisé les grandes lignes de l'approche AEROSPATIALE en ce qui concerne
les calculs de flottement au niveau de l'avant-projet, voici quelques exemples
d'application.

S.1. Exenples de modélisation :

Deux exemples de modélisation condulsant au calcul de modes propres sont doanés
planches 1 3 8. L'un concerne un gros avion de transport civil de type A.300B,
1'autre un petit avion de tourisme quadriplace 1le TB 20, construit par la
SOCATA, filiale de 1'AEROSPATIALE.

5.1.1. Gros avions de transport civil - A.300B :

Pour une &tude en symétrique, la grille massique retenue pour 1'A.300B
est donnée planche l. Nous retrouvons ici :

~ la 1ligne de points massique fuselage recevant les masses MVOE et la
charge payante.

- les tranches voilures contenant chacune 4 points.

La masse HMVOE est répartie sur les 1lignes longeron avant, longeron
arridre et la 1ligne extrdme arridre. Le carburant est réparti sur les
lignes longeron avant, ligne milieu caisson et longeron arridre.

~ les tranches empennag’ horizontal avec 3 points par tranche

- le centre de gravité de l'ensemble moteur + nacelle
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La matrice de raideurs,_liant les différents points massiques est obtenue
a partir d'une schématisation par poutres ¢&quivalentes, dont les
caractéristiques mwmécaniques sont visualisées planche 2. D'oli un modéle
avec voilure et empennage en “arétes de poisson”, fuselage et m3t moteur,
poutre, dessiné planche 3. En ce qui concerne le mi3t moteur, il est
représenté par des poutres dont les rigidités sont équivalentes 3 celles
fournies comme base pour son dimensiounenment.

S1 pour 1le fuselage et les surfaces portantes ce mcd&le apparait comnme
représentatif, il peut &tre critiquable quant 3 la schématisation de la
liaison voilure-fuselage (voir planche &4, figure 4.1). En conséquence,
nous avons essayé d'améliorer la représentativit& de -cette liaison en la
simulaat par un systéne de poutres, baptisé "trapéze", visualisé planche
4, figure 4.2, Ce systéme permet de représenter, dans son principe, le
passage des efforts voilure-fuselage : .

- Moment de torsion My et effort tranchant T2 par 1'intermédiaire de 1la
nervure 1 (poutre 2) et des cadres forts au niveau des longerons AV et
AR (poutres 3 et 4).

- Homent de flexion Hx par 1l'intermédiaire du caisson traversant (poutre
1). L'équilibre est assuré par raison de symétrie, la poutre 2 &tant
articulée sur les poutres 3 et 4.

Les rigidités des poutres 1, 2 et 3 permettent de caractériser la
rigidité de 1la 1liaison voilure-fuselage au point J . Au niveau de
l'avant-projet ces valeturs sont fonction de l'expérience. Par exemple,
i1 est possible de considérer la rigidité de flexion du calsson
traversant (poutre 1) comme léglrement supérieure 3 celle de la voilure
4 son emplanture et la rigiditd de torsion au niveau du point J conme
tréds supérieure 4 la rigidité de torsion de la voilure & son
emplanture.

Ceci conduit 3 la structure figure 4.3 planche 4.

Les principaux modes propres obtenus avec ce moddle math&matique sont
donnés planche 5, figure 5.1. A titre de comparalson et pour situer le
niveau de qualité de ce type de mod@le, nous donnons figure 5.2 les
modes propres vtelevés au cours d'un essal de vibrations au sol,
effectué dans la méme configuration massique. Nous constatons, pour ces
nodes propres fondamentaux, une trés bonne concerdance calcul-essal
tant en ce qul concerne les fréquences que les modes propres.

Avion léger de tourisme quadriplace TB 20 :

Pour c¢e petit avion & commandes de vol manuelles, nous avons défini une
grille massique en respectant les gouvernes et leurs commandes. (Voir
planche 6). Signalons que cet apparell est &quipé d'un empennage
horizontal monobloc avec antitab, assurant la commande de profondeur. Ce
monobloc est &quilibré massiquement par une masse installée en extrémité
d'une perche rentrant 3 1l'intérieur du fuselage arriére.

Compte tenu des problémes posés par les commandes de vol manuelles, nous
avons é&galement schématlsé ces dernidres dans notre modéle structure
(figure 7.1, planche 7), 3 savoir :

- gouverncs (alleron - monobloc + antitadb - direction)
- tinoneries
- commande {manche et palonnier)

La figure 7.2 de la planche 7 fllustre la schématisation retenue pour 1la
comnande de profondeur.

Ce type de schématisation, tant wmassique que structural, permet de juger
de 1'influence de nombreux paramdtres :

- raideur de timonerie (en jouant sur v )
- rapports de timonerie (en jouant sur la géométrie)
- &quilibrage gouverne (en jouant sur les masses d'&€quilibreage).

La planche 8 donne, 4 titre d'exemple, les modes propres symétriques
caractéristiques de 1l'empennage uonobloc obtenus par calcul avec le
noddle précédent et par wun essai de vibrations au sol. Précisons que,
dans le calcul présenté, les raideurs de timonerie ont &t& ajustées sur
des mesures effectufes au cours d'un esszi statique.
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Nous constatons &galement une assez bonne corrélation calcul-essai.

Ces deux exemples montrent que le type d'approche proposé conduit 3 des
nodes propres trds représentatifs. Ceci correspord donc 3 un impératif
important auquel doit satisfaire notre mod2le mathématique.

5.2. Exemples d'&tudes paramétxriques :

-~ s

Afin de souligner la diversité des problémes 3@ aborder nous proposons les trois
exenples ci-aprés :

5.2.1. Etude d'un avant-projet d'avion de transport : . .

Nous avons été amenés 3 travailler sur un avant-projet d'avion de '
transport 3 fuselage &troit court-courrier, ¢&quipé de deux réacteurs '
montés en pod sous voilure (voir figure 9.1, planche 9). .

L'aspect flottement en régime symétrique de cet avion est traité en
utilisant l'approche décrite précédemment :

- discrétisation massique .
- schématisation structurale (voir Fig. 9.2, planche 9) .
= calcul des modes propres

- calcul des forces afrodynamiques généralisées de mouvements
- &tude du comportement en flottement. s

-~

L'examen des calculs de flottement conduit d la situation ré&sumée planche :
10, 3 savoir :

- présence d'un couplage de type flexion-torsion entre le mode de flexion ¢
2 noeuds voilure (mode 1) et le mode de mouvement vertical du moteur } i
entrafinant la voilure en torsion (mode 3). i

- ce couplage par rapprochement de fréquences conduit A une instabilité i

1'{ntérieur du domaine 3 Justifier.

o —

Pour ecssayer d'am@liorer ce comportement, nous avons cnvisagé les ;
modifications suivantes : :

- déplacements du moteur tant em latéral qu'en longlitudinal. ' .
(Voir planche 11). Un recul du moteur ( Rz ), si 11 ne change pas
fondamentalement la vitesse critique, diminue sensiblement la force du
couplage.

S— -~

- conbinaisons de paramdtres (voir planche 2)

« recul du moteur + venforcemeant voilure (Cl)

« recul du wmoteur + renforcement voilure + perche massique en extrénité
de voilure (C2).

La solution €2 conduit & unc augmentation de la vitesse critique et A

unc dininution scnsible du couplage sans cependant le repousser au-deld

du domaine 3 jJustifler.

- g ot

T e

- modification de rigidités du mdt moteur (voir planche 13) en latéral
(figure 13.1) et en vertical (figure 13.2).

La figure 13.3 résume cette &tude. Les solutions les plus efficaces
consistent 3 augmenter ou 3} diminuer scunsiblement la raideur verticale,
la zone acceptable obtenue en agissant sur la raideur latérale &tant trop
réduite et trop "pointue”.

LR R P

De cette &tude, il ressort que les &lé&ments suivants son Eavorables :

-~ recul du moteur

- renforcement de la rigidité de torsfon de la voilure interne

- renforcement de la raideur du midt nmoteur ou, au coantraire, assouplis-
sement tréds important. ;

5.2.2. Etude de servocommandes 3 anortissecur intégré : |

Dans le cadre du projet décrit précddemnent, nous avons &té& anenés i
étudier la commande de 1la gouverne de profondeur par 1'utilisation de
deux servoconmandes.

|
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L'utilisation de servocommandes classiques conduft aux comportements
donnés planche 1l4.

- Fig. 14.1
- Fig. 14.2

sans panne hydraulique
avec double panune hydraulique

0 e

Dans ce dernier cas, la gouverne est libre en rotation. De ce fait, sous
l'action des raideurs aérodynamiques, sa fréquence augmente avec la
vitesse, "croise” les autres modes propres et provoque des instabilités &
cause du comportement sous &quilibré de 1la gouverne en 1l'absence
d'équilibrage de cette derni&re (exemple mode 7 =~ Flexion 2 noeuds
empennage horizontal).

Un tel comportement peut &tre &vité par l'utilisation de servocommandes 3
amortisseur int&gré. Par rapport 3 des servocommandes classiques, elles
comportent un "by pass” permettant de mettre les deux chambres en
communication par l'intermédiaire d'un orifice turbulent.

En fonctionnemeat normal le "by pass” est fermé et la servo se comporte
comme une servocommande classique. Si par la suite d'une panne,
l'alinentation hydraulique de la servocommande n'est plus assurée, celle-
ci reste alors pleine de 1liquide hydraulique et le "by pass” s'ouvre
automatiquement, uwettant les deux chambres en communication (voir fig.
15.1, planche 15). La servo fonctionne alors conme un amortisseur et la
circulation du 1liquide hydraulique entre les deux chambres i travers um
gicleur turbulent conduit 3 la caractéristique non linéaire

Mg = ®62

Afin d'introduire cette caractéristique directement dans les é&quations de
flottement, en utilisant 1la notion d'imp&dance de servocommande, nous
linéariserons cette forme quadratique pour obtenir un moment résistant
linéarisé

.

t
MCL = 5[-9

La méthode du travail &quivalent, basfe sur 1'€égalité des Energles
dissipfes par cycle par la forme quadratique ct la forme linéaire donne
une relation entre B et ®;

~-8w p.p,
Bz Z

6=6,eiwt
pour un mwmouvement harmonique z=UVo e
L'amplitude 00 devient alors un paramdtre supplémentalre.

Dans ces conditions, l'impédance de la servocommande installée sur avion

stéerit :
A4 A 4 4
Ca Cst  Cec  Cst  juwbB
d'od Ca= RCa + }1Ca (voir Fig. 15.1, Pl. 15)

Les <calculs de flottement sont cffectués pour différentes valeurs du
produit B% intervenant dans l'impédance de la servocommande auxquels
vont correspondre des couples de valeurs B et 8, .

La figure 15.2, planche 15 donne 1'évolution du domaine d'instabilité en
fonction du produit ® 6, .

L'instabllité disparalft du domaine 3 justifier si :
r'nUa
86, > 004 ¥

fs
Ceci signifie que 1l'avion é&quipé de deux servocommandes 3 amortisscur
intégré, réglées tel que BE, = 0.09 volant 3 2 = 50.000 ft -

M = 0,88 avec une double panne hydraulique sera en situation stable si on
1'8carte de sa position d'équilibre, mais avec un mouvement de rotation
gouverne de 2.3 degré pour des servos ayant un coefficient
d'amortissement & = 0.3 mN /(0/5)2

Cette &tude nous conduit 3 définir un coefficient BY, minimum pernettant
d'avoir un systdme stable.

Ceci fournira un &l&ment important au niveau des spécifications des
servocommandes.
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6.

5.2.3. Etude d'un tab 3 ressort :

Dans le cadre du projet d'avion d'entrafnement "Epsilon”, nous avons &té
amenés 3 &tudier le montage d'un tab 3 ressort sur les ailerons.

L'Epsilon est un avion biplace en tandem, &quipé d'un moteur 3 pistonsde
300 CV et de commandes de vol manuelles (voir fig., 16.1, Pl. 16).

Le principe du tab & ressort est donné& planche 16, Fig. 16.2 et les
performances d'un tel syst2me en fonction du taux d'automacité du tab

(6k3 ) et de la raideur du ressort ( K2 ) sont tracées Fig. 16.3, planche
16.

En fonction de cette &tude de performances de type QDV, le probléme &tait

de connaftre 1l'influence de <ces 2 paramd@tres sur le comportement en
flottement de lfavion.

L'approche générale pour cet avion est tout d falt comparable 3 celle
décrite précédemment pour le TB 20. L'ensemble afleron, tab 3 ressort et
commande a fait l'objet d'une attention particuliére.

Du point de vue discrétisation massique, nous avons séparé la voilure,
l'aileron, le tab & ressort et la commande (manche en gauchissement).

Pour 1'aspect structure 1la planche 17 visualise la schématisation
adoptée

- la gtométrie des points P2 et P3 définit le taux d'automaticité& du
tab k3

- la raideur des barres de torsion T simule la raldeur du ressort de
commande ko

L'étude du comportement en flottement dans la premidre configuration
Gtudiée
kz = 0.6 mdaN/°

k-b:‘ 3.

montre un couplage entre les modes Harmonique rotation aileron et flexion
3 noeuds voilure. (Volr planche 18, Fig. 18.1 courbe (1) ) conduisant A
une instabilité. Il provient d'un comportement sous &quilibré de
l'aileron dans 1le mode flexion 3 noeuds vollure. Ce comportement est
facilement amélioré en jouant sur 1l'&quilibrage dynamique de 1l'aileron
(courbes 2 et 3, Fig. 18.1, planche 18).

L'influence des paramétres kz et kb est donnée planche 18, Fig. 18.2.
De cette &cude, 11 ressort que :

- un taux d'automaticité k3 = 3 associf d une raldeur du ressort
2 = 0,6 mn daN/° présente un bon compronmis.

- 11 est nfcessaire de modifier 1'équilibrage de l'aileron. La solution
8quilibrage amélioré 2 (courbe (3) ) &tant la solution recommandée.

Signalons que 1l'avion a volé avec les réglages et l'&quilibrage .proposés

ci~dessus A la.satisfactlion générale et ce dans tout le domaine de vol 2
justifier.

CONCLUSIONS

'

L'approche AEROSPATIALE de 1'8tude du flottement au niveau de l'avant-projet repose

en premier 1lieu sur 1le calcul de modes propres 3 partir d'un modéle structural
simplif1é.

Ce mod@le est caractérisé par une schématisation structurale sous forme de poutres
équivalentes s'appuyant sur une grille de masses ponctuelles, les données massiques
et mécaniques &tant lssues d'études de type avant-projet.

Les calculs de flottement proprements dits wutilisent des forces aérodynamiques
généralisées instationnaires, 1liées aux mouvements ou Issues de méthodes classiques
et de méthodes de résolution adaptées au probléme posé.
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Les wmoyens de calculs, quant i cux, n'ont pas fait 1l'objet de développement
particulier, sf ce n'est une intdgration visant # anéliorer leur efficacité.

Mtalgré sa relative simplicit&, nous avons montré que cette approche conduit a des
résultats trés représentatifs. Par ailleurs, sa souplesse et sa polyvalence
perncttent de répondre 3 des problémes de type trés différents.

La suite logique d'une telle approche est l'introduction de méthodes d'optimisation
dynamique en liaison avec des moyens de conception assistée par ordinateur et d'une
nodélisation structure nouvelle, intermédiaire entre la schématisation par poutre
décrite ici et une schématisation par &léments finis sophistiquée telle que celles
utilisées actuellement pour la justification structurale:

e
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AEROELASTIC TAILORING OF HIGH-ASPECT-RATIO 3- /
COMPOSITE WINGS IN THE TRANSONIC REGIME

by

C. J. Borland and D. W. Gimmestad
Boeing Military Airplane Company
Seattle, Washington 9812%

SUMMARY

Currently available aeroelastic tailoring methods for composite aircraft stzucture employ linearized analysis of aercelastic
loads 1 the optimization cycle. For aircraft whose primary structural design conditions lie in the transonic regime,
however, these loads may be considerably in error and may therefore lead to an other than optimum design. For aircraft
with advanced technology or supercritical airfoil sections, the aerodynamic loading is extremely sensitive to changes in
shock position and strength, which are affected in turn by small changes in geometry due to aercelastic loading. In this
paper, a procedure for coupling a rapid, accurate transonic aeroelastic analysis method, based on nonlinear small-
disturbance theory, with a sunple design optimization method for high-aspect-ratio composite box-beam-type structures is
described. A sample aeroelastically tailored preliminary design employing nonlinear transonic aerodynamics is presented.

INTRODUCTION

Aeronautical technology has advanced very capidly in recent years in a number of areas. The use of advanced composite
and metallic materials, the development of efficient aerodynamic designs through new methods of computational fluid
dynamics, and the use of active control technology, structural design optimization, and more efficient propulsion systems
are a few of the areas that hold the promise of providing significantly improved performance and cost-effectiveness in
coming generations of both civil and military aircraft. However, the fulfillment of this promise can only reach its highest
potential if the related technologies can be applied in an integrated and interdisciplinary fashion.

A critical problem n the transport aircraft industry, that of designing an efficient high-aspect-ratio wing employing
composite materials in the primary structure for operation in the transonic speed regime, is a prime example of a complex
situation requiring an integrated approach. Aerodynamic performance, stability and control, structural analysis and design,
and aeroelasticity must be considered simultaneously. In this paper, three distinct but related technologies -
computational. methods for aeroelastic analysis of transonic aircraft, structural design optimization methods, and
structural analysis of composite materials — have been coupled to form a procedure for preliminary design of high-aspect-
ratio wings using composite materials in the primary structural box. The resulting method is not intended to be a fully
developed design tool nor to include at this‘time all the required aspects of the preliminary design task. In the present
work, for example, the effect of aeroelasti ity on static loads is incorporated in the automated design of the wing, but
other aeroelastic considerations such as flutter and control effectiveness are not. These and other considerations would be
required 1n a comprehensive preliminary design method. This work is intended, rather, to provide an example of how
various interrelated technologies might be coupled in a simple but effective method for preliminary design.

BACKGROUND
Since the work described in this paper employs several different technological approaches, the backgrounds of the
component parts of the preliminary design method will be described separately.

Transonic Aeroeciastic Analysis and the Impact of Computational Fluid Dynamics

Since the first appearances of transonic flow phenomena on aircraft near the beginning of the Second World War,
researchers have sought for practical methods for analysis of transomic flow and its effects upon aircraft design and
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5 2, oerformance. Unsil 1979, this search was essentially ‘nnz'mss, due. te the fundamental aonlinear nature of the equations

governing transonic flow. In that year Murman and Cole published the. landmark paper describing a mixed-flow finite
differencing scheme for solving the two-dimensional steady aonlinear transonic small-disturbance equation. (Although a
previous scheme for analyzmg wransonic flow by numerical solution of the Euler equations was previvusly described by
Magnus and Yosh:.hara the computation time required was prohiditive.) The remarkable feature of the durman and Cole
method was the simplicity of the scheme that was required to get ncredibly good answers for transonic flow with
em:)edded shocks. The scheme was quickly extended to three dimensions for moderately swept wings by Bailey and
Ballhaus.? This method was further extended by Mason et a1.# 10 account for wing-fuselage interference and to nearly
complete aircrait configurations (fuselage, wing, nacelles, wingiets) by Boppe.5 The two-dimensional method for airfoils
was extended to low-frequency unsteady flow by Ballhaus and Goor;xan6 and to high frequency unsteady flow by Rizzetta
and Chin A three-dimensional method for steady and unsteady flow over wings was developed by Borland, Rizzetta, and
Yoshxhara.8 This method was coupled with an aeroelastic solution procedure for steady (i.e., static aeroelastic loads) and
unsteady (i.e., dynamic loads and flutter) analysis.9 The two-dimensional unsteady code was extended to include viscous
effects by Rizzetta,10 and the three-dimensional code was similarly extended by Rizzetta and Borland.!! Some interesting
aeroelastic studies employing the two-dimensional unsteady,lz’13 three-dimensional steadyw and three-dimensional

unsteady9’15 methods have also been performed, although these are clearly still in their infancy.

All of the foregoing methods have employed on= version or other of transonic small-disturbance theory. Methods
employing the more complete full-potential equation have been developed by Jameson and Caughey16 and Holst” for
three-dimensional steady flow, by Goorjian18 for two-dimensional unsteady flow, and by Shankar, et al.19 and, most
recently, Bridgeman et al.”" for three-dimensional unsteady flow. Full-potential methods generally require more
expenditure of computational resources than small-disturbance methods and may not give significantly better answers for
typical transport wing configurations. Although many of these methods, and the associated computer codes, are still in the
nature of research tools, there have been several instances of aircraft redesignu’22 based on these analysis capabilities.
Most modern aircraft design organizations now employ computational fluid dynamics methods in some fashion, and many
rely on them quite heavily. This is a far cry from the practice of 10 years ago, when the aerodynamic design of aircraft
was based almost exclusively on wind tunnel and flight test experience.

The situation in aeroelastic design and analysis is far less advanced. Aeroelasticity, by its very definition, implies a
coupling between aerodynamic and structural considerations. During the development of the B-52, at the very beginning of
the period which lead to the design of the modern jet transport fleet, Gray and S<:henk23 discovered the benefits of
incorporating aeroelasticity in the loads analysis of high-aspect-ratio swept wings. A 10% reduction in design loads was
achieved, leading to a considerably more efficient structure. The longevity of the B-52 (intended as an interim airplane
later to be replaced by the supersonic B-58) and its adaptability to situations and flight operations outside of the original
concept are a testament to good design practice. The TN3030 method of Gray and Schenk still forms the backbone of
aeroelastic design of subsonic high-aspect-ratio transport aircraft.

More sophisticated methods of aeroelastic design, employing lifting surface theories (such as doublet-lattice?* for subsonic
flow and mach boxzs for supersonic flow) and finite element structural analysis methods,26 came into routine use with the
coming of the computer as an everyday tool in the sixties and seventies. The transonic regime, where aeroelastic problems
are often the most critical, remained elusive. Highly sophisticated and expensive wind tunnel test procedures were
employed to ensure that no surprises would be discovered once a new aircrait entered fhight test. Unfortunately, that was
not always the case. 7

It appears there are now practical tools based on the newly available inethods discussed above for many previously unsolved
problems in aircraft aeroelasticity.9 A thorough exploration of the validity and applicability of these methods and their

incorporation into routine design practice, together with the development of needed improvements and additional
capabilities (such as analysis of separated flow), are still required.

Structural Optimization

The use of formal mathematical methods for optimizing structwal design has, similarly, only come to fruition with the
availability of ] e computers starting in the late sixties and seventies. There 15 a wealth of literature in this field, and
Ashley's summary28 is an excellent one. Few methods, however, have been incorporated into the aeroelastic design
process. Among those that have are the TSO,29 FASTOP,30 SWEEP,3l COMBO,32 and ORACLE?> programs. Inherent in
each of these methods are some basic limitations to keep the required computational and manpower resources within
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reason. In some methods, such as TSO, "ma )ematical ised. These evaluate many

candidate designs by systematic variations of design variables and evaluations of “objective functions" and “constraints"
and their gradients. Other methods employ “optimality criteria,” modifying the design in a less formalized systematic
method to achieve a desired goal- In the ORACLE program, for example, an isotropic box-beam wing structure is designed
for aeroelastic loads by cycling a wing with an initially chosen stiffness distribution through a loads computation module,
sizing the structural box to-these loads using a fully stressed design.algorithm, and repeating the process until a converged

design is achieved; i.e., the stiffnesses resulting from the design are the same as those used in the loads computation.

Because fully stressed design does not yield minimum weight except under a highly restrictive set of circumstances.

(nonredundant structure, single load case, fixed loads not a function of the design, linear relations of stress and weight),

there is no guarantee that such s process will yield the most efficient (minimum weight) structure.

Structural Analysis of Composite Materials

The use of composite materials opens several new possibilities in the structural design process. Although a primary b~ -~fit
of composite materials (such as graphite-epoxy) is a reduction in weight for constant strength, the unique direc.i.ial
stiffness and strength properties of the materials can be used to advantage. The process by which the characteristics of a
structure are varied to achieve a desired goal (such as reduced weight) under specified constraints (such as flutter and
strength requirements) by inducing favorable load-deflection coupling effects has become known as "aeroelastic tailoring."
Whereas in metal structure only the thickness can be varied to provide variations in strength and stiffness for a given
structural arrangement {ribs, spars, skins, stringers, etc.), with composite material the total thickness, the thicknesses of
individual layers of the laminate, and the fiber directions all can be varied. It is possible also to modify the structural
arrangement (stringer locations, number of spars, etc.) as part of optimization but this would be a more involved process
the . is considered here. An extension of the ORACLE method, known as CORK,3 4 uses the same aeroelastic cycle
described earlier but sizes composite structure for minimum weight per unit span subject to material strain constraints
through the use of mathematical programming optimization. A computer code known as SANDBS is employed for design of
each of multiple cross-sections of a box beam representing the structure of a high-aspect-ratio transport-type wing. In the
current version of CORK, only the total material thickness is varied internally in the optimization process, but variations
in the thickness of the individual lamina and fiber direction can be specified in parametric studies by the user. CORK is
capable of handling anisotropic composite structure, where the lamina in differing directions (such as + 45 deg) are not
present in equal proportions or where nonstandard directions are used in the layup.

AEROELASTIC TAILORING IN THE TRANSONIC REGIME

All of the aeroelastic tailoring and optimization methods described above, in addition to inherent limitations on structural
modeling, have a common assumption: that the aeroelastic loads on the resized structure are determined by use of linear
subsonic (or in some cases supersonic) aerodynamic theories. For aircraft such as military or commercial transports whose
primary structural design conditions lie in the transonic regime, in a mach number range of 0.75 to about 0.95, these
aeroelastic loads may be considerably in error and may therefore lead to other than optimum preliminary designs. For
asrcraft with advanced technology or supercritical airfoils, the problems will be magnified. Although these airfoils are
designed for optimum aerodynamic performance at a specific fhght condition, their aerodynamic characteristics at off-
design flight conditions (where structural design conditions usually occur) tend tc be much more sensitive to small changes
than conventional airfoil sections. Small changes in geometry due to aerodynamic loading may lead to relatively large
changes in shock position and strength, which therefore directly affects the loading. Furthermore, advanced or
supercritical airfoils tend to be highly aft-loaded, which may induce a stronger effect of elastic load relief on swept-back
wings than is observed for conventional airfoils. Aeroelastic methods employing linear aerodynamic theory, unless wind
tunnel corrections are used, tend to underestimate these effects. It seemed necessary therefore, to develop an aeroelastic
tailoring system for preliminary design that would take advantage of more accurate methods for computing transonic flow
on aeroelastic configurations. A description of the system developed and some demonstration of its use in achieving
improved designs is the subject of the remainder of this paper.

A schematic flow chart of the system developed is shown in figure 1. Briefly, given an aerodynamic configuration
{planform, section goemetries, and twist), structural configuration (estimated mass and inertia properties, spar geometry,
and elastic axis location), and flight condition (mach number, gross weight, dynamic pressure, and normal design limit load
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FIGURE 1. TRANSONIC AEROELASTIC OPTIMIZATION SYSTEM

factor), a set of "static rigid” loads is calculated using the pilot code version of the XTRAN3S threc-dimensional transonic
aerodynamics method.36'38 (The pilot code version has been employed because of recent efficiency improvements).

Because of the nonlinear nature of the method, an iterative solution is required to arrive at the correct angle of attack,
where the developed total lift matches the product of gross weight and design limit-load factor. Similarly, an iterative
solution for pg twist corresponding to a specified lg spanwise lift distribution is‘required. The distributed external loads,
in the form of integrated shear, moment, and torsion along the elastic axis, are then input to a composite box-beam
structural s1zing method known as COMPSIZE. This method has been adapted from the CORK program to interface with
the transonic loads program rather than the original linear aeroelastic analysis method. COMPSIZE ratios the applied limit
loads to ultimate load design conditions and sets up an input file for the repetitive execution of SAND. The SAND program
provides a minimum weight per unit span design of the upper and lower cover thicknesses and the required gages for the
front and rear spars. (SAND also has options for design of multiple-cell boxes, spar caps, stringers, and other features, but
these were not exercised in the current study.) The stresses, strains, and margins of safety are calculated, and a specified
maximum strain, together with minimum gage requirements, is used to constrain the design. A mathematical programming
onttmizer, OPTM, based on the steepest descent sidestep method, is used to minimize the constrained objective function of
weight per unit span. After an optimized design is achieved, the bending and torsional stiffness are calculated for each
section. SAND is executed once for each of up to 15 representative sections of the wing.

Given the calculated stiffness distribution and mass-inertia properties estimated by GEMPAK (a part of the ORACLE
system), a preliminary weights estimation program, the vibration frequencies and natural vibration mode shapes of the
resized wing are calculated by a beam-type wing structural dynamics analysis program known as BLAT3.> BLAT3 also
provides the generalized mass and stiffness matrices. The modes and structural matrices are then input to the XTRAN3S
pilot code, operating in a static aeroelastic solution mode. The natural mode shapes are used as superposed generalized
coordinates n providing a set of modified (i.e., structurally deflected) boundary conditions used in the transonic flow
analysis. The output of the code is the deformed elastic shape and corresponding transonic pressure distribution of the
flexible wing. These are internally consistent because the static structural equations are solved at each iterative step of
the transonic numerical solution. Again, iterative procedures are used to obtain the angle of attack and jig twist necessary

to match the required spanwise lift distribution and total static load. A revised set of integrated shear, bending, and
torsional loads, now representing the actual design limit-load distribution on a flexible wing, is then input to the COMPSIZE

program, and a new wing structural design is generated. The process can then be repeated until a converged design solution
1s achieved, as measured by the reduction of structural weight changes between design cycles to below some predetermined
level. It may be observed that the system described here employs a combination of mathematical programming and
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optimality criteria approaches, in that-the design is cycled through aeroelastic and structural design calculations until the
Ycriteria," a converged solution, is satisfied. 1

JU

m.
ROy

DESIGN OF A TRANSPORT COMPOSITE WING

The system described above has been exercised by developing an optimized design for a hypothetical transport wing.
Figure 2 shows the aerodynamic planform and structural parameters; figure 3 shows the section characteristics. The
planform and sections were chosen to match those of the “Lockheed Wing-A" configuration for which a large body of rigid
model transonic wind tunnel data is ava.iable.“0 A maximum zero fuel weight of approximately 427,000 Ib (193,739 kg) was
chosen. This corresponds to a wing loading of 100 1b/£t? (438.3 kg/mz) and a root chord of 400 in (1016 cm), typical of
modern widebody transports with zero fuel. A zero fuel condition was chosen to simplify the example, although other fuel
1 foadings may be more critical for a practical design case. Spar locations of 13% and 61% were chosen as typical of current

v ekl e

design practice. The upper and lower composite cover panels were specified as graphite-epoxy in a 0/+45/-45/90 deg layup
referenced to the elastic axis with the layers distributed in a 30/30/30/10 percent ratio. The resulting material is
orthotropic, with none of the bend-twist coupling characteristics typical of aeroelastically tailored anisotropic composite
structure. (Although percentage distributions in the laminate and fiber orientation angles are not currently included as
design variables in the optimization process, this could be accomplished and would help assess the benefits of aeroelastic

AL

tailoring with anisotropic materials at an early stage in the design process.) The front and rear spars are specified as :
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FIGURE 2. COMPOSITE WING TEST CASE~PLANFORM AND STRUCTURAL PARAMETERS
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aluminum alloy. The airfoil section, specified at the tip and root and lofted linearly in between, is a state-of-the-art
supercritical airfoil, obtained by an inverse design procedure from a specified pressure distribution.*® The single limit-load
condition chosen for the design exercise is a 2.5g symmetric pullup at a typical design dive speed (VD) of 420 kn (216
m/sec) CAS, which for a mach number of 0.82 at an altitudé of approximately 15,000 ft (4,572 m), corresponds to a
dynamic pressure of 4.0 lb/in2 (27.6 kPa). In a practical design case, an "envelope" design considering many conditions,
including low-speed high angle of attack conditions that cannot be treated by the present method, would be developed.
The original wind tunnel model had a nose-up twist at the root of 2.76 deg and a nose-down twist at the tip of 2.04 deg.
This shape was modified for the initial rigid loads and for each cycle of the redesign by a process known as "jig twisting,"
i.e., modifying the unloaded shape to ensure that a specified lg load distribution would be maintained as closely as possible.
The specified g load distribution is usually a compromise between aerodynamic performance and structural design
requirements. A typical "target" load distribution is shown in figure 4, along with the load distribution achieved by jig
twisting the rigid wing. For the present example, jig twisting involves interpolation of two-dimensional section lift
characteristics obtained from the XTRAN3S nonlinear transonic code at different angles of attack, since an iterative
solution for a specified load is not currently included. It may be seen that this simple process cannot identically achieve
the target loads, but it is felt to be adequate for the current example. The 1g loads are calculated at a typical maximum
operating speed (VMO) of 360 kn (1895 m/sec) CAS at a dynamic pressure of 2.79 lb/in2 (19.2kPa), corresponding to 23,000

(7,010 m) ft at a mach number of 0.82.
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FIGURE 4. SPANWISE LIFT DISTRIBUTION AT 1g FOR THE RIGID WING
Figure 5 shows the lg load distribution on the flexible wing after one, two, and three design cycles, including the effects of
jig twisting at each step. Although there is some variation from the target loads, the jig-twist procedure permits a

relatively constant lg load distribution to be maintained. The original twist distribution, the rigid loads jig twist and the
resulting twist for three aeroelastic design cycles are shown in figure 6. The fairly rapid variation near the tip is typical of
current generation transport aircraft.
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Figure 7 shows the pressure distribution on the jig-twisted rigid wing at the design limit-load factor of 2.5 as predicted by
the transonic code. Figures 7a and 7b show the upper and lower surface pressure distributions, respectively, while figure 7¢
shows the differential, or lifting, pressure that contributes to integrated structural load. The angle of attack 1s 0,604 deg.
It can be seen that there are two weak shocks on the upper wing surface on the inboard position of the wing. These
coalesce to a single shock near the center, but then another weak shock forms on the aft part of the wing on the outboard
portion. The presence of the second shock causes higher differential loads near the tip. On the lower surface, the pressure
distributions are strongly influenced by the curvature in the "cove" region of the supercritical airfoil. The net effect, as
shown in figure 7c, is that the wing is highly aft-loaded over the entire span. This leads to nose-down torsional moments in
the structure, which reinforce the effects of decreased streamwise slope due to vertical bending of the elastic axis of the
swept wing (also known as "washout").
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FIGURE?7. TRANSONIC NONLINEAR PRESSURE DISTRIBUTIONS ON THE RIGID WING
AT M, =0.82, a=0.604 deg

The spanwise lift distributions (section lift coefficient multiplied by local chord), and local section centers of pressure are
shown in figure 8a and 8b. The integrated shear, moment, and torsion loads, calculated about the elastic axis but plotted
versus the span, are shown in figures 9a through 9c. Also shown are aerodynamic characteristics, rigid loads, and loads on
the flexible configuration after one, two, and three design cycles through COMPSIZE., The aftward shift of center of
pressure for the flexible cases indicates the effect of nose-down twist, with a resultant loss of hift, near the wing tip. The
inboard shift of the spanwise lift distribution and aft shift of the center of pressure yield reductions in the integrated
structural design loads when the coupled aeroelastic solution is perforied. This permits the optimizer to reduce the upper
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and lower cover gages, and hence structural weight, for ail sections that are above minimum gage. Figure 10 shows the
total wing weight (spars plus composite covers) for four COMPSIZE design cycles, using the rigid loads and the flexible
loads after the first three cycles as input. The total structural weight was reduced less than 0.1% as a result of the last

design cycle, indicating that the design loads were essentially unchanged: The process was thus terminated after three full
aeroelastic cycles.

10
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FIGURE 10. TOTAL STRUCTURAL WEIGHT ACHIEVED BY
THE OPTIMIZATION PROCESS

The resulting upper, lower, and differential pressure distributions on the flexible wing are shown in figures 1la, 11b, and
llc. A loading pattern similar to that on the rigid wing exists on the root and midsections, except for a stronger inboard
shock due to the higher angle of attack necessary to maintain a constant load factor — 3.25 deg versus 0.604 deg on the
rigid wing — but the upper surface loading near the tip has been altered. On the lower surface, a strong negative pressure
peak, terminated by a local shock, exists near the leading edge at the tip, as a result of the nose-down deflection of
approximately 10.6 deg at the outboard edge of the wing. Figure 12 shows the deflected shape of the wing from the rigid
position. Actual deflection of the trailing edge tip is approximately 177 in (4.49 m), or 14.5% of the structural span at this

load condition. The upper and lower skin gages and the resulting bending and torsional stiffness distributions obtained for
four design cycles are shown in figures 13 through 15.

It may be noted that much of the outboard portion of the wing reaches minimum gage as a result of the optimization
process. In a practical design case this may not be realizable due to other loading conditions not considered here.
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FIGURE 11. TRANSONIC NONLINEAR PRESSURE DISTRIBUTIONS ON THE FLEXIBLE WING
(THIRD DESIGN CYCLE) AT M, = 0.82, a = 3,25 deg
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In the foregoing analysis, no empirical corrections based on wind tunnel data have been applied. In actual design practice,
experimental load disteibutions and center-of-pressure locations, if available, would be used to develop initial design loads.
It 1s worth noting, however, that the only wind tunnel data usually available early in the aircraft design process are either
two-dimensional section data or three-dimensional data from the testing of rigid models representing the expected lg
cruise configuration. Use of these data in an aeroelastically cycled design would be adequate unless changes in the flow-
field phenomena due to aeroelastic deflection were present (such as those seen by comparing figures 7 and 11). In this
case, wind tunnel data on each deflected geometry (requiring either an aeroelastically scaled model or separate rigid
models) would be necessary to replace the cycled nonlinear aeroelastic calculation in achieving optimized designs.
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Modificafions should be made to the existing system to make it-a more comprehensive design tool. Chief among these
would be incorporation 6f multiple load cases, a more accurate and efficient jig-twist solution for-a specified lg cruise load
distribution, incorporation of inertia loads due-to structural weight changes, exercise of the viscous boundary layer effects
present in the pilot-code, provision for a flutter optimization procedure, and incorporation of composite material layer
thickness distribution and fiber orientation variation in the-optimization process.

Finally, the computer resources required by the method described herein should be-discussed. The method has been
implemented on the CRAY-1S computer as three distinct job steps: nonlinear aerocelastic analysis (including jig-twist
solution), structural optimization, and modal analysis. The aeroelastic analysis step is the most expensive, requiring 3 to 5
min of computation time for a single converged aeroelastic analysis with a one million word core requirement. (Since each
step requires an iterative solution to get both the correct total load and the correct jig-twist distribution, four or more
additional runs muy be required for each cycle. This requirement can be reduced as the design converges.) The structural
design program COMPSIZE requires 10 to 12 sec of computation time for each complete wing design cycle. The modal
analysis requires an additional 2 sec. In summary, 15 to 20 min computation time is required for each complete design
cycle, or about I hr for a complete flexible wing design at a given point design condition.

CONCLUSIONS

A system has been developed for preliminary design of high-aspect-ratio wings, operating in the transonic speed regime,
that may employ composite materials in the primary structural box. The system uses a rapid, accurate nonlinear transonic
finite-difference code to generate static aeroelastic load solutions and a mixed optimality criteria mathematical
programming optimization method to achieve minimum weight per unit span at the given point design condition. A
hypothetical transport wing, using an advanced supercritical airfoil section, has been optimized through the system.
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AEROELASTIC DESIGN OF CIVIL TRANSPORTS AT THE PROJECT STAGE
by

R.E.J.Brazier, A E.Dudman, B.W.Payne
British Aerospace, Plc
Weybridge-Bristol Division
Brooklands Road
Weybridge, Surrey KT13 OSF
UK

SUMMARY

The design of a competitive civil transport aircraft must take account ci aeroelastic effects and aeroelastic
requirements at the project stage. The overall design will be decided by other considerations but the final 'tuning' of
the design, leading to structural/performance optimisation has to include aeroelastic data on static distortion,
dynamic loading and flutter requirements, In order to be able to produce these data at the project stage, where
geometry and configuration changes need to be assessed rapidly, a system has been developed by which quick and
reliable predictions can be made.

10 INTRODUCTION -

The role of aeroelasticity has always had a part to play in the design of civil transport aircraft but in the
middle fifties, when computers were in their infancy, it was not possible to carry out complex aeroelastic
calculations quickly enough for the effects to be incorporated into the design at the project stage, As a result the
project design was always based on strength considerations with a notional view of the airworthiness stiffness
criteria, reference figure 1, As the evolution of transport aircraft progressed, leading to closer design tolerances,
the stiffness demands from aeroelastic considerations had to be included with the strength demands, Thus it became
necessary to include aeroelasticity at earlier stages of the design process making more and more use of the
increasing power of computers. However, in that period the availability of basic structural and aerodynamic data
did not allow a full understanding of the aeroelastic effects prior to the main project design decisions regarding the
first sizing of structural components,

Today with the advent of the dedicated departmental computers, which are as powerful as mainframe
machines of a decade ago, it has become possible to include aeroelasticity in the aircraft project design process by
way of static aeroelastic distortion, flutter, gust and landing response in interactive analysis loops, in order to
obtain optimum design, reference Figure 2,

Aeroelastic calculations proceed together with work in related disciplines, namely aerodynamics, structures,
weights and systems. At the beginning of a new project, adequate data are generally limited to basic geometry,
major aircraft performance characteristics plus general aerodynamics and weight data with a minimum of structural
data, all of which is insufficient for aeroelastic calculations, The major components affected by aeroelasticity are
the lifting surfaces, i.e. wing, tailplane and fin and of these the wing is the largest, heaviest and most complex.
Consequently in the early stages the major effort of the aeroelastic engineers needs to be expended upon the wing,
although the choice of the tailplane, if it is a T-Tail, and the engine position can sometimes dominate the early
project analysis as well, In order that the overall design process on the wing, or other surfaces may proceed
without delay, it is essential that the relevant data is available from the related design disciplines,

In the definitive design loops, the aeroelastic engineers obtain the data from the related design disciplines
for a given standard of aircraft design, and then carry out the aeroelastic predictions. However, this becomes too
time consuming for the initial project review of the design and therefore we, the acroelastic engineers at
Weybridge, have developed a suite of computer programs on our own dedicated computers which produces basic
aerodynamic, structural and weight data, These data are then integrated into standard aeroelastic prediction
programs, covering static aeroelastics, flutter, gust response and landing response analyses, Once the design
iteration process has been initiated, the aerodynamic stiffness and weight data are updated as they become
available from the related design disciplines.

A major feature of our technique is that the various aeroelastic tasks, although using a common data base,
are kept separate so that optimisation of design is achieved under specialist control. The idea of a single large
optimisation computer program being in control of the design has been avoided since it has always been considered
that the inherent assumptions may not apply to the current task and checking the results would take as long as
carrying out the task in our normal way.

In order to complete a number of design loops, at the project stage, it is necessary to have good interactive
computers producing results quickly and explicitly, Mainframe computers tend to be cencralised with remote outlets
and use time sharing and batch processing so that the above requirements are not generally met, However, a
dedicated departmental computer can meet these requirements and over the past eight years we have obtained our
own machines and found them to be ideal for project analyses.

This report outlines the concepts of aeroelastic design of civil transports at the project stage, describes the
formulation of the data and computing requirements and relates the aeroelastic predictions to the project design.
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20 DEFINITION OF THE AEROELASTIC PROBLEM

The term aeroelasticity has been applied by acronautical design engineers to a class of problem which studies
the interaction of aerodynamic and elastic lorces and basically is a result of flexible structures inducing additional
aerodynamic forces, However, the term aeroelasticity is not completely descriptive, since many important
phenomena involve inertial forces as well as aerodynamic and elastic forces, so we will define aeroelastic
phenomena as those p.-oblems that involve interactions between inertial, aerodynamic and elastic forces, either in
part or all together. A.R. Collar, classified problems in aeroelasticity by means of a triangle of forces. Figure 3
shows a summary of this aeroelastic triangle of forces reduced into only three basic aeroelastic phenomena:-

o Static aeroelasticity : relating aerodynamic with elastic forces
Response : relating inertial, aerodynamic and elastic forces
Flutter : relating inertial, aerodynamic and elastic forces

all of which have a profound effect upon the design of structural components in modern, flexible, aircraft.
To a lesser extent, but none the less important, aeroelastic phenomena affect the mass distribution, lifting surface
planforms and control system design. With the need for aircraft with better performance and lighter structures,
active control technology is expected to be used more often in modern aircraft design. This will result in control
system design being dominated by acroelastic requirements.

Within the three basic aeroelastic phenomena, static aeroelasticity, response and flutter, all the fundamental
problems for project analyses can be aligned, as shown in figure 3. Static aeroelasticity involves load and control
efficiency where the influence of elastic deformations of the structure affects the aerodynamics and controllability
of the aircraft respectively. Response concerns both the transient and the continuous response of aircraft
structural components to rapidly applied loads, whereas flutter concerns the dynamic stability of the structure due
to the effects of inertia, elastic and aerodynamic forces, both of which can be considered in a passive and active
form. Acroelastic effects on the rigid-body aerodynamic stability are also considered.
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Aeroelastic
Phenomena

Load Efficiency ] Dynamic Flutter
o) Aeroelastic
Control Efficienc Response Effects on
Stabllity I ’ Buffeting Dynamic Stability
Static
Aeroelasticity Response Flutter

And/
Passive or
Technology

Fig. 3 Aeroelastic Triangle o? Forces

30 AEROELASTIC DESIGN PHILOSOPHY

Our philosophy for project aeroelastic design work is based strongly on our past experience with previous
projects of a similar type, together with any relevant research. Therefore there is a need to maintain consistency
between predictions and obtain confidence in the results, which can only be done by allowing the design office
specialists 1n the related areas of structures, aerodynamics, weights and systems to have a working knowledge of
each other's disciplines. This allows data to be questioned by recipients and ensures that past experience and
current requirements are taken into account.

It 1s important that the dominant tasks are isolated and that the optimum results are obtained quickly for the
related design specialists by using simple mathematical models relating to each separate aeroelastic phenomenon. These
models, generally in branch mode form are assembled using dedicated computing facilities and a consistent data
base. The use of branch mode analysis enables sensitivity studies to be carried out with the important design
parameters, so that rates of exchange can also be evaluated. This leads to the necessary confidence in the results
and allows for several iterative loops of the design data to be achieved by the specialists before obtaining the best

optimum project design.
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%0  FORMULATION OF THE DATA

4.1 General

It is desirable to have-definitive data before carrying out any sort of calculations but at the beginning of 2
project the basic data required for aeroelastic calculations are scarce because the related specialists need to
analyse, evaluate, review and then issue their date, As has already been stated, aeroelastics work requires data not
only on geometry but also on stifiness, aerodynamics and mass distributicns. Initially, however, the only data
available generally consist of basic geometry, overall aircraft performance requirements, basic aerodynamics plus,
perhaps, general undercarriage characteristics. At the project stage, the major aeroelastic problems concern the
lifting surfaces of the aircraft. For civil transports these are generally of moderately high aspect ratio and are
constructed in the classic form of a structural box to which are attached leading and trailing edges largely
dedicated to slats, flaps, airbrakes and other control surfaces. With this raw knowledge the aeroelastics engineer
can begin his contribution to the structural design process.

With the knowledge of the dominant tasks, the mathematical models relating to the various aeroelastic
phenomena can be defined. In order that the structural design process may begin, initial estimates of the stiffness
and mass distributions are made using a structural data program. This section of the report describes the
formulation of the data necessary for providing the initial structural estimates, together with the structural and
aerodynamic models.

%2  Structural Data Program

Originally a program was written to predict a project weight estimate of a lifting surface designed by an
envelope ~f manoeuvre and gust response cases. The basic concept of the program was formulated to enable overall
changes in weight due to changes in configuration to be calculated on a consistent rather than an accurate basis.
With development over many years, the program has become more accurate, with an end result of predicting the
distribution of mass and stiffness of a lifting surface. This program has become a valuable tool for the initial stages
of project design. These data are used to construct the initial mathematical model of the aircraft structure.

This program requires only basic geometry of the lifting surfaces and fuselage, together with the aircraft
performance data in terms of overall aircraft structure and fuel weight, centre of gravity, flight envelope details
and general aerodynamic derivatives. With a knowledge of the above data the rigid loads and accelerations can be
produced. Then assuming a guessed wing weight, the distributed bending moments and shear for each manoeuvre and
gust flight case can be produced. Given the type of structure required, the weight of the main load carrying
structure is found, and together with an estimate of the extra items, such as flaps, controls, etc., the total wing
weight can be estimated together with the stiffness distributions, Using these data the inertia relief and the
distortion of the structure is evaluated using an iterative process to a given tolerance, reference Figure 4,

Manoeuvre Gust+ 1g
Load Load

Rigid
aircraft
Aerodynamics

|-

Inertia
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|

Distortion
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Aerodynamics
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f I |
Stiffness Weight | ]
Data Distribution
| |
I
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Fig. 4 Struclural Data Program
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43  Structural Models

A mathematical model to predict the static and dynamic characteristics of the structure can be produced by

using_ agistributions of inertia and stiffness either obtained from the structural data program or the related design
specialists.

Static aeroelastic calculations are carried out by using the flexibility matrices describing the structure
oopcemed, whereas the model for describing the dynamic characteristics for response and flutter can be represented
quite adequately by a series of "branches" based on the lumped mass and flexural axis concept together with the

Engineer’s Beam Theory, reference Figure 5. Options are available to use either flexibility or stiffness matrix
analyses in the evaluation of the branch modes.

STRUCTURAL MODEL
REPRESENTED BY

@ Lumped Masses

©® Weightless Springs

o Rigid/Flexible controls

® Flexible Pylons/Engine Supports
@ Flexible Main Surface Joints

Branch Modes D Whole Aircraft

Modes

T <

Flutter Response

Fig. 5 Structural Model

Control surfaces and flexibly mounted engines may be added with joint flexibilities and the free-free whole
aircraft represented using a few normal modes for each branch plus the required rigid aircraft modes. For gust
work it is generally sufficient to take lifting surface branch modes up to and including the fundamental torsion
mode in order to adequately model the statically distorted surfaces, so that, for example, a symmetric aircraft is
represented by, typically, fifteen to twenty free-free normal modes,

Sensitivity studies in flutter analysis can involve structural stiffness, aerodynamic derivatives and mass
distribution and it is beneficial to work using the branch mode model of the aircraft, If the sensitivity of the
solution to certain data is to be studied, steps can be taken to select the branch modes accordingly, for instance
one might use tailplane pitch as a branch mode so as to be able to study the effects of tailplane pitch stiffness.

4%  Aerodynamic Models

For aeroelastic analysis, the acrodynamic models depend basically upon past experience, wind-tunnel data and
the correlated theory, as shown in Figure 6, The major contributions to static aeroelastic deformation prediction
for the level flight case arise generally from the zero incidence and rigid incidence aerodynamic forces and these,
therefore, need to be known with confidence and fortunately such data are usually obtained from steady
three-dimensional (3-D) aerodynamic theory, plus information from wind tunnel data, The aerodynamic forces due to

deformation are of secondary importance and can be predicted adequately using a three-dimensional theory for a
flat plate,

Acrodynamic loads due to steady control deflections are evaluated using “equivalent slopes” together with
thre- dimensional theory.
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In the case of outboard ailerons where rolling moment efficiency often reduces to a minimum, it is generally
necessary to carry out sensitivity studies on’the local aerodynamic centre position since at high Mach numbers the
linear theory is inadequate to model this effect with any confidence, although the spanwise loadgradings are
modelled adequately. Corrections may be made for rigid incidence-lift curve slope and local aerodynamic centre but
these generally have effects only within the tolerance of other data being used,

For the response and flutter analyses unsteady aerodynamic forces may be estimated using quasi-steady
two-dimensional (2-D) strip theory for fuselages and particularly controls. Aerodynamics for lifting surfaces are
usually calculated using quasi-steady strip theory for gust-load prediction, since it is quick and easy to_match issued
data for rigid incidence, but for flutter both strip theory and three-dimensional theory are used. Generally the strip
theory gives a clearet warning of possible problems and is simpler to use in sensitivity studies and the
three-dimensional theory is used to obtain a more accurate solution for the datum case.

Past Experience Wind Tunnel
Data

Theory

Statle Rigid Body Oscillatory
Aero Aerodynamics Aero
Corrected Quasi Steady| | 2D/3D
Derivatives |*7] | Aerodynamics Check
Derivative
Sensitivity
Static
Aeroelastic Response Flutter

Fig. 6 Aerodynamic Model

50 COMPUTING

The modern mainframe computer has become larger over the years mainly due to 'data processing' demands
and also more generalised in its use, thus making it more centralised and remote from the user. It employs time
sharing systems with local terminals, but basically expects users to concentrate on using the 'batch' processing
system. This has led to a tendency for program complexity to expand to use the computing limits of the machine
and to uhderdevelop the on-line computing facilities, Although these features are acceptable and adequate for the
later stages of the design where advantage can be taken of the great core size and processing speed available it is
not acceptable for the project design work,

At the project stage, the demand is for small, simple programs, user interaction, fast turn round, good
plotting/graphics facilities plus the ability to do work at any time of the day. These features are basically only
available ori a dedicated computer and over the past decade Weybridge has developed a suite of programs which
have concentrated on optimising programme size and efficiency thus offsetting the limitations inherent in a
mini-computer based system. These computers, although relatively small, are adequate for the tasks involved and,
with excellent editing and plotting facilities, are used to produce graphs and diagrams of a standard suitable for
direct inclusion in reports and presentations. The "instant" turnround allows quick correction of any changes in the
data as results are printed or plotted locally, The plotting facilities give the opportunity of adding extra data to
areas of interest, Because the machines are departmental, access is organised internally and they can be used at any
time as opposed to the mainframe which has limited hours of availability, and priority work is organised external to
the departments, A summary of the comparison between mainframe and dedicated computers is shown in Figure 7,

One last benefit which may rot be obvious from the aforesaid is the greatly improved motivation of the staff,
when using an inter-active departmental computer, and a willingness to get jobs dune and well presented through
the close involvement,
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MAIN FRAME DEPARTMENTAL
Availability Limited Unlimited
Priority Work No Control Controlled Internally
Turn Round Slow Fast
Plotting Fixed/Delayed | Infinitely Variablé/Instant
Interaction Limited Unlimited
Speed Variable Adequate
Program Size Large Adequate For Project Work
Cost Effectiveness § Variable Optimal

Fig. 7 Comparlson Between Computers

60  PROJECT PREDICTIONS

6.1 General Design Problems

As stated in section 2.0, all the main predictions work and requirements for project analyses can be aligned
within the three basic sections as follows:-

o Static aeroelasticity which affects steady load evaluation (for ultimate and fatigue cases), built in
anti-distortion twist, stiffness requirements for control efficiency and distorted aircraft stability.

o Response analyses which lead to strength and fatigue requirements for gust and landing requirements,
undercarriage, dynamic characteristics and environmental conditions for equipment.

o Flutter which relates to lifting surface stiffness, control impedance requirements and mass requirements,

In the project analyses, these sections are treated separately for optimisation. However, within the
aeroelastic area the sensitivity studies produce rates of exchange for selected parameters which are then considered
by the related disciplines in the other design areas for overall optimisation of the design.

A summary of the aeroelastic phenomena analysed at the project stage is given in the following paragraphs.

62  Static Acroelasticity

Static aeroelasticity concerns load aid control efficiency, where the distortion of the structure tends to
redistribute the airloads. Dependent upon the geometry and structural stiffness, the additional forces due to the
deformation can either decrease or increase the assumed rigid airloads and in extreme circumstances can lead to
static divergence and control reversal respectively, For civil transports of today, divergence is seldom a problem,
whereas the prediction of the steady load distributions and control efficiency are of paramount importance
especially with the introduction of active control technology.
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In the static aeroelastic analysis the applied loads are considered as separate inputs to the elastic component
of interest which is cantilevered at some convenient point. The applied loads are either aerodynamic e.g. rigid
incidence, rigid control rotation, or inertial, eg. wing structure weight in level flight, These loads and the elastic
forces are then balanced by the aerodynamic forces due to distortion, the latter being calculated using a
three-dimensional theory (plus corrections). There is a choice of solving-either for a range of dynamic pressures or
for a range of altitudes for the given Mach Number. The component results may then be summed for any flight
condition to evaluate distortion and net load data, A typical carpet of results for aileron efficiency is plotted
against Mach Number and altitude in Figure 8,

63 Response

Dynamic response loads have a primary influence on the structural design and are the result of rapidly
applied. inputs due to gusts, landing or other dynamic conditions. Essentially the trarsient response manifests itself
into increased bending and torsional stresses in the structure and the design has to be capable of taking these into

account by increasing the structural material. The two most important dynamic response problems are gust and
landing.

63.1 Gust Response

Incremental loads due to gust response are calculated using a free-free mathematical model of the
flexible aircraft with the aerodynamic forces calculated using quasi-steady strip theory. The aircraft is
modelled as a number of aerodynamic surfaces, e.g. front fuselage, inner wing, etc,, so that the effect of the
gust passing over the aircraft is represented. Appropriate aerodynamic lag functions due to the gust
(Kussner) and due to the response (Wagner) are included for each of these surfaces.

Gust response calculations have to cover both the discrete gust and continuous turbulence, the latter
requiring the evaluation of the frequency response at "all' frequencies, in practice, up to a frequency
sufficiently high to achieve convergence on the statistical data. The response to the discrete gust is
obtained by multiplying the frequency response by the Fourier Transform of the discrete gust and then
performing an Inverse Transform on the product, The discrete:gusts considered are of the form 'I-cosine' for
a range of gust gradient, the distance travelled to reach the maximum gust velocity. In practice the discrete
gust calculations range from 2.5¢ to 50c (c = wing mean chord) gust gradient distances to ensure that tuning
effects of aircraft flexible and rigid modes are covered. Peak values are interpolated for each "“interesting"
quantity e.g. load, stress or acceleration, reference Figure 9.

Step Gust
0. . . \ N ;
0.50 1.00 1.50 2,00 2.50

Secs.

(1-Cos)
Gust
1.5052532554 2,00 5=—"="2,50
Secs,
-
LI N Peak
[+ e Values
olamytg e s e
025 '0.50 0.7% 1.00 1.25
Time to maximum gust velocity Secs.

Fig. 9 Response {o Discrete (1-Cos) Gust
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These calculations, however, are time consuming and it is not sensible to try to cover all the design

flight cases using this method in a short time-scale,

A simple fast method of predicting the required

interesting quantities for all the design flight cases is to use the Pratt formula technique., The Pratt formula
was originally formulated to predict rigid aircraft c.g. peak acceleration due to a discrete gust but, with
modification, has been shown to give a first order prediction of loads all over the aircraft, Thus it is
possible to highlight critical flight cases quickly and then, using the results of the full calculations, predict
more accurate data for these cases. If the ratio of -the full calculation result to the Pratt formula result is
referred to as the overswing factor then loads for other flight cases not too distant can be approximated by
factoring the Pratt formula value by the overswing values for that point.

In practice overswing factors are calculated for each interesting quantity for:

o 125 ¢
o tuned gust
o continuous turbulence (design envelope)

Typical results and overswing factors are shown in Figure 10,
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632 Landing Response

The mathematical model used for landing response calculations is similar to that used for gust
calculations except that the flaps are out and the undercarriage is down. Initially the only landing gear input
data normally available is generally an estimate of the time history of the vertical force at the top of the
main undercarriage leg. This will have been obtained by scaling from previous similar aircraft or from a very
simple mathematical model of the oleo representing a gas compression curve and hydraulic damping, and
probably some friction, plus tyre compression data, Spin up/spring back effects are ignored at the first stage
unless they are expected to have a significant influence on the structure,

At the later stages, a load against stroke curve for the oleo and tyre characteristics will be more
firmly established and the force time histories in the vertical and fore-and-aft directions at the top of the
leg calculated for a rigid aircraft at a given descent rate, reference Figure 11. Spin-up forces are also
included at this stage either by applying the rigid leg drag forces to the fore-and-aft flexibility or by
including this flexibility in the calculation. Given the input force time histories the interesting quantities are
calculated by integration, reference Figure 11, and the peak values extracted.

6. Flutter

Modern aircraft are subject to all kinds of flutter behaviour which can have the most far-reaching effects of

all aeroelastic phenomena on the project design., Preventive measures usually involve either increased stiffness or
decreased coupling by adjustment in mass distribution or a combination of both. Heavy mass items such as engines
are often located partly by considerations of optimum conditions for flutter prevention. The aircraft must be shown
to be stable in both the unfailed and the 'fail-safe' conditions for all payload and fuel configurations within the
flight envelope.

Project flutter calculations may be put into two main categories viz:-
main surfaces
controls

Stability is examined using damping versus speed plots, reference Figure 12, and the ability to interact with

the computer in this task is most valuable, In order to highlight flutter instabilities calculations are generally
carried out for constant Mach Number and altitude, varying only the equivalent airspeed although matching altitude
and speed for a given Mach number is also used.
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Flg. 12 Main Surface Flutter:
Example of Sensitivity Study
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6.4.1 Main Surface Flutter

The aim is to predict any likely flutter problems and to carry out sensitivity studies to try to find
acceptable means of achieving adequate flutter margins and highlighting areas for more detailed
investigations, Close liaison with the weights and structures specialists is kept and studies on changes in mass
configuration and stiffness carried out to find the best solution to the problem, The branch mode model is
ideal for such studies, especially if the problems have been foreseen and the branch modes formed with the
express aim of sensitivity studies, In order to understand the flutter mechanism, the problems are reduced to
a minimum number of degrees of freedom. Figure 12 shows how a sensitivity study on a reduced problem

reveals the essential flutter characteristics and gives an insight into how adequate margins can be obtained
with confidence,

642 Control Flutter

Control flutter is generally sensitive to mass, stiffness and aerodynamic data and here again sensitivity
studies are carried out, Strip theory aerodynamics are preferred because of the ease of introducing measured
data and of varying the flutter derivatives, Power control unit impedance requirements can be specified with
some confidence at an early stage.

70  INTERACTION WITH RELATED SPECIALISTS

The aeroelastics engineer carrying out project work needs to maintain-close contact with all other related
specialists who are involved in the design, including the areas of structures, aerodynamics, the drawing office,
weights and systems. This results in the constant flow of data from one area to another and optimisation of the
design is carried out as a result of this interaction. With the specialists of each area knowing the general
requirements of all the other areas the necessary optimisation process can be achieved so that the final design is
reached by a rational process. This continuous dialogue between specialists ensures that every decision is
understood and agreed to by those who have experience and responsibility for that part of the design. It would be a
formidible task indeed to try to absorb all the skills of this process into a computer program for use in the project
environment. Further, an enormous amount of checking would be required in order to assess the results and ensure
that there were no errcrs nor that any assumptions were being exceeded. Therefore we believe that the correct

approach for project design is to maintain close interaction of related specialists who assess their own optimum
requirements.,

80 CONCLUDING REMARKS

The development of transport aircraft has made it necessary to include aeroelastic data and requirements at
the project design stage, It is also very desirable to carry out an iterative process involving the related specialists
in order to arrive at an optimum design, Our experience .n project design has convinced us that the essential

requirements are:-

o to optimise for each requirement separately but then to compromise by

c maintenance of close interactive dialogue with spacialists in related design areas.

o To be able to produce aeroelastic data quickly and with confidence using simple models and dedicated
computers,
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TRANSONIC FLUTTER CLEARANCE FOR A SUPERCRITICAL 3=
TRANSPORT AIRCRAFT IN THE PRELIMINARY DESIGN STAGE

by

N.Pronk, H.Walgemoed, Fokker B.V.,
P.0. Box 7600
1117 27 Schiphol

and

R.J.Zwaan, National Aerospace Laboratory (NLR)
P.0. Box 90502
1006 B.M. Amsterdam
The Netherlands

SUMMARY

Recen=ly, design studies for a short-haul transport with a supercritical wing were made by Fokker
with assistance of NLR.

One of the aeroelastic questions to be answered already in the preliminary design phase of these wings
was the question of flutter-freedom in the foreseen flight envelope.

In the presentation a survey is given of the steps taken in the flutter clearance, especially those
which were prompted by the transonic aspects. Aerodynamic investigations are discussed involving transo-
nic wind-tunnel tests on oscillating supercritical airfoils, transonic flutter tests on a supercritical
wing model and the development of calculation methods. A flutter analysis method for these transonic
conditions is verified on the wind-tunnel model results and applied to the full-scale design, showing
the influence of the transonic aerodynamics.

1. INTRODUCTION

This paper highlights some aspects of the flutter clearance activities of Fokker and NLR during
the preliminary design stage of an advanced short-haul transport aircraft. The activities were termina-
ted in 1982, A sketch of the aircraft design is given in figure 1. This design was characterized by a
high aspect ratio supercritical wing, high bypass ratio turbofan wing mounted engines and a T-tail, All

these design features had their own aeroelastic aspects, which deserved careful attention from the very
beginning of the preliminary design stage.

This paper focuses primarily on the flutter clearance of the supercritical wing. Due to the tran-

sonic environment in which this wing should operate, the influence of the so-called transonic flutter
dip had to be studied. To achiave this goal, an intensive research program was carried out by Fokker and
NLR, in which NLR provided the theoretical and experimental expertise on unsteady transonic flow and
created a data base of transonic unsteady aerodynamic data.
Furthermore NLR verified the concept of using these data on a three-dimensional wing in a wind-tunnel
flutter model test. Fokker, on its part, created the structural dynamic model of the full-scale design
and introduced the transonic data into the flutter analysis. The investigations were administered by the
Netherlands Agency for Aerospace Programs (NIVR).

2. DYNAMIC CHARACTERISTICS OF THE AIRCRAFT DESIGN

2.1. General remarks

The purpose of the present study was not to predict the flutter speed of the subject aircraft de-
sign as accurately as possible in a multitude of flight conditions, but merely to investigate the influ-
ence upon the wing flutter characteristics of some methods to calculate the unsteady aerodynamic forces.

Consequently, no aerodynamic forces on fuselage and tail surfaces were applied in any of the calcula-
tions to be discussed.

All mass and stiffness data were determined analytically. Only symmetrical motions will be discus-
sed here for one loading condition, viz. completely filled wing fuel tanks and empty fuselage, this
being approximately the condition with the lowest flutter speed. With the exception of the engine pylon,
all component vibration modes were calculated using elastic beam models. Although the use of a finite
element model would have had certain advantages, especially when dealing with more complicated struc-

tures, such as the wing-body junction, the engine pylon or the vertical fin-rear fuselage attachment, in
this parametric study the simpler beam models were considered adequate.

2.2, Center wing

Flexibility of the center wing section, which is the part of the wing torsion box inside the fuse-

lage, was taken into account by means of a bending degree of freedom. The center wing was simply suppor-
ted at the wing root.,

2.3, Outer wing

The outer wing was attached to the center section and was clamped at the wing root. Five outer
wing vibration modes were taken into account as branch modes, three of them containing mainly bending
and the other two mainly torsion. No in-plane bending was taken into account, since these modes appeared
to have only a negligible influence upon the flutter behavior,
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2.4, Engine

A 6x6 matrix of flexibility influence coefficients was derived from a finite element model of the
engine pylon design, attached to a rigid wing structure. Using this matrix and the relevant inertia da-
ta, six engine branch modes were calculated, three 'of which were used in the flutter calculatioms.

The latter modes can-be considered as yawing, pitching and rolling of the engine.

2.5. Fuselage and tail

Both forward and rear fuselage were clamped at the wing-body junction. For each of them, only one
bending mode was taken into account in the flutter calculations. The tail surfaces were assumed rigid.

2.6. Coupled modes

The aforementioned branch modes, in addition to the symmetric rigid body modes, were used to de-
termine the normal modes of the aircraft design. The frequencies and mode shapes of the six most impor-
tant normal modes are shown in figure 2. .

In order to save computer time, the flutter calculations were carried out on the basis of as few

degrees of freedom as permissible. For one set of generalized aerodynamic forces, the flutter characte-
ristics of the present model were compared with those of a dynamic model which comprised significantly
more branch modes, such as additional wing modes (including in-plane bending modes), engine modes, fuse-
lage and tail modes. Qualitatively, there appeared to be virtually no differences in flutter behavior
between both models, and the quantitative differences were only small,
This was not very surprising, since the critical flutter frequencies were relatively low, so that the
flutter characteristics were hardly influenced by high-frequency degrees of freedom. The wing in-plane
bending modes had only a negligible influence, because the aerodynamic forces associated with them were
almost zero.

A final remark concerns the fuselage bending modes, since their inclusion in the dynamic model is
not obvious a priori. However, these modes significantly affected the shape of the inner wing torsion/-
engine pitching mode, as they caused the nodal line position of this mode near the wing tip to shift
forward with respect to the case of a rigid fuselage. This nodal line position greatly influenced the
interaction between this mode and the fundamental wing bending mode and hence the flutter characteris-
tics which correspond to classical wing bending/torsion flutter. Because a forward nodal line position
was beneficial, neglecting the fuselage bending modes would lead to unrealistically low flutter speeds.

3. INVESTIGATION OF TRANSONIC EFFECTS IN UNSTEADY AIRLOADS AND FLUTTER CHARACTERISTICS
3.1. General

The investigations discussed in this section were carried out by NLR, They were of theoretical and
experimental nature, and had the following objectives:
a. generation of unsteady transonic aerodynamic data
b. exploration of transonic effects on flutter characteristics.
Almost all work was done under contract with the NIVR. The results formed direct input for Fokker's
flutter analysis for the full-scale design and, more generally, provided knowiedge to guide further
steps in the flutter clearance investigations.

When the investigations were started, NLR could rely on the results of many years of research on
unsteady transonic flow. This research, of which the greater part was also performed under contract with
the NIVR, involved various wind-tunnel tests with the conventional airfoil NACA 64A006 and the supercri-
tical airfoil NLR 7301, which have become well-known meanvhile (ref. 1). The tests provided pbysical un-
derstanding of the effects of nonuniformity of the mean flow field:and of the moving shock wave on the
unsteady airloads. The analysis of these results culmin ted into the doctoral thesis of Tijdeman {ref.
2). A typical example is shown in figure 3 with detailed pressure distributions on the upper side of the
pitching NLR 7301 airfoil (t/c = 0.165, xo/c = 0.40). On the left the effect of a moving shock wave is
presented, on the right a shock free case. These distributions, mutually differing completely and also
different in comparison with thin-airfoil theory, make plausible that flutter calculations based on con-
ventional lifting surface theory, would involve unacceptable risks.

The investigations at NLR are presented schematically in figure 4, more or less chronologically
from left to right. At the beginning a calculation method for 2-D unsteady transonic airloads was avai-
lable. Although the wing geometric design was not yet completely frozen, it was clear that the wing
would have a large aspect ratio. This circumstance led to the opinion that a 2-D transonic calculation
method in combination with a 3-D subsonic method should be adequate to determine so-called quasi-three-
dimensional (Q-~3-D) airloads. The underlying idea can be easily noticed in figure 4.

To check the Q-3-D method experimentally, two ways were open: a wing pressure model test and a
wing flutter model test. A choice bhad to be made as doing both tests would have too great demands on
budget and manpower. Although a pressure model test would enable the most direct verification, a flutter
model test was preferred because then also transonic flutter characteristics of the wing could be stu-
died, in particuiar the occurrence of transonic dips in the flutter boundaries.

When the development of the full-scale aircraft was terminated, a calculation method for 3-D un-
steady transonic airloads was nearly completed. The method is being evaluated. Finally, a full-scale
flutter model was planned to be tested at the end of the scheduled full-scale design phase, but with the
realization hardly any start was wmade.

In the remaining of this section the major steps in the NLR investigations and the most signifi-
cant results will be discussed.
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3.2. Determination of 2-D unsteady airloads D -

3.2.1. Calculation methods
The methods which were used to calculate 2-D unsteady transonic airloads are indicated in figure 5.

The first method is LTRAN2-NLR, based on the original LTRAN2 code of Ballhaus c.s. and extended by
NLR for application to moderate reduced frequencies (k < 0.4)(ref. 3). The code is based on the transo-
nic small perturbation equation for the velocity potential which is solved with a time-marchbing proce-
dure., For the unsteady case generally two cycles are sufficient.

To reduce the computing.time required to obtain unsteady airloads, a second computer code, FTRAN2,
was developed (ref. 4).
It is a time-linearized method, proceeding from the same mean steady flow field calculated with LTRAN2-
NLR. The method has no frequency restriction.

A third computer code is LTRANV, which combines LTRAN2-NLR with Green's lag entrainment method for
steady turbulent boundary layers (ref. 5). The code was developed for application to weak interactions
between outer flow and boundary layer.

3.2.2, Wind-tunnel experiments

Two wind-tunnel tests were carried out, each test with a different model, The airfoil geometry,
being the same in both cases, was representative for sections in the outer wing part of the full-scale
design.,

It had a thickness of 12% and experimental design values of M = 0.75 and Cp, = 0.44 (&= 0.75"). In the
first test the model was fitted with a control surfaca wits a hinge axis at 80% of the chord. A part of
the test program was repested after installing an aerodynanic balance.

In the second test the model could be driven in a pitching motion about one of the selectable axis
positions and, less usually, also in a heaving motion (ref. 6). The principle of the driving mechanism
is shown in siigure 6. By changing the position of the driving rods a new airfoil motion could be selec-
ted. This excitation set-up provided a check on the admissibility of superposing airfoil motions in
transonic flow.

In both tests detailed unsteady pressure distributions were measured on both upper and lower side.
A computer-controlled data acquisition and reduction system, PHAROS, was used, which is essentially a
transfer function analyzer with 48 simultaneously operating channels (ref. 6).
Lift, moment and hinge moment coefficients were obtained by numerical integration.

3.2.3. Results

Calculated and measured unsteady pressure distributions and aerodynamic coefficients were obtained
for a wide range of Mach numbers, reduced frequencies, mean airfoil positions and amplitude variationms.
A survey is given in figure 7. Altogether over 2400 pressure distributions were measured and analyzed
carefully. A typical example of amplitude variations is presented in figure 8, showing that adequate ac-
curacy could be maintained down to extremely small amplitudes. Another example is given in figure 9 for
the unsteady lift and moment coefficients in separated flow, corresponding to a pitching &nd heaving mo-
tion. They show remarkably alternating values which are related to rapid phase shifts.

An example of comparing calculated and measured data is presented in figure 10, showing the lift
coefficients due to pitching about 45% chord (left) and due to control surface rotation (right). Both
results correspond to a flow with a strong, moving shock wave. A few remarks can be made immediately:

a. Transonic effects are recognized easily by the larger gagnitude and phase lag at small reduced fre-
quencies.

b. Transonic theory overpredicts the experimental values. The differences are mainly due to the absence
of boundary layer effects in the calculations and they are greatest for the control surface rotation.

c. LTRAN2-NLR and FTRAN2 produce almost identical unsteady results.

d. For the pitching motion an irregularity in the measured magnitude and phase is shown at very low fre-
quency, which is caused by wind-tunnel wall interference.

3.3. Calculation of 3-D unsteady airloads
3.3.1. Quasi-~three-dimensional method

The aim of this calculation method is to approximate the transonic unsteady airloads on an oscil-
lating 3-D wing of large aspect ratio. An outline of the method in the form of a diagram is presented in
figure 11 (ref. 7). The main assumption is tbat the 3-D spanwise load distribution is independent of the
2-D transonic properties of the wing sections and depend only on wing planform, Mach number, vibration
mode and reduced frequency like in subsonic flow.

Accordingly the wing planform is subdivided into streamwise strips. The transonic airloads on each strip
are approximated by combining a 2-D transonic method with a 2-D and a 3-D Doublet-Lattice method. The
latter methods are used to determine AIC's, involving effects due to sweep angle, finite span and taper.

The Q-3~D method was developed along simitar lines as the method being used by Fokker in the flut-
ter calculations for the full-scale design.
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3.3.2. Three-dimensional method

When LTRAN2-NLR was put into use, it was realized that an extension to 3-D flow would imply a
rather time-consuming code. A useful alternative was found in a time-linéarized approach which led to
the development of FIRAN2 and at the termination of the full-scale development, to FTRAN3.

The latter code is based on a hybrid method combining the advantages of finite difference and integral
methods. The method is still in its evaluation phase and is being used in flutter calculations for the
flutter model discussed in section 3.4.

3.4, Wind-tunnel flutter tests

Two wind-tunnel flutter tests were performed on a semi-span model®of a supercritical wing in sub-
sonic and transonic flow. The aim wac to generate a data base for the verification of the calculation
methods for unsteady transonic airloads and to explore the transonic flutter boundaries at different
wing incidences.

The flutter model was attached through an instrumented torsional spring to a turn-table in the
wind-tunnel side wall (figure 12). The two degrees-of-freedom were wing bending (mode 1) and wing rota-
tion about the spring axis (mode 2). Model response was measured by strain-gage bridges on the spring
and by accelevometers in the model. Also the mean pressure distribution on the wing upper side could be
measured in one section. A flutter damper allowed attaining to the flutter boundaries and even exceeding
them without risks.

The results of the first flutter test were discussed already in ref. 8. The envelope of test
points of the second flutter test is shown in figure 13.
It includes the design point cf the wing and many off-design conditions, also exceeding the buffet onset
boundary. A survey of the results is presented in figure 14, showing at the top flutter boundaries for
three wing incidences. In each boundary a transonic dip is easily recognized. Comparison with the flut-
ter frequency curves (middle) learns that mode 1 is unstable. The transonic dip shifts to lower Mach
numbers with increasing wing incidence. At the highest wing incidence even two dips occur. Comparison
with the trailing edge pressure (bottom) shows that the dip at the lowest Mach number range corresponds
to mainly attached flow, although the right-hand side of the dip is influenced already by flow separa-
tion. The dip at the highest Mach number range corresponds completely to separated flow, while now mode
2 is unstable.

A comparison of calculated and measured flutter boundaries for the lowest model incidence is pre-
sented in figure 15. It shows that flutter calculations in which the Doublet-Lattice method is used,
cannot predict a transonic dip, as could be expected. The Q-3-D method employing the 2-D airloads calcu-
lated with LTRAN2-NLR predicts indeed the descent of the flutter boundary with increasing Mach number,
but a clear transonic dip was not found. The results are slightly conservative, which could be expected
on the basis of experience from flutter model tests in transonic flow (e.g. ref. 9). Also results calcu-
lated with the Q-3-D method employing 2-D experimental data are shown.

Now the location of the transoaic dip is predicted correctly, although the flutter boundary has a non-
conservative margin, mainly because of tunnel! wall interference effects in the experimental data.

The comparison for the highest model incidence in figure 16 is inceresting in two respects. First,
the flutter boundary calculated with the Q-3-D method is less steep than the measured curve, so that the
prediction becomes even nonconservative.

Possibly, the Q-3-D method ~ which is based on the transonic small perturbation concept - becomes ques-
tionable at this model incidence. Secondly, as the Q-3-D method is unable to predict airloads in separa-
ted flow, the newly introduced Extended Quasi-Steady (EQS) method was applied. This engineering-type me-
thod, which is still being evaluated at NLR, combines experimental data from 2~D unsteady and 3-D steady
wind~tunnel tests on the basis of modified strip theory.

Fer zero frequency the correct spanwise distributions of C) and Cq are obtained, while for non-
zero frequencies the airloads show the anomalous features as was illustrated already in figure 9. The
flutter results in figure 16 show a qualitatively correct and quantitatively acceptable agreement.

The results of both Q-3-D method and EQS method were considered encouraging enough to apply them
also for the full-scale design.

4, PREDICTIONS OF FLUTTER CHARACTERISTICS OF THE AIRCRAFT DESIGN
4.1, Generalized aerodynamic forces

For the Doublet-Lattice calculations, the wing was divided into 17 streamwise strips of 7 panels
each, whereas for the pylon and the engine pod a total of 48 panels was used. Calculations were made for
three Mach numbers: 0.7, 0.75 and 0.8, The transonic aerodynamic forces calculated with the Q-3-D method
(as discussed in section 3), employed different sets of 2-D unsteady coefficients. It was assumed that
the i1nfluence of the engine pod upon the generalized aerodynamic forces depended on Mach number only and
not on the way in which a transonic correction, if any, was applied.

The 2-D coefficients could be divided into classes, viz:

- those calculated with LTRAN2-NLR

- experimental data obtained from NLR wind-tunnel tests, see section 3.2.2.
Thegse coefficients were measured for only a limited range of frequencies, but the data were extended
with calculated coefficients to reduced frequencies up to k = 0.5, in order to make them suitable for
the calculation process.
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Calculdted 2-D coefficients were available for M= 0.7 and H = 0.75 for five and two steady lift
coefficients, respectively. For M = 0.8, LTRAN2 did not produce reliable results: Measu;ed 2-D unsteady

coefficients were available for four sfeady lift coefficients for each-of the three Mach numbers consi-
dered.

The original intention was to start from estimated steady spanwise lift distributions and interpo-
late between .2-D unsteady coefficients for each local -lift coefficient. However, thé results obtained
through this procéss were not always relxable, because the numbér of available steady 11ft coefficients
was too small and the dependence of the unsteady coeff101ents on the steady lift coefficient was not
smooth enough. The interpolation was therefore c1rcumvented by assuming a constant Cj along the wing
span. Although such a constant Cj distribution was unrealxsclc, this assumption was not too bad .over a
considerable part of the wing span. Moreover, it was expected that the influence of increasing the angle
of attack on the flutter characteristics could be predicted quite well.

4.2, Influence of Mach number in subsonic flow

Using Doublet-Lattice aerodynamics on wing, pylon and .engine pod, flutter calculations were per-

formed for M = 0.7, 0.75 and 0.8. Plots of airspeed vs. frequency and damping for the fundamental wing
bending mode and inner wing torsion/engine pitching mode (see fig. 2) are -presented in figure 17. These
and other calculations were made with the p-k method, assuming an altitude of 15,000 ft above sea level.
This altitude was chosen because it was approximately the altitude where Vp of the subject aircraft
corresponded with M = 0.75, Since the transonic dip was .expected at or near M = 0.75, being the Mach
number where the wing lift curve slope reached its maximum value, this altitude was coansidered critical
thh respect to transonic wing flutter.
Zero structural damping was assumed, Figure 17 shows that the flutter speed increases slightly with in-
creasing airspeed, which is contradictory to initial expectations. This trend is due to the presence of
aerodynamic forces on pylon and pod, since similar calculations with aerodynamics on wing only showed
the opposite trend, although for considerably higher flutter speeds.

The inner wing torsion/engine pitching mode is the critical flutter mode, because of the intersec-—
tion of its frequency curve with the curve of the fundamental wing bending mode. This flutter mode is a
so~called hump mode as it becomes stable again at a higher speed.

4.3. Influence of engine pylon stiffness

The pylon used in the present calculations was designed for both strength and stiffness require-
ments. The engine pylon pitching stiffness was a major parameter which controlled the frequency of the
inner wing torsion/engine pitching mode, and hence influenced the wing flutter characteristics, To get
insight into the criticality of the pylon pitching stiffness, some flutter calculations were repeated
for varying uncoupled engine pitching frequencies, all other branch modes remaining unaffected.

In figure 18, the relation between flutter speed and uncoupled engine pitching frequency is shown
for Doublet-Lattice aerodynamics at M = 0,75,
Obviously, there appeared to be two ways to prevent flutter within the required flutter boundary. First-
ly, by ensuring that the engine pitching stiffness would be sufficiently high to result in an adequate
frequency separation between the fundamental wing bending mode and the inner wing torsion/engine pitch-
ing mode. Secondly, by making the pylon so flexible in pitching that the inner wing torsion frequency
would become lower than the wing bending frequency. However, the latter approach was not feasible for
the type of wing/engine combination considered here, because of pylon strength requirements.

The local peak in figure 18 is due to coincidenca of the engine yawing and pitching frequencies.
This situation was not completely realistic, however, since a decrease in pitching stiffness necessarily
would involve some decrease in yawing stiffness.

A potential problem could have existed with respect to fail-safe flutter since a structural fail-
ure of the pylon would lead to a reduced pylon pitching stiffness and hence to a significant reduction
of the flutter speed.

4.4, Application of the Q-3~D method
4,4,1, Application of calculated 2-D unsteady coefficients

4.4.1.1. M = 0,7

The influence of applying 2-D unsteady coefficients calculated with LTRAN2-NLR in the Q-3-D method
is shown in figure 19 for M = 0.7 and Cy = 0.384, 0,490, 0.608 and 0.660. A similar calculation was
performed for €} = 0.237, but the results were virtually the same as for Cj = 0.384.

All flutter branches of figure 19 become unstable at a lower speed than for Doublet-Lattice aerodyna-
mics, with C; = 0.608 leading to a 7.4% flutter speed reduction. The critical model is still the same

hump mode as in figure 17.

4.4,1.2. M = 0.75

For M = 0.75, only two sets of calculated 2-D unsteady coefficients were available, viz. for Cj
= 0,289 and €} = 0.499, which resulted in flutter speeds of 0.94 and 1.24 times the corresponding Dou-
blet-Lattice flutter speed, respectively, The higher flutter speed at C; = 0.499 is caused by a change
in the flutter mechanism; the fundamental bending mode has become critical instead of the hump mode of
inner wing torsion/engine pitching.
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4.4.2. Applicatioh of measured 2-D unsteady coefficients
4.4.2.1. M = 0.7

For this condition four flutter calculations were made, viz. for €y = 0.30, -0.39, 0.47 and 0.70.
The predicted flutter speeds were 1.02, 1.01, 1.07 and 1.02 times time speed calculated with Doublet-~
Lattice aerodynamics, respéctively. These and other results obtained With measured 2-D coefficients
shoild be -treated with some caution, sincé the coefficierts were measured at Reynolds numbers of approx~
imately 2.10°%, whereas the actual aircraft would operate at Re = 107 and higher.
This effect has to be investigated further. Also, the measured coefficients were subject to wind~turinel
wail interference effects for whiéh corrections could be -made only at k = 0.

4.4.2,2. M = 0.75

Curves of airspeed vs. frequency and damping pertaining to quasi-three-dimensional airloads em-
ploying measured 2-D coefficients for M = 0.75 and C; = 0.31, 0.40, 0.51 and 0.61 are shown in figure
20, The calculated flutter speeds. are 1,10; 0.93, 1.14 and 1.01 times the corresponding flutter speed
for Doublet-Lattice aerodynamics, respectively.

Probably, the transonic dip (if considered as- a function of Cj or angle of attack at constant Mach
number instead of a function of Mach number at constant angle of attack, which is usual) is located in
the vicinity of Cy = 0.4.

As can be seen immediately in figure 20, the flutter behavior at C; = 0.61 is completely different
from all other cases considered. Here, it is not the coupling with the fundamental wing bending mode
which causes the inner wing torsion/engine pitching mode to become unstable, but rather a one-degree-of-
freedom flutter case involving only the first wing bending mode. The relatively low flutter speed at
C; = 0.61 might be related to the "second transonic dip" which was discussed in section 3.4 in connec-
tion with the wind-tunnel flutter tests. This second dip was shown there to correspond to separated flow
and indeed, steady pressure model tests for similar flow conditions revealed that flow separation took
place over the entire wing span, This flutter case will be discussed further in section 4.5.

4.4.2,3. M= 0.8

For this Mach number, 2-D unsteady coefficients were available for C; = 0.28, 0.33, 0.36 and
0.42, i.e. for approximately the same angles of attack for which cocfficicnts were measured at M = 0.7
and M = 0.75. The resulting flutter plots are presented in figure 21. At Cj = 0.28 the lowest flutter
speed was predicted, which was 0.94 times the comparable flutter speed for Doublet-Lattice aerodynamics.
No indication of a second transonic dip was found, although the flow was separated over a major part of
the wing at the three highest lift coefficients considered.

4.5. Application of the “Extended Quasi-Steady" method

As was pointed out in section 3.4., the validity of the Q-3-D method was questioned for conditions
where flow separation occurs over a significant part of the wing. For this reason the alternative EQS
method was introduced at NLR.

Thereupon the EQS method was also applied to the full-scale design for three conditions which bhave been
discussed already in section 4.4., viz. M = 0.75, C} = 0.61 and M = 0.8, €} = 0.36 and 0.42. The
results of these calculations are shown in figure 22, Comparison with figures 20 and 21 show that the
flutter behavior is qualitatively the same as for the Q-3-D method. For the M = 0.8 cases, even a good
quantitative agreement is observed.

At M = 0.75, €} = 0.61, bowever, the flutter speed reduces from 1.0l for the Q-3-D method to 0.65
times the corresponding Doublet-Lattice value.

This one-degree-of-freedom flutter phenomenon can be attributed 'irgely to the imaginary part of the
unsteady lift coefficient due to heaving, k,", becoming sligbuiy r  ative for small values of the re-
duced frequency (fig. 9b), whereas this coefficient is positive for attached flow.

4.6, Influence of steady 1lift coefficient

Results of sections 4.4.1. and 4.4.2, have been collected ii» iigure 23 to show conveniently the

influence of the lift coefficient on the flutter boundaries. The taral 1lift coefficients Cp were made
to correspond to the 1local lift coefficients Cj; for which the £.:tter boundaries were calculated,
using the data of steady pressure model tests.
With due account of the approximative nature of the unsteady airloac: zalculations and of the interfe-
ring influences of tunnel walls and too low Reynolds numbers, the results in figure 23 are comsidered
reliasble enough to demonstrate an undeniable influence of Cp, (or of the load factor n). This means,
more in general, that the calculation of transonic flutter boundaries liould not be restricted to e.g.
level flight conditions, but a search should have to be made for those couditions within the flight en-
velope for which the flutter boundaries are most critical. If the design ghase of the present full-scale
design could have been continued, this search would certainly have been jiven further attention.

5. CONCLUSIONS

Aeroelastic configurations for a supercritical wing transport in the preliminary design phase were
discussed. Much ewphasis was put on investigating the influence of transonic flow effects on the flutter
characteristics of the supercritical wing. Subjects were: unsteady airloads calculations, unsteady pres—
sure model tests, flutter model tests and flutter calculations for the full-scale design.
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Although the design phase was not finished, the steps taken in the flutter clearancc were already
sufficient to yield. considerable knowledge of the tramsonic -fluttef characteristics as well as many data
which-would have contributed as well substantially to a successful completion of the design phase More
specifically:

1. The pressure model tests provided excellent data bases for the evaluation of computer codes for un-
steady airloads and for the analysis of flutter model test results.

2. The flutter model tests resulted in an adequate understanding of the transonic dips in the flutter

boundaries, both in attached and in separated flow.

3. An engineering-type calculation method. (Q-3-D -method) for the determination of unsteady transonic
airloads was developed, which was verified

by the flutter model tests. Satisfactory agreement was found at small wing incidences. An alternative

method (EQS method) for higher wing incidences where flow separation occurred, appeared to lead to

reasonable agreement with the flutter test results.

Unsteady airloads data from wind-tunnel tests and calculations in combination with the Q-3-D and EQS

methods were used in flutter calculations for the full-scale design.

The results showed a distinct influence of the steady lift coefficient or load factor.

A search for the critical load factor within the flight envelope corresponding to the lowest flutter

boundary would have been a necessary next step.
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INFLUENCE OF MAIN DESIGN PARAMETERS ON FLUTTER BEHAVIOUR
FOR AIRCRAFT CONFIGURATIONS WITH HEAVY CONCENTRATED MASSES
by

Helmut Zimmermann and Siegfried Vogel
MBB/Vereinigte Flugtechnische Werke GmbH, D-2800 Bremen,
Gexrmany

SUMMARY

Heavy concentrzied masses fitted elastically to the wing can induce flutter in an air-
craft. This flutter case is well known for fighter aircraft with certain store configura-
tions. For transport aircraft this flutter case becomes more and more important especially
for wing-engined aircraft with heavy engines, and modern transonic profiles.

The structural and aerodynamic influence parameters for this flutter case are described
for a particular project. A flutter speed inside the flight envelope caused by this type
of flutter can only be prevented by taking account of aeroelastic criteria and their
influence on the early design of the aircraft. For a frozen design this flutter case
can only be prevented by penalizing the weight and drag properties of the aircraft.
Because transonic aerodynamics also decreases the flutter speed (known as the transonic
dip) for aircraft with mcdern transonic profiles this flutter case deserves special
consideration.

1. INTRODUCTION

Although fighter and transport aircraft generally differ widely in their flutter
behaviour, a fighter aircraft with external stores can exhibit the same type of flutter
as a wing-engined transport aircraft. This type of flutter may be symmetrical and/or
antisymmetrical, and may be caused by modes of the following shape:

- fundamental wing bending
- engine pitch (inner wing torsion) with a quasi-rigid pitching of the outer wing.

The flutter speed in this case is influenced by the sideward bending or yawing motion of
the external store (or engine) and the torsion of the outer wing. For a fighter aircraft
this type of flutter is bound to occur eventually within the flight envelope, since new
and unexpected requirements for stores configurations may arise during the life of a
fighter aircraft type, long after the design has been fixed. This may occasionally lead
to flight envelope limitations for certain store configurations.

Por transport aircraft a limitation of the flight envelope must be prevented by
appropriate design changes. Because the weight and pitching inertia of the engine, as well
as the distance between the wing elastic axis and the engine c.g., strongly influence
the flutter behaviour, this type of flutter must be considered carefully during the early
design stages of a transport aircraft. The severity of the problem increases with increas-
ing engine power, because the attendant increase in fan shroud diameter makes it necessary
to shift the engine further upstream to avoid any detrimental aerodynamic interference
with the wing with enough ground clearance for a short main undercarriage. This up-stream
shift of the engine lowers the flutter speed. This effect may be even more critical if the
wing is designed to fly in the transonic range, where unsteady aerodynamic effects already
tend to reduce the flutter speed. If the replacement of the engine by more powerful types,
for instance, leads to such a kind of flutter problem similar to the problem for
fighters, where new store configurations become necessary, then a redesign of the pylon or
the addition of masses on the wing become necessary. Because of the severity of the problem
it seems useful to elucidate the flutter behaviour of aircraft with big concentrated
masses from different points of view.

The design of a new aircraft above all of a transport aircraft is determined by various
design aspects and constraints. The design aspects imply an optimum aerodynamic design,
and a low-weight stress design leadinj to low cost per passenger-mile. The constraints
are long inspection intervals resulting in low maintenance costs, and low production costs
for the manufacturer. The latter means simplifications in the production or, for example,
using the same aircraft parts for different projects. From a management point of view it
is self-evident that an aircraft should be free of flutter without penalizing the above
mentioned optimization process. Therefore a flutter case within the flight envelope of an
aircraft, found after the preliminary design or, even worse, after fixing the design
places the aeroelastician in a difficult position, because to eliminate this flutter case
the aeroelastician requires changes which upset the optimization design procedure.

Therefore the design of an aircraft must be shown to be free of flutter at a very early
stage of the project. Becaise the design constraints imposed by aerodynamics, weight,
loads, and stresses by thewselves rarely, if ever, tend to contribute to a good aero-
elastic design, this means that the aeroelastic department must be involved in the
optimization procedure right from the beginning. If this is done, and the aeroelastic
constraints are balanced against all other constraints at every iteration of the design,
the weight and drag penalties will be kept to a minimum.
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2. GENERAL DESIGN PROCEDURE

The design of an aircraft usually proceeds in the following fashion: First of all the
basic geometrical configuration of the aircraft is arrived at by an iterative process
between the design, aerodynamics, and other departments. Secondly, after the design loads
have been estimated for the various substructures, the structure is designed by fixing the
position, number, and shapes of ribs, frame$, stringers, as well as skin thicknesses, on

the basis of previous experience, and the stress values are calculated for the resulting
structure.

The design loads for the wing of a transport aircraft are determined by gust loads for
a lightly loaded wing, and by manoeuvre loads for heavily loaded wings. These load cases
determine the wing bending moments and thus the thicknesses of skins, spars, stringers
and so on, in conjunction with manufacturing constraints. The ratio between skin thickness
and stringer areas is determined by buckling and fatigue criteria, and previous experience.
Sometimes flaps and slats also influence skin and spar thicknesses. The pylon and its
wing-attachment is designed for crash loads, as well as the undercarriage attachment with

its back-up structure. The design of the fuselage is normally governed by crash loads
and interior pressure.

If we accept the foregoing as a representative description of the design procedure,
where the geometry is largely determined by aerodynamics and the particular requirements
of the project, and the stiffness mainly by load criteria, it becomes apparent that no
design criterion can be found among them which helps to prevent the flutter case under
consideration. From this it is clear that the aeroelastician must influence the design
and must be involved in the iteration of the design steps from the beginning.

3. DESCRIPTION OF THE FLUTTER CASE AND ITS CAUSES
As mentioned above, the flutter case is dominated by two modes:

- fundamental wing bending
- engine pitching, especially for wing-mounted twin-engine airxcraft.

For transport airxcraft the fundamental wing-bending frequency usually depends on the
fuel content; the more fuel, the lower the frequency. The frequency of the engine pitching
mode is nearly independent of the fuel content of the wing. In flight the two mode
frequencies are changed by the airloads on the wing and the nacelle such that, in general,
the bending mode frequency increases with dynamic pressure, and the engine pitch mode
decreases (Fig. 1). Where these two frequencies cross, flutter is likely to occur, as
will be shown later. One way of circumventing this undesirable state of affairs would be
to eliminate the crossing entirely by lowering the engine pitch fregquency below or
slightly above that of the fundamental mode. There are, however, two factors that make
this seemingly simple option impractical. Filrstly, because the fundamental frequency
depends to a large extent on the fuel load, the engine pitch frequency would have to be
lowered sufficiently to take care of all fuel load conditions. In this case the pitching
motion of the engine would have to be decoupled from the wing. Because of the large
weight and size of modern turbo-fan engines this option may be safely ruled out.

A second and more realistic alternative is therefore to accept the existence of the
frequency crossing, and then to try to improve the flutter behaviour by the position
of the nodal line of the engine-pitch mode, which has a marked influence on damping. If
the nodal line crosses the leading edge near the tip, no flutter is going to occur as
a rule. If, however, the nodal line crosses the trailing edge near the tip, the damping
of the inner wing torsion decreases in the speed range near the frequency crossing(Fig.2)of
the two modes being considered, and flutter is most likely to occur. This behaviour can
be explained by the marked difference between the aerodynamic coupling terms for the
two nodal line positions, i.e.

fq)ipldr‘. and f‘PjpldF,

where pi is the unsteady pressure difference distribution over the wing caused Ly the
motion of the mode with mode shape ;. The sign of the coupling term jwip‘dF. with @ ;
as the engine pitch mode shape, is given by the relative position of the nodal line to
the aerodynamic centre.

Therefore it becomes important to examine factors that influence the position of nodal
line of this mode. These factors are listed below without regard to their relative
importance:

. Fuselage stiffness

Pylon stiffness

Engine c.g.position

Attachment stiffness between pylon and wing and pylon and engine

Ratio of bending and torsion stiffness of the wing near the pylon station
Shear flexibility of the wing

Sweep of the wing

Attachment fuselage~wing

Masses at the tip of the wing
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Although the influence parameters for shifting the nodal line of this mode are quite
cléar it is not possible to give universal design criteria. The reasons are that:

1. Although the tendency of the changes in thé influence parameter on the flutter behaviour
are clear, 'the required size of such changes are different for different projects.

2. The design loads lead to different structural proportions for skin thicknesses,
stringer areas and so on for differing geometries of the wing, the wing box, and
others. Thexefore any changes proposed by the aeroélastician may, after redesign,
lead to no appreciable flutter improvement, or even to negative aerocelastic effects
in particular cases.

3. If one of the parameters is poorly designed from an aercelastic point of view,
changes of the other parameters will influence the flutter behaviour only insignificantly.

In trying to avoid this situation, the aeroelastician is faced by the following
problems: .
1. Most of the parameters listed above are not well known at the beginning of the

design project

2. The relevant parameters with a significant influence on flutter behaviour must
be found out.

The only practical solution to this problem for the aeroelastician is to vary the
parameters extensively in his calculations to detect and pinpoint the sensitive parameters
at the beginning of the design project. All this amounts to an optimization process.

4. SENSITIVITY TO THE STRUCTURAL PARAMETERS

To show the influence of the aeroelastic parameters on flutter, vibration and flutter
calculations were made for a particular aircraft. Fuselage and wing were represented by
beams. The wing-fuselage attachment stiffness was obtained by Finite-Element methods.
Engine pylon flexibility matrices were also based on FEM, the pylon-wing attachment
stiffness was estimated, and the tail was sometimes represented by a mass, sometimes by
beams of known stiffness. The vibration model is shown in Fig. 3. The unsteady airforces
were calculated with the doublet-lattice theory for M = 0,84. The calculations were done
with and without pod-airforces., For pod-airforces airforces of a circular annular
cylinder were used. The geometry of the cylinder corresponds to that of the fan shroud.
The flutter calculation method is an improved p-k method {1] . The calculation was made
for matched altitude for the selected M-number.

First of all the difference in the flutter behaviour between the dry and the wet wing
will be shown, wet meaning nearly full of fuel, dry meaning nearly empty. Fig. 4 shows
the nodal lines of the engine pitch mode, and the eigen frequencies of the first three
symmetrical modes for the two fuel cases. Note the laxge difference in the fundamental
mode frequencies, whereas the engine pitch frequencies are hardly affected by the fuel
load. The nodal line for the wet wing lies upstream of that for the dry wing.

At the bottom of Fig. 4 the results of the corresponding flutter calculations ace
shown, in the form of frequencies and damping vs. flight speed. The frequency plot shows
the increase of the fundamental bending mode due to increasing dynamic pressure for the
different fuel cases. The difference between the fundamental bending frequencies for
the dry and wet wing are nearly constant when plotted vexrsus speed. The variation of
damping with speed is shown only for the engine pitch mode. The plot shows that the dry
wing with a higher frequency of the fundamental bending and with the upstream nodal line
at the wing tip has a lower flutter speed.

Next the influence of changing the pylon flexibility within a reasonable range is shown
in Fig. 5. The nodal line moves upstream at the wing tip with decreasing flexibility and
the flutter speed increases. If the pylon is assumed to be rigid the engine pitch mode
changes its character and couples with a fuselage mode resulting in a qualitatively
different damping behaviour which is difficult to compare with the other cases,

In the ggllowing parameter studies the pylon flexibility is held constant at
0.322 x 10" Y m/N. The influence of the engine c.g. position on flutter is shown in Fig. 6
as frequency and damping plots. The nodal line moves upstream at the wing tip with
qunstream shift of engine C.g. as shown at the top of Fig. 6, and the flutter speed
increases or disappears entirely.

One of the parameters which has a significant influence on flutter for this aircraft
1s the torsion attachment stiffness between wing and fuselage. The top of Fig, 7 shows
the engine pitch nodal line for three different attachment stiffnesses, together with the
values of the corresponding attachment stiffnesses and mode frequencies. The damping curves
at the bottom of the Fig. 7 show that when the torsion stiffness is increased beyond a
certain value no influence on the nodal line and the flutter speed can be noticed. It
should be pointed out here that this attachment stiffness is fixed by the design of the
center fuselage and the wing roov, depending largely on the fuselage shape. This makes
it one of the parameters that cannot be altered later on to accomodate flutter.
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Another parameter relevant to flutter behaviour is the shear flexibility between
wing root and pylon (for this variation a higher pylon stiffness was used). On the top
of Fig. 8 the nodal lines of the engine pitch modes are shown for several shear flexibil-
ities. The corresponding damping curves below show that the smallest flutter speed is
obtained if the shear flexibility is neglected entirely. Increasing the shear flexibility
also increases the flutter speed until it disappears. In principle a larger shear
flexibility can be obtained by a smaller profile thickness decrease near the wing root,
but this is usually impossible for a frozen design.

Another influence parameter is the fuselage bending stiffness. The nodal line fox the
engine pitch mode is shifted upstream at the wing tip for decreasing fuselage stiffness.
The damping with f£light speed for the engine pitch mode shows flutter at low flight speeds
for the stiffer fuselage. The corresponding curve for the more flexible fuselage shows
no fiutter. Fig. 9.

To illustrate the effect of wing bending and torsional stiffness on flutte:, several
calculations were made for a hypothetical wing, in which the stiffnesses of the inner
wing were increased. The increase of stiffness was achieved by successively extending the
region of reinforcement from the wing root up to and a little beyond the pylon station.
For one set of calculations both bending and torsional stiffnesses were raised by a common
factor, for the remaining calculations the torsional stiffness was raised more than the
bending stiffness (Fig. 10). In general it can be said that the more the torsional stiff-
ness was increased in relation to the bending stiffness, the more the flutter speed
increased, but increasing both stiffnesses by the same factor also resulted in an improve-
ment of the flutter speed.

The calculations revealed two general trends:

1. Increasing the torsional stiffness by a larger factor than the bending stiffness was
more effective in raising the flutter speed, than raising both stiffnesses by the same
factor.

2. Stiffening the region near the pylon was more effective than stiffening the wing near
the root.

The disproportional change of torsional stiffness and bending stiffness may in principle
be achieved in two ways:

1. By increasing the depth of the wing box. This would lead to a thinner skin to keep
the stresses at the same level. Because of buckling considerationsi, however, the
stringer areas would then have to be increased, leading to a higher bending stiffness,
which would cancel the increase in torsion-to~bending ratio. This approach would
therefore not lead to the desired aeroelastic improvement.

2. By increasing the skin thickness. This would indeed increase the torsion-to-bending
stiffness, but would lead to a skin thickness larger than required by load considexations
with an attendant weight penalty.

The following conclusion may be drawn from this study of an hypothetical wing, with
shear flexibility included. To achieve an optimum design for the wing between wing root
and engine pylon a flutter optimization calculation must be performed which must include
the load and stress design criteria for various dimensions of the wing box.

5. SENSITIVITY TO AERODYNAMIC PARAMETERS

In Fig. 11 one can see the panelling of the different aircraft parts - for the doublet
lattice calculation of the wing and the horizontal tail, and for the slender body elements

of the fuselage. In this figure the relative dimension of the hollow cylinder used for the
calculation of the pod airforces is also shown,

Fig. 12 shows the influence of unsteady pod airforces for the present flutter case. The
pod airforces have three important effects which act partly against each other. One of them
is an increasing damping for modes with engine movements, which is a positive influence.
The second effect is a negative stiffness contribution, which leads to a decrease in the
frequencies for modes containing angular engine movements with increasing dynamic pressure.
In the demonstrated case the engine pitch frequency 1s reduced and the frequency crossing
occurs at lower speed values. An additional negative effect arises from the increasing
aerodynamic coupling terms, which increase the flutter intensity. Therefore, the flutter
speed can be increased or decreased by the pod airforces depending on the configurations.

Fig. 13 shows the influence of the elastic tailplane with and without unsteady
aerodynamics. The elasticity and the unsteady aerodynamics of the horizontal tail has
practically no influence on the behaviour of this flutter case.

The amplitudes of the front fuselage for the engine pitch mode are of considerable
magnitude because they balance the engine pitch amplitudes. The corresponding fuselage
airforces increase the damping, but also the coupling, This is evident from Fig. 14.
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Although the presented flutter case can be described by a two degree of freedom system,
where one of them is the fundamental bending and the second the inner wing torsion (engine
pitch) mode, the other modes also influence the flutter speed, in a negative way. The
introduction of the outer wing torsion leads to an increase of the bending mode frequency
with dynamic pressure, and thus decreases the flutter speed. The additional coupling leads
to a stronger flutter case generally. See Fig. 15.

The preceding cases were calculated with subsonic unsteady airforces using doublet
lattice theory. For the connection of the structural with the aerodynamic reference points
an interpolation is necessary, and different interpolation procedures may lead to some
differences in the frequency and damping behaviour. Fig. 16 shows a comparison between

different airforce calculation methods, the doublet lattice method, and the kernel function

method according to Laschka. The aerodynamic reference points differ considerably between
the two methods and the interpolation was also made in a different manner. Due to the
sensitivity of the presented flutter case small changes in numerical methods give here
noticeable changes especially in the damping curves. This comparison is given because we
want to show some transonic effects which we tried to include by applying various correc-
tions to Laschka's method.

The methods for the calculation of unsteady airforces by transonic theories are at the
moment generally not in such a state that they can be used for economic flutter calculations,
especially in an early development stage. But one has to be able to assess the transonic
effects already in the development stage, and take them into account in flutter calculations,
especially for advanced wings with so-called supercritical profiles.

Fig. 17 shows the differences in the steady spanwise lift slope distribution, and the
spanwise aerodynamic-centre location between theoretical and wind tunnel results for a
modern wing. The Mach number is M = 0.78 and the measured values are for two incidences,
coxresponding to overall lift coefficients of ca. 0.3 and ca. 0.5, which is the design
point. The measured lift curve slope is considerably larger, and the measured aerodynamic
center lies upstream of the calculated one for the same case. The measured bulges near the
pylon station are due to interference, whereas in these theoretical investigations the
pylon effect was omitted.

Fig. 18 shows for the same configuration, but for a different model and different wind
tunnel, the unsteady spanwise lift and moment derivatives for a pitching oscillation
about the elastic axis with ca. 40 Hz. The scale of the model was 1:20. In the neighbourhood
of the pylon station the measured pressure distribution and thus the Cp and Cp values may
be incorrect, but the important outer wing values show that the measured lift and moment
derivatives exceed the theoretical ones by a considerable amount. The magnitude is bigger
and the phase lag smaller than predicted by subsonic theory.

If one defines an unsteady aerodynamic centre by division of the complex values of Cp
and Cy, one can find that the forward shift from the one guarter line is up to 50 %
larger in magnitude, whereas the measured phase lag is only 1/3 of the theoretical one
for this investigated pitching mode. This justifies the possibility of using quasisteady
corrections in the transonic domain. An example of the influence of a spanwise quasisteady
correction on the presented flutter case is given in Fig. 19. Here one can find the
frequency and damping behaviour versus speed

1. for pure theoretical subsonic airforces
2. for increased spanwise C;, without correction of a.c. and
3. for an additional forward shift of the aerodynamic centre

It is evident that both transonic effects lead to lower flutter speeds and the forward
shift of the a.c. also increases the flutter intensity. This tendency - known as transonic
dip - exists normally for advanced wings for a wide range of Mach numbers, and we have
observed that the influence on full-scale aircraft may be more evident than on wind-tunnel
models. As long as no essential change in the flow pattern occurs, this tendency increases
with increasing incidence or lift coefficient.

Only when the flight Mach number exceeds a particular transonic value (which depends
on the wing design) where the flow pattern changes qualitativly (above the maximum of
C. versus Mach number) the subsonic theory may give conservative values for the flutter
b¥haviour of modern transport aircraft.

Flutter calculation made for an aircraft with unsteady aerodynamics estimated with the

above mentioned method and matched to flight vibration test results show a decrease

of the critical speed for the critical transonic M-number by approximately ¢ % in comparison
to flutter calculation results with doublet~lattice theory.
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Conclusion:

The flutter behaviour for the reported flutter case for ah aircraft with heavy concentrated

masses elastically fitted to the wing is influenced by a series of structural parameters.

Most of these parameters are fixed by the load and stress requirements. The engine forward
position is a parameter which strongly influences the flutter behaviour but it also
influences the drag on the aircraft. The box size of the inner wing can be adjusted within
the scope of aerodynamic possibilities. The skin and spar thicknesses and the stringer

areas are determined, dependent on the box size, by the load and stress design. But the

box size and its lay—~out can be obtained under the named constraints by a flutter
optimization procedure. These above mentioned parameters must be influenced by the
aeroelastician before design freezing in order to obtain a design optimally balanced

with regard to aerodynamics, weight and aeroelasticity.
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Aeroelastic Design Considerations
for Turboprop Powerplant Installations

by
John J. Glaser

Chief of Aeroelastics
The De Havilland Aircraft of Canada, Limited
Downsview, Ontario, Canada

ABSTRACT

Presented is the experience gained by de Havilland Canada in designing turboprop powerplant suspension
systems to minimize vibrations resulting from.propeller unbalance. An overview is first given of turbo-
prop suspension considerations including whirl flutter, vibration isolation and landing loads. This is
followed by an outline of the design evolution of the DHC-7 suspension system proven successful in ser-
vice. The design features of the DHC~8 system, currently under development, are also presented. The
paper concludes by -giving recommendations pertinent to preliminary design and development.

INTRODUCTION

It would appear that turboprops are here to stay. Consuming less fuel than turbojets (Figure 1)
they are more economical to operate on short stage lengths., As the price of fuel increases, the stage
length over which turboprops maintain their advantage increases as shown in Figure 2. This advantage is
expected to broaden in the future as a result of NASA's STAT (Small Transport Aircraft Technology)
program. For example, three advanced technology transport designs proposed by industry (Figure 3, Re~
ference 1) are estimated to provide fuel savings of 2G-to-40% and DOC savings of 16-to-24% for a 100
nautical mile trip. Prop-fan development is also being conducted as part of the STAT program. Although
there are a number of technical problems, the prop-fan offers better installed propulsion efficiencies
than current high bypass turbofans for Mach numbers up to .8,

An important trend that has developed over the last few years 1s the increased demand for passen-
ger and crew comfort. Although noise and vibration on aircraft were once considered to be unavoidable,
expectations have changed due to the standards set by the modern jets. Today's passengers demand equiva-
lent comfort levels in propeller driven aircraft and expect it can be achieved with current technology.

This paper 1s concerned with one aspect of the comfort problem - the vibrations induced by
propeller unbalance. Its objective 1s to show, by example, that the sensitivity to propeller unbalance
can be minimized through good powerplant suspension design. While it is recognized in the case of a
poor design that vibrations can be reduced by strict quality control and dynamic balance procedures,
these procedures are costly and time consuming. Even then, the vibration sensitivity to wear and repair
will be high and flight in icing conditions can be disturbing. All things considered, it can only be
concluded that the powerplant suspension system must be designed to give good vibration isolation,

TURBOPROP INSTALLATIONS AT DE HAVILLAND CANADA

To date de Havilland Canada has designed 4 transport category turboprop installations (Table 1
and Figure 4). The first installation employed a Caribou aircraft as a test bed for GE's YT64 engine.
At the time, the concern for whirl flutter was very high because the Caribou program was undertaken
shortly after the Electra accidents. This program was necessarily supported by a whirl flutter model
(Figure 5) to assist in the development of our analytical methods and to provide an independent check on
the flutter boundary. N

The Caribou program ultimately led to the Buffalo, Although propeller induced vibrations were
of concern, those concerns were still overshadowed by our preoccupation with whirl flutter. As a result,
the Buffalo's sensitivity to propeller unbalance turned out to be a little higher than desired and a few
vibration desensitization modifications were introduced. For example, lower spring rate isolators were
used to support the pilot's instrument panel and aileron mass balance was redistributed to attenuate
aileron control wheel vibrations,

To prevent history from repeating itself, the Aercelasticians at de Havilland were asked to par-
ticipate in the preliminary design of the DHC-7 suspension system, This particularly significant decision
was made because the DHC-7 was aimed at the burgeoning commuter market where higher standards of comfort
would be required. Now that more than 300,000 flight hours have been accumulated in service it can be
claimed with confidence that the DHC-7 turboprop aircraft provides a new standard in passenger and crew
comfort. This has been achieved in no small part by the aircraft's rather unique powerplant suspension
design.

The DHC-3 aircraft is currently under development. Although the experience gained from the DHC-7
has provided a good basis, a number of factors have made the DHC-8 design more challenging.

——a

-

o T . e

b o et

PN

. em o wa



http://www.abbottaerospace.com/technical-library

e

RIS

o

——— &

"E'.-...Tr vy

i~

ARGV

R

s
[}

72_;;, OVERVIEW OF TURBOPROP SUSPENSION CONSIDERATIONS

(a) Static Loads

The primary purpose of the suspension system is to support the weight of the powerplant and to
react the thrust and torque loads. If isolators are used, the associated loads must be carried without
bottoming, otherwise their intended purpose will have been defeated. In one case, that of a small twin
turboprop aircraft, maximum isolator deflections for normal flight conditions were syecified so that
dynamic excursions would not cause fouling between engine and cowl. The deflection limits specified
were

® Max translation under l1g =.25cm (.1 inch)
® Max pitch under thrust and lg = :} degree
@ Max roll under torque = 1 degree

Although not a problem in this particular case, the specification of displacement criteria imposes lower
limits on suspension frequencies which may conflict with the desire to achieve good vibration isolation.

(b) Propeller Whirl Flutter and Divergence

The simplified equations given in Figure 6 can be used to shed light on the mechanisms of pro-

peller whirl flutter and divergence. These equations correspond to Pines' equations for a two-dimensional

wing section with freedoms in pitch and plunge (Reference 2). If the inertia and stiffness terms are
considered alone, two natural modes of vibration are obtained, one in pitch and one in yaw. The gyro-
scopic terms couple the pitch and yaw freedoms to produce forward and backward whirl modes; these are
precession motions with directions measured relative to propeller rotation. The frequencies of these
modes vary with propeller rotational speed as illustrated in the insert in Figure 6. Damping causes
these precession motions to decay in a spiral.

The propeller also generates aerodynamic forces associated with arbitrary motions. If the pro-
peller axis 1s displaced in pitch, a down-going blade will see a larger angle of attack than an up-going
blade. This results in a net upward or outward acting force and a yawing moment which acts in the
backward whirl direction. Similar forces are produced at any angular position of the propeller shaft.
The outward acting forces work against the restoring springs and if the flight speed is sufficiently
large these forces will cause divergence in the lower stiffness direction. The moments assist motion
in the backward vhirl mode and at a sufficiently large flight speed the whirling motion will grow in
magnitude - the condition called whirl flutter.

The equations given in Figure 6 are too simple for realistic flutter speed estimates and must
be extended to include all nacelle and wing modes and a more complete aerodynamic theory. At de Havil-
land, the quasi-steady aerodynamics of Houbolt and Reed (Reference 3) are used, but modified to include
Ribner's spinner factor (Refetence 4) and the acrodynamic lag terms of Reed and Bland (Reference 5).
fle find this formulation provides conservative results as illustrated by the comparison with Caribou
model data (Figure 7).

Some factors influencing whirl flutter are summarized in Figure 8. The influence of stiffness
is best expressed by the diagram showing typical boundaries for divergence and whirl flutter. This
diagram expresses in a different way what is already known from wing flutter; namely, that the flutter
speed tends to decrease as the frequency ratio approaches unity. Expressed differently, the whirl
flutter speed for a system with unequal spring rates, can be increased by increasing the higher spring
rate and/or by reducing the lower spring rate. The influence of pivot point location on whirl flutter
is shown in the second diagram in Figure 8. A rearward shift in pivot point (keeping frequencies con-
stant) 1s indicated to have a stabilizing effect depending on the level of structural damping. lHere,
increased stability is attributed to the increase in aerodynamic damping associated with the transla-
tioral velocity of the propeller plane., A decrease in propeller inertia, or propeller RPM, is also
stabilizing because each reduces the magnitude of gyroscopic coupling between the pitch and yaw degrees
of freedom. Wing flexibility influences nacelle frequencies and rotation point locations and also
introduces wing damping; the combined effect on whirl flutter can only be determined by analysis.

(c) Vibration Isolation

In addressing the question of vibration isolation, consideration must be given to its three
components; the excitation, the system transmissibility and the criteria for evaluating responses.

(1) Excitation

Excitation at the propeller rotation speed is referred to as 1P excitation and results from pro-
peller unbalance. Upon investigation it is found that propeller unbalance can be subdivided into four
categories; inertia force, inertia moment, aerodynamic force and aerodynamic moment. Some of the con-
tributing factors to each type of unbalance are indicated in Table 2. It should be emphasized that
static unbalance constitutes only one type of unbalance and therefore static balance alone may not be
sufficient to correct a rough propeller. A second aspect which should be noted is that inertia and
aerodynamic unbalance forces may vary relative to each other throughout the propeller operating range.

This is because inertia forces vary with RPM squared while aerodynamic forces vary with propeller thrust.

Finally, the various types of unbalance are not completely independent., For example, differing blade
thrust loadings will result in unequal out-of-plane deflections and contribute to inertia moment un-
balance.

Figure 9 from Reference 6 gives quantitative data for the various types of unbalance plotted
against takeoff power. Total and expected values are also plotted., Although this data is based on
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pre-1945 propellers, it is still used today in the absence of better information.

The relative importance of force and moment unbalance for a particular installation depends on
the powerplant's frequency response characteristics. Figure 10 considers a hypothetical installation in
which the node of the thrust axis travels from a point behind the propeller at low RPM to a point
approaching infinity at high RPM. The associated table indicates that force unbalance will have no
effect if the node is located at the propeller and that moment unbalance will have no effect if the node
is located at infinity. The table also indicates that neither force nor moment unbalance can be corrected
if the node is located at the balance plane. This problem can be overcome in practice by making two
separate balance planes available.

In summary, the foregoing considerations reinforce the need for good vibration isolation because
it is generally impossible to have a perfectly balanced propeller for all operating conditions.

(11) vibration Transmissibility

The concepts of vibration transmissibility are most clearly expressed in the results of a single
degree-of-freedom system subjected to sinusoidal force excitation (Figure 11). The ratio of transmitted
force magnitude Fy to excitation force Fg is of interest and is termed the transmissibility. The trans-
missibility curves of Figure 11 are different from those usually given because they have been plotted
with respect to the frequency ratio fp/fey in order to give prominance to the natural frequency f. The
message conveyed, however is the same. Vibration isolation is achieved when the natural frequency is
less than .707 times the excitation frequency and increases with decreasing natural frequency. The
maximum isolation that can be achieved is limited by other constraints such as the maximum displacement
under static load.

If for some reason it is impractical to take advantage of the isolation range, the low amplifi-
cation range should be used, in which case, the natural frequency must be greater than 1.5 times the
excitation frequency. If the natural frequency has a value close to the excitation frequency, Figure 1l
clearly shows that a large degree of damping is required to limit response force amplitudes.

Figure 12 considers a dynamic model more representative of powerplant installations, that of a
2 degree of freedom system with freedoms in pitch and plunge. Although vertical plane coordinates have
been chosen, the results are quite general. As Figure 12 indicates the system's frequencies depend on
the so-called cg overhang %, which separates the frequencles as x gets larger and on the values of the
uncoupled frequencies when % equals zero. Applying what has been learned from the single degree of free-
dom case, the following design options, in order of preference, can be identified.

® Place both system frequencies in the isolation frequency range. This is best
achieved by having a small cg overhang and nearly equal uncoupled frequencies.

® Place one system frequency in the isolation frequency range and the second
frequency in the low amplification range. This is best achieved with well
separated uncoupled frequencies and with a large cg overhang.

® Place both system frequencies in the low amplification range. This is best
achieved by having a small overhang and nearly equal uncoupled frequencies.

(1i1) vibration Response Criteria

To evaluate a specific suspension design, vibration responses due to propeller unbalance should
be calculated and compared with accepted standards. This generally requires a complete dynamic model of
the airceraft with consideration given to the complete ranges of aircraft speed, altitude, fuel and cargo.
Powerplant and accessory responses can then be evaluated by comparison with manufacturer's specifications
or MIL Standards, while passenger and crew comfort assessments can be made using ISO 2631 standards. If
any of the comparisons are unsatisfactory, the suspension design should be re-examined to determine if
improvements are possible.

(d) Landing Loads

During landing impact each main gear experiences a vertical ground reaction and a wheel spin up
force. Typical force-time histories for the DHC-7 aircraft are given in Figure 13. These forces cause
powerplant accelerations which can be quite large for wing mounted nacelle and landing gear configura-
tions. For these configurations, a reasonable estimate for the maximum normal acceleration at the power-
plant cg can be obtained with the aid of Figure 14 which plots measured and calculated accelerations
against an acceleration factor. The measured and calculated accelerations are generally larger because
the factor does not consider dynamic effects nor the contribution from the vertical reaction force.
Figure 15 shows that the maximum normal acceleration is mildly dependent on the elastic centre location
and is at a maximum when the elastic centre lies on the cg. In all probability, the maximum pitch
acceleration can be estimated using a formula similar to that for normal acceleration. As can be seen,
it has a greater dependency on elastic centre location and is at a minimum when the elastic centre is
located a short distance behind the cg. Large pitch accelerations should be avoided because they imply
large normal accelerations at the extremities of the powerplant and large engine bending moments.

(e) Summary of Powerplant Suspension Requirements

In summary, the powerplant suspension system must perform the following tasks:

® Carry the powerplant's weight, thrust and torque; a requirement imposing lower
limits on stiffness to prevent excessive displacements under static load.
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® Provide adequate whirl flutter margins taking into account structural failures
and isolator disconnects. This too imposes lower limits on stiffness.

@ Provide good vibration isolation. This imposes upper limits on stiffness and
generally conflicts with static displacement and flutter requirements.

® Minimize powerplant responses (which can be particularly large for wing mounted
nacelle and landing gear configurations). This introduces a requirement on the
elastic centre location for large powerplant motions.

DESIGN EVOLUTION OF THE DHC-7 POWERPLANT SUSPENSION SYSTEM

This section outlines ‘the design evolution of the DHC-7 powerplant suspension system. Although
presented in an orderly fashion, the actual design process was anything but orderly and at times, the

prospects of achieving the intended goals appeared bleak. Through perseverance a satisfactory design
was ultimately identified and developed.

(a) Single-Plane Suspension

(1) Rigid Wing Studies

Initial studies were conducted using six idential isolators uniformly distributed on a ring
positioned at the mount plane location provided by the manufacturer. The stiffnesses of these isolators
act in combination with the nacelle structure which was represented by an estimated 6 x 6 flexibility
matrix. Isolator stiffness directions were defined relative to the thrust axis and were labelled axial,
radial and tangential (Figure 16). The axial stiffness was adjusted to give pitch and yaw frequencies
required for whirl flutter stability, while the tangential spring rate was chosen to limit the roll de-
flection under torque to 1°. Since radial and tangential isolator spring rates were assumed equal, all
system frequencies were determined by the flutter and torque deflection requirements.

The first set of results obtained were decidedly unacceptable because two modes, heave and sway,
had frequencies within the propeller 1P range. To obtain some perspective on the problem, the analysis
was extended to determine the influence of shifts in mount plane location, whether achievable or not,
relative to the original position 44.5 cm (17.5 inches) behind the powerplant cg. The structural stiff-
ness was assumed invariant in this study and the isolator axial stiffnesses were adjusted to obtain a
flutter speed of 1.2 V4. Figure 16 summarized these results and indicated the following possible solu-
tions.

® Increase the isolator and/or structural stiffnesses so that the suspension
frequencies straddle the 1P range.

@ Relax the requirement on 1solator tangential stiffness in order to lower the
translation frequencies below the 1P range. 1In this case torque deflections
would become excessive but could be restrained by a torque tube or swaybar
type device.

A third option, that of shifting the elastic centre to the powerplant cg by focusing (i.e. tilting)
the isolators was attempted, but without success, as a means to get all four frequencies below the 1P
range. Although a large enough shift could be obtained from the isolators alone, the maximum shift
obtained from combined isolators and structure was inadequate being only approximately 18 cm (7 inches).

(11) Flexible Alrcraft Studies

Flexible aircraft analyses were conducted to evaluate the two possible solutions identified in the
rigid wing study. The first approach, that of straddling the 1P range was easily achieved for the lateral
modes, however wing flexibility in the vertical plane would have imposed demanding stiffncss lucreases on
both the isolators and the nacelle structure., This design option was not considered further. The second
approach, that of reducing the translation frequencies appeared more promising even though the lowering
of the nacelle heave mode forced a wing torsion mode into the 1P range. However, further investigation
was ultimately discontinued in the light of very high landing load predictions.

A relatively simple comparative study was undertaken to establish landing load trends. In this
study the time history response for a representative dynamic model was calculated and applied to three
different suspension configurations:

Configuration I A single-plane suspension located 44.5 em (17,5 inches) behind
the powerplant cg ~ the initial configuration.

Configuration II A single~plane suspension located at the gearbox approximately
25.4 cm (10 inches) ahead of the powerplant cg.

Configuration ITI A two-plane suspension with isolators located at the gearbox
and a steadier isolator located 94 cm (37 inches) behind the
powerplant cg.

The bending moment envelopes obtained for these three configurations are plotted in Figure 17.
The highest bending moments were obtained for Configuration I and are simply the consequence of the large
cg overhang., The bending moments for Configuration II, although lower, were still demanding over the ex-~
haust case. The lowest bending moments were obtained for Configuration III which stimulated investigation
of the two plane mount arrangement.,
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(b) Two-Plane Suspension 7. §

(1) Rigid Wing Results

An attractive advantage of the two-plane suspension scheme is the ability to position vertical and
lateral elastic centres virtually anywhere between the two mount planes by the choice of tramslation
spring rates. The first two-plane configuration examined was Configuration III with both elastic centres
positioned at the cg. However, the results for this case, summarized in Table 3, were not felt to be
optimum because the pitch and yaw frequencies fell within the amplification range. Further work led to
the so-called bed mount arrangement which eliminated the ring of mounts in the front plane.

The analysis model for the bed mount concept simply assumed vertical and lateral springs connected
to the thrust axis at stations 43 cm (17 inches) ahead of and 104.1 cm (4] inches) behind the powerplant
cg (Table 3). The plan was to determine the spring rates needed to satisfy flutter, vibration and landing .
load requirements; the locations of isolators, means of carrying thrust and torque, and the division bet-
ween structure and isolator stiffnesses were questions to be resolved afterwards.

A final design configuration was-ultimately identified and called Configuration IV; its design
properties are compared with those of Configuration III in Table 3. 1In the new design the pitch and
plunge -frequencies are approximately equal and their value, 7 Hz, is as low as static deflections will
allow. The loss in flutter speed accompanying the reduction in pitch frequency from 12 to 7 Hz between
Configurations IIl and IV was amply regained by the combination of a 9.7 Hz yaw frequency and the 66 cm
(26 inch) rearwaxrd shift in lateral elastic centre.

(11) Flexible Aircraft Results

Fuselage vibration responses due to propeller unbalance were greatly improved by the bed mount ¢
arrangement. In fact, vibration isolation was considered to have been minimlized on the basis that the
pitch, plunge and lower yaw frequencies of Coafiguration IV could not be lowered further because of static
displacement and whirl flutter requirements.

The bed mount arrangement also brought further reductions in engine bending moments. As indicated
in Table 3, the bending moment at the critical station on the engine was reduced approximately 50% from
the Configuration III value.

(c) Design Implementation

Configuration IV became the design target (Table 3). It is characterized by having low stiffness
in the vertical plane with the elastic centre near the cg and high stiffness laterally particularly at
the rear. The requirement for high lateral stiffness at the back of the engine suggested that thrust
and torque be carried there also, ¢

The division between structure and isolator stiffnesses was initially based on the assumption
that the isolators should be lower in stiffness than the structure. This approach resulted in challeng-
ing structural stiffness targets and when it was realized that a significant weight penalty would result,
the idea of designing the nacelle for stiffness was abandoned. The approach ultimately taken was to
design the structure to meet strength requirements and to make up for any discrepancies in stiffness by
modifications to the isolatoxs and, if necessary, to the structure. In the end, modifications to the
structure were not needed. Nevertheless, the emphasis placed on stiffness is believed to have had a
beneficial influence on design. )

The final isolator arrangement is shown in Figure 18, It consists of 4 elastomeric isolators,
3 at the back of the engine and one, a ring mount, at the front. Isolator spring rates were chosen to
permit. interchangeability between inboard asd outboard nacelles. The ring mount is relatively soft
vertically but has high stiffness laterally. In the fore-aft sense it is free to accommodate differential
temperature expansion because of its hinged attachment. The two lower isolators at the rear have a low
vertical stiffness, while fore-aft and lateral stiffnesses are very high for carrying thrust and torque
loads. Torque is carried in conjunction with the rear upper isolator which also has a high lateral
stiffness. The upper isolator was designed to provide little restraint in the fore-aft sense in order to
prohibit contributions to engine bending moments during landings. Also, no vertical restraint is provided
by the upper mount because the supporting V-frame is hinged at the firewall.

SR M o h—m -

To minimize engine pitch accelerations during landing, the rear isolators which are supported by
fairly substantial structure, were provided with two stages of vertical stiffness; low for normal flight
and high for the larger excursions experienced during landing. The displacement range of the first stage
and the stiffness of the second stage were chosen so that the effective elastic centre for large engine
motions would lie just behind the powerplant cg.

B

(d) Installation Development

Table 4 presents data on how well design targets were met. The ratio of measured to estimated N
structural stiffnesses given in the first two columns show that vertical plane values have exceeded
target by as much as 24%. Since these structural springs act in series with relatively low stiffness
isolators, the maximum combined increase does not exceed 4%. These results were considered quite accept-
able. The same cannot be said for the lateral stiffnesses where, because of poorly estimated shear con-
tributions, the deficiencies range from 20 to 40%. It was imperative to compensate for the shortfall in
front lateral stiffness for flutter stability purposes. This was accomplished by a very large increase
in isolator stiffness as indicated in the third column of Table 4.

The isolator stiffness ratios given in the third column of Table 4 reflect the values used in
establishing conservative flutter stability boundaries. These ratios are based on the lowest values
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measured in the flutter frequency range, and generally apply for conditions of high ambient temperature,
high static load and high vibration amplitude. These values were reduced a further 10% to allow for ‘
manufacturing variacion. For vibration isolation purposes, it was considered appropriate to use the 3
largest -dynamic stiffness values measur2d at JP frequencies. These ratios are given in the fourth column
of Table 4. A comparison of values between columns three and four indicates the broad range in dynamic
stiffnesses possible for clastomeric isolators. In this circumstance, since flutter stability cannot be
compromised, vibration isolation must suffer. Isolator static stiffness ratios are given in the fifth
column of Table 4. In all cases, target values are exceeded. This is not an unacceptable situation
because it implies less displacement under static load.

Inertia comparisons are also given in Table 4 and are generally higher than those used in the
design. Relative to the actual cg location, the vertical plane elastic centre is well positioned being
only 5 to 7 cm (2 to 3 inches). ahead of the cg for either nacelle.

The frequency comparisons given in Table 4 for flutter computations generally reflect the higher
inertias and the lower stiffnesses that were achieved. No specific targets were set for the roll and
fore-aft modes because they do not affect whirl flutter and are not responsive to propeller unbalance
forces being essentially pure modes. Although the indicated reductions in the pitch and yaw frequencies
result in lower flutter speeds, satisfactory flutter margins were maintained. In the case of a rigid
wing the outboard nacelle has the lower whirl flutter speed because of its lower structural stiffness
However, wing flexibility increases its stability and decreases the stability of the inboard nacelle
leaving the inboard nacelle with the lower flutter speed. i

Fuselage vertical vibrations based on the highest measured isolator stiffnesses are presented
inFigures 19 and 20. The magnitudes of propeller unbalance used, derive from Figure 9 and were treated
as pure inertia unbalance; that is, the total forces and moments were varied with RPM squared. The
results apply for the DHC-7 at relatively high weight with wing tanks full, flying at 235 kt eas.
Vibration responses are compared with ISO 2361-1978 reduced comfort boundaries. These comparisons are
to some degree qualified because arbitrary values have been selected for propeller unbalance and air-
frame structural damping (taken to be .02 for all modes).

Figure 19 presents vertical vibration responses at the aircraft cg as a function of propeller /
RPM. Results are given for a single inboard and a single outboard propeller as well as for all four
propellers phased to give the maximum total response. Lateral unbalance forces were determined to be
just as important as vertical, making it impossible for all maximums to occur simultaneously. This
aspect was considered in calculating the total response shown in Figure 19. Lateral vibration responses,
although equal in magnitude to vertical, have not been presented because they are much less annoying
on the basls of the ISO standard.

Within the 1P range maximum fuselage response values are assoclated with the wing third bending
mode at 17.5 Hz. This applies for all fuselage stations except for the cockpit which is a maximum at
16.5 Hz. Figure 20 gives the distribution of fuselage responses and shows that the inboard nacelles i
contribute approximately 60% to the total, Maximum response amplitudes are indicated to occur in the
rear half of the cabin and in the cockpit, where they achieve levels corresponding to the 6 hour ISO
reduced comfort boundary. Although comparison with the ISO standard has been qualified, thils result
is nevertheless reassuring when it is recognized that current DHC-7 average and maximum block times in
scheduled service are approximately 40 and 80 minutes respectively.

The response peak just below the 1P range in Figure 19(a) is associated with the fuselage bending
mode. When the cabin is empty the frequency of this mode is 14.5 Hz and this causes higher vibration
responses in the lower RPM range. Considering the influence of fuel and cargo, it is highly unlikely
that an excitation frequency range as large as that for the DHC-7 would be completely free of modes; in
fact between 13 and 22 Hz the DHC-7 has 9, two influencing comfort significantly. Since the aero-
elastician has little control over airframe frequencies or the propeller RPM range, his only recourse
as indicated earlier is to minimize vibration transmissibility by having low powerplant suspension
frequencies.

o M e e W A

In summary, the suspension design target for the DHC-7 was reasonably well achieved and calcula-
tions based on measured properties confirm acceptable flutter boundaries and dynamic landing loads. The
sensitivity to propeller unbalance has not been determined quantitatively but the many qualitative
assessments now available confirm that excellent vibration isolation has been achieved.

R
PR~

DHC-8 POWERPLANT SUSPENSION

The design objectives for the DHC-8 are the same as for the DHC-7. The extent to which these
objectives have been achieved cannot be given in full because the DHC-8 suspension system is still under
development., At the time of writing, measured structural and isolator stiffnesses are not yet available
and first flight is still a few months away. Nevertheless, the suspension design concept can be given,
the major differences with the DHC~7 can be identified and some problems experienced to date can be
described.

F S T

(a) Powerplant Characteristics

Figure 21 shows DHC-8 and DHC-7 (inboard) nacelle profiles and presents some comparative data.
Compared to the DHC-7, the DHC-8 has a heavier powerplant and its propeller has a larger diameter and
a higher polar moment of inertia. The propeller speed range is essentially the same for both aircraft .
and corresponds to the frequency range of 15 ts 20 Hz. Unlike the integral design of the PT6-50 engine,
the PH-120 has a separate gearbox and engine. These two components are connected by a relatively flexible
intake duct also called the interconnect structure.
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(b) Design Concept

Based on DHC-7 experience, a two-plane mount arrangement was adopted from the start. Although
the engine manufacturer had provided mount pads on both the gearbox and engine, the engine mount pads
could not be used because there was no suitable structure nearby to provide support; instead, the rear
flange of the turbine casing was used. ’

Initially an attempt was made to satisfy the flutter requirements by placing the yaw frequency
above the pitch frequency as for the DHC-7. Unlike the DHC~7, the required lateral stiffnesses could
not be achieved in the structure without a significant weight penalty; consequently, this approach was
abandoned in favour of one with a pitch frequency higher than yaw. The design point chosen for the
DHC~8 is plotted in Figure 22 in relation to the various constraint boundaries. Also shown is the
achieved point for the DHC~7 inboard nacelle. The DHC-8's design has the advantage that it can accommo-
date a shortfall in front lateral stiffness, found to be large in the case of the DHC-7, because a
reduction in yaw frequency will increase the flutter stability margin.

The disadvantage of the DHC-8 design point is that vibration isolation, although positive, is
not expected to be as good as for the DHC-7. This is indicated in the results of Figure 23 for a
flight condition corresponding to the DHC-7 case of Figure 19; i.e. maximum welght, maximum wing fuel
and typical cruise flight. Propeller unbalance levels were obtained from Figure 9 and are approximately
two times larger than the DHC-7's. The maximum response occurs in the wing second torsion mode at a
frequency of 15.8 Hz with the maximum amplitude achieved corresponding to the IS0, 8 hour reduced
comfort boundary. Although the comfort level is the same as for the DHC-7, the maximum response occurs
at a lower frequency where the ISO standard has a higher value and where propeller forces are lcwer,
being proportional to RPM squared. The combined effect implies a response amplicude 407% higher than
that of the DHC~7,

The separate, flexibly connected gearbox of the PW 120 engine dictated that thrust and torque
be carried by the front mounts, This in turn meant that a torque tube or swaybar device would be re-
quired so that low translation stiffness isolatbrs could be uged. It was initially assumed that two
isolators would be adequate in each mount plane, After preliminary studies however, the requirement
for a third front isolator was identified to meet isolator disconnect flutter requirements.

The final engine mount arrangement is shown in Figure 24. The three front plane isolators and
torque tube are attached to a horse collar supported by a combination of semi~monocoque structure and
trusses. The isolators in the rear mount plane are positioned on the cool side of the firewall and
support the engine through 4 short links,

(c) Design Complications

Although the DHC-8 powerplant has a two-plane arrangement like the DHC-7 there are some very
significant differences which make the DHC-8 suspension design more complex (Figure 25). For example,
the DHC~7 powerplant can be treated as a rigid body because its integral engine-gearbox design provides
a bending frequency of 76 Hz. 1In contrast, the vertical bending frequency for the DHC~8 powerplant is
only 30 iz due to intercomnect structure flexibility. This flexibility results in a forward shift in
elastic centre with an attendant loss in whirl flutter speed; suspension frequencies must rherefore
be higher in the DHC-8 to achieve adequate flutter margins.

A second significant difference is that the DHC-8's mode shapes are more highly coupled due to
the torque tube, engine flexibility and the skewed principal axis of inertia of the powerplant., As a
result, all suspension modes must be kept out of the IP range with appropriate margins, Vor the DHC-8,
this has been accomplished for all modes except the 21.9 Hz fore-aft mode (Table 5) which is responsive
to propeller moment unbalance due to heavy coupling with the engine vertical bending mode (Figure 26).
The frequency of this mode rises to about 24 Hz when wing flexibilit_ is included and response amplitudes
reduce accordingly at maximum RPM. Nevertheless, the powerplant fore-aft mode will ruceive a watchful
eye as the program develops.

A third difference from the DHC-7 is that the DHC-8 suspension is redundant for damage tolerance
reasons explained previously. That is, pitching moments are carried by the isolators in the front mount
plane as well as by the 1solators across the two planes. This leads to higher engine loads during landing.

CONCLUDING REMARKS

Much can be done to reduce the sensitivity to propeller unbalance in the design of a turboprop
powerplant suspension system as has been demonstrated in the case of the DHC-7. The basic design con-
cept must be established in the preliminary design stage with continual monitoring and readjustment, as
required, during development to ensure that overall objectives are achieved. The following comments
and recomwmendations are based on the experience of four de Havilland Canada transport category turboprop
designs.

o Aeroelasticians should participate in the design of the powerplant suspension system
from its inception.

® The objectives of a powerplant suspension system are best achieved by a two-plane
mount arrangement.

¢ The engine design should permit some flexibility in the choiceof mount plane locations,
® Excessive engine flexibility can increase the difficulty in achieving the suspension

design requirements. Weight saving in the engine may become a welght penalty in the
nacelle structure.
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higher stiffness-to-weight ratio nacelle structures.

inaccuracies in estimated data. Contingency plans should

be in place for critical parameters if design targets are not achieved.

objectives have been achieved should be established by test.

The information obtained will be of benefit to future designs.

7-8
There is a need to achieve
The designer should expect
The degree to which design
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DHC TURBOPROP AIRCRAFT — TRANSPORT CATEGORY

<gH>
= TAKEOFF | PROPELLER Vo
POWER | FLIGHTRPM | KT EAS

AIRCRAFT FIRST FLIGHT| ENGINE KW RANGE SEA LEVEL
DHC 4 CARIBOU
T64 TEST BED 228EPT196) |YTG4GE4 | 2X2089 | 850-1160 243
DHC5BUFFALO | 9APRIL 1964 |GE T-64 2x2337 | 850-1160 91
DHC-7 DASH 7 27MAR 1975 |PWCPT-6A50] 4X836 | 900-1200 204
DHC 8DASHS JUNE1983* |PWCPW 120 | 2X 1343 | 900-1200 310

* SCHEDULED DATE
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TYPICAL
UNBALANCE TYPE UNITS SOME CQNTRIBUTING FACTORS .
INERTIA FORCE gram cm ® PROZELLER NOT IN STATIC BALANCE
® PROPELLER AXIS NOT CONCENTRIC WITH SHAFT []
INERTIA MOMENT gram em? ® UNEQUAL BLADE CHORDWISE MASS DISTRIBUTIONS
® OUT-OF-PLANE BLADES ¢
@ PROPELLER AXIS SKEWED TO SHAFT AXIS )
AERODYNAMIC FORCE gramcm ® UNEQUAL BLADE LOADING IN TORQUE ’
- H
AERODYNAMIC MOMENT gram t:m2 @ UNEQUAL BLADE LOADING IN THRUST X
t
!
UNBALANCE FORCE OR MOMENT = ___kgm or kg m? » (27T x PROP RPM)Z N or Nm
g \ 60
TABLE 2 f
t
i
COMPARISON OF CONFIGURATION !li & IV DESIGNS
N CONFIGURATION It1 I
. CONFIGURATION }SOLATOR MOUNT FLANE PLUS STEADILA MOUNT
QD"H::»
PITIY mor /= 1SOLATOR MOUNT PLANE
< [ W ]
DESIGN TARGLY
H ca
FRIQUENCY We, " . !f —
ki . - d 74 T
nuset ! 1 |'. r |r| :r"# ARMOUNY
sway 1 ) 432Cm 3acm Hotm
gt '
) CONFIGURATION IV !
VEATICAL PLANE ) .
CATERAL PLANE L] shcmin) 30 Mount ;
futna e 129 1wy, raor
11/ |
(=] .
DYNANIG LANDING f-\
“‘m"':nr rsocorsm | woooo L 1 \ ML_ ' L
CONTALO? ™ HHNe oy “w ”
Exuavsy can 4 em O2em o4 vom .
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TABLE 3
§
1
DHC-7 POWERPLANT SUSPENSION !
H
) D"‘H'_" COMPARISON OF TARGET AND ACHIEVED VALUES A
s STRUCTURAL 1SOLATOR 1SOLATOR '
o STIFENESS DYNAMIC STIFENESS STATIC STIFENESS C W
i
MEASURED, MEASURED
STIFFRESS DIRECTION o ESTMATED YARGEH MEASURED !
INNGR [ OUTER TRANS TTARGET '{
NACELLE| NACELLE FLUTTER | wissiinity . i
VIRIICAL  FRONT 2 108 108 21 1. ! '
REAR ] Y 10 0 10 '
LATERAL  FAONT 0 89 140 13 I %
UPPERATAR " n 17 13 125 !
LOWER REAR o s M 13 101
WEIGHTS FREQUENCIES FLVTTER AMALYSIS) FREQUENCIES {TRANSNISS CALCS} ‘
ACHIEVED ACHIEVED
AcTUAL WO0E “ARGEY MODE TTARGET 1.
DESIGN LTRASIIL [OIRAZLILL TENACILLT [O® MACIALE .
WEHGHT 109 nicn n »n MICH 118 1.
1ercH 13 Yaw ” " YAW 9 )
1YAW s neave | vos 100 neave | 1@ 27
SWAY ” K SWAY - 10
\
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COMPARISON OF DHC-8 & DHC-7 SUSPENSION FREQUENCIES

<P ACHIEVED
] - DHC-7
DHC:8 | INBOARD NACELLE)
. Hz Hz
SUSPENSION MODES — TARGET
PITCH =S 8.4 64
YAW L4 72 9.4
HEAVE 3 9.1 74
SWAY ¥ 305 365
FORE - AFT ® 219 213
ROLL q 13 12.3
POWERPLANT MODES — ESTIMATED
VERTICAL BENDING 3 30 76
LATERAL BENDING Y 40 ~76
TABLES

TURBOPROPS — MORE SEAT-MILES PER GALLON
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&0
L1y
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3% 101%
404 -
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RILES 30 TuRsOPROP Sy
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20 ! k i
10 . .§
o |
0 - ; y i
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FIGURE 1
FUEL PRICE
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ADVANCED TEGHNOLOGY TRANSPORT DESIGNS

NASA's
SMALL TRAKSPORT AIRCRAFT
TECHNOLOGY [STAT) PROGRAM

NOTE, INFORMATION FROM
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GENERAL DYNAMICS ~ CONVAIR
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TURBOPROP INSTALLATIONS AT DE HAVILLAND CANADA

TRANSPORT CATEGORY AIRCRAFT

FIRST FLIGHT SEPT 22 191

FIRST FLIGKT MAR 27 1975

DHC-4 CARIDOU (TEST BEDI

DHC-5 BUFFALD
FIRST FLIGHT APRIL § 1984

Ay DHC-8
<D= ot et scatoureo wne 103
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FIGURE 4

WHIRL FLUTTER MODEL
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: EQUATIONS OF MOTION — SIMPLIFIED WHIRL FLUTTER MODEL
I + Keo + 0P = pV'S'(-eC3,0+ ZRCmy¥)
1 I¥ + KeW -~ HQe = %RpVS'( eCy ¥+ 2RCng0)
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' o ol \:
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| Ke@x
t FIGURE 6
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COMPONENTS OF PROPELLER UNBALANCE
>:q:§g:-.
. TYPICAL VALUES FOR FORCE UNBALANCE = TYPICAL VALUES FOR MOMENT UNBALANCE
g =
DESIGN VALUES 2000 DESIGN VALUES
o DHEY O DHCY
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“ “
?2 g 20 ~§'|ooo
z
3 2 bo u
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X
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FIGURE 9
£01 PROPELLER FORCE UNBALANGE {gm em)
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5 A s _/C [ <Dfl e
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o <
E
AFT
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FIGURE 10
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POWERPLANT SUSPENSION DESIGN. OPTIONS

i X SIMPLE TWO DEGREE OF FREESOM MODEL
cs :
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= i
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FIGURE 12

DHC-7 LANDING LOADS AND RESPONSES

Y
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FIGURE 13

FACTORS INFLUENCING POWERPLANT CG ACCELERATIONS
FOR WING MOUNTED ENGINE & LANDING GEAR
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POWERPLANT ACCELERATION RESPONSES — HARD LANDING ANALYSES
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DHC-7"ENGINE MOUNT ARRANGEMENT

2 STAGE
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FIGURE 18
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COMPARISON  OF DHC-7 {INBOARD)- & DHC-8 NACELLES
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FIGURE 21

DHC-8 & DHC-7 ENGINE SUSPENSION DESIGN POINTS
RIGID WING RESULTS
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FIGURE 22

DHC-8 ENGINE MOUNT ARRANGEMENT

FIGURE 23
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OF BEAR MOUNT PLANE
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COMPARISON OF POWERPLANT SUSPENSIONS

DHC-7

® RIGID ENGINE
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DHC-8 AIRCRAFT

VERTICAL DISPLACEMENT RESPONSE AT FRONT MOUNT PLANE
FOR A RIGID & A FLEXIBLE ENGINE DUE TO PROPELLER UNBALANCE
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THE DEVELOPMENT OF FAST-FLOW
(A PROGRAM FOR FLUTTER OPTIMIZATION TO SATISFY MULTIPLE FLUTTER REQUIREMENTS)
by
Bruce A. Rommel
Senior Engineer
Douglas Aircraft Company
McDonnell Douglas Corporation
3855 Lakewood Blvd.,
Long Beach, California, U.S.A. 90846

SUMMARY

FAST-FLOW is being developed as a production program for finite-element flutter optimization. This program is the third step in an
automated sequential structural design process that begins with an optimization for buckling and static strength, FAST-FLOW features
a user-selected design optimization procedure such as the feasible-direction design search in CONMIN or a criteria optimizer to provide
the structural resizing. Multiple flutter requirements resulting from variations in payload, fuel state, speed, ana altitude are simultane-
ously satisfied. FAST-FLOW tracks both flutter speed and hump mode damping factors in design space. Second-order Taylor approxi-
mations of the flutter speeds and hump mode damping factors may be updated periodically during a fully automated design cycle.
During an update, the model is reassembled in modal form, modes are updated, and the location of the flutter speeds and hump modes
1s reestablished. Then, the gradient and Hessian matrices used in the Taylor approximations for each requirement are updated. These
design-sensitivities are then used in a fast redesign cycle with the optimizer until the design converges or a new update is required.
Program architectural considerations are presented and contrasted with standard structural analysis programs. The impact of finite-
element dynamics on standard production flutter analysis procedures is also discussed.

SYMBOLS

(A} = matrix of constraint gradients. This matrix is augmented by the push-off factors, If the design is feasible, it is fur-
ther augmented by the gradient of the objective function

o = the design step size. a* is the optimum step size
b = The reference semichord
[B} = the coefficient matrix in the special LP in the direction-finding algorithm of CONMIN

(B] = —[A] [AIT

{C} = the coefficients of the linear objective function in the special LP direction-finding algorithm of CONMIN. For
infeasible designs, this vector contains the gradients of the objective function and the design push-off factor

{ D} = the design vector. In CONMIN, the design vector is given by the vector {X}

D, «= an element in the design vector

{Dl - Dg = the change in the design vector from the reference point {Do}

(D} = the,diagonal decomposition of; the stiffness matrix in subspace iteration

9 = denotes partial differention

v = the gradient

= the weight objective function described by Equation (13.1)

g = the structural damping factor

&N = the structural damping factor in the Ny, mode

By = the structural damping factor at the top of the hump mode
8r = the reference structural damping factor

G, = the J constraint

Hy 1} = the Hessian matrix
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dummy indices or subscripts

the stiffness matrix

the reduced frequency

the reduced frequency for flutter

the complex generalized stiffness

the element stiffness matrix

the complex generalized stiffness for the Ly, finite element
the generalized stiffness matrix

the reduced frequency for the Ny, mode

the stiffness function for the I, finite element

the lower triangular decomposition of the stiffness matrix in subspace iteration
an equation number extracted from the element directory vector {LM}
the finite-clement directory vector

an eigenvalue

the N, mode eigenvalue

the flutter cigenvalue

the imaginary part of the complex eigenvalue

the real part of the complex eigenvalue

the mass matrix

the element mass matrix

the generalized mass matrix for the Iz y finite element
the mass function for the Iy, finite clement

the generalized mass matrix

denotes the Npy, mode when used as a subscript

the number of active or violated constraints

the number of constraints

the aumber of free design variables

the number of flutter constraints

the number of hump mode constraints

the number of finite elements in the model

the reduced velocity (v = 1/K)

the initial value of reduced velocity

the value of reduced velocity at flutter

the global modes from subspace iteration

the real normal modes for an slement

the real normal modes updated by the modat assembler solver
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a complex eigenvector

the complex right eigenvector for the Ny, mode. The bar denotes that the vector is normalized to a unit value of
the complex generalized stiffness

I
——
]

I:PVN_I = the complex left eigenvector for the N, mode. The bar denotes that the vector is normalized to a unit value of
the complex generalized stiffness

[Q = the reduced generalized matrix of aerodynamic influence coefficients (AICs)
Q1] = temporary eigenvectors in subspace iteration

R = denotes the real part when used in a subscript

S = the total energy density due to the mass, damping, and stiffness of the structure
T = the total energy density due to the aerodynamics

uyv = Lagrange multipliers in the direction-finding algorithm of CONMIN

w = the circular frequency

\Y = the velocity

Ve = the flutter velocity

{X} = the design vector in CONMIN

[XS ] = Ritz vectors in subspace iteration

a column vector

S~
s
1

= arow vector

= g matrix

= g matrix transpose

= amatrix inverse

INTRODUCTION

FAST-FLOW will be used in production as a program for finite-element structural optimization to satisfy flutter requirements resulting
from variations 1n payload and fuel weight. Asrcrait flutter speeds are highly dependent on the aircraft geometry and on its distribution
of weight and stiffness. Transport arcraft must fly with a number of payload configurations as well as significant changes in fue. weight
These weight changes seriously alter the aircraft stiuctural modes and consequently the flutter speeds.

Flutter optimizatien 15 required n two distinct areas of aircraft design. The new aircraft design process must select an optimum config-
uration from a number of different aircraft gcometries. The derivative aircraft design process involves least-weight modifications to an
existing design, In both of these areas of design, multiple flutter and strength requirements are imposed by variations in payload and
fuel residuals. Figure 1 shows some of the parameters which must be investigated in the design of a commercial transport. The deriv-
ative arcraft design process will alter some of these parameters, and flutter margins may be reduced. If the flutter margin is negative for
any fuel weight or payload configuration, structural redesign is required to raise the flutter speed. In addition to these variations, an
aircraft at any given configuration may exhibit multiple modes of flutter.

Structural moditications to raise the flutter speed of one mode may result in lowering the flutter speed of another mode. Transport
atrcraft often possess stable incipient hump modes. These modes are very sensitive to changes in structural properties. Thus, the flutter
optimization process is constrained by multiple modes of flutter and by the hump modes,

Flutter optumzation research was initiated at Douglas Atrcraft Company in the late 1960s and early 1970s by Warren and McGrew
(References 1 through 3). Warren resized the structure of an all-movable horizontal stabilizer. McGrew’s research was directed toward
flutter optimization of complete aircraft configurations using “stick-models” like that shown in Figure 2.
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FIGURE 1. PARAMETERS ANALYTICALLY INVESTIGATED FOR FLUTTER

300 DEGREES OF FREEDOM

REQUIRES A
BOX BEAM ANALYSIS
TO DETERMINE

El, GJ, AND AE

FIGURE 2. BEAM-STICK MODELS USED FOR FLUTYER OPT!MIZATION IN THE EARLY 1970s

In the late 1960s, Dodd and Tate began work on static strength optimization at Douglas Aircraft (References 4 through 7). Tate’s
system, described in Reference 7, was called the “Computer Aided Structural Design,” or CASD program, and represented an all-new
development Dodd’s system was called the “Automatic Reanalysis and Redesign for Optimum Weight,” or ARROW program. ARROW
was an improvement on the FORTRAN Matrix Abstraction Technique or FORMAT program (Refercnee 8). ARROW added a structural

design optimization capability to the FORMAT system. Both ARROW and CASD employed forms of the Fully Stressed Design, or
FSD, algorithm for structural resizing.

In the early 1970s, CASD was mated with the Computer Graphics for Structural Analysss, or CGSA, system. CGSA s a fimte-element

modeling extension to the Computer Aided Design and Drafting, or CADD, system. Together, CGSA and CASD were used 1n the design
development of the F-15 and F-18 aircraft.

Another structural optimization project of the early 19705 was the development of a buckling optimization capabihity by Dietz (Refer-
ence 9) Dietz’s SEARCH program optimizes stringer size and stringer spaving of vompression panels. This program 1s used to provide
compression allowables for the CASD and ARROW static strength optimizations.
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Late in 1978, the author took over the flutter. optimization research from McGrew. At this time, several realities concerning flutter
optimization -were apparent. Both the CASD and ARROW optimizers were complete and’ operational. Dodd was performing static
strength optimization of complete aircraft models like -that shown in Figure 3 with his ARROW program. Flutter optimization had left
the experimental stage and was in production in such programs as FASTOP, SOAR, WIDOWAC, TSO, and PARs (see References 10
through 19). The existing flutter optimization program used a search technique similar to that employed in 1970 by Rudisill and Bhatia
(Reference 20) and was now obsolete. The flutter optimizer utilized a completely different structural representation from that being
used for static strength. This required converting the finite-element representation back into a beam model. Arrow wing bodies such as
the SST shown in Figure 3 do not lend themselves to stick-model representations. Technical developments in the early 1970s such as
subspace iteration made it possible to perform modal analysis of finite-element models with 5,000 or more degrees-of-freedom (Refer-
ence 21). A rapid expansion of computer power (speed and size) in the 1980s was forecasted.

A flutter optimization capability was required which would be compatible with CGSA, and the CASD and ARROW models. FASTOP
had been tried on an experimental basis and was found to be very expensive to operate. Maintenance and improvements to increase
efficiency would probably cost as much as a new development. Other externally developed programs were likewise discarded in favor
of a new mdependent development. In 1979, work was initiated on this new system. This paper describes the main features of this new
system. No optimization results will be presented due to the preliminary state of development of FAST-FLOW.

1,280 JOINTS
644 LOAD VECTORS
2834 BARS
2,149 PANELS {1,328 TRIANGULAR MEMBRANES AND 821 SHEAR WEBS)
7,817 STRESSES
10,473 ELEMENT FORCES
5,803 DEGREES OF FREEDOM
6 APPLIED LOAD CONDITIONS (UPDATED FOR WIND TUNNEL)
3 FULLY STRESSED DESIGN ITERATIONS

THE CHALLENGE OF THE FUTURE
(5803 DEGREES OF FREEDOM)

————

FIGURE 3. TYPICAL ADVANCED DESIGN FINITE-ELEMENT MODEL FOR STATIC STRENGTH IN THE LATE 1970s

THEORETICAL DEVELOPMENTS IN THE FIRST YEAR

Previous experience with optimization programs had shown that the program architecture and analytics were strongly influenced by the
optimizer algonthm. The first step in the investigation was to conduct a literature search. The paper by Stroud in 1974 nicely sum-
marized the state of the art of flutter optimization at that time (Reference 22). Numerous other reports indicated that Vanderplaats’
CONMIN (Reference 23) and Mra’s NEWSUMT (Referencz 24) were the best of the currently available numerical search optimizers.
CONMIN employed an mmproved version of the feasible directions search algorithm (see Reference 25). NEWSUMT employed an
improved version of the sequential unconstructed minimization technique. A copy of each program and its users’ manual was received
from Vanderplaats and Miura.

A unified approach to optimality criteria resizing had been presented by Kiusalaas (Reference 18), but a modular “off-the-shelf” criteria
resizer was not found, It was a goal of the FAST-FLOW project to establish a program capable of performing flutter optimization with
both numerical search and criteria optimization. However, previous work on optimization at Douglas had shown that considerable
effort would be required to bring an optimizer algorithm up from scratch, Therefore, an early project decision was required to establish
one of the two numerical search programs as the main optimizer. When the system was operational, other optimizers could be devel-
oped and added to the system. A modular program which would allow plug-in and out functions was planned even at the conceptual
stage of the development.

The prospect of multiple optimizers and the demands of each were considered to be too much to deal with at this early stage of the
development. Previous investigators had shown that either CONMIN or NEWSUMT could be used for flutter optimization (References
10 through 12, 14 through 17, and 26). A decision was made to focus the early development on the CONMIN optimizer.

The next step was to convert CONMIN to functional operation on the IBM 370. A test program was written, and a flowchart was pre-
pared of the CONMIN optimizer, as shown in Figure 4. This flowchart and the simple check problems revealed several features of
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FIGURE 4. THE CONMIN OPTIMIZER

CONMIN which were significant to flutter optimization. The first of these was that the optimum design could be approached from
either the feasible or infeasible domains. This is significant since the strength-optimized design must be presumed to be flutter-deficient
or flutter optimization is not required. Also, design moves may be taken which may result in slightly infeasible designs. Design moves
are also permitted which do not result in any active or violated constraints, When constraints are active or violated (NAC.GT.0),
CONMIN finds the feasible direction by solving a special lincar program (LP) problem on the approximate order of the number of active
constraints (NAC). The size of the design vector (NDV) is of almost no consequence in this direction-finding algorithm. For com-
parison, the feasible direction finding algorithm in the SOAR flutter optimizer solved a linear programming problem on the crder of
(2NDV+NACH+I). For large-scale structural synthesis, this linear programming problem becomes impractical.

The size of the linear program is determined by the bounding condition on the direction vector. Zoutendyk, in Reference 27, proposed
to bound the direction vector {S} by either bounding the elements in {S} between —1 and +1 or by bounding the norm of {S}to be
less than 1. Zoutendijk preferred to bound the norm and that is the condition used by Vanderplaats in CONMIN (see Reference 25).
This results in a quadratic programming problem similar tu Wolfe's algorithm. In a similar manner, it reduces to an excluded basts linear
programming problem, Thus, the special LP in CONMIN may be regarded as an excluded basis simplex algorithm.

The flowchart of Figure 4 and the test problems also revealed a serious difficulty in using CONMIN for flutter optimication, The
one-dimeasional search to find the optimum step size was accomplished at the expense of multiple constraint evaluations, To under-
stand how this requirement impacts flutter optimization, one must consider how the flutter constraints may be formulated.

Figure 5 shows the character of the structural modes on the V-g plane. In these figures the Amerivan Standard Conventiun for flutter
damping is assumed so that negative damping .orresponds to a flutter stable airplane. Each structural mode will behave like one of the
four modes of Figure 5(a). These modes are stable modes, violent flutter modes, hump flutter modes, ur stable mupient flutter modes.
Acceptable flutter performance 1s achieved when all flutter modes bevome unstable abuve some critival velouty (Vi ) whivh s outside
the flight envelope. Figure 5(b) shows a typi.al design situation with two unstable flutter modes. The objective of flutter uptunization
is to move the flutter speeds up so that they cross the ax:s into the feasible domain. It may be argued that the character of the struc-
tural modes on the V g plane describes the methoud of search rather than the flutter haracteristic. The American K-method and P-K
methods give different modal Jharateristic vurves on the V-g plane. The British method gives still another set of mudal charactensti,
curves on the Vg plane. However, at the neutral stubility point, all the methods agree on the flutter speed (Vg ). It is ths flutter charac-
teristiv (V) which is to be ontrolled by the flutter optimizer. This may be accomphished by vonstraining the flutter velouty (Vi) to
be greater than the required speed (Vg ).

Conventional flutter analysis 15 accomplished by recurstve cigenvaiue evaluation of the flutter determinate. If this type of analysis must

be performed several times for each step size valvulation, then the vost of analyais will be prohubitive. Clearly, a simple relativa between
changes in the design variables and the flutter speeds is required. This equation 15 found in the form of a second-urder Taylur senes 1n

design space.
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FIGURE 5. CHARACTER OF THE STRUCTURAL MODES

In two separate papers Rudisill and Bhatia gave the first and sccond flutter derivatives of the flutter determinate (References 20 and
28). In the symbolism of this paper these equations were:

Wy __Vr 3K _Vp 3 )
3D, Ky 3D,  2\p 3D,
and
v, -(V_’.__)[ 2Ar 2Ky 3Ky +‘_(1’£r§&r + Dr 3Ky ) . ‘i‘ir."’iriiv:l
ODIGD, Kr Ay Kp aD[ aD, 2 OD, aDJ OD, BDJ 4Xr aDl OD,
2 2
_(V, )[MGKL + Ky 3°Ay ] 3)
Kp Ap aD,ab, 2 3D,aD,

Equations (2) and (3) are the cquations for the clements in the gradient vector and Hessian matrix required in the Taylor sertes of
Equation (1) In this form, these derivatives clearly show that 2ach flutter mode may be haracterized in design spave by the behaviur of
two independent parameters. These are the flutter frequency ard the reduced frequency for flutter. The flutter frequency is determined
by the flutter eigenvalug (A). Each flutter mode may thus be conweived to be a hypersphere passing through design space, as shown in
Figure 6 The Taylor expansion will give good approximations in a region about the design point where the derivatives have been found.
If the design move is large, however, the dervatives must be updated to be valid. The dervatives of Equations (2) and (3) are decep-
tively difficult to evaluate. To obtain these Jerivatives, the mass and stiffness derivatives for each fimte element under design must be
calculated In addition, the derivatives of the generalized aerodynamiv influence cueffivients (AICs) must also be valvulated, This may
be accomplished indirectly by first computing the derivatives of the AICs with respect to the reduced frequenvy (K). The design deriv-
atives of the AICs may then be found as:

[%%,]=(§§:)[§] @

and
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FIGURE 6. A FLUTTER MODE PERCEIVED AS A HYPERSPHERE PASSING THROUGH DESIGN SPACE

Thus, both the first and second derivatives of the gencralized AICs must be found to compute the Hesstan matrix in Equation (1),
Unfortunately, most programs which compute the unsteady AICs do not compute these derivatives. This is a strong incentive to look
for an optimization technique which does not require these derivatives. However, these derivatives determine where the flutter velocity
is going Consider how Rudisill and Bhatia first computed the fiutter derivative. They started with the K-method flutter equation given

BUNOEOIES:

Rudisill and Bhatia then calculated the first derivative of the flutter eigenvalue as:

=1¢ — N - Ay — | K L + = —— (7)
3D, [ "‘ J ap, L ! “ap LA™ T e, [P [ g [P
This equation is of the form:

A d .
B—EN = Spy + iSy + .""N( Tey + 1Ty ) (8
|

where Sy = (Sp )y +iS;y) represents an energy density due to the structural mass damping and stiffness terms,

RIS RN} T

and TN = (TR nt i’l‘,N) represents an energy density due to the aerodynamics.

e | (215

The condition for flutter is that the structural damping factor vanishes;
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T Ay
that is, the surface of the hypersphere of Figure 6 is a surface for which:
Ay = O (11.D)

To stay on this surface, the imaginary part of the derivative of the flutter eigenvalue must vanish as well. So, we have the requirement.

B -0, J-LNDY (112)
3Dy '

Applying this condition to-Equation (8), the flutter derivatives of the metrical parameters arc found as:

%—g—’- - —3:-11 , J=1,NDV
b IN (12.1)
and
Ay Tan )
e _ g - BN ) gy (12.2)
™ x — Six ( - J=1,NDV

The point of the above review is that the AIC derivatives are required to compute the flutter derivatives. These flutter derivatives
(9Vi:/aD,) are required by any flutter optimization algorithm including criteria optimization.

It should be noted that the complex eigenvalue derivative of Eyuation (7) has separated into the two real derivatives 1n Equation (12).
These are the derivatives of the metrical parameters (Ky and Ag) which locate the flutter mode in design space. Now, let us return to
the derivatives of the flutter velocity as given by Equations (2) and (3). It can be seen that the {irst design derivative and a good approx-
imation of the second design derivatives can be found with only the first derivatives of the metrical parameters. If the metrical curvature
terms in Equation (3) are ignored, 90 percent of the computer time and 98 percent of the computer storage can be saved.

Now, a means of computing the gradients of the AICs had to be found. The AICs are complex functions of the reduced frequency (K),
where (K = bw/v).

Some sample AICs were generated and were found to be fairly smooth functions of (K). A new spline routine was then developed which
would return good function values and dervatives through the third derivative, Subsequent tests wath strip theory have continued to
show good results with this spline,

With this technology in place, 1t was now realized that a technique was at hand for automating the flutter search. This is a search, at a
fixed design point, to lowate all of the flutter modes. Even noncritical flutter modes must be found to ensure that the optimizer does
not raise one flutter speed while lowering another. Of particular interest is the location and sensitivity of the hump modes.

The search for the hump modes is just like the search for the flutter modes except we are looking for the velocity and frequency for
which the damping gradient (dg/dv) vanishes. These searvhes are difficult to automate bevause of the behavior of the structural modes
on the V-g and V- planes, As shown in Figure 7(a), these modal characteristic curves may be double-valued. Indeed, cases have been
exhibited with complete loops in the modal curves un the V-g plane, Worse yet, it takes several reduced frequencies to determine a com
plete modal curve. Since the AICs are complex functions of the reduced frequency, the solution of the complex eigenvalues of Equa
tion (6) is required at each of several reduced frequencies,

As shown in Figure 7(b), the eigenvalues tend to switch ther position n the eigenvalue spectrum. Thus, each value of reduced fre-
quenvy represents a puint sulution, The eigenvalues at une value of reduced frequenvy cannot be ordered with those at another value of
reduced frequency. This is knuwn as the mode tracking problem. Bhatia, Rudisill, and Cooper proposed two different approaches to
solving this problem (see References 29 through 31). On the surface, these approaches appear to be quite different. On close analysis,
huwever, they are found to be quite similar, Both approaches substitute derivative data fur ordeting data so that a point solution can be
used to predict a crossing value. Bhatia’s approach was based on a Laguerre iteration procedure.

A novel aspect of the Bhatia-Laguerre iteration s that it is varried vut on the damping-reduced veloity (g ») plane. This straightens out
the modal characteristiv curves and forees them tu be single-valued. Rudisill and Cooper fitted a spline tu the function value and its
detivatives, They carried out their search on the ($-») plane, where (¢) is the damping (g) weighted by the square of the circular fre-
quenvy (wz). This has the additional benefit of smoothing out the modal charactenistics. After some study of these two methods, a
new provedure was develuped which may be desuribed as a Taylor search on the (g-») plane. All three procedures utilize the higher
eigenvalue dertvatives which may be caleulated from the complex cigenvalues and vectors and the AIC denivatives. Convergencs is cubiv
and Jlosure may be achieved with as few as one ur two tteratiuns. The cunvergenve s more rapid if the initial values of reduced velouity
(v,) are near the final converged values (v.).

Damping denvatives are used tu disunminate the various mudal types. Hump mudes can be wentified from violent flutter modes on the
basis of the damping derivatives. The iteration then determunes the flutter matuh poits and the tups of the hump modes. At the initial
design pont the starting values are a wmb of reduved frequency points. Subsequent design puints use the Taylor series of Equation (1)
to locate the starting values of reduced velouty. Thus, the Taylor series approximation of Equation (1) serves as a “feedback con-
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FIGURE 7. THE SEARCH FOR FLUTTER SPEEDS

troller™ to track the flutter speeds in design space. When the flutter roots converge, the gradient and Hessian matrixes tn Equation (1)
may be updated, This provides for dynamic tracking of the flutter modes in design space.

With tlus last development, a strategy for the development of the Flutter Load cases Optimized Weight (FLOW) program began to
evolve. The basic bulk data file would be read and stored 1n a structured data base for rapid reassembly. A set of global modes could
then be computed by subspace iteration, as shown in Figure 8. The power of subspace iteration comes from the fact that, regardless of
the size of the problem m phystal coordinates, the eigenvalue problem solved s only on the order of the numbes of Ritz vectors used
in the iteration. For flutter, a large number of Rutz vectors would be 50 to 80, The essential features of this iteration are a large-order
decomposition followed by several solutions, transformations, and eigenvalue solutions.
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FIGURE 8. SUBSPACE ITERATION
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This technigue becomes attractive only when the decomposition, solutions, and transformations can.exploit sparse matrix storage
schemes. When this is possible, these operations can be performed efficiently in compressed storage. All sparse matrix schemes employ a
directory of- some type. To be efficient,.this directory must be built up during the assembly of the global mass and stiffness matrix.
Thus, the model assembly process is mated to the solution process. This large-order global modal solution is accomplished with the
Global Assembler Solver. A simple, effective method for-this assembler solvér is the variable-bandwidth skyline technique developed by
Bathe, -Wilson, and Peterson and described in Reference 21. The advantage of this scheme is that it requires a minimuni of directory
space.

An integer vector containing the locations of the diagonal elements in vector store is all that is needed in this directory. The difference
between any two successive entries in this vector is the number of elements in the skyline. For an out-of-core solution, both the direc-
tory and the stiffness matrix in vector store are divided into blocks of equations.

The next step was to select a library of finite elements for structural dynamics and flutter optimization. This library is shown in Fig-
ure' 9. Nomunally, this is the same library-4s is-used by CASD-and:ARROW: In addition to the usual-library-of stringer, beam or.frame
members, shear panel, membrane, and thin shell elements, this library includes intranodal springs, nodal and eccentric lumped mass ele-
ments, and torque tubes as well as the general element.

The springs and general elements are required for modeling devices and are not generally resizable during optimization, Commercial air-
craft often contain skins that are thick enough in places to require the inclusion of the bending stiffness of the shell. This is true even
when the bending stresses may be ignored in the static analysis. Up to 60 percent of the weight of a commercial aircraft may be due to
nonstructural mass items. The structural dynamics model must account for this nonstructural mass to bring the model up to weight and
balance. This may be accomplished in three ways. In addition to the usual structural mass density, nearly all elements in the library have
an associated surface mass density as well. During structural optimization, the portion of the element weight controlled by the material
mass density is all that varies. Thus, it is necessary to distinguish between these two physical properties in the ¢lement. Nonstructural
mass may also be lumped at the structural nodes. Heavy mass items may be located at or eccentrically to the structural nodes. To avoid
structural short-circuits and the effect of unrealistic incrtial moments, eccentric lumped mass elements are also required. These lumped
mass elements compute space-averaged accelerations and return space-averaged inertia forces to the nearby structural nodes. Two or
three structural nodes may be referenced by these eccentric lumped mass elements, Eccentric lumped masses may also be used for
balance masses and are therefore resizable during structural optimization,

After several design steps have been taken using the approximate analysis of Equation (1), the derivative data in the Taylor series may
have to be updated. This requires a model reassembly and modal update. It was realized that this model update could be performed in
the modal coordinates of the global model, as shown in Figure 10, The structural data base, containing the bulk data {rom the modeler,
is read by the assembler. These data are then sent to the subroutines which will gencrate the clement mass and stiffness matrices and the
element directory vector. The dires:tory contains the global equation numbers spanned by the element equations, It is then used to
extract the element modes from the global modes. The element modes, in turn, are used to transform the element mass and stiffness
matrices to modal coordinates, The result is the contribution to the modal mass and stiffness matrix from each of the finite elements. A
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similar procedure 15 used to compute the element design denvatives in modal coordimates, The element modal mass and stiffness
matrices are then summed to form the modal mass and stiffness matrices of the global assembly,

Since the design point has moved, these global modal mass and stiffness matrices will not be diagonal. Thus, following the assembly
process, « modal analysts is performed to update the global modes, Folluwing the mudal update, the modal mass and stiffness matrices
are reorthogonalized in the transform block. At the same time, the AICs are reduced to generalized coordinates and are updated by
these new modes. Thus, the global modes serve as “Ritz vectors™ to reduce the number of dynamiv degrees-of-freedom. In this sense,
the global modes serve the same function as the beam model representation of Figure 2. The modal update of Figure 10 1s equivalent to
one Jyile of subspace iteration. Using this update provedure, the global modes will trach one update step behund the optimiuzer in the
design cycle.
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For cach flutter load wase, 4 unique set of global modes is required sinee Jhanges in the model may result in new or additional degrees of
freedom. These vhanges may be due tu fuel weights, cargo or passenger distributions, flap settings, or wing stores, To avcount for such
vanations, 1t was reahzed that some effiviencies in the assembler could be achteved. In every mwdel theie will be sume basic elements
whih do not hange and which are not resized by the uptunizer. The elements under desin form another Jass uf elements. Cinally, in
{ eavh luad vase there will be a set of case-dependent elements. The summation n the model assembly blok of Figure 10 may be sepa-
A rated into these three wateguries uf elements. Then, as each new Juad case is encountered, unly the case-dependent elements have tu be
§ generated and assembled.

e m e

When the model 1s assembled, the flutter and hump modes ate Jucated and the design seasitivities uf the flutter velouities and damping
factors are computed for each case.

. TGN N s e ety A

-

Using these design sensttivities, the flutter velutties and hump-mode damping factors can be rapudly computed frum a sevund vrder
Taylor expanstun like that 1n Equatiun (1). The objective function for the FLOW program s the structural weight. Structural weght 1s
Jhusen as the ment funutiun to be munimized sinee thys parameter van be readily walvulated from the finte clement structural model.
Other factors such as producibility and maintainability which affect the hfe-cycle costs cannot be readily computed from a structural
mudel. The avtual structural restzing vveurs in o fughespeed desiga toup which sulves the nunhinear programmung problem given by Equa
tion (13). '
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and
Cryy = 2—E2 _ g0 | jarme (133)
8uuax ~ R
And subject to the side constraints imposed to satisfy static strength and geometric requirements.
DLB; s D; < DUB; , I=1,NDV (13.4)

The flutter optimization in the FLOW program is the third step in a sequential design process. Therefore, the lower bounds on the
design variables are the initial design values set by.the preceding static strength optimization.

As the first year ended, the functional block diagram of Figure 11 was drawn up. This diagram shows the features cf the optimizer main
processor or the FLOW phase of the FAST-FLOW program. The main analysis features including the structuring of the structural data
base and computation of the global modes are in the front-end processor. The front-end processor is called the Flutter Analysis and
Structural Transformation, or FAST, phase of the FAST-FLOW program.

The first year's work was completed with a report containing, in detail, the theoretical development of all cquations and methods to be
used in the FAST-FLOW program (Reference 32).
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FIGURE 11. FLUTTER OPTIMIZER MAIN PROCESSOR (FLOW PROGRAM)

PROGRAM ARCHITECTURAL DEVELOPMENTS

In the succeeding years, a unque architecture for the FAST-FLOW program evolved. The theory of FAST-FLOW was expressed mainly
1 terms of matrix operations. The matrix abstraction operations in the FORMAT system were very inefficient. For this reason, a new
matnx abstraction program was wnttdn for breadbuard and checkout purposes. Using this program, functional subroutines can be
checked out individually and 1n operation with other functivnal subroutines. Nearly 40 array operations can be invoked with direct
matrix abstraction i the MATRIX program. These operations include manipulations on real or complex arrays with one, two, or three
dimenstons. From the beginning, the MATRIX program was designed to perform efficient array operations in compressed vector stor-
age. Using this storage compression scheme, only the non-zero and unique elements are stored and processed.

FAST-FLOW 15 being developed 1n a mudular fashion using top-duwn programming. All the modules are developed and tested in place
1n this system. A data base management system provides the data for this development from the data base. Cross-dependency between
modules 15 eliminated throlgh a system of task supervisurs and subtask supervisuis communicating through this common data base. This
elimnates the need to communicate through common blucks. Each task sapervisor is provided with a directory of array names which
must be 1n the-data base to perform the task. Failure to locate the required data in the data base results in a call to an error control
program. This results in a ¢lagnostic printout, program termination, and the generation of a restart file.
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The task supervisor memory is limited to the array names needed to perform the task. The task supervisors locate the mput objects and
allocate space for the output objects. Scratch space required to perform the function is also allocated by the task supervisors. When all
input, output, and scratch space is allocated, the functional routines are called. When the function has been performed, the output
objects (arrays).are in the data base and the scratch space is purged. A system of subtask supervisors perinits several task supervisors to
use the same function. The task supervisors and subtask supervisors can be mvoked by either the control program FLOWC or by direct
matrix abstraction in MATRIX.

Data Uase management is achieved by the core and disk file management system of Figures 12 and 3. Each of-these systems utilizes a
dynamic memory. The core management system of Figure 12 utilizes a central-memory in the form of a NAMES table 1n a common
block. This common block is shared by the dynamic memory maintenance subroutines, ALLOC, FINDM, and DELETE. The central
memory contains a six-character alphanumeric name and a tri-level name qualifier for each array in the virtual memory work space. The
work space is inttialized by a call to the REVISE program which sends the request through an assembly language program to the page
supervisor of the operating system. This causes the work space to be allocated in one large contiguous block. This space is then cleared
and initialized by REVISE. Subroutine ALLOC is responsible for allocating new arrays 1n the master work vector. The task supervisor
allocates a new array by passing an array name, storage mode, and dimensioning information to subroutine ALLOC. This routine
updates central memory with these data and reserves space 1n the master storage vector. The (N1) pointer to the start of information for
the requested array is then returned to the task supervisor. The task supervisors can locate previously defined arrays by a call to
FINDM. This will cause the data attributes of the array to be returned to the task supervisor. These attributes include the (N1) pointer,
the dimensions of the array, and the storage mode.

TASK
SUPERVISOR
SUBROUTINES

! ! !

FINOM: DELETE: ALLOC:
LOCATES DATA PURGES DATA ALLOCATES NEW
ATTRIBUTES IN FROM CENTRAL DATA TO THE
CENTRAL MEMORY MEMORY AND WORK SPACE AND
THE WORK SPACS CENTRAL MEMORY
‘ ‘ |
REVISE:
bty o MANAGES THE
WORK ARRAY W, WORK SPACE
NWK1, NWK, NWA
W INWK1)
W (NWK)
NiA WRAPUP, '
W mm\x)—L. CLOSES THE
PROGRAM AND
WRITES RESTART
FILES IF
PROGRAM ABORTS
y y
CHENTRAL MEMORY:
NAMES TABLE, NAMEM:
AEMEM:
GENERIC NAMES STORES DATA
NAME MODIFIER IMI3) Lo ATTRIBUTESIN |
N1 CENTRAL MEMORY
MEM
NROW | ATTRIBUTES
NCOL

NLAY
MS

FIGURE 12. CORE MANAGEMENT

The storage mude attribute (MS) identifies the array as real, complex, or integer and the storage compression used to store the array.
For sparse matc.ces, the directory is stored with the data. The memory length attribute (MEM) 15 then the space required to store buth
the data and the directory.

A task supervisor may purge an array from the master storage vector by sending the array name to DELETE. Tius will cause the array
aame to be removed from central memory and its associated space is then compressed out of the master storage vevtor. Data residing
befow the deleted information are rmoved up in the vector and their (N1) pointers are adjusted in this process.

Figure 13 shows the use of the disk file management system by the task supervisors.

The disk file management system consists of subroutines IOTAPE, IOREAD, and IOWRT. A baste protocol is established by the user
wmmuntation with the system. The user may identify three types of files to the program, input, wutput, or surateh files. Input files are
tcad-only files. Any attempt to write on an input file will be inhibited by the disk file manager IOWRT. This will result 1n a nonfatal
error report of the Error Control program. Qutput files are write first, then read. No data yverwrite is permitted on an output file.
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FIGURE 13. USE OF THE DISK FILE MANAGEMENT SYSTEM

Attempts to overwnte data on an output file are inhibited by IOWRT. Input or output files must confarm to a sequential or random
access file format. Scratch files are write first, then read. Data overwrite is permitted on scratch files and no special file format is
required.

In a fashion similar to the dynamic central memory system, the disk file memory uses a dynamie directory, This directory contains the
following information for every array on a disk. a six-character alphanumeriv array name with a tri-level qualificr and the name of the
file un which the array is located. The routine IOTAPE is executed onee for cach input file that is altoated. This is required to mitialize
the disk file memory. Then, when a request is made to read a particular array, it can be located in the disk (ile memory,

The data base management system involves only 11 subroutines. This system is designed to minimize data transfer.

Random access to the vector storage in virtual memory permits data to be used in place without Jata transfer. Data van be transle.ied
from core to disk or from disk to core by transferring the entire array in one logical record.

Figure 14 shows the overall architscture of the Fully Integrated Flutter Optimization System of FAST-FLOW. Most of thus system is
now functional. Recently, a gencral-purpuse optimahity uriterta resizer, OPCRIT, was developed. When Jheckout is complete, it will be
added to the system. Figure 14 shows how a Master Contro! Program SUBC can select one of several optimizers. The system of Fig
ure 14 provides for ¢ither analysis or optimization operation.

In an vptimizatiun run, the program operates in a push puli fashion between analysis and optimization funvtions. Analysis functions are
selected by the user dircctives file. These are then interpreted by the Master Analysis Control Executive ANALC.
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CONCLUSIONS

Previous work has shown that flutter optimization is technically practical and feas:ble, The man emphasis in the FAST-FLOW develop-
ment is on practical design optimization of vomplete aircraft configurations. To accomplish this, the development has been directed
toward full finitc-element idealization rather than beam models, Technical developments in computer hardware and software will allow
structural models like that shown in Figure 3 to be used in practical advanced and preliminary design situations of the future.

The recursive nature of the design process will continue to demand efficient approaches to the evaluation of the flutter constraints, For
this reason, FAST FLOW incorporates several innovations as well as conventional approaches. These include model reassembly in modal
coordinates followed by a modal update. A fully automated flutter analysis using design sensitivities from a previous design vycle tracks
the flutter modes dynamically in design space. Second-order Taylor approximations are uced to evaluate constraints on both flutter and
hump modes in a high-speed design loop. FAST-FLOW prov.des for structural optimization with constraints emanating from several fuel
weights, payload configurations, and wing stores. FAST-FLOW also provides for design sensitivity updates during a fully automated
design cycle.
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THE INITIAL DESIGH OF ACTIVE CONTROL SYSTEMS FOR A FLEXIBLE AIRCRAFT ﬁ?‘ !
by I.W.Kaynes and-D.E.Fry

Royal Aircraft Establishment
Farnborough
Hants, UK

SUMMARY

Methods have been developed for designing active control systems to alleviate the symmetric loads due %o
vertical gusts on a flexible airecraft. Techniques for choosing sensor positions and system gains are
demonstrated, with the interpretation of results being aided by graphical methods that allow easy
assessment of conflicting objectives and system constraints. A relatively simple model shows that loads
in continuous turbulence can be alleviated by at least 50%, with ailerons driven by feedback signals from
accelerometers at the centre of gravity and on the wing and with pitch stability augmented using the
elevators. Manoeuvre loads are also alleviated. The methods are shown to be useful for predicting the
potential of active controls at an early -stage of design definition. The possibility of slight
degradations from a number of sources is assessed, including more complex representations of the aileron
actvator and the sensors, aileron rate limitations and different choices of gust model.

1.0 INTRODUCTION

This paper considers the benefits of load alleviation on a 1large flexible aircraft, Such structural
applications of active control technology (ACT) have become operational, with the first system entering
service on the Lockheed L1011 (1). This system allowed a more efficient aircraft to be created by
extending the wing span of the basic design without the need for expensive modifications to increase its
structural strength. This was the most effective solution to the limit load problem in this case.

The application of load alleviation at the initial design stage of a new aircraft potentially offers
greater benefits than can be obtained on an existing aircraft. It is necessary to integrate the ACT
system design with all the other relevant parts of the initial design process in order to reach an
optimum configuration. Careful comparisons must be made between the weight, cost and complexity of an
ACT system with alternative designs of the structure which might achieve the equivalent results in a
passive manner.

In order to investigate ACT systems at the preliminary stages of design, it is required that the
methods employed should not depend upon very detailed mathematical models of the aireraft, although in
due course the predictions muit be precisely defined on a full dynamic model, such as could be produced
from analysis with FLEXSTAB (2). It is desirable that the physical implications of the results should be
readily understood, since there are many possible configurations of systems to consider with variables
including sensor type and position, motivator characteristics and selection, actuator performance and
signal shaping filters.

This study of load alieviation has been based on the mathematical model (3) of a transport aircraft
and has been restricted to using only exisving control surfaces (elevator and symmetrically operated
ailerons) as the active controls. This limitation has precluded investigations of the potential extra
benefits which could result from actively controlling new motivators on the wing., MNo attempt has been
made to modify the mathematical model to improve the performance of the active cantrols, 1In a fully
integrated approach tc the initial design of a new aircraft aeroelastic tailoring of the wing structure
could both modify the basic loading response of the wing and also improve the effectiveness of the wing
mounted_control surfaces.

Wher considering the loading actions on an aireraft, such as gust encounters, manoeuvring and
landing, it s often found that extreme gust encounters are the dominant effect on parts of the flying
surfaces of large aircraft (the structures of combat aireraft are usually dominated by the manoeuvre
loads), If it is possible to redyce some of the gust loads, then the weight of some flying surfaces may
be reduced, to a lower limit set by either the extent of alleviation which can be achieved or by the
point at which some other loading action becomes more critical to the retail design of the strueture,
The form of load alleviation investigated here is the reduction of the incremental bending moments at
varfous wing positions produced by vertical turbulence, while monitoring okther leads, responses and
control surface activity. The main criterion for measuring the alleviation achieved is the amplitude of
the load, which is directly applicable to the assessment of the aircraft strength required foi encounters
with extreme gusts.

The techniques employed in the exercise described here have included both classical control theory
(frequency domain) and state space methods (time domain), facilitated by the use of the control
simulation package TSIM (4), This is a command structured package which requires the equations of motion
as input and then gives ready access to a full range of system analys:is techniques. This interactive
tool allouws the designer to build up a greater understanding of the physical model than is possible with
automatic numerical optimisations of the system, and is particularly aided by the graphical presentations
of the results,

2.0 TURBULEHCE MODELS

As described in the introduction, the objective of this study has been defined as the reduction of the
gust loads which define the strength of the wing. It is necessary to refer to the current airvorthiness
requirements to find the descriptions of the gust environments which are currently the source of
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stressing data for conventional aircraft. With the introduction of ACT,it is quite possible that there
are new sensitivities and these may be inadequately described by the current requirements, since these
have all been deduced from the measured loading patterns$ on conventional aircraft. By their nature,
requirements tend not to have a great physical realism but cover present aircraft in a way which has been
judged as satisfactory from past safety records. Extreme caution is necessary in eroding any of the
hidden safety margins; for example, operational measurements (e.g ref.5) with counting accelerometers
were used to define the current fgust' requireménts, but the observations implicitly included manoeuvres
and their effect has been combined into the *gusts’. This emphasises the need to study 2 broader scope

of data than the requirements alone, both to design a gust load alleviation system and also to assess its
true effectiveness.

Considering first the current airworthiness requirements for structural design, these fall into the
two categories of discrete gusts and continuous turbulence. The simplest forms.of discrete gust models
with any relevance to the present day are the ramp gusts of fixed length (100 ft. in the UK and 12.5
wing chords {in the USA) which were used with simple 'heave-only’ aircraft dynamics to convert the
counting accelerometer data into the equivalent gust velocities, forming the basis of present day
requirements. This class of discrete input has heen included in this investigation by way of 1-cosine
gusts rising to a maximum and returning to zero, as shown in fig.la. The application of discrete gust
models to aircraft certification in the UX now entails tuning the length of a gust to find the greatest
response, the aircraft dynamics now including short period motion and flexibility. However, gust

magnitude and gust length are assumed t6 be uncorrelated and it is not certain that gust data demonstrate
this independence.

In the USA the pover spectral density approoch is now accepted as the main tool for strength
assessment by the FAA. This makes the assumption that the turbulence is continuous and the spectral
density of the vertical component is given by the von Karman one-dimensional spectrum.

Jones (6) has proposed a statistical discrete gust method (SDG) which addresses some of the
shortcomings of both methods. The turbulence is represented as a series of discrete ramp gusts, the
nagnitude of each varying with its length H according to a 1/3 power 1law for gust families of equal
probability. The maximum of a response is defined by the greatest peak response to families of 1, 2, U
or 8 constituent gusts with lengths end spacings chosen to give the largest peak., The magnitudes of the
more complex gust famiiles are reduced to allow for the lower probability of such patterns. It is only
for lightly damped responses that a family of more than two gusts is the most significant. The SDG and
PSD methods are related, for example by the 1/3 pouer of H being mathematically connected to the -5/3
power of frequency dependence in the von Karman spectrum. llowever, SDG does have the advantages of time
domain gust models, such as allowing some calculations of the behaviour of non-linear systems, with the
added benefit of greater realism than the ear)ier discrete gust models. The initial family of gusts in
the SDG method were smooth ramps of the '1-cosine' form (fig.1b) and these form the basic elements in
describing most atmospheric turbulence., However, observations of disturbances (e.g. ref,7) suggest that
sone severe events may result from encounters with vortices., Jones has postulated additional vortex gust
families (fig.1c) to describe these events within the framework of SPG (6). These are found to be
crucial to the effectiveness of 1load alleviation, but the realism of the vortex patterns is open to

questions as to the magnitude, shape and frequency of occurence, since the data available on vortices are
very sparse,

In the ACT design described in this paper attention has been paid to PSD, SDG and discrete gust
models. For some aspects of system design it is convenient to utilise a simple turbulence model based in
the frequency domain. Implemeatation of the turbulence spectrum as a filter applied to white noise
requires that it be represented by a rational function. A first order filter was used with a time
constant chosen such that, over the frequency range of interest,the band 1limited white noise spectrum
obtained was a reasonable approximation to the von Karman spectrum with a realistic scale length, This
representation of the turbulence spectrum was advantageous in that it may be expressed by a single
differential equation, with consequent economy during the solution of the equations of motion. At high
frequencies the band limited white noise decays with frequency to the power -2, the same power as the
Dryden spectrunm.

It should be emphasised that all turbulence models considered here are symmetrical, vertical inputs
to an aireraft flying on a level flight path. Real gust loading actions on the wings would also include
the responses Lo gusts in other directions (that is, lateral and longitudinal in addition to the normal
gusts) and the different patterns of loading produced by spatial variations of the normal gusts. These
effects are likely to represent a greater proportion of the total gust loads for an aireraft with
symmetric load alleviation than for an aircraft without such ACT,

3.0 DESIGN APPROACH

The general arrangement of the aireraft is shown in fig.2. Two pairs of control surfaces were mcdelled
for the load alleviation systems, these beirg the elevator and symmetrically-operated ailerons., The
actuators for the surfaces were modelled either as first or second order systems, with parameters chosen
to represent the capabilities of currently available hardware.

The loads which were the objective of the gust load alleviation (GLA) uere bending moments on the
wing at approximately 30% and 60% of the semi-span., These positions were chosen as the inner and outer
boundaries of the middle part of the winz which, on many aircraft of this class, {is mnost sensitive to
pusts for determining the desipgn strength., Tt ‘ollouws that this is the part of the wing likely to
henefit from potential weight saving as a result of gust load alleviation, These bending nmoments are
denoted by Bl20 and BUUO and are normalised to give unift response to 1 m/s root mean square continuous
turbulence for the datum aireraft,

The mathematical model allewed rigid airceraft freedoms of heave and piteh, forward speed
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i! M3 - perturbation and flexible aircraft response in two symmetric elastic modes. The derivation of the model = .
| £ is deseribed in ref.3 and the equations of motion are given in table 1. These were implemented under the N
‘ E 4 simulation package TSIM with allowance for the acceleration and pitch rate sensors to be placed at any E

i % points on the wing and fuselage.

»

It was considered desirable to retain at least the same stability as possessed by the basic aircraft
in the whole body and elastic vibration modes. A performance or cost function was now defined :
¥ requiring the minimisation of thé-bending moments with constraints on motivator activity and damping in

the rigid aircraft and elastic modes, with the addition of monitoring the wing torques and fuselage
accelerations., The means available were the two pairs of control surfaces operated by feedback from
acceleration and pitch rate sensors placed at any points on the wing or fuselage. It was possible to
utilise a numerical parameter optimisation program for this constrained optimisation problem, but with
the large number of choices and freedoms involved this proved to be lengthy and unwieldy, Clearly
optimal control theory applied with a large weighting on the bending moments-could méet the criteria, but
with a control 1law that would demand the feedback -of all the states of the system, including those
describing actuators, signal filters and disturbance inputs as well as the rigid and flexible freedoms of
the aircraft, Many of these states are not available and .soc a reduced state or output state feedback
t reduction of the optimal control law would be required, to give a compromise solution based on state
| estimators. This requires a great deal of care and human interaction, and: thus there is no guarantee
: 3 that the estimators are chosen in an optimum manner and the unique advantages of the original optimal
control law are 1lost. Moreover, the choice of sensor positions remains to be selected entirely by the
designer. 'It was thus decided to adopt an approach which gave more insight into the physical situation
and graphically demonstrated the salient features of the system to enable solutions to be reached
interactively by the designer.
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In the first stage of basic afrecraft stabilisation it was found that a simple feedback of pitch
attitude to the -elevator -effectively eliminated the phugoid oscillation with little effect on other : *
] aircraft responses., The basic aircraft with this stabilliser added was regarded as the datum case for .
later comparisons. To augment the stability of the short period mode it was alse sufficient to activate ! H
only the elevator, utilising pitch rate feedback in this case and a gain chosen from a point on the root
¢ locus which gave a relative damping greater than 0.5 and a higher short period frequency. The eigen
values are given in table 2. These changes are known to improve handling qualities with a better <
transient response to pilot inputs. In general, manoeuvring aspects have not been considered in this :
paper since it was assumed that appropriate shaping filters on the pilots demands could produce any
required modifications to handling characteristics., Although not specifically designed for the task, it
{s shewn in section 6 that the gust load alleviation system can also serve to alleviate manoeuvre loads.

These problems have been addressed” more fully 4in a study (8) of active control systems and their

structural implications on a combat aircraft, for which manoeuvring flight 4s inherently more
significant. In continuous turbulence the modified short period characteristics were found to reduce '
greatly the pitching responses and also make a mild improvement to most loads and accelerations,

A

D T P —
L s oo cma—————

oy

The aileron was the primary motivator available for alleviating wing loads, but the power of this i
] surface 18 small in relation to overall gust loading on the wing. This is apparent by examining the
control effectiveness in comparison to the wing lift under the linear model : 1in quasi-steady restrained :
level flight, {it 1s necessary to apply approximately 60 degrees of alleron to counteract the entire
incremental 1ift of the wing resulting from a gust of 11 m/s. This gust corresponds to a change of 2.5
degrees in the aireraft incidence and would produce an acceleration of 1 g at the centre of gravity of
the basic alreraft., However, the most critical gust design loads are likely to be the bending moments on
the 1inboard parts of the wing. Since the aileron is near the wing tip it is more effective in modifying
this moment than in changing the overall 1ift; for the above example, an aileron angle of 30 degrees {3
required to eliminate the quasi-steady incremental bending moment near the wing root. The aeroelastic
reduction of aileron effectiveness is included in these aileron characteristies. These considerations of
bending moment on the wing of a restrained aircraft give a guide to the potential alleviation. Rather ’
less alleviation of the bending moments is predicted if the alrcraft is allowed freedom to respond in ' 4
pitech. This 1is caused by the pitching moment of the aileron, which acts to increase the aircraft
incidence and hence the loads, in opposition to the restoring moment from the natural stability of the
aireraft,
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The output quantity most directly related to the wing 1loads induced by normal gusts 1is nnrmal
acceleration, The centre of gravity is the position at which accelerometers have been mounted in the Cy
past for a good overall indication of turbulence response and loads at the wing root, It was thus an .
obvious first choice to control the ailerons by feedback of normal acceleration sensed by an instrument
mounted on the structure at a point negr the centre of gravity. This sensor gives only a general measure
of the aircraft heave response and it does not provide adequate information on the pitching and elastic 3
mode responses,these freedoms being wing load constituents that are more important for outboard wing
stations The extenstons that suggest themselves are then either %o move the sensor to a more effective .
f position for the particular load to be alleviated or to augment the signal by adding another

accelerometer at some other position on the aircraft. Both strategies are demonstrated here and the i )

' presentaticn of results allows the best system to be selected for any model of the aircraft and control
systems., This 1is especially useful when investigating the sensitivity of the GLA capabilites to
different models of the aircraft, the sensors and the actuator dynamics. In the system design process Y
the continuous turbulence model 1s the basis for response evaluation and the systems thus defined are :
later assessed under other turbulence models.
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4.0 SYSTEM DEFINITION T

A block schematic of the general gust load alleviatfon system is given in fig.3. Pitch attitude and
filtered pitch rate are fed back to the elevator and the outputs from normal accelerometers are filtered
and fed to the ailerons. The elevator actuation mechanism is represented by a first order lag.
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First order filters were applied to the pitch-rate and acceleration signals. The time constants for
these were initially chosen to represent the filters which would be required to reduce the unwanted input
resulting from structural responses at frequencies higher than those contributing to the loads. These
frequencies also correspond to the higher modes not explicitly described in the aircraft equations of
motion, for the same reason. Detailed study showed that benefit could be gained from modifying the
filters as part of the design process, for example t6 affect a pole position. However, more refined use
of signal shaping filters was not attempted; this is a field which will be aided by more advanéed
techniques of pole and zero manipulation.

Gust load alleviation systems were studied for thrée different levels of actuator and
instrumentation modelling, named systems A1, B2, C2. In A1 the aileron actuator is represented by a
first order filter with a time constant of 0.05 seconds, whereas for B2 and C2 the actuator is modelled
in second order form with damping 0.7 and natural- frequency 100 rad/s. The latter value was chosen as an
easily acheivable frequency for practical use, representing a lower rate capability than ¢the actuators
vhich had been flying for some yearé in the fly-by-wire Hunter, It was found necessary to increase the
time constant of the shaping filter on the signal from the centre of gravity accelerometer from 0.05 to
0.1 seconds. This change was to improve stability at some gain values, thus facilitating the selection
of gain values. Both systems A1 and B2 have the assumption that perfect sensors are available to measure
the instantaneous acceleration and pitch:rate at their mounting points on the structure of the aircraft.
System C2 is the same as B2 but with the addition of sensor characteristics : the accelerometer is
modellied by a second order filter of damping 0.7 and natural frequency 60 rad/s and the pitch rate gyro
is represented by a first order filter with time constant 0.05 seconds.

The first system investigated was the simplified configuration in which the only accelerometer was
one at the centre of gravity, For a model of the form of system Atl, increasing the gain on this
acceleroneter up to 10 deg/g reduced the bending moments BM20 and BMUO to 70% and 52% of the datum values
of continuous turbulence response. However, this was at the cost of reducing the damping in the second
flexible mode from 5.8% to only 2.2%. For the model B2 ( including actuator characteristics) there are
similar results and the system C2 (incorporating sensor responses) gives the less optimistic load
alleviation values of 75% and 62% for BM20 and BMHO respectively.

It is clearly unsatisfaétory for a GLA system to cause such a reduction in the damping of a
structural mode. The physical mechanism for this tendency towards instability is explained by the shape
of the second elastic mode. There is a node on the wing at approximately two-thirde span and this is
inboard of the aileron. Deflecting the aileron downwards (for example) will produce an upward
acceleration of the whole aircraft in the heave mode and also a distortion in the elastic modes with
upward acceleration at the wing tip. At a sensor inboard of the node, however, the acceleration in the
second mode will be downward and thus amplified by the control system if this is working to reduce the
dominant upward heave acceleration.

A more stable system may be possible if the sensor is moved to fuselage positions other than the
centre of gravivy. Given two variables in the control system as the sensor position and gain, the
technique of plotting contours of responses has been found most indicative of the nature of the
compromises to be made {n choosing values for these variables. Under the simulation package TSIH the
eigen values and continuous turbulence responses were calculated for a small number of gains and sensor
positions and these results were then processed to give the contour plots shown in fig.U. The first
picture shows the variation of the inner bending moment, BM20. It is seen that for the gain considered
the alleviation improves as the gain is increased., The best position for the sensor is slightly forward
of the centre of gravity. The outer bending moment, BNUO, is shown in fig.Ub and demonstrates a clear
upper 1limit to the gain required. For gains above 10 degsg the alleviation is degraded and a gain must
be chosen with a view to achieving the optimum balance between BN20 and BMEQ alleviation., For a
practiacl design, this choice would be based on the relative importance of gust loading in defining the
structure at these points, The rates of movement of the aileron are illustrated in fig.lde, the units
being deg/s for 1 m/s r m s turbulence., ALl the values are within the capabilities of present day
hardware, Fig U4d shows the contours for the aminimum damping value in the system eigen values. The least
damped mode generally corresponds to the second elastic mode of the aircraft. The damping increases as
the sensor is noved forwards of another ncde, at a position of 12m ahead of the centre of gravity. The
fuselage positions which yielded best alleviation are also seen to correspond to the lowest damping and
so fuselage positioning is not the source of a GLA system with good damping properties on this model.

In view of the interaction between the GLA system and the second elastic mode, it was considered
likely that improved performance could result from mounting a symmetric pair of accelerometers on the
wings instead of a single sensor on the fuselage centre line. BResponses were calculated for a range of
gains on the combined accelerometers with the mounting positions varied across the wing from root to tip
near the trailing edge. The results are presented as contour plots in fig.5. The minimum damping
contour clearly shows that damping is degraded below the basic aircraft value for all points inboard of
the nodal line. However, although the load alleviation and damping are improved for a wing tip positien,
the cost is that the rate of aileron movement increases dramatically., 3 deg/s per m/s gust input
corresponds to the performance limits of typical actuators. Since the nodel is 1linear, this may be
scaled up for severe turbulence, for example a root nmean square value of U4 m/s corresponds to a root mean
square aileron rate of 12 deg/s. Under the assumption that the turbulence is Gaussian this implies that
the aileron rate would be below 36 deg/s (three standard deviaticns) for 99.7% of the time in this
turbulence patch., A heavy line repeating this upper limit 3 deg/s per m/s aileron rate contour has been
superinposed on the plots. By examining the vaules of the other quantities along this line it is easy to
assess the most effective sensor position, This 1s seen to be at about 0.4 span, with values of AY4% and
4% for the loads BM20 and BM4O, but this has been achieved with a minimum damping of approximately 3%.
This 1s a lower damping than the basic aircraft and is only a little belter than the value reached with a
single accelerometer at the centre of gravity.

The next logical step towards defining an efficient system was to combine the good load alleviation
properties of accelerometers near the fuselage with the damping improvements from sensors on the outer
wing. This adds extra dimensions to the control law design problem, which were reduced by considering
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the most extreme system of an accelerometer at the centre of gravity and a symmetric pair of
accelerometers near the wing tip trailing edge. Taken' individually, these positions have yielded,
respectively, the best 1load alleviation at lowest aileron activity and the most heavily damped control
system.

The design problem in this case is to find the best combination of gains on. the two accelerometer
channels, Contour plots are shown in figures 6 and 7 for the responses of ¢ /stems A1 and C2 to a range
of gains on the centre of gravity accelerometer (ANZB) and the wing tip accelerometers (ANZW). The
bending moment plots, such as figures: 6a and 6b, show the load alleviation achieved. The origin
represents the pitch stabilised aireraft and moving up the vertical axis shows the effect of increasing
the gain on a controller using feedback from the centre of gravity alone. This signal is dominated by
the heave acceleration, with no pitching contribution and only small elastic mode components. Adding the
feedback from the wing tip sensors contributes both an additional element of heave acceleration and also
the new form of response from both the pitching and structural deformation accelerations. The gain on
heave accelération is thus now the sum of ANZB and ANZW and if the pitching and elastic mode
contributions were absent then the contours of constant alleviation would consist of lines at 45 degrees
to the axes, that is connecting points at which (ANZB 4+ ANZY) is constant. 1t is seen that this u5
degree line effect dominates the bending moment plots and reductions below the values at the vertical
axis intersections represent the improvements resulting from the use of multiple sensors. Both fig.6a
and 6b show the same form of a valley at 45 degrees to the axes and sloping down to lower values as the
wing tip acceleration gain is increased. If the bending moment at more than one wing station is included
in the alleviation objectives then a compromise must be made, because the valleys on the BN20 and BHIO
contour plots have different positions (a larger gain is required to alleviate the bending moment nearer
the wing root). A conflict arises in that the alleviation of a load is restricted by the aileron rate
which may be achieved and this in turn is closely related to the gain on the wing tip acceleration.
Fig.6c exemplifies this cost of alleviation : the larger high frequency output from the wing tip signal
dominates the demanded aileron rate. The effect on this quantity of increasing gain AUZB is much less
than the effect of ANZW and this is shown by the nearly vertical nature of the contours in this figure,
Only small gains on the wing tip accelerometers are sufficient to improve the damping (fig.6d) to the
level of the basic aircraft, a result which can be attained in conjunction with the acceptable aileron
rates. A good insight into the balancing of the system design compromises is obtained from the plets and
the choice of gain values can be made as a considered balance of all the benefits and detriments.

For system A1 the gain values chosen for ANZB and ANZW were 9.22 and 3.6H, as marked by a cross in
fig.5, and these values gave a large reduction of both loads while keeping an aileron activity of 3 deg/s
per m/s gust input. For system C2, including the sensors and second order actuator models has reduced
the potential load alleviation since the aileron rate activity has been increased. Consequently, a lower
value of 2.56 was chosen for gain ANZW in conjunction with an ANZB value of 9,78. The gains for all the
systems are summarised in table 3 and the bending moment alleviations are given in table 4, The most
notable difference between the three systems is that the second order actuator produces more aileron
activity at higher values of the wing tip gain ANZU, This has little bearing on the system definition
since the differences are small for low ANZW gains, and such valuves are dictated by the assuned maximum
aileron rate.

5.0 CHARACTERSITICS OF THE LOAD ALLEVIATIONS SYSTEMS

Three gust load alleviation systems have been designed and assessed by reference to their effect on
aireraft response to a particular model of continuous turbulence. This input was chosen with regard to
convenience for control system design and econony of computation. In this section it is demonstrated
that the results obtained are not over-sensitive to changes from the basic mathematical models, allowing
the conclusion that a relatively simple model of the controlled aircraft may be wused in the initial
design stage to indicate the potential of GLA. Factors considered include the number of elastic modes,
the sensitivity to other turbulence inputs and non-linear behaviour of the allecron actuators. It has
been shown that modelling the sensor and actuator dynamics does not change the fundamental behaviour of
the GLA systems, although it does improve the final accuraey.

5.1 Humber of elastic modes

The atrcraft model in this investigation was reduced from sixteen to two elastlc nodes by the method of
restdual stiffness (3). It is possible that some of the discarded higher frequency modes could interact
Wwith the control system to cause instability, despite the low frequency low-pass filters applied to the
sensor signals. The calculations for the contour plots of fig.7 (system C2) were repeated with six
elastic modes explicitly retained in the model. The damping plot i{s shown in fig.8. By comparison with
fig.7d it 1is seen that there has been little change for small gains on the wing tip accelerometers, but
for gains above 6 deg/g there is a reduction of damping and instability is reached at 10 deg/g. A% has
been discussed above in connection with the effect of actuator models, differences for such large gains
are not of practical significance since the aileron rate restriction preecludes their use, For gains of
6 deg/g or less on the wing tip accelerometers there was little difference between the contour plots of
bending moments or aileron rate for two or six elastic modes, This confirms the adequacy of the two mode
model for the initial design. Tt is always possible that a mode at higher frequency can interact with
sensor or motivator position to create stability problems, but it is anticipated that such complications
can be handled by signal shaping. This should cause little degradation of the load alleviation, since
this mainly results from reducing the loads associated with the short periecd mode and changing the
characteristics of response in the first elastic modes, This is shown by the Bode plots (fig.9) for
system C2 with two elastic modes, with the dashed lines representing the datum aircraft.
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5.2 Response to discrete gusts

The load alleviation systems have been designed for continuous turbulence. Tt is necessary to consider
different forms of input in order to check for undue model sensitivities of the load reductions achieved.
The additional gusts examined here are discrete gusts described in section 2.

The response of system At té a '1-cosine! gust of 40m length is fllustrated in fig.10. The datum
aireraft responses are shown by the dashed lines. This short gust excites the elastic modes and the
diminished excitation and greater damping of the wing bending under the GLA system are indicated by the
trace of wing tip acceleration NZW, It is apparent that -the bending moments BM20 and BMUO have both been
significantly reduced. The amplitude of aileron deflection reaches a peak of 16 degrees and a maximum
rate of 200 degrees per second. The only detrimental effects are seen to be a slight increase in the
acceleration at the nose (a result of the reduced pitch response) and significant increases in the wing
torque TQHO.

The reduction in peak bending moments for this gust is similar to that predicted by the continuous
turbulence model., A more complete view {s given by considering a range of gust lengths : fig.11 shows
the peak responses reached for all systems for i-cosine gusts from 25m tc 4OOm length. The second row of
table U gives the overall load alleviations, which are found to be similar to continuous turbulence for
BM20 but generally poorer for BMUO. These differences are reduced when the gust magnitude is varied in
proportion to gust 1length to the power one-third, as proposed by Jones (6) in the statistical discrete
gust theory. When the full SDG model is applied, including families of gusts, the 1load alleviation is
almost Identical to the continuous turbulence predictions (table 4), reflecting the mathematical
relationship between PSD and SDG discussed in section 2. Jones (6) has postulated a family of vortex
gusts of varying diameter and related magnitude (fig.1c). The largest gust velocities occur for a vortex
of diameter (length across the core) 30m and for the datum aircraft that also produces the maximum
bending moments. ‘This 1is found to remain true when the load alleviation systems are added and the
bending moments are reduced more effectively than was the case for the other forms of turbulence {input,
as shown in table 4. The time responses for system At are shown in fig.12, with the datum aircraft
represented by dashed lines. The reduction of the bending moments is apparent. Maximum aileron
deflection 1is 1less than 10 deg but the aileron rate reaches 200 deg/s, which is possibly excessive for
typical hardware.

5.3 Effect of aileron rate limits

A major concern in the application of gust load alleviation to large aircraft is that the aileron power
controls may not be able to operate as quickly as required to alleviate rapid loading actions. It has
been demonstrated in section 4 that the contour plots of aileron activity allow control law gains to be
chogsen so that the activity is minimised, but this conflicts with the degree of alleviation which may be
achieved. Given the statistical nature of the PSD turbulence model and {ts method of application, it is
possible to state only the frequency with which the alleron rate demand would be expected to exceed any
particular level. The potential alleviation of loads would be small if the gains are set at such low
values that the demand Keeps within the practical capabilities of tue power control f{or all gust
encounters anticipated during an aircraft's life, Consequently, it is necessary to examine the effects
of saturation of the aileron control. This is modelled here by introducing ievels below which the rate
demand to the aileron is limited. The sample levels which have been tested are 6 and 120 deg/s, which
represent, respectively, the capabilities of a conservatively rated medern actuator and of an actuator
typical of those presently used for ACT applications. Since saturation amainst the rate limit is a
non-linear effect, the PSD approach becomes invalid and attention is restricted to analyses in the time
domain. These include the SDG method and {t should be remembered that the PSD and SDG results were in
close agreement for linear systems, suggesting that the methods are indeed modelling similar
characteristics of atmospheric motions,

The effects of the aileron rate limits are most severe for short gusts with lengths between 30m and
75m. The system A1, with the first order actuator model produces the greatest aileron rate demands and
18 thus most influenced by the rate limits, Table 4 shows that alleviation capabilities of the three
systems are almost identical under the 60 deg/s limit. The outer wing is more sensitive to rapid aileron
movenments and so BHUQ is more affected by the rate limits than BM20., The differences betuween turbulence
madels have been emphasised for 0QU40; the most pessimistic alleviation is predicted by the 1-cosine
gusts, but it is likely that this could be improved by tuning the system 1if this gust model was
significant., A new version of system A1 could be chosen so as to demand less aileron activity by
imposing a limit lower than 3 deg/s per m/s in the selecfion of gains from fig.6. A reduction in the
wing Lip accelerometer gains would achieve this at the expense of slightly less alleviation of BM20 and
reduced damping of the elastic modes.

6.0 MANOEUVRE LOAD ALLEVIATION

Manoeuvring flight hud not been considered during the design of the GLA systems. It was assumed that any
handling deficiencies or unfavourable loading actions that arose could be offset by controlling the
atlerons with signals suitably derived from the pilot inputs, To check the feasibility of this approach
the aireraft characteristics were checked for a pull-up manceuvre. This was defined as a rapid pitch
demand reaching a maximum, steady value in 0.1 seconds, acting through the first order model of the
elevator actuator to deflect the control surface.

For the basic aircraft this pull-up produced a taximun pitch rate after one second and a maximun
accelereation at the centre of gravity (NZB) after two seconds., These times are typical for a rapid
manoeuvre; longer time scales are not considered here because it is likely that thrust changes would
then be made. Applying the same pilot demand with the GLA system A1 engaced gave lower responses in
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. pitch rate and acceleration than for the basic aireraft. In order to compare the loads for the same ca -17 .
amplitude of manoeuvre, the demand was scaled up by a factor of 1.55 to give aircraft motion very similar
to that of the basic aircraft. This could be implemented easily by applying a gain to demand signals
when the GLA was operating. The responses are shown in fig.13.

g. The -bending moments are both reduced to about one-third of the basic aircraft values (as shown by

dashed 1lives). This results from the ailerons responding to the acceleration in -the correct manner to H
reduce the loading near the wing tips and hence achieve the 'classical' form of bending moment relief.
The change in load distribution causes the reversal of the: quter wing bending moment BH40., The pitching
moment from the aileron assists in achieving the demanded pitch rate despite the detrimental effect on
{ . overall 1ift. However, aileron deflection is double that on the elevator of the basic aircraft and this

could limit the alleviation available in extreme manoeuvres. *

j 7.0 CONCLUSIONS ; |

llethods of designing active control systems to alleviate the symmetric loads due to vertical gusts on a
flexible aireraft have been developed., Based on the control simulation package TSIM, the interpretation
of results has been aided by techniques including a pictorial presentation that allows easy assessment of
conflicting objectives and system constraints.

e mmn

!
, A system has been designed to alleviate the incremental bending moments at two wing stations with '
ailerons driven by feedback signals from accelerometers. It was found that the most effective sensor 1 ‘t
configuration was one at the centre of gravity and a symmetric pair at the wing tips. The gains for |
1 these accelerometers were chosen from contour plots of responses, Compromise values were readily located i -
such that both loads were reduced by at least 50% with aileron activity held to a chosen 1level. The 3‘
; control laws are compatible with a pitch stabilisation system and stability has been found to bhe i
3 maintained when checked on models including up to six elastic modes, The results are only a 1little
3 degraded by including a more complex mathematical model of the aileron actuator and models of the I
i response characteristics of the accelerometers and the pitch rate gyro. This supports the application of
. simple models to ecstimate the potential of load alleviation systems at the early design stage of an
: airecraft.

—

o~
-

¢ ] The gust load alleviation systems were designed from continuous turbulence analyses and when checked
, on the statistical disecrete gust method similar alleviation was attained. The alleviation predicted for
5 1-cosine and vortex discrete gusts were rather less optimistic in some cases. The influence of aileron
s rate limitations were investigated and the decrease in effectiveness of the load alleviation systems was
. only significant for the conservative rate limit of 60 dea/s,

The gust load alleviation systems were demonstrated also to make significant reductions in manoeuvre
loads, with handling unaffected if the control laws included a simple rain applied to the pilot demand
signal.
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LIST OF SYMBOLS

symmetric aileron deflection, degrees
gein on CG normal acceleration feedback to aileron, deg/g
gain on wing tip normal acceleration feedback to aileron, deg/g

bending moments at 307, 607 spanwise positions on wing (factored
for unit response in continuous turbulence)

elevator deflection degrees

displacement in elastic modes

gain on pitch rate feedback to elevator, deg per deg/s
goin on pitch attitude feedback to elevator, deg/deg
gust length, m

normal acceleration at nose, g

normal acceleration at centre of gravity

normal acceleration at wing tip

pitch rate measured on structure near centre of gravity, deg/s
pitch rate airoraft, rad/s

rate of chenge of aileron deflection AIL, deg/s

rate of change of elevator deflection ETA, dog/s

torques at 30 and 60 spanwise positions on wing (factored for
wnit response in continuous turbulence)

parameter defining gust amplitude in SDG method
pertu‘rbation of aircraft forward velocity, m/s
perturbation vertical velocity of aircraft, m/s
vertical gust veloocity, m/s

damping of record order aileron actuator
damping of accelerometer

elevator deflection, rad

pitch attitude, rad

symnetric aileron deflection, rad
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Table 1

EQUATIONS OF MOTION

Aircraft velocity = 250-m/s - 7

A
-

4 = =0.,0132u + 9,816 ‘
W = e 0,0856u = 0,9903(w + W ) + 241.7q + 0,9504e, = 0.,000725e, + 21.73e, + 18,086, + 6,806%i+ 9.2751 :
.q = 4 0,0001T4u = 0,0159(w +‘wg‘)v- 0.9883q + 0.032361 + 0.104532 + O.'485e1 + 3.32e2 + 1.7 + 0.798613
e, = 0.0842u + 0.8897(w + "g) + 3,03q ~ 4.205e4 = ().5969«;2 - 16:5,.6e1 - 28.0'5432 + 6.113n = 42,033

18 == 040292u = 0.1723(w + wg) + 5.097q = 0.44560, = 2.155e1 = 2.854e4 = 430.5e, = 20,271 = 13.29'3 .
= = 0,00116u = 0,0118(w + wg) + 0.4032q + 0,0551e, + 042404e, = 0.9548e, + 90.65e, + 1,39 + 1.449% :
= = 0,00804u =~ 0,0850(w + wg) = 0.2943q = 0.,0590e, = 0.156e, = 2.95%e, = 26.55432 - 0.4182n = 1,1783 .
. AQ = 57.3q + 1.11701 - 0.875792 la
‘ NZW = «0,0554u = 0.6511(w + wg) = 541620 + 3.036e, + 14139e, + 112,20, + 152.9e, + 43970 + 33,433 i
; BM20 = = 0.0213u = 0,199(w + w0 = 10460 = 1,399e, = 0u4157e, = 334.3e, = 23u1e, + 47770 = 144663 '
' ‘ BM40 = 0,00605u = 0,0249(w + wg) + 0,3829q = 0,2999e, + 041274e, = 377.e4 = 345.9e, = 56370 + 34,06 1
Q20 = 0.3388u + 3.529(w 4+ wg) = 6.416q = 4.017e, + 1.496e, = 252.9e; + 145.1e, + 3.72n + 28,08

TQ40 = 0,3083u + 3.402(w + wg) + 2.773q = 6.3560; + 0.664e, = 239.5e, = 151.1¢, = 5,361 + 123.23

} Table 2 | é
‘* BIGEN VALUES i
i Bapic airoraft Datum !
. No active controls ‘Phugoid suppression only ’
‘ Imaginary | Frequency Imaginary | Frequency . '
: Real part part Hz Damping Real part part Hz Dawping :
! -le113 20,691 3.29 0,054 | EL 2 ~1.113 204694 3429 0,054 ;
H ~2.156 | 12,654 | -2.01 0,168 | EL 1 2,15 | 12.653 2.01 0,168 §
' =0,901 1.893 0.30 0,430 SP 0,746 2.445 0.39 0.315 :

o

Pitch stablised aircraft
Detun configuration plus pitch rate feedback

Load alleviation system A1 N
First order aileron actuator, perfect sensors

‘ -1,149 | 20.846 3.32 0.055 | BL 2 | =19,526 | 29.750 4.73 0,549 | Ail

2,192 | 12,700 2,02 0.170 | EL 1 1,331 | 20.366 3.24 0.065 | EL 2 :

2,161 2.103 0.33 0717 | sP =2,518 7.547 1,20 0.317 | EL 1 i ;
\ \ =0,0240 = - - FH -2,012 04355 0.057 0.985 | = : N

~0,182 - - - PH «0,0233] = - - FH ' |
X =29,607 - ~ - Elev «0,353 - - - PH ; b
H - - - - . 1-12.619 - - - - i ; 1
. - - - - - «29,584 - - - Elev i O

Load alleviation system B2 Load alleviation system C2

Second order aileron actuator,

Second order aileron actuator, perfect sensors sensor characteristics

s A S

494817 | 66,366 10456 0,600 | ail =38,622 | 70.877 11,28 0.479
1,116 20,486 3.26 0,054 | BL 2 | =45.826 40,305 6.01 0.751
24167 9.331 1449 0,226 | EL 1 «0,970 20,203 3422 0.048
2,107 0.404 0,064 0,982 | = ~1,846 8.601 1437 0.210
"000233 bl - - PH "27 . 359 7 0648 1 «22 00963
«0,335 - - - FH «=0,0233 - - - FH
10,026 - -~ - - «04339 - -~ - PH |
=29.570 - - - Elev 5,717 - - - - |
w50,521 - - - - 9,675 - - - - |
! - - - L] - -75.776 - - - - '
i
; Key to identifiable modess EL 1, 2 : elastic modes 1, 2,
, SP s short period, |
{ PH ¢ phugoid, |
| Elev, Ail : elevator, aileron actuators, J
b Acc s+ accelerometer. - |
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Table. 3

SYSTEM GAINS AND PARAMTER VALUES

Datum Pitch . Load alleviation systems
Quantity Units . stabilised . A1 B2 , . C2
Phugoid Phugoid First Second Second
‘suppression | suppression | order order order
plus actuator| actuator | actuator
pitch rate |perfect | perfect | + sensor
. feedback sensors | sensors models
Piteh attitude to elevator deg/deg 1 1 1 1 1
Piteh rate to elevator deg per 0 1.2 1.2 1.2 1.2
Feedback deg/s
values CG acceleration to aileron deg/g 0 0 .22 10.33 9.78
Wing tip acceleration deg/g 0 0 3.64 1.91 2.56
to aileron
Filter CG acceleration second 0.05 0.05 0.05 9.1 0.1
time \ling tip acceleration second 0.05 0.0% 0.05 0.1 0.1
constants|Pitch rate second 0.05 0.05 0.05 0.05 0.05
Afleron |[First order, time constant second - - 0,05 - -
actuator |Second order, frequency rad/s - - - 100 100
model Second order, damping rad/s - - - 0.7 0.7
Elevator
actuator |First order, time constant second 0.0h 0.0l 0,04 0.0U 0,00
model
Accelerometer frequency rad/s - - - - 50
Sensor Acceleroneter damping - - - - 0.7
models Pitch rate gyro second - - - - 0.0%
time constant
Table 4
LOAD ALLEVIATION PREDICTED VIA DIFFERENT TURBULENCE MODELS
The loads are expressed as a percentage of the datum value for each model
Load alleviatior systen AT | M1 A B2 | B2 | B2 €2 | C2j G2
Aileron rate limit, deg/sec ~ 1120 | 60 - 1120 | an - 1120 | 50
Turbuience model| Amplitude Forn of result 420
{m/s)
Power spectrum rnss1 rms 4.1 - - | 54.0f - - | 54.0] =~ -
1-cosine gust 20 . peak response, all H 51.8{53.1|6R. 1] 56.1]56.1]69.0] 57.2{57.2|68.4
1-cosine gust 20 (H/50) peakresponse, all H 50.6]50.6160.6] 55.5]55.5]/60.2] 56.9}56.9]60.2
vortex, H=30m see fig.le peak response 15.3153.6 174,01 51.5]|54.8{72.9] 51.8|54.6(|71.T
SDG see f1g.1b peak response, 50,8150.4162.01 55.3{55.3161.5] 56.7|56.7]61.6
all gust families
BHUO
Power spectrum rms=1 rms 38.71 - - | 43,4} - - | 49.4] -~ -
f-cosine gust 20 Vs peak response, all H 47.3163.1(85.3] 62.6|62.8|87.1] 67.9/67.9(87.2
i-cosine gust 20 {H/50) peak response, all H 43,.8]46.2173.81 57.8]57.8]75.4| 64,9|64,0]76,2
vortex, H=30m see fig.1c peak response 32.0042.5165.0] 45.3{47.¢162.0] 4R,7151.7161.7
SDG see fig.1b peak response, 39.8]82.9156,6 ] 49.5]40,5|59,1] 55.8{55.8]59.3
all gust families
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| w(s)= {(1-cos3g )W , O<s<2H
: 0 s<0 and s>2H
I
I
, -
0 H 2H s
a 1-cosine complete gusts
A
w Amplitude of a single gust is
' given by
: Single ramp 0 , s<0
|
o - wis)= < (1-cos %{S')W(H), O<s<H
wl W (H) , sZH
Pair of ramps W(H) is defined here as
W(H) = 20 % (H/s0)"3 m/s
_ (H in metres)
s

For gust pair W(H) is multiplied by 0.85,
for 4 gusts by 0.6 and for 8 gusts by 0.4

b Ramp elements in statistical
discrete gust method

wh 0 , 0ss

-;—W(H) (1-cos ), 0<s<3H
wis)=

¥

-W({H) cos __1th_ sy SHSs<4H
1 fs=4H\2
Wik exp (-4(5E), smun

A

3 s

W(H)={ HT 2 HS30 (H metres)
3

30"
¢ Vortex gust «TH- 4 H>30 W(H} m/s

Figl Discrete gust models
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BM40, TQ.40

BM20, TQ20
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J.«—Aileron

/Elevator

NZA

Fig 2

NZB , q,,0

NZW

Aircraft layout showing sensors and motivators

/-\ 1 wx2
ANZB
./ 14758 328, W, S+WE
Filters Accelerometers
1 W
1+ TwS $2-2¢, W 5-W}
w! .. .
e | Symmettic aileron,AlL Normal accel,,wing tip
ste2p, W S4W2 > . -NZW
A A | Basic Normal acceleration, CG NZB
Actuators aireraft {pjtch ratz measured at CG a
1 Elevator, ETA  |9YP3mics [piteh attitude .
141 S
G,
O
Filter Pitch rate gyro
(55) 1 1
Y 1¥145 T+irS

Fig 3 Block schematic for load alleviation system C2
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AEROELASTIC DESIGN CONSIDERATIONS IN THE
DEVELOPMENT OF HELICOPTERS

by
H. Strehlow, B. Enenkl

MESSERSCHMITT-BULKOW-BLOHM GMBH
Postfach 801140
8000 Miinchen 80, Germany

SUMMARY

There are a number of aeroelastic phenomena associated with the design of helicopters.
The dynamic stability and response characteristics of rotary-wing aircraft are depend-
ent on parameters which ‘have to be defined in the preliminary design phase.

The type of rotor and its control determine largely the aeroelastic behaviour of a
helicopter. Of special interest are nowadays hingeless and bearingless rotor systems.
Aeroelastic design considerations for these rotor types are discussed. Coupling effects
due to geometric nonlinearities and blade root attachments with precone, droop, sweep
and offsets are of great importance with respect to the aeroelastic stability and must
be considered carefully in a preliminary phase. In addition, stability and vibration

problems call for exact blade tuning possibilities, which in turn require an analytical
understanding.

Coupling between rotor and fuselage may have significant effects on aeroelastic

stability and response. Design parameters related to this complex area are also
discussed.

NOTATION

Q Rotor speed tp Presweep

R Rotor radius BP preflap

r Radial position (r = r/R) B Precone

W Natural frequency ;o Equivalent elastic lead deflection

t time 80 Equivalent elastic flap deflection

4 Lead-lag deflection ec Pitch-lead coupling parameter

B Flapbending deflection 98 pitch-flap coupling parameter

0 Torsional deflection Ig Modal inertia of blade torsion

EJ Bending stiffness ¢B1 First flap bending mode

D Damping ratio ¢C1 First inplane bending mode

Crp Thrust coefficient ?91 First torsional mode

o Rotor solidity M81 Modal flap bending moment related
Advance ratio N to first mode

TR  Modal transmissibility Mgy fgfgieénsiagfrginﬁégg moment

PA Pitch axis NA Neutral (tension)axis

EA Elastic axis NR Nonrotating

AC Aerodynamic center PLL Pitch 1ink load

CM Center of mass
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1.  INTRODUCTION

The most widespread helicopter configuration uses a single main rotor and a
small tail rotor. The ‘type of the main rotor and its control have the most important
influence on the aeroelastic behaviour. Figure 1 shows the MBB/KHI BK 117 aircraft with
a-hingeless rotor system. During the last two decades the hingeless rotor concept and

- -

A

~m sty

i . ,
Lo e T L, T e T
Fig. 1 BK 117 helicopter (MBB/KHI)

its successor, the bearingless rotor, have found continuously growing interest among
helicopter manufacturers and research organizations. A brief historical overview of
the development of these advanced rotor concepts is given in Ref. 1 and 2.

In 1960, MBB started a research and development program for a hingeless rotor
system with a very stiff hub and fiberglass blades of high bending flexibility, see
Ref. 3 and 4, Equipped with this new rotor system the BO 105 helicopter (max. design
gross weight 2300 kg) was successfully put into operation in January 1971. In November
1982 the certification of the BK 117 helicopter (max. design gross weight: 2850 kg)
with a similar but further refined and improved hingeless rotor system was obtained.
The BK 117 aircraft is a joint development product of MBB and KHI in Germany and Japan
respectively, see Ref, 5 and 6.

In the past, analytical and experimental investigations have established the
important role of aeroelasticity in the design of hingeless and bearingless rotor
concepts. The three-ring diagram of Figure 2 (from Ref. 7) represents aerodynamic,
inertial and elastic forces and their interactions in different helicopter problem areas.

Aerodynamic
Forces

‘StMnan}ig
Aero- Dynamic Stability
elasti-/ Aero-

city. elasti-

Elastic city Mass
Forces Mechanical Forces
Vibrations

Static Aeroelasticity

Mechanical Vibrati
. Blade divergence anical Vibrations

. Engine vibrations

. . Critical speeds
Dynamic Aeroelasticity P

. Elastic blade motion Dynamic Stability

» Blade stabitity . Rigid blade motion

. Flight mechanics of hingeless rotors . Flight mechanics for
. Dynamic response {vibrations) articulated rotors

. Ground and air resonance

Fig. 2 Triangle of forces at a helicopter

The center area of the diagram indicates the region in which all three types of forces
are important. This region, designated "dynamic aeroelasticity", encompasses in the
broadest sense all stability and response problems of hel'copters with advanced hinge-
less/bearingless rotors. The complexity of aeroelastic rotor problems is readily
explained by the numerous interaction and coupling effects, many of which are inherently
nonlinear or are related to timevariant periodic coefficients. Therefore the modelling
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] and solution of rotary-wing aeroeldstic problems is a difficult task, see. Ref. 8. /0-3
5' Figure 3 illustrates the numerous -rotor blade instabilities which helicopters may

Aeroelastic Instabilities
of Rotor Blades

I ‘l — f
Oscillations by Para- . Oscillations by Self.Excitation Aperiodic Divergence .
—-1 metric-Excitation —1 DOF-Coupling Nonli B Motion

4 . Aerodynamics N

y Flap-Instability Classical Flutter Stall Flutter =~ |, Flap-Torsion «
. —-’ [x22] —) . Divergence
R i

Wake-Excited Stall-Induced :
_)lmma Flap-lag . !
. Instability

Flap-leag-Torsion- 1
Y tistability ‘

Shock-Induced
Instability

[#204)

Fig. 3 Overview of rotor blade instabilities

encounter resulting in self-excitation, parametric-excitation or divergence. Especially I
in high speed flight multivarious instability phenomena due to the extreme variations

of the aerodynamic environment of the advancing and retreating rotor blade have been

obsexrved in the past. A more detailed discussion of the various aeroelastic rotor blade

instabilities that may occur in the operating range of modern helicopters (advance

ratio < 0.45) will be given later. !

o

Compared to more conventional articulated and teetering rotor systems the hingeless
and bearingless rotors often show quite different aeroelastic stability and response
characteristics. Aeroelastic design considerations at MBB for these rotor types are
reported and discussed in the following sections, illustrated by appropriate examples.

] Some aeroelastic coupling effects between rotor and fuselage and related design para- ;
meters are considered too. :

P

2. PRELIMINARY AEROELASTIC DESIGN CONSIDERATIONS FOR ROTOR SYSTEMS

This section describes the rationale in selection of key design parameters in the :
development of hingeless/bearingless main and tail rotor systems.

“

2.1 BASIC ROTOR CONFIGURATIONS-SELECTION OF BLADE BENDING STIFFNESS

S W T e

Helicopter rotors are usualiy classified according to the mechanical arrangement
of the hub in order to accommodate the blade flap and lead-lag motion and according to
A the blade and hub bending stiffness. The socalled hingeless rotor concept is not really
hingeless, since only the conventional flapping and lead-lag hinges have been removed
but not the feathering hinges for pitch control. Truly hingeless rotors without feath-
ering ninges are called bearingless rotors.

-

-
B~ L R

The reason for the design and development of the hingeless MBB main rotor system
was the quest for mechanical simplification and improved handling qualities in comparison
to fully articulated rotors, see Ref. 9. The MBB hingeless rotor is of the stiff hub
type with soft flapwise and soft inplane blades. The main components of the four-bladed
rotor are shown in Figure 4. The fiberglass blades are rigidly attached to short hub
arms. The rotorhub is made of titanium. The pitch axes of the blades are fixed to the
hub arms. The only bearings are those for pitch-control.

S A A i

These pitch bearings are replaced by a flexural element in the bearingless rotor .
concept so that further simplification can be achieved. Figure 5 shows an experimental !
rotor being presently developed at MBB. The experimental configuration uses a standard
BO 105 rotor hub with fixed pitch control bearings. The modified blades are attached
to a fiberglass flexbeam. Blade pitch is controlled by a torque tube. The MBB bearing-
| less mainrotor concept is of the soft-inplane type. : '

3 As an example for an advanced tail rotor system, Figure 6 shows the experimental
version of a four-bladed bearingless tail rotor system, see Ref. 10. The design uses
a fiberglass bending-torsion flexure to accomodate bending deflections and collective
pitch control. For the experimental rotor standard BO 105~tailrotor blades were used
in order to reduce the hardware cost. The MBB bearingless tail rotor is also of the
soft-inplane type.
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The selection of flapwise and inplane bending stiffness in the design of hingeless/ /0~ J
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and aeroelasticity. For design purposes rotor systems are best characterized by the
fundamental flap -and lead-lag natural frequencies of the blades at nominal rotor speed,
see Ref. 11. ’

The wodal transmissibilities in Figure 7 show the transfer of cyclic blade root
bending moments due to flapwise and inplane 1/rev-moment excitation of the rotating
blade for a range of flap and lead-lag blade frequencies, typical for today's main
rotor systems.

Soft inplane Stiff Inplane
20 )

32
THE 1) D;, % \ TRB aa D‘,%

15 24 /
~
\\ .
,’
10

Q

16 e
Cd

S

5 08 <

f"\\\
/’
4
/ ‘ k

X Y 16 0 108 110 115 & 120
[ a
Lead-Lag Frequency Flap Frequency

onvemes 18~ Moment Transmissibility
l\\\ﬂ MBB Main Rotor Designs

Required Lead-Lag Damping meawme Stoady Stato Roll Damping

.

7

X0

10

stable

instable

Fig. 7 Key design parameter for main rotors

For hingeless and bearingless main rotor configurations, flapwise soft blades with
a fundamental flap bending frequency wg in the range of 1.05 to 1.15  are typically
selected, distinguished from articulated rotor systems with a blade flap frequency uwg
usually equal or below 1.04 Q. Here 2 is the nominal rotor speed. It should be noted
at this point, that a centrally articulated rotor blade without spring restralnts has
a natural flap frequency wg equal to 1 @, arising solely from the centrifugal restoring
force. Hingeless and bearingless rotor systems are able to transfer high cyclic control
moments from the rotating system via the hub to the fixed-body system. The transformed
moments correspond to steady roll and pitch moments. For the damping moments a similar
relation exists. Estimates of the body roll damping ratio in the fixed system are
plotted in Figure 7 (right) for different flap frequencies. These damping ratios are
referred to the roll motion about the center of mass and are calculated for a typical
helicopter. The high damping moments of hingeless and bearingless rotor systems are
even more important than the high control moments. High damping moments result in a
fast and more direct control of the helicopter. The favourable effect of high body roll
damping for the aeromechanical rotor stability will be discussed in more detail below.

The selection of the inplane natural bending frequency w; is in principle at the
disposal of the designer. Preliminary design considerations have to take into account
the blade stress problem, the aeroelastic lead-lag stability problem of the isolated
blade or of the coupled rotor-body system, and the degree of blade motion coupling
desired or allowed. High cyclic inplane blade root bending moments may be encountered
in flight by 1/rev resonance amplification, shown in Figure 7 (left). The bending
moments may be reduced by choosing an inplane frequency well below one per rev.
Hingeless and bearingless rotor systems are naturally classified as soft-inplane rotors
(blade inplane frequency w; is below one per rev.) or as stiff-inplane rotors (blade
inplane frequency w; is above one per rev.). Soft~-inplane hingeless and bearingless
rotor systems are susceptible to a coupled rotor-body instability called ground or
air resonance. The required blade lead-lag modal damping for ground resonance
stability of helicopters with a relatively stiff landing gear may be estimated
from the curve of Figure 7 (left). The calculated damping margins are relevant for a
helicopter with a landing gear whose critical mode is body-pitching on ground. It is
obvious that the selection of a relatively high inplane frequency w. (above 0.6 )
is necessary, if the required blade inplane damping for stability should be due solely
to the "inherent" blade damping capacity. Reducing the inplane frequency is only
possible by the provision of an additional lead-lag blade damper. A hingeless rotor
with a matched stiffness blade, one that eliminates bending-torsion structural
couplings, has a relatively low inplane frequency w, of about 0.5 Q. This subject will
be discussed below. Blade dampers are always required for articulated rotor systems
with a typical inplane frequency w; of 0.1 to 0.3 Q. Stiff-inplane configurations
cannot become unstable in ground or air resonance. This advantage should not be over-
estimated due to the fact, that stiff-inplane hingeless and bearingless rotor desians
are susceptible to blade flap-lag-torsion instabilities.

4 bearingless rotor systems is crucial with respect to flight dynamics, aeromechanics, G

0t e B o e o v T e T S mcn e
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Summarlzlng, the interest in the development of hlngeless and bearingless main
rotors in the soft-inplane configuration is steadily growing. In contrast to this, the
stiff inplane concept still dominates the design and development of hingeless and
bearingless tail rotors. An exception is the soft-inplane bearingless tail rotor
currently under development at MBB.

2.2 ROTOR DESIGN PARAMETERS THAT AFFECT AEROELASTIC STABILITY AND RESPONSE

One of the most important factors in the design of hingeless and bearingless
rotors is the bending-torsion coupling of the blade motion and its effect on aeroelastic
and flight dynamic stability characteristics.

The bending of the blade, illustrated in Figure 8, provides moment arms for the
aerodynamical and inertial loads. The resultant torsional moment can be expressed solely
by the internal bending moments and the corresponding bending curvatures. In terms of
the bending stiffnesses, then, the torsional moment on the radial station r is given
by (zero pitch):

R
(1) Mg(x, t) ==/ (EJ.~EJ;) * ¢'(x, t) + B'(x, t) dr.
r T B
Z
Q
]
% Torsional
/’ﬂ- Moment
IV""t \
LL-‘{E::§f;;Z;§%j‘-‘_“‘——:::=====—t::E§E;~
B ES = . Torsion
x & 2 N T::jl
\\ NN ‘\\\\.
\ NN \\\\' Flap
\\ S ~. Bending
AN ~.
\ N
\\ AN
N\ .
\\ AN ./ Lead-Lag Bending
\ '/’

R
M, (1) = —rI(EJC-EJﬂ)-t B dr

Fig. 8 Elastic bending-torsion coupling of rotor blades

That is, the torsional blade moment (Mg) due to simultaneous bending in two directions
is proportional to the product of the lead-lag (;') and flap (8') bending curvature,
and is, proportional to the difference between the lead-lag (EJ;) and flap (EJg) bending
stiffness. A complete derivation of Egq. (1) may be found in textbooks (Ref. 1% 13) or
in Ref. 14, 15.

The following considerations are applied to blade deflections determined by the
fundamental mode shapes. An inspection of Eq. (1) indicates, that the nonlinear torsional
moment induced by blade bending will be important mainly at the inner blade portion,
where high bending curvatures may be caused by the external blade loads. For typical
hingeless and bearingless rotor configurations the chordwise root bending stiffness of
the blade is much greater than the flapwise root bending stiffness (EJy > EJg). That
is, a nose down torsional moment will be induced as indicated in Figure 8. Only in case
of a rotor with matched stiffness blades (EJ; = EJg) this moment vanishes. The torsional
blade loads due to bending changes the torsional motion and hence rotor aeroelastic
stability and response. These effects are greatest when the pitch bearing is inboard
near the rotorhub. A typical example is the MBB hingeless rotor concept with a stiff
hub, inboard pitch bearings and control system flexibility, see Ref. 16. In contrast,
these coupling effects are greatly reduced or even eliminated, if the pitch bearing
is designed to be outboard from the soft hub. The Westland WG-13 Lynx hingeless rotor
is a typical example for this concept, where a soft flexural element inboard and a
matched stiffness element outboard of the pitch bearing is used for flapping. This
design eliminates almost entirely structural bending - torsion coupling, see Ref. 14.

The discussion up to this point has shown that the hingeless rotor concept offers
the chance to accomodate aerocelastic coupling effects which may improve or deteriorate
the stability and response behaviour of the hslicopter. Usually the designer's aim is
to stabilize the low damped blade inplane motion by proper selection of certain geometric
blade parameters. There are various geometric parameters, that are used in practical
rotor designs and that may produce significant coupling effects. Figure 9 (taken from
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Fig. 9 Geometric configuration parameters of a hingeless
rotor blade

Ref. 17) illustrates a hingeless rotor blade with several linear and angular offsets.
Blade precone and torque offset are often used to reduce the steady average blade
stress from lift and drag loading respectively. But more interesting here, these
geometric parameters can also have great influence on the aeroelastic rotor blade
stability.

The bencding induced torsional blade moments give rise of effective pitch couplings
caused by torsional deflections of the blade and of the control system. It is possible
to extend the modal analysis of Ref. 14 and to derive an approximate expression for the
effective pitch coupling

(2) Ab = 8; + A + 68 + A8,

in which the geometric angular offsets of the pitch axis, that is preflap (negative
droop) Bp and prelead (forward sweep) Gp, are included. Neglecting torsional dynamics,
the resulting expressions for the effective pitch-~lead (8;) and pitch-flap (0g) para-
meters are:

M M
(3 6, = —2— g - g,
b et ° w2
o Lo o Lo
M M
0 8
@4 ey = cr 4 T
2 [o] 2 P
wg Ig wg Ig

The elastic steady flap (By) and lag (go) bending deflections are altered by the built-~
in offsets mentioned before. The first term in Eq.(3) and (4), respectively, is due to

the bending induced torsional moment Mg, derived from Eq. (1). This negative (nosedown)
moment, calculated at the radial position rgy from the pitch bearing, is approximated by

A R 1M "
(5) M(r)==£f¢, <M <« ¢, =M, ¢ ) ar .
870 Ey 01 C1 81 81 L4

The second term is due to a torsional moment about the pitch axls, resulting from the
transformation of the discrete bending moments ﬁ; and Mg, at the built-in position of
preflap and prelead. These moments are nonzero only for a flexible pitch control system
and can be approximated by

(6) M (r) = ¢e1(ro) . MB1(ro) and Mp(ry) = ¢e1(ro) . Mc1(ro) .

Both coupling parameters are inversely proportional to the torsional stiffness (wz Ig)
of the rotating blade.
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As an examplée, the nose down torsional moment distribution and the total moment
are calculated for the BK 117 helicopter by use of equation (5). Thé result is shown
in Figure 10: As discussed before significant torsional moments due to blade bending
are produced only at the inner blade radial sections. At the pitch bearing (to/R=0.068)
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Fig. 10 Torsional moment due to bending for a
hingeless rotor blade (BK 117)

the torsional moment has the value Mg = - 6.6 Nm/deg/deg = - 2.2 + 10" Nm. The corres-
gonding bending moments, defined in Eq. (6), have the values MC = 2.8 + 10"Nm and

0.93 - Nm. The BK 117 hingeless rotor has a built-in precone of Bg = 2.5% .,
T e orientation of the pitch axis is characterized by Bp 0 and gp = -1° (aft sweep)
The resulting elastic equilibrium angles in hover are fo = + 0.9 and Lo = + 0.1°
The steady elastic lead angle 5o is measured from the swept blade axis. Figure 11 shows
the position of the deflected blade tip measured from the pitch axis due to built-in

Hover BK 117 (M =2900 kg}
M [ P e
LSt <
800 3 N Static Blade Tip Static Inplane 3
£ - Deflecti Moment .
g Nm T \(o,s \ eflection om i
S N Lag Lag Lead !
i S N o vz
S ) Theory ProSweep 5]
K] / T — 0
3 N N/ NA Offset 277
- 400 H
2 N CM Offset 223 |
3 \\ Torque ,
200 H
i
\ \ A\ M§s1 {(R=1,1m) }
1} — -
f T I 1 [}
6 2z 4 6 b 8 10 01m 1000 Nm :
807 Pitch Axis .
%
Test Results Analytical Study ;

Fig. 11 Influence of different offsets on the equilibrium lead-lag bending
deflection (BK 117)

sweep, tension and mass center offset and the applied aerodynamic loading (torque).

The resulting tip deflections amount to - 0.07 m, which is equivalent to - 0.9° angular '
inplane deflection. If the built-in sweep angle is substracted, the z,-value noted above !
is found. The approximate pitch coupling factors of the BK 117 in hover are 6y = - 0.2

and 6g = - 0.1. This completes the example.

Numerous investigations (Ref. 2, 16, 18, 19) have shown that favourable pitch ‘
coupling parameters for soft-~inplane hingeless rotors are: forward inplane bending
causing nose down pitch; upward out-of-plane bending causing nose down pitch. These
pitch couplings may be achieved by different means shown in the following table.
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The aeroelastic blade stability is significantly influenced by the different blade axes,
illustrated in Figure 12. The position of the tension axis was seen to be important for
the inplane equilibrium position of the blade. The position of the section shear center

Elastic Axis (Shear Center) EA = €ga/C
Aerodynamic Center AC = exc/C
z Center of Mass CM = ©cw/C
Q Neutral or Tension Axis NA = @n/C ——

6p Flexure

X l | . : /l OpTip

i

Fig. 12 Rotor blade axes and prepitch/pretwist

is related to structural blade torsion. Blade root torsion about the pitch axes is
determined by the control system flexibility. The offset of the section mass center

from the aerodynamic center is the key parameter for classical rotor blade flutter.

Main rotor blades are usually mass balanced. It has been recognized that chordwise blade
balance is also an important parameter in flight dynamics, see Ref. 4. A slightly over-
balanced blade produces favorable negative pitch-flap coupling in conjunction with

blade torsion/control system flexibility.

Structural coupling between the blade flap bending motion and the blade lead-lag
bending motion depends on the blade pitch angle. The pitch is determined by the control
setting and the built-in pitch angle, which normally varies along blade span, see Figure
12. The built-in twist must be selected according to aerodynamic considerations, but
the orientation of the inboard segment is at the disposal of the designer. Positive
prepitch values are found to be stabillzing for soft-inplane hingeless rotor systems.
Additional structural coupling effects are caused by hub flexibility (flapwise) inboard
of the pitch bearings, see Ref. 17, 18.

The design recommendations, given in this section for soft-inplane hingeless rotors,
seem to be applicable also for the soft-inplane bearingless rotor system, see Ref. 20,
21. Of course, the structural and aeroelastic characteristics of bearingless rotors are
much more complex and depend highly on the inidvidual design of the flexural element
and of the pitch control system.

2.3 BASIC AEROELASTIC ROTOR DESIGN PHILOSOPHY AT MBB

In the past positive experience has been gained at MBB with the soft-inplane
hingeless main rotor concept. Using a relatively stiff hub inboard the pitch bearing
strong aeroelastic coupling effects are produced by the flexible fiberglass blades. It
is the design philosophy at MBB to use these effects for beneficial helicopter stability
behaviour, see Ref. 9, 16. The design range of blade inplane and out-of-plane bending
frequency selection at MBB is indicated in Fig. 7. Generally, there is a trend to reduce
the fundamental main rotor blade flap bending frequency to (1.06 - 1.08)Q corresponding
to a virtual flapping hinge offset of 8 to 10% R, in order to lower gust and vibration
sensitivity and to minimize advers flight mechanical =ffects at high speeds. In the

10-9
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/O~70D following table there are summarized different hingeless and bearingless rotor confi-
gurations that havé been. developed or that are presently developed at MBB.

4
) o B B (4 2 Design Gross !
. p .
; 8 ¢ ¢ P P Weight - kg
BO 105 Hingeless Main Rotor (Production) | 1.12 | 0.67 2.5° o° ) 0’° g° *) ‘2300 ;
BK 117 Hingeless Main Rotor (Production | 1.10 | 0.66 | 2.5° | 0° | -1° | 8°®| 2850
BO 105 Hingeless Main Rotor (Modified) 1.12 L o.6s | 0% 2.5° ] o® | & *| 2300 "
BO 105 Bearingless Main Rotor (Experim.) 1.12 | 0.69 1° 2° 0° |10° 2300
Bearingless Main Rotor ~1.07 | 0.70 0° ] 2.58°1 o° © 2100 :
(Under bevelopment)
Hingéless Elastomeric Main Rotox 1.08 | 0.70 o° 2° o° 4000
{Undexr Development) !
BO 105 Bearingless Tail rotor (Experim.) 1.05 | 0.76 o° o° o°
(1.23)
Bearingless Tail Rotor (Under 1.04 | 0.68 o° o° o°
Development)

*) for hover

For the purpose of information some key desiyn parameters are given additionally.
Figure 13 illustrates two new composite main rotor designs: the elastomeric hingeless
rotor and the flexbeam bearingless rotor with a "snubbed" torque tube. Both rotors are

Bearingless Rotor with Control Tube Hingeless Rotor with Elastomeric Pitch Bearings

Fig. 13 New composite main rotor designs at MBB

equipped with a small composite material hub for reducing the flap stiffness ("hub
stiffness") relative to the BO 105/BK 117 hingeless rotor system. The elastomeric
pitch bearing in the hingeless rotor design seems to be ideally suited for helicopter
applications, because no lubrication or servlcing of any kind is required. The advan-
tages of the bearingless rotor concept - simplicity, reduced weight and drag - seem
to be realizable by the new design. Figure 14 shows more details of this rotor.

W gy, A s ey R e

A e N W a s b

Secction A=A Section B-B Section C~C SectionD~D

Fig. 14 Composite bearingless main rotor design with flexural single beam
element and control tube
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The flexural single beam element has a structural "quasi-hinge" to accommodate blade
flapping at the inboard section B-B. The torque tube design provides relative lowbending
stiffness in both directions and allows a simple inspection of the flexbeam. Thé tube

is rigidly attached to' the blade (section D-D) and is "fixed" inboard by a snubber,
which transmits shear loads to -the hub. 2n alternative design 31m11ar to the Boeing
Vertol bearingless main rotor (BMR) is shown in Figure 15. This concept uses a double
beam flexural element with-a simple control rod in the middle of the two flexbeams.

It should be noted that Boeing Vertol has succéssfully £flight-tested the BMR on a

BO 105 helicopter, see Ref, 21. ‘

SectionA-A Section B-B Section D=D Section E-%
SectionC-C

Fig. 15 Composite bearingless main rotor design with flexural double beanm
element and control rod

The new rotor systems of MBB make extensive use of modern composite material
technology, which is believed to be the basis for a successful development of these
advanced systems. Therefore extensive research work for composite material are in
progress at MBB. But this subject, being of utmost interest for the designer, is
beyond the scope of this paper.

3. AEROELASTIC DESIGN OF HINGELESS/BEARINGLESS ROTOR SYSTEMS - SOME ILLUSTRATIVE
EXAMPLES

In this section a brief discussion of some illustrative results of soft inplane
rotor systems are given with emphasis on the design aspects.

3.1 STRUCTURAL AND DYNAMICAL MAIN ROTOR BLADE DESIGN AND TUNING

The tailoring of the blade bending stiffness to meet the design reqguirements for
the fundamental blade bending natural frequencies 1ls the first step in the development
of a new rotor system., Figure 16 presents the flapwise and chordwise bending stiffness
distribution for the BK 117 hingeless rotor and the bearingless rotor. Notlce that the

8 FLATHISE BENDING STIFFNESS g CHORDRISE BENDING STIFFNESS
&, &
o8 o
- -
x3. xg
- -
:¥:° HINGELESS ROTOR (BK 117) ::x: HINGELESS ROTOR (BK 117)
%o XS
! 0T
& BERB]NSLESS ROTOR (EXPERIMENTAL)
28 g
g1 =2 BEARINGLESS ROTOR (BESIGN)
- i
"
038 8
ES- BERRINGLESS ROTQR (DESIGN) &
&
8 g BEARINGLESS ROTOR (EXPERIMENTAL)
D.00 0,20 0.40 0.60 0.50 1.00  “b.00 0.20 0.40 0.60 N 0.80 1,00
BADIRL POSITION B RROIARL POSITION R

Fig. 16 Blade bending stiifness for hingeless/bearingless rotors
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/0 -/ design gross weight of both rotor systems is dlfxerent. “The plots on the right side of
Fig. 16 show that a strong réduction of the chordwise stiffness at the “inboard section
is needed for a reallzation of the uoft—lnplane xotor concept. However, it bécomes
evident by -the pldts oOn the left side of Fig. 16, that the variation of the flap bending
stiffness of the-blade root i$ ‘even moré -eitremé if the requirements of lowsr "hub
stiffness" are to-be fulfilled- Therefore a &tructural "guasi flapplng-hlnge" is
provided sfor the blade root in all new rotor .designs. The practical ‘realization. of such
designs is possible by use of composite materials, The proper sSelection of the fiber
(9lass, graphite, kevla¥) and the fiber orientation allows easy match;ng of the required
rotor blade stiffness distribution, see Ref. 9. This possibility is always used to
provide adequate torsional stiffness to the blades. The torsional -stiffness of the
BK 117 main rotor blade tip section (0.8 t5 1.0.R) for instance has been increased

: subsequently by using carbon fiber ‘blade s,in.

e o

%,

1 The 'BK 117 frequency diagram shown in Figure 17 is typical for MBB's rotor systems
with fibexrglass blades. The blade is well tuned. Generally resonance of the: higher blade
bending natural frequenc1es with the rotor harmonic excitation frequencies (multiple of
rotor rotational frequency) must be avoided by special design considerations. Remembering

O S VIV PT R

4.FLAP- ' ;
BENDING : {
{
4

3. FLAP- '
BENDING .
2. LAG- i iy
BENDING ;

2.FLAP-
BENDING

1. FLAP-
?ENE;gf O A DB WHIARL TOWER MEASUREMENT
BENDING

.5

° i . . . CALCULATION (UNCOUPLED)
.0 1.5 3.0 4.5 . 6.
ROIOR_SPEED, HZ

0 20, 40, 60, 80. 100,

!
Fig. 17 BK 117 main rotor blade natural frequencies . ?

that the centrifugal stiffening effect determines the flap-bending natural £requen- ’
cies, proper blade tuning may be achieved effectively by special blade masses, see Ref.
22. Blade tuning for vibration reduction of a N-bladed hingeless or bearingless rotor
should be concentrated on those flap-bending modes, that "control" the blade-harmonic .
N/rev-hub moment excitation in the fixed body frame. Flight tests as well as structural z‘
dynamic investigations have confirmed, that the fuselage vibration response is quite

sensitive to moment excitation. The fourbladed BK 117 main rotor produces 4/rev, 8/rev ...
g vibrations. The vibration level of the BK 117 has been improved by reducing the 3/rev-

.. and 5/rev-flap-bending blade moments (rotating frame), that transmit to the hub 4/rev

9 pitch and roll moments (nonrotating frame). From the frequency diagram of Fig. 17 it is .2 '
easily derived, that the second and third flap-bending mode are of special importance

for the vibration problem. The tuning process of the BK 117 rotor blade is illustrated

in Figure 18. The modal amplification functions on the right side of the figure show

Tuned Blade for Reduction ) . '
of the Roll/Pitch 4/Rev-Moment  ~— ~ = Without Tuning Masses

0 4o Excitation (Fixed System)
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Fig. 18 Influence vf tuning masses on the modal amplification factors for ot
flap-bending ol BK 117 main rotor blade
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the success possible with blade~tuning. The final blade mass distribution and ti}e posi-
tion-of the two tuning masses' are plotted on the left side of Fig. 18. To. complete this

, Section, Figure 19 shows the rotor-harmonic flap-bending moment distribution of the

BK 117 near the blade root. The results of Fig. 19 are extracted from leveél flight
tests of the prototype by 'a spécial modal analysis technique. A least square fit has
been carried out for reducing the scattér of the ‘data. The plots of Fig. 19 show that
the 1/reév- and 2/rev~bending moments are clearly causing the highest dynamic blade
loads in the hingeless rotor design. Strong resonance amplification of the higher
harmonic bending momentes are obviously avcided, a result of proper blade tuning
described -before. Thé moment peak at a flight speed of about 30 kts is characteristic
for many helicopters and is due to rotor wake effécts, see Ref. 22.

Flap-Bending Moment Nm

@g*

Fig. 19 Rotor-harmonic flap-bending moments vs radial position
and flight speed for BK 117 main rotor

3.2 ADVANCED BLADE DESIGN AND RELATED AEROELASTIC STABILITY PROBLEMS

In the introduction, Fig. 3 was presented which gives an overview of rotary-wing
aeroelastic instabilities. Classical rotorblade flutter and torsional divergence present
no serious problem for mass balanced main rotor blades. Figure 20 presents the torsionali
frequency of the nonrotating BO 105 rotor blade that is required for stability with
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Fig. 20 Effect of rearward CM-position on the BO 105-rotor blade
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respect to flutter and divergence in case of a rearward Shlft of the center of mass (CM).
For the chordwisz balanced BO 105 blade (CM = 24,8%) flutter or divergence cannot occur.
The situation would change for a CM-position aft of the aerodynamic center (AC), which
may be the case for tail rotor blades, see next section. In the desxgn of main rotor
blades the provision of adequate mass balance is the: rile because a minimum weight
design is not required. Good autorotative rotor characteristies are achieved only with

relatively heavy blades. Actually, the rotor inertia is the key parameter for autorota-
tion.

The flutter/dlvergence boundaries of Fig. 20 are representative for helicopter main
rotor blades in hover. In forward £flight the boundary changes slightly but does not
become critical for a mass balanced rotor blade, see Ref. 23. Forward flight introduces
periodically varying airflow conditions at the advancing and the retreating blade.

Figure 21 shows the calculated flutter boundary for a rotor blade with an extreme rear-
ward shift of the center of mass (CM = 0.35). The differences in the flutter results

Quasisteady Aerodynamics Unsteady Aetodynamics
<
2 60 60
p () —
£ MR stable _,—--"’ B8MR
Q - o stable i
S 40 40 i
] —
‘5_ unstable unstable
20 20
),
w
g
g 0 0.1 0.2 03 04 05 0 041 0.2 0.3
= Advance Ratio §t Advance Ratio 1t
Legend: PA=025
——=—  Advancing Blade {Constant Coefficients) AC=025
—  Floquet {Periodic Coetficients) CM=0.35
Fig. 21 Investigation of classical flutter in level £flight for a rotor

blade with extreme rearward shift of the blade center of mass

using quasisteady and unsteady aerodynamics respectively are remarkable. More important
for the subject of this section is the result of Figure 22, which illustrates the
frequency content of the flutter solution (marked in Fig. 21 by a point). The rotor is
able to generate multi-frequency flutter oscillations that are unknown in fixed-wing
flutter theory. The occurrence of multi-frequency non-rotor-harmonic blade oscillations
is typical for aeroelastic instability phenomena encountered at high forward speeds.
Examples will be given later.

Amplitude Spectra of Flutter Solution

M =0.32 PA =0.25
mmod 20,1 AC=0.25
CM=0,35
(4 +0.1)/rev
1
(1
©
2
% {4-Torsion
<
3 5
-.;-; (3 +0.1) (5 +0.1)
£ (2+0.1)
(=]
2 (1+0.1) Fla ”
M
0 | | ﬂ »n
0 1/rev 2/rev 3/rev 4frev Slrev Frequency

Fig. 22 Typical multi-frequency flap-bending~torsion oscillations at the
flutter boundary

Rotor blade wake flutter, noted in Fig. 3, is another instability phenomenon that
is unknown in fixed-wing aeroelasticity. Figure 23 shows an advanced geometry blade with
swept tips, designed for improvement of the helicopter flight characteristics at high
speeds. A detailed discussion of this blade design and flight test results are found in
Ref. 24. The flight tests have been performed on a BO 105 helicopter. For the hovering
rotor, however, strong torsional blade oscillations have been measured. Figure 24 shows
the piten link load waveform and the corresponding amplitude spectrum in hover. Besides
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Fig.23 Advanced swept blade-tip geometry
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Fig. 24 Wake excited flutter-waveform and amplitude spectrum of control

loads with swept wing tips

*he 4/rev and 8/rev amplitudes a sharp spike appears at 3.6/rxev, which is close to the
w. tural torsional blade frequency. The tested blade was mass-overbalanced with respect
to the pitch axis. The extreme forward position of the pitch xis at the swept tip is
depicted in Figure 25 on the right side. On the left side of ,fig. 25 the aerodynamic
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torsional damping is calculated with consideration of wake effects from previous blade
passages, see Ref. 25. The position of the pitch axis is characterized by the parameter
"a" which is about 1.5 for section A. The torsional damping becomes negative for this
value at the measured flutter frequency. It has been concluded that wake-excited flutter
was the cause for the torsional oscillations shown in Fig. 24. These oscillations cease
completely in forward flight.

An important aspect on the torsional design of a helicopter blade is stall flutter,
noted in Fig. 3. A major design objective is to produce a helicopter that has both high
maneuver and high forward flight speed capability. Typical stall flutter boundaries are
shown in Figure 26. Large spikes in the control loads appearing in the fourth quadrant

cﬂb
g 024 a BO 105 NACA 23012
g e BK 117 NACA 23012 - V23010-1.58
> 020 4 BO 105 HGH NACA 23012 —~ V13J06-0.7
o Stall Flutter
Q
g o161 Blades Untapered
[
@
S op2l. 2\ Thin Blade Tips (HGH)
- 0osl.
2 {
£ 04 No Stall Flutter
5 004}~ —- Zero Control Margin (Rotor Limit)
S -~~~ Blade Stall Inception
oL

01 02 03 04 0,5
Rotor Advance Ratio s

Pig. 26 Stall flutter boundaries (£flight test)

of the blade azimuth are usually attributed to stall flutter. A typical control load
time history and amplitude spectrum at high rotor thrust is plotted in Figure 27, taken
from Ref. 26. The high pitch link loads result from an aeroelastic self-excited pitching

y:0° 180° 360°
| SSUNUNS JUUROUN U0 TN S R |

300 ~A Ty ; —, A, .
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5 20p
> o}~
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Order of retor harmonics

Fig. 27 Waveform and amplitude spectrum of excessive control loads due to
stall (thin tip blades)

motion persisting only over small azimuth regions. Consequently the blade motions repeat
periodically every revolution, manifested through the higher rotor-harmonic content in

the spectrum of Fig. 27. This type of stall-related phenomenon may be better canaracterized
as an excessive response. Strictly, stall flutter is a limit-cycle oscillation whose
frequency is determined by the system characteristics (torsional dynamics). Figure 28

- again taken from Ref. 26 - shows a stall-related limit-cycle oscillation, which results
in non-rotor-harmonic control loads with distinct frequencies at (v+0.2)Q, v=0,1,2 ... .
These multi-frequency oscillations are typical for rotary-wing aeroelastic instabilities,
pointed out theoretically before. The observed nonlinear limit-cycle oscillations of

Fig. 28 cannot be explained exclusively by the generation of negative aerodynamic damping
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Fig. 28 Waveform and amplitude spectrum of non-rotor-harmonic control
loads with thin tip blades

through successive dynamic stall-unstall cycles. Transsonic effects at the advancing
blade and the periodically varying aerodynamic environment are supposed to have also
great influence. Shock-induced aeroelastic instabilities, noted in Fig. 3, have been
observed at high flight speeds for rotor blades with conventional airfoil sections.
Figure 29 (from Ref. 26) presents measured pitch link loads from high speed flight tests.
The control loads show strong spikes at rotor-subharmonic frequencies -(v+0.5)Q,

v=0, 1, 2, ... . This complex aeroelastic phenomenon has been investigated in Ref. 26.

100,

§:0*  360°
p———t

te——1¢20 1728

B 0415
€/ + 0097
My 0,932

10 0=

Pitch link load amplitude, kp Vibrotory pitch link load, kp

Order of rotor harmonics

Fig. 29 Waveform and amplitude spectrum of rotor-
subharmonic control lcads with standard blades

The following explanation has been found: Rapid changes in pitching moments from stati-
cally stable to unstable conditions may occur on the advancing blade tips at transonic
Mach numbers. These shock-induced nonlinear pitching moments influence the aeroelastic
blade respcnse by a motion-independent torsional blade excitation and by a motion-
dependent .egative aerodynamic torsional stiffness generation. The special nature of
azimuthal and spanwise variation of the aerodynamic environxent leads to parametric-
self-excitation.

Looking back once more to Fig. 3 one will £ind that in the preceeding discussion,
the flap-lag-torsion-instability and the stall-induced flap-lag instability have been
omitted. This has been done on purpose, because both instabilities do not pose design
problems for MBB's soft inplane main rotor configurations. Summarizing, various Jesign
problems due to blade aeroelastic instabilities have been found in the past due to
unexpected torsional response and ctability behaviour. The discussion has shown that
additional research is needed to develop better design concepts that allow an optimal
blade torsional tuning.
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3.3 STRUCTURAL AND AEROELASTIC DESIGN OF A BEARINGLESS TAIL ROTOR

A composite bearingless tailrotor described above is under development at MBB.
The design usés fiberglass bending-torsion-flexure to accommodate bending deflections

and collective pitch control. Figure 30- shows a partial view 6f an experimental version.

Fig. 30 Flexural element and pitch control arms of a
bearingless tail rotor (experimental)

The speclal design of the attachment area to the hub allows low flap stiffness at the
inboard region. An integrated viscoelastic damping element is applied to the chordwise
flexible part. The design of the pitch horn allows a positiv geometrical §3-coupling.
It must be noted, that the experimental rotor uses BO 105 standard tailrotor blades.
The radial distributions of the bending and torsicnal stiffness is shown in Figure 31.
The increase of the flapwise bending stiffness at about r = 0.32 m is due to the stiff
attachment of pitch-horn and flexural beam. The distributiocn of the chordwise bending
stiffness is tailored according to the soft-inplane requirements.

Fig.

FLATHISE BENDING
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Using the data of Fig. 31 the coupled flap-bending torsional natural frequencies
were calculated, as shown in Figure 32. The dashed lines mark calculations without aero-
dynamic forces. The fundamental flap-bending frequency is increased by aerodynamic
forces (83-effect) from 1.05/rev to about 1.23/rev at 100% rpm, while the frequency of
the second mode (1. torsion} is considerably decreased. The third mode (2. flap-bending)
is only weakly affected. For this mode, the agreement between test and calculation is-
poor, because the beam model used in. the computexr program is no longer adequate for this
mode. Fig. 32 also contains data of the first lag bending natural frequency computed
with an uncoupled beam model. The correlation with test data is fairly good.

2.FLAP-
BENDING

1. TORSION

1. FLAP~ A
BENDING © A@ HKHIRL TEST

t. LARG- ——== CALCULATION HITHOUT
BENDING AERODYNAMICS

———— CALCULATION WI1TH
UNSTEADY AERODYNAMICS

o
<. 5 - S (FLAP-BENDING-TORSION COUPLED.

LAG-BENDING UNCOUPLED)

e

0,00 20.00  N0.00 50,00 60,00  100.00 120,00
Fig. 32 Bearingless tail rotor (experimental) blade natural frequencies

In Figure 33 and Figure 34 the calculated first and second flap-bending/torsion
mode shapes are plotted. The dashed lines indicate shapes at zero rotor speed, while the
traced lines apply to nominal rotor speed. The right plot of Fig. 33 shows the efifective
§3-angle versus rotor speed. In addition the results o~ an earlier pitchhorn design
{pitch-horn 0.017 m shorter) is outlined. The picture inuicates a considerable dependence
of §3-coupling on geometric design and rotor speed.
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Fig. 33 Coupled bending-torsion mode shape for the bearingless tail rotor
(experimental), pitcharm long, 1. mode
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Fig. 34 Coupled bending-torsion mode shape for the

bearingless tail rotor (experimental), pitcharm
long, 2. mode
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The flutter stability is investigated in Figure 35 for different chordwise CM-
positions and rotor speeds. The calculated system damping ratios show that the second
mode (1. torsion) is qulte sensitive to a rearward shift of the center of mass. In
addition, this mode is remarkable influenced by the stiffness of the pitch control
system. The plot contains the CM-position of the unbalanced experimental tail rotor
blade. On the right side of Fig. 35, the damping ratio versus rotor speed is plotted.
Flutter is expected at high rotor-speeds outside of the operational range of the tail
rotor. The analytical flutter investigations show, that due to the relative low torsional
frequency and the high negativ pitch-flap couplin¢, the bearingless tail rotor is sensi-

tive to flutter. Chordwise mass balance may be required for this system.

sl 1. MODE S
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: |
L A T R S| T o 5 . T
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PERCENT OF CHORD AFT OF LEADING EDGE

Fig. 35 Tail rotor flutter stability

4, AEROELASTIC DESIGN ASPECTS FOR COUPLED ROTOR-BODY STABILITY AND RESPONSE

P

e s
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The interplay between rotor and fuselage and related aeroelastic design considera-

tions are illustrated by two examples.

4.1 DESIGN EFFORTS FOR IMPROVING ROTOR-BODY AEROMECHANICAL STABILITY

Coupled rotur-body aeroelastic - or more customary - aeromechanical stability of
soft-inplane rotors is an important field for design activities. The aeromechanical
stability margin depends strongly on the damping of the blade inplane motion. For composite
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hingeless and béaringless configurations the inherent material damping and the aero- 10

dynamic damping by airfoil drag are normally not sufficient and .additional damping

sources are required. The damping may be augmented by mechanical damping devices or by

blade motion coupling that introduces aerodynamical damping. Thé BO 105/BK 117 hingeléss .
rotor system usés both means, a "built-in" mechanical blade root attachment damping and ;
favourable aeroelastic motion coupling. It is one of the main features of the BO 105/ :
BK 117 hindeless rotor system that aeromechanical stability on the ground and in air is

thus achieved without a discrete voluminous mechanical blade lead~lag damper. ’

The high mechanical damping capacity of the BO 105/BK 117 rotor blade is illustrated ,
ln Figure 36. The rotorblade with the- attachment mountlng is the actual lead-lag damping 1
"generator”. Without tension the measured damping curve is determined mainly by friction
forces between the fiberglass rovings and the attachment mounting. With tension the

situations is more complex. The resulting damping is somewhat reéduced but is still
sufficient.

10 Tension
ORI 0

8 \ — e 140 kN
; /
o
o 6 1
s
o«
{2
£
g 4 ~—
< ’/"‘—_ o
o —

/"’ J
2 -~ '
l<— inflight 1/rev-Moments
o I

200 400 600 800 1000 1200

M -Nm

Fig. 36 High mechanical lead-lag damping blade root attachment
(BO 105/BK 117 system)

Parallel to the development of the new composite hingeless and bearingless rotor i
configurations MBB has started a research and development program for elastomeric blade :
lead~-lag damping devices. The following concept has found to be most effective: The

damping layer is attached directly to the blade root section and covered by a very
stiff plate. Figure 37 (right) shows the experimental bearingless main rotor blade.

The elastomeric damper is attached ln this case to the flexbeam. The bench test results
give an impression of the damping characteristics.

Tension

25 P '————0
\ ——— 140KN s
¢
2,0 I~ ‘
® f
N ¥
ol £
a i Ip— !
2 15 T §

- -
3] -t §
« ~ !
o r {
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£ 10 /,// — i
a 7 / no damper !
—-"’/ i
0,5 __.._--—‘ 3
i
F——»’ inflight 1/rev-Moments i
| y
0 200 400 600 800 1000 1200 :
Am‘- - Nm

Fig. 37 Experimental investigation of elastomeric blade lead-lag dampers !

It has been pointed out before, that a negative pitch-lead coupling factor stabilizes
the blade inplane motion. The key design parameters for controlling pitch-lead coupling
are precone (Bg) and preflap (B,). Zero precone has found to be beneficial for lead-lag
damping. Whirl tower tests of dgfferent rotor configurations are gathered in Figure 38.
The results fully confirm the design considerations. Negative pitch-lead coupling
increases with thrust for zero precone and built-in preflap. It explains the improved

———
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/8~37 damping values of the modified BO 105-hingeless rotor with 8,=0, Bp==2.5°. These results
are important for air resonance stability considerations. -
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o
o

Thrust, kN O Bearingless Rotor Experimental Bc' 1° Bp =2®

Rotor Speed 100 %

Fig. 38 Influence of precone and preflap on blade lead-lag damping and
frequency

For the soft-inplane rotor concept both air and ground resonance are possible, if
the rotor driving frequency (Q-wy) coalesces with a body frequency. Figure 39 shows the
critical operating regions of the BK 117 helicopter on ground and in air. Potential
instability on the ground is caused by the body fore-and-aft/pitch-mode and in air by
the body roll mode. It has been found that a stiff landing gear tuning (the F/A-pitch

Power off I.._.____..I
Power on | I

On Ground ]
Criticel Region: !J“A" jion Ground,
i

Allowable
Roter Speed

A Test on Turf at Low Thrust
Dy =3%
(T!l: = 0,67

ﬂ Opogy = 0.31

-
o

~ R
T 3 ' ! L
1 % 8
2 VN7V 7SR A '/
g 4% Body F/APitch on Gxoun% 7/7/ 2
s Wi £ Body Damnin
s 2 a4 E . / Ratio form Test
& i / 3
8 o /M%J I / Rotating System “
o -7 Tl in 2 Damping Ratio - %:
& y RO / e 4
g 1 % odY, "2 /- I o - : stable : .;5
7 < ; :
_JGZ??ﬁ;ZZ&‘AS L2 09
- Body Piteh in 3 unstable 0.65
' l 100 % &
| 0 100%
3. 4, 5, 6, 7. 6. 7.
Rotor Speed — Hz Rotor Speed ~ Hz

Critical Operating Reglons Ground Resonance Stability

Fig. 39 Ground and air resonance characteristics (BK 117)

mode is the lowest body mode on ground) is advantageous, if the body-roll frequency is
well above the operational region. The body roll mode is generally critical for ground
resonance due to the small body roll moment of inertia compared to the body pitch moment
of inertia. The body roll frequency in air depends on the blade flap-bending stiffness
and the body mass/inertia data which are not at the free disposal of che designer. The
ground resonance stability margin is presented on the right side of Fig. 39. This
example shows that the BK 117 helicopter has an adequate damping margin even for low
rotor thrust., The established damping ratio in the rotating system is above 1%. Special
ground resonance tests have confirmed this results.

4.2 DESIGN CONSIDERATIONS FOR IMPROVED AEROELASTIC TAILBOOM RESPONSE CHARACTERISTICS

It has been reported in Ref., 6 that the initial configuration of the BK 117 rotor
hub and aft-fuselage caused wake induced lateral bending oscillations of the tail boom,
known as "tail shake". Figure 40 taken from Ref. 27 illustrates the main interference
effects in forward flight. Figure 41 shows some flight test results. It has been found
that the high tail boom lateral bending moments are caused by a vortex resonance pheno-
menon. The first natural bending frequency (wpp) of the tail boom in lateral direction
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is near the vortex shedding frequency (wy). A detuning of the tailboom was not possible
in this actual case. Wind tunnel and flight tests have shown that a hub cap and the
omission of the fuselage spoiler are effective in solving the tail shake problem of the

BK 117 helicopter.

ROTORSHAFT/
HUB WAKE

o i’ ,‘-‘.'

7%

FUSELAGE
WAKE

Fig. 40 Main intexference effects between fuselage/hub and tail area
u)TB‘-‘-‘ 6.2Hz Natural Frequency of Latera! Tail Boom Boending w Beat
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Fig. 41 Tail shake phenomenon

5. CONCLUDING REMARK

The hingeless and bearingless rotor concept is very sensitive to small parameter

variations, therefore the various design parameters have to be optimized carefully,
considering aerodynamic, dynamlc and aeroelastic requirements together.
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THE INFLUENCE OF AEROELASTIC STABILITY
REQUIREMENTS ON HELICOPTER DESIGN

by
S.p.King
Chief Dynamicist
Westland Helicopters Limited
Yeovil, Somerset
England

SUMMARY

The avoidance of aeroelastic and aeromechanical instabilities is a prime objective
of aircraft design, and must be considered throughout the design cycle. Due to lack of
data the analysis of instabilities during preliminary design is a difficult task, conse-
quently simple models may be more useful than large and complex analyses. A number of
potential instabilities are discussed; blade flutter; main rotor flap-lag stability; tail
rotor pitch-flap-lag and the complete aircraft problems of ground and air resonance. In
each case a description of the mechanism involved in the instability is given and a
simple analytic tool for its investigation is suggested.

Notation

b = Lag mode first moment =S§ r(r)g(r)dr

e(xr) = Chordwise cg offset from the feathering axis

f(r) = Flap mode shape

g(r) = Lag mode shape

h = Vertical distance from fuselage cg to rotor hub
1 = Lag mode inertia ={R m(r)g?(r)dr

If = Fuselage roll inertfa about cg

L = Height of fuselage cg above roll mode centre of rotation
m(r) = Blade mass distribution

me = Aircraft effective mass at hub

my = Total aircraft mass

n = Number of blades

q = Rotor - aircraft mass ratio = nb*/mgI

r = Radial position on blade

R = Rotor radius

Vo = Tip Speed

WF = Non-dimensional rotor flap mode frequency

o], = Non-dimensional rotor lag mode frequency

wy = Non-dimensional fuselage mode frequency

¢ = Inertia ratio = 2I¢/In

0(r) = Torsion mode shape

Ey = Ratio of critical fuselage damping, relative to o
g, = Ratio of critical lag damping, relative to Wy
Omax = Peak value of instability, ratio of critical re’ative to wf,

1. INTRODUCTION

An important consideration at the preliminary design scage of any new project is the
avoidance of aeromechanical instabilities. A number of po-.utial instabilities exist,
some being basically single blade phenomena, such as tail routor flap-lag stability,
others consisting of the interaction between the complete 10.>r system and the fuselage,
for example ground resonance. Some of these problems are we .l understood, others less
well, but a feature common to all at the preliminary design -.tage will be a lack of
detailed data for the accurate prediction of stability boundaries and the need to consider
a large number of possible configurations. What are required are simple design rules and
analyses which may be used to avoid the instabilities. Of course, an understanding of
the mechanism involved in the phenomena will be very helpful, not least by indicating
which parameters are important and which may be considered of (nly secondary significance,

At a later stage in a project much more powerful analyses are available which can be
used to confirm the stability. An excellent review of the current status of rotary-wing
aeroelastic analysis for both stability and response has been given by Friedman in ref. 1.
The major disadvantage of using such tools during preliminary design is the lack of under-
standing gained by their use. After all, it is not of much help to know that a system is
unstable if it is not known how to suppress the instability. The other disadvantages are
the time required to prepare all the necessary data, and possibly the computer time
involved in major parametric variations in a number of design variables.
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The subdivision of rotor aeroelastic stability problems into hub fixéd and hub free
: phenomena is convenient, but artificial, and for a number of problems must be done with
; //- 2 care. Anm example of the importance of hub flexibility on. what is essentially a single

. = blade problem is the flap-lag-torsion stability of a supercritical tail rotor where the
tors1on modé frequency will be a function of the control system stiffness, and this
stiffneéss will depend in turn upon the phase relationship between the motlon of the
separate blades. This type of effect can couple together a basically single blade
problem into a rotor or even complete aircraft problem. If possible however consider-

% ation of the motion of a single blade will give the clearest understanding of the
mechanism involved in an instability.

(e

A large number of stability problems exist but only a limited number can be consid-
ered here. To fix ideas it is assumed. that the type of aircraft being designed has a
subceritical main rotor, ie fundamental lead-lag mode frequency less than once per rev.,
and a supercritical tail rotor. Both rotors are assumed to have more than two blades;
; this does not mean that the probléms discussed here do not apply to two bladed rotors but

the additional problems due to the lack of polar symmetry with two bladers are not
considered.

£y i

; The hub fixed problems are considered first, followed by the complete aircraft air

and ground resonance instabilities. These latter problems do not include the very low
frequency £light path stability problems. In each case a description of the phenomenon
is given, and guide lines suggested for its avoidance. The type of analytical tools, in
terms of degrees of freedom, most useful for preliminary work are also discussed.

2. HUB FIXED PROBLEMS
1 2.1 Flutter

This is a two degree of freedom instability, the freedoms being flap and torsion,
3 with some mechanism coupling the two motions. The coupling between torsion and flap is

aerodynamic; a perturbation in the blade pitch induces changes in the blade lift loads
and causes the blade to flap. The coupling between flap and torsion may be of a number
of forms, for example chordwise centre of mass offsets from the feathering axis or
kinematic pitch-flap coupling due to the orientation of the hinges and control circuit.
This problem is very similar to the fixed-wing flutter problem.

A preliminary analysis for flutter is most simply carried out using a two degree of
freedom model, with one freedom being rigid blade flapping about an offset hinge (spring
restrained for an hingeless rotor) and the other pure rigid body pitching about a
] feathering bearing. The hinge order should be the same as on the aircraft. Also to be

included are chordwise centre of mass and centre of lift offsets from the feathering
axis and any kinematic pitch-flap coupling. Using such a simple model stability bound-
aries similar to those shown in Fig. 1 can be produced., This shows the combinations of
torsional stiffness and centre of mass offset which have to be avoided: in this partic-
ular case the centre of 1ift was taken to be on the feathering axis and no pitch-flap
coupling was included. Clearly, the simplest way of avoiding the instability is to
cnsure that the centre of mass is forward of the quarter chord. It is worth pointing out
that the inertia term coupling the flap and torsional motion is

%gf(r)o(r)e(r)m(r)dr

i where f(r) is the flap mode shape, 6(r) is the torsion mode shape, m(r) is the mass
distribution and e(r) is the chordwise cg offset. Thus cg offsets in the neighbourhood

of the tip are more important than at the root. The results in Fig. 1 are based upon

‘ rigid body mode shapes and a constant cg offset.

2.2 Main Rotor Flap Lag Stability

This section is entitled main rotor flap lag stability to distinguish it from the
associated problems encountered on supercritical rotors which are discussed below. The
instability is sometimes known as a pitch lag instability, but the basic degrees of free-
dom are flap and lag, with the instability arising from the presence of a kinematic
pitch-lag coupling. The effect of this coupling is to induce aerodynamic lift loads in
response to blade lag deflections, which cause the blade to flap and via the Coriolis
loads induce more lag motion.

e £ gy

This is one of the more simple aeroelastic stability problems, since only rigid body
flap and lead-lag degrees of freedom are required, together with the pitch-~lag coupling
1 and steady coning angle. Since only two degrees of frevdom are involved analytical
expressions may be obtained for the stability boundaries, at least for uniform blades in
the hover. Simple quasi-steady aerodynamics with constant induced velocity are adequate
for a preliminary analysis. Typical stability boundaries for two values of lag frequency

are shown in Fig. 2; these results assumed a flap frequency of 1.1 and zero structural
lag damping.

One aspect which can degrade main rotor stability in certain flight conditions is
the change in kinematic pitch-lag coupling with steady coning angle, steady lag deflec-
tion and impressed blade pitch due to changes in the orientation of the track rods. This
will be aggravated by the use of short track rods. With hingeless rotors the steady flap
and lag deflections tend to be much smaller when compared with articulated values,
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consequently the variation in pitch-lag coupling will be less. On the other hand, signif-
icant structural coupling between flap and lag may now exist and this can have & powerful
effect on stability, although the evidence is that in the complete absence of pitch lag
coupling the system remains stable for any value of flap lag coupling, Ref. 2.

2.3 Tail Rotor Buzz and Bang

Accurate prediction of stability boundaries for tail rotors are inherently more
dir&icult toan for main rotors due to the very disturbed airflow in certain flight condi-
tions in the vicinity of the rotor. Howéver considerablé understanding of the aero-
elastic behaviour can be obtained by the use of 'free flow' aerodynamic models; that is
to say models which ignore such complicating effects as fin blockage and main rotor wake
interaction.

-Buzz is probably a flap-lag type of instability which occurs when the lag mode
frequency is close to the flap mode frequency. Tail rotors usually have lag mode frequ-~
encies greater than once per rev., but to avoid excessive hub and blade loading this
frequency must be well below two per rev. As tail rotor incidence is increased the lower
flatwise blade stiffness compared with the edgewise stiffness reduces the lag frequency
from the zero pitch value. Furthermore, with the large amount of pitch-flap coupling
employed on tail rotors to reduce the once per rev., flapping the fundamental flap mode
frequency will be well above once per rev. Consequently, unless special care is taken
the flap and lag mode frequencies will coalesce at high values of blade pitch, A typical
plot of the stability boundary in the wy, wy plane is shown in Fig. 3. The increase in
the size of the unstable region as the pitch inc.eases is due to the increased Coriolis
coupling. The results in Fig. 3 were obtained with a constant 1lift curve slope, quasi-
steady aerodynamics and no structural flap lag coupling. This last effect may be another
consequence of increasing the blade pitch, due to the fact that the principal axes of the
blade will not lie in the rotor plane. Fig. 3 probably explains the basis of the buzz
phenomenon seen on some tail rotors and shows that instability is most likely at high
values of blade pitch; indeed it is not unknown for the pitch range to be limited by the
existence of a buzz phenomenon.

The above explanation of buzz has not involved the blad? torsional motion. To
investigate the influence of torsion an analysis has been c¢onducted using a three degree
of freedom model- rigid body flap, lag and torsion with o structural coupling between
these degrees of freedom except for a kinematic pitch-{lap coupling. Using this model
contour plcts of the real part of the least stzble mode can be produced. TFig., 4 is a
typical result, where the horizontal axis is the non-dimensional lag frequency and the
vertical axis is the torsion mode frequency. The contours are equally spaced, with an
increment of one in the real part of the root when expressed in radlwns/second The flap
frequency is 1.06, with 450 of pitch-flap coupling and the blade incidence is 10°., This
figure shows an 1nstab111ty centred on the frequency coalescence between ilap and lag,
region 'A', for high values of torsional stiffness. This instability is very mild and it
is suggested that it represents the buzz phenomenon. As the torsional frequency is
reduced the region of instability disappears but another region, 'B', appears which scems
to be associated with a triple coalescence of the flap, lag and torsion modes.

Figs. 5 to 7 show the stability contours at 15, 20 and 25 degrees of collective pitch
respectively; the changes in collective also imply changes in the steady coning and sweep
angles, since these are computed by the stability programme. These figures show that as
the blade incidence is increased the two regions first of all merge into a single unstable
area, but that with further increases in pitch the upper region completely disappears and
the lower region becomes much smaller. The reason for this behaviour is the complex
nature of the aerodynamic loads on the blade. These loads are based upon look-up tahles
for the values of the section lift, drag and moment coefficients, taking into account the
local Mach number and section properties but without delay effects, ie quasi-steady
theory. For the results shown in Figs. 4 - 7 the induced velocity was calculated by a
vortex ring model using a prescribed wake due to Landgrebe, ref. 3.

The wake model used for the results shown in Figs. 4 - 7 is perhaps rather complex
for a preliminary design tool but.it has been found that the predicted stability boundary
depends upon the model chosen., For example, Fig. 8 gives the stability contours for the
same case as Fig. 6 using a prescribed wake due to Kocurek and Tangler (ref. 4); it has
been suggested that this may be a more accurate model for blades with aspect ratios
typically encountered on tail rotors. It is clear that the basic nature of the results
is the same but with some important detailed differences. Similarly, the use of look-up
tables for the aerodynamic loads rather than a coastant lift curve slope has been found
to be important, especially when operating close to the stall boundary. This can be seen
by comparing Figs. 6 and 9, which use the same wake model but differ in that Fig. 9 is
based upon a constant 1lift curve slope and drag co-efficient. Finally, Fig. 10 gives the
predictions using the simplest model - constant lift curve slope and drag co-efficient
and annular momentum theory for the induced velocity. Once again the general character-
istics are the same as in Figures 6 and 8, but witn significant changes in detail.
Because the actual flow through the tail rotor will be complicated by interference from
the main rotor and the fin none of the models will precisely describe the flow. There-
fore it is important that predictions of tail rotor stability should be treated with
caution, with the predicted stability boundaries being well avoided.

The region and degree of instability is further complicated by the efiect of a
steady axial flow through the rotor. For example Fig. 11 gives the predicted stability
at 20 degrees of pitch with an axial flow of 0,03Vq, which may be compared with Fig. 8
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and shows a significant variation from the zero speed case. Other factors whiéh will
influence stability are forward flight, which introduces perlodlc terms into the equations
of motion and therefore makes the investigation much more difficult, and structural coup-
ling betwee1 flap, lag and torsion. This can radically affect the stablllty boundarles,
as has been shown for example by Ormiston aid- Hodges ref. 2. If the major lagwise flex-
ibility is outboard of the feathering hinge, 25 is likely on a tail rotor, then the coup-
ling hetween flap and lag will almost certaruly change as the blade pitch is changed.

The 1owef region of instability, 'B' in Fig. 4, is probably the ‘bang' instability
since it is much more unstable than region A. No structural damping has been included in
the calculations, thus in reality the upper unstable region may disappear with the blade
becoming marglnally stable. Due to the impulsive nature of the aerodynamlc loading on
the tail rotor this very lightly damped mode will be contlnually excited in some flight
conditions, and therefore generate the large, but not catactrophic loads associated with
buzz. The effect of structural damping on region 'B' will be to reduce the extent of,
but not to eliminate, the instability.

One aspect which has to be given careful consideration is the placement of the
torsional mode frequency. Because the blade will 'see'! different stiffnesses at the track
rod depending upon the phase relationship between the torsional motion of each blade a
number of torsion mode frequencies will exist. These collective, cyclic and asymmetric
torsion modes must all be chosen to avoid the unstable regions. This is an example of
the flexibility of the hub having an influence upon a basically single biade -phenomenon.

The complexity of tail rotor stability problems is such that the accurate prediction
of the stability boundaries is a very difficult task, for which simple models are not
particularly suited. However, for the rotor used to produce the results shown in Figs. 4
- 11 it is clear that stability should be obtained provided the lag frequency remains
above 1.5, the torsion frequency is above 3, no structural couplings are present and the
rotor operates below stall. These results are not necessarily applicable to other rotors,
all of which will have to be considered on their individual merits. It is recommended
that the torsional degree of freedom be included in any analy:is of tail rotor stability
and that predicted stability boundaries are well avoided.

3. COMPLETE AIRCRAFT INSTABILITIES
3.1 Ground Resonance

Any helicopter with a main rotor fundamsntal lag mode frequency less than once per
rev. is susceptible to ground resonance. The degrees of freedom involved are the lead-
lag motion of the rotor blades and any fuselage mode containing in-plane motion of the
rotor hub. The instability occurs in the vicinity of a frequency coalescence between the
regressing lag mode and the fuselage mode, provided the rotor speed is greater than the
fundamental lag frequency; the phase relationships between the couplings are such that a
frequency coalescence when the lag mode frequency is greater than the rotor speed does
not produce an instability, neither does a coalescence with the progressing lag mode.

Important parameters with regard to ground resonance are lag mode frequency and
damping, fuselage frequency and damping and fuselage mode shape. Of lesser significance
are flap mode stiffness and aerodynamic loads: ground resonance is a purely mechanical
instability which can exist in vacuo, although on some helicopters with only a very
marginal degree of instability rotor couplings can be used to stabilize the aircraft via
the aerodynamic loads.

Accurate predictions of ground resonance stability characteristics require a fairly
extensive mathematical model with flap and lag rotor degrees of freedom and at least four
fuselage freedoms ~ pitch/longitudinal and roll/lateral. Aircraft stability control
augmentation Jystems can also effect ground resonance, and if significant response of
these systems are expected at the frequencies associated with ground resonance they must
be included in the analysis. (A simpler approach may well be to ensure that the feedback
systems are filtered in such a way as not to respond at the frequency of the ground
resonance oscillations.) In order to estimate the amount of lead-lag damping required,

if any, this type of model is rather too complex; a simpler, even if approximate, analysis
is useful.

Fig. 12 shows a simple mathematical model which can be used to investigate ground
resonance analytically. This is similar to the Coleman and Feingold model, ref. 5, except
that the first elastic lead-lag mode of the rotor is used rather than rigid body rotation
about a hinge. Thus the model may be used for hingeless rotors. No aerodynamic terms
are included, but structural damping terms are., By applying the transformation to multi-
blade co-ordinates, ref. 6, the number of equations of motion can be reduced to three.
These are standard equations and are similar to those given by Done in ref. 7.

This set of three second order coupled differential equations are at this stage
exact, but difficult to solve analytically. They may be reduced to an approximate set of
four first order equations by a technique similar to that given in ref. 7. Without gding
into details the process may be described as follows. the three second order equations are
reduced to six first order equations by treating velocity as a co-ordinate. Next, the
uncoupled and undamped rotor and fuselage subsystems are solved separately to produce a
set of uncoupled complex mode shapes, with their associated frequencies. For the rotor
subsystem these are the progressing and regressing lag modes. If a similarity transform-
ation based upon these uncoupled modes is applied to the damped, coupled fuselage-rotor
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system the equations of motion are not completely de-coupled. However, the frequency
characteristics as .2 function of rotor speed are of thé form shown in Fig. 13, and in the
neighbourhood o6f the frequency coalescence 'A' the effect of the progressing lag mode can
be .expected to be small. Consequently by ignoring this mode the system can be reduced to
a set 0f four approximate first order equations, from which analytic results can be
deduced.

This technique may also be used to investigate resonances between the fuselage and
the progressing lag mode. The result of such an analysis is to démonstrate that the
system remains stable. Similarly, intersections between the regressing lag mode and
fuselage mode frequencies at rotor speeds for which the lag mode frequency is greater
than the rotor speed, 'B' in Fig. 13, also do not lead to instability.

In the neighbourhood of a frequency coalescence such as 'A' the system is unstable,
and the following analytical results may -be obtained:

With no structural damping the peak. value of the instability is given by
T Wwy3/2
Y

_ I
“max = 3 () ¢ (1)

where Wy = fuselage frequency,

w lag mode frequency at frequency coalescence = Q - w

L ¥
Onax is expressed in terms of the ratio of critical lag mode damping, ie relative
to w;, and q is given by
L
2 b2
q T
i ‘ (2)

The other variables are defined in the notation section.

Including structural damping it can be shown that the amount required to just
suppress the instability dis

1 w& 2q2
EYSL 16 ('TI'J) (3)
where £y and §;, are the fuselage and lag mode damping, expressed as ratio of critical
relative to Wy and @, respectively.

Other formulae for the width of the unstable region, in terms of rotor speed, and
the degree of instability when some, but not sufficient, damping is present may also be
derived, but the two expressions given above are the most useful., It is interesting to
note that even this approximate approach produces the result that to suppress ground
resonance the important parameter is the product of the damping, not the individual
values. Indeed the formula for the range of unstable rotor speeds in the case of
insufficient damping (not quoted) shows that the range becomes very wide with unbalanced
damping, for a constant value of the product of damping. Similar results have been
obtained by Ormiston, ref. 8, using a numerical analysis.

To give an indication of the accuracy of the technique Fig. 14 compares the measured
peak value of instability for a range of lag stiffnesses on a scale model of the Lynx,
ref, 9, with the predictions of Eq. (1). The lag stiffness is given in terms of the non-
dimensional lag mode frequency at the scaled normal operating rotor speed. The predicted
values of peak instability are slightly greater than the measured, which is not unexpected
since Eq. (1) has been derived assuming no structural damping. If the predicted values
of instability are reduced by the measured, non-rotating lag damping in each case then
the agreement becomes excellent. This result shows that the approximate method may be
used with some confidence as a preliminary design tool.

At the project stage little will be known about the undercarriage stiffness and
damping, consequently determining the minimum required lead-lag damping to prevent
instability will be difficult. One way of overcoming this lack of data is to assume that
the undercarriage characteristics are just those which produce the worst possible ground
resonance instability. It can be seen from Eq. (3) that more damping is required as the
fuselage frequency increases, provided the frequency coalescence still occurs below the
maximum possible rotor speed. Thus a pessimistic assumption is that the frequency coal-
escence occurs at the maximum operating rotor speed.

Increasing the mass ratio q also increases the required damping; thus the combina-

tion of a light fuselage and heavy rotor system produces the most unstable situation.

On a real aircraft it is unlikely that the fuselage mode involves pure translation of the
aircraft, some pitch or roll rotation will be involved. The analysis for the model shown
in Fig, 12 may be repeated with a further fuselage degree of freedom included, namely
rotation about an axis vertically below the hub, through the aircraft cg and parallel to
OY in Fig. 12. It is found that the formulae given above are unchanged provided the
effectaive mass at the rotor hub is used rather than the real aircraft mass, where the
effective mass is defined by

oo,
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If + £%m
¢ o = et : (4)
e T (n+e)?

and the other variables are defined above.

For a fixed fuselage mass, inertia and height of the rotor above the cg the effec-
tive mass may be considered: to be a function of the roll centre position of the mode.
It can be shown that -the minimum value of the effective mass is

me I
me = -—-———‘f fz (5)
I£+h mg

Using this value in Eq. (3}, together with a value of wy which produces a frequency
coalescence at the upper limit of rotor speed will result in a level of lag damping which
will suppress ground resonance regardless of the roll mode frequency and centre of
rotation.

One further result may be of some interest. It is possible to perform a similar
analysis to that discussed above for the case where the fuselage has four degrees of
freedom - pitch, roll, longitudinal and lateral. It is found that if the fuselage modes
are well separated in frequency then each individual frequency coalescence with the
regressing lag mode may be considered separately. If however a pitch/longitudinal mode
coincides in frequency with a roll/lateral mode then the degree of instability becomes
greater. It can be shown that the expression for the mass ratio q becomes in this case:

2 nb? 1 1
= — (= + = 6
T G %) (8)

where me , mé are the effective masses in the lateral and longitudinal directions.

If the damping requirement deduced from Eq. (3) is based upon the worst possible
fuselage mode shapes and frequencies, ie coalescence with the regressing lag mode at
maximum rotor speed, minimum effective mass in both the pitch and roll modes and equal
pitch and roll mode frequencies then the aircraft will be stable with any undercarriage
configuration. If this level of damping is too large then it becomes necessary to
include the actual undercarriage characteristics in the calculations.

As an example of the use of Eq. (3) consider the following typical example:

Aircraft mass = 3600 kg
Pitch inertia = 16200 kgm2
Roll inertia = 2700 kgm2

Height from hub to cg = 1.2 m

The minimum lateral and longitudinal effective masses are 1210 and 2730 kg, respectively.
Assume the rotor system has four blades, that the first lagwise moment (b) is 133 kgm and
the inertia is 540 kgm2. Then the value of q from Eq. (6) is 0.395, Assuming that both
the roll and pitch fuselage frequencies are equal and that coalescence occurs at the
normal operating rotor speed the required damping levels are shown in Fig. 15, for a range
of lag mode frequencies. The reduction in damping requirement as the lag frequency is
increased makes the prevention of ground resonance on hingeless rotors a much simpler task
compared with conventional articulated rotors.

It must be remembered that this analysis is only approximate and that a number of
other parameters may have some influence on the damping requirement. This includes aero-
dynamic loads, coning angle and pitch-flap-lag couplings.

3.2 Air Resonance

Finally, we consider the problem of air resonance. This instability is closely
related to ground resonance, but as the name suggests it occurs in flight, and more
especially it is associated with hingeless rotor systems. The 'fuselage' mode in this
case arises from the coupling betveen blade flapping and fuselage pitch and roll motions.
This produces one or two modes with significant in-plane hub displacements at frequencies
close to that of the regressing lag mode at normal operating rotor speed.

Consider first the simple model shown in TFig. 16 which consists of a single fuselage
freedom, roll about the aircraft cg, and blade flapping. By applying the usual transfor-
mation to multi-blade co~ordinates the equations of motion may be reduced to three
coupled equations. Ignoring the aerodynamic terms these three equations may be solved
fgr the coupled systems natural frequencies, one of which is zero and the other two being
given by

w? = -(1 + @) + %(1 - 0h) % /{4(ug - 1) + (2 * —2%(1 -0%))2} (7
where ¢ = EE; ,
nl

and the other terms are defined in the notation section.
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Fig. 17 shows the variation of the frequencies with the inertia ratio ¢ and flap -7

mode frequency wp. With an infinite fuselage inertia these are the usual progressing
and regressing cyclic flap modes, and as the figure shows the progressing mode frequency
is almost independent of fuselage inertia. The regressing mode however is very sensitive
to the inertia ratio. This mode is often referred to as the 'pendulum' or 'slow gyro-
scopic' mode.

Fig. 17 may be used to investigate whether air resonance is likely to be a problem
for a particular design, simply from a knowledge of the rotor flap and lag frequencies
and the airframe pitch and roll inertias. Since typical values of ¢ are 2 - 4 and 10 -
20 for roll and pitch respectively, a frequency coalescence with the regressing lag.mode
is much more likely to occur with the roll pendulum mode. For example, a value of wp
of 1.1 and ¢ of 2.0 will result in a resonance with the regressing lag mode if wy, = 0.65.

The damping in the pendulum mode is fairly large, due to the large amount of aero-
dynamic damping in the fundamental flap mode, and this has a considerable effect on the
frequency of the pendulum mode, as well as the damping. An analysis of the system shown
in Fig. 16 with simple aerodynamic 1lift loads included produces the results shown in
Fig. 18, for a range of Lock's numbers. It shows:that the effect of the aerodynamic
loads is to reduce the pendulum mode frequency, and to introduce significant damping into
the mode. For low values of the inertia ratio the value of the real part of the root is
approximately 0.25 of the Lock's number, whereas it can be shown that without the fuse-
lage freedom the real part of the regressing flap mode is 0.5 of the Lock's number.

Having established from the undamped results shown in Fig. 17 that air resonance is
a potential problem the question then arises as to how much damping will be required in
the rotor lead-lag mode to prevent the instability. An accurate prediction cannot be
made using the simple techniques discussed in this paper since too many important efffects
are ignored. What can be shown however is that the amount of damping is likely to be
much less than that required to suppress ground resonance. For example, using the same
aircraft data as in the section on ground resonance the maximum possible value of g is
0.329 - this igrores the blade flap inertia and assumes that the pendulum mode roll
centre is such as to produce the minimum effective mass at the rotor hub. Then, with a
lag frequency of 0.65 the damping requirement from equation (3) is

EYEL = 0.002

With a Lock's number of 8 and undamped pendulum mode frequency of 0,35 the required lag
damping is 0.25% of critical. A more detailed analysis which includes four rigid body
fuselage freedoms, rotor flap and lag motions, aerodynamic loads and the steady coning
angle gives a predicted lag damping requirement of 0.8% of critical. This is in addition
to the aerodynamic lag damping.

It is clear from this analysis that the accurate prediction of air resonance
stability will require a more complex model than that discucsed here. As well as the
importance of coning angle and rotor thrust on the stability rotor couplings can have a
powerful effect. The methods will however indicate if air resonance is likely to be a
problem,

4. CONCLUSIONS

A number of rotor and complete aircraft instabilities have been discussed, although
it must not be considered that the list is by any means complete. Where possible a
simple explanation of the mechanism involved in the instabilities has been given, from
which the correct design decisions to avoid the problems may be made. It has to be
remembered that these rules can only be considered as guides, not definitive statements,
and that each case has to be considered in detail. This will almost invariably require
extensive computer analysis, including the effects of forward flight and rotor couplings
which may result from non-linearities in the rotor system.
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AEROELASTIC CONSIDERATIONS IN THE DESIGN OF HIGH SPEED ROTORS /;Z__/

Wen-Liu #Miao
and
Robert ‘H. Blackwell

Sikorsky Aircraft Division
United Technologies Corporation
Stratford, Connecticut 06602
U.S.A.

Summarz

The high speed requlrement dictates that the rotor :design be simple and Clean. Elimina-
tion of blade articulations as well as pitch bearings and lag dampers is emerging as a
candidate technology for such a rotor.

The resulting bearingless type rotor design has to deal with the question of rotor stabil-
ity and the coupled rotor/alrframe stablllty The merits of the stiff-inplane design
versus the soft-lnplane design in 1light of the stablllty 1ssues are discussed. The
phllosophy of introducing blade bending torsion couplings to improve stability character-
istics is substantiated.

As vibration potential increases with airspeed exponentially and may become a limiting
factor to the speed achievable, reducing vibration should be an integral part of the
aeroelastic considerations for high speed rotor. Parameters that can reduce vibrations
are discussed generically. Sensitivities of vibration are shown for blade bending and
torsion stiffnesses, mass distribution, frequency and mode shape.

List of Symbols

AapPROX induced inflow parameter,
%9 [Ji"ﬂﬁ 1]

c = blade choxd

cdo = profile drag coefficient

Cp, = rotor lift coefficient, L/nR2p(QR)2

£ = aircraft equivalent flat plate area

H = vertical distance from fuselage center to junction of
fuselage and main rotor pylon

AH = vertical distance from rotor hub to junction of fuselage
and main rotor pylon

i = mode number

IF = body rotor interference factor, (AL/R)/(AH/H)

KB = total flap hinge spring rate at 0=0

Kpb = flap spring rate at blade root

Kﬁh = flap spring rate at hub

K€ = total lead-lag hinge spring rate

Kgb = lead-lag spring rate at blade root

KCh = lead-lag spring rate at hub

L = airload

AL = horizontal distance from the fuselage nose to the main
rotor hub

p = non-dimensional flatwise frequency

r = blade radial coordinate

R = rotor radius

R = variable elastic coupling parameter, Fig. 2

XAC = blade chordwise aerodynamic center
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Xog = blade chordwise center of gravity

*g = rotor shaft angle, positive for rotor tilted aft
Bs-g = built-in flexbeam-to~hub cone angle

Bar-B = built-in blade-to-flexbeam cone angle

Y = Lock number

Span = blade tab deflection, positive for trailing edge up
6 = blade pitch angle

0p.m = built-in flexbeam-to-hub pitch angle

051,-B = built-in blade-to-flexbeam pitch angle

e§ = blade pitch-lag coupling

p = air density

c = rotor solidity

w = frequency

Wyg = blade first flatwise mode frequency

Wy = blade first edgewise mode frequency

Ec = non-dimensional blade edgewise frequency

wg = blade torsion frequency

Q = rotor speed

Introduction

There is a continuing need to advance rotor system technology and develop better rotor
systems. With the advancements in recent years in the areas of design technology, analy-
tic methodology, material science and technical knowledge in rotorcraft aeroelasticity,
the stage is set for a renewed assault on the design of the high speed rotor.

For efficiency at high speed, a rotor design should be simple and aerodynamically clean.
Modern rotors certainly are heading in that direction. In recent years, articulated
rotors have evolved from three separate hinges in pitch, flap and lag to one coincidental
"universal joint". The best example is the elastomeric bearing first used in the rotor
system of the U.S. Army/Sikorsky BLACK HAWK helicopter. Westland eliminated both the flap
and the lag hinges making a hingeless rotor while retaining the pitch bearing and the lag
damper on their WG30. MBB went a step beyond and successfully produced the BO-105 which
has a hingeless rotor without a lag damper. Boeing Vertol, after their hingeless rotor
YUH-61A entry to the UTTAS competition, developed a Bearlngless Main Rotor (BMR) ach1ev1ng
elimination of the flap and the lag hinges, the lag dampers as well as the pitch bearing.

Although bearingless rotor designs had been employed successfully for years, notably on
the tail rotors of the BLACK HAWK and the 5-76 hellcopter, the BMR was the first main
rotor application. The successful flight demonstration of the BMR under the sponsorsh1p
of the U.S. Army Applied Technology Laboratory (AVRADCOM) kindles the renewed effort in
designing a simple and clean high speed rotor.

This paper addresses two fundamental issues that the dynam1c1st or the aeroelastician
faces during the conceptual design stage: stability and vibration. In these two areas,
the rotorcraft community has made great strides in terms of gaining fundamental under-
standing in recent years. Based on this analytical, experimental and flight test know-
ledge, judgments can now be made to provide some logical design criteria for a bearingless
type of rotor design.

Rotor Stability Considerations

The very first consideration for a bearingless type of rotor design is the choice of the
blade first edgewise mode frequency. With the frequency above 1/rev (or stiff-inplane) it
is well known that this type of rotor will not have the problem of coupled rotor/body
aeromechanical stability (otherwise known as ground resonance if on the ground, or air
resonance if in the air). However, a stiff-inplane rotor has its share of rotor aero-
e'astic stability concerns as discussed thoroughly by Ormlston and Hodges!. Figure 1,
taken from Reference 1, shows that the soft-inplane rotor is more stable in terms of
flap-lag stability than the stiff-inplane design.
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The st:(.ff-lnplane rotor stability is also very sensitive to the elastic bending-torsion
coupling resulting from the difference in the flatwise and edgewise bending stiffness
(often referred to as the AEI coupling). This elastic coupling is a function of the
radial location of the blade pitch bearing with respect to the blade bending element. A
pitch bearing that is outboard of the blade bending element will have zero coupling while
an inboard pltCh bearing will have the full coupling. Ormiston! used an R factor to
denote the relative distribution of the bending flexibilities inboard and outboard of the
pitch bearing. The definition of the R factor is shown Schematitally in Figure 2. The R
factor equals zero for all the bending flexibility inboard of the pitch bearing. With all
the bending flexibility outboard of the pitch bearing, the R factor equals one. For a
typical bearingless rotor design, the R value falls between zero and one. Figure 3, taken
from Reference 1, shows that for the stiff-inplane rotor, depending on the elastlc
coupling or the R factor, the rotor has an unstable region at high collective pitch
angles.

UNSTABLE
5 > YI7INTIVA
O STABLE
A-
s R=0.0 0.1 02 03 |53 04 [ 05
3 > S
= >
@
w
2 e "% N l
2 2 YT TN .dl“li» '.....'l“l]..-.‘ AOLD T
X
2 p= Va7
o
1 ¥ =50
Cg,= 0.01
0 =0.05, AAPPROX
Y T T T T Y T Y T T 1
9 1.0 1.1 1.2 13 14 1.5 16 1.7 1.8 19

INPLANE FREQUENCY, TJ;

FIGURE 3. STIFF INPLANE ROTOR STABILITY IS SENSITIVE TO ROTOR COUPLINGS.

Introducing pitch-lag kinematic coupling changes stability characteristics of the stiff-
inplane rotor drastlcally for different R values. Figure 4, taken from Reference 1, shows
that for the stlff—:.nplane rotor with an edgewise freguency ratio of 1.4, the pitch-lag
coupling that eliminates the '.mstab:.llty at one R factor will destabilize the blade at
another R value. While for the soft-inplane configuration (edgevwise frequency ratio of
0.7), there exists some type of pitch-lag coupling which will cause the rotor stability to
be relatively independent of the R value.
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FIGURE 4. SOFT INPLANE ROTOR IS LESS SENSITIVE THAN STIFF INPLANE.
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To summarize, although a stlff-lnplane rotor offers freedom from coupled rotox/body
aeromechanical 1nstab111ty, it has other aeroelastic instability concerns of its own. On
the other hand, it has béen shown that a soft-inplane rotor can be designed so that it has
favorable stability characteristics, ‘e.g., Reference 2. In addition, as shown in Figure
5, a soft-inplane rotor has generally less forced response compared to the stiff-inplane
case. A practical frequency range for design is a compromise between the forced response
and damping required for stability, and as. shown in Figure 5, the frequency range is
around 0.7/xev for the soft-inplane design. The ultimate selection of rotor 1np1ane
frequency will depend on detailed analysis. However, based -on rotor stablllty and. its
sensitivities to rotor couplings consideration, the soft-inplane design is preferred.

8.0 = L id
l /1
[ FORCED . / \
| \,/ RESPONSE ;1
60 DAMPING :
: REQUIRED / \
NON- \ / \
DIMENSIONAL \ / \
AMPLITUDE
\ /
4.0 \ /
\ /
\\ -—
204 —
0 T T
0 5 1.0 1.5 2,0
TARGET FREQUENCY w/Q

FIGURE 5. CHO!CE OF INPLANE FREQUENCY DEPENDS ON DAMPING
REQUIRED AND FORCE RESPONSE CONSIDERATIONS.

Rotor/Body Stability Considerations

The coupled rotor/body aeromechanical stability of a soft~inplane bearlngless or hingeless
rotor has been explored quite extensively durlng the past ten years? As discussed in
Reference 3, the prlmary source of damping in the aeromechanical stablllty mode for the
rotoxr w1thout aux111ary inplane dampers is aerodynamlc flap damping. Figure 6, taken from
Reference 3, illustrates the inherent damping available as a function of flatwise fre-~
quency ratio. Two facts become obvious. First, the choice of flatwise frequency will
affect the available damplng Figure 6 suggests that, from the standpoint of aeromechan-
ical stability, it is desirable to have the flatwise frequency as high as possible in
order to maximize the potential inherent stability of the coupled rotor/body system.
This, in general, will be in conflict with other reguirements such as that of low gust
sen51t1v1ty Designing a rotor with high flatwise frequency to maximize the available
damping for the sake of aeromechanical stability must be weighed against other attributes
of the helicopter such as handling qualities, weights etc.
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FIGURE 6. SOURCE OF DAMPING FOR AIR AND GROUND RESONANCE.
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Because of the importance: of the flatwise motion, a means of inducing favorable flatwise
‘response dinto the aeromechanical. stablllty mode, which consists of primarily the blade
inplane motion with body par: 1c1pat10n, is of utmost importance. The more favorable the
flatwise response, the more. stable the coupled rotor/body system. The key to a successful
high speed rotor design with a soft-inplane bearingless type rotor is then to incorporate
favorable couplings to capitalize on this damping source.

There are many design parameters that can be utilized to introduce couplings into the
rotor systen. Rotatlng the blade cross sectional principal axes, flatwise and edgewise,
about the spanwise pitch .axis §o that they .do not coincide with the inertial akes is one
direct way of introducing flatwise and. edgew1se coupling?. For a bearlngless type of
rotor, this can be accompllshed by introducing a flexbeam-to-hub pitch angle and/or
blade-to-flexbeam pitch angle. A Froude scaled model of the rotor design reported in
Reference 2 was tested for aeromechanical stability with this parameter variation.

The test data shown in Figure 7, taken from Reference 8 test report, are for two configu~
rations. ' Although both conflguratlons had a resultant blade pitch angle of 9.6°, one
configuration achieved this with a beam-to-hub pitch angle of zero and the blade-to—beam

pitch angle of 9.6° while the other configuration had a beam-to-hub pltch angle of 12° and

the blade-to-beam pitch angle of -2.4°. The latter configuration 1ntu1t1ve1y possesses
more flatwise and edgewise coupling than the former, and, as the test data in Figure 7
show, it is considerably more stable.

MODEL BMR TEST DATA
4
fgy =0° BpL-B~24°
i Wigrg =W wypyq =682
o 0p-h =120
g NOSE
E 2F up
5 fpL—B *—2.4°
k3 N QRO
s 1k 0L~ > 96 A
£ 051 =0° @
a B-H ki
] =
a op L L H 1 » 1
= 600 800, 1000 1200 1400
e MODEL RPM
>
w-1r
-2
1 1 L ! ! 1 )
300 350 400 450 500 550 600

EQUIVALENT FULL SCALE ROTOR SPEED, RPM

FIGURE 7. EFFECT OF BEAM-TO-HUB PITCH ANGLE ON SYSTEM STABILITY.,

Since the flatwise and edgewise motion can be 1nd1rectly coupled through torsion (or
pitch), pitch-flap and pltch-lag couplings also have impact on stab111ty. A sample of the
latter's effect on stability was shown in Figure 4 earlier. Design parameters such as
precone, or beam-to-hub cone angle, and droop, or blade-to-beam cone angle, orient the
blade pitch axis in space and therefore directly determine the magnitude of pitch-flap on
pltch-lag coupling. This is because the perturbatlonal forces acting through the steady
vertical offset and the steady forces acting through the perturbational vertical deflec-
tion are flap or lag originated, as shown schematically in Figure 8. A similar conalusion
can be drawn with respect to the parameter of blade-to-beam sweep angle. Test data shown
in Figure 9, also taken from Reference 8, show that a configuration with zero beam-to~hub
cone angle is more stable than the conflguratlon with the beam coned up at the hub. This
sensitivity is consistent with that reported in Reference 3. With blade pitch motion
contributing to the coupling, it is obvious that control system stiffness will also be an

important design consideration, as is the location of the pitch arm and pushrod attachment
point.

In summary, a successful high speed rotor of the bearlngless type design should have
beneficial blade pitch-flap-lag couplings(s) 1ncorporated in order to achieve inherent
aeromechanical stablllty. Design parameter; to be considered are: beam flatwise stiff-
ness, beam edgew1se stiffness, control system stiffness, location of pitch arm and pushrod
attachment point, beam-to-hub pitch angle, blade-to-beam pitch angle, beam-to-hub cone
angle, blade-to-beam cone angle, and blade-to-beam sweep angle.
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FIGURE 9. EFFECT OF BEAM-TO-HUB CONING ANGLE ON SYSTEM STABILITY.

Factors Affecting Vibration

Having achieved a stable design for the high speed rotor, one's attention will turn to the
minimization of vibration. Vibration has been one of the prime causes limiting the speed
achievable by the helicopter. There are basically three areas that need attention. First
is the airframe dynamics. Theoretically, it is possible to design an airframe such that
it will produce a minimum amount of forced response. This can be done either by designing
an airframe with sufficient frequency separation of the natural modes from the forcing
fequency or by introducing modal cancellations. Neither of these are achieved during the
normal course of design and development process. The resulting hub impedance will have a
definite impact on the vibration characteristics of the helicopter. Viswanathan and
Myers® showed that, by tuning the rotor-pylon mounting impedancé, a 75% reduction in the
vertical hub shear could be achieved. Flight test results for eight different pylon
configurations reasonably confirmed this prediction®. Airframe dynamics, in general, will
have large impact on the helicopter vibration; however, a full discussion of this is
beyond the scope of this paper.
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The second area involves the rotor and airframe interference. As pointed out by
Landgrebe, Moffitt and Clark!®, with earlier generations of. rotorcraft, neglecting. the
airframe effect on the rotor flowfield was not critical primarily because the rotor and
airframé were well separated. Those authors defined an interference factor as the ratio
of the length of the airframe forward of the hub center (nondimensionalized by the rotor
radius) to the height of the rotor hub from the junction of the fuselage .and main rotor
pylon .(nondimensionalized by thé vertical distance from the fuselage center to the junc-
tion of the fuselage and main. rotor pylon). The UH-1H has an interference factor of 0.36
while the YUH-61A has a value of 2.8. Figure 10, taken from Reference 10, shows ‘the
calculated effect of the airframe on blade section angle of attack dlstrlbution at 30%
radius. Clear is the pronounced third harmonic content in the increment representing the
body induced effect. The resultlng vibratory loads are significant. This airframe
aerodynamic efféct has attracted quite a bit of research activity!!’!Z, but again, a full
discussion is beyond the scope of this paper.

The third area deals with the rotor dynamics. Since the main rotor is the prime source of
vibration, reducing helicopter vibration by attacking its source has been an attractive
idea for many years. Rotor dynamics are affected by parameters such as blade bending
stiffness, torsional stiffness, mass distribution, chordwise cg-ac offset etc. Although
these parameters have been examined by many researchers over the years, new 1n51ghts were

gained in recent years both by analysis and by test!3~15. These are discussed in more
detail in the next section.

ANGLE
OF ATTACK ,
a, DEG

15— V= 80 KNOTS
ROTOR r/R=0,3

EFFECT
OF BODY

J I 1
0 100 200 300 400
AZIMUTH ANGLE , DEG

FIGURE 10. BODY EFFECT ON ROTOR ANGLE OF ATTACK DISTRIBUTION.

Vibration Considerations

Designing a rotor for high speed flight and low vibration is 1ndeed a challenge. First,
it is well known that the osc1llatory components of blade lift increase qulckly w1th
airspeed. Older generation helicopters apparently produced fairly tolerable vibration
without the vibration control treatment used in current aircraft (e.g. blfllars, absor-
bers, 1isolated transmissions and active control systems) The difference is that cruise
speeds of 100 knots or less were used. Second, the hingeless rotor which offers advan-
tages in terms of simplicity and low drag tends to aggravate vibration by virtue of the
moments applled to the hub. The dynamicist will be further challenged to produce blades
with low inherent vibration because approaches involving various hub absorbers (bifilars,
pendulums, etc) and even attempts to increase rotor-fuselage separation may be ruled out
by their aerodynamic drag implications in high speed flight.

In order to meet this challenge, rotor blades will have to be opt1m1zed from a structural
dynamlcs standpoint. As pointed out in Reference 13, vibration considerations have not,
in general, played a strong role in shaping current rotor blades. Blade design has been
based more on strength, weight and aerodynamic considerations. Except to separate blade
natural frequencies from harmonics of rotor speed, the dynamicist has provided little
clear guidance to the blade designer. Vibration, if it has turned out to be troublesome,
has been attacked by changing fuselage dynamics or adding vibration absorption devices.

This situation stems from a lack of systematic data describing the vibration effects of
individual blade parameters and from difficulties in reliably predicting vibratory hub
loads with state-of-the-art aeroelastic response analyses.

This situation must change if the low vibration high speed rotor is to become a reality.

Indeed several manufacturers and universities have begun concentrated work in the area of
blade design for low vibration!3-16
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In .the paragraphs which follow, the design of a low vibration high speed rotor will be
considered by examining the roles of several key design parameters. The réview will be
based on recent analytic investigations and on model and. full scale test results. Where
possible preferred design choices will be suggested and issues remaining to be considered
will be highlighted.

Number of Blades -~ Once the type of rotor system is selected, the next most important
decision affecting vibration is the number of blades. The number is based on a tradeoff
involving such factors as cost, performance, ballistic sSurvivability and noise. From a
vibration standp01nt, it is generally accepted. that more blades will produce lower vibra-
tion. Recent 51korsky models have borne this out as the four-bladed UH-60A and S-76
devote about 2% of gross weight to v1bratlon control, whereas the six-bladed CH-53D and
the seven-bladed CH-53E employ no vibration control hardware. .

The beneficial effect of increased blade number follows directly from the fact that the
magnitudes of the harmonic airloads decrease with the number of the harmonic. Figure 11,
for instance, shows the magnitiudes of the harmonic airloads measured at the three~guarter
radius p051t10n of a CH-53A blade (Reference 17) As shown, the magnitudes of the airload
harmonics fall off dlrectly with harmonic number. Insofar as the n-1, n and n+l harmonic
airloads produce vibration on an n-bladed rotor, Figure 11 suggests that five or more
blades should be used for rotors which are to operate at high advance ratio. As advance
ratios of 0.4 and 0.5 are approached, five or more blades may become a requirément for a
successful low vibration rotor.

25y

%1-_- = 0,085,

151

AIRLOAD AT .75R, LB/IN.

ADVANCE RATIO, U

FIGURE 11. MEASURED BUILDUP OF CH-53A BLADE LOADS WITH ADVANCE RAT!O.

It is worthwhile to point out that the choice of the number of blades should be made in
conjunction with the selection of blade mode frequencies. This issue is illustrated in
Figure 12. Shown in the flgure are typlcal blade and rotor mode frequenc1es for articu-
lated rotors and the excitation frequenc1es which produce vibration on n-bladed rotors.
The obvious rule should be to avoid proximity of the n-1, n and n+l harmonics from as many
blade modes as possible. As an example, a six-bladed rotor with first edgew1se and
torsion modes below 5/rev would appear to warrant cénsideration during preliminary design.

Bending Stiffness - The selection of blade bending stiffness is important for two reasons.
First, the stiffness, along with the mass distribution, determines the placement of the
bendlng mode frequencies. Second, the bending stiffness at the root of the blade deter-
mlges theteffectlve hub offset whlch has a controlling influence on vibratory root shears
and moments.

In de51gn1ng for high speed fllght, the conventional practice of separating blade mode
frequencies from rotor speed harmonics will become 1ncrea51ngly important as the magnitude
of ehe.harmonlc forces increases with advance ratio. In addition to av01d1ng rotor speed
harmonics, the optimal choice of blade bending mode fregquencies for minimum excitation
should be cons.dered. The advent of composite materials allows stiffness values to be
selected which were not practical with metal blades. With regard to effective hub offset,
soft root flexures in the flatwise and edgewise directions will minimize the moments
transmltted to the hub. The issue here will be to produce a low offset arrangement which
1@ viable from a structural standpoint and which satisfies aeroelastic stability con-
straints.
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FIGURE 12, CRITERIA FOR SELECTING NUMBER OF BLADES AND
BLADE MODE FREQUENCIES.
Spanwise Mass Distribution - Refercnces 13 and 14 explore the effect of blade spanwise

mass distribution on the vibratory forces applied to the hub on an articulated rotor.
Reference 14 demonstrates that significant reductions in root forces can be achieved by
changing the spanwise mass distributien. The mechanism outlined is that the mass distri-
bution alters the bending mode shapes in such a way as to reduce generalized airloading at
particular rotor harmonics.

Figure 13, taken from Reference 14, illustrates the change in flatwise mode shapes pro-
duced by adding a 10 1lb tip mass to an S-76 rotor blade. It is shown that these small
changes can make the mode shape much more orthogonal to the airload diskributions present
at particular forcing frequencies. Figure 14, also from Reference 14, shows the predicted
vibratory hub loads reductions to be achieved with the tip weight. The change in the mode
shape of the first two flatwise modes has substantially reduced the 4/rev vertical root
shear associated with these modes.

——ADDED TIP WEIGHT
~-=BASELINE
1.0

05 /77N

-0.5 =/

05}

NORMALIZED MODAL DEFLECTION

05|

0 20 40 60 80 100
PERCENT BLADE SPAN

FIGURE 13. EFFECT OF 10LB TIP WEIGHT ON
S-76 BLADE FLATWISE MODE SHAPES.
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FLATWISE MODE

FIGURE 14. PREDICTED CHANGE IN 4 PER REV ROOT VERTICAL SHEAR
CONTRIBUTION OF EACH FLATWISE MODE.

Reference 13 considered adding mass to the UH-60A blade. 1In that case, the analysis
predicted that mass added at midspan would reduce vibratory hub loads. Figure 15, taken
from Reference 13, illustrates these results. Clearly the best mass distribution depends
upon the other properties of the blade and the flight condition. It is premature to
speculate on what types of mass distribution will be appropriate to a given high speed
rotor blade, but the results illustrated above suggest that this is a parameter which may
afford significant vibration benefits.
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FIGURE 15. PREDICTED EFFECT OF ADDING 10 LB CONCENTRATED MASS ON
UH-60A VIBRATORY HUB SHEARS; V=145 KN, L= 17,5000 ib.
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Blade Chordwise Center of Gravity to Aerodynamic Center Offset - Chordwise offset of the
c.g. and a.c. can be expected to produce coupling between torsional and flatwise bending
response. Ideally, vibratory shear forces applied to the blade (at n/rev, for instance)
would produce a torsional response (at n/rev) which would alter the angle of attack in
such a way as to null the original airload. Provided this coupling can be arranged
without compromising aeroelastic stability, it should be an effective means of reducing
vibratory hub loads. Reference 18 predicted that significant (3 to 1) reductions in
vibratory root shear could be produced by blades having chordwise c.g.s. in the region of
18 to 20 percent chord and blade torsional frequencies placed near the excitation fre-
quency. Analytic results presented in Reference 13 appear to confirm the potential
benefit of this coupling. Figure 16, taken from Reference 13, depicts the predicted
reduction in 3/rev vertical vibratory shear on a UH-60A blade operating at 145 knots.
With a c.g. five-percent of chord forward of the a.c. and the torsion frequency placed
close to 3/rev, 45 percent reductions in 3/rev shear are predicted.
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FIGURE 16. PREDICTED EFFECT OF CHORDWISE CG - AC
OFFSET ON UH-60A VIBRATORY HUB SHEARS;
V=145 KN, L= 17,500 LBS.

Introducing this coupling embodies a certain amount of risk. In addition to stability
considerations, its effectiveness for reducing vibration over a range of flight condi-
tions, the resultant control loads and the effect on performance and handling qualities
will have to be considered. 1If it can be made to work, however, this approach could
provide passively some of the vibration reduction benefits sought through higher harmonic
control systems.

Blade Twist - Blade twist affects vibratory hub loads in two ways. First, the twist
alters the basic airloads applied to the blade. Second, twist increases the coupling
between flatwise and edgewise response. Linear aerodynamic theory shows that blade
flatwise airloads at 2/rev, 3/rev and 4/rev include components which are proportional to
twist angle times advance ratio squared. (See Reference 19, for example). It is further
believed that the advancing tip of a high twist blade experiences impulsive lift, drag and
pitching moment due to a negative angle of attack and that this impulse translates into
increased higher harmonic blade response and increases vibration. Conclusive data,
however, are scarce. Analytic results reported in Reference 13 showed no clear trends of
vibratory root forces with changes in twist. Figure 17, taken from Reference 13, shows
results for a UH-60A rotor operating at 145 knots and 175 knots.

The vibration implications of twist on the high speed blade are, therefore, uncertain.
Because the answer may depend upon the details of the advancing tip loading which is
difficult to model analytically, the final decision may have to be based on model or full
scale rotor tests.
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FIGURE 17. PREDICTED EFFECT OF TWIST ON VIBRATORY ROOT SHEARS.

Tip Sweep - Tip sweep alters vibration in two ways. First, sweep changes the lift and
drag forces at the tip which are important sources of blade mode excitation and second,
sweep may alter the blade dynamic twist, thereby changing airloads all along the blade.
The concept of using sweep (and airfoil characteristics to be discussed next) in conjunc-
tion with blade torsional properties to control blade dynamic twist was studies in Refer-
ences 20 and 21. It was predicted that tip sweep in conjunction with low torsion stiff-
ness would favorably affect vibration. Model test results from Reference 21 showed

benefits for both reduced and conventional stiffness blades. Figures 18 and 19, taken
from Reference 13, illustate the reductions. These results were measured on an arti-
culated model. The mechanism suggested in Reference 13 is that torsional response pro-
duced by the airloads at the tip produced a general smoothing of the vibratory flatwise
excitation. The response of each of the first three flatwise modes was reduced. Such a
mechanism would apply equally well to bearingless blades. Based on these results and the
inherent performance advantages of swept tips at high Mach numbers, tip sweep appears to
be a valuable element for the low vibration high speed rotor. Because the test results
above showed vibration reduction for both soft and conventional torsional stiffness
21ag§s, the role of torsional repsonse is not completely clear and should be considered
urther.
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Airfoil - Airfoil pitching moments, like tip sweep, produce a dynamic twisting of the

ade which can introduce higher harmonic airloads. The Aeroelastically Conformable Rotor
Work discussed in Reference 21 predicted a trend for reduced vibratory hub loads on blades
which had tabs deflected to produce noseup section pitching moment relative to that of a
baseline cambered airfoil. Apparently the change in advancing blade twist produced by the
tab deflection altered that angle of attack distribution on the advancing blade in such a
way as to minimize fluctuations in high Mach number pitching moments. The resulting
elastic twist and flatwise airload time histories were smoother. Model test results
presented in Reference 21 and reproduced as Figures 20 and 21 confirmed that the reduced
camber (noseup section pitching moment) caused a reduction in the vibratory forces applied
to the model rotor hub.

These results suggest that the airfoils to be used on future-generation high speed rotors
should be scrutinized for their impact on vibration. There will likely be a tendency to
employ a more highly cambered airfoil inboard on the blade to achieve the high ¢
values necessitated by hiyh speed flight. The torsional response and the angle of atwaﬁ
fluctuations produced by the airfoil should be considered in the selection process.
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Concluding Remarks
The prevailing design philosophy for avoidance of aeroelastic instability of the rotor- ]
craft has been to avoi@ frequency coalescence and modal coupling. In addition, lag !
dampers are used to provide sufficient damping in the edgewise direction. With increased
understanding in the physical nature of the rotor system stability, the design philosophy
is changing to the one that introduces coupling deliberately among blade bending responses
in two planes and blade torsional response. This incorporation of beneficial couplings

\ provides a greater freedom in the design of a bearingless type rotor, the most likely

candidate for a high speed rotor. Also, the understanding of the physics of the stability
phenomena enables the designer to eliminate the lag damper, a definite plus in the per-
5 formance consideration of a high speed rotor.

-
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Recent research indicates vibration can be reduced by control of elastic twisting either
through aerodynamic design or through incorporation of blade couplings utilizing blagde
stiffness and mass distributions as well as tip shapes. Although the studies performed to
date have addressed the articulated rotor, the results should be applicable to the
bearingless rotor as well., Of course, the need to quantify these sensitivities for the
bearingless rotor does exist. A more important question that needs to be answered is "Are
the couplings that are desirable for vibration reduction are also beneficial in terms of
f stability?".
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ANALYSE PREVISIONNELLE DU COMPORTEMENT
AEROELASTIQUE DES ROTORS ARRIERE

par
G. GENOUX et G, BLACHERE
Société Nationale Industrielle Aérospatiale
Marignane Cédex
13725
France.

RESUME

Une connaissance relativement précise du comportement aéroélastique des rotors d’hélicoptéres est
nécessaire pour les dimensionner au mieux et avec le maximum de-sécurité.

Dans le cas des rotors arriére, la prévision de leur comportement est complexe en raison de I'environne-
ment dynamique, aérodynamique et de leurs conditions particuliéres de fonctionnement (plage de pas,
vrillage important, régime,...).

La représentation compléte du comportement du rotor anticouple et de la structure hélicoptére est trés
difficile 8 modéliser au stade prévisiorinel'; aussi |'approche consiste-t-elle, malgré des limitations inhé-
rentes a cette démarche, a créer un ensemble de modeles spécialisés, adaptés aux types de rotors étu-
diés, de taille raisonnable et permettant une.analyse prévisionnelle des problémes les plus importants.
Ce papier décrit certaines méthodes utilisées a I'Aérospatiale pour I'étude et la mise au point aéroélasti-
que des rotors arriere, ainsi que leur application a différents concepts (rotors articulés, rotor a lame,
fenestron).

NOTATIONS

Qge Régime de rotation du rotor principal

Qra Régime de rotation du rotor arriére
Nombre de pales du rotor

n Numéro d’harmonique

Wy Fréquences propres du fuselage

WRai Fréquences propres du rotor arciére

wy Fréquence fondamentale de trainée

Wro Fréquence fondamentale de torsion

Rayon du rotor
)} Diamaétre du rotor
c Corde de la pale
© Pas au manchon
Oozr Pas a4 0,7R
a Amortissement modal réduit
X
d

g Centrage en corde de la pale
Déport du balancier

ao Conicité
ap Basculement du disque
Cz Coefficient de portance
Cmo Coefficient de moment a portance nulle
C; Coefficient de traction
Co Coefficient de trainée
T Densité de l'air
M Nombre de mach

Moy Mach de divergence
Variable temporelle
(x, y. z) Triédre de référence du rotor
x direction longitudinale de I'hélicoptére
y direction latérale de I'hélicoptére
z direction verticale de I'hélicoptére
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1. INTRODUCTION:

Bien que la fonction a assurer soit plus simple qué pour les rctors prinCipaux, lesrotors arriere donnent
naissance a de nombreux problémes aéroélastiqués, certains analogues a ceux des rotors principaux et
d'autres spécifiques dus & un effet d’échelle, aux technologies utilisées, aux conditions de fonctionne-
ment (plage de pas importante, régimes élevés), a.des liaisons cinématigues particuliéres (liaison K)...
Par ailleurs I'environnement aérodynamique et dynamique des rotors arriére est relativement complexe
et rend trés difficile au stade de la conception une modélisation compléte et générale de leur comporte-
ment aéroélastique. 4

Aussi, notre approche consiste a créer des modeles spécialisés adaptés aux types de rotors étudiés, de
taille raisonnable, en tirant parti de notre expérience propre et de celle d'autres constructeurs.
Aprés une description des différents concepts développés par I’Aérospatiale que ce soit au titre de la
série ou d'une évaluation “recherche”, nous rappellerons brigvement les méthodes de calcul- utilisées
pour la détermination des caractéristiques propres (fréquences, amortissement)-du rotor isolé ; les cri-
téres généralement retenus pour le positicnnement des fréquences propres seront indiqués ainsi que
certaines instabilités ayant fait I'objet .d'une étude particuliére et/ou d'essais.

Ensuite, sera abordé le difficile probléme de I'étude des vibrations forcées (réponse et stabilité aéroélas-
tique) pour le rotor en vol d'avancement, bien que d’expérience cette configuration ne soit pas critique
dans I'étude d'un rotor arriére.

Une derniére partie traitera des couplages entre le rotor et la structure et sera illustrée par quelques ins-
tabilités typiques de I'hélicoptére.

2. LES CONCEPTS DE ROTOR ARRIERE

Comme pour les rotors principaux, de nouvelles technologies sont apparues pour les rotors de.queue
d’'hélicoptére. .

Durant les dix dernieres années |' Aérospatiale a étudié différents concepts de rotor pour équiper des
appareils dans la gamme 2T, 4T ou 8 tonnes.

Tous ces rotors ont un point commun qui est l‘utilisation des matériaux composites permettant une
meilleure optimisation aérodynamique et dynamique, ainsi qu‘une grande simplification du moyeu par
la suppression de tout ou partie des articulations mécaniques classiques.

Les caractéristiques générales des différentes formules évaluées qui serviront a illustrer certains problé-
mes aéroélastiques sont présentées fig. 1.
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Pour-la gamme des appareils de.2T, trois types de-concepts ontété examinés, différant essentiellement
par-leur mode-de liaison au mét (encastré; semi encastré, balancier).

Il s'agit-de rotors-a lame bipalé constitués d’une.lame en verre souple en flexion.et en torsion, liant 2
pales: opposées ; la commande de pas-pour contrdler la portance du rotor se-fait par I'intermédiaire
d'uné manchette s’appuyant sur 2 paliers localisant I'axe de pas et |articulation.de battement.

La version-balancier a.été développée pour une application sur I'’Ecureuil” ; les deux autres, dans.-un
cadre. recherche en utilisant les mémes pales pour réduire les:colts de développement. !
Certains-détails de montage sont indiqués fig. 2, 3'et 4 pour les versions “semi encastré” et en “balan-

cier”.
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¢ Classe 4T

La solution.de rotor afriére, caréné par une veine structurale et baptisée “Fenestron” a été adoptée
pour la premiere fois-en 1968 sur. 1a SA 341 Gazelle en lieu-et place du rotor arfigre classique.
Depuis, cette solution a été reconduite sur plusieurs appareils-de I'Aérospatiale, compte tenu de:son
intérét'sous |'aspect sécurité au sol ou prés du sol, avec des améliorations notables par rapport 3 la défi-
nition intiale, en particulier sur le rendement:-aérodynamique en vol stationnaire et le-devis de masse ;
ces gains étant dus pour une large part a I'utilisation des matériaux composites.

La philosophie-générale qui se dégage des travaux effectués a I'Aérospatiale, tend & montrer que cette

solution est intéressante pour les machines de faible et moyen tonnage jusqu'a 6 T environ. C'est donc

la solution qui a été retenue pour I'AS 365 N,.

-Dans ce cas lesrotor est constitué-de-11-pales ; chague pale comporte un longeron en Keviar-qui se-pro-

longe dans la zone centrale du moyeu, par un faisceau bobiné assurant la reprise des efforts centrifuges
et dont la souplesse en torsion permet la commande de pas.

Le pied de pale quand a lui, est encastré sur un double palier autorisant la commande en pas et équili-
brant les moments de flexion.
L'iliustration de ce concept est donnée fig. 5, 6 et 7.
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13
Pour les appareils de tonnage -plus.important, le probleme de la sécurité au sol se pose moins en raiscn {
de-la position: generalement trés surélevée-du rotor arriére,ce qui réduit en outre I'inclinaison- latérale :
de I'appareil qui & tendance 3 augienter avec Ie tonnagde, toutes-choses égales par ailleurs. g
Aussi, I'Aérospatiale a-t-elle poursuivi également ses recherches-sur les rotors classiques. -
Pour cette classe d'appareil, trois-types de‘rotor ont été developpes. i
L'un d’eux, un rotor classique avec des articulations mecamques (pas, battement) comprend cmq pales ]
de technologie composite et a été choisi dés.I'origine pour équiper I'AS 332 (Fig. ‘8). i

Les deux autres ont été développés a titre recherches ; il s'agit :

- d'un rotor quadripale utilisant comme élément souple en battement et en torsion, une lame en fibres
de verre unidirectionnelles (fig. 9 et 11),

- d'un rotor quadripale “'Triflex"’ dont I'élément torsible est réalisé & partir de filaments de verre noyés
dans un élastomeére polyuréthane ou silicone (fig. 10 et 11).
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3. ETUDE DES CARACTERISTIQUES PROPRES (fréquences, amortissements) DU ROTOR
ISOLE

Une des principales étapes dans la définition d’un rotor arriére consiste en I'étude des caractéristiques
propres (fréquences propres, amortissement) du rotor isolé, c’est-a-dire limité a la pale et au moyeu, en
configuration de vol stationnaire.

En effetla prévision correcte de ces caractéristiques permet :

- le bon positionnement des fréquences a partir d'un certain nombre de critéres.

- d'examiner certaines problémes. de stabilité linéaire du rotor et les couplages.

Avant d'aborder ces deux points nous.préciserons donc les hypothéses concernant ce type de calcul.

3.1. Méthode de calcul

3.1.1. Hypotheses générales

La méthode utilisée a été présentée dans la référence 1 et le lecteur intéressé pourra s'y reporter.
Elle consiste a définir un mode propre comme un des mouvements libres de la pale autour de sa posi-
tion d'équilibre dans I'hypothése des petits déplacements linéarisés.

Le calcul comporte alors deux parties :

- détermination de |'état statique, probléme non linéaire résolu par une méthode d'intégration numéri-
que pas a pas intérative,

- détermination de la pulsation et de I'amortissement de chacun des modes par résolution de I'équation
caractéristique du systéme différentiel linéarisé autour de I'état statique.

Les forces aérodynamiques sont incluses directement dans I'écriture des équations du mouvement des
pales, de sorte que les amortissements sont obtenus directement pour chaque mode, sans qu’il soit
nécessaire comme c'est le cas pour d'autres méthodes d'exprimar le mouvement libre comme une
combinaison linéaire de modes propres calculés dans le vide.

La précision du résultat dépend alors de la discrétisation de la pale et non du nombre de modes retenus
pour caractériser le mouvement.

Le schéma aérodynamique est quasi stationnaire avec utilisation des caractéristiques bidimensionnelles
de profils mesurées en soufflerie (fichier de polaires). Quant a la vitesse induite elle est calculée par la
méthode des anneaux.

Pour la partie dynamique de I'étude, il est également possible d'utiliser des forces aérodynamiques bidi-
mensionnelles instationnaires en fluide parfait.

Chaque consituant du rotor (pale, moyeu, chaine de commande) est discrétisé en éléments pesants du
type poutre hétérogéne sans gauchissement.

Aux extrémités (nceuds) de chaque élément un certain nombre de conditions aux limites portant sur les
déplacement ou leurs dérivées et les efforts peuvent étre introduites (articulations, encastrements,
amortissements, ...).

Les éléments sont repérés dans un référentiel prenant en compte les précalages éventuels (prétrainée,
préconicité, pas,...) et sont décrits par des données locales du type :

- élastiques (raideurs, axes principaux, centre neutre, centre de torsion, centie de cisaillement)
- massiques (masses, centre de gravité, axes d'inertie, moments d'inertie)
- géométriques (loi de vrillage, axes géométriques, évolution de la forme).

3.1.2. Hypéthéses particuliéres

Le modele général décrit précédemment doit étre aménagé pour prendre en compte certains caractéres
particuliers des concepts développés.
Plus précisément, il s'agit :
— sur les rotors a lame

¢ de l'introduction du vrillage important et non linéaire de la partie torsible.

* de l'analyse du systéme hyperstatique en flexion et torsion de la zone interne constituées par la
lame, la manchette, le palier et la chaine de commande.
Pour la torsion le modale tient compte pour la lame de I'équilibre des efforts de cisaillement et des con-
traintes normales (rappel filaire, raccourcissement axial, flexion différentielle).
Par ailleurs le couplage battement/torsion, réduit en raison de la présence du palier, est également
représenté.
Différentes conditions aux limites sont également introduites pour représenter ies montages encastré,
semi encastré et articulé au niveau de la liaison mat-pale, ou i'effet d'une impédance de la structure
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— sur le rotor & élément torsible type Triflex, une analyse similaire a la précédente doit étre faite, mais
avec une modélisation spécifique concernarit le bras souple et intégrant la loi de comportement de cha-
que fil, .

Actuellement les calculs sont faits sans prendre en compte I'élastomére qui intervient peu sur les carac-
téristiques élastiques dans la plupart des configurations ol I'ensemble des fils est tendu.

Quant au calcul de I'amortissement interne, il fait I'objet d'études en cours sur une base semi expéri-
mentale.

— sur le rotor articulé classiqua.type AS 332, la modélisation du-moyeu repose sur une base expéri-
mentale facilitée par le fait qu’il s'agit d’une évolution par rapport & un moyeu existant AS 330 qui a
constitué une bonne référence expérimentale pour prédire les lois de comportement du moyeu AS§ 332.
Cette identification par essais était indispensable, compte tenu du rdle important du moyeu sur la posi-
tion des fréquences propres (voir figure 12) et de la trés grande difficulté d'une modélisation par calculs
de ces éléments et en particulier de la batterie de roulements d’incidence.
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— sur le rotor fenestron, les principes de modélisation sont les mémes que ceux des rotors a lame.
Par contre au niveau de la “casserole’ une modélisation par éléments finis a été faite de fagon a intro-
duire des raideurs équivalentes (en pratique importantes) au niveau des paliers.

3.2. Positionnement correct des fréquences propres

Il s'agit de s'assurer dans la mesure du possible du positionnement correct des fréquences propres du
rotor arriére par rapport aux différentes sources d’excitations et cela sur :

- une plage de fréquence s'étendant de 0 a = 100 Hz pour les rotors classiques et de 0 a = 200 Hz pour
les fenestrons.

- une plage de régime correspondant sensiblement & @, + 20 %.

- une plage de pas relativement importante et caractéristique des rotors arriére de ~ 15° a +356° envi-
ron.
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; Les critéres généralement retenus sont :
* placement correct des modes du rotor arriére (w,e) par rapport aux harmoniques de I'excitation
(kQga) en gardant.une marge suffisante.pour réduire I'amplification due 3 la proximité d'une résonance,
en particulier pour les modes peu amortis ou trés couplés.
] * placement correct des modes g, entre eux pour réduire les couplages aéroélastiques.
e séparation des modes wg,; de :
wg; pour les modes en 'y
| we & Q4 | pour les modes coplanaires (x, z)
2 et en particulier pour les modes fuselage {w¢,) a basse fréquence.
e éviter la proximité du 2Q,, pour les modes wg,; pour minimiser la réponse en 2Q;,, due :
E - aux effets de Coriolis
- a un déréglage du rotor excitant la structure en 1Q;,.
| e séparation correcte des modes wyg,; de :
; Qe + Qg4 pour les modes en y
' nb Q. + Q4. pour les modes coplanaires (x, z)
pour minimiser les réponses aux excitations du rotor principal encore qu’a notre connaissance le seul
phénomene qui puisse apparaitre soit lié a I'intéraction entre les vibrations en b Q;, et une vibration en
Qqa due a un balourd élevé.
* séparation correcte des modes w,,, des excitations aérodynamiques dues aux intéractions comme par
exemple celles induites a petit pas par les bras support de BTA du fenestron et les pales.
L'ensemble de ces exigences est souvent ditficile voire impossible & concilier et un compromis doit étre
: trouvé quine se résume pas seulement a.des.actions sur les caractéristiques du rotor isolé, mais égale-
ment sur celles du moyeu et de la structure.
Nous limiterons donc cette partie, a une présentation des diagrammes de fréquences caractéristiques
des concepts expérimentés avec quelques points expérimentaux mettant en évidence un bon recoupe-

ment calculs-mesures.

-

DIAGRAMMES ROTRS BIPALE ET FENESTRON
1 ' CLASSE 2T CLASSE 4T
‘
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— Evolution des modes propres symétriques et antisymétriques d'un rotor bipale en fonction

des conditions de liaison au moyeu.
—— — Diagramme de fréquences propres d'un fenestron.
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DIAGRAMMES ROTOR TRIFLEX ET ROTOR ARTICULE -gerospatiale’
gﬁ : ROTOR QUADRIPALE TRIFLEX @ % ROTOR ARTICULE (5 PALES ‘
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) ;
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FIG. 14
E
— Evolution en fonction du pas, des modes propres d’un rotor quadripale Triflex.
— Diagramme de fréquences propres du rotor arriére 5 pales, articulé de I'AS 332.
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* 3:3. Etude des instabilités - rotor isolé 13-4
! Le prograrnme de calcul décrit précédemment, et adapté aux différents concepts, permet de traiter les

différents type d'instabilité linéaire qu’on peut rencontrer sur un rotor arriére, car il tient compte implici-

tement de tous les couplages.

§ : Il permet donc de traiter les cas d'instabilité classiques mettant en-jeu-les trois degrés de liberté qui

¥ caractérisent le mouvement de la pale et qui sont fortement couplés par les paramétres de construction

du rotor.

Toutefois, suivant la nature du probléme et afin de limiter les temps de calcul, des modéles simplifiés '
q basés sur une représentation modale d'un nombre réduit de degrés de liberté sont mis en ceuvre pour

faciliter certaines études paramétriques au moment de la conception. )
Il sort du cadre de cette présentation de faire une étude exhaustive des différents types d'instabilité, '
néanmoins il nous parait intéressant de donner quelques indications sur certains aspects prévisionnels
ol le calcul a pu étre validé par I'expérience tel le couplage battement-trainée.

De plus certains problémes qui nous ont paru critiques a la conception, tels le couplage battement-
torsion seront abordés sans pouvoir donner cette identification.

Des remarques seront également faites sur des raisons possibles qui font que les rotors arriére ne ren-
contrent pas certaines instabilités.

3.3.1 Instabilité battement-torsion

Ce probléme s’apparente au flottement des ailes et son mécanisme est bien connu.

s Le mouvement de battement génére des efforts d'inertie et des efforts aérodynamiques qui engendrent
successivement un mouvement de torsion, un vrillage de-la pale, une incidence aérodynamique, des
efforts aérodynamiques, un mouvement de battement, etc.

A technologie donnée, les rotors arriére sont moins sensibles a ce type de couplage que les rotors prin-
cipaux ainsi que le montre la fig. 16, dans le cas de I'’AS 332, en prenant comme paramétres la fré-
quence réduite de torsion et le centrage en corde.
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Expérimentalement ce probléme n’a jamais été rencontré & I'Aérospatiale malgré la diversité des con-
cepts.
Un exemple de cette sensibilité & ce type de couplage est présenté sur les fig. 17 et 18 qui montrent
I'influence des caractéristiques de masse et de raideur de la manchette.-sur les fréquences propres et
I'amortissement des modes d'une des versions étudiées du rotor ““Triflex”.
T
FREQUENCES PRQPRES ROTOR TRlFLEX ’
(ETUDES PARAMETRIQUES) !
t
é
}
:

COUPLAGE BATTEMENT - TORSION
(ETUDES PARAMETRIQUES)
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X4 Y T ) ey sl
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FIG. 18
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§HYPOTHESES DE CALCUL
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s " 3.3.2. Instabilité battement-trainée 13-/2
Les conditions d’obtention de ce type d'instabilité peuvent étre rencontrées sur les rotors arriére “stiff
in plane” en raison de : )
- La position des 2 premiers modes situés en général dans la plage {1 Qga, 2 Qpal
- Le couplage de ces 2 modes par : '
® le pas qui varie sur une plage importante
¢ |es effets de Coriolis battement = trainée
* je vrillage qui ¢t relativement important pour optimiser les performances.
Par ailleurs des termes de couplage supplémentaires peuvent intervenir tels que liaison K, centrage en
corde, préconicité, ... et c’est en général sur ces:termes 13, qu’il est le plus simple de jouer.
Dans le cas de I'AS 332 une étude paramétrique assez large a été effectuée, sur les principaux parame- ;
tres de définition du-rotor lequel pouvait présenter ce risque en raison de :
* Ja souplesse du moyeu rapprochant (a grand pas) les 2 premiers modes (battement et trainée)
o |'effet déstabilisant du vrillage de la pale. ,
Il a été trouvé que compte tenu des différentes contraintes de définition, le paramétre le plus efficace, '
b pour augmenter I'amortissement a grand pas du mode de trainée, était d'avoir une liaison K aussi
réduite que possible tout en restant compatible avec les exigences de résistance en 1 Q en battement.
La figure 19 illustre quelques résultats de calcul issus de cette étude.
: Quant 2 la valeur retenue par la liaison K (K = 0,7}, elle a été déterminée expérimentalement lors |
] d'essais au banc-tournant qui avaient pour but de :
¢ confirmer le positionnement des fréquences propres,
) e mesurer I'amortissement du 2¢ mode & prédominance trainée, en fonction du pas et de la valeur
de la liaison K. | ,
La détermination par essais des fréquences propres s'est faite par : '
* analyse des réponses au croisement des harmoniques lors des montées en régime et des excur-
sions en pas a régime donné,
* analyse spectrale des signaux en excitation naturelle (voir fig. 20). ?
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Pour la détermination de I'amortissement, le rotor est excité par un vérin-permettant ie réglage du pas
et délivrant une excitation & fréquence variable des:pales-en phase.
L’analyse de la courbe de réponse (voir fig. 21) permet de définir I'amortissement et’la fréquence du

mode.

Cette approche expérimentale est détaillée dans la référence 2.
La figure 22 fournit quelques résultats expérimentaux qui se recoupent.correctement avec les prévi-

sions.

MESURE DE L’ AMORTISSEMENT :
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3.3.3. Le “Weaving”

C’est une forme d'instabilité particuligre des rotors bipales en balancier ou phis précisément des rotors
dont les-pales sont couplées structuralement par le moyeu et dont I'angle de pas peut varier a cause de
la souplesse de la commande. Elle s'apparente au couplage pas-battement mais en prenant en compte
le rotor complet, et conduit a un phénomeéne d'ondulation du blpale

Son mécanisme est connu et fait intervenir des paramétres.principaux comme I‘angle de conicité et le
déport du balancier mais également des paramétres secondaires comme la liaison K, le centrage en
corde, les effets de décrochage...

Du point de vue du concept, un faible déport de I'axe du balancier et une limitation de la conicité assu-
rent une bonne stabilité a de tels ensembles.

L'illustration en est donnée sur le fig. 23 qui présente e domairie de stabilité théorique d'un rotor arrigre
du type écureuil, en fonction de la conicité et du déport du balancier.

En phase prototype, et sur les bases de cette étude, une expérimentation au sol et en vol a été réalisée
en faisant varier le déport sans toutefois aller jusqu’aux limites de stabilité.

* “ WEAVING ” - DOMAINE DE STABlLITE{
(HAUTEUR BALANCIER / CONlClTE) :
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/%-1& 4. ETUDE DU VOL D’AVANCEMENT

L'étude du rotor en vol d'avancement permet.de :
¢ s'assurér de I'état.de stabilité du systeme,
® caractériser le niveau de charges.

4.1. Stabilité

Des phénomenes aérodynamiques non linéaires apparaissent a grande vitesse sur les pales.
On distingue en général :
a) le flottement de décrochage résultant

- des conditions de fonctionnement (Cz élevé) en pale reculante,

- des effets de compressibilité en pale avancante,

- de l'interaction tourbillonnaire.
Ce phénomeéne se traduit par un mouvement oscillatoire se reproduisant a chaque tour.
b) la génération de sous harmoniques apparaissant lorsque I'extrémité devient supercritique (onde de
choc).
Dans les deux cas, les oscillations peuvent s'interpréter comme des réponses a “amplitude limite” ou
comme un début d'instabilité d'un systeme mécanique a coefficients périodiques et pour I'analyser il
est nécessaire de connaitre le mouvement réel (solutions transitoires et réponses aux excitations).
Ces problémes sont & notre connaissance peu fréquents sur les rotors arriére et ils intéressent surtout
les rotors principaux. Pour le flottement de décrochage on peut en trouver les raisons dans :

¢ le choix des profils de rotor arriére, optimisés pour le stationnaire, et pour lesquels on privilégie le
Czy,x au détriment du M,; a l'inverse des-profils de rotor principaux (voir fig. 24)

¢ des incidences de fonctionnement plus faibles que sur les rotors principaux a cause du délestage
di a la dérive, mais aussi parce que le rotor arriére n'assure en général pas de traction. Ce dernier point
est illustré par la planche 25, qui indique les domaines de fonctionnement respectifs des rotors.
L'analyse de ces problémes, nécessite de toute fagon une modélisation aérodynamique sophistiquée
prenant en compte les caractéristiques instationnaires dans les domaines linéaire et décroché de I'écou-
lement.

-

i CHO1X DES PROMILS DE ROTORS CONDITIONS GENERALES DE FONCTIONNEMENT Gwecapaficle
DES ROTORS

0
.
o

Preth Profiy
Cavbwrd  Crmplestue

) Pase pniipatns

5 Bl covANEROtORPANCIPAL
“Vo\nmibn
- ...

; DOMAINE ROTOM ARRILRE

°

4.2 Calcul des charges

Pour le calcul des charges en vol d’avancement, I'Aérospatiale utilise deux méthodes principales décri-
tes dans la référence 3.
L'aérodynamique utilisée est quasi-stationnaire et exploite les fichiers de polaire , la vitesse induite est
calculée par les formules de Meyer Drees.
La recherche de la solution stationnaire (réponse aux excitations) se fait :

* par une méthode modale supposant de pe:its mouvements autour de |'état statique
ou

¢ par la méthode des azimuts, qui est une méthode d'intégration directe, ne comportant pas la
limitation précédente.
En réalité ces méthodes sont peu utilisées au niveau prévisionnel sur les rotors arriére, car le champ des
vitesses locales est mal connu et d’autre part elles apportent peu au niveau du dimensionnement car les
configurations les plus sévéres sont les arréts de virage, les caps au vent...
Elles peuvent étre quelquefois utilisées pour certaines études comparatives menées pour minimiser les
réponses au voisinage des harmoniques de 'excitation.
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5. COUPLAGE ROTOR-STRUCTURE 73-77

Sous I'aspect prévisionnel, nous disposons d'un programme général d’étude des couplages entre un
rotor et une structure connectant les bases modales tronquées du rotor isolé supposé dans le vide, de
la structure et les excitations aérodynamiques fondées sur une représentation par polaires du profil.
Jusqu'a présent les calculs dynamiques de structure sur plan ne fournissent pas des éléments suffisam-
ment précis pour I'étude de ces couplages.

Nous préférons donc procéder a une identification expérimentale de la structure avant vol et étudier les
couplages a ce stade.

Par ailleurs, nous avons développé des modeles spécialisés validés par I'expérience & I'occasion de pro-
blemes particuliers et nous les appliquons pour faire des études paramétriques.

5.1 Instabilité en parapluie

Cette instabilité se caractérise par un mouvement de battement en phase (voir fig. 26) de I'ensemoie
des pales couplé avec un mouvement de la structure suivant I'axe de rotation du rotor et/ou un mouve-
ment de commande suivant le méme axe.

La fréquence du phénoméne est la méme sur le rotor et sur la structure et n'est pas en général une har-
monique du régime.

Ce probléeme a été rencontré en.1963, lors des essais du rotor de queue prototype (de conception classi-
que) de I'AS 321 pendant la phase de coupure de la servocommande simple corps.

La conséquence directe, étant une diminution de la raideur de la chaine de commande.

L'allure générale des signaux en axes fixes et en axes tournants est donnée fig. 27.

INSTABILITE EN PARAPLUIE

WI'NTABILlTE EN PAAPLUIE
{ (MESURES EN voL)

fBattement fuséa§
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Dans ce cas précis le passage en-servo double corps a permis d'éliminer définitivement le probléme.
Par-la suite un modele de calcul simplifié a été établi en introduisant le mouvement de battement des
pales, le mouvement de pas induit par la commande, le mouvement de la téte rotor ; son application au
cas considéré rend compte assez correctement de. cette instabilité et montre que la rigidité de com-
mande était le paramatre fondamental (voir fig. 28). ‘

Toutefois le bon recoupement observé est dii a la caractérisation précise des différents éléments (impé-
dance transversale de la poutre de queue, raideur de la chaine de commande...). Au niveau purement
prévisionnel il en irait différemment, et il faut s’entourer de marges suffisantes.

INSTABILITE EN PARAPLUIE
1(INFLUENCE E LA RAIDEU DE COMMANDE)

Centrage 28,6 %
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5.2 Instabilité en assiette

Cette instabilité se caractérise par un mouvement coplanaire de la téte rotor associé a des mouvements
de battement antisymétriques, des mouvements de trainée des pales et par un mouvement de flexion
de.la commande.

Les fréquences du phénomene en structure et sur les pales sont décalées de Qg (w; = wg,, + Rua) et
ne sont pas en général des harmoniques du régime.

L’amortissement du mode couplé battement-trainée est la caractéristique de I'instabilité.

Ce phénomene a été rencontré en utilisation sur I'AS 330 pour certaines configurations de cap au
vent ; il est dii dans ce cas & une augmentation du jeu en utilisation au niveau de la tige de commande
qui modifie la fréquence du mode araignée qui est par ailleurs fonction de la sortie de la tige, donc du
pas.

Le modéle de calcul prend en compte tous les éléments qui viennent d'étre évoqués, ainsi que
I'influence de la structure.

La figure 29, montre l'influence du pas, de la rigidité de commande (tige, araignée) et de la liaison K sur
le domaine de stabilité.
Quant aux options retenues pour résoudre ce probléme, elles sont :

¢ augmentation de la fréquence du mode structure par diminution de la longueur de l'arbre,

¢ réduction et surveillance des jeux aux appuis de la tige de commande.
Ce type d'instabilité est maintenant maitrisé et les essais en vol sur des concepts analogues se font en
simulant le vieillissement des appareils en utilisation.
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/INSTABILITE EN ASSIETTE

w. = fréquence du mode aralgnée"
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5.3 Instabilité des rotors ‘“soft in plane’’

Si les rotors “‘soft in plane”, c’est-a-dire a fréquence de trainée < 1 Q,, sont intéressarts a plus d'un
titre (efforts de commande, contraintes pales et moyeu, masses réduites...), ils présentent des risques
élevés d'instabilité du type résonance air et sol.
Ce probléme est bien connu et maitrisé dans le cas des rotors principaux, mais pour les rotors arriere la
plage de couplage rotor/structure est bien plus importante (dans le rapport des régimes a isoposition
du mode de trainée) comme le montre la figure 30.
Les solutions a ce probléme sont :

o gviter des modes structure a fort déplacement du rotor arriére dans son plan, dans la plage de
fréquence 0,8 3 1,2 Q..

* avoir un amortissement suffisant sur le rotor et la structure.
Dans le cadre du programme d'évaluation technologique d’une solution Triflex, le premier niveau ot ce
risque d'instabilité apparait se situe & la phase d'essais de caractérisation dynamique (fréquences,
amortissement) du rotor au banc tournant.
L'étude du couplage rotor-structure a été faite dans ce cas a partir des données expérimentales de la

structure du banc ; un mode structure (w, =~ 7,4 Hz, amortissement =~ 20 °/.0) a été identifié¢ comme

créant les condmons de résonance sol dans le domaine d’essai prévu.
Le diagramme fig. 31 montre a titre d'exemple, la stabilité de I'ensemble en fonction du régime et a par-
tir d'une estimation concernant I'amortissement structural des pales en trainée (= 50 °/oo).
Dans ce cas précis, la situation n’est pas critique dans la mesure ot les moyens d'action sont nombreux
et en particulier :

* déplacement de la fréquence structure par haubannage du banc,

* et/ou utilisation des moyens de réglage prévus sur le rotor (paliers de différentes raideurs avec
plusieurs valeurs d'amortissement).
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5.4. Modulation de couple

Ce type de phénoméne résuite d'un couplage-entre les mouvements en trainée des pales en phase, la
torsion de la transmission et I'ensemble de régulation du moteur.

II'se traduit en particulier .par une modulation du-couple rotor arriére.

Une illustration en est donnée sur la figure 32, qui représente I'allure des signaux enregistrés pendant le
phénoméne lors des essais prototypes du fenestron de I'AS 365 N,. Ces oscillations faiblement amor-
ties, apparaissent a des fréquences de 4,4 Hz et 5,8 Hz pour des conditions de vol particuliéres (grande
vitesse, dérapage, forte augmentation de pas).

La modélisation de cette instabilité fait appel a des programmes de simulation ot les effets non linéaires
de la régulation moteur sont pris en compte.

Parmi les différentes solutions envisagées, c’est le raidissement de la transmission qui a été retenu et
qui permét une réduction sensible et suffisante des contraintes par diminution du couplage entre la
régulation et le rotor arriére.

La figure 33 présente les résultats du calcul de simulation. Ce type de probléme n’est pas particulier au
fenestron et peut se rencontrer avec des rotors classiques.

MODULATION DE COUPLE
{MESURES EN VOU

MODULATION DE COUPLE | aerospaticle
(REPONSE CALCULEE A UN ECHELON)
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6. CONCLUSIONS

Les exemples traités dans cette présentation-montrent que I'analyse du comportement aéroélastique
des rotors arriére est aélicate, dans la mesure ol les facteurs d'instabilité sont trés nombreux et pour
certains, difficilement accessibles au calcul lors de la phase de conception.

A ce stade il est illusoire de pouvoir modéliser correctement des raideurs de roulement, des chaines de
régulation, des jeux de montage, des modes structure et leur amortissement... pour reprendre certains
des exemples traités.

Cette complexité rend vaine, de notre point de vue, une approche prévisicnnelle utilisant un pro-
gramme général qui nécessiterait une modélisation compléte de la plupart des composants de I'hélicop-
tére (rotor, chalne de puissance, transmission, régulation, structure...} et qui serait d'un emploi délicat.
Nous pensons qu‘il est préférable, malgré des limitations inhérentes & cette démarche (““troncature” du
doinzine d'étude) d'utiliser des modeéles particuliers dont on a vérifié la validité lorsqu‘on a pu dans cer-
tains ~as leur associer les phénomeénes physiques.

Bien qu.: cette démarche se soit révélée satisfaisante d'un point de vue pratique, un effort de recherche
est actuellement en cours pour accéder & une meilleur prévision dans le cas du vol d'avancement et
dans l'identification des structures.
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THE ROLE OF AEROELASTICITY IN THE PRELIMINARY DESIGN OF HELICOPTER ROTORS
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V. GIAVOTTO, M. BORRI

Aerospace Department - Politecnico di Milano
via Golgi, 40 - 20133 MILANO - Italy

and
A. RUSSO, A. CERIOTTI

Costruzioni Aeronautiche G. AGUSTA S.p.A.
21047 CASCINA COSTA DI SAMARATE (Varese) ~ Italy

SUMMARY

The design of a helicopter rotor is a complex process, in which aeroelastic aspects are
involved practically at all stages. As the integration of the different models employed
in the design needs to be rationalized, integrated computation system shall be developed,
whereby aeroelasticity can be taken into account since the earliest stages.

This paper shows the first significant results of a development activity of this kind car
ried out by AUGUSTA in cooperation with POLITECNICO of Milano.

1. INTRODUCTION

The role played by aeroelasticity in the preliminary design of a helicopter rotor is
being regarded ever more as considerably significant, although its bounds do not appear
to be easily definable yet. The purpose of this paper is to help in a discussion which
will take several years to be settled.

In all its aspects rotor dynamics is a deeply aeroelastic phenomenon, and actually
aeroelasticity enjoys a potential role in all design evaluations, such as performance
analysis,load prediction, stability analysis, etc.

The development of a new helicopter may often involve high economic burdens and risks
and requires an ever more precise and ample preliminary design; such preliminary design
must allow adequate consideration of all interactions between subsystem and, as far as
possible, the attainment of final conclusions.

In other words the preliminary design shall be an interdisciplinary optimization pro-
cess, requiring a sound management structure to harmonize different criteria, such as
nission, performances, handling qualities, noise and vibrations, etc. In this process
the aeroelastic analysis can be a focal reference.

2. THE PRELIMINARY ROTOR DESIGN

Traditionally the preliminary design consists of the following stages (Fig. 1):
~ Aerodynamic Rotor Design

- Aerodynamic Blade Design

- Dynamic Rotor Design.

Performance criteria {1,2] prevail in the Aerodynamic Rotor Design Stage, which is
mainly intended for the definition of the three basic rotor parameters, i.e. disc load
ing, rotor tip speed, and rotor solidity. In this stage mathematical optimization
processes may be particularly helpful, provided both objectives and constraints can be
correctly defined.

The main function of the Aerodynamic Blade Design is rather the selection or the design
of profiles, twist, and blade plan form. Regarding the aerodynamics of the blade, the
two dimensional scheme is still the most largely employed; usually it is duly corrected
for sweep angle and dynamic separation.

These problems have not been completely settled yet, and this brings about a considex
able scatter in the analysis methodolegy. Some very good reviews of the state of the
art have recently been issued, such as Friedman's [3] very extensive one, whereas
Beddes, McCrosky and Gangwani [4,5,6] have provided a precise definition of the non-
stationary effects and of separate flows. Table 1 [from ref.5], which briefly outlines
the main effects affecting the phenomenon concerned, emphasizes the extent to which
some of these effects have not been investigated yet.
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AERODYNAMIC ROTOR DESIGN

'—{ 2-D BLADE AERCDYNAMICS |

l

———-[3-15 BLADE AERODYNAMICS |

AERODYNAMIC BLADE DESIGN { INFLOW MODELING ]
)

F———] ISOLATED BLADE DYNAMICS |
‘ f———4 ISOLATED HUB-MULTIBLADE |
DYNAMIC ROTOR DESIGN  f——— COMPLETE ROTOR-BODY |

Fig. 1 =~ Classical approaches in the design of a main rotor

TABLE 1 -~ IMPORTANCE OF DYNAMIC STALL PARAMETERS
(from Ref. 5)

STALL PARAMETER EFFECT

Airfoil shape Large in some cases

Small below M,n0.2
Large above M,~0.2

Small (?) at low Mach number
Unknown at high Mach number

Reduced frequency Large
Mean angle, amplitude Large
Type of motion Virtually unknown
3-dimensional effects Virtually unknown
Tunnel effects Virtually unknown

Mach numbex

Reynolds number

It seems that the three-dimensional methods effectively employed for fixed wings {7,8]
cannot be easily transferred for rotary wings. A limited application of three-dimensional
models was carried out for the study of vortex-blade interaction {9,10,11 , as well as

for the study of the tip area,by which,asit iswell-known, performances can be consider-
ably affected ([12]

Another peculiar aspect of the aerodynamics of a rotary wing is the requirement for
the modelling of the induced flow field.As the basic works of Langrebe already showed (13,
14] , for an accurate solution of this problem the actual form of blade wake shall be

determined. Moreover decisive effects [15, 16] may be brought about by the interference
with fuselage.

The Dynamic Rotor Design stage fundamentally requires an aeroelastic approach, namely

an interdisciplinary one, synthetically including the different spheres of competency.

The approaches that are usually employed in the analysis can be classified as follows
[17)

- Isolated Blade Dynamics

- Isolated Hub-Multiblade Dynamics
-~ Complete Rotor-Body Dynamics.
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The Isolated Blade scheme allows an initial analysis of many stability problems and
the prediction of loads.

When blade interactions, such as those due either to controls flexibility or to aerody
namic interferences, must be taken into account, the Isolated Hub-Multiblade scheme
shall instead be taken on. Such scheme allows also the analysis of wirl instability
and of some effects of blade asymmetry.

Finally the Complete Rotor-Body scheme is the most thorough one, allowing the analysis
even of the phenomena {e.g. air resonance and ground resonance) that could not possibly
be analyzed by the former schemes. It is also utilized for the refinement of the analy
ses carried out by means of simpler schemes. Based on this approach different computa
tion models with different approximation levels were developed [19, 20) . Besides being
used for the design operation, such models can also be helped for flight tests analysis,
e.g. through parametric identification processes [18].

In the traditional approach the various design stages occur in sequence according to a
logical progress, starting from an overall outline to an ever more detailed definition.
However since the optimizing process needs to be pushed as much as possible, generally
several design interations are required, then all stages or some of them shall be passed
through again. ~

Clearly the entire rotor design process could be made more rational and effective by

a unified computation system that would be able to integrate the different complexity
levels and the different disciplinary approaches. As an additional advantage, such a
computation system, which appears to he feasible on the basis of the present state of
knowledge and technology, would be a common data base and a focal point for all design
teams.,

ROTOR AEROELASTICITY

One of the basic characteristics of the rotary wing aerocelastic analysis is that non-
-linear effects must be taken into account; the latter are mainly due to geometrical
non-linearities in terms of inertia and elasticity, and to constitutive non-linearities
in the aerodynamic field. Moreover the forward flight and cyclic pitch bring about
periodical variations in the coefficients of equilibrium equations. The problem is nons-
-linear to such an extent that stability substantially depends upon the trim solution
it is related to. Therefor, prior to any stability analysis, the determination of the
trim solution shall be carried out in a non-linear mode.

Different complexity and sophistication levels for the models, namely for the structural,
inertial, and aerodynamic operators {21, 22] , were employed. Some simplification cannot
be avoided, and the attempts of gathering partial models together do not always lead

to quite consistent formulations.

The approach presented by Dat [23] and developed by Costes ([24] is certainly a unitary
one based on a consistent formulation. It is founded on the detexmination of the accel-
eration potential of the aerodynamic field, and it can also take separate flows on the

blade into account. Much work has been done and more will be done in this field for

the attainment of ever more effective design tools.

DEVELOPMENT OF INTEGRATED METHODS

In order to meet the requirements evidenced above AUGUSTA aas undergone the development
of integrated computation methods, within its cooperation activity with the Aerospace
Engineering Department of the Politecnico of Milan. The final aim of this activity is
the accomplishment of a computation system for the analysis of helicopter dynamics, to
be employed effectively at different levels of complexity and integration, and thus

to be a unified tool for all design stages and requirements. To this end a high modu-
larity is required to enable the selection of structural and aerodynamic models with
different complexity. The computation system shall also be arranged for the integration
with new moduli,

aAs far as structural modelling is concerned, the system uses a finite element scheme,
organized in terms of substructures.

The aerodynamic models available for use shall range from two dimensional approximation
to the most sophisticated schemes with fuselage interaction and free wake.

As other authors already stressed [26,26] , the achievement of these goals isneither
easy nor quick, it may show unexpected difficulties, and does in any case require a
considerable engagement of resources. The development involved shall therefore
be based on a firm foundation and faced with utmost care.
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- / The activity so far performed has led to the formulation of a new anisotropic beam ' ;
theory, which hasbeen implemented in ANBA2 Computer  Program [27], and to the develop .
ment of a formulation of rotor dynamics with space-time finite elements, which has '
been implemented in STAHR Program [28, 29] . }
i
ANBA2 PROGRAM !
Starting from the two~dimensional Finite Element idealization of the cross section of 3
a beam and by the exact integration along beam axis, ANBA2 Program (ANisotropic Beam . i
Analysis) can supply the following data: 4
- the mass and stiffness matrices of the section, with due consideration of all possible
couplings e.g. bending-torsion,shear tension, etc., that can be achieved with aniso
tropic materials;
- all components of stress including interlaminar stresses corresponding to prescribed ,
values of resultant forces and moments, apart from extremity effects; '
- ectremity eigensolutions in terms of displacements, stresses, and diffusion lenghts.
t
'
!
ELEMENT | STRESS COMPONENTS |NODES
ISOPARAMETRIC n 2
PANEL Oy Typ T0 !
¥ 4
x
i
: |
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FLANGE ° x ;
Sy .
z
TWO NODE ¥ Tan 2
JOINT \ x ' )
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; :
LAMINA ALL : 2 ; ;
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x 4 } i
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5 {
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Fig. 2 - Beam cross section Elements in Program ANBA2

The elements that are available for the section idealization are indicated in Fig. 2

(from [27]) ). It should be noted that the lamina element, which can be very small in

thickness and have a full three dimensional stress state, can be employed to divide a
laminate into its laminae and interlaminar layers.

As far as materials are concerned, the program can take every type of unhomogeneity

and anisotropy into account, and it may also be an advanced and easy-to-use tool for '
isotropic beam analysis. The effectiveness of this approach mainly depends on the fact

that discretization occurs on the section only. For inst., an idealization having

500-1.000 degrees of freedom on the section leads to a problem of medium~small size;

however it enables the performance of a detail analysis that three-dimensional schemes

would make absolutely impossible.

ANBA2 Program was already employed also as analysis moudulus in optimization process
for composite blade sections.
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Moreover isoparametric beam elements were developed, which would make use of the re-
sults of ANBAZ Program and could take any possible coupling and geometric non-linearity
into account. Besides all this will be the basic tool for facing aeroelastic tayloring
problems.

STAHR_PROGRAM

In the present version STAHR Program (Stability and Trim Analysis of Helicopter Rotor)
can analyze isolated blade schemes.

The structural idealization makes use of the isoparametric finite elements mentioned
above. The articulation and control linkage up to the swash plate can be modelled by
a series of links and/or viscous elements that are assembled, with the Finite Element
technique, through the use of Lagrange multipliers.

The control variables consist in the position and orientation of the sivash plate; in
this way the actual geometry of the couplinps (e.g. pitch-flap, pitch-lag, etc.) having
a basic significance for stability, can correctly be taken into account.

For the attainment of a unified formulation, suitable both for the trim analysis of a
periodical solution and for the stability of a trim solution, STAHR Program makes use
of a Einite Element discretization also of the time domain. Such discretization starts
from the Hamilton principle, in the weak form, extended to non-conservative system[30].

tp
n tp
(8T + 6U + 6Lg) dt = Ijéqi pi & (1)
t 2 I
I
where § is the syncronous virtual change
T is the kinetic energy
U is the work function of conservative forces only
SLe is the virtual work of non-conservative forces
qi (i=1,2,...n) are generalized coordinates
and Pi= __ééa_ (2) are the generalized momenta;
§ay
finally t; and tF are the extremes of the time interval considered.
ISOPARAMETRIC ISOPARAMETRIC
SPACE ELEMENT SPACE-TIME ELEMENT
(Beam Element) (Lagrange Family)

N

Fig. 3 - The concept of Space-Time Finite Elements in Rotor Dynamics
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The d;scretization of thé time domain consists in the assuption of the following
cooxrdinate values as unknowns.

F,.k =q; (t) (3) (i=1, 2,....n) (k=1,2,:...m)

at m discrete time values, where clearly t1 =t and tm = t_.

I F

Through the Finite Element method,instants t, are connected

k
by time elements (Fig. 3) in groups of 2, 3, or 4 consecutive values. Inside each elg
ment the coordinates g, are expressed as functions of q; unknowns of the same element,
Ly means of suitable interpolating functions.

By assuming one revolution of the mast as ty tp interval, through the above formu
lation the problem becomes like a usual Finite Element static (non-linear) analysis.,
Thereby the entire technology of finite element programs can be utilized profitably.
Particularly the automatic assembling, solution, and substructuring algorithms can be
employed directly, and data and program organization can follow well-established schemes.

Periodical solutions (trim solutions) are obtained directly through the setting of
equality constrains between unknowns 51 and qim 28, 29, 30] .

The Floquet stability analysis is performed though the study of the eigenvalues of

the connection problem regarding §ji and @§j,. by means of the tangent matrices related
to small motions around a trim solution [28, 29,30] . These matrices are the same as
those required for the computation of the trim solution through the Newton-Raphson
method. In the present version STAHR Program takes on a prescribed inflow distribution
and simply employs two-dimensional aerodynamics, with the usual corrections for sweep,
compressibility, unsteadiness, and dynanmic stall.

The STAHR version which is operating at present has proved to have the flexibility,
versatility, and easy-~use characteristics as expected.

FUTURE DEVELOPMENTS

According to the present planning it will take the next four years to complete the
computation system being developed. Through the implementation of substructure technique
the present procedure shall be extended initially to the consideration of the complete
rotor (several blades, hub, and suspension) and subsequently to the complete helicopter
(rotor plus fuselage).

As far as aerodynamics is concerned, the plan provides the development and the implemen
tation of moduli that, being based on consolidated theories, will allow the improvement
of the modelling of the induced velocity field and of the most important three-dimen-
sional effects.

CONCLUSIONS

The development of integrated computation system for rotor design seems feasible and
promises considerable advantages.

The results so far obtained in this field from the cooperation activity between AUGUSTA
and POLITECNICO of Milano are already significant, though partial. The theory of the
anisotropic beam and the use of space~time finite elements in rotor dynamics, which

are already implemented in computation programs, are a firm basis for future develop~
ments.

It would however be desiderable that the same levels of generality and completeness

be reached also by aerodynamic modelling.
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AEROELASTICITE ET OPTIMISATION EN AVANT-PROJET
C. PETIAU et -D. BOUTIN

AVIONS MARCEL DASSAULT-BREGUET AVIATION
78, quai Carnot

92214 ~ SAINT-CLOUD

AVANT PROPOS

Nous présentons une procédure développée aux AMD-BA visant & effectuer les analyses structuralés
statiques et dynamiques aussi complétes .que possible au stade des avant-projets.

L'analyse s'effectue en quelques semaines d partir d'un plan 3 vues de l'avion, des lois
d'épaisseurs relatives Ges voi‘ures, dtune définition sommaire de l'architecture interne, du choix
des matériaux et de la techn -zie de construction.

Les calculs d'svant-projet comportent pour chaque version étudiée les tAches suivantes :

- Une rremiére analyse éléments finis de dégrossissage avec un échantillonnage et des
charges simplifiéex,

~ Une analyse des problémes d'aéroélasticité statique, le calcul des charges en tenant
compte de l'aéroélasticité, et la recherche automatique des chargements enveloppes.

-~ Dea calculs de flutter avec recherche des configurations critiques d'emport de
charges extérieures.

- L'optimisation automatique de l'échantillonnage, fournissant la masse de structure
wminimale satisfaisant aux contraintes de tenue statique, de limitations de l'aérodistorsion et des
vitesses de flutter.

L'ensemble de ces travaux est effectué avec notre logiciel ELFINI ; pour répondre aux impéra-
tifs de rapidité des analyses d'avant-projet, nous avons dii améliorer sensiblement les procédures
d'élaboration de données intéractives, les techniques de gestion des cas de charges aéroélastliques
et surtout notre méthode d'optimisation pour preadre en compte simultanément les multiples confi-
gurations d'emport de charges.

Pour illustrer notre procédure, nous donnons un apergu de son application & l'avant-projet d'un
avion de combat & voilure en matériaux composites.

DESCRIPTION DE LA METHODE

2.1 - Organisation générale

Nous résumons sur le tableau ci-dessous les taches intervenant dans le processus d'optimisation
d'un avant projet de structure d'avions de combat. On s'appuie sur un maillage d'éléments finis de
ltordre de 1500 & 3000 Noeuds.

1&re ANALYSE ELEMENT FINIS

- Maillage avec échantillonnage simplifié
- Résolution avec cas de charges forfajtaires,

AEROELASTICITE STATIQUE - CALCUL DES CHARGES

- Coefficient aérodynamique "souple"
- Calcul des charges en manoeuvre
- Enveloppe des cas des charges.

CALCULS DYNAMIQUES

modes propres } multi-configurations

Flutter

QPTIMISATION
Contraintes :

Technologiques.

Résistance des matériaux sous les cas de charges statiques
dimensionnants.

Coefficients aéroélastiques, vitesses de divergence.
Flutters (multi-configurations)

RECTIFICATION

L'ensemble de ces opérations est effectué par notre logiciel ELFINI dont 1l'organigramme est
présenté planche I.
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2.2 - lére analyse éléments finis statiques

Elle est effectuée sur un schéma dféléments finis relativement simplifié avec des échantillon-
nages constants par zone et des cas de charges forfaitaires ; pour bénéficier d'un transfert
automatique des charges aérodynamiques sur le schéma structural, l'ensemble des surfaces portantes
doit &tre représenté,

Cette phase permet d'appréhender les points sensibles du dimensionnement statique.

Le schéma est réalisé par notre méthode topologique qui permet de déerire systématiquement
par "pavé" de propriété constante dans un espace d'indices, les différentes propriétés du maillage
(connection des noeuds par les éléments, géométrie, caractéristiques des éléments, ete....).

La méthode topologique intervient non seulement dans le maillage mais encore dans toutes
branches du systéme ELFINI en tant que moyen d‘accés au modéle.

s

Le module de maillage topologique de ELFINI est relié 3 notre systéme de CAO tridimensionnel
CATIA.

Du point de vue informatique, ces travaux peuvent &tre exécutés au gré de l'utilisateur en
mode intéractif, en "batch" oh, ce qui est le plus adapté & l'avant-projet, par une procédure hybride
dite "Batch intéractif" sur laquelle nous reviendrons.

2.3 - Aéroélasticité statique et calcul des charges

Pour ces calculs, en avant-projet, il faut répondre 4 trois impératifs apparemment contradic~

toires :
- Nécessité d'une précision de l'estimation des charges d'une qualité équivalente a

celle du calcul des contraintes par Eléments Finis.

- Sophistication devant rester homogéne avec les hypothdses simples des calculs d'aéro-
dynamiques lindarisés recalés sur les essais de soufflerie disponibles au moment de l'avant-projet.

- Délais de préparation des données et coflit ordinateur réduit.

Nous avons réalisé ce compromis dans la branche "CHARGE" de notre logiclel ELFINI dont le
principe est détaillé en annexe.

Dans une phase initiale, nous effectuons la partie la plus importante des calculs indépendamment
du couplage aéroélastique et des hypothdses de recalage empiriques de l'aérodynamique, ce sont :

- Les calculs théoriques des pressions dues i des effets aérodynamiques unitaires par des métho-
des de singularité (quelques dizaines de formes élémentaires).

- La résolution du modéle éléments finis pour des chargements de bases (quelques centaines)
décomposés en charges unitaires de pression, d'inertie et d'efforts locaux.
De ces calculs, on extrait des opérateurs "concentrés" :

- Chargements de pression des effets adrodynamiques unitaires décomposés dans les charges de
base.

- Lissage des déformées sous les charges de base dans les formes aérodynamiques unitaires.
- Efforts généraux et contraintes aux points sensibles pour les chargements de base.

A partir de ces opérateurs, on obtient par des calculs de faible volume :
- Les coefficients aérodynamiques avion souple.
- Les réponses en manoeuvre par intégration des équations de la mécanique du vol.

Eeg recalaggs empiriques de l'aérodynamique et les configurations massiques aux points de vol
considérés sont définis au début de cette deuxidme phase, qui peut s'effectuer en mode intéractif.

Des modules spécialisés permettent de visualiser les limites du domaine de vol et recherchent
automatiquement les cas dimensionnants par balayages de manoeuvres types.

Le choix des manoeuvres étudiées résulte des clauses techniques et de l'expérience acquise.

Ces calculs permettent de tabuler pour chaque configuration de vol les opérateurs reliant les
contraintes des zones sensibles aux paramétres de la mécanique du vol quasi rigide ; ces opérateurs
permettent de prendre en compte aisément les contraintes structurales pour la mise aux points des
commandes de vol électriques,
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2.4 - Premiéres analyses de flutter

Ces calculs qui steffectuent sur le premier maillage de la structure visent A dégager les .
tendances au flottement de la formule envisagée ; on balaye les principales configurations de
masse et dt'emport de charges extérieures pour sélectionner celles qui seront contrdlées dans les
itérations de l'optimisation.

Nous résumons les étapes du calecul sur l'organigramme ci-dessous :

Devis de Masse Forme aérodynamique
Avant-projet
Modéle E.F. MASSE
EEaE;que i
1
MODES PROPRES FORCES_AERODYNAMIQUES
Avion lisse INST/.TIONNAIRES

(Pour chagie Mach considéré)

»

MODES COUPLES
- couplage masses
- couplage charges
extérieures par sous
structure dynamique

RESOLUTION DE L'EQUATICN DE FLUTTER
Pour chaque Mach et configuration massique

Balayage
Cont'iguratinng

Ccmme pour l'aéroélasticité statique les caleuls cofiteux sont rassemblés dans les phases
initiales les calculs de modes propres et de forces aérodynamiques instationnaires.

A partir de 13, le balayage des configurations d'emport de charge est rapide en procédant au
couplage par une méthode de sous structure dynamique.

2.5 - Optimisation

On utilise le module d'optimisation de ELFINI, déji présenté dans les références 2 et 3,
c'est la clef de voiite de l'analyse rapide en avant projet ; il assure la recherche automatique
de 1'échantillonnage conduisant & une masse structurale minimale,

Les paramétres de l'optimisation sont des facteurs multiplicatifs de l'échantillonnage de
groupes d'é)éments finis ; pour les matériaux composites, ce sont les nombres de plis par direction
sur des groupes d'éléments finis.

Les contraintes d'optimisation prises en compte sont des types suivants :

-~ Minimum technologlique sur les épalsseurs, limitation des variations entre paramétres
voisgins,

- Limitation en déformation, efforts locaux, contrainte élastique, eritére de rupture divers,
flambage local des métalliques et composites avec éventuellement effets de plasticité, cela
scus des chargements statiques multiples.

- Limitation sur les variations aéroédlastiques des coefficients aérodynamiques, des vitesses
dtinversion de gouverne et de divergences statiques.

~ Limitation sur les vitesses de flutter et les amortissements aérodynamiques pour diverses
configurations de masse et d'emport de charge.

L'outil d'optimisation utilisé aujourd'hui permet la prise en compte de plus de 500 paramétres
et de plusieurs milliers de contraintes.
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Pour étudier simultanément plusieurs configurations de masse et de rigidité, on gére parallé-
lement plusieurs modéles dont les paramétrages sont communs.

L'organigramme de l'optimisation est le suivant :

5 PREMIERE ANALYSE E.F. STATIQUE

AEROELASTICITE-ENVELOPPE DES CHARGES

MODES PROPRES, FORCES AERO.INSTATIONNAIRES-FLUTTER

; CHOIX DES PARAMETRES :

| CHOIX DES CONTRAINTES D'OPTIMISATION \

CHOIX DES VALEURS DE CONTRAINTES ADMISSIBLES

>

ANALYSE E.F.

|

CALCUL MODES PROPRES

[P
P

DERIVEES MATRICE DE {
RIGIDITE ET MASSE REDULTES

DERIVEES DES CONTRAINTES ELASTIQUES / %
- :

[ I
FLAMBAGE LOCAL COEF . AERO-STATIQUE VITESSE FLUTTER/AMORTISSEMENT i
DERIVEES DERIVEES DERIVEES

L. ! ] !
|

OPTIMISATION NON LINEAIRE SUR FORMULATION
APPROCHEE DES CONTRAINTES

| |

RECTIFICATION

Iterations

Souv S
Iterations

R
-

~ e ot .

~ Réponse des contraintes & une variation de paramétres imposée directement.
- Optimisation pour une petite variation des contraintes admissibles.

.-
P S e

i le module de "rectifications" procéde & partir des tables de dérivées partielles

. de contraintes : on donne en conversationnel, l'influence des retouches de dessin sur les
contraintes, ou inversement celle des variations de contraintes admissibles sur les échantillonnages
optimaux,

U

Les principes théoriques et le fonctionnement précis de notre module d'optimisation
, sont exposés en détail dans la référence 3.

2.6 - Procédures d'exécution des travaux, colit ordinateur, délais d'exécution it

En dehors des phases coliteuses, résolutions des éléments finis, calcul des modes propres
et optimisation, pour lesquels la procédure d'exécution en batch est normale, nous nous sommes
posés le probléme du degré d'interactivité nécessaire & 1'élaboration et la manipulation des modéles
dtavant-projet.

]

[ S —

C'est une procédure dite "Batch interactive™ qui stest dégagée & l'usage ; les données sont
générées sur un écran alphanumérique i l'aide d'un éditeur de texte et exécutées en temps réel par .
"courtes rafales" sur une console Tektronix ; le programme donne la main i l'utilisateur & la fin
de chaque séquence ; on peut alors effectuer les visualisations de contrdle en mode interactif pur
et éventuellement modifier le fichier de données sur l'écran alphanumérique ; 1'opérateur continue 3
ou recommence l'exécution & partir de n'importe quel point.

Dans cette procédure, l'inconvénient de ne pas disposer, comme en intéractif pur, de 1l'aide d'un
menu est largement compensée par la possibilité de générer les données par modification de fichier
modéle, ce qui est trés appréciable quand il faut suivre toutes les évolutions d'une formule
en avant-projet.

s A ce niveau on profite aussi largement des facilités de l'adressage topologique qui rend les
données de l'aéroélasticité et de l'optimisation peu sensibles aux modifications du modéle
Eléments finis,
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La premiére optimisation d'une nouvelle formule d'avion par notre procédure demande un délai !

de 4 i 8 semaines pour une équipe de trois personnes entrainées ; ces temps se raccourcissent
notablement pour l'analyse des évolutions. B

Lé temps ordinateur dépend de la complexité des schémas éléments finis et aérodynamiques
utilisés ; il est relativement faible dans les phases d'analyse préliminaire (moins.d'une heure
CPU d'IBM 3081 pour l'exemple présenté au §.3) ; l'optimisation proprement dite demande elle plusieurs .
heures CPU par exécution il faut compter qutelle doit &tre relancée pratiquement -tous les soirs {
pendant la phase active de l'avant-projet pour l'étude des variantes.

3 - EXEMPLE : AVANT-PROJET D'AVION DE COMBAT P

Nous donnons ici un apergu de l'application de la procédure & l'étude d'un avant-projet d'avions
de combat de formules- delta-canard comportant une voilure en matériaux composites ; les planches
présentées illustrent plusieurs variantes de ce projet.

3.1 - Analyses initiales !

Nous présentons planche 2 le modéle d'éléments finis simplifié de l'avion complet comportant

11 737 degrés de liberté et constitué pour 1l'essentiel d'éléments finis & interpolation lindaire.

Les caractéristiques du calcul d'aéroélasticité et de charges sont résumées sur le tableau
ci-dessous :

Nombre de formes aérodynamique de base Sym. 54

Antisym. 81
Nombre de chargements de base total Sym. 249

Antisyn, 292 '
Nombre de points sensibles 250 | i
Nombre de configurations massiques considérées 7 %
Nombre de Machs considérés 9
Nombre d'altitudes 10 ;‘
Nombre de types en manoeuvre 5
Nombre de cas enveloppe 6

Nous présentons planches 3 & 10 quelques visualisations caractéristiques issues de ces calculs. 3
)
f
Les calculs de modes et de flutter ont été effectués pour 9 configurations d'emports de charges i
dont 3 ont révélé un flutter latent (voir planche 15). f :
3.2 - Optimisations § i
Elles ont porté indépendamment sur le caisson de vollure, la partie centrale du fuselage et .
la dérive, nous donnons ici un apergu de l'étude du caisson de voilure. .
Pour limiter le volume des calculs, le fuselage et les charges extérieures sont couplés i la § :
voilure par une méthode de super éléments statiques et dynamiques. H
S
Les calculs statiques sont menés sur une seule configuration élastique calculée parallélement H
avec des conditions aux limites symétriques et antisymétriques (au travers du super élément fuselage) ,
on prend en compte les 6 chargements enveloppe. ! .
Les calculs dynamiques sont menés aveo les 3 configurations élastiques et massiques ayant montré é
des flutters latents. i

L'optimisation met en jeu 304 paramitres portant sur :

PRI

- Le nombre de couches de fibres de carbone dans 4 directions imposées (0°, % 4go, 90°)
sur les panneaux d'intrados et d'extrados (voir planches 10 & 12).

~ Les sections des semelles de longeron et de nervure.
- Les dmes de longeron et de nervure.

La masse totale paramétrée par 1/2 voilure est initialement de 312 kg.
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On prend en compte.676 contraintes. d'optimisation des types suivants :
243 critéres de rupture dans les fibres.

172 critéres de flambage de maille (2 modes de flambage sont contrdlés par maille).

- 5 vitesses de flutter et 60 amortissements aéroélastiques.
~ 1 efficacité des gouvernes en roulis.

195 contraintes Technologiques portant sur les épaisseurs minimales, les proportions
en fibres dans chaque direction et les pentes d'épaisseurs.

Le point de départ correspond i un échantillonnage constant 2 19 couches de 0,13 mm d'épaisseur
dans chaque direction ; l'optimisation a été conduite en introduisant les contraintes-en 3 phases
successives.

1 - Optimisation aux seules contraintes statiques.

2 - Addition des contraintes technologiques.

3 -~ Addition des contraintes de Flutter.

La convergence est toujours atteinte en moins de 5 itérations.

L'évolution de la masse paramétrée et de quelques contraintes significatives est présentée
planche 14,

Les nappages optimums successifs des fibres sont présentés planches 10 & 13 ; on remarquera
le coilit relativement élevé des contraintes dites technologiques qu'on a choisi volontairement trés
conservatives,

Nous présentons des courbes d'amortissement aéroélastique des modes propres qui caractérisent
deux fagons de contrdler le flutter.

- Flutter "sec" planche 15, simplement déplacé en vitesse par 1l'optimisation
(contrainte sur la vitesse de Fiutter),

- Flutter "mou" planche 16, disparaissant dans ltoptimisation qui doit donec é&tre
contrdlé par des contraintes portant sur les amortissements & vitesse donnée (voir réf.3).

Pour illustrer les possibilités du module intéractif de rectification, nous montrons
planches 17 & 18, l'influence de variation de contraintes admissibles sur 1l'échantillonnage optimal.

Les contraintes d'aéroélasticité statique n'étaient pas en butée dans ces premiers calculs,
nous avons di augmenter la sévérité de cette contrainte pour faire apparaitre leur influence sur
la masse optimale (voir planche 18).

4 - CONCLUSIONS - DEVELOPPEMENTS

La méthode de travail présentée permet d'évaluer en quelques semaines une formule structurale
avec une équipe réduite ; la procédure étant mise en place, on peut analyser les évolutions du projet
avec des délais de l'ordre de la journée, l'optimisation étant particulidrement bien adaptée aux
comparaisons iso-critére des variantes de structure.

Dans notre approche, les outils d'analyse de l'avant-projet sont basiquement les mémes que ceux
utilisés pour la justification fine de la structure, la différence n'apparait que dans le mode
dtutilisation qui est allégé en avant-.rojet ; en pratique l'évolution dans le raffinement du modéle
est continue au fur et i mesure que se précise le dessin et qu'arrivent les résultats de soufflerie
pour les charges.

En dépit des apparences, la méthode est bien adaptée i la coordination de projets en coopé-
ration ; en effet, outre une premidre idée du dimensionnement et un verrouillage partiel des
probldmes d'adrodlasticité, le moddle simplifié général qu'on obtient, fournit dés le début du projet
des conditions aux limites correctes pour les calculs raffinés des trongons par les coopérants.

En retour, le maitre d'oeuvre actualise son modéle simplifié A partir des calculs détaillés des
coopérants pour mener les calculs définitifs d'aéroélasticité et de flutter., A ce propos nous avons
mis au point une méthode d'identification structurale qui permet d'effectuer cette opération autow
matiquement.

A 1'intérieur du cadre actuel, le développement de la méthode se fait de fagon continue en
profitant des progrés des disciplines mises en jeu et de llaccroissement de performances des
ordinateurs ; nous soulignons cependant deux points importants :

- Les techniques d'élaboration de données intéractives et de visualisations.

Grace aux possibilités dégagées par la nouvelle génération d'écran "Raster Vidéo" 3 définition
fine, nous transformons progressivement notre procédure "Batch intéractif™ en un systéne de "Langage
procédural® qui allie 1'aide d'un menu au moment de la premidre rédaction d'une famille de données
aux facilités de récupération des historiques pour le calcul des évolutions.

o ST e O e S ,..*—1—.
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- Contraintes technologiques dans l'optimisation des composites.

Les nappages optimaux en composites dégagés par notre méthode laissent quelquefois perplexe
le dessinateur de bureau d'études au moment de la réalisation 3 nous sommes donc amenés 3 chercher
une formulation claire des contraintes technologiques du drapage des fibres en particulier dans le
contexte de l'utilisation de machines & draper.

Un probléme essentiel reste encore ouvert, cfest l'intégration de l'optimisation structurale
dans les autres disciplines, en particulier :
- Ltaérodynamique et les performances.

Actuellement la lialson est faite par le contrdle des déformations aéroélastiques qui permet
théoriquement l'optimisation des profils pour 2 points du domaine de vol. On peut aller beaucoup
plus loin, en effet nous sommes capables de calculer les variations de masse induites par les
changements de forme aérodynamique.

- Qualité de vol.

Aujourd'hui elles sont prises en compte de fagon assez forfaitaire dans 1l'optimisation struc-
turale par les limitations de variation des coefficients aérodynamiques ; en fait il y a intéraction
compléte entre la conception des commandes de vol électriques, les charges de dimensionnement et
1'aéroélasticité.

L'étude de cette optimisation pluridisciplinaire commence par une formulation mathématique
explicite du probléne, en particulier il faut définir ce qu'est la fonction objectif 3 minimiser
pour obtenir un avion optimal.
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ANNEXE

EQUATIOI}S DE BASE DU COUPLAGE AEROELASTIQUE

I - PHASES PREALABLES (Batch)

- Aérodynamique théorique : champs de pression discrétisés

Ke = Ke, + {l{(l 1 +[9—K-9-—_& '

‘\x effets aérodynamiques r-igides (Inc dence s X braquage de geuvernes, etc.)
1¢ Déformée des surfaces portantes exprimées dans une base de mondmes

( q A & ‘{b de rang quelques dizaines)

- Equation du moment de l'avion quasi rigide

Fevo = (’V {CCr\,'Sqn.-Q-[Colqo + &%} ,

Les coeff‘icients zérodynamiques C.C'\:I L Co ‘* C-o sont les torseurs résultants
des champs de pression

- Chargement du modéle Eléments finis
F=IPT 6- P= [Pwo , Porantre y Pustreo | chargements de base
~ Resolution éléments finis (sur C.L. isostatique)
X=[ K‘l"‘ F = Déformées de base B = [ 1K L P

- Opérateurs "concentrés"

. Contraintes et efforts aux points sensibles § = C% ] X = E%’b‘l -‘:‘(_’b—:";][gj

. Torseur résultant et mouvement rigide [_?..F&_‘Lﬁ.'-] L?.{_Z_"_“_é‘] (Pour chaque masse de base)

SETTE

. Chargement aérodynamique décomposé dans les chargements de base

emes TRV Ko = e [RIDEE L 3 =[R2

. Lissage des déformées E.F. dans les formes aérodynamiques 103[L] X—->L b“& [L:S [B]

B e R = o

I s a A i e s o

-

I1 - PHASES REPETEES (INTERACTIVES)
~ Recalage empyrique de l'adrodynamique (identification sur résultats de soufflerie, "expérience"
M ecale >4 ] .
- ALt
—?[ T d ] C'FS"'; letﬂ.

- Calcul des charges d'inertie dans les conflgurations envisagées (combinaisons linéaires des
effets d'inerties élémentaires)

=> [ ¥ f

P

- Charge aérodynamique de base équilibrée par les effets d'inerties )
3 Y e ) E _L
== [‘_St:\,] “V“;('L“ ""<.I r‘b ] %X [- ML’]}[. oY nede : |

Em]@%u«-@; CET ‘U"’”‘]WSL s
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- Caleul des.coefficients aérodynamiques avion souple

Elimination des effets souples

(«o:. —% 0\/"(‘ Ao + [Aa—lc(f\, r[Az-Sqo\‘S + A e
A = L3I0 Tt (A]=C3RIL ]t

(Plus correetion du mouvement rigide) 1

=> qo= —fL—?vL{‘EM—] I~ + Mu}; + Mo unkee
AMe=LOIMAT [OY = I-4 0 viALT

La singularité de (;D_} exprime la divergence statique.

. Coefficient aérodynamiquc apparent

CCl=0 a3+ Sevr{c, L]
Com Cop +[CaTAEPVE Me t M uia)

- Contraintes et efforts unitaires aéroélasticité éliminée

T =N IRE T + 4 v (3 10Ty |

b\-(o
- Calcul de manoeuvre avion quasi rigide

. Equation mécanique du vol avec [C ] ""._‘:> C{q (,b )

. Contrainte et effort en manoeuvre aux points sensibles

- A >
C&)Y = G + 2 evt Qag_;v»] qate)

e

- Enveloppe automatique des charges, Principes :

. Un cas de charge est déclaré enveloppe si il conduit 4 une valeur extrémale de contrainte
(A une tolérance prés) sur au moins 1 point sensible de la structure.

. On cherche le nombre minimum de cas de charge tel que en chaque point sensible les valeurs
extrémales des contraintes soient atteintes pour au moins un cas de charge (A la tolérance
prés).

. L'élargissement de la tolérance permet de réduire le nombre de cas enveloppe.

. Le processus est associatif.

o W s s, Tt w0 T

- Retour aux Eléments Finis pour les cas enveloppe.

&~

. En charge

. En déplacement

A e

[u
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AEROELASTIC CONSIDERATIONS IN PRELIMINARY DESIGN

OF A MILITARY CCMBAT ATRCRAFT

by
M. ORMEROD, Principal Dynamics Engineer
and
D. G. GIBSON, Senior Aerodynamicist
British Aerospace PIC
Aircraft Group
Warton Division, Warton Aerodrome,

Preston, Lancashire,
England.

ABSTRACT

This report gives an outline of the aeroelastic considerations taken into account during the early
stages of a modern combat aircraft design, It describes the manner in which the aerodynamic
performance requirements are balanced against what can be achieved by structural optimisation. At the
same time, flutter characteristics are established in such a way that as many as possible of the design
features that are potentially critical for flutter are identified.

It is shown that these procedures can produce structure that achieves the selected performance targets
and give adequate fundamental (bending/torsion) flutter speeds. However, there are significant
secondary effects associated with items such as tip missiles, control surface actuation and underwing
stores that have to be treated carefully if meaningful design advice is to be given before the design
is frozen.

1.  INTRODUCTION

The overall objective is to ensure that the aircraft has adequate quasi-static aeroelastic
properties for stability and strength, and does not flutter, within the required flight envelope.
This is a continuing activity that keeps going throughout the life of the aircraft from initial
project study through to the final release to service. During the early part of an aircraft
development programme, the emphasis is placed very much on identifying potential aeroelastic
problems. The sensitivity of the underlying mechanisms to changes in all uncertain parameters
must then be established., It is important to ensure that the design recognises and reacts to
these by setting appropriate formal requirements before the structural configuration is frozen.
This report details the way in which we approach this task at BAe Warton.

The selection of static stiffness criteria is described for the various forms of surface., This is
part of the basic sizing assumptions made in the configuration design process. The routine
solution of the structure to satisfy these targets allows aerodynamic stability work and
structural definition to proceed in parallel in the confidence that the design point requirements
will be met.

Three methods of flutter assessment are described in the order that they are applied: the use ot
standard specifications and basic rules of thumb; automated structural optimisation procedures
with flutter constraints; and direct flutter calculations. Some results from a recent combat
aircraft flutter assessment are shown highlighting the different approach required in early
project calculations to those needed for formal clearance demonstration.

2. QUASI-STATIC CONSIDERATIONS

2,1 Fundamental Considerations

There are four major aspects of the design and perofrmance of an aircraft that have a considerable
influence on the required overall effects of quasi-static aeroelasticity.

These are not in order of importance but of complexity, figure 1 illustrates the overall effects
of distortion under balanced conditions.

a) "Rigid Body" Stability

The changes in aircraft "rigid body" stability characteristics as a result of steady
aercelastic distortion, for example, the effect on pitch stability as a result of aerodynamic
centre movement.,

b) aircraft Control

If the basic control powers are reduced by increasing dynamic pressure, there are two
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2.3

possible consequences.

Firstly, the pilot may be unable to produce sufficient disturbance of the aircraft. 1In
addition, and especially when active control technology is being used, the control system may
also be unable to provide sufficient "shaping” of the aircraft response which results in
undesirable motion, up to the level of actual loss of control.

c) Structural Strength Requirements

One outcome of (b) above is that with controls with low aeroelastic efficiencies (flex/rigid
ratios) the amount of control deflection, in the aerodynamic sense, to provide the required
rotation moments on the aircraft is increasing and obviously, with it, the amount of hinge
moment applied to the surface, and control surface strength required.

d) Drag

There are both first and second order effects on aircraft drag.

There is the direct effect of the distortions due to applied loads for the trimmed aircraft
which changes the aerodynamic loadings and produce direct changes in pressure distributions
and hence in drag due to lift.

With significant structural distortion the direction of the resultant forces from the
pressure distributions are also changed, with a consequent further change in the total drag
force.

The basic objective throughout the evolution of the aircraft design is to minimise the
adverse effect of structural properties on the aerodynamic performance and weight of the
structure. In order to satisfy this requirement, criteria to be met have to be devised in
order to provide both rational and reasonable constraints on the structural properties of the
aircraft.

Constraints on Structural Properties

a) Requirements -~ In the early design stages of an aircraft, the usuzl problem that effects all
areas applies to the structural properties that is that with inadequate definition (because
the configuration is being defined) the desired structural properties have to be designed in.

Fortunately, as a result of the advent of structural optimisation procedures, to obtain
minimum weight structures, which are sufficiently reliable and economical for routine uce,
the task of controlling the aerodynamic effects of the structural properties appears to hau-
become manageable, or at least reached the stage where the task appears reasonable.

b) Derivation of Criteria - As in all design stages the task of setting adequate criteria is
that of reconciling the desirable aims of perfection with the practical reality of simple
straight forward criteria.

In particular, the fact that the end results required are for the total configuration and, in
general, simple constraints that are independent of the rest of the configuration, are
required to allow independent design of the pieces is a major consideration.

Agplication to lifting surfaces

We regard the lifting surfaces as falling into one of three categories, dependent on method of
attachment and intended use. The three categories are:

a) Spigotted all-moving tails ~ stabilisers attached to the aircraft by rotating spigot fitting
with the whole surface used for control.

b) Fully fixed tails - usually fins and rudders but horizontal surfaces with flaps also fall into
this category.

c) Wings -~ major lifting surface firmly attached to the fuselage.

Proceeding to consider these types in more detail, they have the following characteristics:

a)

b)

Spigotted surfaces are, in general, sensitive to operating mechanisms flexibility, and not to
actual panel flexibility and, as a result are sized to strength only criteria with an
actuation/attachment stiffness requirement.

Figure 2 illustrates the basic properties of this type of surface.

Fin (or horizontal tail) size is determined among other considerations, by the dual requirements
of adequate stability and adequate control at high equivalent airspeeds.

To obtain this level of effectiveness, criteria for both sideslip and rudder angle loadings (for a
fin) are set for a high Mach/high EAS point on the basis of previous achieved levels of
efficiency, and the structure optimised to achieve this level of efficiency with fixation at a
major rear fuselage frame.
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This is possible, in-gereral as a consequence of having both an identifiable load path from the
fin to the main centre fuselage, and that load distribution does not materially affect the fin
result. There is a complementary rfequirement for stiffness on the front fuselage which is also
assumed in the sizing process. -

Figure 3 illustrates the effects being balanced during the optimisation process.

Wings in general have two important characteristics. They are attached to the fuselage over a
significant length, Tornado and F11l1 being -notable exceptions; and are required to provide both
the aircraft speed and lift performance togethér with some roll control power from wing mounted
flap or spoiler surfaces.

With "slender™ aircraft, the shape of the wing under 'normal' acceleration is determined more and
more by the way the aircraft is balanced by flaps and/or horizontal surfaces and the resulting
longitudinal vertical displacement of the fuselage a definition that is not usually available when
preliminary wing sizing is carried out. This indeterminacy has resulted in concentration, on the
antisymmetric requirements in that aileron roll power is an identifiable requirement where
fuselage effects are not as large. The required roll effectiveness is derived from required "time
to bank angle" manoeuvreability specifications. Calculation of aileron "effectiveness" (fixed
root) still requires an assumption of fuselage effects and the roll damping effects. Current BAe
practice is to use an optimisation based on steady roll rate, which allows the structure to trade
damping efficiency for control effectiveness, in order to achieve the minimum weight structure,
also because the damping and forcing moments are equal at the aircraft centreline, the effects of
the wing attachment fittings flexibility on the stiffness required from the wing is minimised.
Figure 4 illustrates the overall effects that the optimisation has to consider, and the way in
which they may be exchanged. It should be noted that although similar to the cases used for the
fin, damping loss is traded against flap loss, instead of a minimum efficiency for both effects.
Conflict between this criterion and the requirement that exists for washout under high load,
results in a choice being made on the selection of the more important criterion.

FLUTTER ASSESSMENT PROCEDURES

To meet the objectives, the methods employed must be rapid and flexible so that a wide range of
structural configurations can be studied without prohibative expenditure on manpower, and computer
time. Three assessment procedures are available.

3.1 Previous experience

In general, the wide range of experience gathered throughout the world over the past 60
years or so has been distilled into requirement documents such as MIL 8870, and Av/P/970,
These carry considerable weight with the procuring authorities and make a sensible base for
early design advice. Typical examples are Control Surface rotation stiffness and tacklash
which are tightly specified. They ensure that actuator mechanisms with, for instance,
complicated bell crank mechanisms are monitored very closely if not killed at birth.

Previous experience has also provided a set of simple rules of thumb which, in general, but
not always, produce a design which is relatively free from flutter.

a) Make everything as stiff as possible, although there may besome advantage in flexible
underwing store pylons which rould decouple the wing and store modes.

b) HMaximise bending/torsion frequency separation. This usually means aiming for high
torsion stiffness.

¢) Although sweep, taper and aspect ratio are usually dictated by other considerations
given the choice high values of the first two and a low value of the third are
beneficial.

d) Place all equipment close to the leading edge rather than the trailing edge. If
rearward scanning sensors are required in, say, the trailing edge , try to compensate by
mounting the control equipment etc on the leading edge.

e) Ensure all underwing and wing tip mounted store cg's are kept as far forward as possible

Some of the older criteria based on ensuring that the torsion mode frequency is sufficiently

high rarely work reliably for the low aspect ratio aerodynamic surfaces typical of modern
combat aircraft.

3.2 Optimisation with flutter constraints

It is now possible to size aerodynamic surface structures using optimisation techniques
that respect flutter criteria (Ref 1 for instance). These split the optimisation
process into two parts. The first follows the traditional strength criteria yielding a
first standard of structure. The second works to flutter criteria. These two
procedures are followed iteratively until a structure satisfying both sets of
requirements, results.
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3.3

Although these procedures will be developed further, used moré often and over a wider
range of structural types in the future, care is required. Our experience suggests
that:

a) For typical combat aircraft wings with low aspect ratio, fixed root and trailing edge
controls the strength/static aercelastic designed wing has more than adequate
fundamental bending/torsion flutter margins. Provided the simple frequency criteria
for the control surfaces set by MIL SPEC/Av/P/970 are met, flutter associated with
trailing edge flaps should also be avoided.

Thus, problems with the wing are most likely to occur for externally mounted stores.
The specifications for most modern combat aircraft include a wide range of tanks and
air~to-air missiles both underwing and on the wing tip. Often there are fall-out
requirements for a large number of air-to~ground-stores. The computing time and costs
alone preclude the use of current optimisation methods to cover all the possible
combinations of these stores.

b) For all moving tailplanes, fins and foreplanes controlled by hydraulic actuators,
flutter can be a serious problem., Our limited experience of using structural
optimisation routines with flutter constraints in a case such as this has lead to the
following tentative conclusions,

The flutter mechanisms involved are sensitive primarily to mass changes on the surface
structure and stiffness changes in the actuation system or the mounting spigot. MIL
SPEC and Av/P/970 already require high values of mounting stiffness and it is difficult
and costly to increase these significantly. Thus the only realistic parameter that is
available is mass balance. This can be specified more economically via direct flutter

calculations - see below.

Flutter derivatives (rates of change of flutter speed with mass and stiffness) must be
treated with caution. Figure 5 shows an example of a tailplane flutter where the
initial set of flutter derivatives indicate that mass should be concentrated the
leading edge tip. However, even relatively small changes in mass at this point give
subtle changes in the mode shapes and thus change the flutter coupling mechanism. In
the end, the most weight~effective solution was to add a large concentrated mass at a
point that initially had negative derivatives.

c}) The strength/static aeroelastic requirements for a fin rudder give a different overall
stiffness distribution to the wing. In general the flutter margins are lower than the
wing but are still adequate.

Thus, although formal optimisation procedures with flutter constraints should ensure that
severe basic bending torsion flutters do not occur they are unlikely to change
significantly the design of the fundamental torsion box structure.

Furthermore, uncertainties associated with crucial parameters such as control surface
actuator impedance and transonic unsteady aerodynamics mean that the results cannot be
taken at face value. Sensitivity studies, as described below, are still essential.

Specific Flutter Assessment

Modern computing capacity and speed is such that the complex calculations associated with
flutter assessment can now be conducted quickly and reasonably accurately. It is still not
possible to do a full flutter investigation covering all required aspects of the design, but
by careful formulation of procedures and selection of configurations and conditions, insight
into the mechanisms can be gained. This allows meaningful conclusions to be drawn and
useful design advice to be given. We use the following procedures, believing that they form
an adequate base for this.

a) For the structure, the routines used to generate the structural sizes during the
strength/stiffness optimisation process also yield a full stiffness matrix and structural
mass distribution for the primary and secondary aerodynamic surfaces. This structure is
broken down into sub-structures and then put into a branch mode form such that parameters
that are known to be flutter sensitive or are uncertain are isolated and can be easily

changed.

b) "Discrete Load Modes" (ref 2) are included where local structural distrrtions are likely
to play a significant part in the coupling between branch items (wing/pylon interface,
for instance).

If the structural components are represented in this way the unsteady aerodynamic forces
need only be generated once for each Mach number.

c) Unsteady Aercdynamic calculations are limited to on¢ subsonic and one supersonic Mach
number (M = 0.8 and M = 1.2). Flutter investigations are limited to S.L. conditions
only. Reductions in flutter speed from transonic effects are taken into account by an
additional factor of 1.1 on the required flight envelope speed terms in the Mach number
range 0.8 to 1,2 (e.qg. fig 6).

d) The unsteady aerodynamics for underwing stores are omitted. However, the tip missile

O L

W S b rnrnis R i S g # won b A - [

O e A



http://www.abbottaerospace.com/technical-library

—t e e

.

L S PN Wl ekt i W P

e e e s AT i 0 R Gy ottt Mol

i
& Apa

aerodynamics must be included. These can be generated quickly and with sufficient
accuracy in the following way:

Extend the wing out to the outer surface of the tip missile in the basic wing aerodynamic
calculation and factoring the resulting aerodynamic lift forces on the extended area to
zero. Add in measured or calculated aerodynamic forces for the rigid missile. Comparison
with wind tunnel measured values for the F5 (ref 3) showed reasonable agreement.

e) Flutter calculations .are made in general at constant frequency parameter. Computer
programs have been developed which calculate the variation of modal frequency and damping
with different structural parameters as well as with airspeed. We also use extensively
the root-following routines of Baldock and Niblett (ref 2). This allows us to derive
flutter speed contours for a wide range of structural stiffness, mass, inertia and c.g.
parameters.

We have aprlied this procedure during a recent combat aircraft study.

3.4

a)

b)

c)

3.5

Results

Wing - For the wing the branch modes chosen included torsion box primary modes, two
trailing edge flap rotation modes, fixed hinge flap modes, tip missile pitch wing/pylon
"discrete load modes" and fixed root pitch and roll modes for each underwing pylon.
Unsteady Aerodynamics were calculated for wing, flap rotation, flaps, discrete load and tip
missile modes only.

Basic flutter speed calculations indicated that for nominal parameter values, no flutter
problems were expected for the clean wing (fig 2). Root following routines were used to
plot flutter contours for inboard and outboard flap stiffnesses (fig 7). These show clearly
that margins are high over all reasonable combinations — Note, as expected, zero actuator
stiffness gives a severe flutter - a serious problem if the actuator fails or if there is
significant backlash.

If the tip missile is included, then basic bending/torsion flutter speeds reduce markedly.
There are two sources: (1) the inertia of the store reducing the fundamental torsion mode
frequency, and (2) the presence of the missile strengthens the wing tip aerodynamics (fig
8a). Again the root following routines were employed this time to assess the trade off
between tip missile attachment stiffness and the missile fore/aft c.g. position (fig 8b).

When underwing stores are added, the large number of possible combinations of stores
precludes a full assessment of each. However, a baseline set of configurations representing
the most important configurations and covering a reasonable range of mass and c.g. were
chosen. Flutter studies again concentrated on understanding fundamental coupling mechanisms
and establishing sensitivities. Figure 9 shows typical combinations of parameters that
could give serious problems.

Fin/Rudders - For the fin, the structural model was set up with branch modes representing
the primary torsion box, rigid rudder rotation and the rudder. Basic bending torsicn
flutter is well outside the required flight envelope but a coupling between the 3rd primary
mode and the rudder mode is potentially a problem (fig 10). The flutter is not sensitive to
realistic changes in actuator stiffness (fig 1l). Bearing in mind uncertainties about
transonic effects, this flutter would require very careful monitoring.

Actuator failure (to zero or very low stiffness) results in a mild low speed flutter.

Neither of these problems can be easily cured by realistic levels of mass balance. The
flutters are relatively mild however and could be cured by the addition of extra damping in
the rudder rotation mode.

Foreplane - For the foreplane, the branch modes used included fixed root modes for the
main structure and two rigid foreplane modes-spigot rotation and spigot bending. Contour
plots of flutter speed against spigot bending and rotation stiffness indicates immediately
the importance of the rotation mode and hence sensitivity to actuator impedance and
attachment stiffness (fig 12).

Studies of the effect of mass balance show that the optirum position is at the tip leading
edge.

Design Recommendations

Based on the detailed results obtained from these calculations, a re-issue of design
requirements can be made. In this case specific requirements were issued for:

(&) Control surface actuator impedance and local attachment structure stiffness for the
wing flaperons, foreplane, and rudder. In general these confirm the reguirements of MIL
SPEC and Av/P/970.

(b) Tip missile c.g. position. This was chosen (from fig 8) so that the flutter became
independent of local attachment structure stiffness.

(c) because of doubts about the transonic behaviour of the rudder and flaperons, space
provision was reconmended for rotary dampers,
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(d) Provision only for up to 4 Kg-mass balance in the foreplane.
(e) Underwing store ¢.g. position and pvlon stiffness values.

']

4. CONCLUSIONS
The availability of powerful modern computers allows the simultaneous con'sideration of strength,
static aeroelastic, and flutter in a structural optimisation process during the early design phase
of an aircraft.

1 a) The availability of structural optimisation procedures including quasi-static aeroelastic
constraints has increased dramatically the confidence in being able to achieve particular aero
structural properties.

b) The most immediate increase in knowledge of techniques are required in the sphere of setting
criteria for aero-structural properties that represent simply the total restraints that are
desired to be applied. To put it another way, exploration of the best way to apply the possible,
in order to achieve the desirable.

c) Present work and capability is mainly opplied to the case of obtaining the bect aero-structural
results from a particular configuration. Consiasrable exploration seems necessary in order to

\ optimise the con{. uration at the stage before a finite structural definition is possible.

d) The strength and s.atic aeroelastic requirements for a modern combat aircraft structure are such
that coupling hetween fundamental bending and torsion modes is unlikely to cause serious
fundamental flutter problems for the 'basic fixed-root wing, fin or tailplane/foreplane. Problems
are more likely for all-moving surfaces, controls and externally mounted equipme