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THE MISSION OF AGARD

The mission of AGARD is to bring together the leading personalities of the NATO nations in the fields of
science and technology relating to aerospace for the following purposes:

— Recommending effective ways for the member nations to use their research and development capabilities
for the common benefit of the NATO community;

— Providing scientific and technical advice and assistance to the North Atlantic Military Committee in the
field of aerospace research and development;

- Continuously stimulating advances in the aerospace sciences relevant to strengthening the common defence
posture;

— Improving the co-operation among member nations in aerospace research and development;
— Exchanging of scientific and technical information;
— Providing assistance to member nations for the purpose of increasing their scientific and technical potential;

— Rendering scientific and technical assistance, as requested, to other NATO bodies and to member nations
in connection with research and development problems in the aerospace field.

The highest authority within AGARD is the National Delegates Board consisting of officially appointed senior
representatives from each Member Nation. The mission of AGARD is carried out through the Panels which are
composed of experts appointed by the National Delegates, the Consultant and Exchange Program and the Aerospace
Applications Studies Program. The results of AGARD work are reported to the Member Nations and the NATO
Authorities through the AGARD series of publications of which this is one.

Participation in AGARD activities is by invitation only and is normally limited to citizens of the NATO nations.
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directly from copy supplied by AGARD or the author
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FOREWORD

Within AGARD, particularly within the Propulsion and Energetics, and the Fluid Dynamics Panels, it is felt that
large uncertainties exist with respect to the present techniques for predicting aircraft performance at transonic speed,
particularly with respect to engine installation and high lift. In order to review the present techniques as used in the
various NATO countries and to gain insight into their specific merits and shortcomings, an Ad Hoc Committee under
the leadership of Prof A.Ferri, was proposed by the Director of AGARD, and approved by the National Delegates at
the 1970 Annual Meeting. The purpose was to study the above problems and, if possible, to make recommendations
for further studies.

The selection of committee members by the National Delegates was completed in April 1970. The members of
the Committee are as follows:

For France:
I.Berger, J.M.Hardy, B.Masure, P.Poisson-Quinton.

For Germany:
W.Alvermann, A.Heyser, E.Riester.

For Italy:
"~ C.Casci, R.Monti.

For the Netherlands:
M.E.E.Enthoven, F.Jaarsma.

For the United Kingdom:
E.C.Carter, E.L.Goldsmith.

For the United States of America:
P.Antonatos, A.Ferri (Chairman), A.E.Fuhs, J.Jones, D.Zonars.

The Committee selected a list of technical organizations interested in the accuracy of wind tunnel data derived
from three groups: (a) Wind tunnel operators and experimental research workers, (b) Airplane designers and air-
plane manufacturers, and (c) Airplane users and design evaluators.

As an initial step for the preparation of a meeting of the specialists, the Committee prepared a questionnaire
for the selected organizations interested in this problem in each country; this was distributed by the members of
the Committee of that country. The objective of the questionnaire was to obtain consistent and comparable sets of
information on the approaches used to simulate engine interference and to evaluate the effects of incomplete simu-
lation in wind tunnel tests of engine flow. A second questionnaire requested information on the type of corrections
used for evaluating wall interference at high lift, on the criteria used for justifying the lack of corrections where
corrections were not performed, and on the wind tunnel turbulence and its effects. Such questionnaires were pre-
pared and finalized at the first meeting of the Ad Hoc Committee which took place at AGARD Headquarters on
July 15—17, 1970. The questionnaire was distributed to all components of the three groups. A meeting of the
interested specialists was planned at that time. It was decided that the results of the different contributions would
be presented in an organized form and discussed, and that a set of conclusions and recommendations would then be
generated. The Committee decided that at this second meeting only one representative of each organization that
responded to the questionnaire would be invited, and that observers would be excluded.

The following companies, agencies and establishments cooperated in the study:

For France:
SNECMA, ONERA, SNIAS, Dassault.

For Germany: ' .
DFVLR —~ AVA, Hamburger Flugzeugbau, Messerschmitt-Bélkow-Blohm, Vereinigte Flugtechnische Werke.

For Italy:
Fiat.

For the Netherlands:
N.L.R,, Fokker.

For the United Kingdom:
ARA.
RAE (Farnborough and Bedford)
Rolls Royce (Hucknall and Bristol)
British Aircraft Corporation (Filton, Warton, Weybridge)
Hawker Siddeley Aviation (Brough, Hatfield, Kingston, Woodford).
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For the United States of America:
NASA (Ames, Langley, Lewis), USAF,(ASD, FDL, APL, AEDC), ARO, Inc., Boeing
Fairchild Hiller (Republic Aviation Division)
Fluidyne
General Dynamics (Convair Division)
General Dynamics (Fort Worth Division)
General Motors (Allison Division)
Grumman Aerospace
Lockheed-Georgia Co.
LTV-Vought Aeronautics Division
McDonnell Douglas Corp.
Northrop, United Aircraft (Pratt and Whitney Division).

The second meeting was scheduled for 2123 September 1970 in Florence, Italy at the Scuola di Guerra Aerea.
The participants at the second meeting totalled 42; this list is available at AGARD. The discussions and presentations
of the summaries took place on the first two days, September 21 and 22. On the third day the Committee members
outlined the conclusions and recommendations to be transmitted to the organizations active in this field, and to the
National Research Laboratories of the NATO Nations.
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on
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1.  INTRODUCTION

Recent developments of high performance airplanes have generated requirements for the prediction of the aerodynamic perfor-
mance of airplane designs with extremely high accuracy, certainly better than that which is presently possible with available experi-
mental techniques. As a result, a critical review of present experimental methods is taking place, and development of new experi-
mental techniques is in progress.” Such activity is primarily carried on at a national level; however, substantial activity in this field
exists to some degree in several of the NATO nations. For this reason, the Director of AGARD, supported by the National
Delegates, has initiated an Ad Hoc Committee for the purpose of generating a direct exchange of information and technical
opinions, and where feasible, to stimulate joint programs in this field. As a first step in this program, two separate efforts were
initiated by AGARD related to experiments in transonic flows: (a) one was sponsored by the Fluid Dynamics Panel and, as
reported in AGARD—AR—35-71, related to the effects of Reynolds number on aircraft performance and to the design of high
Reynolds number wind tunnels; (b) the second related to correct representation in wind tunnel tests of the interaction between
engine flow and airplane characteristics, and on wall interference at high lift. The second task, because of its specialized nature,
was assigned. to an Ad Hoc Committee recommended by the Propulsion and Energetics Panel, reporting to the AGARD Director
and consisting of specialists from different nations who were nominated by the National Delegates. The Committee has performed
the first phase of the technical activities and has prepared a technical report which contains a description of the techniques used,
ahd as summarised in Sections 2 and 3 below, the comments, conclusions and recommendations of the Ad Hoc Committee.

2. ENGINE-AIRFRAME INTERFERENCE IN TRANSONIC TESTS

The review of the experimental methods used for determining correctly engine airplane interference
in transonic tests has been divided into the following topics:

1, Inlet airplane interference,

2, Definition of engine thrust consistent with the definition of
the airplane drag and nozzle characteristics.

3. Exhaust flow and airplane interference,

4, Determination of interference of the engine flow on the aero-
dynamic characteristics of the complete configuration.

The justification for such a division was based on the fact that the inlet and nozzle are developed in
experimental investigations which are separate from the investigation of a complete configuration, while
the thrust of the engine is measured independently and the definition is based on the experimental ap-
proach used for the measurement of thrust by engine manufacturers.

The Committee found that the present methods used by different groups have substantial similarity and
some differences. However, the panel has concluded that all of the approaches used have important unknowns
and shortcomings that are not necessarily satisfactory when thrust-minus-drag is to be predicted with one
or two percent accuracy. Better and more satisfactory approaches are required. Such approaches are not
completely available; therefore action on the part of the research groups involved is required in order
to develop new techniques and to improve existing experimental techniques.

Listed here are specific comments and recommendations by the Committee.

2.1 Inlet

(1) In inlet tests, only a small part of the airplane configuration is usually represented, this being
usually limited to the part ahead or in the proximity of the inlet. Usually the flow somewhat downstream
of the inlet is not correctly represented in the tests, In many cases, the characteristics of the down-
stream flow affects substantially the flow field entering the inlets, and the flow of the boundary layer
scoops or boundary layer bleeds. The Committee recommends that the first step of an inlet test in transonic
flow be devoted to ascertaining that the downstream effects either are small, or are correctly repre-
sented. The results of this part of the investigation should be attached to any report documenting ex-
perimental results on inlets. This practice is not generally followed in the present programs. The panel
feels that such a problem can be solved more easily for engine installations attached to the fuselage,
while it is extremely difficult for podded engine installations. Here methods to add energy to the inlet
flow are required. An approach recently developed along this line is the use of the engine simulators.

The panel recommends that this direction be encouraged. However, it is important that in the develop-
mént of engine simulators careful attention be given to represent correctly the scaling parameters that
define the pumping characteristics and therefore the mixing of the engine jet with the outside flow. Unless
such_characteristics are correctly represented;. the use of the engine simulator does not assure correct
representation of the downstream influence. Analytical and experimental work is required in this field,

(2) The boundary layer scoops, boundary layer bleeds, and the dimensions of the inlet entrance cannot
be truly represented geometrically in the model unless the experiments are made at full scale Reynolds
numbers. Usually in present tests, the geometry is either conserved or changed in such a way that the
air entering the inlet is free from nonrepresentative low energy boundary layers produced by the front
part of the airplane. This is obtained either by increasing the size of the boundary layer scoops, or by
modifying the airplane shape,

The problem of correct aerodynamic representation of the airplane configuration is a very important
one, and exists for all airplane components, Such problems, until now, have not received the required
attention. Not only should the airplane shape be changed because of differences in boundary layer dis-
placement thickness, but also because of differences in aeroelastic deformations. In inlet design, a
compromise is usually required between drag of the boundary layer scoops and-inlet performances. Such a
compromise tends to select a solution where the outer part of the boundary layer enters the inlet. This
compromise is usually not simulated in inlet tests, Present methods for evaluating scoops and bleed drag
for representation of the boundary layer flow field in front of the inlet, and for selecting the required
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changes in the airplane configuration in order to account tor the different Reynolds numbers, are neither
standard nor satisfactory, The approach used with respect to this simulation is usually not described in
inlet reports. The Committee recommends that an activity be initiated, possibly sponsored by AGARD, for
the purpose of defining an acceptable standard method for attacking such a problem, and to outline accept-
able experimental techniques required to determine more accurately the performance of the inlet and to
evaluate the drag of the inlet and boundary layer scoop of the airplane,

(3) One of the important quantities to be measured in the inlet and exhaust nozzle test is the mass
flow., Systems capable of obtaining accuracy on the order of 1 to 0.5% can be produced, provided that the
distortion of stagnation pressure and temperature profiles are negligible, In inlet tests, this stagna-
tion temperature distribution 18 usually not measured. When the model is at a different temperature from
the stagnation temperature of the tunnel, and heat transfer takes place in the inlet duct, the stagnation
temperature distribution should be measured in front of the flow meter in order to obtain the required
accuracy. In addition, calibration rigs should be used for the calibration of the flow meter where the
actual distortion of stagnation pressure and temperature measured in the inlet can be represented. When
possible, the distortion should be minimized in front of the flow meter; better accuracy can then be ob-
tained, this being required in order to have more accurate information on external drag. For good accu-
racy of results, precision on the order of 0.5 is required. Reports on experiments should describe the
approach uged to define the accuracy quoted for the flow meter.

(4) The measurement of dynamic characteristics of the inlet is important for some flight conditions
and engine designs so as to allow analysis of the compatibility of inlet and engine near stalling.

The dynamic characteristics depend on the acoustic characteristics of the main flow, and on the
dynamic characteristics of the boundary layer, Disturbances generated downstream can produce local sep-
aration of the inlet boundary layer, or move the separation point of the boundary layer. Such effects can
amplify the intemsity of nonsteady disturbances. The Committee recommends that such a phenomenon be in-
vestigated in order to define the scaling laws, and the experimental techniques to be used. Some activ-
ity already exists in this field; however, the scaling criteria for the experiments are not yet avail-
able, Additional basic research in this field is necessary. Such research should be carried on at the
national level. '

2.2 Engine Thrust

The definition of engine thrust as given by the engine manufacturer is based on the method used to
measure engine thrust in the test cells. The impulse of the entering flow is measured accurately, and
the tangential force produced by the engine is measured in a balance, In this measurement a convergent
nozzle usually is utilized to throttle the engine. The nozzle discharging into a chamber where the
average flow velocity is zero, the static pressure at some distance from the engine is measured during
the tests,

Mags average values of the stagnation pressure and temperature are measured and quoted and the nozzle
coefficient of the nozzle used in the test is also given., Such a value is determined experimentally in
separate nozzle tests where the average stagnation pressure and temperature measured in the engine are
used as stagnation conditions., Such quantities are also used to define the thrust of the engine for
different flight conditions,

The Committee feels that the use of average stagnation quantities to define the engine performance
is not satisfactory for advanced engines. In addition, the use of converging conical nozzles for the cali-
bration of the engine is not the best approach for an accurate thrust definition, These two approaches
can introduce errors in the definition of the actual thrust of the engine to be used in the determination
of thrust minus drag.

In advanced turbojet engines of the bypass type or those having partial afterburners, large non-
uniformities in stagnation pressure and temperature can exist., The nonuniformities have several effects;
because of velocity and temperature gradients, viscosity and heat conduction are important,

Such effects produce entropy rises in the flow; therefore, the nozzle flow is not isentropic. The use of
nozzle coefficients obtained from tests where the nonuniformity is not represented introduces errors in
the evaluation of thrust minus drag. Because of the nonuniformity in stagnation pressure and temperature,
the flow field at the exit of the nozzle is different from that obtained in a flow having uniform stagna-
tion pressure and temperature equal to the mass average values. The pressure distribution at the exit

of a convergent nozzle is different (and higher) than the average value of the static pressure in the
discharge chamber. The sonic line and the Mach number at the exit of a converging nozzle are affected by
the presence of nonuniformities in stagnation conditions., Thus the nozzle coefficient obtained by using
uniform quantities is not equal to that obtained in the engine. For converging nozzles at transonic speed,
errors as high as 2% in thrust have been calculated due to these differences.

The second objection is related to the use of a convergent conical nozzle as a reference nozzle. The
flow field at the exit of a convergent conical nozzle is not unequivocally defined ewen if the pressure
ratio through the nozzle is above critical, The sonic line starts at the end of the nozzle; however, the
flow at the section at the end of the nozzle is subsonic. The sonic line is affected by the static
pressure disturbances along the streamline that divides external and internal flow until the flow is com-
pletely supersonic. Such pressure in flight depends on the flight Mach number and airplane configuration,
In the test cell, such distribution depends on the mixing phenomena between external and internal flows.
Such phenomena are strongly affected by local conditions and cannot be defined completely by simple parameters,
Therefore, in order to obtain consistent calibrations, the Committee recommends that a nozzle having a small
diverging region downstream of the throat be used for the definition of thrust so that the extermnal
conditions will not be important. This problem is of special importance for bypass engines that discharge
the two flows separately, In this case an incorrect representation of the nozzle flow for the bypass air
affects the split between main flow and bypass flow, In this case it is important that the flow at the
exit of a bypass engine be carefully analyzed and if required, correctly represented, Analytical and
experimental work is recommended in this topic to determine the importance of these effects and methods
for eliminating such errors.
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2.3 Nozzle

The Committee feels that substantial additional analytical and experimental work is required for the
selection of optimum nozzle shape and for the experimental determination of the nozzle performances. The
specific recommendations are:

1. Simple nozzles where only engine flow is injected should be investigated by taking into account
actual distortions in stagnation temperature and pressure. Nozzle coefficients determined from tests
without distortion are not representative when distortion is present. Analytical methods that consider
the effects of distortion and transport properties should be generated and made easily available to in-
dustry.

2. Recognition should be given to the fact that external flow can substantially affect the nozzle
performance., Tests performed for the determination of such effects are unsatisfactory because they do not
correctly simulate the mixing phenomena at the exit of the nozzle. Such phenomena influence nozzle per-
formances and external drag., Similarity laws should be developed to permit the performance of accurate
tests to determine such efforts,

3. Nozzles where secondary flows such as bypass flows, cooling flow, or external flows are utilized,
have in principle the possibility of increasing the performance or flexibility of present nozzle installa-
tions; however, methods for designing such nozzles are lacking. Present methods of analysis usually ne-
glect important parameters such as mixing, boundary layer flows, or three-dimensional effects. The
Committee recommends that analytical and experimental research be increased in this field, at the national
level.

4, Very little information is available on the nozzle performances when leakage is present, or when
the nozzle discharges in a nonuniform field. The importance of such a problem should be investigated.

5. The interaction between internal and external flows depends on the details of the flows in the
region of the mixing between them, Such details are affected by the boundary layer properties of the two
flows. Velocity, stagnation temperature and pressure should be correctly simulated in the tests. The
investigation of such interaction requires correct representation of the external flow. Extensive re-
search on analytical and experimental techniques to investigate such phenomena is recommended. The
analytical work should be directed toward determining methods for correcting tests performed with in-
complete simulation, and to determine the parameters that should be correctly represented in the tests.

2.4 Complete Model Tests

Many different aspects are to be considered today in order to interpret the results of complete
model tests. Many of the problems imvolved in such interpretations are related to the general limitations
of experimental techniques and are not specific to engine airplane interference. Some of the most im=-
portant are: Reynolds number, support interference, aeroelastic effects on the model, tunnel calibration,
etc, However, the engine airplane interference simulation plays a major role also on the interpretation
of data, In the actual airplane, the internal variation of stream tube area from the entrance of the
inlet to the exit of the nozzle is such that for many engines the exit area when the flow is expanded to
ambient pressure is slightly smaller or about equal to the entrance area., If the model is tested without
energy addition in the internal flow, then the exit area required in order to pass the correct mass flow
through the inlet is of the order of twice the area required for correct simulation. For bypass engines,
this difference in streamtube representation is so large that serious errors are introduced in the deter-
mination of the drag of the airplane.

The variation of the streamtube of the flow leaving the engine is also important for the drag deter-
mination when the airplane extends downstream of the engine exhaust. This variation depends on the
pressure field produced by the airplane and on the mixing process between internal and external flows.

The mixing process depends on the ratio of products of density and velocity in the two mixing streams.

For given external conditions, large differences in variation of the streamtube along the length occurs
depending on the stagnation temperature and pressure of the internal stream, When this is important, the
ratio of the product of the velocity and density of jet to that of the outside flow should be simulated.
In addition, the mixing should be turbulent. At the present time, the use of engine simulators appears

to be a good solution to such a problem, which is very serious for podded type engines placed under the
wing. However, the use of engine simulators that use rotating components complicates the testing programs
and makes the program more expensive, In addition, it introduces serious difficulties in the model design
because the thrust of the engine simulator must be determined independently during the tests in order to
measure accurately the drag of the model., Such requirements increase the complexity. For tests of this.
type attempts.should be made to simulate correctly the mass flow and stagnation temperature at the exit of
the nozzle. Schemes where the stagnation pressure and Mach number are simulated, and where an increase

of mass flow is used to balance a decrease of stagnation temperature, could introduce errors because of
the difference in mixing at the exit of the nozzle and during mixing downstream of the discharge plane,
due to the incorrect jet velocity and density. The problem of testing configurations having engines in-
stalled in pods under the wing is different from the problem of testing airplanes having engines installed
near the fuselage or in the rear part of the fuselage., For the second family of configurations, the
possibility of changing the model support or of tests of a half model with reéflecting plates should be
investigated. Such methods have been attempted in the past by several groups without much success; however,
some of the difficulties encountered could probablybe eliminated if a systematic investigation of the
problems could be made before such steps are taken,

The conclusion of the Committee is that substantial additional work is justified in this field.
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2.5 Future Plans

Because of the magnitude of the research programs required to solve the problems described above, the
Committee suggests that AGARD consider the advisability of outlining a program of research to be supported
on a voluntary basis by several NATO nations at a national level but integrated at an international level
by AGARD, This coordination, if possible, would permit an exchange of information, correlation of results,
and would avoid unnecessary duplication of effort, thereby decreasing for each nation the overall costs
required to obtain positive results, In addition, the Committee supports the request expressed by the
representatives of industry present at the meeting, that a second meeting be planned to review the progress
on such problems and to be held one year from the first meeting,

3. WIND TUNNEL WALL INTERFERENCE IN TRANSONIC TESTS WITH HIGH LIFT

The Committee reviewed the»methods ugsed by different groups for taking into account the effects of
wall interferences for models with high lift,

Usually, the wall interference parameter used has been the blockage parameter, that is the ratio of
the cross-sectional area of the model to the wind tunnel cross-sectional area., In the past the tendency
has been to use sufficiently low blockage in order to avoid the necessity of performing corrections
because presently, uncertainty exists on the possibility of making such corrections. A single criterion
has been used at all angles of attack, If the value is satisfactory at high lift, then probably the value
is too small at small 1ift, The same parameter is used for zero lift and for lifting models. )

The main observations and recommendations of the Committee in this field are as follows:

1, While up until now corrections used for considering wall interference have been minimal and used
only when large porosity exists at the wall, some experimental activities are in progress today in several
laboratories to try to improve results by developing correction criteria, and to determine thg most satis-
factory value of the wall permeability to be used, It must be noted that the value of wall permeability
presently used varies in different wind tunnels. The results of these efforts will generate a better
understanding of the problem.

2, The Committee feels that the blockage criterion used, which is related only to the maximum cross-
sectional area, is not a satisfactory criterion for models with high lift, The assumption that correc-
tions are small and can be neglected is justified only when the disturbances at the boundary of the wind
tunnel are small, and therefore are repregsented with good accuracy by porous or slotted walls, The in-
tensity of such disturbances is related to the model size as well as to the variation of cross-sectional
area of the model and to 1lift and not only to the value of the maximum area; therefore, better criteria
should be developed., Several parameters have been suggested by the participants at the meeting to be
added to the blockage parameter such as separation parameter, wake parameter, blockage due to lift, etc,
The panel feels that better criteria should be developed in order to determine a practical criterion for
defining when wall effects are small. Possibly such criteria should be based on the values of the
pressure disturbances occuring at the wall, Such values can be, and should be measured during the tests;
therefore, the accuracy of the criterion can be checked,

3. In order to generate a better understanding of wall interference and its dependence on model
characterigtics, systematic investigations are required, The Committee recommends that a panel be formed
by AGARD to define simple suitable models to be tested when possible in a suitable size in all transonic
wind tunnels in the NATO nations. This panel should also outline details of the experiments, Possibly
several scales of models should be tested in each wind tunnel, and when possible different porosities
should be used. An alternate approach is to control the flow outside of the test section. Several exist-
ing wind tunnels have such capabilities. Such types of control should be investigated, In all of these
tests, careful definition of the flow field in the test section in the absence of models should be made
available and detailed information of the pressure field and flow field at the walls in the region of the
model should be obtained, In addition, the Committee recommends that flight data of the same configura-
tion be obtained. The Committee recommends the following members for such a task:

France Netherlands U.S.A,
Mr, Poigson-Quinton Mr, Enthoven Dr. Zonars
Mr. Jones
Germany United Kingdom
Dr. Lorenz-Meyer Mr, Carter

This investigation will furnish the required information necessary for any introduction of wall corrections,
The Committee, of course, realize8 that such a recommendation involves a substantial amount of work.
However, from the discussions among the participants, it appears that substantial work in this direction

is already planned at the national scale in many countries, The main point of the Committee's recommenda-
tion is that the AGARD attempt to organize in practical form these activities at an international level,
Then all groups will benefit substantially with the increased sources of information.

4, The basic concept of porous or slotted wind tunnels is based on the superimposition of solid and
open wind tunnel wall corrections, However, substantial differences exist between slotted and porous
wind tunnels., In addition, the best porosity distribution required is a function of disturbances produced
by the model. Presently, several groups are investigating the possibility of using variable porosity.
The Committee recommends that substantial additional efforts be committed to analytical work to support
such an investigation, particularly with regard to the appropriate downstream conditions that simulate the
downwash for the case of a model with lift, Only a good integration of experimental and analytical work
can produce good results,
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5. The Conmittee feels that by directing the experimental program by means of analysisg, there exists
the possibility of Improving experimental results and testing larger models where suitable wall corrections
could be introduced, Therefore, the availability of advanced analysis is urgent because it could have an
input on the design of future high Reynolds number wind tunnels. For example, it would affect the shape
of the cross section of the wind tunnel, the design of the chambers outside of the porousor slotted walls

and the design of the walls.

6, From the review of the contributions obtained, it appears that very little is known on the scale
and level of turbulence of different wind tunnels, 1In addition, the influence of the turbulence level on
the aerodynamic characteristics of the boundary layer is also unknown. Usually, because of the low
Reynolds number of the tests, transition from laminar to turbulent flow is obtained artificially., The
length of the tramsitional region is not certain, and nor is the interaction of the tunnel turbulence with
these phenomena. The Committee recommends that the effect of stream turbulence in experimental results
be investigated and measured. The scale and level of turbulence is probably affected by the type of wall
used and of the wind tunnel design. The effect of turbulence level can be important for the devalopment
-of supercritical wings.

3.1 Future Plans

Pregently, substantial efforts are under way in many countries to try to determine the effect of
Reynolds number at transonic speed. AGARD could try to organize a systematic exchange of data and infor-
mation in this field. If such an effort is contemplated by AGARD, the Committee recommends that an in-
vitation to participate in this effort be extended to Canada,
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ABSTRACT

This part of the report is a compilation of the response to a distributed
questionnaire on engine-airframe interference in transonic tests among aero-
nautical laboratories operating transonic wind tunnels, aireraft manufacturers,

engine companies, and airplane users in the AGARD countries.

The experimental techniques, correction procedures, advantages and limit-
ationsg of inlet, nozzle/afterbody and complete model testing and of engine
thrust determination are discussed in a technical order without reference to

the source of the information.

BACKGROUND STATEMENT

The bagic method for ihe prediction of aircraft flight performance from ground tests involves
independent assessment of the airframe aerodynamic performance from wind tunnel tests and the engine
thrust performance from static thrust stand tests. The degree to which these primary vehicle components
interact with each other has not been adequately investigated in the past by either the aerodynamicists
or the propulsion specialists. Standardized techniques do not exist for proper simulation of these inter-
action effects at transonic gpeeds, nor have correction procedures been well established., It can be
argued that for certain aircraft configurations, such as transports, which stiress the independent mount-
ing of engine pods substantially free from the wing-body flow fields, the two components are essentially
independent with only minor interactions. Equally true is the fact that for well integrated airframe-
engine configurations (e.g. fighters) a high degree of mutual interaction exists which must be accurate-
ly amsessed during wind tunnel and static thrust engine tests to substantiate total vehicle flight
capability. Many examples exist, both military and commercial, of vehicles with flight capabilities in-
accurately assessed because of the inability to simulate and properly account for the aerodynamic inter-
actions between the airframe and engine flow fields. This inability has been due in a large part to the
practice of utilizing small-scale models for the purpose of obtaining vehicle external aerodynamic
performance, and to the application of marginal, unrefined analytical procedures to the problem of scale
corrections necessary in predicting full-scale flight performance. These methods, although appropriate
in the early stages of feasibility and preliminary design study, are not consistant with the accuracy re-
quired for projections of performance for prototype vehicles. As a result of this experience, the more
recent programs of air vehicle development include detailed wind tunnel testing whereby several large-
scale wind tunnel models are tested in a manner to allow an accurate bookkeeping of all the airframe-
propulsion system aerodynamic interactions. Likewise, flight-size engine systems are being evaluated
under conditions which closely simulate the spatial and dynamic environment to which the engine is ex-
posed in flight. These procedures are both discussed in detail in this part of the report using inputs
from a working group of aerodynamic and propulsion specialists. Emphasis has been placed on the engine-
airplane interference at transonic conditions where inaccuracies can have a significant influence on pre-
dicted flight performance.

To this end a questionnaire was distributed in order to obtain information on specific questions and
doing so obtaining a complete review of the techniques used in the various AGARD countries. Appendix A is
the questionnaire as distributed. It contains three topics: inlets, engine thrust and exhausts, and
generally asks for information on test procedures, techniques, applied corrections, obtained and required
accuracies and, if available, comparisons between wind tunnel and flight data. The response to this
questionnaire was very good, although not each topic was or could be equally well covered.

This part of the report is a compilation of the response including the results of a discussion
between the propulsion and aerodynamic specialists of the co-operating establishments, agencies and
companies. This discussion was part of the study and was held after each group had submitted the answers
to the questionnaire.
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1 INTRODUCTION

Development of present day high performance airplanes requires prediction of aerodynamic performance
with accuracy above what is possible with available techniques. This is especially true for the transonic
flight regime, which is important for both civil and military airoraft; the former for economic oruise
performance, the latter for low fuel consumption, during transonic ferry and combat missions.

Three parties are involved in the airplane design: the customer or aircraft user, the airframe
manufacturer and the engine company. The ocustomer demands such stringent aircraft performance that optimum
integration of engine into the airframe is a necessity. The airframe manufacturer is responsible for this
optimum integration e.g. for the aerodynamic design. The engine company guarantees the engine performance
if the compressor entrance flow conditions are met and if a company-defined reference exhaust nogzzle is
used. The aerodynamic airframe design should be such that minimum losses are generated at the inlet and
at the exhaust. Therefore in the wind tunnel tesis conducted for the evaluation of external and internal
geometry, emphasis is given to the inlet and exhaust with iwo objectives in mind. First objective is to
determine how the inlet and exhaust flows influence the external aerodynamics, and the second is how the
external flow affects the internal flow and engine performance. Due to the scaling and the inability to
repregent simultaneously the complete inlet and exhaust flows corrections must be introduced to prediot
the full scale free flight performances. The degree of accuracy depends on the experimental techniques
used and the methods for the determining corrections.

Since at iransonic speeds the engine thrust felt by the airframe is of primary importance in the
analysis of engine airframe integration, most emphasis will be given in this report to thrust and drag
components. However, similar analysis and techniques apply for terms such as 1lift, pitching moment and
stability derivatives.

Fig. I.1 is a schematic representation of an highly integrated engine airframe installation. The
various drag terms due to the engine installation are indicated and defined below the drawing. These
definitions are not standard, however, and are not used in a similar manner by every group. It is felt
that the definitions as given represent a suitable average. Fig. I.2 gives the major elements of a wing-
pylon-nacelle flow field of an isolated engine ingtallation.

Current practice for the wind tunnel evaluation of vehicle external aerodynamic performance of the
combined engine and airframe is to utilize three separate large scale force models. The bookkeeping
procedure for combining all test results to provide compatible drag and thrust performance is schematic-
ally shown in figure I.3. The basic aero force model shown in figure I.3 (A) duplicates the external geo~
metry of the full-scale vehicle as accurately as possible and is tested with flow-through inlets operat-
ing at a reference mass flow ratio. The mounting sting or strut geometry usually results in modified
closure lines near the model aft end which requires an afterbody drag correction (B). In addition jet
exhaust effects which are usually not simulated contribute to the afterbody drag correction . Basic
force coefficients (lift, drag, moments, etc.) are determined using the aero force and moment model.
Afterbody drag corrections are obtained from a jet effects model (fig. I.3D). This model is usually strut
mounted to minimize interference effects and duplicates the aft-end geometry and jet exhaust flow condit-
ions. An aero reference configuration similar to the modified clogure lines (with dummy sting effects in—
cluded) of the aero force model is sometimes also tested on the nozzle afterbody model. The installed af-
terbody drag is then equal to the drag for the correct afterbody plus jet effect minus the drag of the
aero reference. Both afterbody geometry and power setting effects are obtained with the jet effeots model.
These are obtained in a manner which allows corrections to both the aero force model aerodynamic data and
the installed engine thrust. It is usual practice to fair over the inleis of the jet effects model.

An inlet drag or propulsion model (fig. I.3G) is used to correct for the effect of inlet mass flow
ratio on the installed engine net thrust. In some cases external aerodynamic performance is also correct-
ed based on inlet drag model results. The resulting thrust which also contains nozzle afterbody correct-
ionsg is usually termed the net installed propulsion system thrust, F,. As was mentioned earlier, the
vehicle external aerodynamics are measured on the aero force model which is operated at some specified
reference mass flow ratio condition. The inlet drag model, therefore, is necessary to account for the
effect of inlet mass flow ratio variation (engine power setting) on the inlet and adjacent vehicle
surfaces.

Creat care should be taken for each aerocdynamic geometry whenever the above mentioned separated model
tests are conducted. The wind tunnel experimentalist should be sure that the inlet flow does not have an
effect on the afterbody drag and vice versa that the jet flow does not influence the inlet conditions. In
transonic flow this experimental setup is usually correct for airplane geometries with widely separated
inlets and exhausts e.g. for integrated engine-airframe systems. For a podded engine installation, such as
fig. 1.2, the non interference beiween inlet flow and afterbody flow is not so evident. It can be shown
that under certain conditions independence occurs. It can be argued that for podded engine installations
the engine-airframe interference is less pronounced and less care could therefore be devoted to it. How-
ever due to the large mass flow of the newly developed high by-pass ratio engines and due to the fact that
the net thrust is only a small fraction of the engine gross thrust, new interference problems arise for
such installations. This is true for engines mounted either under the wings or aft on the fuselage. For
engine representation in wind tunnels a scaled engine simulator with an externally driven compressor can
be utilized providing close simulation of both inlet and exhaust flow. The use of powered engine
simulators is rather new. Additional experience is needed to define the best calibration and testing
techniques. The main advantage of this technique, besides its good simulation properties, is that the
calibration and installation procedures for itest benches and the wind tunnel nearly duplicate the proce-—
dures for the actual engine in the actual airplane.

However, the difficulty of data reduction and scaling to the flight conditions remains and little is
known of the achievable accuracy of performance predictions. After treatment of the inlets, engine thrust,
and exhausts in chapters II, III and IV respectively, the problem and necessity of complete model tests
will be considered in chapter V.
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AD

WING + FUSELAGE

INL
AD
OspriL =Paop+8 Pexr., DZJX. AFT
Fy =UNINSTALLED GROSS THRUST AS SPECIFIED BY ENGINE COMPANY WITH REFERENCE NOZZLE
Fi = INSTALLED GROSS THRUST = F\, + &F ~Dy+ AF .,
AF

N = DIFFERENCE IN GROSS THRUST OF ACTUAL NOZZLE DIFFERENT FROM REFERENCE NOZZLE EXHAUSTING INTO
QUIESCENT ATMOSPHERE.

DN = DIFFERENCE IN GROSS THRUST OF ACTUAL NOZZLE EXHAUSTING INTO QUIESCENT ATMOSPHERE AND WITH
EXTERNAL FLOW

AF = DIFFERENCE [N GROSS THRUST DUE TO INLET FLOW DISTORTIONS AND NOT COMPLETE PRESSURE RECOVERY
Dgp) L = SPILLAGE DRAG DUE TO A ,<A; VS A, = A '
=Dypp +BDeyy
Dapp = ADDITIVE OR PRE ENTRY DRAG { PRESSURE FORCES ACTING ON STREAMTUBE )
LDy 1 = CHANGE IN INLET EXTERNAL DRAG, PRESSURE DRAG, WAVE DRAG, FRICTION DRAG (IDEALLY DADD'-'ADExT‘
!

D)1 = INTERNAL INLET DRAG

Dg, = CHANGE IN AIRPLANE DRAG WITH BOUNDARY LAYER BLEED VS NO BLEED

Dgp = CHANGE IN AIRPLANE DRAG WITH BY —PASS INSTALLED V5 NO BY - PASS
AD\,, , = CHANGE IN AIRPLANE DRAG (EXCEPT INLET) DUE TO A CA VS A=A OR A, =Agee

Dayx = CHANGE IN AIRPLANE DRAG DUE TO AUXILIARY AIRSYSTEM INSTALLED V$ NO AUX. SYSTEM INSTALLED

ADAFT — CHANGE IN AIRPLANE DRAG DUE TO ACTUAL NOZZLE FLOW AND REFERENCE NOZZLE FLOW OR REFERENCE
NOZZLE GEOMETRY

i
FN =NET THRUST = Fi - M Vm( M = ENGINE MASS FLOW)

FIG. 1. 1 SCHEMATIC REPRESENTATION OF VARIOUS THRUST AND DRAG TERMS.
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NACELLE AFTERBODY D
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~__ I
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FIG. 1. 2 MAJOR ELEMENTS OF WING/PYLON /NACELLE FLOW FIELD.



11-6 [ECHNICAL LIBRARY

II INLETS

LIST OF SYMBOLS

A Area

c cord

Cd Discharge coefficient

CD Drag coefficient (the reference area: appropriate engine area or wing area;
it must be clear which area is used).

¢, Lift coefficient (ref. area is wing area)

CM Pitching moment coefficient

Pregsure coefficient

'UO

CT Thrust coefficient

D Drag

FN Installed net thrust

g Gravitational acceleration

h Diverter height

i Mass flow

M Mach number

P Static pressu.fe

Py Total pressure

q Dynamic pressure

r Coordinate in radial direction
T Temperature

v Velocity

x Coordinate in stream direction
y Coordinate perpendicular to main flow
a Angle of incidence

Y Ratio of specific heats

o] Boundary-layer thickness

€ Mass flow ratio = A, /A (spillage is zero)
] Density

T Shear tension

A Ratio of throat curvature to throat radius
SUBSCRIPS

add Additive

ble Boundary layer control

bp Bypass

or Critical

div Diverter

e At nozzle exit plane

ed Boundary layer edge

en Engine

ext External

3 Due to friction

int Internal

P Due to pressure

spill Spillage

g At upstream infinity

1 Inlet entrance plane

2 Compressor entrance plane
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2.1 INFLUENCE OF INLET MASS FLOW ON EXTERNAL AERODYNAMICS AND MEASURED FORCES

2.1.1 GENERAL

For aero force models of almost all jet powered aircraft the inlet mass flow is usually completely,
or almost completely, simulated. The basic force coefficients (lift, drag, moments, etc.) are determined
from such models when the measured data from pressure plotting or balance readings are corrected for the
internal flow through the inlet. The correction procedure is discussed in 2.1.2. Use of a reference mass
flow is a necessity for large by-pass turbo fan engines since at transonic speeds changes in the inlet
flow alters the pressure distribution on wings. This is especially true for rear fuselage mounted engines.
Also for supersonic cowl shapes reduction in inlet mass flow of wind tunnels models is very undesirable if
the air spillage (e.g. inlet mass reduction from Al ﬂ Aa)is outgide the range of flight requirements.

The external drag is usually the most difficult problem of measurement. Fig. II.l poses the usual
questions and dilemmas that the experimentalist faces when planning a complete aero force aircraft model
for wind tunnel testing when one of the objectives is the representation and measurement of the engine
nacelle drag. The questions posed are of course only concerned with the inlets and the shape of the model.
There are many similar questions associated with the representation of the jet exhaust flow; these quest-
ions will be considered in chapter IV.

For measuring the drag terms associated with the inlet (spillage, bleed, diverter, by pass, additive)
special inlet models are tested incorporating the external surfaces which might influence the values of
inlet drag terms. It is evident that the model inlet mass flow ratio should duplicate the flight envelope.
The problem concerning these measurements will be discussed in 2.1.2.

A clear statement defining the conditions when complete inlet mass flow duplication is required is
not possible on the basis of past experience. Each program must be reviewed as to its objectives and the
general layout of the test configurations. Interference effects are of primary importance in establishing
accurate drag levels as said before, although examples exist (reference II-1) where lift and pitching
moments were affected by closing inlets with an aerodynamically smooth fairing.

Similar tests were conducted using an F-8 model which utulized the NASA Supercritical Airfoil section.
Whereas the aircraft of reference II-1 has twin side-mounted inlets, the F-8 model had a large air intake
duct located under the nose of the fuselage. The unpublished data indicate no effect of closing the inlet
on lift and drag characteristics of the configuration after appropriate corrections for the internal drag
and base drag were applied. Although there was no effect on the aerodynamic center location as a result of
closing the inlet, there was a small shift in pitching moment with the inlet closed.

References II-2 and II-3 contain information on the effect of mass flow ratio on external lift, drag
and pitching moment for underslung and submerged inlets. The data show the expected increase in external
drag as mass flow ratio was reduced. There is a small effect of mass flow ratio on lift and pitching
moment.

In general, it is thought desirable to duplicate inlet mass flow ratio when determining model drag.
Simulation of mass flow ratio is of doubtful value if details of the airplane geomeiry (cowl shape and
leading edge contours, e.g.) are not duplicated. Even though the airplane geometry is duplicated by the
model, Reynolds number effects may significantly affect the relative cowl lip pressures (drag) which occur
on the model and airplane. This is particularly true when separation effects predominate. In those cases
where experimental external aerodynamics are obtained using nonrepresentative model test conditionms,
corrections must be applied to the force and moment data. These corrections account for the effect of in-
let mass flow ratio on external drag using data acquired on a separate large scale inlet drag model as dis-
cussed later. Analytical predictions of the variation of isolated inlet drag with mass flow ratio have been
attempted with reasonable success. References II-4 to I1I-10 cover the most significant contributions in
this area.

The interference drag that accounts for the effect of inlet airflow spillage on the external surfaces
of the aircraft has not been adequately studied in the past. Thus, installation effects have been virtually
omitted from analytical predictions of total external inlet drag coefficients. More effort is needed,
particularly at transonic conditions, to identify the interference drag effects for various inlet-airplane
combinations. A program is formulated in the USA to study interference drag on a typical fighter aircraft
due to the spillage of inlet airflow. Experimental data will be obtained over a range of subsonic, transon-
ic, and supersonic Mach numbers on a wing-body model incorporating a typical two dimensional inlet and
nacelle. Inlet location, geometry, and mass flow ratio will be varied. Experimentally determined drag will
be compared with theoretical predictions.

Basically, the consensus of opinion on incomplete inlet mass flow duplication is that for finalized
predictions of aircraft performance the inlet mass flow must be duplicated during some phase of the ex-—
perimental tests. As mentioned previously, it is not the practice to simulate the full operational range
of inlet mass flow ratios on the aero force model from which the basic external aerodynamic force and
moment characteristics are obtained. Rather, these data are corrected on the basis of data obtained on a
large scale inlet drag model which provides an accurate simulation of the full range of inlei mass flow
ratios. If the scale of the aero force model is too small to prevent duplication of the proper cowl lip
flow it is recommended that the inlet be operated at a mass flow ratio as close to unity as possible for
purpoges of determining the minimum drag reference. Inlet compression surfaces are eliminated to provide
this reference flow condition. The drag due to lift and moment characteristics can best be obtained at a
representative operational mass flow condition.

Although it appears no hard and fast guideline can be established regarding decisions whether or not
models should have complete or partial inlet mass flow or complete inlet fairings, some general observat—
ions can be made. When it is possible to simulate the inlet mass flow requirements without adversely affect-
ing the external lines of the configuration, then it is strongly recommended that the aero force model be
constructed and tested with flow through nacelles. On the other hand, if it appears that because of model
size limitations it is not possible to provide the model with sufficient inlet mass flow ratio for the
speed range considered, then the inlets should be faired closed. In that case the representation of small
mass flow and the required measurements are more nuisance than they are worth. As is well known, improper
inlet mass flow matching could result in adverse separation from the lips of the inlets thus causing
erroneous external aerodynamic measurements.

Many bookkeeping procedures are possible under the system which utilizes a number of wind tunnel
models to provide the data for prediction of flight performance. The principal requirement for any method
is careful attention to providing consistent corrections for inlet mass flow ratio effecis between the ex—
ternal aerodynamic forces and the engine thrust forces.
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2.1.2 TECHNIQUES FOR OBTAINING EXTERNAL AERODYNAMIC DATA WITH COMPLETE MASS FLOW REPRESENTATION
A COMPLETE OR AERO FORCE MODELS :

The utilization of wind tunnel models for transonic tests requires particular attention to the com-
plete simulation of inlet mass flow ratio and to the proper force corrections resulting from inlei mass
flow effects. Aircraft which cruise in this speed regime require an accurate accounting for inlet mass
flow ratio since both aerodynamic and propulsion performance are sensitive to mass flow ratio operating
conditions. Vehicles of the type which require a rapid acceleration through transonic Mach numbers are
also affected by the direct and indirect effects of mass flow ratio, since aircraft thrust minus drag is
usually a minimum at these conditions. In this Mach number range, inlet drag is relatively large and is
gensitive to inlet mass flow ratio operating conditions.

Two techniques exist for inlet maass flow simulation at transonic speeds namely flow-through inlets
and use of powered engine simulators. The former is the simplest and is generally used in the early stage
of wind tunnel testing. In order to apply this technique three conditions must be met: (a), adequate exit
area, (b), low pressure at exit, preferably below ambient, and {c), low total head losses in the internal
duct.

Regulation of the inlet airflow below maximum can be acoomplished by inserting restrioctions in the
duct. The advantage of this technique besides its simplicity is its consequent ease of measuring forces.
The main disadvantage is the need for increased exit area compared to the real jet exhaust which must in-
volve geomeiric distortion e.g. incorrect nacelle length or boattail angle or elemination of turbine after-
body in case of podded fans. For complete aircraft models such as with podded engine installations this
inoreased exit area might be unacceptable and geometric scaled engine pod models are used in that case.
The value of these pods is then not to simulate inlet flow, but to simulate an entire nacelle-pylon system.
Effects of various pod and pylon contours and mounting positions on airplane stability and drag can be
evaluated from increments obtained from flow-through pod-on models. Optimum configurations can then be in-
vestigated further with more refined techniques such as powered simulators or blown nacelles. Use of
turbine driven fan jet simulators is a recent development, which extends the power-off simulation of the
flow-through pod to include some effects of both primary and fan exhaustis. It is practice nowadays that
this technique is applied in the final complete wind tunnel models. Operation of these units has become a
technology in itself and deserves a geparate section for complete discussion; it is covered later.

Fig. II.2 illustrates one particular choice of answers to the quesiions as posed in fig. II.1. In
this case, that of the Concorde aircraft,(Ref. II-11) the choice of alternatives was dominated by two
considerations (1) the maximum scale of a complete model (limited to 1/30) and (2) the need to obtain a
very accurate value for drag for sustained cruise flight at M = 2.0 - 2.2. The nacelle was represented on
this complete aircraft model either without any or with only a single 7° wedge compression surface and
(in the first alternative) without a boundary layer diverter, the exit area was fixed and traversed in
great detail to get an accurate value of internal drag so as to obtain the installed wave drag of the na-
celle at datum intake flow. Pre-entry drag and lift at full flow was not obtained from these tests because
the relatively low Reynolds number of the tests would undoubtedly have meant that with correct represent-
ation of the compression surface geometry external shock waves would be in incorrect positions and sub-
stantial drag errors would occur. For the geometry of the Concorde nacelle (i.e. an isolated nacelle on a
wing with the external shocks from the compression surfaces not impinging directly on adjacent surfaces
of the aircraft) this was probably a correct choice. If the compression surfaces had been turned through a
right angle as in the B70 for example this choice would probably have been unwige in that vital interact-
iong would have been missed between the intake and airframe flow fields that were dependent on the correct
representation of the compression surfaces.

A description is given below of a procedure used to determine the external drag, lift and pitching
moment from complete aircraft models corrected for the effect of the internal mass flow.

The external drag is defined as the sum of the longitudinal forces acting on the force boundaries of
the pre-entry streamtube and those parts of the body and wing which are wetted by the external flow (but
excluding any base area of the nacelles). Drag coefficient of the full scale aircraft is then:

c = {C -C -C -C }
Daircraft DBal Dbase Dinternal D2
external
+ CD
fexternal
aircraft
where CD = drag coefficient of complete configuration (including nacelles) measured in the wind

Bal tunnel. (Fig. II.2). This term will include corrections associated with the model
support system e.g. forces due to model definition to permit rear sting mounting. This
is done by testing a model with a correct rear fuselage shape mounted on a twin sting
support (Fig. II.3).

= drag coefficient of any unrepresentative installation base.

“Dhage

CD = standard internal drag coefficient (see Fig. II.4 for symbolsk
internal
= ~ net standard thrust.

22 (o, - By ) con B+ o, V2 ol —
=3 - Pg = Py ) co8 P+ p, V_ cos y cos T A
en oo “en

(qu dynamic pressure and Aen = reference engine area).

CD = skin friction drag coefficient appropriate to all model surfaces wetted by external
2, flow (from Ref. II.12).
external
CD = external skin friction drag coefficient of the aircraft at full scale Reynolds
fexternal number (also from Ref. II.12).

aircraft
% This is the general expression when the exit plane is canted at an angle ¢ to the duct centrelin;l(i§g.
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EXTERNAL DRAG

COMPLETE MODEL (AERO REFERENCE MODEL )

FOR MEASUREMENT OF L, M, D ETC.

USUALLY COMPLETE WITH INTAKES ( WITH FLOW THROUGH)
AND WITH DISTORTED REAR FUSELAGE {DUE TO PRESENCE
OF STING SUPPORT)

THESE QUESTIONS MUST BE ANSWERED
BEFORE MODEL CAN BE DESIGNED

COMPRESSION BLEED OR DIVERTER BLEED ON FIXED OR ACHIEVABLE

SURFACE BETWEEN INTAKE AND INTAKE YARIABLE ACCURACY OF

REPRESENTATION? FUSELAGE OR WING ? COMPRESSION EXIT TO MEASUREMENT
SIZE OF DIVERTER ? SURFACE ? "ENGINE ' FOR MASS FLOW

EXHAUST ? AND INTERNAL DRAG *

FIG. II. 1 PROBLEMS OF REPRESENTATION OF AIR INTAKES ON COMPLETE AIRCRAFT MODELS.

FIG. II. 2 EXAMPLES OF SUPERSONIC TRANSPORT MODEL INSTALLATION IN WIND TUNNELS
FOR EXIT FLOW SURVEY.
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FI1G. II. 3 TWIN STING SUPPORT FOR SUPERSONIC TRANSPORT MODEL.

MOMENT REFERENCE POINT

FIG. 1I. 4 DEFINITION OF DUCT GEOMETRY AND OF MOMENT ARMS ASSOCIATED WITH
PITCHING MOMENT.
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The full scale aircraft lift and pitching moments can be written similarly as:

C = C - C -C
Laircraft L2 Lbase internal

C. = C -C -C
Haircraft HE ubase l(il'rtel:'n.lil

where GL and CH are lift and pitching moment of the complete configuration in the wind tunnel,
2

2
: v2 . Ae
and C - = [(pe -p,) sin f + Pe V, 8in © cosy ] I
internal en oo
?'Aoo Ae Aad
and C - - d1+p°V§coa:,u i d2+(p-p )A—}—
internal en en%oo . 2 2 enoo

where dl' d2 and d3 are defined in Fig. II.4.

Other forms of external drag coefficient that have been found to be useful are:

External pressure drag C =C, -C -C -C
coefficient Dext DE Dbaae Dinternal sz
P external
and installation drag coefficient
c = (C -C. ) {C + C ) =1C -C )
Dinetizn P2 D Ppase  Pinternal D, D)
£
external external
where CD = drag coefficient of wing plus body without nacelles
1
CD = skin friction drag of wing and body without nacelles .
1l
fexternal

Four measurements are necessary to determine external drag of a model with free flow through the
engine ducts:

(a) overall force measurement

(b) nacelle and body base pressure

(e static pressure distribution in the internal flow at or close to its exit
(d) pitot pressure distribution in the internal flow at or close to its exit.

The internal drag equation (including additive drag) can be rewritten as (Ref. II-13)
2 . 2
Dt = PooVoo Aoom A" (Py = P+ Py Vg) dA

e
2 £
o Jﬂ P [y 5 v:~ - (1 + YMB)]dA + ijﬁe
By

= Jf p, f (He) dA + p_ A,

A %)
where £ (M) = [Y“i ﬁtﬁ- S ymi)]

Use of this function is very benifitical at supersonic speeds and shocked exit conditions, especially if
M =~ 2, than this function is about zero. >

Comprohensive surveys (i.e. 50 static and 120 pitot pressures of say A = 23 cm )are made using a
single static pressure four tube pitot rake to evaluate p_ and f(M_ ) (Fig. f1.5).

At supersonic speeds it is necessary to measure ihe Base pressure (by base statics) at the same time
as force measurements are made. The exit flow surveys are made on a separate occasion as of course the
presence of the exit survey probe would alter base pressure.

In tests at transonic speeds it is necessary to measure internal flow by means of a few fixed pitot
tubes supported from the duct walls at the same time as the base pressure and force measurements are made.
These few pitot measurements are then used to assess the absolute level of pitot tube measurements taken
when surveying the exit flow in a separate tunnel run.

For tests of subsonic engine installations (Figs. II.6 and II.7) some simplification of the above
procedure can be made for the measurement of internal drag. From measurement of duct wall static pressure
at the exit plane and a calculation of the boundary layer thickness at the exit plane, internal drag and
mass flow can be evaluated. (See Ref. II-14).

Since in those engine installation the internal drag is small, the required accuracy of measurement
can be low.

For example the measured mass flow does not need to be measured within 5 o/o, therefore simple rake
measurements are sufficient for those cases.

B SPECIAL INLET MOIDELS

In the early stage of the wind tunnel program of an aircraft design the engine installation in the
aero force model is schematically represented. The primary goal for those tests is to determine the com-
plete aircraft characteristics. Corrections are made for the internal airflow through the inlets as in-
dicated in section 2.1.2 A.

Separately special inlet models are tested on a larger scale which give, first the inlet performance
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FIG. II. 5 FOUR PITOT TUBE RAKE AND SINGLE STATIC TUBE FOR EXIT FLOW SURVEY.

FIG. II. 6 SUBSONIC TRANSPORT MODEL INSTALLED ON SINGLE STING SUPPORT.

FIG. II. 7 SUBSONIC TRANSPORT MODEL INSTALLED ON TWIN STING SUPPORT.
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and, second refined corrections for the aircraft characteristics as determined from the aero force model
for the complete envelope of the engine(s) operating regimes. Fig. II.8 gives an example of such a book-
keeping procedure, particularly devoted to the inlet drag terms, which are important for the aircraft per-
formance. In the connotation of this figure the AD value would be applied to the vehicle drag polar as
obtained from the aero force model. Compatibility 1s maintained between external aerodynamic and propuls-
ion forces by correcting the installed engine thrust, F,, by the change in inlet drag from the basic inlet
to the propulsion reference inlet, AD_ (a similar correction is included for the nozzle afterbody, AD ).
The AD. correction consists of severa{ incremental components which are specified in this figure. The term
ADI accounts for the drag differences between the basic inlet operating at its critical (cr) mass flow
cr
ratio and the reference inlet which is generally operated at a capture area ratio (mass flow ratio) as
close to 1.0 as possible by using minimum inlet compression surfaces. The effects of inlet spillage below
the critical mass-flow ratio would be included in the term AD . Both ADI and ADI will necess-—
spill cr spill )
arily account for changes in local inlet forces such as inlet cowl drag and inlet additive drag. Also,
interference effects due to interactions between the external flow field and the inlet flow field will be
accounted for in these two terms.

The remaining drag quantities ADI and ADI include the flow momentum loss between free stream

ble bp
and exit conditions for the respective flows plus the installed door or louver drag. The effects of inter-
ference between bleed/bypass flow and the external surfaces of the aircraft are also included. Further
information on the subject of engine-airplane interference and bookkeeping procedures is contained in re-
ferences II-15-18.

Fig. II.9 poses similar questions to those in Fig. II.l1 for the design for an inlet model specifical-
ly to measure the various inlets drag components. These questions primarily concern highly integrated en-
gine-airframe designs such as a fighter. The testing of inlets for podded high bypass ratio fan engine re-
quires a different consideration. Therefore first attention will be given to the integrated systems (Bl)
and later to the podded systems (B2)

Bl INTEGRATED SYSTEMS

At transonic speeds the upstream airframe surfaces and to a great extent the downstream surfaces must
be simulated during inlet tests in the wind tunnel. Usually a compromise must be made between what is
practical and what is desirable. At least checks should be made that neglected surface or system simulat-
ion does not influence the required results or can be accounted for by some other means. No standard rules
are available which can give a priori an indication of the interference effects of downstream surfaces on
the flow near the inlet.

Complete simulation for the operating range of inlet mass flow ratios is required for this inlet drag
model. It is desirable to size the model to as large a scale as possible and thus provide for simulation
of the boundary layer on all inlet and fuselage surfaces. Usually a total Reynolds number equal to flight
cannot be achieved and artificial means are needed to scale the boundary layers on the model to equal the
geometric scale. In some cases this is accomplished by fixing boundary layer transition forward of the
point where transition normally would occur. In other cases where the viscous characteristics are not
properly matched to the inlet geometiry, the geometry can be adjusted. For example, the inlet can be placed
further from the airframe surface to provide the proper aerodynamic scaling of the boundary-layer thick-
ness relative to the diverter height. More attention will be given to it in 2.1.4. Inlet drag models which
can be adapted in this manner should be on the order of 1/12 scale or larger.

TECHNIQUES

Some techniques and examples as used by various groups will be discussed next.

Probably the primary choice in the design of a specialized inlet model is whether the whole model
(i.e. intake plus fuselage or wing) is mounted on a balance or Jjust the intake itself. Fig. II1.10 shows
an arrangement where the supersonic intake alone is on the balance. This leads to measurement of smaller
forces, with those associated with the intake being predominant. In addition the means of measuring the
internal mass flow can be located wherever desired, and whatever means necessary to ensure accurate
measurement can be introduced (e.g. screens, venturi, multi tube rakes etc.) easily. The disadvantages
are: (a) the sealing problems at the junction between the "live" and "earthed" portions of the duct, (b)
the accurate measurement of forces on parts of the fuselage on the balance that could change as intake
flow conditions change, (c) the difficulties of measuring momentum of the internal flow at the duct
junction position where the flow may still be quite non-uniform, and (d) the general difficulties of in-
terpreting forces measured on only part of a model. Changes of geometry which lead to changes of pressure
on non-metric parts of the model can lead to spurious conclusions as to the efficiency of the geometric
changes being studied. Inlet flow is discharged through an extended duct far enough downstream to avoid
any influence on the inlet.

Inlet mass flow ratio is usually contirolled and measured by a variable area nozzle or plug (metric
or non-meiric). For most wind tunnel conditions the nozzle can be operated at choked flow conditions
which makes possible a measurement of mass flow ratio at the minimum flow area station. The "sonic plug"
method of measurement assumes uniform choked flow conditions at the exit plug station with minimum flow
area (throat). The flow coefficient of the metering system is obtained by inserting calibration flow
meters usually downstream of the flow measuring station. Calibration is accomplished under static condit-
ions using an external pump arrangement or, if space permits, under wind tunnel flow conditions using an
attachment to the model which is removed after the calibration runs to prevent encumbering the force
measurements.,

Variation of the throat area is the means by which mass flow ratio is changed, and in those cases
using plug systems a remote control drive motor can be used for rapid and precise flow changes. Low
transonic Mach number testing requires the use of rakes (total and static pressure measuring probes) or
flow meters for mass flow ratio measurement, since sonic flow is difficult to attain. The accuracy of any
mass flow measurement decreases with a decrease in velocity at the measuring station. The calibration pro-
cedure for the rake method requires precision and must include the full range of flow conditions which
will occur at the rake during the wind tunnel tests. More attention to mass flow measurements will be
given in 2.1.3.

%) Additive drag is a force correction which accounts for the momentum differences between free stream
conditions and conditions at the inlet cowl leading edge.
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A simplier set-up, wall mounting, is used by another group as shown in fig. II.lla for a two
dimensional supersonic inlet. The metric part (inlet + boundary layer diverter between wall and inlet) is
connected to the balance with struts through the wind tunnel wall. The bleed flow is ejected by a tube
with calibrated-stiffness bellows. Internal static pressure, p,, and base pressures p (30 pointa) are
measured in a first step. Then, the pressure ducts are disconngcted, and the forces are measured. The rig
yields the intake drag (Dadd - Dex ) using some elementary relations; the mass flow is deduced from the
measured p,, with the assumption oF a sonic discharge throat. This permits only measurements in high sub-
sonic flow as stated before. A reference cowl drag is also measured, for comparison, according to the
figure II.1l1lb.

Validity limits for the measurements have not been derived, because of the lack of cowl pressure sur-
vey. Two difficulties are encountered: (a) the imperfection of the mass flow measurement, due to the non-
uniformity of the internal flow, and (b) the imperfection of the base drag measurement, due to the non-
uniformity of the base pressure. These two difficulties can be solved by connecting the rear part of the
model on a mass flow meter and on an ejector, by some calibrated-stiffness rubber seals, sothat a similar
set up is obtained as in Fig. II.10. This will also permit measurements at lower Mach numbers. The
examination of the drag calculation from the test resulis showed that the result is very sensitive to the
Mach number definition of the wind tunnel; in other words, it is necessary to verify that the wind tunnel
Mach number is representative of the upstream Mach number for the model. However, preliminary tests have
provided some reliable values of the inlet drag correction with the mass flow rate in spite of the
difficulties stated above.

Fig. II.12a and b show another method for measuring the same quantities. In this case the complete
model is mounted on the balance, and only the units used for traversing the internal flow for measurement
of mass flow and momentum are "earthed". The forces being measured now include fairly large components
(eg base, nose and canopy drag) which are not required. This has the effect of inhibiting the reproduction
of other components on the model, such as wings, to reduce the overall loads and increase the sensitivity
of the balance to the force components which are of interest. Thus the effect of, say, bypass door operat-—
ion, on the stability of the configuration has to be sacrificed. The model tends to become rather long if
the flow measurement station is to be at a position where the flow is fairly uniform. To avoid difficult-
ies due to shock reflections at low supersonic speeds with a long model, the rear half has to be made with
constant cross sectionsj hence, additional true geometrical representation may be lost. However, the seal-
ing problems as in Fig. II.10 and 11 at the duct junction have disappeared and changes in geometry of the
nacelles can be studied with the knowledge that their total effect is being measured. The base drag is
measured by pitot tubes placed approximately 0,5 mm from the base. The base is shrouded to try to produce
uniform base pressure under all conditions (Ref. II-19).

Fig. II.13a and b show a solution to the same problem somewhere between the solutions of Fig. II.1ll
and II.12. The metric line is provided along the cylindrical part of the model, where the external flow is
almost uniform. The seal is rolled on itself if the metric part is translated, sothat the reaction is
constant. This sealing technique seems to be very satisfactory.

As seen at the complete model tests, the external drag must be determined from three drag measurements:

Doxternal ™ Psalance ~ Uhase ~ Dinternal °
The balance force, Dbalanoo' needs to be corrected for the base drag, Dbase' or by the sealing drag, both
obtained by pressure plotting, and by the internal drag. The internal drag, Dint' is the difference between

the freestream momentum minus the impuls at the measuring station or exit

By -8 Y = b (0 9D | @
e
sed fficient 2
or expressed as a coefiicien CD . AAQJ _ Ai [(pe -p ) +y pe uﬁ]
int “en  %w “en -

where the subscripte denotes exit plane or measuring station and Ae represents a reference engine area. If
the measuring station is upstream or downstiream of the internal geal the duct area must be constant and
parallel. Then the internal drag can be corrected for estimated internal friction forces. The measured ex-—
ternal drag is then the pre—entry or additive drag minus the suction forces on the cowl plus the external
gkin friction drag. If bleeds and bypasses are provided, these terms are included in the external drag.

B2 PODDED INSTALLATIONS

The installation drag of an high bypass fan engine in pods may be as high as 10 o/o of the net engine
thrust. This fact necessitates careful nacelle and pylon design in order to minimize unfavourable inter-
ference effects. The goal of the inlet designer is to achieve a reduced pressure on the external inlet
cowl such that the axial component of the integrated relative surface pressure results in a thrust force
equal to the additive drag. For reversible inviscid flow complete additive drag cancellation would occur.
To this end isolated inlet tests are performed to obtain optimum cowl design at all speed ranges within the
flight envelope. As with integrated engine installations it is possible to approach the problem of podded
engines, at least up to a given Mach number, by studying the force operating on the forebody cowl with an
integrated balance combined with precision measurement of the internal flow, alternativily the forces can
be obtained from pressure measurements on the forebody cowl and from boundary layer measuremenis for the
gkin friction. The advantage of this last combination is that a detailed description of the flow can be
obtained. This description is necessary to optimize the shroud shape.

Another technique to measure the inlet drag consists of a complete exploration of the wind tunnel flow
around the inlet extended by a cylindrical extension., The drag is then deduced from a momentum balance-shcet
between upstream and downstream infinities. This technique will be discussed later in this section.
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FIG. 1. 12a PARTIAL MODEL OF STRIKE —FIGHTER FOR MEASUREMENT OF COWL, SPILLAGE
AND DIVERTER DRAG.

FIG. II. 12b SHROUDED BASE AND BASE PITOT TUBE RAKE.
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Congider first the following sketich:

If the external flow, limited by the stream surface UIFBD, presents no irreversibility (shock, separat-
ionm, vortex...) except for the friction on the wall IB and the shearing according to the surface BD, the
resultant of the relative normal pressure forces on the supposed solid contour UIFBD is equal to zero,
after a correction for the displacement effect of the boundary layer. If the flow is not reversible, the
resultant without correction is, by definition, the engine pressure drag.

The inlet pressure drag coefficient may be defined as the difference of the pressure drag coeffi-
cients relative to the UIFE surface, between the case of the considered flow and the case of a reversible
potential flow. This difference can usually be determined experimentally. Since it is supposed that down-
stream has no influence on upstream, these coefficients can be measured with an installation consisting
of a cylindrical pipe put in place of the jet and connecting the inlet with an ejector via a mass flow
meter.

The experimental arrangement is shown in Figure II.14 (Ref. II-20). All the forebody isolated cowl
contains static pressure taps from an internal cylindrical cross-sectional area A, up to the external
point E. The determination of the pressure drag coefficient on the surface UIE as previously defined re-
sults, for a given Mach number, from the pressure and the mass flow measurements, and from the descript-
ion of the internal boundary layers. The knowledge of the external boundary layer yields the precise skin
friction factor and the displacement correction for the smooth flow test.

In order to obtain these results, various applications of the momentum theorem are used. The model
is shown in a transonic wind tunnel in Figure II.15, with downstream faired support struts.
Figure II1.16 shows an example of the evolution of the pressure drag coefficient (GD ) deduced from

P
the measurements for different given Mach numbers. It is seen on this figure that for both mass flow
coefficients, the drag is equal to zero for M = 0.5. For these tests however, at low Mach number and
smooth flow around the leading edge, it is only the external drag of the model forebody which is theo-
retically equal to zero, but the result is explained by the almost null values of the pressure coefficients
near E and the vicinity of the downstream cylindrical part. Furthermore, the boundary layer displacement
correction has been neglected.

Figure II.17 gives an example of the friction drag coefficient, calculated at M = 0.85, as a function
of the mass flow coefficient. This drag is calculated in this case from a boundary layer exploration in E.
A corrective factor must be calculated to take into account the fact of a non cylindrical forebody shape.
Its expression is written on the figure. Its evaluation is uncertain because it is based on a approximate
boundary layer calculation which can be very inaccurate when the external flow has shocks, separations
etc. The pressure drag coefficient must be added to the friction drag coefficient to obtain the inlet drag
coefficient.

This technique has two practical difficulties: (a) the lip suction force is very strongly influenced
by any errors in determining the location of the stagnation line, and (b) an accurate solution for the
compressible equations of motion of the flow ahead of the inlet must be calculated before the additive
drag can be determined and compared with the measured lip suction force.

Both of these difficulties can be avoided if tests are carried out with an axial force measurement
on inlet models. An arrangement which is proposed to use in a transonic wind tunnel is shown in Figure
11.18 (Ref. II-21). After making the following definitions,

4
Additive drag D_;, = | (p - P ) dA
A’m
4 "
Suotion thrust T, = J o -p)aa-] < as

A

1 %

External drag: nEx - Dadd - Tls

it will be shown that the external lip drag, DE’ can be calculated from measured quantities on such a test
arrangement as:
Dgy = B (V= V) + A (e - p) + &,(p, -, ) + A (p, - p,) - H.

If the internal surfaces of the shaded bedy of Figure I1I1.19 exert a force on the captured streamtube
whose axial component, ¢, is assumed to be directed downstream, the axial force on the captured streamtube
between a station ahead of the model in undiaturged flow and the exit plane of the nozzle, n, is:

-1 -
P, AGJ+ .' pdA + ¢ pnAn .
A
This force may be equated to the increase in the axial component of momenium flux of the captured stream
tube between these iwo reference stations:
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A
B Aaj+ A‘ pdA + ¢ — pnAn = m Vn -m “x .
(= o]
An equal but opposite force, —¢, must be exerted by the streamtube on the body. Since the body is in
static equilibrium, the total axial force acting on fthe surface of the body must be zero:

A4 s
- [ i = e ) -
o+ ) paa+ | T as P, (4, - A)) - p, (A, - &) +H=oO.
A S
It 1
Simultaneous solution of the above equations eliminates the force and the expression for is obtained.
Proper corrections can be made to 1o account for the change in skin friction, 7, for the"higher

Reynolds number of the aircraft installation. Such an isclated inlet test can also incorporate studies of
inlet total pressure loss and distortion without affecting the external drag.

Another technique to determine the external inlet cowl drag is depicted in fig., I1.19 which is in
use since 1960. Originally the complete cowl profiles could be varied, but currently the aft end of the
nacelle is an integral part of the rig and only the forebodies are interchangeable. Intake mass flow is
controlled using a motorised exhaust plug, and is determined from internal rake measurements. Four ex-
ternal rakes positioned aft of the nacelle are used to obtain the drag from the momentum deficit
associated with the flow about the nacelle. By varying the taper angle of the rig aft of the rakes and
also be removing the rakes, the aft end of the rig was shown to have an insignificant effect on the fore-
cowl surface pressures, although it did of course produce a pressure increase on the rear faceas of the
nacelle. This test also confirmed Ritter's assessment (Ref.II.22) that interference field effects on
boundary layer development have a negligible effect on the magnitude of the profile drag.

Each drag rake is of sufficient extent to measure wake losses at high spill conditions, at in-
cidences of at least 6°. At very high subsonic Mach numbers shock wave losses extend beyond the confines
of the rakes, but this is not of concern in determining y and for qualitative assessments of relative
nacelle performance. Since the area weighting of the pressure tubes is on an annular basis the very small
total head losses that are present at ithe extremities of the rakes when weak shock waves are present are
more significant than in equivalent 2-dimensional rake survey tesis. At low Mach numbers and at low in-
cidence the extent of the wake is small even when the intake is spllling and typically does not extend
further than 0.2 cowl diameters from the support tube surface at the measurement plane.

The calculation of profile drag from the measurement of total pressure and static pressure dis-
tributions at the rakes follows the usual method in which the mass flow and total head loss is determined
for a particular stream tube at the measurement rake and this data is then used to calculate the momentum
deficit at downstream infinity assuming no further total head losses occur.

Thus, v _
D= i ('».rmC vi)

where m. is the air mass flow in the stream tube containing pitot i and V. is the velocity in this stream
tube at’downstream infinity. Suffix o« refers to freesiream conditions.

Now =
)]
ay/T 2y Py
q = (ptA ). = (r»f)ﬂ P, 2/y
B
and

where p;y P, are the static and total pressures in the stream tube at the rakes.
i

Hence, v
1

T :
D= Yq p, Ai[(ﬁ:) - (\/Toc)]

where Ai is the area allocated to each stream tube at the rakes.

2.1.3 TECHNIQUES FOR MEASURING INLET MASS FLOWS

It is obvious that the inlet mass flow is a primary inlet variable and must be controlled and
measured with extreme precision. For example a double ramp intake operating at M = 2.2 an effective
change of ramp of 1° results in a change of maximum inlet flow (Akm:/kan) of 1 °/o and a change of

max

pre—entry drag coefficient AC of 0,008. It is therefore generally agreed that if the external drag

D
pre
is being determined from the difference of a drag balance measurement and the internal drag-as described
in the previous section — the inlet mass flow should be measured at least within 1/2 ©/o. (Ref. II-23).
With specially designed mass flow cells-as will be described later — measurement of mass flow to within
1 °/o certainty can be normal routine. If insufficient care is taken errors as large as 5 °/o may result.
The least inaccuracy can be expected if the mass flow is computed from rake surveys in the internal duct
only and can only be obtained if the distortions at the measuring station are small.

The higher accuracies are obtained if the measuring cell is calibrated against a standard. It is
usual that the exit is formed by a sonic or near sonic exhaust with plug. The mass flow can than be
written as a function of the discharge coefficient of the exhaust. What is important in quoting the
stated accuracies are the numbers on the standard deviations and on the possible error of the mean. The
former should be at least less than 1/2 ©/o. The presence of noise could cause perturbations of the
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FIG. II. 18 WIND TUNNEL TEST OF INLET MODEL.
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order of 1/2 °/o. By careful calibration the error of the mean of the discharge coefficient can be less
than 0,1 °/o. However in inlet tesis, usually the stagnation temperature distribution is not measured.
When the model is at a different temperature as the stagnation temperature of the tunnel, and heat trans-
fer takes place in the inlet duct, the stagnation temperature distribution should be measured in front of
the flow meter in order to obtain the required accuracy. In addition in the calibration rigs the actual
distortion of the stagnation pressure and temperature measured in the inlet should be represented. When
possible, the distortiion should be minimized in front of the flow meter. For example supercritical in-
ternal flow will give distortions and therefore rapid deterioration in the accuracy of inlet flow and
internal drag measurement, leading to wrong conclusions regarding the external drag. Furthermore, the
accuracy of the mass flow measurement decreases with a decrease in velocity at the measuring station. The
calibration procedure for the rake method requires extreme precision and must include the full range of
flow conditions which will occur at the rake.

Fig. I1.20 shows a standard cell for measurement of the mass flow which is also used to measure en—
gine fan pressure recovery and flow distortions. This is a completely self contained piece of equipment
which can be made in several sizes (Ref. II-13). Some results of calibration tests are also shown. Fig.
II1.21 is a photograph of a similar design. In this case the flow is surveyed by a rake of twelve pitot
tubes across a diameter plus two static stubes (one located centrally and one at 0.67 of duct radius)
which can rotate to any position. This rake and the conical throttles, which vary the exit area, are
cantilevered forwards into the duct and survey the flow at a station "f" where the duct is of constant
area. This internal rake, model duct and exit are calibrated for accurate measurement of mass flow. Flow
through a standard orifice plate is compared with that measured by the rake using the model duct but re-
placing the intake by a 4 : 1 contraction ratic bellmouth.

The fellowing calibration factors are evaluated from this test:

mass flow measured by orifice plate
" mass flow derived from area weighted mean
total pressure at station "f" and the
geometiric area of the choked exit

c
p,)

mass flow measured by orifice plate
f = mass flow derived from mean static pressure
and area weighted total pressure at station "f»

Cd is applied at supersonic speeds in the form of a correction to the geometric exit area giving:
(pg)
- AHI ) X
geometiric

ex Cd
effective (Pf) .

Kf is used at subsonic speeds where the exit is noi choked and as the Mach number Hf is generally less

than 0.5 the flow can be considered incompressible so that

true mean Mach number Mf

Kf ® measured mean Mach number M,

When using the equation for internal drag the true mean value of Ii is required, Thie is obtained in the
following way. For a family of velocity profiles defined by:

1/
v (_-_I.n
YT =g
m

Mean Mach number Hf

Mean Mach number obtained from six discrete points (the
positions of the pitot tubes) on the profile

the iwo constants: from integration of velocity profile

K =

and Mean H% from integration of velocity profile

Ku Mean H? obtained from six discrete points on
the profile

are calculated for the conditions:

0.2 ¢ z € 0.8
25 a7

To a first approximation it is found that a single linear relationship exists between the factors K and
. Thus the experimental value of K (i.e. K_.) is used to find a value of K, which is then used to

evaluate the "true" mean value of M2 in equation.

The table below gives an indication of the estimated accuracies of the external drag of the model of

Fig. II.12a at various Mach numbers.

ffl Component accuracies Absolute
L Aen ¢ C c) c, ;alue
internal Dbal base Dext
0.5 0.687 + .031 + .003 + .004 + .038 «39
0.9 0.742 + 024 + .031 41
2.0 0.895 + .024 + .031 1.04

It is noticed that general consistency and repeatability of points is about CD = + .01 when the velocity
distribution at the survey station is good.

Fig. II-22 shows an example of a rig used to calibrate these mass flow cells. At the present time a
standard NGTE choked nozzle (whose discharge coefficient is known to + 1/4 ©/o) is being used to calibrate
a large range of standard flow orifices. With the NGTE nozzle removed, these calibrated orifices are then
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used to calibrate the mass flow measurement cells which are operated in a choked exit condition. A later
development is the design of a new standard choked nozzle having very low throat curvature and laminar
flow. This standard will rely on a calculated discharge coefficient which is (a) very close to unity and
(b) will have very small error (Ref. II-24). This nozzle will be followed by an efficient diffuser so that
it is hoped that it can be used directly to calibrate the cells, both of them operating choked.

2.1.4 BLEED AIR, BYPASS, DIVERTERS, INFLUENCE ON EXTERNAL FLOW

The problem of bleed, diverter and bypass simulation in wind funnel is only relevant for aircraft
with integrated engine-airframe systems and for supersonic aircraft. These items cause interference with
both the internal flow and external flow; however, it usually had the most affects on the former. The
accurate determination of bleed/bypass and also of spillage drag effects in the transonic range of Mach
numbers is an important requirement. It is at these speeds where bypass and spillage mass flows are the
greatest and where effects on performance can be large.

Simulation of inlet bleed (including bypass) and spillage effects is accomplished with the inlet drag
model. As indicated in Figure II.8 and others, the bleed/hypass geometry is simulated on this model as
accurately as possible. Adjacent surfaces such as wings, fuselage, etc., which could interact with the
flow from the bleed/bypass exhaust systems must also be duplicated to scale on the inlet model. It is the
practice during wind tunnel tests to duplicate a range of bleed/bypass mass flow ratios in combination
with a range of operating inlet mass flow ratios. In this manner the proper drag increments can be assess~
ed for a wide variety of matched inlet-engine operating conditions. It is not recommended that any extern-
al bleed should be incompletely represented. If the bleed is only internal ito the intake, it can be assum—
ed that it will not influence the external flow pattern. At supersonic speeds however, it has been shown -
at model Reynolds number - that the amount of bleed can influence the position of the external shock waves.
Typically full inlet flow changes 2 — 3 °/o as bleed increases from zero to 2 ©/o. In this case the ex—
ternal drag will also change. Therefore for bleed representation in wind tunnels it is a necessity to use
as large as possible model Reynolds number, and thus scale, preferably as high as 1/6.

In the cases where the bleed/bypass and spillage mass flow ratios are not duplicatgd or simulated
during wind tunnel model tests, analytical corrections for these effects are made. The calculation usually
involve only a momentum balance (drag) for the individual flows being considered and are not amenable to
calculation of interference effects.

The major correction from wind tunnel inlet model to full scale aircraft involves the boundary layer
on the fuselage forebody. The problem on integrated airframe-engine configurations is the adequate scaling
of the boundary layer thickness to the geometric scale of the model for the full range of flight conditions
(Ma>) and attitudes (a and B). Corrections for the effect of boundary layer thickness on the inlet flow
field are difficult to accomplish with accuracy. Improperly assessed forebody flow field effects have been
the major reason for past propulsion deficiencies experienced during full scale flight.

This is particularly true for boundary layer scoops or diveriers since at the reduced Reynolds number
of the wind tunnel model the ratio of the diverter height(h)and the boundary layer thickness (5) is smaller
than at full scale if the former is scaled geometrically. In inlet design, a compromise is usually requir-
ed between drag and the diverter performance. Such a compromise iends to select a solution where the outer
part of the boundary layer enters the inlet, and it is this compromise that cannot{ usually adequately ob-
tained from wind tunnel tests. In general the parameter h/6 is used which describes the proportion of
boundary layer ingested by the intake. Though convenient, it is obvious that a parameter which is a ratio
of the logs of momentum in the boundary layer air ingested to the momentum of the remaining "free sgiream"
air entering the intake would be more appropriate. However, it is obvious that further thought and system~
atic experimentation is required to elucidate better simulation criteria for model and full scale re-
presentation than just identical h/b values. Whatever parameters do emerge (and in practice they may still
amount to something similar to using identical values of h/b) there remains the problem of how to achieve
them physically. As illustrated in Fig. II.23 to obtain identical values of h/b, model and full scale,
there are the following possibilities of geometrical changes to the model:

Ea; Move intakes bodily out from the sides of the fuselage.

b) Move wall of intake adjacent to the fuselage side outwards keeping the rest of the intake identical.
(¢) Reduce body size adjacent to the intakes so that fineness ratio of the forward fuselage is increased.
(d) Bleed some of the boundary layer from the fuselage forward of the position of the intakes.

The last of these alternatives would appear to be the best but has difficulties associated with force
measurements, establishment of the correct profile turbulent boundary layer before the intake position is
reached, etc.

Usually the pressure drag of the diverter CD is determined based on the diverter frontal area and

div
this coefficient is then applied to the correct size diverters on the full scale aircraft.

When part of the boundary layer from a forebody is allowed to enter the intake the measured standard
internal drag includes part of the skin friction drag associated with the flow over the forebody. (Ref.
I1I-25). In these circumstances to arrive at the external drag a separate experiment must be done in which
preferably the intake is removed and the boundary layer profile at the compression surface leading edge is
measured. If the intake cannot be removed from the model then the traverse has to be done sufficiently far
upstream of the leading edge of the intake so that its presence will not effect the results from the
traverse. The results of this iraverse can then be evaluated in terms of the momentum defect in the bound-
ary layer for the flow that will enter the intake. If the boundary bleed or diverier is "started” then the
position of the boundary streamline which divides internal and external flows can be taken as the geome-
tric distance of the cowl lip above the forebody surface. If this bleed or diverter flow is not "started"
then this bounding streamline can only be approximated and then only if a very accurate determination of
mags flow through the intake is known.

An illustration of the evaluation and final magnitude of the skin friction that is ingested into the
intake in a typical case is shown in Figure I1I-24.

2.1.5 PARTIAL INLET MASS FLOW AND COMPLETE INLET FAIRING
A INTEGRATED SYSTEMS

The general review of wind tunnel test procedures under sections 2.1.1, and 2.1.2 indicated that full
inlet mass flow is usually not duplicated on either the aero force model or the nozzle afterbody model. In
the asro force model case the reference mass flow ratio is usually the critical mass flow ratio. Since the
reference mass flow ratio is also a reference test condition for the inlet drag model, it must be determined
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with maximum accuracy. Unfortunately, the scale of the aero force model is not generally conducive to
providing the instrumentation neceassary for such accuracy. For this reason there is a tendency that the
more recent aero force models approach the inlet drag model in size (1/12 scale) and have included not
only instrumentation for mass flow measurement but also for mass flow control.

However, if the aero force (or complete) model yields only small inlet flows due to model back end
distortions and sting size, the inlet flow representation and measurement may be more nuisance than
worth. In those cases the inlet may be completely faired, particularly at the complete wind tunnel models
in the early stage of aircraft development.

Usually the shapes for intake fairings are arbitrary. Figure II~25 shows an example of such a fair-
ing for a rectangular intake. As an example the corrections to lift and pitching moment slopes due to
these intake fairings can be derived in the following manner:

The potential flow contributions due to fairings as derived from slender lifting surfaces are determined
from the difference between values calculated for the body with and without fairings. These contributions
are as follows:

2
©, 2n
do Aref
ac L (L-X) dc
X __2n 2 aX - m- L y. R
da A z / RX E do i L
ref - ®
L] morm
where RX is the local semi-width of the body L . N ref,
RL ig the body semi-width at the intake entry plane m
s is the reference area (usually wing planform area)

“ref
¢ is the reference (wing) chord.

The contribution due to the intake fairings are subiracted from the measured lift and pitching moment
slopes. The calculated contributions due to engine flow are added and are

o, 2y fo
da Aref da

Ty Bl T) to
da Arefc da

where A  is cross sectional area of the capture streamtube in the free stream and

E;l is the rate of change of flow incidence at the intake eniry plane with respect to free stream.
2
dai R.

— .1+~

da 2
¥y

where b A is the distance from the aircraft centreline to the centre of area of the intake eniry plane,
and Ri is the semi-width of the fuselage at the intake entry plane.

The interference effects of both fairings and real inlet spillage are ignored.

Nozzle afterbody models use complete inlet fairings at all test conditions. There can be an effect
of inlet mass flow ratio on aft surfaces for gome aircraft configurations. Since the jet exhaust is also
present, the question of possible interactions due to inlet and exhaust flows is raised. Simulation of
both flows simultaneously on the same model would be needed to answer this question. Very little, if any,
tegting of this nature has been attempted. The development of small scale engine simulators could provide
a means by which this dual simulation can be accomplished (Chapter V).

B PODIED ENGINE INSTALLATION

If during complete model tests the nacelle aft body of a subsonic transport with podded engines
(turbine cowl) should for some reason be geometrically scaled, the natural inlet mass flow is consider-
ably reduced and might cause separation and increased spillage drag. Two methods can be used to avoid
such phenomena: (a), the inlet can be reshaped (decreased inlet area) such that similar suction at the
cowl can be expected, and (b), within the inlet a bullet shaped body may be inserted such that the pre-
entry streamline pattern is akin to that for the intake without body and with the actual scaled mass flow.
For both techniques caution should be exercised not to introduce unfavourable secondary interference
effects especially at high angle of attack and yaw.

Also if small scale engine simulators are used for simultaneous inlet and exhaust simulation, the
inlet mass flow is somewhat reduced compared to the actual engine. In practice the inlet area is
proportionally reduced.

When engine simulators are not available or practical (scale, tunnel blockage) the direct blowing
technique is applied to evaluate jet effects. The inlet may be completely faired or the captiured stream
tube may be represented by an upstream body (usually from tunnel plenum chamber) (Ref. II-17, II-20). The
latter method causes difficulties when angle of attack is varied, and boundary layer suction at the inlet
entry plane is required for reducing the boundary thickness at the fan nozzle.

The former method is not generally applied since the omission of the inlet flow might cause
considerable interference effects at the pylon-wing-nacelle location. However, preliminary tests with an
underwing fan engine wind tunnel model showed that the closure of the inlet by an elliptical shaped body
and simulating the natural flow-through jet with a body of revolution (Fig. I1.26) did not disturbe the
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flow field on the aft fan cowl, pylon and wing. The pressure levels shifted somewhat but the shape of the
pressure distributions remained identical as shown by some examples in Fig. II.27. The argument was given
that the thickness of the body representing the jet was chosen {oo small causing the main deviation
between the pressure levels for flow-through and faired nacelle. In any case these tests showed that for
this particular configuration the blowing nacelle with closed inlet and with jet properties similar to
that for the flow-through nacelle, yields a good reference condition for further tests determining the
jet effects. However, no data are available on the boundary, layer condition at the fan nozzle location.

Fortunately recently developed computation techniques which determine theoretically the interference
between wings and bodies at subcritical speeds (Ref. II-26, 27) will be of great help for determining the
optimum body and cowl shapes for zero and reduced inlet mass flows respectively. Optimum should mean that
the velocity and pressure fields at the fuselage wing, pylon and fan aft body are affected to a minimum
as compared to the fields of the reference nacelles used.

2.1.6 FINAL REMARKS ON CORRECTIONS

The previously described techniques for determing the inlet effects on external aerodynamics with
special inlet models generally yield corrections for the overall aerodynamic data obtained from complete
model tests. Translation of these data to full scale might sometimes cause difficulties due to the reduced
Reynolds numbers of the wind tunnel tests. The difficulties arise if shock wave-boundary layer interact-
ions and flow separation occur. For example, for podded fan engine installations the spillage effects on
wings could be very sensitive to Reynolds number variations, just as the basic wing will be. Cowl separat-
ion boundaries are also liable to be sensitive to Reynolds number changes. In many cases the transition is
fixed by some artificial means, but this does not give at all any guarantee of flow field and pressure
field duplication in the wind tunnel. A complication in deciding how to represent the intake in relation
to a fuselage or wing at model scale is particularly obvious for a pitot or half axisymmetric centrebody
intake where the intake shock system directly impinges on the adjacent fuselage or wing boundary layer.
The scale of the interaction betiween shock system and boundary layer and the effect of this interaction
on the downstream boundary layer properties will then depend on the absolute size of the boundary layer
and, hence, will change from model to- full scale.

Much work still needs to be done on viscous effects at transonic speeds. Much attention has been
given to it already, particularly within AGARD. The results of these studies will undoubtedly have a
marked influence on the interpretation of and correction procedures for wind tunnel data concerning
engine installation. Presently only guesses can be made for those corrections.

2.2 INTERNAL INLET FLOW

The separation in treatment between external and internal inlet flow and the mutual influencing
effects cannot strictly be made. This is particularly true for diverters, bleeds and other bypass systems.
In the previous sections most attention has been devoted to the external effects where the primary inlet
parameter is the inlet mass flow. The measurement of this variable has also been treated. In the next
gections we will consider the internal flow primarily, how the internal flow is simulated, how measure-
ments are performed and which corrections are applied.

The purpose of the inlet is to diffuse the entering air properly, to cause minimum drag penalties,
and, to deliver to the engine an air flow that is compatible with the engine requirements both steady and
unstationary. Usually such tests are performed in special inlet wind tunnel models, sometimes called
propulsion performance models, which are preferably at large scale (1/6). In many cases however the inlet
drag and performance model are the same.

2.2.1 TECHNIQUES FOR INLET MASS FLOW SIMULATION

The techniques to achieve mass flow variation in the special inlet models are generally similar to
those described in section 2.1.2 with the addition that the duct shape from the inlet plane to the com-
pressor face must be simulated as on the full scale aircraft and the measuring station must be located at
the compressor entrance plane (Fig. II.28).

When applicable, it is necessary to have a boundary layer conirol system (bleed) and a bypass system
properly scaled so as to simulate the airflow at the engine compressor face. Pressure measuremenis at the
compressor face station of the inlet performance model should be sufficiently detailed to provide an
accurate measurement of total pressure recovery, engine mass flow (see 2.1.3) and the spatial distribution
of the local total pressure ratio. Usually this involves a total pressure array of 30 to 40 individual
total pressure probes for model scales on the order of 1/6 for the typical fighter aircraft.

For large scale tests, an actual engine may be used to combine flow control with inlet-engine inter-
action effects. This technique, however, is quite expensive and can result in a doubling of the complexity
of the test. Furthermore, the range of inlet mass flow ratio tested is limited by the engine capability.
As a rule, therefore, inlets are tested with engines only when the inlet-engine interaction if of paramount
importance.

Tests may also be conducted using a small engine with a subscale inlet. For example an off-the-shelf
small engine appropriate for, say, a 1/2 scale inlet may be used. The difficulty with these tests are the
fact the small engine may be either more or less sensitive to distortion as compared to the actual full
scale engine.

At transonic speeds below approximately Mach number 1.0 the full mass flow range through super-
critical operation is not usually attainable because of the lack of natural pumping. That is, the base
pressure at the inlet exit is not low enough to introduce the maximum flow through the inlet. To reduce
the base pressure, ejector systems have been employed as well as extending the duct by a conical diffuser.
Another approach has been through direct suction where a flexible bellow and pipe arrangement can be
attached to the inlet exit and lead to an outside vacuum source or merely to atmospheric pressure if the
tunnel pressure is sufficiently high. For Mach numbers above 1.0, sufficient natural pumping to cover the
complete mass flow range is usually available at least for relatively small scale models. For complete or
partial airframe inlet tests, small gas driven turbines have been used to simulate the engine mass flow
demand. ,

The means for varying bypass flow depends in part upon the method employed to remove it., If the by-
pass is taken off at the throat, flow rates will be determined by slot gap width, offset, and back
pressure. The back pressure may be determined either by a fixed or by a remotely variable exit. Again, a
?roperly de;igned variable plug can be used to serve both as a flow control and flow measurement device.

Fig. 1I-29).
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When a fixed area exit is used, very rough estimates of bypass mass flow can be made from pressure
measurements in the exit channel. An alternative method of removing bypass flow places a collector plenum
around the duct near the compressor face with flow rate controlled again by a variable exit area. If close
approximation of actiual bypass flows are to be achieved - within 2 °/o or 3 °/o - the carefully calibrated
remotely controlled plug (or its equivalent) is necessary. This type of variation is also necessary for
comprehensive investigations of the best balance of spillage and bypass for transonic flight. For small
scale investigations where the expense and complexity of a remotely variable bypass exit is not warrant-
ed, a series of fixed exits may be used with reasonable success. The approximation of bypass flow should
be consistent with the reproduction of other parameters in small scale.

In duplicating bleed systems in a model, the goal is to maintain a viscous layer through the inlet
which reacts to inlet pressure gradients similarly to full scale flight operation. It is advisable then
to perform some theoretical analysis on the flight vehicle bleed system to determine plenum back
pressures and then perform wind tunnel tests over a small range of back pressures near that value in order
to be absolutely certain of acquiring representative data. In cases where wind tunnel test conditions do
not match flight Re (Reynolds number based on boundary layer height), it may be necessary to make adjust-
ments in the size of bleed holes {or slots) in order to remove the proper amount of flow, In the case of
perforated side plates or compression ramps, remotely variable porosity may be effected by means of slid-
ing plates. As with the case of bypass, small scale model tests (on the order of 1/12 scale) do not have
a critical requirementfor variation of boundary layer bleed ad transonic Mach numbers in order to be
consistent with other areas of duplication.

Proper duplication of the above mass flow ratios for engine (ﬁen)/(ﬁoo), bypass (ﬁbp)/(ﬁa>)' and

bleed (ﬁBD)/(ﬁx)),»coupled with a sufficiently high tunnel pressure to produce Re (Reynolds number based

on boundary layer height) near the full scale value provides the most important input to inlet mass flow
simulation. Generally speaking, it is not difficult to manage this simulation well enough to obtain a
close approximation of average total pressure recovery Py /bt y but also total pressure distortion -

2 <<}

both steady state and dynamic ~ be determined to meet engine development demand, a great deal of attent-
ion to detail is required. For instance, boundary layer analysis must be accomplished carefully and the
boundary layer diverter design based on this analysis should provide, as nearly as possible the same
channeling of viscous flow as would the flight vehicle design. If it appears that model boundary layer
flows will not have "healthy" velocity profiles, vortex generators may be used to energize viscous flows
in regions of relatively high pressure gradient.

Tests should be run over a wide range of vehicle manoeuvre attitudes to determine inlet performance
and operational stability at all possible flight conditioms.

High frequency fluctuations in the compressor face mass flow may be affected by cowl lip-flow field
interactions, shock wave-boundary layer interactions, wakes from struts terminal shock location, and/or
flow separations in the inlet duct. Close attention to the inlet geometry then can also help to assure
that the patterns of total pressure - even at high frequencies - are duplicated in a wind tunnel inlet
model. In fact, a honeycomb near the simulated compressor face or some other device to reproduce proper
"organ pipe" duct resonance may be required to define resultant adverse disturbances.

It can be concluded that the more sophisticated testing techniques offer the combined advantages of
accuracy and versatility in advanced development whereas the cruder transonic test methods are more
consistent with low operating budgets and the rough approximations expected during initial investigations .
of gystems designms.

2.2.2 EXTERNAL FLOW FIELD SIMULATION AND MEASURING

Simulation of the flow field in which an inlet is immersed can be at once, an important and difficult
‘task in transonic wind tunnel tests. If the inlet system is to operate only at high subsonic Mach numbers
and/or is located reasonably well ahead of the regions where the flow fields are significantly affected
by the proximity of the flight vehicle, isolated inlet tests are acceptable. An ultimate check-out is al-
ways necessary with the correct model flow field. When inlets are closely integrated with the flight
vehicle and especially when these inlets are designed for moderate to high supersonic Mach number flight,
the inlet flow field is mostly defined by the vehicle forebody shape and attitude, but can be affected
tangibly by diverter shapes, near by stabilizer surfaces, nose booms, and external stores. If a large
part of the airframe must be simulated in the wind tunnel for proper flow field duplication, losses must
accepted for the reduced scale, and hence, reduced Reynolds number. It is recommended that ithe partial
model should be extended at least 5 to 8 engine diameters behind the inlet.

In simulating the external flow field at transonic Mach numbers, it is particularly important to re~
produce viscous conditions, vortices, and local flow angularities. Local values of Mach number and total
pressure also come into play as part of this simulation. The inlet may be rather sensitive to local flow
angularities with flow separation (internal or external) resulting from high flow incidence angles with
inlet boundary layer diverters, side plates, or cowls. Vortex formation from some of the possible up—
stream sources mentioned above may be shed into the region where an inlet is to be located and, conse-
quently, should be defined during developmeni wind tunnel tests. Also, in transonic inlet tests it is
advisable to consider duplicating some disturbances downstream of the inlet, e.g., downstream portions of
the wing when the inlet is shielded by the wing. In this context, the question arises also, does the act-
ual engine exhaust influence the inlet flow field. Usually this question remains unanswered, but might be
worthy of consideration in many instances.

During the wind tunnel development of inlets which are located close to the fuselage, careful
attention must be given to the relative thickness of the boundary layer on the model and on the airplane
in order that the effects of the fuselage flow field on inlet performance may be properly evaluated (see
2.1.4). One aspect of the problem is illustrated in Figure II.30. This figure compares the calculated
thickness of the boundary layer on a body of revolution, representing the forebody of an airplane fuse-
lage, with the calculated thickness (converted to full-scale values) on a 1/6 scale wind tunnel model of
the same forebody. The thickness was calculated at a station 20 feet (full scale) behind the nose, using
the method presented in Ref. II-28. This method accounts for three dimensional and pressure gradient
effects. The calculations for the airplane were made for altitudes of 30,000' and 50,000' and for a
completely turbulent boundary layer. The calculations on the model were made for several boundary layer
transition assumptions: free transition, transition at the distance from the nose which corresponds to
the minimum Reynolds number for transition, and at 5' and 10' from the nose. If the diverter height on
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the model is scaled from the airplane then it would appear that proper boundary layer simulation at

a = 0° would be obtained by fixing transition on the model at a station corresponding to 5' or 10' full
scale. The trip location will, of course, be affected by the test Reynolds number. Whether or not the
other boundary layer characteristics are simulated by this tripping method, remains an open question, e.g.
is the shock wave-boundary layer interaction also duplicated? This can give a marked effect on unstarted
inlets at supensonic speeds (Ref. II-29). For manceuvring fighters the growth of the fuselage boundary
layer with angle-of-attack is of prime importance. The problem of how well this boundary layer growth can
be duplicated in a wind tunnel is worthy of further research. For example, if transition is fixed on the
1/6 scale model at the 10' full-scale station, laminar flow exists over half the linear distance of the
model in contrast to a completely turbulent flow on the airplane. With this large extent of laminar flow
on the model does the build-up of boundary layer with angle-of-attack correspond to the build-up on the
airplane? Or, should the boundary layer on the model be made completely turbulent and the inlet diverter
height on the model be increased from the scaled value to account for the relatively thicker boundary
layer at o = 0° ? Another unanswered question is how doés unit Reynolds number affect the rate of growth
of the turbulent boundary layer with angle-of-attack?

The careful definition of external flow fields at transonic Mach numbers is normally important only
for systems designed for higher supersonic flight where the inlet flow field is influenced by the fuselage
and/or wing (Ref. 1I-29, 30, 31). Figure I1I.31 shows an example of the type of instrumentation which
might be provided for such installations including boundary layer profile measuremenis, wing and fuselage
static pressure surveys, and inviscid flow field measurementis. The flow field measurements should be made
with some type of cone probe arrangement such as that shown in Figure II.32 with which local flow angular-
ity, Mach number and total pressure can be determined.

As mentioned previously, there are some inlets which can be tested alone. These would include nose
mounted inlets and low transonic inlets mounted well away from the flight vehicle fuselage. The obvious
advantage to such a test is that it allows the use of larger scale inlet models in the same size wind
tunnel. Another testing technique to be explored is the use of small scale forebody tests to determine in-
let flow fields. If a low blockage aerodynamic device can then be constiructed which reproduces the flow
field generated by the actual forebody, it would be possible to test the larger scale inlet in the correct
flow field generated by this device. The questions to be answered in future investigations of this concept
are whether the flow fields can be duplicated, whether varying aircraft angles-of-attack can be reproduced,
and whether inlet installation in the simulated flow field has the same effect as its installation in the
vicinity of the actual vehicle forebody.

2.2.3 TECHNIQUES FOR INLET PERFORMANCE MEASUREMENTS

For the inlet flow entering the engine four properties are of primary importance namely, the mass
flow, the pressure recovery, the stationary distortions and the unsteady or dynamic distortions.

The mass flow measurements have been previously treated in section 2.1.3 and nothing will be added
here.

Inlet pressure recovery and distortion are usually obtained from the measurement of 30 to 50 total
pressures and several static pressures at the compressor face. Either mass weighted or area weighted re-
covery may be used. The distortion indices require sufficient probes in order to accurately define the
inlet distortion as shown in Figure 11.33, while the pressure recovery is less sensitive. In practice the
area mean pressure recovery is obtained within 1+ 1/2 °/o. It seems that corrections of the pressure re-
covery due to scale effects can usually be neglected.

Different engine manufacturers use different distortion parameters for engine surge. One company
favours the DC6O parameter:

o P60 - P
60 {1:2 PV jmean at engine face

(where §6O is the mean total pressure in the worst 60o section; P is the mean total pressure overall).

Another company uses the K_ factor which has several slightly differing forms one of them being:

D

ring n

1 Pmax - Pmin -
KDM =3 % [(_}"-—)1 Oi Ci }x 100

i=ringl

n
C.
i
i =ringl
This is a summation of conditions on a number of rings of pitots at differing radii where Pmax' Pmin and

P are maximum, minimum, and mean values of total pressure on the ring

Engine radius
C_. = - " and

ring ring radius
6 is the largest continuous arc of the ring over which the total pressure is below the ring average. In
general the measurement of all or any of these factors should present no problem. The only problem is the
ever present one of the relevance of model tests at much lower than full scale Reynolds numbers, where the
incorrect representation of the external flow probably is the main cause.

The recent advance of the turbo fan engine cycle for application in high performance supersonic ve-
hicles has required more detailed study for engine-interface dynamic interactions. The engine might
randomly surge after perhaps sometime spent at a steady state condition which initially appeared to be
acceptable to the engine. Indications at present are that the engine is insensitive ito inflow dynamics in
the lower transonic regime.
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However, during supersonic operation, starting at p.rT. 66““
M o =~ 1.1, the engine is susceptible to the dynamic 0?“6
. . . : - PN
distortions as can be seen by the indicated diagram, stall | &gp
where the supersonic working region is at the lower margin ¢ P

left and the stall margin is the smallest.

g \/?n_; = const

volume flow

Fig., II.34a gives an example of the reduction in stall margin of a turbo fan engine (where 10 °/o
loss in surge line = 100 °/o reduction in stall margin) versus the low frequency turbulence level,
generated by various means. Fig. II-34b shows the percent loss in total flow for the same condition. In
the first case a correlation can be found; in the latter correlation is completely lost. It is clear from
these figures that more work is needed fo establish better correlations which describe the influence of
the dynamic distortion properties on the engine characteristics. Ref. II-32, describes a theoretical
treatment of this problem.

Recent experience suggests that the initiation of surge can probably be linked to the steady state
distortion index provided the deviation from steady distortion can be sampled quickly enough i.e. if the
steady state distortion factors is exceeded while the compressor is rotating for one revolution then surge
can be initiated (Ref. II-33). If this is true then the measuring problem in the wind tunnel reduces to
dynamic measurement of pressures through the use of miniature high response transducers, (e.g. Kulite)
which are usually located in conjunction with a steady state transducer. These transducers are quite
sensitive and must be protected from damage by foreign objects in the tunnel. The calibration, data
acquisition and subsequent data analysis then requires extensive electironic recording and play back equip-
ment. Stochastic analysis techniques must be employed to analyze the test results. Steady state probes
have a frequency response of a few hertz, while the high response tiransducers have a frequency response of
the order of 5000 cycles per second, depending on the scale.

However after these measurements the problem arises how to translate the wind tunnel data to full
scale with the actual engine. The cause of this distortions can be numerous and probably mutual inter-
ference exists. Important factors in this phenomenum are turbulence caused by separations, turbulence
level and frequency, acoustic characteristics of the main flow, compressor dynamics and acoustic character-
igtics. This means that Reynolds number, scale and engine characteristics are primary parameters. The
dependence of scaling laws on these parameters is unknown (see further section 2.2.4). More information on
dynamic distortions can be found in Ref. II-34 - 36.

Transonically, very few attempts have been made to measure temperature distortions at the compressor
face, and, in particular, no high frequency response temperaiure measurements have been made. Measurement
of compressor face flow angularity or swirl have not been thoroughly considered although a few attemptis
have been made using hot wire anemometers to measure stream velocities as well as turbulence.

2.2.4 SCALE EFFECTS

As long as large scale models are used, no significant scale effect on the static internal performance
is expected. Dynamic flow measurements must be scaled, however, since the dynamic response of the flow is
a function of length. For small scale models (1/12 scale and less) some loss in indicated performance can
be expected, especially if the Reynolds number is low and the bleed patterns, slots or scoops, are not
properly scaled.

No set rules for the corrections to internal performance are known since each inlet tends to be an
individual problem. But comparison of large and small scale inlet test results indicates a small loss in
pressure recovery (1 °/o) ig experienced going from large to small scale models. The corrections for
dynamic scaling are not well established at present, but will be developed by comparison of wind tunnel
measurements with flight measurements.

Preliminary results of turbulence scaling procedures have established some of the following results.
The turbulence process has been considered to consist of two phases, turbulence generation and turbulence
decay. The turbulence decay process is further divided into turbulence dispersion and turbulence dissipat-
ion. As used here, dispersion is the process in which the frequency distribution but not the quantity of
turbulence energy changes with distance downstream of the turbulence generation station. Digsipation is
the process in which the quantity of turbulence energy decreases with distance downsiream of the turbulence
gource, Figure II1.35 is a conceptual diagram of this turbulence process.

Three turbulence generating mechanisms are envisioned: boundary layer-shock interaction, boundary
layer shear, and sharp lip separation. These mechanisms are inter-related and can coexist. Depending on
the inlet operating condition, any one of the three mechanisms may be predominant.

Previous analyses of test data indicate that boundary layer-shock interaction is the primary source
of high-amplitude turbulence. Other test results indicate that (a) the center and normally highest re-

. covery streamtubes undergo the highest frequency and highest amplitude changes in total pressure, (v)
there are local flow oscillations of higher frequency than the basic boundary layer separation and re-
attachment cycle, (c¢) near the walls, maximum excursions from the average local total pressure were of re-
ratively short duration and towards the high-pressure side, and (d) there were large changes in total
pressure in a given streamtube. ’

A second mechanism for generating turbulence is the classic boundary layer shock mechanism in which
viscous forces at the duct wall result in a turbulent boundary layer. Turbulence generated by this me-
chanism is higher near the duct walls than in the center of the flow; and, the energy distribution with
frequency is relatively uniform., Scale will primarily affect the generated turbulence as a Reynolds number
function. A second order effect might be the relatively greater roughness of smaller models.

A third mechanism for turbulence generation is flow separation and vortex formation over the sharp
lips of an inlet. Conditions favoring this mechanism include large angles-of-attack and yaw, and high air-
flows at low flight speeds (mass flow ratios above unity). From similarity to flow through sharp edged
orifices, scale effects might be expected to be most apparent for quite small scales and Reynolds numbers.

Turbulence decay is considered to be largely a mixing process. In this mixing process, large-scale,
low-frequency turbulence is progressively reduced to smaller-scale, higher frequency turbulence. As the
turbulence scale, decreases, the mixing process accelerates, and the turbulence energy is dissipated more
rapidly.

Although the mixing process is assumed to be geometrically similar with inlet scale, two factors
tend to accelerate the process as scale decreases more than would be indicated by geometric similitude.
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One, analogous to the Reynolds number concept, is that, for unit of absolute mixing length, the ratio of
the mixing boundary area to the momentum in each of mixing stream tubes is inversely proportional to
scale. The second factor is that the dissipation rate is proportional to the square of the frequency which
in turn is inversely proportional to scale. ]

The turbulence model suggests the following effects of scale for geometrically similar inlets.
(a) Just downstiream of the turbulence generating regiom, turbulence amplitudes will be relatively in-
dependent of inlet scale. Turbulence frequencies will vary inversely with scale and directly with the
square root of the absolute temperature of the flow.
(b) Turbulence decay per unit length downstream of the generating station will vary more than inversely
proportional to the inlet scale. Conversion of lower frequency turbulence to higher frequency turbulence
per unit length downstream of the generating station will be equal to or more than inversely proportional
to the scale factor.
(¢) The frequencies at which turbulence energy peaks occur will vary inversely with scale factor and
proportional to the square root of the abgolute temperature.

Comparisons of the data from the geometrically similar 0.30 and 0.125 scale model showed the follow-
ing: .
(a) The frequency distribution of the turbulence energy differs with model scale. Typically, turbulence
energy levels are higher at low frequencies and lower at high frequencies for the larger scale inlet, as
shown in Figure I1I.36. Where resonant peaks occur in the power spectral density curves, the peaking
frequencies differ, but are inversely proportional to scale.
(b) Spatial distribution and turbulence patterns and variations of the patterns with angle-of-attack,
angle of yaw and Mach number are similar for the 0.30 and the 0.125 scale inlets.
(e) Average engine face turbulence differs both with Reynolds number and with scale. Both the Reynolds
number effect on turbulence and the difference due to model scale at a given Reynolds number are apparent
from the data of Figure II.36. There differences are largest when turbulence levels are high (low recovery,
supercritical operation), and decreases with increasing pressure recovery and decreasing turbulence levels.

The initial scaling correction for RMS turbulence is accomplished by using a cut-off filter prior to
processing the data. The cut-off filter frequency is selected in accordance with acoustic theory. That is,
to obtain full-scale turbulence values for frequencies up to, say, 300 Hz, a cut-off frequency of 1000 is
used in processing the 0.30 scale inlet data. Similarly, a cut-off frequency of 2400 is used for the 0.125
scale inlet data. If model test and full-scale temperatures differ, the filter cut-off frequency is further
corrected by the square root of the ratios of the absolute total temperatures. In Figure II.36, it can be
seen that this correction makes the turbulence data from the two models more nearly identical. Had this
been the only correction required, the data would be superimposed. However, dlfferences due both to size
and Reynolds number still exist.

The second correction consisis of extrapolating the model data both relative to scale and to Reynolds
number. The extrapolations, ideally, are based on data for the configuration of concern obtained from two
or more models of different scale tested at several Reynolds number.

2.2.5 COMPARISON EETWEEN WIND TUNNEL TESTS AND FLIGHT TESTS

Several recent and proposed programs have been directed towards the end of being able to correlate
and correct wind tunnel scale data to the full-scale flight vehicle conditions.

Figure II.3}7 presents some typical results obtained from a large scale inlet tested with and without
a turbojet engine. The data indicate that there is little differences in inlet flow properties between the
two test series. Furthermore, no significant differences (except for rotor harmonics) in the energy spectra
were found indicating little upstream influence of the compressor on the inlet flow. Another test series
provided some data for comparing inlet performance from a small scale, large scale, and flight test
vehicle with identical instrumentation. The data shown in Figure II.38 for a supersonic test condition at
low a indicates that there was little difference in the data between the two scaled models in terms of
either recovery, distortion, or turbulence. In general, the flight test data pressure recovery was in good
agreement but both the distortion and turbulence measured in flight are somewhat lower. The difference in
steady-state distortion, however, can be attiributed at least in part to the effects of Reynolds number.
The outer ring of probes on both models was immersed in the duct wall boundary layer while the flight
Reynolds number was sufficiently higher that the boundary layer did not reach out to the outer ring of
probes. If another distortion indicator had been used the differences may not have been as significant.
The compressor face turbulence is also somewhat higher in wind tunnel tests than flight and may be due in
part to Reynolds number effects as well as the level of tunnel turbulence relative to free flight. A
comparison of the steady-state distortion patterns are presented in Figure II.39 and show the great degree
of similarity between the wind tunnel and flight test results. It should be pointed out here that the
similarity between scale data decreases as the model scale is reduced. As the model scale is reduced below
approximately 1/10 differences may appear in both distortion and pressure recovery. This again supports the
requirement for testing using as large a model as possible consistent with the facilities available.
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III ENGINE THRUST
LIST OF SYMBOLS

a Speed of sound

Area
Cd Discharge coefficient
CP Specific heat at constant pressure
C'I‘ Thrust coefficient
Cv Specific heat at constant volume
FM Measured force on engine test bench
AFB Engine test bench correction force
h Mass flow
M Mach number
n Shaft r.p.m.
P Static pressure
Py Total pressure
R Gas constant
T Static temperature
Tt Total temperature
v Velocity
x Coordinate in thrust direction
xg Engine gross thrust
xid Isentropic gross thrust
Yy Coordinate perpendicular to thrust axis
Y Ratio of gpecific heats
d Half angle of conical nozzle
e Angle between velocity vector and thrust axis
<] Density
SUBSCRIPTS
cr Critical
e At nozzle exit plane
id Igsentropic, ideal
J Of the jet
8 Sealing
% Total, reservoir conditions
2 At engine entrance
[+ 0]

At upstiream infinity
* At throat
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If an aircraft manufacturer designs new aircraft, he has to look for the appropriate engine to propel
his aircraft. Sometimes he specifies the required thrust and other characteristics which should be met by
the engine company. Other times he can make use of existing engines or engines under development. The
engine company will define and specify the thrust under certain conditions based on company defined re-
ference inlets and nozzles. The aircraft manufacturer, however, plans to use the engine with a different
inlet and nozzle and external conditions typical for that aircraft design. The problem for the aircraft
company is to incorporate the defined and specified engine performance in his particular design and to
establish a wind tunnel test program compatible with the thrust definitions.

This chapter will first review the various thrust definitions and nozzle coefficients, after which
the techniques used to measure the thrust will be considered. The advantages and limitations of these
definitions and techniques will be critically reviewed. Also the applied corrections will be considered
and some information on obtained and required accuracies of the engine thrust will be given.

3.1 ENGINE THRUST DEFINITION

The engine net thrust as it felt by the aircraft is the engine gross thrust minus the ram drag, .
vectorally substracted. The ram drag is simply, the engine mass flow times flight velocity, m.Ve . This
means that in flight m must be defined accurately. The mass flow can generally be obtained in flight from
the known compresgsor characteristics.

Since the gross thrust is some factors larger than the net thrust, it is of great importance to know
the gross thrust at a high degree of accuracy. The ratio of gross thrust to net thrust tends to increase
with flight Mach number.

Usually the engine manufacturer presents the engine gross thrust in non-dimensional form in tables
and/or in curves. For example the gross thrust is presented as

p
(-—-E- + 1) given as a function of nVT, where
p t
t2 Peo e 2

Py, = static ambient pressure, P, = total compressor entrance pressure, Tt = total compressor entrance
2

temperature, Ae = nozzle exit area, Xg = gross thrust, and n = shaft r.p.m.

In order to use those engine data for airplane performance estimates it is important to know the way
the engine manufacturer defined the actual thrust Xg. For defining the gross thrust a reference nozzle is

used, which is usual conical and convergent.
The actual gross thrust is

j pev ar + (pe - P, ) da
e Ae
where Ve is the axial jet velocity at the exit plane and Pe the density. However this Xg cannot easily be

obtained from integration of the experimental quantities across the exit plane, and therefore a thrust
coefficient is used, defined as X
CT ig- .
id
Here xid is the one dimensional isentropic gross thrust.

The isentropic gross thrust can be defined in several ways based on the quantities measured when the
measured quantities are engine mass flow @, fuel consumption and power- and air subiraction from the

engine., Xid can be calculated from the thermodynamic engine cycle relations and the known minimum ex-~
haust area A® (throat). X, 4 can than be defined as

Xia =8 Viq
or .

Xig=mV, + A (pe - Py )

where Vid ig the jet velocity after isentropic expansion from the computed value of the jet total pressure

Py and jet total temperature T to the ambient pressure p, , and Ve ig the isentropic expansion to the

t.
J J
p. as belonging to A A* (usually A A* = 1). A distinction should be made for computed choked, p, /p
e e e tj o
(pt‘/p(30 )cr , and not choked nozzle flows, pt./poo < (pt./p‘JO )cr .

The isentropic expansion process can be computed using the y-relatlonshlps or more accurately using
the entropy-enthalpy diagrams or tables for the gas mixture (y = P/C for the gas mixture at P and T

or at p and T average during the expansion process).
On the other hand if X. . is based on the measured average values of pt and T

id ; tY the computed xid
values need to be corrected for the nozzle discharge coefficient Cd defined as
c lhac'tual
d’rh
id
where hid is the ideal mass flow through the nozzle as determined from the mass average values of the up-
stream total St and Tt .
J J

For example for a choked convergent nozzle
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Pe 8, Py, \/___\

Bty W, VT
J 3 J

and using the y relations also &id becomes

xzﬂy

2(y-1 Y

s 2 \/——

big = (35D Pe. VR, A
J

P a
(The density ratio -2 and the speed of sound ratio ;‘i— can be more acourately obtained from the Molier
%

J
diagram of the average gas mixture). Thus, if the thrust coefficient cT uses an ideal gross thrust based
on jet stagnation measurements, the actual gross is equal to

Xy = CgOaX;q
or X C.C.h .V

g = “T’d"id 'id

or the gross thrust of a convergent nozzle can be defined as

X_ = Gl Ve (0% - p,) A

g a IBig
where = refers to the sonic values.
One might wonder why the last term within the main brackets should be multiplied by Cd ‘also. This is

correct sinoe the one-dimensional momentum relation at the nozzle exit yields [

o0
2 2 ~\\\‘x
LR x = -
xid'peAe+peve Ae—pre-pA +_p!V!A +p°o(Ae-A)-p°er b
ta
= % o
o A A x be ™
'[midv!Ae+Ae (p pco)]:'t‘3 . /q\:

Since one-dimensionally A!/he -C

also be written as

q the above mentioned equation is obtained. The gross thrust can than

4
X = A K "t -1
g CdcT s Foo ( J/poo )

whers K is a conatant (using the y relationships) depending on y. Typically K = 1,26 for y = 1,33.

The definition of the engine thrust as given by the engine manufacturer is based on the method used
to measure the engine thrust in the test cells, and this thrust is usually called the uninstalled gross
ibrust. This value is based on the reference nozzle which is normally not the same as will be used in the
aircraft. Furthermore, the external flow field will cause a different pressure field at the nozzle exit
which will make the inatalled gross thrust different from the uninstalled value as specified by the engine
oompany. The difference can be defined as the internal nozgzle drag,or the ratio of the installed gross
thrust and the appropriate isotropic thrust can be defined as the installed thrust coefficient.

The installed thrust values are the airframe manufacturer's responsibility and should be obtained
from an extensive wind tunnel testing program of engine-airframe integration.

Sometimes the term flange thrust is found in the literature which is defined as the ideal thrust
obtainable from a flow as leaving the engine exit (flange between engine and nozzle) including the flow
distortions. P

. 48xp
TN——

engine nozzle

/
f Peo

From the momentum equation it follows (neglecting friction)

Vfdmf + AI pfdA -~

dA = [V dm + [p dA
: aereAJ’e’

f »p
p ex
Af Ae (-] e

Ay
where Vf and Ve are the velocity components in the axial direction and dAa.x is the projection of the

nozzle surface increments parallel to the axis. Pexp is the static pressure along the nozzle contour.

Since dmf = pfvf d.Af and similar for station e, it follows that the gross thrust is equal to

Xe= J ('pe‘le,2 + Py~ Pglah = [[(1+ vfﬂfp) Py — P A - [ (parp = Pep)

A A A, - A

e f £ e
(Mf = the Mach number in the axial direction).

From the measured static and stagnant pressures at the flange station the first integral at the
right hand side can be evaluated, and giving the throat or exit area, the minimum value of the second in-
tegral can be computed, using an appropriate flow field computing program taking into account the distort-
ion and energy dissipation due to mixing. The nozzle contour and exit area can be chosen to give optimum
gross thrust. The resulting maximum thrust may than be quoted as the flange thrust.



ECHNICAL l.l[)l«!/—\l%\" II-51

3.2 TECHNIQUES FOR DETERMINING ACTUAL ENGINE THRUST

The definition of the engine thrust as given by the engine manufacturer depends on the method used to
measure the engine thrust. The engine company ocan measure or determine the net and gross thrust in an
atmospheric test cell, a s0 called altitude test cell, or with an experimental aircraft in flight. In the
test cells two methods can be used: namely, the scale method and the traversing probe method.

A ATMOSPHERIC TESTS

These tests are important after the early development phase of the engine. The results are useful for
take-off and landing conditions. Though the results are not directly useful for the thrust determination
at transonic speeds, the procedure will be considered briefly in order to be complete.

The engine is surrounded by infinite or near-infinite aimosphere at ambient pressure, poo. Figure
III.]l shows schematically the engine installation on a bench. The engine is mounted on a base plate which
is slung on flexure sirips.

In the case of a bell mouth tied to the engine inlet, the actual gross thrust X of the engine,
(defined as &

Xg = (pe + peV§cos2 Oe) 27ydy - p, A, = Impulse at exhaust ~ p_ A
actual
Ae

with Oe is flow angle in the exit plane between velocity vector and the thrust axis), is given by:

X = K+ AF, ,
Bactual N B

where Fh is the measured force given by thrust measuring system, the scale, and AFB is the bench correct-
ion force due to jet entrainment (altering pressure on external surfaces of both bell mouth and engine).
In the case of bell mouth separated from the engine front face, the actual gross thrust defined as
before is obtained as follows:
2 2 .
- Impulse at exhaust = | (pe + p, Vg cos Qe) 2 nydy

A
e

- Impulse at inlet (engine front face) = [ (p2 + P, Vg) 2 nydy

)

- External forces = p, (A2 - Ae)

- Porce acting on sliding seal or labyrinth : (p2 - Py ) A .

Then:
2 2 2
| (pg + pg Vg cos” 8,) 2nydy = [ (p, + pyV5) 27ydy + p, (A, - A))
Ae A2

= (py =Py A, = Fy

but
X = [ (p + V2)27tydy—p A
g ] \Pg * Pgly ® “g !
A
therefore:
2
Xg «F+ (p2 + p2V2) 2nydy - py, Ay + (p2 - P, ) Ay -
4

Here it is assumed that the surface pressure is p_ 3 if not, a bench correction force AFB, as geen before,
must be included in the above equation.
The calculation of the impuls of the entering flow:

2 .
Af (p2 + p2V2) 27 ydy = pyA, + 0V,
2

is obtained from static and stagnation pressures probes both inside the boundary layer and in the free
stream flow. If the intake bell mouth is standard the engine mass flow Mgptua) ©abh be measured precisely
(better than 1 °/o), and, thereby the impuls is measured precisely also.The measured gross thrust should
be divided by the ideal thrust as based on the measured mass flow and fuel consumption, in order to obtain
a proper thrust coefficient. .

The nozzle survey method, which determines the jet exit momentum, is not used 'in routine sea level
tests. This method is, however, jointly used in altitude tests and will therefore be discussed in B.

B ALTITUDE SIMULATED TESTS

In an altitude simulated test facility, flight simulation is achieved by producing the aircraft in-
take conditions for a given flight speed and altitude in the forward plenum chamber. The rear part of the
cell in which the engine is installed is exhaustied to the altitude pressure required. Figure III.2 shows
an altitude test cell for the SST Concorde "Olympus" engine thrust measurement. From the accompanying
sketch, the thrust equation can be easily derived, in the same form as in A.
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Since the inlet total pressure is larger than the ambient pressure at the exhaust the plenum must be
coupled to the engine via a labyrinth (usually automatic balancing) seal, sothat the engine acts as a free
body. The load cell that measures FM must be calibrated for the tare forces due to instrumentation and
fuel line hook-~ups.

The nozzle survey method utilizes a traversing probe containing total pressure and temperature in-
strumentation. If thé nozzle is convergent only, the survey plane will be the exit plane and direct de-
termination of the integral .of the gross thrust equation:

X, = f (pg + pevi)dA - P, A, can be accomplished,
e

though the type of averaging process can lead to difficulties. If a convergent-divergent nozzle is used
in the altitude test cell, the survey plane is located just upstream of the geometric nozzle throat in
order to avoid measurements in a supersonic flow. A determination of skin friction and static pressure on
any internal nozzle geometry downstream of the survey plane allows computation of the engine actual gross
thrust.

traverse probe

S
-

traverse path _—

Needless to say the thrust coefficient determined from those data should be based on the ideal thrust as
determined from the average total jet properties incorporating ihe measured nozzle dischange coefficient.

Usually the scale force method and nozzle survey method are jointly used in altitude test cells. This
procedure allows for two separate but related thrust determination methods to be utilized in performance
assessment. It is stated that values of gross thrust calculated by these methods routinely agree within
the accuracy of the two methods.

G FLIGHT TESTS ¢

In the final engine development phase sometimes flight tests are performed. One of the main reason
for those tests is to check whether the engine meets environmental condition requirements, especially the
free flight stagnation temperature. This temperature can be achieved in altitude test cells only after
considerable investments, and is therefore usually not simulated or only partially simulated in altitude
test cells. If flight tests are performed thrust is measured by instrumentation within the engine (gas
generator method) or by an externally mounted swinging probe. Both techniques are involved with a great
amount of flight measurement and ground test calibration. Accuracy of both approaches are considered to
be + 5 percent or better. Since this technique is somewhat out off the scope of this review it will not
be discussed further. In all engine test methods and particularly for variable area nozzles in flight
tests, it is difficult to accurate determine the nozzle area, due to the following sources of error:

(a) rigging inaccuracy on nozzle position, (b) leaves deflection, due to flow pressure (depending from
altitude/rating/speed), (c) thermal growth, due to local heating (affected by cooling conditions), (d)
thermal growth of the feedback sensor of the nozzle position (difficult to calibrate and affected by the
local cooling), and (e) leakage through the master and slave leaves.

3.3 LIMITATION AND ADVANTAGES OF THRUST DEFINITIONS AND MEASURING TECHNIQUES

The installed engine thrust of a particular engine depends on three items:
(a) the nozzle type and geometry, (b) the external flow, and (c) the flow distortion at the nozzle
entrance.

If the actual aircraft nozzle is attached to the engine in the test cell, the data obtained are
directly related to the uninstalled engine thrust. The degree to which the installed values can be pre—
dicted depends on the nozzle system, and the influence the external flow has on the nogzzle performance.
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In certain typeas of nozzles such as blow in door ejectors and plug nozzles, no clear distinction can be
made between the external and internal performance, sothat no reliable prediction can be made for the in-
gtalled thrust values.

Gross thrust (and thrust coefficient) as obtained in scale force tesi cell measurements without
"nozzle surveys, is useless when a different nozzle system is used in the aircraft, since the effects of
the internal flow distortions cannot be predicted, even though a reference nozzle (usual conical) has been
used., The thrust coefficient and discharge coefficient of a nozzle are usually determined from separate
nozzle tests where the average stagnation pressure and temperature as measured in the engine are used as
uniform stagnation conditions. Those average (some average) stagnation quantities are always given in the
Engine Bulleting, but in advanced turbojet engines of the bypass type or having partial afterburners,-
a large nonuniformity of stagnation pressure and temperature can exist. The nonuniformities have several
effects, because of velocity and temperature gradients, viscosity and heat conduction are important. Such
effects increase entropy of the flow; therefore the’ nozzle flow is not isentropic. Furthermore, the locat-
ion of the sonic line is strongly effected by the upstream stagnation pressure and temperature distribut-
ion, and, therefore, the Mach number and pressure distribution in the exit plane of a convergent nozzle is
affected. Figures III.3a and b show these effects as computed from analysis for a convergent nozzle. These
figures give the distribution of the Mach number at the exit of the nozzle shown for the case of variable
stagnation temperature and variable or constant stagnation pressure, as well as the shape of the sonic
line. The differences in thrust of the engine with respect to uniform flow expanded to M = 1 uniformly are
1.8 °/o and 2.5 °/o respectively. As an example, the distribution for a conical nozzle is also shown in
Fig. III.3a. In the following table, the losses related to transport properties are also given. The con-
ditions are for flight Mach number 0.75, altitude 36,000 ft.

Loss due to Loss due to Total
nonuniformity shear
Average T, , p,  constant 0 0.02 0.02 °/o
J J
Case 1 nonuniform Tt ,
P J o
uniform tj 1.2 0.7 2.00 Jo
Case 2 nonuniformp, , T, 1.6 1.1 2.7 o/o
J J

These results agree qualitatively with experiments as shown in Fig. III.4. It can therefore be concluded
that the nozzle coefficients are not a single property of a nozzle system. The degree of flow nonuniform-
ity (also swirl and turbulence) at the nozzle entrance strongly influences the nozzle performance. The
same conclusion can be drawn for ejector nozzle systems, where ejector action is controlled by the mixing
process between the primary and secondary air. The use of nozzle coefficients obtained from uniform flow
tests introduces errors in the evaluation of the thrust of an actual engine.

Also several limitations should be noted concerning the calculation of gross thrust from nozzle sur-
veys. The actual engine flow conditions at the survey station are three-dimensional, and radial as well as
circumferential pressure and temperature gradienis are present. Since unique one-dimensional reference
pressures and temperatures are calculated in the cycle analysis, these values must be representative of
the actual flow conditions. However, one-dimensional values obtained from three-dimensional data are
dependent upon the type of averaging process.

The question of how to correctly calculate the thrust for a flow with a temperature and pressure
profile must be considered. The problem is especially significant when it is necessary to compare a
nozzle thrust based on a pressure and temperature profile with an engine cycle deck calculation which does
not acknowledge such profiles. The problem lies in the fact that different values of thrust can be obtain-
ed depending on the calculation method used.

The prime flow quantities can be divided into those which may be identified by unique values without
recourse to some sort of averaging process (cross-sectional area, mass flow, stream thrust, and siream
kinetic energy) and those which depend upon an averaging process (pressure and temperature). These six
prime flow quantities satisfy the three basic equations of motion in terms of integrals across the stream
tube., With the addition of other flow quantities such as velocity, total pressure, and total temperature,
additional equations can be employed to relate the stagnation and static properties to velocity. Except
for the special case where there is an uniform profile across the stream tube, there is no unique value of
velocity which will satisfy the three flow equations simultaneously. That is, substituting averaged flow
quantities @nto the flow equations yields two prime quantities which are incorrect.

The problem can be approached by satisfying the continuity and momentum equations and taking the re-
quired compromise in the energy equation. This permits use of quantities which may be measured relatively
accurately, such as flow and area. The type of averaging process used for the pressure and temperature
profiles to obtain unique flow quantities must also be considered. Area weighted pressures and temperatures
are often used since these appear to be most representative of one-dimengional values.

Another limitation is related to the use of convergent conical nozzles as a reference nozzle. The flow
field at the exit of a convergent conical nozzle is not unequivocally defined even if the pressure ratio
through the nozzle is above critical one-dimensionally. The sonic line starts at the end of the nozzlej
however, the flow at the section at the end of the nozzle ias subsonic. The sonic line ig affected by the
static pressure disturbances along the streamline that divides external and internal flow until the flow
is completely supersonic. Such pressure in flight depends on the flight Mach number and airplane configurat-
ion, In the test cell such distribution depends on the mixing phenomena between external and internal flow.
These phenomena are sirongly affectied by local conditions and cannot be defined compleiely by simple para-
meters. Fig. III.5 gives a comparison of the effective critical expansion ratio of purely conical nozzles
versus nozzles angle, theoretically and experimentally. Therefore, in order to obtain consistent calibrat-
ion, a nozzle having a small diverging region downstream of the throat should be of advantage for the de-
finition of thrust; then the external conditions are not important. This problem is of gpecial importance
for bypass engines that discharge the two flows separately. In this case an incorrect representation of
the nozzle flow for the bypass air affects the split between main flow and bypass flow. In this case it is
important that the flow at the exit of a bypass engine be carefully analyzed and if required, correctly
represented.

The method that has the least limitations is the method bases on the flange thrust definitions. In
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this case the flow field at the engine exit or nozzle entrance is surveyed yielding the complete flow
properties that the iraversing cross section. These quantities are input to a gasdynamic computer program,

" which iterates the three-dimensional variation of the required flow quantities along the nozzle length and
integrates them at the exit plane to determine the gross thrust which can be compared with the measured
scale gross thrust. Furthermore the internal pressure distribution along the nozzle length can be computed
and compared with the measurements. If the computed and actual data agree within the expected accuracies,
the program can be applied to other nozzle-systems or geometrics, probably yielding accurate results. The
computer program may be extended to account for the external flow field (installed thrust) and for incor-
porating secondary flows in ejector nozzles. However, much work should still be done to make those
computer programs useful for actual gross thrust optimization which will heavily rely on empirical quant-
ities. However, determination of the sonic line will be difficult with conical convergent nozzles which
are at or just above the critical pressure ratic. In case of large by-pass, low fan pressure ratio, en-
gines, which are currently located under wings of large transports, the pressure field into which the
by-pass exhaust is very different from the far field static value. Therefore the fan exhaust sonic line
location is influenced by this pressure field which will change the discharge coefficient and affect the
fan mass flow. Since the engine net thrust is a strong function of the engine mass flow, information is
needed on the degree the back end pressure field affects the engine performance.

3.4 CORRECTIONS

Three types of corrections for actual engine installation can be considered: namely, (a) Corrections
during the engine evaluation phase, (b) Corrections due to differences between actual production engines
and reference engines, and (c) Corrections due to installation.

If the engine performance is determined on a itest bench minor corrections must be applied to account
for the actual test conditions different from the desired or reference test conditions. The actual test
conditions should be however within close tolerancies with the desired values in order to keep the applied
correotions small. These corrections are applied to the actual (physical) air flow (i) and for the reduced
air flow (m\ﬁik“ where © and & are normalized values of the total temperature and pressure at the com—
pressor face respectively), the fuel flow, gross thrust (which is affected by the nozzle pressure ratio,
and fuel-air ratio) and computed ram drag.

These corrections must also be applied in order to determine the actual performance of production
engines versus the performance of the reference engine. The engine performance as specified in the Engine
Bulletin is based on average or minimum engines; the differences for the actual production engine perform—
ance can be of the order of + 3 /o or O to + 6 %/o respectively. The airframe manufacturer who installs
the engines should be aware which performance is specified (minimum or average). This does not give im-
portant discrepancies in multiengine aircrafti sinece from a statistical point of view performance very close
to the average can be expected.

The corrections due to actual inlet air flow for the installed engine can be determined in two ways
(analytical and experimental) and should consider both stationary and dynamic distortions (corrections due
to incomplete inlet pressure recovery is automatically accounted for since the engine performance is de-
fined in terms of the total pressure and temperature at the compressor face). In the analytical case the
engine manufacturer should specify the variations versus a diastortion parameter (see 2.3.3). These variat-
ions should concern gross thrust, surge margin and air flow - the latter for ram drag evaluation. This
procedure is applicable for small and stationary distortions. For large distortions the procedure will be
inadequate, particularly for supersonic inlets. In those cases the response of the engine to the inlet flow
should be determined experimentally. For the stationary distortions screens of varying gage sizes and
porosity and distortion plates are placed in the cell intake duct to simulate the spatial distortion charact-
eristics as determined from wind tunnel inlet measurements, after appropriate corrections. Representation
of the dynamic distortions actually occuring in flight is a difficult task as described in section 2.2.3.

The corrections which must be applied if the actual flight nozzle is different from the reference
nozzle, at which the engine performance is specified, are treated in the previous section. The best proce-
dure is to determine theoretically the variation in thrust coefficient for the various nozzle conditions
taking into account losses due to nonuniformities in total pressure, total temperature, turbulence and
swirl. However, these analyses are still far from complete, and corrections due to different nozzles in-
cluding the influence of external flow must be obtained from experiment. Wind tunnel testing of nozzle
systems will be treated in chapter IV.

The engine manufacturer gives in the Engine Bulletin curves of correction for auxiliary power and air
bleeds. Thesge corrections are deduced from theoretical cycle calculations or direct measurements and are
usually rather accurate. For a direct measurement, accessories are mounted on the engine in the test cell
(electrical generator, hydraulic pump). All air bleeds must be exhausted at right angle to the thrust axis.

The accuracy required for gross thrust predictions depends upon the ratio of net to gross thrust. For
example for a supersonic transport in cruise flight,

F
ig =~ 0.5 and tne accuracy in thrust measurement should be Axg/xg = 0.1 to 0.2 °/o for given values of
g
ambient and stagnantion condition and engine r.p.m's. The obtainable accuracy depends upon test conditions
and test cells;as an example for the net thrust,FN, the mean figures of accuracy are:

AFy/Fy = £ 0.5 °/o t0 1 °/o (sea level bench testing)
AFy/Fy =+ 1 to 2 /o (tests in an altitude test facility).
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speed of sound
area

specific heat at constant pressure
specific heat at congtant volume
discharge coefficients

drag coefficient

lift coefficient

pitching moment coefficient
pressure coefficient
thrugt coefficient

drag or diameter
measured, actual thrust
mass flow

Mach number

pressure

radius

gas constant

Reynolds number
entropy of species i

temperature
velocity

mole fraction of gpecies i
ideal, isentropic thrust

angle of incidence

angle of yaw or boattail angle

ratio of specific heats, isentropic exponent

boundary layer thickness
density

afterbody

base

boattail
exhaust
entering fluid
installed
interference
Jet

local

model

nozzle
reference
secondary
static

total, rerservoir conditions

undisturbed infinity
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If the airframe manufacturer has chosen an engine for his aircraft design he is in fact free to
choogse the nozzle sysiem best suitable for the required mission. He can make a choice between ejector
nozzles, variable flap ejector nozzles, blow-in-door ejector nozzles, iris nozzles, plug nozzles, short
convergent nozzles or two dimensional variable throai nozzles. In this chapter no emphasis will be given
to the relative performance and short comings of various nozzle designs under certain conditions, but the
attention will be directed to the methods used to predict the nozzle performance from wind tunnel measure-
ments and the methods used to determine jet interference effects at transonic speeds. At transonic speeds
the nozzle drag and afterbody drag is usually maximum, therefore critical evaluation of the jet effects
in wind tunnels at these speed range is required. The flight conditions to which the aircraft can be sub-
jected to and which should be tested transonically are (a) cruise, (b) transonic acceleration, {c) trans-
onic deceleration, and (d) high-g manoceuvre. These conditions yield various values to the nozzle area ratio,
temperature ratio and pressure ratio. Fig. IV.l gives typical exhaust conditions at transonic speedsy
other engineg give different envelopes.

As indicated in fig. I.3 and described in chapter I the complete or aeroforce model tests are com-
pleted by a special afterbody and jet interference tests in the transonic wind tunnel as is done with
gpecial inlet models. If optimum nozzle-afterbody matching is not achieved a considerable penaliy on air-
craft performance may result, as had been the case in many instances in the past. The actual afterbody
drag, may be as large as 20 /o to 40 /o of the complete aircraft drag. Therefore most attention of
afterbody-nozzle tests at transonic speeds concerns the nozzle gross thrust minus the nozzle and after-
body drag. Fig. IV.2 gives a general impression how afterbody models complete the results of aeroforce
models.

As indicated before a large varietiy of nozzle systems existis now-a-days, each having its particular
features. Fig. IV.3 gives a survey of various designs, since in this chapter reference will be made many
times to a particular nozzle system. The fixed convergent nozzle is used with airplanes for subsonic
flight, such as with civil transports, only without thrust augmentation by afterburning. The ejector
nozzles might give thrust augmentation due to the ejector effect, the efficiency of this augmentation has
generally been disappointing however. The secondary flow provides for the required cooling of the nozzle
leaves. Ejector nozzles are used in early fighter type aircraft. The introduction of the fan and bypass
engines made the nozzle design easier with respect to cooling since sufficient cooling air from the fan
at the same pressure ratio as the turbine flow, came available which can be ducted to the nozzle, making
the other nozzle designs possible, However for optimum use, the fan engines ask for larger nozzle area
variations with afterburning. Hence in the past literature most attention was paid to the ejector nozzle
ingtallation requiring secondary flows, whereas in the recent literature more experiments are described
concerning the other nozzle systems, particularly the iris and plug nozzles. See for further information
on nozzles Ref. H18, C23, C24, G2, G4, M12, for example.®

Before initiating nozzle and afterbody tests with or without jet simulation in the wind tunnel,
questions must be answered first concerning the variables involved related the nozzle conditions. Fig.IV-4
gives a review of thege variables and their possible values or features. After the latter have been eas-
tablished the next step is to define which jet and nozzle parameters should be simulated in the wind
tunnel experiments. Usually a compromise is found between what is desirable and what is feasible in
practice. From this part on the wind tunnel model can be designed based on local possibilities and on past
experience.

The general blbllography at the end of this chapter may be of assistance in establishing the wind
tunnel exhaust experiment not only for iransonic speeds, but also for the other speed regimes. This
bibliography follows a nozzle and jet parameter code similar to that of Fig. IV.4.

In this chapter the jet parameters will be briefly described and it will be indicated as far as
possible when these parameters should be simulated in the wind tunnel at transonic speeds. Further the
various testing schemes and techniques as used will be described both for the thrust-drag assessment and
other jet interference problems.

4.1 ENGINE GROSS THRUST MINUS DRAG AT TRANSONIC SPEEDS
4.1.1 REQUIRED ACCURACY

The required accuracy for the thrust-drag measurements should be compatible with that obtained for
the drag (i.e. net thruast) of the basic airframe. This accuracy required for the gross thrust measurement
depends on the ratio of the net to gross thrust, which in general will be a function of the engine bypass
ratio. The following set of values can be regarded as typical

Subsonic transport Fighters Supersonic transport
Cruise CD 0,023 0,030 0,018
Accuracy of cruige drag + 0,0001 + 0,0003 + 0,0005
0/0 " " " " + 0'45 + 1,0 bl 0,3
gross thrust : .
Average 1ot thrust 3 2,5 2,5
Required °/o gross thrust acc. + 0,15 + 0,4 + 0,12

This survey shows that an accuracy of better than + 1/2 °/o of the cruise of critical transonic gross
thrust value is desired. Achieved accuracy is difficult to assess because overall accuracy includes the
combination of many instruments such as force balances, pressure transducers, thermocouples and mass flow
meters, in addition to wind tunnel speed and model attitude indicators. Each model test apparatus presents
individual problems in sizing, restricted internal space, pressure tares, metric break seal restraint,
thermal expansion, clearances and other items which make any general statement on achievable accuracy in-
appropriate.

% The Reference code follows the General Bibliography at the end of this chapter.
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T —:\
DRY
MAX A.B.
—// ___7/
VARIABLE FLAP EJECTOR BLOW-IN-DOOR EJECTOR
=\ .
DRY DRY
MAX A.B. MAX A.B.
% I —
VARIABLE FLAP CON. - DiV. IRIS, CONVERGENT
—_3\\
DRY DRY
MAX A.B. MAX A.B.
—_— > —_—
/ __//
IRIS, CON.-DIV. PLUG
—_—
—— —
MAX A.B. MAX A.B.
—-—//'\ —_7/
FIG. IV. 3 VARIOUS NOZZLE DESIGNS, SCHEMATIC
VARIABLE POSSIBLE VALUES OR FEATURE
MAINSTREAM MACH NUMBER SUBSONIC = TRANSONIC - SUPERSONIC = HYPERSONIC
JET MACH NUMBER SUBSONIC ~ TRANSONIC -~ SUPERSONIC - HYPERSONIC
NOZZLE PRESSURE RATIO OVEREXPANDED - OPTIMUM -~ UNDEREXPANDED
DIRECTION OF JET PARALLEL - ACUTE ANGLE — NORMAL
NUMBER OF EXIT PORTS SINGLE -~ DUAL - MULTIPLE
SPACING OF MULTIPLE JETS NARROW - ONE JET DIAMETER - WIDE
NUMBER OF NOZZLE STREAMS PRIMARY - PRIMARY & SECONDARY - PRIMARY, SECONDARY & TERTIARY
GEOMETRY OF AFTERBODY AXISYMMETRIC ~ NONAXISYMMETRIC
SHAPE OF AFTERBODY BLUNT BASE - SMOOTH CONTOUR
BOUNDARY LAYER, INTERNAL LAMINAR = TURBULENT
BOUNDARY LAYER, EXTERNAL LAMINAR = TURBULENT
RATIO & * 70 JET DIAMETER ( SMOOTH VARIATION OF THIS PARAMETER)
SENSITIVITY TO EXTERNAL FLOW NONE - INFLUENCED

FIG. IV. 4 VARIABLES RELATED TO EXHAUSTS
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4.1.2 ISOLATED NOZZLE TESTS VERSUS COMPLETE MODEL NOZZLE TESTS

As with inlet tests the question arises as to the extent the external flow field should be
simulated for performing reliable nozzle measurements. Usually the answer involves two possibilities. The
firgt possibility is to simulate the external flow field as good as possible by testing the afterbody and
nozzle together with the complete aircraft representation for which the inlet is usually completely faired
and for which the model support system causes little interference at the exhaust. The second possibility
is to simulate only the afterbody geometry and determine from the relative differences the nozzle-after-—
body performance. The latter test procedure is usually applied to determine nozzle performances in
transonic flows regardless of aircraft fore-body shape. It is performed in the early stage of aircraft
development in order to obtain an early estimate of the nozzle-afterbody performance. The complete model
nozzle test is usually accomplished for final checks.

It is obvious that both test procedures have advantages and limitations which will be listed below.
For isolated nozzle tests.

(a) For a given size test facility, isolated nozzle tests permit larger scale models to be used with
correspondingly higher Reynold's numbers.

(b) Due to a possible reduced length of the forebody, the relative external boundary layer thickness at
the nozzle can be properly scaled with respect to full scale.

(o) Higher degree of accuracy as complete model nozzle tests.

{(d) Larger models make the design easier and allow more instrumentation (pressures) to be included and
secondary airflow systems are more easily accomodated.

(e) More exact detailing of the nozzle shaping is possible, i.e., roughness of variable geometry leaves
and joints can be gimulated and nozzle base thickness can be scaled.

(f) Isolated nozzle tests are better for basic investigations, e.g., effect of jet temperature ratio,
specific heat ratio, internal flow distortions.

(g) Isolated nozzle investigations are a necessary step in the development of new exhaust system con-
cepts. Parametric studies can be conducted at less cost on external geometric variables, internal
performance and initial thrust reverser and noise suppressor designs.

(h) The isolated nozzle test apparatus may be used by engine manufacturers to provide the baseline for
the nozzle "uninstalled performance" presented in his engine performance deck.

(i) The pressure and force data obtained from isolated data can be used to substantiate or improve
theoretical and empirical calculation methods.

(i) Disadvantages include a cylindrical approach section to the nozzle (near free stream flow conditions)
which hardly ever occurs in practice.

(k) Airframe installation effects can be very large so that a redesign of the nozzle may be required to
obtain the desired installed performance.

(1) Because of the wide variety of nozzle locations possible in an aircraft design, mutual nozzle-airframe
interactions cannot be predicted from isolated nozzle tests.

(m) In many large wind tunnel facilities, it is difficult to obtain the irue isolated performance of the
nozzle since the model requires support structure and ducting to supply the exhaust gas.

For complete model nozzle tests.

(a) Complete model tests provide better external flow simulation and provide a more exact duplication of
the nozzle environment that will exist on the full scale airplane {generally except for boundary
layer thickness).

(b) Complete model tests are the only means of predicting installed nozzle performance since mutual air-
frame-nozzle interference exists and forebody-wing influences on the afterbody-nozzle configuration
are simulated.

(¢) Installation of the isolated nozzle in an airframe may produce either favourable or unfavourable
effects depending on the type of nozzle and the flight speed. Results such as these are strongly
dependent on the overall aircraft design.

(d) Complete model investigations of generalized research configurations with exhaust and slipstream
simulation permit evaluation of effects on aircraft aerodynamics and installed nozzle performance
such ag exhaust nozzle axial and lateral location, effect of afterbody angle to nozzle, engine in-
terfairing shape, and effects of empennage on nozzle performance.

(e) The additional effect of the exhaust plumes on control surface effectiveness and loading can be
determined.

(f) Plume interference on adjacent surfaces may be evaluated including both pressure and temperature in-
crements if hot jet exhausts are employed.

(g) Flow visualization studies (e.g., shadowgraph or schlieren methods) can be conducted on the complete
model to aid in theanalysis of results.

(h) For a given size facility the complete model nozzle size will be much smaller than the isolated
nozzle, making detailed scaling more difficult (lower Reynolds number etc.).

(i) Complete models generally require more instrumentation, including perhaps more than one strain gauge
balance, pressure instrumentation on the afterbody and other portions as well as the nozzle, re-
quiring careful design to provide the propulsion simulation without interference of the measuring
instruments of the metric section (fouling).

(j) Space requirements in a complete model make the simulation of secondary and tertiary flows in the
nozzle or base regions more difficult.

(k) Model size is limited by the test section available length and cross section at the most critical
Mach operating condition and also by the propulsion system flow capacity.

(1) support system interference must be evaluated for the complete model in order not to invalidate all
of portions of the results (Effect at all Mach numbers).

.1.3 JET SIMULATION PARAMETERS AT TRANSONIC SPEEDS

The degree to which the jet should be simulated in the wind tunnel depends primarily on the nozzle
design used, on the type of installation and on the required degree of accuracy of nozzle performance
assessment. Different from the inlet performance evaluation, the nozzle is operating in a highly viscous
flow field as it is generated by the forebody,wings,tail planes and/or pylons. This makes the flow field
computation complicated and only a reasonable degree of succes of predicting the nozzle flow field
environment can be achieved for smooth forebodies, for example podded engine ingtallations. Fig. IV.5a
and b give indications of the three dimensional flow environment for nozzles in a typical installation
and how the viscous actual flow field differs from the ideal, inviscid field.
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FIG. 1V. S5a THREE-DIMENSIONAL FLOW ENVIRONMENT FORNOZZLE
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In common with inlet tests, the nozzle tests in the wind tunnel are performed at reduced scale and
hence, usually at reduced Reynolds number. The degree of scaling depends on the available tunnel and test-
ing rigs, as well as on the degree of external flow field simulation. Large scales can be obtained with
isolated nozzle tests omitting the external environment partially or completely, whereas complete extern-
al flow field simulation requires small scales. In any event scaling is required necessitating many scal-
ing laws. Ref. P-2 gives an excellent review of these scaling rules for inviscid flows; however, it does
not indicate the importance of the particular rules. Furthermore, in general little is known about the
similarity laws for the mixing phenomenon as it effects the flow at the exhaust.

INTERNAL THRUST COEFFICIENT

As is indicated in chapter III the static thrust coefficient of a particular nozzle depends primar-
ily on the nozzle pressure ratio and ratio of specific heats as well as on the total temperature and total
pressure distortion upstream of the nozzle. In the case of a conical nozzle CT depends also on the jet

boundary contour downstream of the nozzle edge. As is seen in figure IV.3, conical convergent nozzles are
frequently used requiring proper simulation of mixing at the downstream boundary between the jet and the
external flow in case of a simple convergent nozzle, and between the primary jet and secondary flow in
cage of ejector nozzles. However little is known about the actual influence of mixing downstream of a
(primary) nozzle on the nozzle thrust and discharge coefficients; more analytical and experimental work
is needed. The rate of mixing depends on the ratio of the mass density flows (pv) on both sides of the
mixing boundary and on the initial upstream turbulence. In the case of ejector nozzles this means also
that the secondary mass flow must be simulated. This simulation is hard to achievefor blow-in-door
ejectors since the secondary mass flow depends primarily on the outer boundary layer and flow field
conditions. To a lesser extent this can also be said for plug nozzles.

In present wind tunnel nozzle test rigs the internal flow distortions and turbulence are not
simulated. More information is needed on when (at which nozzle types and installations) these distortions
can be omitted in the nozzle performance assessment, when analytical or experimental corrections can be
used (and how) and when these distortions should be simulated in the wind tunnel. Information is needed
on the applicability of specific scaling laws.

For nozzles with internal supersonic expansion the ratio of specific heats has an influence on the
characteristic lines, which means, for example, that for an ejector nozzle the initial inclination angle
of the primary jet is different if yjis not simulated. The primary jet contour can be simulated by ad-
Jjusting the nozzle pressure ratio, resulting in an incorrect simulation of jet momentum. Therefore Y
should be gimulated as close as possible.

EXTERNAL NOZZLE DRAG, BASE DRAG, BOAT TAIL DRAG

These drag terms depend on the jet properties, the external inviscid flow and on the external bound-
ary layer condition at a given free stream Mach number and angle of attack. If the outer flow separates,
as it often does near the nozzle exit, the separation point and pressure level in the separated region is
fully determined by the viscous interaction beiween the jet and the ambient flow and hence on the jet
boundary (shape) and mixing process (see fig. IV.6). The inviscid jet shape is fully determined by the

nozzle pressure ratio pj/pm,yj and Mach number at the exit M.. The jet shape (initial inclination angle)is

approximately constant for convergent nozzles if (p?/nw)l/Yj = constant. This relation is given in figure
IV.7 for M, = 1 which shows that p-/p, must be appr.l0 °/o higher if a jet with vj = 1,3 is simulated
with cold air (Y =1,4). (If the n.ﬂ.r. is less, the corrections become relatively smaller). The base
pressure or the pressure in the separated region is a function among others of the jet momentum. This
quantity is determined by the nozzle pressure ratio and y; also. Two limiting cases can be considered; jet
momentum per unit area at the exit and jet momentum per unit agea along the jet boundary (fully expanded).
The first yields (Pj/Rm)Yj = constant, the second case gives M boundary Y3 is constant. Both criteria are

shown in fig. IV.7 also. It is concluded from this figure that correction in p’f/puo for correct momentum

simulation is opposite from correct jet shape simulation if Y jmodel Y jturbo-jet * Few experiments are

known which verify a base pressure dependence on y;, but from the above analysis a Yj dependence is ex-
pected, which means that Yj should be simulated as close as possible.

The mixing process along the jet boundary is determined by the jet properties at the boundary and by
the external boundary layer characteristics at the nozzle exit. The jet properties depend on the nozzle
used, particularly on the cooling system and the secondary air flow, if precent (see fig. IV.6). If
smooth uniform jet flows are assumed, the mixing parameter is (pvﬁ / (p¥)eo (Ref. Z1, ST, S9). This mixing
process alters the effective jet boundary shape so that the invisfid flow is affected, particularly at
transonic speeds. At a given nozzle pressure ratio the mixing parameter is primarily dependent on Rjth/

RooTtbd

Some experiments are available on the influence of the jet temperature on base pressure using hot
air (so y ~ 1,4)., Figure IV.8 is deduced from Ref. M10 yielding base pressure (Cp ), base drag (C.. ) and

b D,

boat tail drag (CD ) for a typical afterbody shape at Mm’ 0,9 versus the total jet pressure Pt . It is

Db

simulation instead of a cold jet. A similar conclusion is reached in Ref. R8, where it is found that the
base drag at a temperature ratio of 2,8 is 25 °/o less than it is with an unheated jet at M(n = 0,9 ,
utilizing a propane-air combustion system with a convergent nozzle at a pressure ratio of 2.

The external boundary layer characteristics which have an large effect on the mixing process, also
determine the degree the jet and mixing is felt upstream from the nozzle exit. One of the more important
non-dimensional parameters is the boundary layer thickness () relative to a reference nozzle radius
(rn) (or diameter). The increase of 6/rn, as is the case for testing a complete model at reduced Reynolds

J
clearly seen that the afterbody drag (CD + C_ ) is some 20 o/o decreased if a hot jet is used for jet

number, implies that the nozzle is immersed in a larger boundary layer field, making the viscous effects
larger. An example of how this parameter affects the total afterbody and nozzle drag is shown in fig.
IV.8b for two nozzle systems (Ref. M13), It is seen that the effect of the boundary layer depends largely
on the nozzle type.
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Another quantity that largely affects the base pressure is the amount of bleed or leakage through
the nozzle leaves. Fig. IV.8c gives this effect as experienced and computed for a blunt base at super-—
sonic speeds (Ref. C23).

In Ref. R5 large unsteady pressures are observed on the base of a cylindrical model due to the pre-
sence of a central jet (fig. IV.9). Though the steady component is already effected by the jet temperature,
the average unsteady part must be strongly depended on jet velocity and therefore on temperature. This is
concluded by the authors of Ref. R5 and hot jet simulation in wind tunnels is recommended for similar
cases.

It should be noted that turbulent jet mixing is little influenced by Reynolds number effects since
the characteristic mixing length is in first approximation proportional to the characteristic jet
dimensions.

Summarizing the following can be concluded regarding the degree of jet simulation in transonic wind
tunnels.

(a) For nozzle thrust coefficient assessment (internal and static) the geometry, nozzle pressure ratio
and ratio of specific heats should be simulated as first parameters. This is also true for the
secondary mass flow in case of ejector nozzles or nozzles with substantial cooling air. The second-
ary parameters are the total temperature, and internal flow distortions, also swirl, upstream of the
nozzle,

(b) For almost inviscid jets where mixing has a secondary importance, the wave structure and stream line
shapes, that is the initial inclination angle and wave reflection coefficients (Ref. F3) (both deter—
mining the plume shape), should be simulated regarding the influence on the external flow field.
These parameters are determined by Py /pu] Y Yo Mj as well as by the free stream condition. The jet

J

J

temperature yields a eorreciion on the jet boundary due to mixing in which case the nozzle temperature
ratio (Rjth/R T ) should be simulated as well.(If the jet becomes hotter, its suction action
© "fow

becomes less).

(¢) 1In cases where jet mixing plays an important role on the external flow field, besides the nozzle
pressure ratio nozzle, geometry, ratio of specific heats, the nozzle temperature ratio, secondary
flows (if present), external boundary layer thickness and jet distortion should be simulated also.
Scale effects due to turbulent mixing can be ignored.

(d) In case of unsteady jet phenomena, the jet iemperature (or speed of sound) is a primary parameter
besides the primary inviscid jet parameters. Also it may be very important to simulate the structur-
al elastic constants.

4.1.4 WIND TUNNEL TESTING SCHEMES

The wind tunnel testing scheme for nozzle-afterbody performance assessment that one chooses to
employ for a particular aircraft design depends primarily on the available test rigs and systems in the
wind tunnel and on the stage of aerodynamic testing. In recent years the main transonic wind tunnel
facilities have been equiped to perform powered nozzle testing. Usually each laboratory designed its own
particular system that is flexible enough to test a variety of nozzle-afterbody combinations. These test
rig designs were based on jet and nozzle parameters which were thought to be of first importance, as dis-
cussed in the previous section, on the other technical requirements, as will be discussed in the next
section, and on the apparatus achievable in the wind tunnel within practical limits.

The next discussion concerns primarily the engine-airframe integrated systems (e.g. fighters).
Similar techniques can be used for podded subsonic installations, but in those cases the jet influence on
the wing or aftfuselage is of equal importance.

The nozzle-afterbody performance must be determined from wind tunnel measurements starting from aero-
force model drag data and the engine gross static thrust. The actual installed afterbody performance can
be expressed as the difference between the installed gross engine thrust <Finat) minus the installed after-

body drag (DA ). This quantity (F_DAB)ina‘t should be as large as possible for maximum performance. It

B.

inst
depends on the external parameters, such as Mach number (M, ) and angle of attack (a), as well as on
internal parameters such as engine r.p.m., degree of afterburning and exhaust area ratio. The engine para-
meters can be expressed in terms of the nozzle pressure ratio, temperature ratio, ratio of specific heats,
geometry, etc. The engine static test bench gross thrust can be considered as the reference thrust Fref’
Foy (Xg in chapter III). The reference afterbody drag (DABref)
aeroforce model but with the afterbody only being metric. The afterbody drag is the drag on those parts of
the afterbody which can be affected by the presence of the exhausting jet(s), such as inter— and outer—
fairings, tailplanes, fuselage boat tail and base (if present). The metric line between the forebody and
afterbody is generally somewhat halfway between the inlets and exhausts. Usually the drag on the external
nozzle parts (D ) is not included in the afterbody drag but is added to the nozzle losses. The external
flow can also effect the internal nozzle thrust resulting in a thrust loss (ﬂFi ), also called the

can be determined by a model similar to the

nst
internal nozzle drag due to external flow. The interference drag is now generally defined as the differ-
ence between the net reference performance and the net installed performance of the nozzle and afterbody
combination, that is

Ding = (F -

Dynlrer = F = Dyp)inst or
D, - AF . +D_+0D,;,

since AFint + Dn = F‘ref - Finet

and ADAB = DAB. - DAB .
inst ref

Sometimes Fref = Dint = Fref = (AFint +- Dn + ADAB) is called the equivalent thrust.
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Overall installed performance (thrust minus drag) is:

(F—D)inst = Frer = Drer ~ Ding -
This quantity should have a maximum value.

In an ideal testing scheme AFint' Dn and ADAB should be determined independently, sothat the optimizat-

ion (min'Dint) can be performed efficiently.

Fig. IV.10 illustrates the usual bockkeeping procedure for integrated nozzle-airframe systiems where
at the aeroforce model is supported by a sting located at the nozzles. Before the actual powered after—
body tests are performed an intermediate step is done at which the model is split into a forebody and an
afterbody, the latter only being metric. The forebody is grounded and may be supported by a separate
sting under the fuselage or at the wing tips. Also a half model support may be used if the exhausts are
sufficiently free from the tunnel walls. For these tests the inlet is closed.

In fig. IV.10 the afterbody tests are performed with the complete exhaust model. However these tests
can also be performed with an isolated nozzle test, if the powered test of the geometric similar afier-
body is preceeded by an afterbody test. For this test the afterbody must have the same shape as the aero-
force model and must use a non-metric dummy sting at the location of the aeroforce model sting. This test
yields the new reference afterbody drag DAB for the actual powered afterbody/nozzle tests. The advant—

ref
age and disadvantages of isolated nozzle tests have been described in the section 4.1.3.

The powered afterbody tests may use various schemes as is indicated in fig, IV.1l. The firgt scheme
(A) is the simpliest one and requires only one balance. The main disadvantages of this scheme are that
optimization of the afterbody-nozzle combination is hard to achieve and that the afterbody drag is over-—
shadowed by the large installed gross thrust which is an order of magnitude larger. The accuracy must be
appropriate to the net thrust level yhile measuring gross thrust. This difficulty is overcome by the
scheme in D where the entering jet momentum is subtracted from the total measured force of A, making
possible the use of a more sensitive balance. However, in this case the effective flow area (A.) can be
assessed only with difficulty and alse a sealing problem exists at this high pressure location. The
schemes of fig. IV-11-B and -C are identical in practice and measure separately the installed gross
thrust force and installed afterbody drag in series or in tandem respectively. The afterbody drag balance
can be made more sensitive.

An alternate method to obtain the afterbody drag of simple models (e.g. axisymmetric) is to
pressure tap the afterbody, which might also include a base. These pressures are integrated to obtain
D . Adding the calculated skin friction to this quantity yields DAB . This procedure is not

ingt.p. inst
recommended for the external nozzle drag of complicated afterbody shapes since in these cases large
pressure gradients might exist yielding inaccurate date. However, some measurement of local pressure
plotting and flow visualisation on afterbodies is useful in order to detect areas of drag increase and
to make possible comparison with theoretical analysis.

In fig. IV.11 only the primary mass flow is indicated. If necessary secondary flow can also be in-
troduced in a similar manner leading to less difficulties as the primary flow since the secondary mass
flow is only a few percent of the total mass flow.

The mass flow can be controlled and metered outside the tunnel test section with a high degree of
accuracy. Fig. IV.12 gives the sonic orifice method generally used for gaseous jet fluids. The discharge
coefficients for sonic line curvature, boundary layer displacement effect and virial effect which are
used are also given in fig. IV.12, The former two discharge coefficients are well covered in the literat-
ure (see for example Ref. C24, but not the discharge coefficient for the virial effect. This effect is
usually neglected, but should be taken into account if the sonic orifice is operating at high pressures
as it generally is the case. If the jet fluid or one of its components is a liquid an easy and accurate
technique to control and meter the flow rate is the use of a cavitating venturi, which can be accurately
calibrated. The flow rate of a cavitating venturi is proporiional to the sguare root of the product of
upstream pressure times the liquid density as long as the venturi back pressure is less than the maximum
venturi recovery pressure,

The nozzle gross isentropic thrust (Xid) can be computed based on the measured mass flow rate and

the nozzle one-dimensional ideal expansion from Py to the ambient static pressure p, . In fact any of

the theoretical isentropic thrust computations based on measured mass flow may be used as described in
chapter I11. In the real engine isentropic thrust computations the thermal real gas effects (p = ZpRT)
are usually neglected, which can be justified, but the caloric real gas effects (Cv and Cp £ constant)

are taken into account. However the model tests are sometimes performed at high pressure level in order
to increase the model Reynolds number. In these cases the virial effect can not be ignored, particularly
if a cold jet simulating fluid is used (see fig. IV.13). The gross thrust coefficient may be defined as

F

C - —
T %4a
where F is the measured installed or static thrust and xid the isentropic thrust for which the analytical

procedure should be indicated. If secondary flow is supplied, the isentropic gross thrust is the sum of
both isentropic thrusts, (x.1 4 * X, ) s

ds
Cre = X fx
idj “ids
where xidj and xids are calculated from the primary nozzle pressure ratio plus ﬁjvﬂftj and the second-

ary nozzle pressure ratic plus ﬁsV/E¥s respectively. F is again the measured total thrust.

In practice it is convenient to work with primary flows only in the bookkeeping procedure even
though secondary flows are present. This can be done by subtracting from the measured thrust with primary
and secondary flows the ram drag of the secondary flow ﬁst and base the thrust coefficient on the isen—

tropic gross thrust of the primary flow only:
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F-i_V
= s .

Tx xidj

C

The computed net thrust of the engine is then equal to

FN = CTx xidj - mjV;
taking only into account the primary engine flows.
This procedure is also useful for direct comparison of the actual engine thrust with single nozzles
on the static test bench.
Values of the model static thrust, which can be considered as the model reference thrust (F

L
Fref.model)’can be directly obtained from tunnel-off, jet—on measurements for the different nozziz'mOGQI
operating conditions for purpose of determining the absolute installation effects:
c X,
F _F _ Tref .model id.model _ (F X))
ref.mode; st.model CTref.engine xid.engine st.engine st.eng g
where cTref = Efi which should be the same for the model nozzle and the engine nozzle (attention must be

exercised that Xid is computed in the same manner) or the difference must be traced by analytical proce-

P P, . -
dures (Ref. C-24). If Yianeine = Tinodl and (" t3/pe )model = (" t3/Po )engine for both primary and

secondary flows) than

. P
id.model s (acale)z tjmodel .
id.engine tjengine

If y. cannot be simulated in the wind tunnel than a small correction is required. The correction depends

on whether the jet plume shape is correctly simulated, but not the jet momentum, or the jet momentum is
simulated yielding a non-matched plume shape.
The difference between (jet—on, tunnel-off) and (jet-—on, tunnel-on) thrust measurements yields:

(F ) = (aF, - Dn)

ref Finst model inst
i.e. the absolute nozzle installation drag, if the afterbody is measured separately. Since at some Mach
number and simulated engine setting (r.p.m., Aex)' the ideal thrust and dynamic pressure are both

model '

proportional to the pressure level (for example, static pressure poo), the internal and external thrust

losses (AFint and DN) can be correlated with the ideal thrust. Therefore Finst/xid = Cpipgy S @ meaning-

ful quantity.

If the purpose of the afterbody tests is to compare the performance of different nozzle designs in
the aircraft flow field, or even in an isclated test flow field, the simulation requirements for the jet
properties are less pronounced. Thig method depends upon the difference between two tests on different
nozzle configurations at the same free stream Mach number, nozzle expansion ratio and secondary air flow
ratio. Then the comparison of installed gross thrust can be written as

L)
OF gt = (Cp = Cp" ) Xiq
inst inst
the primes referring to the two different configurations.For CT also C can be written.
inst xinst

If the reference model utilizes a flow through inlet and exhaust, or a flow through nacelle, the
reference afterbody drag or reference aft nacelle drag with natural flow must be determined including the
natural flow jet effects on the afterbody and the natural flow thrust. These natural flow thrust minus
drag term, as a function of Mach number and angle of incidence must be subtracted from the aeroforce model
drag. This can be accomplished by measuring the forebody drag separately, as might be done in the inlet
tests, or by measuring those values directly with a blowing reference afterbody and nozzle fed from the
outside (inlet closed) for which the mass flow (cold air) is equal to the natural flow as might be done
with one of the schemes of figure IV.1l. The actual afterbody or nacelle aft configuration replaces in the
next step the aeroforce configurations, at which the actual thrust and drag term are determined utilizing
the proper jet simulation technique and one of the sbhemes of fig. IV.1l.

In fig. IV.l4a somewhat different scheme is indicated for a natural flow reference nacelle, where the

Dref is determined from wind tunnel-on and wind tunnel-off measurements with natural nozzle blowing. Since

the natural flow nozzle is not necessarily choked, the internal thrust might be affected by the external
flow)yielding a wrong interpretation of Dref' (Note, the notations are somewhat different as used other—
wise).

In case of a fan engine with a podded installation the drag acting on the turbine cowl is sometimes
called the scrubbing drag. This drag term can be compared with the external nozzle drag of an integrated
system. In case of under-wing engine mounting the change in drag of the wing due to jet effects should be
included in the bookkeeping procedure of thrust minus drag, same as the trim drag as resulting from lift
distribution changes on the wing due to the jets.

In many publications the term base drag is found. This term is generally used if the drag on the base
is determined by pressure plotiing, as is done with aeroforce model or inlet model drag corrections. Since
the base, if present, can either be considered as part of the afterbody or part of the nozzle, the base
drag will be contained in the afterbody drag or nozzle drag terms if these terms are determined by force
balance measurements .

4.1.5 JET SIMULATION TECHNIQUES
A GENERAL REQUIREMENTS

Apart from the jet parameter simulation requirements (see section 4.1.3) other general requirements
exist with respect to model construction and wind tunnel operation. These requirements can be described
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FIG. IV. 13 VIRIAL EFFECT ON NOZZLE THRUST FOR COLD AIR
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as follows.

(a)

(v)

(e)

— s

e
f
g
h
i

The feed pipes of the jet simulating fluid should be as thin as possible in order to avoid large
aerodynamic interference of the supply duct and/or support system. This requirement calls for a
dense fluid in the supply duct.

If a thrust balance is used the system to bypass the balance without interference on the balance,
should be as small as possible and/or operate at low pressures. This also calls for a dense fluid
supply along the balance and/or low pressures.

In order to keep the possible influence of the momentum of the entering fluid on the thrust balance
reading as small as possible, this momentum should be a small fraction of the momentum of the ex-—
haust jet. This calls for a dense fluid again.

Within the balances, no temperature gradients should be generated due to heat flow from hot jet
simulators, nor should the model deform by thermal stress.

The operation of the simulator should be easily controllable, adjustable and accurately repeatable.
The model and simulator design should be simple and cheap.

The operation costs should be low.

The operation should be safe, therefore the number of systems should be kept small.

The jet flow should not contaminate the tunnel air of closed circuit tunnels, nor should explosive
gas mixtures be accumulated in the tunnel.

B TECHNIQUES, ADVANTAGES AND LIMITATIONS

The techniques for jet simulation tests which have been utilized or suggested can be sub-divided in

the following order:
- Cold gases.

Air or nitrogen are commonly used because of low costs, easy handling properties and reasonable
gas properties for non-augmented engines (except for temperature). Cold gases give clean and continuous
operation, and even with secondary flow simulation the plenum chamber of the simulator can be easily
designed. However, the jet plume or jet momentum can not exactly be simulated, nor can the mixing
process of ejector nozzles and along the jet boundary be simulated. Several exhaust nozzles may be re-
quired to obtain the desired entire range of pressure ratios at high jet pressure ratios. Scaling the
real nozzle for complete expansion will result in under expanded scaled nozzle operation.

In order to keep the feed lines small the gas is supplied at high pressures, consequently large pressure
drops in the ducts can be tolerated. The balance bypass system is generally quite voluminous and must

be designed properly for detailed balancing if this system must be located inside the model. If the
balance bypass system can be located outside the test section this problem can be avoided for example
by utilizing long flexible hoses or pipes having a spring constant many orders of magnitude less than
the spring constant of the balance. The gas must be supplied at right angles to the thrust axis. Right
angle feed systems are mainly used for isolated model tests.

Fig. IV.15 shows an isolated nozzle system (Ref. H16) for which the necessary flexure in the axial
direction is obtained by a number of feed pipes in the support strut, using the measuring arrangement

of fig. IV.1l.A, incorporating secondary air. In many models the stiffness perpendicular to the thrust
axis is a hard requirement to meet. Therefore often extra support bearings or flexures are incorporated
as seen in this figure.

In fig. IV.16 a tandem arrangement is sketched (fig. IV.11.C) for a twin nozzle isolated model arrange-
ment where the balance bypass is within the model (Ref. M18). However, in this case no secondary air is
provided.

A very popular arrangement for isolated nozzle support at transonic and supersonic speeds is the
shaft method for which the nozzle is at the end of the shaft extending from the tunnel plenum chamber
into the test section. The advantage is the complete omission of side supports; the limitation is the
large boundary layer build up along the shaft in front of the nozzle and the impossibility of incidence
variation. The influence of the shaft boundary layer can however be reduced by blowing or suction just
upstream of the sensitive portion of the afterbody. Fig. IV.17 show such an installation with three jet
fluxes available. The sealing is obtained by balancing rubber bellows. Also more details on data reduct
ion and layout are given.

Fig. IV.18 depicts a simple nozzle test rig primarily for the purpose of gathering comparitive
information useful to select a configuration rather than obtaining absolute datums. The tests are
carried out: (a) without external flow to measure nozzle internal performance, and (b) with external
flow to measure installed thrust minus drag. The latter tests are made with all the significant items
which might contribute to the jet interference effects — boat tail, base area, tail surfaces, in the
case of an afterbody - a wing and pylon in the case of a wing pod.

Fig. IV.19 represents another afterbody shaft mounted study rig in a transonic test section which
is small with respect to the scale of the model (Ref. L.13). The aim of this rig is to study the after-—
body performance of a podded fan engine installation by pressure plotting rather than by weighing, and
to compare the results for the fan cowl with the pressure coefficients obtained from the inlet tests
(as described in section 2.1.2-B.2). In order to obtain a representative flow around the model and
provide a simulated reference upstream flow, the cylindrical shaft support has been smoothly faired to
the external boat tail shape. However as is shown in fig. IV.20 the common portion in the pressure
coefficient is present only at the lower Mach numbers, which is probably due to the fact that the flow
field induced by the lip of the inlet is not reproduced in the afterbody test. Therefore the data
should not be interpreted as an absolute value of the afterbody drag as determined from pressure
integration and estimated skin friction drag. Consequently improvements of this test procedure must be
made, for instance by a better representation of the shape of the streamline at the leading edge and by
boundary layer control (as is done in ref. R.9).

Fig. IV.21 gives a layout of a side supported twin nozzle afterbody rig which can be installed in
a transonic as well as in a supersonic wind tunnel. The rig, which carries models of 1/10 to 1/20 scale
and uses air stored at 11 atmospheres, can be used to investigate nozzle-afterbody performance over a
nozzle expansion range representative of turbo-jet and bypass engines. The scheme used is that of
fig. IV.11A, incorporating secondary flow and tail planes at the metric afterbody. The forebody is non-
metric and the strut is located at a typical wing location. The forebody is of reduced length making
representative boundary layer thickness simulation possible at the metric line location, as is indicated
in fig. IV.22, requiring, however, a careful design of the forebody contour. Detailed drawings of this
test facility are given in fig, IV.23. The instrumentation layout is shown in fig. IV.24 A along with
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the line diagram for data reduction in fig. IV.24.B. The data reduction scheme results in various thrust
coefficients (underlined) which depend each on the definition for the isentropic thrust and the associat-
ed deduced actual model thrust. Special attention has been directed to the mass flow and discharge
coefficient determination. The mass flow is measured at a special discharge chamber in the supply line
as indicated in fig. IV.24.A where the total pressure (p ) and the bell mouth depression Ap are measur—
ed and used to define an accurate value for fy/T. The di%charge coefficient relates to the "bell mouth
Reynolds number and has been accurately determined against a known standard nozzle. The values of ﬁ\/f
for use in the nozzle requires correction for any total temperature change between the measuring bell
mouth and nozzle plane. This can be an important item in relation to the required accuracy as 1 °/o
temperature variation between the two stations gives 1/2 ©/o variation in C,. The secondary flow is
measured separately in each duct by orifice plates. As is stated before, thé significance of absolute
discharge coefficients and thrust coefficients is subject to doubt since the rig values must be based on
a defined nozzle pressure head. Also the flow distribution approaching the nozzle is likely to be very
different.

If the engines are located in separate nacelles under the wings or at the aft-fuselage the semi-
model test technique may be used sothat the air can be supplied through the wings and pylons to the
nozzle. In this case the inlets will be faired if direct blowing is provided. Using engine simulators,
such as small turbine-driven compressors, the inlet flow is also simulated partially. This technique will
be discussed in chapter V. Fig. IV.Zg gives a layout of a semi-model of a supersonic transport with a
half-width of 0,5 m in a 1.7 x 1.7 m® tunnel. The system, which is under design has an external balance
bypass air flow system, incorporating secondary flow also and faired inlets. The complete wing and
nacelles are metric to a six component balance. It is expected that the external flow at the nozzle
station can be simulated properly.

Cold gases other than compressed air or nitrogen for jet simulation in wind tunnels are proposed,
since mixing air with multi-atomatic gases such as carbon dioxide or freon, the ratio of specific heats
can be adjusted (Ref. T.1). By mixing a third light weight component such as He and/or H,, the jet
density can be simulated also. However, these techniques have not been used extensively gue to costs,
tunnel contamination and the possible accumulation of explosive or otherwise dangerous mixtures.

- Hot gases.

In practice the simulation of the exhaust jets by hot gases is performed using the decomposition of
hydrogen peroxide, or by burning a liquid or gaseous fuel with air. The latter method can be used in
conjunction with simple cold air simulation but is of course much more complicated since an additional
ignition, fuel flow and control system must be provided. In order to keep the colling provisions and
thermal flux requirements to a minimum, the heat must be generated just upstream of the nozzle, prefer—
rably at the actual engine location. This will mean that the loading of the burner must be rather high,
resulting in incomplete combustion and hence in unpredictable simulator performance. For this reason
gaseous fuels, particularly H,, are favourable, but are more dangerous with respect to leaks, then liquid
fuels and will result in rathér thick fuel lines. The fuels used are generally hydrogen, methane, propane,
ethylene and liquid hydrocarbons, such as kerosine. The oxidizer is usually air or oxygen, with air being
more favourable due to less costs and the required moderate temperatures. Usually the problem is not to
meet the highest jet temperature requirements but rather the lower jet temperature. For lower temperatures
the combustor must be designed such that burning takes place in the primary zone after which cooling air
is added.

The main advantage of hot gases is the correct jet simulation properties, both RjTj /Rm Tcn and YJ'

Some advantage is obtained due to the reduced required mass flow and, hence, reduced supply ducts. For
closed circuit wind tunnels intermittent jet operation is required, or else an exhaust gas collector must
be provided for continuous operation.

Fig. IV.26.A depicts an axisymmetric hot isolated nozzle test rig of the shaft type in a transonic/
supersonic wind tunnel (Ref. R.8). Also non-axisymmetric nozzle and afterbodies may be attached to the
shaft which extends from the tunnel plenum chamber. The shaft is 10 cm in diameter and contains a propane
burner and a downstream mixer for uniform temperature distribution at the nozzle entrance. The nozzle is
fed by dry compressed air heated to 600° C maximum by propane burning. The range of obtainable jet
temperature and ratio of specific heats is given in fig. IV.26.B. The combustion efficiency varies
between 70 °/o and 90 ®/o, the highest at the highest obtainable fuel-air ratio. The temperature distort-
ion is less than 10 ~/o. This rig has been developed and refined continucusly over a period of years and,
apart from Reynolds number effects, simulates flight conditions very closely. The approach boundary layer
on to the afterbody is, however, too thick; no boundary layer control is provided.

For data reduction a thrust-minus-drag balance is provided together with pressure plotting along the
afterbody and base. The primary pre-determined parameters (M., ptj/b.o' th/T ) then yields data on

jet thrust, boat tail drag, skin friction drag, pressure drag and base drag oftﬁgich the latter two terms
can be obtained by pressure integration. The jet thrust and skin friction drag can then be determined after
appropriate assumptions (for example estimation of gkin friction drag, or assumed independence of external
flow on jet thrust in choked nozzle operation).

The other way frequently used to generate hot exhausts gases is by decomposition of hydrogen peroxide
in a catalyst pack producing hot ateam/oxygen mixtures for which the temperature and composition depends
on the peroxide concentration. It has the advantage that the ratio of specific heats and temperature of
the decomposition products follow closely the values for turbojet engines as may be seen in fig. IV.27.
Peroxide decomposition yields good plume shape and jet momentum simulation as well as simulation of the
mixing process. The silver screen catalyst pack can generally be designed small enough to be located in
the model and does not require more space than a scaled engine should. Due to the feed of cold peroxide
the thermal effects have little influence on upstream components (i.e. balances).

Compared to the use of cold air the following numerical values show the use of hydrogen peroxide is
very attractive from a model testing requirements point of view.

Density ratio pH202 /pair = 14 (assumed 90 °/o H and compressed air at 80 atm.)

2%

Supply mass ratio "H = 0.46.

202 /mair
Supply line diameter ratio DH202 /Dair = 043"
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Supply line ultimate diameter ratio DH202 /Dair = 0.26.

Supply line stiffness ratio Dﬁ 0,/ D3 = 0.08.
22 air

Supply momentum ratio (mv.l)H202 Fliw. ) = 0085

i‘air
Momentum ratio supply/exhaust H0, : ﬁvi/ﬁvj = 0,023,
air : mvi/mvj = 0.28.

This makes the use in complete afterbody model tests particularly suitable when incorporating thrust and
drag balances in the model. The cperation can easily be intermittent by opening and closing the supply
flow. Mass flow control is easily and accurately achieved by a cavitating venturi, which also prevents
chugging.

Since the feed lines are small, space is also available for secondary air flow supply as may be seen
in fig. IV.28 for an isolated nozzle test (ref. N.6), using a two-balance system. Another balance system
is shown in fig. IV.29 where the thrust balance and supply line to the simulator catalyst pack are
integrated. The afterbody drag balance is concentric with the thrust balance, yielding a testing scheme
similar to fig. IV.11.B. The balances of the system, so called ring balances, are very stiff with respect
to side forces and axial forces, sothat small split lines beiween components of the model can be obtained.
In spite of small displacement due to axial forces the output of this ring balance is relative large.
Proved accuracy of this balance, electronic equipment included, is 0,25 °/o full scale. Temperature
effects on the balance accuracy, caused by the hot simulator, are eliminated by cooling the contact sur-
face between balance and simulator with water. During firing of the simulator, the balance and the front
plate of the simulator are intensively cooled by the liquid hydrogen peroxide, which has an entrance
temperature equal to the stagnation temperature of the tunnel air, More information on this technique can
be found in Ref. B.l and A.1l3.

Though this technique has several advantages from the wind tunnel testing point of view it also has
drawbacks, of which the main draw back is the cleaning and passivation procedure of components in direct
contact with the hydrogen peroxide in order to operate the facility savely. This requires a skilled
operation team and a well-designed system. Fortunately dilution with only small amounts of water rapidly
reduces the occurrance of fire and explosion hazards. The liquid and fumes are non-toxic. In closed
circuit tunnels the humidity increases due to the large amount of steam in the jet and the tunnel air will
rise in temperature. Therefore intermittent operation is required; blowing times between 4 sec. and 40 sec.
are generally used. Several intermittent runs can be made before tunnel air exchange or tunnel drying is
necegsary due to increased humidity. Also short firing time is required due to limited catalyst pack life
(one to 5 hours, depending on pack loading and peroxide concentration), which means in practice that the
catalyst pack must be replaced a few times in a wind tunnel program. Another draw back may be the costs of
H,0,, which is about g 1.00/kg. Consequently this system will only be used in high quality wind tunnels
and in wind tunnel programs for advanced aircraft design.

- Cold jet powered turbine engine.

The use of miniature cold jet powered turbine engines is rather new and requires special attention
since the complete engine, inlet and nozzle are simulated. This technique will be discussed in chapter V.
For completeness,some points of concern will be mentioned here. A miniature air or nitrogen powered unit
contains a gas turbine driving a compressor. The inlet and exhaust flows can be simultaneously simulated
to a large degree with this type of propulsion simulator.

Fig. IV.30 gives a sketch of the components. Part of the driving air can be extracted from the exit
pipe flow and exhausted outside the test section in order to achieve proper inlet air flow ratio together
with proper nozzle pressure ratio. This mixing of turbine gas and compressor discharge is not common
currently; however, new simulators incorporate this feature. These simulators give continuous operation
with controllable r.p.m. of the shaft resulting in varying net thrust. The main drawback is the high cost,
ineluding operation, extensive pressure instrumentation, and the extensive calibration required for the
fan and exhaust mass flow and momentum evaluation. Previous bearings had only limited life. Provisions
must be made to prevent turbine nozzle ice formation. The repeatability of thrust data has also led to
difficulties and the accuracy obtainable from momentum calculation is limited. Better accuracies can be
obtained by attaching the nacelle with the miniature turbo-fan engine to a balance.

C ACCURACIES

Apart from applied corrections to the wind tunnel data, one always should consider the obtained
accuracy of the measurement. In general the measured thrust of standard nozzles show good agreement with
the theoretical thrust if tested in the wind tunnel. The following general figures are quoted:

Tests in supersonic wind tunnel: CT =14+ 0,1 /0.
A
Tests in transonic-subsonic wind tunnel: Cp = l+0,5 °/o
A
Static tests :Cp =120,2°%0
A

where CT is the determined vacuum gross nozzle thrust (ﬁvau+ pexﬁex) divided by the corresponding
A

theoretical isentropic value. For the succesful development of a new thrust balance, use of standard

nozzles yields a reliable means to detect any defect which may occur.

The repeatability of thrust minus drag data if the measurements are performed with only one balance,
is usually within 0,2 /o for supersonic tests and less than 1 °/o for transonic tests. In general it can
be said that the absolute achievable accuracy of strain gauge balances is better than 0,25 °/o full scale,
making thrust minus drag evaluation within about 0,5 °/0 possible. This closely meets the requirements as
mentioned in section 4.1.1.
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4.1.6 CORRECTIONS

The results determined with the test techniques described in the former section, are normally
published as they stand, either in the form of thrust and drag coefficients (based on maximum cross-
sectional area) or as efficiencies (referred to the thrust of an isentropic nozzle with the same primary
mass flow). Only those corrections, which have been established firmly in other wind tunnel investigations
should be applied. When such corrections are made, a second set of data should also be compiled without
the correction sothat a true representation of the particular correction may be evaluated by the "ex-
perienced" user. In any case the correction procedure should be clearly indicated.

If possible the experimental results should be compared with theoretical predictions. For the
internal nozzle thrust predictions the methods as described in Hef. C.24 for example may be used if the
ratio of specific heats are not matched in the wind tunnel test. If the nozzle in the wind tunnel model
is designed for the y of the simulating fluid in a similar manner as the actual nozzle is designed for the
rear engine jet flow, the measured thrust coefficient as determined from the wind tunnel tests is direct-
ly applicable, except for a small correction for the discharge coefficient due to internal boundary layer
effect. Consideration should however be paid to the fact that the ratio of specific heats increases during
expansion and the rate of increase depends on the gas composition and temperature. Fig. IV.3l gives the

increase in Tj versus expansion ratio for actual turbine engine jets, the decomposition products of H202
and of cold air. Also the computation of the r?tio of specific heats at high temperatures is not unique.
din p

The coefficient of isentropic expansion y = ( (where p and p are normalised values of the total

5in p)S
pressure and density of the gas mixture respectively, either frozen or in equilibrium) and the ratio of
specific heats y = c / may be used,as well as the computation from
PCV : 3
1_—n1—0
a2 *; S;/R

d nT

(where Sg = entropy of species i, x; = mole fraction of species i of the gas mixture and R is the univers-

al gas constant). The last equation is derived from the speed of sound definition. The latter method of
equating y is used in fig. IV.3l. Computer programs for real gas properties are readily available.

For correction of the external afterbody drag two cases can be distinguished; namely, separated and
non-geparated external flows. If the flow remains attached until the nozzle edge in the wind tunnel test,
it is not very likely that the flow will separate in flight, due to the relative thinner boundary layer at
full scale. In those cases and for axisymmetric and clean afterbodies the correction on the pressure
contribution due the boundary layer displacement thickness can be computed with modern transonic flow field
analysis for the full scale and model case and compared with the experimental wind tunnel data, likewise
the skin friction drag can be calculated. Such a technique is described in Ref. A.12 and is successful. In
these computations the plume is introduced as a solid body with corrections for mixing along the jet
boundary. These corrections give a displaced jet boundary with respect to the inviscid boundary depending
on the estimated pumping action (momentum transfer) of the mixing process. Fig. IV.32 as given in ref. R.17
shows how the computed afterbody drag compares with the results from wind tunnel tests. If this correlat-—
ion can be achieved, proper determination of corrections for scale effect should be possible.

In the case flow separation does occur in the wind tunnel at the afterbody no rules are available for
proper correction methods, since the extent of the separated region can not be correlated with the scale
and boundary layer characteristics. For separated flows isolated tests with limited forebody length yield-
ing simulated relative boundary layer thicknesses probably will yield the best uncorrected results. If
applicable the test data should be compared with the empirical afterbody drag estimation as given in
Ref. M.10. If this estimation is close a hot jet correction factor (change of Y-) may be computed for which
the reliability should be checked. J '

If possible, the thrust and drag changes due to leakage of the nozzle leaves should also be determin-
ed, or estimated with as much precision as possible. Usually, however, ithe degree of leakage is not known
and probably varies for all production nozzles.

In general it can be stated that only little is known of Reynolds number, boundary layer and mixing
effect on the afterbody drag and nozzle thrust, except for some schematic configurations and that more
work is needed in this area. Thege recommendations are complementary to the additional work needed on
internal nozzle flow previously discussed in section 4.1.3.

4.1.7 FINAL REMARKS
A COMPARISON BETWEEN WIND TUNNEL DATA AND FLIGHT DATA

In order to obtain knowledge on an under-wing nacelle installation for a supersonic transport, a
wind tunnel and free flight program has been carried out recently using an existing aircraft with delta
wings (F-106) with auxiliary small jet engines (ref. .25, M.20). Fig. IV.33 gives a compilation of compar-
igons between wind tunnel data and flight data concerning the afterbody drag and nozzle gross thrust. The
1/20 scale model tunnel data are obtained by simulating the jets with solid bodies. It is seen that the
boat tail drag (determined from pressure integration) as experienced in flight is not predicted from wind
tunnel measurements for the following reasons: (a) incomplete simulation of jet for complete model tests,
(b) isolated nozzle tests are not adequate for the actual installed nozzle, and (c) separation on the model
afterbody flow is more extensive than it is in flight. Also, the gross thrust coefficients of the three
nozzle systems as tested are strongly affected by installation.

Further no data on nozzle thrust minus drag comparisons between wind tunnel and flight test are
known to exist. Certainly the advantages of this type of data, even though after-the-fact, would be
beneficial to the state—ofzthe-art in regards to future programs. Before the actual correlation of data,
full scale versus wind tunnel, accuracy for both types of data should be subject to strict evaluation and
interpretation prior to any conclusion. Predictions must be made before comparing flight test and wind
tunnel data. As aircraft development programs proceed the configuration evolves and changes. By the time
the actual aircraft flies there is little motivation to obtain wind tunnel data on an exact replica of
the flight test aircraft. This fact hinders aircraft flight test and wind tunnel comparison and degrades
usefulness of future tunnel programs. Correlation of flight test and wind tunnel data should be encouraged
throughout the wind tunnel industry as a means of keeping abreast with current difficulties and improvements.
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B NON-STATIONARY EFFECTS

As is noticed in fig. IV.9 large pressure fluctuations may be generated at the base and nozzle
region at transonic speeds. For some nozzle systems, particularly the ejector type nozzles, interaction
occurs between the internal flow, external flow, and the elastic nozzle leaves resulting in destructive
instabilities.

Fixes have been obtained by trial and error, using common sense, and must be accomplished by aero-
dynamic means without deterioration of the nozzle performance (Ref. H.18). Little fundamental knowledge
exists on this phenomenon. The problem is very complex since mutual interaction exists between the
generated sound pressure field, mixing, vortex formation, separation (internal and external), geometry
(sound reflection) and structural dynamic characteristics.

4.2 JET-AIRFRAME INTERFERENCE (EXCEPT THRUST-DRAG)

In many aircraft configurations the propulsive jets may influence the flow on nearby or far surfaces
causing phenomena such as change in pressure distiribution, shock wave-boundary layer interaction, flow
separation, surface heating and unsteady loads. These interferences depend on the engine power setting. If
these phenomena are expected to occur, wind tunnel tests with full nozzle blowing should be performed for
assessing the increments (in 1ift, moment, drag) due to the jet interference. Fig. IV.34 gives a general
impression how moment and 1ift increments due to jet effects can be determined. Normally the testing
schemes are similar or even identical to the schemes for interference drag determination. During these
tests the complete external flow should be simulated, hence isolated tests are not performed. This means
that complete models or semi-models are used. Semi-models can be utilized if it is certain that the
reflection plate boundary layer does not deteriorate the phenomena to be examined.

Since the jet interference phenomena and the testing techniques in the wind tunnel depend primarily
on the aircraft configuration, the discussion in the following sections will take place according to the
configuration catagory.

In these sections the problems will be formulated, and the applied techniques will be discussed.

4.2.1 SUBSONIC TRANSPORT
A WING MOUNTED FAN ENGINE

For these configurations the jet efflux considerably affects the local wing circulation and shock
development due to the large mass flow and close position under the wing. Also the wing pressure field
has a remarked influence on the flow in which the effluxes operate, affecting the shape of the sonic line
and hence, altering the engine mass flow and net thrust. Therefore more attention must be paid now-a-days
to these installations, than the formerly similarly installed turbo jets required.

The jet simulation parameters generally are the same as discussed in section 4.1.3. The main para-
meters are the jet plume shape, jet cell structure and wave reflections, which can be expressed in terms
of nozzle pressure ratio and ratio of specific heats of the jet, assuming convergent nozzles only. How—
ever for these installations the far jet field is also important. Since the engine mass flow is relative-
ly large the contraction or diversion of the effective jet stream as felt by the external flow due to the
mixing effect may have a marked influence on the pressure distribution on the wing and fuselage, especial-
ly at transonic speeds. Simple analysis neglecting the kinetic energy of the flow with respect to the
sensible enthalpy as a first approximation, shows that the jet mixing has a marked influence on the
effective stream tube area, as may be seen in figure IV.35.A. In this figure n is the ratio of the free
stream mass flow, that has been mixed with the jet flow, to this jet mass flow. It must be recognized,
however, that at a given nozzle pressure ratio the nozzle mass flow (Avp). decreases as the square root
of the (RT). value at increasing jet temperature. This dependence on (RT)Y mainly reduces the effect of
jet tamperaiure on the effective jet stream tube if the jet spreading werd to be the same. Furthermore, it
is well known that the temperature spreads faster due to turbulent mixing than the velocity (kef. S.5 and
S.7), which means that n should be larger than concluded from equal spreading characteristics. In general
it can be stated that n depends on the detailed mixing of the jet with the external flow. Fig. IV.35.A can
also be used for the effective jet stream tube near the core region of the jet. In that case the areas
must be defined as indicated in the accompaning sketich, and n has an approximate constant value of the
order unity, along the core region. Hence if Ax /Aj < 1 the jet acts as a suction region due to mixing.

If Ax /Aj > 1 the external flow is deflected outward and the mixing acts as a source distribution along

the jet boundary. In the latter case external gas heating is larger than external gas suction. The limit
which the effective stream tube of the jet will obtain at long distances behind the exhaust (n — w ) is
indicated in fig. IV.35.B.

Fig. IV.36 gives results of a more detailed analysis of the influence of the jet properties on the
effective engine stream tube due to mixing. In this case the engine inlet mass flow is kept constant. The
stream tubes have been calculated by assuming constant external pressure and turbulent or laminar mixing.
Cases l-la, 2-3 represent tests where an engine simulator is used (as will be assumed in chapter V). Case
1 represents a turbojet and turbulent flow; Case la, the same case, but with a region of laminar mixing.
Case 2 represents a bypass engine, and Case 3}, an engine simulator where the mass flow of the nozzle is
increased to satisfy the condition of equal exhaust area and Mach number, but with different temperature.
Then the increase in mass balances the difference in temperature. The data of the engines are given in
the figure. Case 4 is a through flow nacelle when the engine simulator is not used. Then the geometry of
the engine cannot be simulated and the exhaust is much larger than required for simulation.

From preliminary studies (Ref. R.9), utilizing a shaft mounted fan engine nozzle (similar to fig.
IV.19, but with boundary layer suction) blowing under a two dimensional wing, it is shown that the jet
mainly influences the wing lower side pressure distribution., The differences in pressure distribution
with respect to the isolated wing is, however, very large at both sides. From these tests it can be
concluded that the reference aeroforce models tests should include the podded nacelles under the wing,
either geometirically scaled such that the inlet mass flow is too small, or with increased exhaust such
that the inlet mass flow is scaled. The main difficulty is how to represent the actual jet flow and not to
disturb the effects of the inlet mass flow. Various approaches are in use, of which the most representative
one is thatutilizing the small turbine driven jet simulators discussed in chapter V.

A cheaper but less representative way is the use of ejectors with multiple primary injection nozzles.
This technique is however better suited for lifting fan engine representation of V/STOL models in wind
tunnels. The main disadvantages of ejectors are the low secondary to primary flow ratios (of the order of
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of 2 : 1), the difficulty of determining the secondary inlet flow under wind tunnel conditions, and the
congiderable flow distortions due to the primary jets in the exhaust jet.

The next step is to utilize direct blowing of the jets and do something with the inlet flow such
that the external flow around the fan cowl is best represented. In general with fan engines the simulat-
ion of fan jet is much more important than the simulation of the primary jets. This had led to the tech-
nique of Ref. P.17 and shown in fig. IV.37. The bullet shaped body in the inlet simulates the approach
stream line on the fan inlet lip. From the results as determined by pressure plotting it appeared that
with respect to the reference flow through the nacelle the pressure distributions on the wing, pylon and
fan and turbine cowl hardly changed by inserting the bullet and by blowing the fan jet as reference. By
full blowing of the fan jet the pressure distribution on the lower side of the wing was affected marked-
ly, as were the pressureson the turbine cowl. On the fan cowl only the pressure distribution at the aft
end was affected by blowing. (Also the inlet lip suction changed somewhat, but this must be due to static
pressure changes at the free flow turbine exhaust resulting in increased spillage).

The method of direct blowing of the fan and turbine jets with complete inlet fairing has the main
advantage that both jets can be represented as accurately as possible, for example using for the fan jet
cold or slightly heated air and for the hot turbine jet hydrogen peroxide. Fig. IV.38 depicts such a
simulator, where, however, the purpose was to determine jet effectis (also heating) on the tail planes of
a small airliner with engine installation at the upper side of the wing.

In general for podded fan engines particularly for wing installed e
engines, three components can be distinguished, namely = ~
Inlet (I), Exhausts (E) and Wing plus pylon (W) for the =
mutual interference problem. The question for engine //'\\ -
simulation in the wind tunnel can then generally be e W i
written as:

l — _
\ R R
[(1 + E)—w] . [I-W] + [E—W] I —= B

where [A—B| means the effect of componment A on B with respect to the reference conditions. Although not
proven this question can be answered positive with good accuracy if one interference term on the R.H.S.
is small with respect to the other one. From the tests as depicted in Hef. P.17 and the result shown in
Fig. II.27 it can be conciuded that the exhaust interference on the wing pressure distribution is many
times larger than interference from completely or partially fairing the inlet. This means that addition
of the interference effects is probably allowed. For the installed thrust-minus-drag evaluation the
similar question =
[(W+ I)=E] = [W=E] + [I—-E]

must be answered. Also in this case separation can be allowed since from some examples it is indicated
that [I—-E|is very weak provided, the inlet fairing shape has been carefully determined.

With all these techniques semi-model measurements are more easily accomplished than complete, sting
mounted model tests, and better accuracy is achieved due to the higher Reynolds number. The reflection
plate boundary layer probably does not interfer significantly. Usually both pressure plotting and balance
meagurements are used. The better results are obtained if the engine simulator is separately weighed
from the wing, with the metric line between gimulator and wing being carefully chosen along the pylon.

In Ref. G.T the engine simulators are separately mounted under a complete aircraft model in subsgonic
wind tunnel for jet interference measurements on the tail planes. Though not transonic, this work is
mentioned here since it utilized a unique simulation technique as is shown in figure IV.39. The bypass
jet is produced by an electric motor driven fan. The motor is located inside the nacelle driving the fan
with a speed up to 30,000 r.p.m. For the turbine jet compressed air is used. In order to simulate the
correct inlet mass flow an adequate quantity of air is sucked through a slot at the inlet tip. However,
for transonic speeds the fan pressure ratic obtainable would not be sufficient and the heavy engine mount-
ing struts could not be allowed.

B REAR FUSELAGE MOUNTED ENGINES

The aerodynamics of the afterbody of a fuselage containing the tail planes will be influenced by the
jet efflux, either by direct impingement or by the constraint of the external flow. The influence of the
engine on the wing pressure distribution is mainly caused by the inlet flow. The main phenomena caused by
the exhaust jets can be a change in aircraft drag, change in angle of attack of the tail planes (hence
cauging change in pitching moment), surface heating (in case of direct impingement of the jets on for
example brake flaps) and non-stationary aerodynamics (acoustic fatigue).

The basic measuring and jet simulation techniques as discussed in A, also apply in this case, but
balance measurements seem to be more difficult. Half model techniques are not recommended, because the
fuselage flow field is unrepresentative in the region of the jet interference with the rear fuselage due
to the reflection plate boundary layer. Complete models require the use of wing stings and rear fuselage
balances or pressure plotting. The air or jet fluid required for the jet simulators must be fed through
the wings, fuselage and strut supports of the simulators to the nacelles, generally at high pressures.

If balances have to be bypassed by the jet fluid the system must be located in the fuselage. However in
most circumstances the simulators will be non-metric and the rear fuselage, tail planes, and/or tail
brakes will be metric as far as the jet influence is expected.

Fig. IV.40 yields a cross—sectional view of a gasoline-air burner as used in a subsonic wind tunnel,
simulating a low bypass jet engine installed at the fuselage aftend. The aim of the tests performed with
simulator was to determine the forces (stationary and non-stationary) and heating of aft fuselage brake
flaps under descent conditions. The jet flow could be well represented.

4.2,2 INTEGRATED AIRFRAME-ENGINE SYSTEMS

The main jet effects on the airframe aerodynamics occurs if the jet nozzle(s) are located upsiream
of the fuselage aftend and/or tail planes. If the nozzles form the fuselage aftend, the jet may cause
effects on the fin and tail planes, for example separation due to pluming. The treatment of these latter
cages is similar to that as discussed in the complete section 4.1. The jet simulation parameters are
similar and the technique which must be followed to determine the lift and pitching moment increments are
similar to those to determine the afterbody drag (see figure IV.34). In these cases the jet nozzle and
engine simulator can be non-metric and the afterbody metric on a multi-component balance. Increment
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determination from pressure plotting is not very attractive due to the large pressure gradients at the
fuselage aftend.

If the nozzles are upstream of the fuselage aftend the jets can have important effects on the after-
body and tail plane pressure distributions, and tail plane hinge moments and may cause acoustic fatigue
in the rear aircraft structure. These effects may be particularly important when the jets are not align-
ed with the body axis. The jet parameters are similar as discussed before, jet plume shape and jet mixing
are probably the main jet characteristics to be simulated. For non-stationary phenomena and surface heat-
ing, hot jet tests are required.

Fig. IV.41 depicts a direct cold air blowing system for exhaust jet flow simulation on a fighter
type model. The model is mounted on a standard 6-component balance. Air which passes up the centre of the
sting bypasses the balance through a parallel duct into a plenum chamber ahead of the balance. From this
plenum chamber 4 ducts are fed rearwards into the exit nozzles of the mode. The whole of the blowing
system is earthed and flexible peals are fitted between the model jet pipes and jet shrouds, and also
between the model rear fuselage and sting. The latter seals being necessary to eliminate cross flows with—
in the model. Seal constraint interference is measured by calibration with the model installed on the
balance. Pressure constraints are obtained by section pressuring of the model. The direct air flow
quantities were about 5 lbs/sec. at maximum pressure ratio. A faired inlet was used for these tests,
with the effects of inlet spillage and a fully faired inlet being measured in a separate test. A major
problem in these tests is the definition of the allocation of seal area between metric and non-metric
model parts; small areas in this region can have significant effects on measured axial force.

Fig. IV.42 shows another useful way to simulate the initial part of the propulsive jet by cold air.
The jet flow is brought up to the model in long thin pipes from behind the model of a strike-fighter air-
craft. A six component balance measures all the forces on the model in the presence of the jet flow ex-—
cept, of course, the jet thrust and the nozzle base force. Pressures are measured in the balance cavity
and in the cavity formed by the blanked-off intake duct. This blanked-off duct is ventilated to the
annular "clearance" area between the earthed nozzles and the aircraft afterbody. This test was extended
by measurements representing correct or partial inlet spillage with natural blowing exhausts either in-
creased in area or geometrically scaled respectively. The object of this experiment was to obtain the
effects of both intake spillage and jet pressure ratio on all the forces (6 components) measured on the
same model. Variation of inlet flow and of jet pressure ratio were made separately. Care was taken to try
to igolate the effect of variation of each of these and to minimise spurious effects caused by mis~
representation of the other variable occurring at the same time.

4.2.3 FINAL REMARKS

The results as obtained from models where the jet effects on the airplane flight characteristics are
determined, are usually reported as they are obtained. If corrections are applied they are the same as
those applied to other wind tunnel model tests. At the present time the scale effects on jet interference
have not been evaluated. More work is needed in this area, because of incipient separation problems which
are caused by jet effects and still little understocd.

The required and achieved acouracies are usually in harmony with that obtained with complete model
tests using internal balances. The main inaccuracies particularly a drag force stem from geometric
modifications and from sealing corrections.

In the literature no data are available which give comparison between jet effects in the wind tunnel
and jet effects in flight on airplane flight characteristics.

4.3 REFERENCES AND GENERAL BIBLIOGRAPHY (ALPHABETIC ORDER)
4.3.1 CATEGORY INDEX

External flow 0 no flow
1 subsonic
2 transonic
3 supersonic
Jet flow A incompressible (subsonic)
B compressible (sonic or supersonic)
Configuration I smooth boat tail, no separation
1038 base, separation
Direction of jet a parallel to external flow
b makes angle to external flow
Number of jets x one jet (also more jets if no mutual interference)
Yy more jets
Jets general discussion of jeis
Jet general discussion of jet simulation in wind tunnels

simulation
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Author Index Symbols

Category

OA ... x c2, €3, ¢4, C5, Gl, Hl, H2, H3, K2, K3, L2, M2, S2, S3, S4, S5, Wl, W2

OATax N5, S27 '

0A vy ¥ 01, K4, L2

OAIbx E6, M11, W7

OALlay 5

Ob ... x A2, A3, B1, C2, C6, E1, Gl, G2, H2, H4, H5, H13, J2, J3, L3, L4, L5, L6, M3,
M4, P2, P4, P5, R2, R3, R4, S21, V3, V4, W3, W4

OBIax B18, J7, P15, Rl4, 520

OB vev ¥y c7, Gl, H15, J4, M5, 523, V4, W12

OBlay B18, E7

OBIbx C16

OBIby H10, R10

OBIlay G6, L12

1ATax F2, F3, H6, K2, M6, M7, P6, P7, P8, S1, S5, S6, ST, S8, S9, S10, S25, T3, U1,
W5, Wll, G7

IATbx F1, P9, S6, W7, Wll, R15, W13, §29, G7

1ATby E6, S19, W9

1AITax G5

1AITbx B2, J5, K5

1AITby 01

1Blax B10, B18, G4, S20, W5, Z1, ET

1Blay B18, J4, K11, R9, S17

1BIby Bl4 ’

1BIIax c14, sl1, W8, Al2, M17, M19, C22

1BITay A8, A9, L12, W8, D5, M17, M9, C22

2ATax H9, K6

2AITay X6, T5

2BIax A5, Blo, B18, €8, D4, HT, K7, K9, L7, M6, Rl, S12, S20, H16, P17

2Blay B8, K11, M13, S18

2BIbx L8, N1, P9, S13

2BIby Bl4, Bl15

2BIIax A5, c8, €9, Cl0, €11, €15, C19, E2, G3, H7, Hl12, H16, K6, K10, L13, M8, M1O,
N1, N2, R5, R6, R8, S13, S14, S15, S16, W6, W8, Al2, L15, W4, C22, H18, C23,
c24, F3, N6, M20, C25

2BIlay A8, A9, B19, G3, G4, K6, L14, M12, N2, W8, R17

2BIIbx L8, N1, P9, S13

2BIIby L8

3AIIax c12

3Blax A4, A5, B3, B4, BS, B6, B18, D4, E3, E4, K7, K8, K9, L3, L9, L10, L11, M4, MIT,
P2, P3, P10, P11, P12, P13, R4, Sl, $20, V20, E7, C20, 74

3Blay B18, H9, N3 ’

3BIbx BS, E5, P9, 02, €21, 528

3BIlax A4, A5, B7, B8, B9, Bl3, Bl7, Cl2, €13, Cl4, C15, Cl9, D1, G3, Hll, H12, J6,
K10, N4, P2, P3, P14, R4, R8, R11, S22, W8, L17, C22, H18 ,B6

3BIlay A7, A8, A9, Al0, B19, Cl4, G3, G4, Ll4, M9, N3, N4, P3, S18, w8, M18, L16, C22,
c23, C24

3BIIbx H8, T4

Jets Al, A6, B11, Bl2, C17, C18, D2, D3, Hl4, K1, Ml4, M15, P1, R7, Rl2, S24, R16,

Jet Simulation

830

All, A13, B19, B20, €1, G4, J1, K11, L1, M1, P2, P3, Rl, R13, Sl1, S19, S26, T1,
T2, V1, W10, P16, M1l, M18, W14, H17, M17, M19, S3l
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V¥ COMPLETE ENGINE SIMULATION

In the previous chapters the inlets and exhausts are treated separately, following the usual proce-
dure as performed in the wind tunnel testing program. However, the mutual possible interference between
the inlets and exhausts has been mentioned occasionally, and doubt has been expressed if separate testing
is allowed.

If a wind tunnel testing scheme is set up at which both the inlets and exhausts are simulated
simultaneously, provision should be provided to add energy to the inlet air flow in the form of total
pressure rise and preferably also in the form of a temperature rise (temperature rise only would yield
ramjet conditions). This addition of energy can be either outside the wind tunnel test section or inside
the model. Depending on the inlet mass flow and required pressure rise, it can generally be stated that
the required power for pumping is very large (typically between 10 and 100 h.p.) which means that the
location of the pumping system inside the model would be a considerable task, though not completely
impossible. Two techniques are now available, ejectors and miniature gas turbine driven engine simulators,
both based on gaseous driving fluids (air or nitrogen) which is expelled through the nozzle also. Use of
electric power will yield voluminous motors. The system for which the pump system is located outside the
tunnel test section can only be used if the air passages of the inlet flow can be made large enough to
provide for the complete inlet mass flow. This means that this system cannot be used with podded engine
installations since the pylon cross-sectional area is much less than the inlet area.

In this chapter the internal addition of energy system will be discussed first; the chapter will
finish with gome remarks on the external systems.

5.1 SYSTEMS WITH INTERNAL ADDITION OF ENERGY

The accompaning sketch depicts schematically the system with internal addition of energy where the
primary driving fluid is expelled through the exhaust also, either mixed with the secondary flow or
separated from the secondary flow in case of a fan engine simulator. If the tests are performed for thrust-
drag determination or for engine-airframe interference determination, in both cases the secondary air flow
must be measured (assuming the primary mass flow is measured adequately outside the test section) for
correct inlet spillage and jet properties assessment. This means that careful calibration of the second-
ary mass flow (inlet mass flow) must be provided since the precise measurement of this guantity under
wind tunnel model conditions is generally not possibly (see section 2.1.3).

As an intermediate step in the thrust minus drag assessment sometimes also the nacelle with engine
simulator is measured under isolated conditions (e.g. free from the wing) at which the interference drag
can then be defined as the difference in the isolated (nacelle free) wing or airplane drag plus the net
nacelle force and the complete (with powered nacelles) aircraft drag.

/—up'\

e g My

‘:::::::::::=:____________________————“"'—————

5.1.1 MINIATURE TURBINE DRIVEN ENGINE SIMULATORS

For a high bypass engine installed on a wing or rear fuselage in subsonic flow the performance
engineer generally needs to know (a) the effect of the inlet and exhaust flow on the airframe aerodynamics,
and (b) the effects of the wing flow field on the gross thrust of the nozzles and mass flow. Pressure
ratios of the order of 1.7 are required to be simulated within the nacelle and this is not easily simulat-
ed by ejectors. Therefore miniature turbine driven engine simulators have recently been developed for wind
tunnel use. These engine simulator units operate with a primary drive turbine using air (or N,) at 25
atmospheres. This turbine drives a secondary duct fan {max. r.p.m. 80000) which gives a geome%rically re-
presentative secondary air flow at the correct pressure ratio. The model is usually correctly scaled and
only the unrepresentative features are y, T and actual mass flow ratio. The inlet flow is less than the
flight requirement but only about 15 /o less and is within an acceptable limit above the spill drag
margin. The primary gas generator flow is unrepresentative but is probably of little importance when
?urroundeg by the secondary flow. Fig. V.l shows such an unit installed in a nacelle under the wing

Ref. V.1).

A typical method in use with these currently available simulators will be described next. This method
is perhaps the most advanced and logical which has been attempted with these simulated engines, in that
the thrust of the individual nozzles is related to the conditions in that nozzle in the correct environ-
ment. Certain assumptions are made of necessity, and the value of any absolute answers is dependent upon
prediction methods for external drag.

The degree of simulation can be described as follows:

(a) FPan pressure ratio is representative of full scale.

(b) PFan (secondary) nozzle can be sized correctly: thus with (a) fan nozzle exit conditions are correct
in flow conditions and geometry. Distortion screens, detail struts and fairings can be incorporated
within the nozzle in order to duplicate, as far as possible the exhaust flow characteristics of the
full scale engine. In retrospect, it is evident that the failure to duplicate the nozzle radial total
pressure profile, contributed to a discrepancy noted between model scale and full scale evaluations
of the fan nozzle coefficients. At take-off power, for instance, the total pressure distortion
(Pt -P )/ (Pt - Pst) can typically be some 30 °/o for large bypass ratio engines (Ref.V.2).

max in av

t
m

(c) The whole of the inlet flow feeds the fan nozzle, thus the inlet is wrongly matched and therefore the
performance.and/or the geometry must be compromised, usually by cowl modifications.
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(d) Primary nozzle is geometrically near correct, the pressure ratio is correct but very cold. Bypass
ratio is 2 : 1 instead of 5 : 1. As the primary jet is shielded by the fan jet these effects should
probably be unimportant as far as jet interference is concerned.

Usually the following testing is performed:

(a) 1Isolated engine on a balance without external flow with bellmouth for secondary mass flow calibration
and some checks on ( b) , .

b) Isolated nacelle on balance with external flow for thrust calibration, and

§c) Nacelle(s) in position on metric model with balance measuring net forces on model, usually semi-span
(Fig. V.2 from Ref. V.3).

The tests (a) or (a) and (b) can be replaced by "test bed" type calibration.

With respect to isolated tests it should be noted that the nacelle should be axisymmetric since a
contoured nacelle in a uniform flow field would give unrealistic nacelle drag, that would not exist in the
air plane flow field. This would result in apparent favourable interference effects. The installation
criteria should be that the contoured nacelle operating in the airplane flow field should have essentially
the same drag as an axisymmetric nacelle operating in the uniform field of the wind tunnel. Any drag in-
crement due to improper contouring appears as interference drag and should be considered as an installat-
ion effect (Ref. V.4).

The following methods can be used to calculate thrust.

A. In this case an attempt is made to calculate the net standard installed thrust of the engines when

installed on the "complete" model. Addition of this term to the balance measured overall drag gives
an aircraft external drag. As the net standard definition of thrust is used any post exit thrust is
in the external drag term.

The static test (a) yields a mass flow calibration of the fan face instrumentation (typically
28 pitots, 12 statics). A flow coefficient Cd' is calculated such that

o, = Cq x i, (see fig. V.3)
) a 1 m
where ﬁl is obtained from a calibrated bellmouth and ﬁl from area weighted mean total and static
a m
presgures and freestream total temperature at the fan.

When the nacelle is tested in isolation (test b) with external flow, pressure measurements can be
made at the inlet, nozzle exits and on cowl external surfaces. The actual gross standard thrust for
each nozzle is defined as > .

Xg =h v C, Co+ (pex - Py, A
ﬁm, v, are determined from area weighted pressures (total and static) and total temperatures at the
nozzle exit., CA and Cv are area and velocity coefficients respectively. Obviously accurate mass flows

must be used for the thrust calculations but it is also important that the same mass flow is used for
the ram drag calculation as for the fan gross thrust. The inlet instrumentation is the best available
(veing more uniform than the nozzle) and so

n, = l’n2

a a

=C, x ﬁl is taken (c_. being taken for the relevant value of
1 4 " £

H,/p,)
An accurate determination of the primary mass flow can be made external to the model by a

standard flow meter. In order to force the correct mass flow into the gross thrust equation above the
flow coefficient can be written as: m

in other words
Xg = v G+ (pex = Py )A.
In order to determine these nozzle coefficients separately the primary nozzle CA is taken from

separate nozzle tests. Thus from the pressure, temperature and mass flow measurements the primary gross
thrust X . can be calculated. The measured balance drag DBAL with the isolated nacelle model is given by

[:4)
Ppar = Paxr * Pran ~ %g, ~ Xg3

where the external drag DEXT contains all terms such as axial pressure integrals, forebody spillage

drag, skin friction drag and scrubbing drag. The ram drag can be calculated from freestream conditions
and ﬁl
a
Thus the secondary gross thrust X8 is determined if all the terms in DEXT are estimable or calculable.
2

See for this procedure Ref. V.5 for example.
Ia the equations

. 2
X =m, xv, xC, xC°+ (p - Pp JA
g, 2m 2m A v exy 2
CA and Cv are the only iwo unknows. Only one of these coefficients can be used to calculate thrust in

the aircraft configuration (test c) and C, is chosen as it is conjectured that this is likely to vary

A
the least. It is used as a function of fan pressure ratio and Mach number.

Then the net standard thrust can be calculated when the engines are used in the installed condit-
ion and this value added to the overall measured balance drag to give model external drag. This
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external drag value will contain all the interference terms associated with both inlet and exhaust flows.
It will also include the airframe on nacelle effects as well as the converse,

B. A similar series of tests can be conducted as in A, but interpreted differently. The static calibrat-
ion (test a) is used to give a mass flow calibration but because no inlet instrumentation was available
the fan nozzle instrumentation is used for the main fan mass flow measurement. The calibration is thus
done in a test cell with the correct exit pressure. The calibration of the instrumentation is taken as
a function not only of pressure ratio but also of corrected r.p.m., the latter because of swirl effects.

The thrust calibration with external flow (test b) is reduced as a thrust coefficient CT defined
as
-(D - Do)
CT = iAL " XHAM 2 and 3 referring to fan and gas generator
8, g3 flows respectively.

where the gross thrusts are calculated using corrected mass flows and are of the fully expanded type
(isentropic thrust).

This thrust coefficient is used (as a function of power and Mg ) to correct full-model balance
measurements (test c). As the thrust coefficient contains the isolated nacelle external drag the model
data obtained only shows differences in relation to an isolated nacelle Xg - D definition. Any adapt~

ion to full scale results must take allowance for the change in nacelle external drag between model
and full scale.

C. An alternative method would be to use an altitude test cell type technique and measuring thrust
with a balance (test a). The thrust in the installed condition could then be calculated in exactly the
same way as the engine manufacturer guarantees thrust. In this way the effects of the engine are
determined in a "legal" sense as long as the model engine behaves similarly from test bed to installed
condition, This is basically similar to A, but does not allow for changes of thrust of the model engine
in the airframe environment. There is evidence that this assumption is incorrect.

In all these methods it is necessary to measure "somewhere" the full scale engine performance in the
airframe environment. Evidence on the model scale shows the fan nozzle flow distribution to be considerab-
ly influenced by the wing flow gince in many instances the flight envelope of the airplane results in
engine operation at jet pressure ratios less than critical for both the primary (turbine) and fan nozzles.
Under these conditions the external pressures in the area local to the particular nozzle can alter the
flow characteristics upstream of the nozzle. This can also occur for above critical nozzle operations for
conical convergent nozzles due to sonic line locations as influenced by the external pressure field. These
external pressures can be significantly different when the engine is installed close to the wing. When
this happens the engine can be affected in two ways:

(a) the local pressure, if different from ambient at each nozzle exit plane, can cause the engine cycle

to shift, and (b) the local back pressure can be affected.

Though this technique is very promising with the main features:

(a) yielding high degree of simulation, except for some increased inlet spillage and non-representative

primary (turbine) jet temperature, and (b) similar installation procedures can be followed in the wind

tunnel as the actual engine in the actual airplane, it has the main draw-backs that (a) it is expensive

to operate, (b) it needs extensive control instrumentation for each engine, (c) it has little flexibility,

each actual engine would require a different miniature turbine simulator, (d) the bearings have only limit-
ed life, (e) the repeatability is limited, (f) two equally manufactured simulators show different character~
istics (as large as 5 /o in net thrust, ref. V.4), and (g) the separation of various drag and thrust

terms is very difficult and sometimes speculative, mainly due to the inaccurate assessment of the nozzle

coefficients,

In general it can be stated that, using small turbine driven simulators, one gains in the degree of
engine simulation with respect of techniques utilising direct nozzle blowing and direct inlet suction, but
is adverse in obtainable accuracy of data assessment of each component. However, the use of these
simulators is rather new, and could be much improved by further work.

5.1.2 EJECTORS

Ejectors do not contain rotating parts and are therefore much easier to manufacture and more flexible
(not scale dependent) than turbine driven simulators. However, the secondary inlet mass flow is much less
and the pressure ratio obtainable at the nozzle is usually limited. Furthermore large unrepresentative
total pressure distortions due to the primary jets are hard to prevent., Since the ejector is a pure flow
device its performance depends largely on the upstream and downstream conditions. The characteristics are
usually quite different from thereal engine. For these reasons the ejector is little used for thrust engine
simulation; however, it is becoming popular for 1lift engine simulation in VIOL~aircraft, mainly due to the
required low total pressure ratios in these cases. Since the ejector scheme is simple and cheap to operate
it seems worthwhile to do more work in order to improve its characteristics.

Due to the large flow distortions in the exhaust jet caused by the primary jets, thrust measurements
with ejectors are very unrepresentative and hence usually not performed. The sysiem is however sometimes
used for assessment of jet interference effects other than thrust minus drag. For example fig. V.4 shows
an ejector system for inlet and exhaust flow simulation on a fighter type model. The model is mounted on
a special 6-component balance, The high pressure blowing air is ducted below the balance to a plenum box
from which it feeds into a peripheral ejector in each side duct. This ejector induces intake flow through
the model boosting its total pressure and mass. This air is bifurcated to the two blowing nozzles on each
side with appropriate internal control to give reasonable distribution, The final jet distribution is
controlled by a splitter box. Special geals were developed for use between the metric air inlet and non-
metric ejector box.

The ejector congists of an annular primary jet with an inner secondary inlet flow area. At the chosen
design condition when operating in quiescent air conditions for each duct the primary flow was 1.65 lbs/
secs, with a nozzle pressure of 4 atmospheres. The secondary or inlet flow was 0.85 lbs/secs.

For the front engine the nozzle distribution was relatively poor due to the short length. The rear
nozzle distribution was good. The representation of total pressure ratio for the two nozzles was good and
the inlet area ratio was 0.8 ejectors off, 0.65 ejectors on.

5.2 SYSTEM WITH EXTERNAL ADDITION OF ENERGY

As mentioned before the systemfor complete engine simulation with addition of energy outside the test
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gsection can only be used if the air passages to the outside can be made large enough for the inlet mass
flow without deteriorating the external flow. In practice this scheme can only be used with integrated
engine-airframe systems, using the half model technique of a twin engine aircraft. Fig. V.5 depicts such
a set up. However the main problem is the deteriorating effect of the reflection plate boundary layer,
which probably can be kept under control for the inlet studies, but will have a disruptive effect on the
phenomena looked for at the exhaust. From the point of view of engine interference testing this scheme is
very attractive, and if ways could be found to omit the reflection plate boundary layer effects (shock
wave-boundary layer interaction, separation, displacement, model boundary layer-plate boundary layer
interactions) this method would certainly be used in the future. No examples are known which use this
technique with good success.

Of course it is possible to use a combination of external and internal addition of energy, such that
the inlet mass flow is scaled same as the temperature corrected exhaust flow, without the necessary use
of the semi-model technique. Though this combination of techniques might show good promise, the complex-
ity in manufacture, control and metering rises considerably.

5.3 FINAL REMARKS

The methods for correction are the same as required and/or as used for separate inlet and nozzle
testing in transonic wind tunnels. In general less care can be devoted for correct inlet and exhaust
simulation and precise measurements of mass flows and forces components in case of internal addition of
energy.

Besides the problems concerning engine-airframe interference the wind tunnel experimentalist faces
also the usual other wind tunnel problems such as Reynolds number effects at transonic speeds, support
interference, the difference in aercelastic effects of the model and the actual aircraft, non-stationary
effects, tunnel wall effects, making the total problem even more difficult. These latter effects are out-
gide the scope of this report, but it can be stated that recent theoretical analysis, which are possible
with large high speed computers, make inviscid subcritical interference and deformation predictions
possible so that the influence of disturbing effects can be assessed and corrections can be applied. Work
along these lines should be encouraged.
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L4
APPENDIX
QUESTIONNAIRE

"ENGINE AIRPLANE INTERFERENCE IN TRANSONIC TESTS"

In all points distinction should be made between engines in pods (usually airliners, freighters and
large bombers) and integrated airframe-engine configurations (usually fighters).

1 INLETS

1.1 INFLUENCE OF INLET MASS FLOW ON EXTERNAL AERODYNAMICS AND MEASURED FORCES
(concerning pressure distiributions on nacelles and lifting surfaces, lift, drag, moments, etc.) at trans-
onio speeds.

1.1.1 GENERAL

Circumstances for which complete inlet mass flow duplication in transonic wind tunnels is necessary.
Circumstances for which partial inlet mass flow can be allowed.

Circumstances for which the inlet can be completely faired.

Specific information that can be obtained from a, b and c.

.1.2 COMPLETE INLET MASS FLOW
Techniques used or required for complete inlet mass flow simulation in trangonic wind tunnels.
Advantages and limitations of these techniques.
Testing technique for determining the external aerodynamic coefficience (Q v Coo Cp, etc.).

i~ IR0 jotie
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Obtainable or required accuracies.
1.1.3 PARTIAL INLET MASS FLOW AND COMPLETE INLET FAIRING AT TRANSONIC SPEEDS

a Rules used.

b Basis of the rules.

¢ Techniques used.

d Corrections required or introduced for reduction of the wind tunnel data (Cl, Cm' Cp etc.).
e Basis and justification of these corrections.

f Techniques used or required to determine these corrections.

£ Expected or required accuracy.

1.1.4 BLEED AIR AND SPILLAGE

Simulation of bleed air or spillage from inlet mass flow (influence on external air flow).
Corrections on external flow in case of no complete simulation of spillage and bleed air.
Basis of suoch corrections and justification.

Expected or required accuracy.

1.1.5 CORRECTIONS FROM WIND TUNNEL MODEL TO FULL SCALE (SCALE EFFECTS, REYNOLDS NUMBER)

a Corrections required or used taking into account scale effects, if not yet involved in earlier
corrections.

b Expected or required accuracy.

1.1.6 EXPERIENCE ON DATA EVALUATION FROM WIND TUNNEL MEASUREMENTS AND FREE FLIGHT MEASUREMENTS.

o jo'le

et

-2 INTERNAL INLET FLOW DETERMINATION IN TRANSONIC WIND TUNNEL TESTS

.2.1 TECHNIQUES FOR INLET MASS FLOW SIMULATION
Techniques used or required to achieve complete inlet mass flow simulation till compressor entrance.
Advantages and/or limitation of these techniques.
Required overall acouracies.

+2.2 EXTERNAL FLOW FIELD SIMULATION

Degree of external flow field simulation for measuring the internal flow field properties.
Justification of the technique used in case of no complete external flow field simulation.

1.2.3 MEASURING TECHNIQUES

Techniques used or required to determine the inlet duct internal flow properties (pressure recovery,
internal drag etc.).

Corrections necessary for these techniques.

Basis and justifications of these corrections.

Achieved and required accuracies.

1.2.4 SCALE EFFECTS

Corrections introduced or required to reduce the wind tunnel data to full scale.
Basis of these corrections.

Expected or required accuracy of these corrections.

1.2.5 SPILLAGE AND BLEED AIR

a Corrections introduced on the internal inlet flow if spillage and bleed air from the inlet are not
completely simulated.

Justification and basis of these corrections.

¢ Scale-effects for not complete bleed air and spillage simulation.

1.2.6 COMPARISON BETWEEN WIND TUNNEL TESTS AND FLIGHT DATA
ENGINE THRUST

.1 ENGINE THRUST DEFINITIONS (gross and net).
Engine thrust definitions as specified by engine companies.
Advantages and limitations of these definitionms.
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.2 TECHNIQUES
Techniques for measuring and/or determining actual engine thrust.
Advantages and limitations of these techniques.

CORRECTIONS
a Corrections for differences beiween aircraft inlet air flow properties and test cell inlet flow

properties.

Corrections for differences between measured thrust and thrust definitions due to different nozzle
conditions.

Corréctions for different altitude conditions.

Corrections for auxillary power and air take off.

Basis and justifications of these corrections.

Overall required and obtained accuracy of the thrust definition.

EXHAUSTS

3.1 ENGINE GROSS THRUST MINUS DRAG AT TRANSONIC SPEEDS
a Required or obtained overall accuracy of thrust-drag.

3.1.1 ISOLATED NOZZLE TESTS VERSUS COMPLETE MODEL TESTS
a Advantages and limitations of isolated nozzle testis.

b Advantages and limitations of complete model nozzle tests (also inlet flow).

}.1 WIND TUNNEL TESTING SCHEME (ISOLATED AND COMPLETE AIRCRAFT MOIEL)
Testing schemes required or used to obtain thrust-drag performance from wind tunnel data and thrust
definition.

E
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b Definition of various thrust and drag terms for various nozzle configurations (reference thrust, static
thrust, internal nozzle drag, external nozzle drag, base drag, afterbody drag, reference drag, inter-
ference drag).

¢ Techniques used to determine the various thrust-~drags terms.

d Required and achieved accuracies for determination of these terms.

3.1.3 JET SIMULATION IN WIND TUNNELS

Jet simulation for which thrust-drag terms.

Requirements for jet simulation parameters (jet pressure ratio, jet temperature ratio, secondary air,
specific heats, jet inhomogeneities).

Jet simulation techniques.

Limitations and advantages of these techniques.

3.1.4 CORRECTIONS

Corrections for no external flow field simulation (isolated tests).

Corrections for thrust-drag terms that do not require jet simulation.

Corrections for no complete jet simulation in terms where jet effects may be expected.
Corrections for scale effects.

Justification and basis of these corrections.

Required or achieved accuracies of these correction.

3.1.5 COMPARISONS BETWEEN WIND TUNNEL DATA AND FLIGHT DATA
3.2 JET-AIRFRAME INTERFERENCE AT TRANSONIC SPEEDS (EXCEPT THRUST-DRAG)

3.2,1 CIRCUMSTANCES FOR JET-AIRFRAME INTERFERENCE (suction, heating, shock waves).
Jet simulation required or used.

No jet simulation required or used.

Justification,

3.2.2 TECHNIQUES
Wind tunnel test techniques to measure jet interference.
Achieved and/or required accuracies.

3.2.3 JET PARAMETERS
Required or used jet simulation parameters.
Justification of these parameters.

3.2.4 CORRECTIONS

Corrections for no jet simulation.

Corrections for partial jet simulation.

Corrections for scale effects.

Basis and justifications of these corrections.

Required and/or achieved accuracies of these corrections.

3.2.5 COMPARISONS BETWEEN WIND TUNNEL DATA AND FLIGHT DATA
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PART I

WALL CORRECTIONS FOR AIRPLANES WITH LIFT

IN TRANSONIC WIND TUNNEL TESTS

by

R.Monti

Istituto di Aerodinamica, Universita Degli Studi
Piazzale Tecchio, 80125 Napoli, Italia
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ABSTRACT

This part of the Report summarizes the technical information supplied as written contribu

tions or in oral discussions by the Members of the Ad Hoc Committee.

After some preliminary remarks on wall interference corrections in transonic tests,the
different answers to the A.G.A.R.D. Questionnaire are presented in Section 2 together

with the main points made by the Committee Members as representatives of the different
countries. A number of general agreements among the Committee Members are stated which

indicate the state-of~the-art of transonic wind tunnel corrections.

Section 3 illustrates the work presently under progress in the Nato Countries which ha-
ve interest in the field. A number of programs are being carried out which consider so-
me of the problems in tramsonic wind tunnel testing; a coordination of these programs
would be highly desirable in order to reach more efficiently some of the common goals

of the national researches already in progress.

Section 4 summarizes the discussions and the conclusions of the Committee on the pro-
blems which appear to be most important for future research. Problems are briefly re-
viewed and research areas are indicated for which the Committee agreed an internatio-

nal program will be most profitable.

A list of References, in alphabetical order, is provided which includes the works re-

ferenced by all the different groups participating in the Committee.
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1.INTRODUCTION

In general the aim of any test in a wind tunnel is the prediction of the performance and of the aerodyna-
mic characteristics of an aircraft by means of experimental data obtained on a model geometrically similar
to the aircraft.

Due to the inevitable constraints posed by the limited size of wind tunnels it is not possible to reprodu-
ce exactly all the conditions of an unconstrained flow over a body. Of course the zero constraint free
flight condftions will be asymptotically approached in a wind tunnel when the model size becomes less and
less compared with the tunnel size. On the other hand, for a given tunnel size, it is generally desidera-
ble to test the largest possible models. This is mainly due to considerations of a faithful reproduction
of the real configuration, a better simulation of internal aerodynamics and of the surface conditions; so=-
metimes aeroelastic deformations of the model put another lower limit to model size especially when trying
to simulate the free flight Reynolds number.

Since none of the conceivable wind tunnels is able to perfectly simulate the free flight conditions, one
must deduce that corrections should be made to the experimental data obtained in all the wind tunnels.The
ideal corrections should be such as to restore around the model the flow field which has been altered by
the presence of the wind tunnel walls. At each point of the flow field, velocity (in magnitude and in di-
rection) and pressure should be corrected in order to get the true flight values; in this way one would ob-
tain on the model a pressure distribution (and aerodynamic forces) equal to that of free flight.

The three possible configurations for wind tunnels are: 1) the open jet, 2) the closed jet and 3) the par-
tially open (or ventilated) type.

In subsonic open-jet wind tunnels the stream-lines bulge out around the model similar to their behaviour
in free flight; but the free jet is surrounded by a chamber in which the static pressure is constant. The-
refore in the jet itself the undisturbed free stream pressure is established in a lateral distance which
is one half of the jet width; in free flight, on the contrary, the undisturbed pressure is attained only
at an infinitely large distance from the model. This means substantially different flow field conditions;
in particular the stream lines in the open jet will be more highly curved, and the mean velocities smaller
than in free flight.

In a subsonic closed wind tunnel with straight walls the streamlines will follow the model contour near the
model surfaces and will become completely straight at the walls. This means reduction of the bulging and a
reduced curvature of the streamlines as compared with the free flight conditions and consequently larger
mean velocities.

Since many of the wall interference effects for the open and for the closed wind tunnel are of opposite sign
it may be possible to eliminate, or at least to reduce, the wall interference effects in a partially open
tunnel. This is the reason why the ventilated tunnels are widely used for subsonic, transonic and superso-
nic speeds. In theory at given free flight conditions, for instance at a given Mach number and Reynolds num
ber, it should in principle be possible to find correct aerodynamic characteristics by the use of ventila-
ted walls with variable permeability along the tunnel axis. It will not be possible however to remove all
types of wall interference at different flow conditions by a wall of uniform permeability along the test
sectdon; corrections for interference effects are therefore needed also for the ventilated walls.

In general the test section geometry for minimizing subsonic wall interference is different from the geo-
metry used at supersonic flow conditions (i.e. cancellation of the shock waves and expansions arriving at
the walls which would otherwise be reflected back into the model).

In transonic flows where both these types of interference aee present, the situation is more complicated
and the problem more difficult.

The boundary interference problem is intensified at transonic high-lift and maneuvering conditions. Blocka
ge and circulation effects will require proper accomodation of the highly deflected wake. At the same ti=-
me the transonic buffet and flutter boundaries may become obliterated in the presence of the high turbulen-
ce levels coupled with the intense noise field.

The difficulties involved in correcting wind tunnel data account for the extreme attitude of some people:
if strong doubts exist on wall corrections, and if these are not small because of the large blockage and
high lift, it may be better to make direct calculations of the aerodynamic characteristics instead of wind
tunnel tests plus a number of (non-reliable) calculations of the data corrections.

Historically, the problem of tunnel boundary interference has been approached in two distinct ways:

1) theoretical calculation of the interference effects and subsequent correction of the data, and

2) empirical development of walls which show as little interference as possible. Substantial progress has
been achieved on each approach individually, although little effort has been made to combine them into a
unified program.

The major effects caused by wind tunnel wall interference may be separated and divided into blockage, down
wash, buoyancy and streamline curvature.

The blockage consists of a variation of the tunnel cross sectional area due to the model volume (solid blo-
ckage) and to the model wake (wake blockage); it affects the velocity, stafic pressure, the dynamic pressu
re and all the aerodynamic coefficients. The blockage is caused by the reaction of the tunnel walls on the
displacement of the flow by the model (volume and wake). In general the result is a velocity increment at
the model centre station and a variation of the static pressure along the test section.

The downwash, or lift interference, is caused by the reaction of the walls on the flow deflection produced
by the model; it is important for the induced lift and must be taken into account when measuring the lift
coefficient and moment coefficient for models with tail.

The buoyancy is due to the longitudinal pressure gradient which may already be present in the empty tunnel
or may be due to: solid and to wake blockage, the induced lfft or a non symmetrical test set up. This term
mainly affects the drag coefficient.

The streamline curvature may be induced either by the tunnel geometry (empty tunnel) or may be produced by
the induced lift. This effect has a direct influence on moment, drag and lift coefficients. The streamline
curvature may cause an effective change of the angle of attack at the horizontal tail position which will
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therefore be different from the induced angie oi attack at itne wing: this requires an additional correction
to the moment coefficient.

It is generally accepted that these major effects, to a first approximation, can be considered as indepen-
dent and additive so that, for instance, the blockage effect can be calculated at zero model lift and vi-
ceversa.

The wind tunnel types used in transonic testing have had generally two configurations: 1) the slotted (or
perforated) walls type originally designed to minimize subsonic wall interference and 2) the perforated-
walls type designed to cancel shock waves at supersonic conditions. The permeabiiity of this second kind

of wind tunnel wall is much higher than that for minimum transonic wall interference so that they very
often behave as open jet tunnels when operating subsonically. For this type of tunnel one could adopt formu
lae which give corrections to the subsonic open jet wind tunnel; however in situations where the model and/
or the lift are rather large the accuracy of these corrections would be questionable.

In a class by itself, and offering a new dimension in minimizing wall interference over the full transonic
regime, is the variable porosity wall. As described in Ref.36, the wall porosity to minimize interference
effects on, say, lift at a given Mach number has been experimentally established by comparison with tests
in a much larger wind tunnel. It appears, however, that the porosity to minimize lift interference is not
necessarily optimum for drag and pitching moment measurements. Although the variable porosity approach to
minimizing wall interference is successful and highly promising,there is still a question of whether or

not empirically determined porosity setting is in principle superior to or more refined than the alternati-
ve of applying empirical correction factors to data obtained at fixed porosity.

2. SURVEY ON WIND TUNNEL WALL INTERFERENCE

At the present time there is a renewed interest in transonic testing eSpecially for high lift and/or maneu-
vering vehicles with close design margins; in addition the increased size of airplanes and the consequentiy
increased flight Reynolds number implies the construction of larger models. Furthermore it appears necessa-~
ry to test the transonic airfoils up to the stall because of the need of new airfoil shapes which can be a-
dapted to both high speed cruise and high lift coefficient manouvers,

Larger models and high lift models mean large disturbances in wind tunnel flow fields and make it mandatory
to adopt reliable corrections for the aerodynamic characteristics of the model. These considerations led
the AGARD to make a survey among the NATO Countries on the subject. The purpose of the survey is:

"The wall interference in transonic tests is well understood for the case of zero 1ift; however, when the airpls
ne has significant lift the interaction between the airplane and permeable walls is not uniquely determined.

The air that flows through the permeable walls is not symmetrical about the airplane. The control of this flow
affects the measured force coefficients of the airplane. The purpose of the Ad Hoc Committee is to investiga-
te such effects".

Even though the purpose of the AGARD survey should have been confined to the wind tunnel wall interference
for models with high lift in transonic condition, the survey also gave results on subsonic wall interference
and on models at low lift.

In fact a number of important points came out of the discussions and of the contributions presented by diffe-
rent countries which are not strictly related to real transonic conditions (0.9£M<£ 1.3) but more to high sub-
sonic flow conditions (.5£M< .9). These contributions were included because transonic wind tunnel flows ate
not always completely understood so that often experimenters do not make wall interference corrections to the
wind tunnel data. For subsonic or supersonic wind tunnel flows, theories are a little better established, a
humber of corrections formulae are available in the literature and experimental data exist with which theories
and other experiments can be compared. In the absence of any more specific information the present tendency

is to extrapolate the subsonic wind tunnel correction techniques to transonic regimes.

2.1 AGARD QUESTIONNAIRE

The AGARD Questionnaire is reproduced below for ease of reference:

QUESTIONS )
1. What corrections are introduced on the measured coefficients in order to predict airplane performances at
angle-of-attack?

2. WYhat control is used in the air flowing through the permeable walls in order to have the correct lift repre-~
sentations?

A. Is the pressure of each wall controlled independently?
B. Is the air discharged downstream in the test section or diffuser?
C. Is the pressure distribution at the wall measured?

D. Is there any experimental indicafion of the effect on lift and drag due to change of mass-flow flowing
across the porous or slotted walls?

3. What are the basic theoretical and experimental reasons for the selection of the method used?
4. What consideration is given to tunnel turbulence? (Added to some questionnaires).

The answers to the first two points of the Questionnaire are summarized in Table I and Table II (°).The oth-
.er two questions plus some other points related to the subject problems are briefly discussed and reported
below.

(") The Tables are similar to those presented by Mr.J.Jones to the Ad Hoc Committee General Discussion on
Wall Correction.
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FRANCE

The main transonic facilities are the S1, S2, S3 tunnels at Modane, the S3 and Rl at Chalais Meudon (ONERA)
and the 2.4 at St.Cyr (Institute Aerotechnique); they haye perforated walls (2 or 4) and different permea-
bilities (from 6.5% to 21%). In general there seem to be no empty tunnel pressure gradients and therefore
no correction for buoyancy deriving from this effect is actually needed.

The maximum blockage ratio of 1Z is generally adopted which reduces the correction requirements.

Up to the present time, transonic results obtained in French tunnels haye received no wall corrections; the
reason is the absence of a reliable theoretical approach to the interference of ventilated walls. This is

the motivation for the extensive and systematic researches which are being carried out on different wind tun-
nel facilities in France, as illustrated in the next Section reporting on the work in progress.

GERMANY

At the Porz-Wahn wind. tunnel, tests have been performed with wing area ratios of 5% up to an angle of attack
of 15° (with a wall permeability of 6% and holes inclined at 60°) and corrections have been estimated according
to Ref.27.

In the Transonic-Wind-Tunnel of AVA generally no corrections for wall-interference are applied. This assumption
ig reasonable however if the models used are small enough. Three-dimensional models should have blockage less
than 1% and a wing area less than 57 of test section area,

Two~dimensional models which are supported at the side walls of the test section and which have therefore a
span of 1 m should have a wing chord less than 15 cm, If these limits are exceeded, corrections are calcula-
ted and reported for information only, together with the measured coefficients, since wall corrections are
uncertain for these flow conditions. These wall corrections are calculated by the linear theory described in
Ref.27.

In the wind tunnel at the Technical University of Berlin the air suction was varied but very little influence
on the 1ift and drag was found. For Mach numbers somewhat above 1, the suction effect seems to be within the
scatter of the data.

THE NETHERLANDS

All information and answers have been obtained from National Aerospace Laboratory N.L.R.,Amsterdam, as Dutch
airplane manufacturers and airlines do not at present have any requirements or experience concerning wind
tunnel wall interference.

The answers are based on experience obtained in two transonic facilities: The Pilot Tunnel (PT) and the High
Speed Tunnel (HST).

A clear division is made between the high subsonic regime (.5%$M<«.9) and the genuine transonic regime
(.94M<£1.3).

In the real transounic regime N.L.R.cannot supply useful information om wind tunnel wall interference. No cor-
rections are applied, and no experimental investigations on interference effects have been made to determine
any kind of wall interference control.

In the high subsonic regime no corrections for wall interference are applied, as certain experiments have in-
dicated that blockage is generally very small, whereas there is no conclusive information with respect to
the magnitude of lift interference.

For the large tunmnel, blockage ratios have been less than.lZ. In special cases, however, corrections have
been applied by employing semiempirical correction factors. For instance, for 2-dimensional airféils a num-
ber of corrections have been calculated for : 1) solid blockage (58) (to tunnel speed, static pressure,tem—
perature, dynamic pressure) 2) downwash due to lift (empirically) (to incidence angle and to drag coefficient)
and 3) streamline curvature (to incidence angle, lift coefficient, moment coefficient and drag coefficient).

Some tests have been carried out in order to determine empirically the parameters K and P which appear in the
linearized boundary conditions for the perturbation velocity potential when an equivalent homogeneous bounda-
ry is assumed to replace the real slotted (or perforated) wall (27). The values of K and P, determined by the
method of Ref.l4, were used to compute correction factors which did not match with the fully empirically deter-
mined correction factors. The equivalent homogeneous boundary condition however cannot be assumed for the ca-
se where significant model lift exists.

The wall pressure distribution has been measured during the tests of models at increasing angles of attack;
when the model had significant 1ift (about 6° of incidence) a variation of pressure distribution was detec-
ted.

U.K.

The work done in the U.K.has been oriented towards using the ventilated tunnel in a closed wall condition
as a method of defining a fully corrected set of data. Or alternatively, for two dimensional tupnels the
most up-to-date theory is used as a datum for correction methods. These results are then compared with da-
ta obtained in the ventilated section and correction coefficients are obtained which follow the theoretical
methods , This technique is used up to M=0.88 beyond which the methods of Ref.62 are used, again empirical-
ly factored from experimental data with models of varying sizes.

It is considered that a general theory giving correction formulae must always be adjusted by empirical fac-—
tors to aldow for the many variables existing in each tunnel. Participation in International programmes
with exchange of models is contemplated.

U.S.A.

Test agencies generally do not apply wall interference corrections to the measured performance of a model

at angle~of-attack as long as the model size is well within their standards for negligible interference.
However, at nearly all installations, studies are in progress to examine further the validity of this practi-
ce. At the present time no one method provides acceptable corrections to all aerodynamic data. Comparati-
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ve data from different facilities on the same or similar models provide some insight into the problem. How-
ever, the results are often beclouded by differences that are attributed to sources other than wall effects.

Two cases are reported of correction tests made in wind tunnels for which the permeability of the walls is
designed for supersonic shock cancellation (from 197 to 22%); in these cases the subsonic corrections for
an open jet seem to give satisfactory results.

Variation of wall porosity is the only control that is applied to reduce wall interference; it provides a
first order correction to the slope of the lift versus angle-of-attack curve. Second order peculiarities
test section walls will provide the correct lift representation at high angles-of-attack.

Regarding the question of the discharge of the plenum air there seems to be a variety of plumbing configu-
rations which appear to be equally successful.

For tunnels which were designed to minimize subsonic wall interference the corrections required are general-
ly small and of questionable validity in the general case and consequently are usually neglected as long as
the model blockage is low (say 17). As an example it has been established experimentally that lifting models
of 0,7% blockage (or less) in a test section of 67 permeability experience errors due to the wall interferen-
ce that are of the same order of magnitude as the experimental errors.

The second class of test sections (i.e.the perforated wall type designed to attenuate the shock waves in the
transonic regime) exhibit a permeability much higher than that for minimum wall interference at subsonic
speeds, However for these tunnels the linearized theory correction for an open jet test section provides an
acceptable correction to the measurements. These corrections have been validated by comparative tests in lar
ger wind tunnels having minimal interference effects. However in any new situation such as high lift, large
models etc. the accuracy of the corrections would be highly questionable and must normally be established

by comparison with similar tests in large scala facilities.

As for any type of wind tunnel flow, turbulence is of concern, and attempts in varying degrees are made to
minimize the turbulence level. The ventilated walls of transonic tunnels tend to increase the fluctuation

level, the increase being much greater for perforated walls, One study indicates pressure fluctuations of

3 to 4 psf (at q = 1000 psf)- for a perforated wall and a much lower level (of 1 psf) for a slotted wall.

Although the results are not qualified as to the character of the fluctuations it may be expected that the
differences are attributed to sound (pressure fluctuations) generated at the perforated wall.

2.2.- Conclusions from the answers to the Questionnaire

From the direct answers and from the different opinions manifested in answering the Questionnaire a number
of conclusions can be drawn which give a precise idea about the state of the art of the wind tunnel inter-
ference problems in the various NATO Nations:

= Ventilated wall wind tunnels of both the slotted and perforated type are presently used in transo-
nic testings

~ Test sections (with two and four ventilated walls) with constant permeability are generally adopted

~ There is generally a single plenum chamber around the test section; plenum pressure control is used
to establish a desired test section Mach number and there is no independent control of pressure or
of mass flow through each wall

- There is a lack of confidence in analytical corrections for ventilated wall interference in transo-
nic testings

- The pressure at the wall is generally not measured during the tests; difficulties exist in the mea=~
surement of pressure on slotted and perforated walls

- Attempts to correct wind tunnel (at high subsonic conditions) have been made based on separating the
different effects due to blockage, lift and streamline curvature (Table II)

- Experimenters recognize that whenever significant lift is present the boundary conditions at the walls
can be more complicated even at high subsonic conditions

= Solid wall and open jet data are sometimes used as reference

~ General practice is to reduce the blockage ratio as much as possible. Maximum blockage ratio of 1%
(for 3-D models) seems to be accepted by everybody even in the presence of high lift.

- Everybody seems to be concerned with turbulence level in transonic wind tunnels: the turbulence is
actually increased because of the slots or because of the perforations at the walls. However no sy-
stematic study and experiments have yet been performed in order to quantify the effect of the tur-
bulence level in tunnel testing. Usually the turbulence has been reduced to the lowest possible le-
vel.

- Extensive and time consuliing researches on empirical correction factors are not generally carried out
in large facilities due to the usual stringent time requirements of the aircraft model tests them-
selves,

~ Common practice is to obtain empirical corrections by comparing wind tunnel results with so called "in-
terference free" data, taken in larger facilities with much smaller blockage ratios. Frequently, ho-
wever, reliable interference—free gata is not available and this creates problems in the determination
of an empirical correction factor.

3. WORK IN PROGRESS

The angwers to the AGARD questionnaire point out the lack of reliable wall interference corrections to expe-
rimental transonic wind tunnel data. The need for an 1mproved situation was strongly felt by all the coun-
tries operating transonic wind tunnels and this gave rise to a number of programs to consider some of the
main problems related to transonic wind tunnel testing. These program, reported to the Committee, are brie-
fly summarized below.
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FRANCE

Work is in progress at Dassault along two lines: 1) Study of an appropriate wall permeability which makes

the blockage effect negligible and 2) Adoption of a rather large permeability, which makes the flow behave
as a free jet, and appropriate correction of the results for this case. The experimental part of the pro-

gram is being carried out on the wind tunnel Z 4 at St.Cyr (Institute Aerotechnique).

In some wind tunnel experiments the so-called separation parameter was introduced which appears to be a
convenient parameter for the study of the interference effects at high angles of attack. In fact when the
flow separates on the model the effective blockage is strongly influenced; preliminary experiments showed
that if due account is given to this effect rather good correlations are obtatned.

ONERA, in cooperation with the French Government Air Technical Service, has initiated in the national tra-
sonic installations, two experimental programmes expected to furnish some information from which it should
be possible to refine the basic rules for transonic wind-tunnel design and for wall corrections, and also
to justify some theoretical approaches.

The work is related to three dimensional and also to two-dimensional models because more basic experimental
researchecon transonic airfoil sections is still needed in order to improve both the wings for future genera-
tion of military and civil aircraft and the performance of rotors (and propellers) for future high-speed
V/STOL configurations.

The experimental approach is based on the analysis of the data obtained in a given wind-tunnel with similar

models at varlous scales, i.e. at different blockage ratios; this is efyectqé to give = QY extrapolating
down to the "zero-scale' - some empirical correction laws to be applied to "large models”™. The wall poro-

sity ie also varied; looking at the variation of a chosen parameter as a function of the wall porosity, for
various model scales, should indicate the true value of this parameter, and, consequently, the corrections
to be introduced for a given combination of porosity and model-scale (investigated parameters can be: mini-
mum drag, lift gradient, shock-wave location etc.). This kind of approach however is complicated by the Rey-
nolds number effects; for this reason systematic investigations are carried out in variable dens1ty tunnels,
where different scales can be compared to determine the wall effects, whilst the Reynolds number is kept
constant by stagnation pressure adjustment.

The artificial tripping of the transition, and its influence on the results obtained with models of diffe-
rent scale is also investigated, it is hoped that a tripping method can be defined, which will yield the
same results at low Reynolds number as those obtained at high ones with natural transition.

1) Two dimensional wing sections

It has appeared necessary to test two-dimensional transonic aerofoils up to and above the stall, with a view
to developing new aerofoil shapes suitable for both high-speed cruise and high lift coefficients (manouve-
ring limit of airplanes, stall limit of the retreating blade of a rotor). The selected "calibration" section
is of the standard type: NACA 0012. The profile has been subjected to a number of tests, but with some di-
sparate results especially at conditions where a combinatinn of Mach number and high angles of attack gives a

.supercritical flow on the upper surface. The tests for this aerofoil are carried out in two blow-down varia-

ble density tunnels of ONERA:

-.S3 at Modane (O 78 x 0.56 mz, max itagnatlon pressure = 4 atm.)
- Rl at Chalais-Meudon (0.2 x 0.07 m“; max. stagnation pressure = 9 atm.)

Both have perforated walls (normal holes); the wall porosity can be widely varied for the investigation of
this parameter. Models with many pressure taps have been constructed at three scales to investigate the blo-
ckage effect (2.4% - 6%); integrating the measured pressures gives the normal and axial forces and the mo-
ment; wake surveys permit the total drag to be derived.

The Reynolds number effects on the maximum lift coefficient for Mach numbers from 0.3 to about 1 is investi-
gated in a rather wide range (7 x 106f§Reﬁ-15 x 10°). Adjustment of the stagnation pressure helps to test
the different scale models at the same Reynolds number, and, as a result, to eliminate the Reynolds number
effect from the wall interactions study.

The experiments made at Chalais-Meudon (RICh) are designed to prov1de data on wall interference and to corre-
late with the theoretical analysis presented in Ref.27.

The main difficulty when one wants to correct data for wall interference according to Ref.27 is the lack of

the knowledge of the porosity parameter P which is a function of wall geometry (and flow conditions). Diffe-
rent ways of measuring the porosity parameter have been suggested (51) (59) which have not been considered
suitable by the experimenters. Furthermore large uncertainties exist about the viscosity effects in the holes
(and in the slots). The method adopted is an indirect one: the intefference corrections are experimentally
determined and compared with the theoretical values: from the matching of the two a porosity parameter is
found. In particular the determination is made according to the Mach number correction baded on the location of
the shock wave appearing on the NACA profile (tested with three different chord lengths at zero angle of at-
tack); this method has been followed because it appears that the shock wave location is one of the most sen-—
sitive parameters to the Mach number in the test section.

For a permeability of 12.5% the shock location does not change, at a given Mach number (.82M =< .95), for the
three different blockage ratios corresponding to the three model sizes; it is assumed that the Mach number cor-
rection is zero in these conditions. Comparing theoretical predictions and experimental data, a plot of the
porosity parameter versus wall permeability (0 - 12%) is found which seems to be rilatively constant with

Mach number,

These effective porosity values have been used to calculate the theoretical corrections to the lift curve slo-
pe. Only preliminary results have been obtained (at low Mach number M =~ 0.4) from which one may conclude that
corrections to lift seems to be as good as the blockage corrections except at the maximum value of the lift
coefficient. :

A number of experlments made in the S3 tunnel at Modane show an unfayorable Reynolds number effect on the
Pakimum 1ift coefficient which appears to decrease when going from Reynolds numbers of 1.8 x.10° to §.3 x
10" in transonic flows: however more information is needed about this effect expecially at Reynolds numbers
of the order of those obtained in cruise flight (Re=40 x 106)_
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2) Three dimensional teste
Two programs are in progress on 3 - D geometries.

In the first program, tests at transonic speeds of complete aeroplane models (at 5 different scales) of a
modern subsonic transport, in the Mach 0.85 class, are being made in 4 French transonic wind tunnels (at
Modane, Chalais-Meudon and at St.Cyr).

The purpose of this program is to:

a) Inyestigate the possibility of defining wall corrections suitable for tests carried out on larger models
than currently in use (the use of a larger model increases the Reynolds number and the realistic repre-
sentation of details of the project configuration).

b) Systematically investigate the influence of the Reynolds Number on the aerodynamics of a project (longi-
dunal and lateral stability, drag components, onset of transonic troubles, maximum lift versus Mach num-
ber, etc.).

c) Calibrate the French transonic tunnels, and make the necessary improvements required to improve the ac-
curacy of bhe results for the users.

d) Extend.this calibration operation to facilities in other countries, to facilitate comparisons of results
obtained in specific projects launched within the framework of multinational civilian and military pro-
grams,

The second program considers bodies of revolution to study the blockage effects in the same transonic tun-
nels on axisymmetric models of an '"equivalent" area to the complete aeroplane models (area rule). This pro-
gram is aimed at finding :

a) the corrections to be made as a function of the blockage and porosity ratios;

b) the perturbations due to the shock-waves reflection onto the model from the walls for Mach number Marl
for various model scales and porosities in a given tunnel;

c) the comparison of results obtained for various tunnel height/span ratios and for different turbulence
levels.

Preliminary results have been presented on the influence of.the blockage ratio in the wind tunnel with a
217 permeability and on the influence of the porosity ratio (for a blockage of 0.59%).

THE NETHERLANDS

Work is in progress at NLR along the lines of an indirect determination of the wall interference effects in
slotted tunnels. A method has been developed, applicable to all types of wind tunnels wikh ventilated top and
bottom walls (either slotted or perforated), by which it is possible to determine the overall wall interfe-
rence effect on the drag coefficient of 2-dimensional airfoil profiles.

The so called drag-balance method is based on the equation:

Cg o+ ¢, +'ch‘ =Ag
P f i w

where C, is the profile drag coefficient from model surface pressure measurements, C, is the skin friction
drag p coefficient from theoretical calculations using the measured surface f pressure distribution,

Cq is the sum of all drag increments due to wall interference and A is a correction factor on C, for

i blockage interference (Ref.81) Cd is the total dra, coefficient from total head wake measure- W

ments, w
The overall wall interference effect C, is made up of various buoyancy components related to solid blocka-
ge, wake blockage, upwash, streamline ci curvature, sidewall induced static pressure gradient, separation
etc. Using the theoretical approach of the linearized homogeneous equivalent boundary condition one can cal-
culate these various buoyancy components for given values of the wall geomet ameter K and the ventila-
tion porosity parameter P (or rather P/f where ‘3 = the Prandtl factor\jl ~ M2, see Ref.27 and 60).

By equating the measured values of & C ‘ with the calculated values as a function of K and ﬁy? for a given
flow condition, one obtains the appropriate K and {®/P values.

Application of this method on a set of 2-dimensional models (including lifting and non-lifting models with
peaky pressure distribution) over a wide range of Mach number and incidence has given satisfactory results
(83). It was found that the method yields results with reasonable accuracy (in the order of 10 dragcounts
or better) up to the point where a large supersonic flow region has™ developed over the model, terminated by
a fairly strong shock.

The characteristic wall parameters K and (5/? of the wind tunnel were found to be essentially constant up
to this point.

Inyestigations are presently made on bhe influence of chord to tunnel height ratio c¢/h, Reynolds number and
the pressure distribution on these wall parameters.

It should be pointed out that even though the value of the wall parameters might be a function of the abso-—
lute Reynolds number, the drag-balance method when properly applied is essentially independent of the Rey-
nolds number.

U.K.
Groups in the U.K.tend to approach the problems of wall interference mainly from the empirical point of view.

It is in general considered unwise to rely theoretical ventilated wall interference corrections because of
the particular characteristics of each transonic facility.

Better confidence is shown in using the transonic Gunnels with temporarily closed walls to derive corrected
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‘results for this simpler wall.geometry and then to compare these results with those obtained in ventilated

(perforated) walls. This procedure can be applied up to M = .88 for standard bodies (wings or body + wings)
and 0.75% blockage. The main contribution to the correction for the drag coefficient Cp seems to be the
blockage buoyancy for the case of zero lift.

The Mach number correction due to the solid blockage is negligible in the large ARA tunnel for M<£ .86.The
curyature effect is also considered and found to be negligibity small.

U.S.A.

Many researches are presently under progress in different areas related to transonic. wind tunnel testings.
In nearly all installations, studies are made to examine the validity of the practice of not applying any
wall interference correction if the model size is smaller than a given fraction of the wind tunnel area, in-
dependent of the magnitude of the model lift.

In Ref.69 a program, similar to that presently in progress in France, is illustrated which collects data ta-
ken in different facilities on a scale model of the C5-A aircraft.

Studies are being made of transonic tunnel turbulence : the turbulence is particularly important in high
speed wind tunnels for the study of buffet problems, flutter, inlet buzz and other dynamic.phbenomena.

Even though the role of the free stream turbulence in boundary layer transition has been recognized, its
effect has not been explicitely analyzed in transonic wind tunnel testing. It appears necessary that turbu-
lence level be mentioned as an integral part of any aerodynamic test program.

Preliminary exploitation of variable porosity walls seems to indicate a possible way of obtaining interfe-
rence free data in a particular Mach number range. In fact it has been shown that is is not possible, for
instance, to eliminate pitching moment interference simultaneously with lift interference when using walls
with uniformly distributed porosity. However, some recent unpublished data obtained ¢ the AEDC indicates .
that possibly this can be accomplished by using streamwise distribution of porosity and this concept may
develop into a third generation wall. A perforated wall has been developed (59) to cancel these model-indu-
ced disturbances and thus provide interference - free flow at only one specific Mach number; however, a va-
riable-porosity wall (23) (37) can provide practically interference-free flow throughout the Mach number
range from 1.05 to 1.40.

In addition a study is being made of the possibility of changing the wall effective porosity by means of a
copbination of permeable wall and plates which are lgcated at different distances from the perforated walls
in the plenum ehamber; different pressure conditions at the wall can therefore be established along the test
section due to the variable gap. '

Another source of interference effects influencing the data obtained from wind tunnel model tests arises
from the need to support the model firmly throughout a range of model attitudes relative to the moving air-
stream. The presence of a model support system near the model, as well as possible modifications to the mo-
del contour which may be necessary for support attachment, introduce extraneous aerodynamic forces giving
model results that differ from those of the free-flight aircraft. The magnitude and nature of these inter-
ference effects is a function of the support systems design and size relative to the model, the geometric
podifications to the model, the wind tunnel test conditions, and the specific model configurationm.

The only support system capable of giving completely interference-free data would be one of the foree field
type such.as the magnetic model support system. In the United States, work of this concept has been perfor-
med at the Massachusetts Institute of Technology (67), the University of Virginia, and the Arnold Enginee-
ring Development Center. The tunnels using magnetic model supports are relatively small, and are used mostly
for fundamental research programs. The direct application of magnetic model support technology to large sca-
le deyelopment tunnels has not yet proved feasible, but such an approach could theoretically eliminate the

~ support interference problem.

In the classical case of geometrically similar shapes of different scale, a matching of Reynolds number and
Mach number will result in proportionate scaling of flows about the shapes and corresponding duplication of
the aerodynamic forces and moments coefficients. In the practical case, however, Reynolds number matching
of flight conditions in existing wind tunnels is unattainable for a large class of airplanes of present and
future interest, To cope with this problem, the aerodynamicists must devise means of simulating the effects
of flight Reynolds number and methods for accurate extrapolation of wind tunnel test results to flight con-
ditions,

Because of the current lack of facilities to provide flight Reynolds numbers recent emphasis has been on
trying to artificially achieve correct flow simulation on models in wind tunnels using the prasent state-
of-the-art techniques to account for Reynolds number effects, The customary approach is to fix boundary
layer transition on the model, particularly winged configurations, near.the leading edge where it would
occur naturally on the airplane in flight. By this procedure, laminar separation (aft to the fixed transi-
tion) unrepresentative of flight conditions is avoided.

One rational approach to develop a wind tunnel test technique for simulating full-scale flows over airfoils
with shock-induced separations is based on experimentation at the Langley Research Center and is reported

in Ref.20. This technique involves locating the boundary-layer trip aft df the leading edge at such a posi-
tion,.that, at the wind tunnel test conditions. the resulting turbulent-boundary-layer thickness at the trai-
ling edge is similar to that which would be experienced at flight conditions.

The investigation was conduced using a two-dimensional model spanning the wind tunnel test section.

There is an effort underway.at the Arnold Engineering Development Center to develop techniques for simula-
ting the flow over sensitive airfoils such as that used on the C-141. In addition, efforts are currently
underway at the Langley Research Center to apply the technique of Ref.20 to three-dimensional swept wings,
although only limited success has been achieved to date. Another approach being investigated at the Ames
Resegrch Center, in cooperation with the Air Force Flight Dynamics Laboratory and the Lockheed-Georgia Com-
pany, involves the use of a large swept constant—chord wing-panel model of a C-141 wing section. The objecti-
ve of this approach, which has not yet proved successful because of model and support interference effects,
is to determine the effect of Reynolds number, up to approximate flight values, on the two-dimensional cha-
racteristics of swept wing sections subject to shock-induced aeparation.
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4, GENERAL DISCUSSION AND CONCLUSIONS

A number of topics have been examined by the Commitee in the plenary discussion held in Florence (Italy)
and the different opinions have been compared. The field of interest of the original AGARD Questionnaire
has been somewhat broadened; extended discussions led to the observations and recommendations contained
in the second part of the Final Report prepared by the Chairman of the Ad Hoc Committee Prof.A. Ferri.

The main topics on which some general agreement was reached, are: 1) Better Criteria for Blockages 2) Avai-
lability of reliable experimental data for tunnel calibration 3) Theoretical investigation of wall inter-
ference 4) Reynolds number effect 5) Turbulence effects.

1) All the experimenters who have not carried out extensive wall interference tests on their tunnels (very
often.in the more important facilities there is little time available to improve test techniques) try to mi-
nimize the model blockage ratéo defined as the ratio of the maximum cross sectional area of the model to the
tunnel test section cross sectional area. The generally accepted maximum value of the blockage ratio is a-
bout 1%, within this maximum it is common for no correction for wall interference to be applied to the ex-
perimental data. Some tunnels however have established experimentally their own level of interference cor-
rections by comparative methods. In 3-D tunnels blockages of .5% to 17 generally mean models which span .5
to .7 of the tunnel width (depending on the model aspect ratio); at these conditions only a small increase
of the model size beyond the limiting 1% seems to be possible. On the aontrary in 2-D tunnels it is impor-
tant to be able to increase the model size to increase Reynolds numbers and to simplify pressure plotting
techniques.

1f the aboye mentioned blockages are meaningful for models at small angle of attack, they may have no phy-
sical meaning in the presence of high lift and flow separation; in these cases one should more properly
refer to lift or to separation blockages. It seems very important to have an experimental way of checking
if the effective blockage is actually small enough for negligible wall intefference effects.

A possible and practical diagnostic means could be to monitor pressure at the test section wall during the
run; practical difficulties may exist for pressure measurement on ventilated walls (especially perforated
walls), but the method seems to be worth exploring.

A practical criterion could be the formulation of a unique parameter, which combines solid and wake (or se-
paration) blockages plus model lift, defining an "effective' blockage (function of wall geometry and test
conditions); an upper limit of this parameter could then practically ensure wall interference-free data.

It may prove more difficult (if possible at all) to establieh corrections to other widd tunnel data as a
function of this one unique parameter.

2) A need for reliable interference-free data is strongly felt both for 2-D and for 3-D models in transonic
wind tunnel calibration. Common practice is to extrapolate wind tunnel data taken at different blockage ra-
tios, down to zero blockage conditions. This implies a large number of tests in different wind tunnels (or
preferably in the same wind tunnel with different models); a number of difficulties still exist for ensu-
ring the same test conditions (model accuracies, Reynolds number, unit Reynolds number, aeroelastic effects)
and sometimes the validity of the extrapolation does not hold down to zero blochage.

An international program is desirable for: the exchange of data, definition of calibration models (similar
national programs have already been initiated in France and in USA as reported in Section 3), defimition
‘of the tests and collection of model flight data (interference free); when all these information will be
available it will be possible to undertake systematic and extensive studies on third generation (variable
permeability) walls.

3) Wall interference corrections are available by a linearized hheory and superposition of image singulari-
ties for a model with lift. The following points should be considered: first, the theory will not be valid
approaching Mach number one; second, if the flow distortion is large (because of significant lift or large
separation) one cannot expect the linearized theory to hold because of violation of the small perturbation
assumptions and because of the shape of the vortices generated by 3-D models; third,so called homogeneous

wall boundary conditions (replacing both slotted and perforated wall) does not seem to hold for highly distor-
ted flows.

Extensive discussion was made on two possible lines of résearch to improve the present situation of the wall
interference; 1) studying variable porosity wall from both a theoretical and an experimental point of view

as a possible method of reducing the wall interferences, 2) considering well-defined and simple boundary con-
ditions (open jet and closed wall wind tunnel) which are amenable to more reliable analysis €or furnishing
wall interference data corrections.

The first approach deals with very complex boundary conditions which should minimize the wall interferences;
however these conditions further complicate the analytical treatment of the problem.The second approach,on
the opposite tries to deal with simpler boundary conditions, involving larger wall interference, which how-
ever could be more easily computed by theoretical analysés.

4) The problem of the Reynolds number effect and its simulation in wind tunnels is very important and justi-
fies very extensive research efforts. Artificial transition and devices for tripping boundary layer transi-
tion,turbulent boundary layer separation and its influence on shock wave locations and unit Reynolds number
effects are all problems which can invalidate wind tunnel tests, if not properly accaunted for. The C-141
airplane wind tunnel test data in thé low transonic regime.was cited as aR example where artificial boundary
layer tripping in the wind tunnel, at Reynolds numbers lower than free flight, caused a turbulent boundary
layer separation, amdthe shock,at a point forward of where it would naturally occur in free flight. This
gave a consequent change in the centre of lift which had an important effect on airplane trimming and air
loads.

The need exists to investigate models (particularly 2-D models) in very large, high pressure facilities in
order to survey the entire spectrum of Reynolds number effects and to establish criteria for the Reynolds
number simulation in transonic wind tunnels.,

5) The effect of tunnel turbulence has been examined and discussed. Contributions presented showed that in
general yery little is known of this item.
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Even if there seems to be a general agreement that the tunnel turbulence length scale and magnitude may

have relevant effects on the experimental data of the models, not very much has been done at present.
Generally the turbulence characteristics of the facilities have not been analyzed and it is not clear how

the turbulence is affected by the geometry of the wind tunnels. It would be very interesting to make a sy-
stematic study of how different types of turbulence can affect transonic wind tunnel data; tests are to be
devised at different turbulence scales in the same facility but at the same time there appears to be an urgent
need for an extensive collection of data on this subject.

It would be advisable that the turbulénce characteristics of the tunnel should be measured and provided to-
gether with all sets of experimental data.
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